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Foreword 


The  previous  AGARD  Fluid  Dynamics  Panel  Symposium  to  deal  specifically  with  very  high-speed  flows  (AGAkD  Conference 
Proceedings  428)  took  place  in  Bristol.  UK  in  April  1487  when  the  subject  addressed  was  the  aerodynamics  of  hypersonic 
lifting  vehicles.  Since  that  lime,  considerable  effort  has  been  and  is  continuing  to  be  devoted  within  many  of  the  NATO  C minifies 
to  a  range  of  hypersonic  transport  vehicles  and  their  associated  research  and  enabling  technology  programmes.  It  w  as  therefore 
considered  appropriate  for  the  FDP  to  hold  another  meeting  on  hypcrsonics  in  order  to  ( i  )  report  and  assess  the  ads  antes  being 
made  by  the  AGARD  community  on  the  development  and  application  of  theoretical  methods  and  experimental  techniques  for 
simulating  hypersonic  flows  over  aerospace  vehicles,  fii )  highlight  outstanding  problem  areas  ar.d  (iit)  establish  pointers  to  aid  in 
the  planning  and  implementation  of  future  research  programmes, 

Major  topics  covered  by  the  Symposium  were  testing  techniques  and  instrumentation,  computational  methods  and  physical 
modelling,  and  validation  and  accuracy  assessment.  Forty-two  papers  were  presented  in  eight  separate  sessions.  An  additional 
paper,  which  the  author  was  unable  to  present,  is  now  included  in  the  proceedings.  The  sessions  were: 

—  Design  of  Hypersonic  Vehicles  ( 7  papers) 

—  Facilities  (4  papers) 

—  Instrumentation  ( 5  papers) 

—  GFD  Validation  and  Data  Accuracy  (7  papers) 

—  Rarefied  Gas;  Real  Gas;  Chemistry  (4  papers) 

—  Boundary  Layer  Transition  (5  papers) 

—  High  Enthalpy  Nozzle  Computation  (4  papers) 

—  Development  and  Application  of  Codes  ((,  papers  +  1  additional). 

The  session  on  Instrumentation  consisted  of  five  review  papers  which  summarise  the  outcome  of  an  Advanced  Research 
Workshop  on  New  Trends  in  Instrumentation  for  Hypersonic  Research,  organised  by  ONERA.  Dl.R.  NASA  and  VKI  and  held 
at  ONERA.  Le  Fauga-Mauzac.  France  from  27th  April  to  1st  May  1442. 

The  Symposium  was  concluded  with  a  worthwhile  discussion  period  which  began  with  a  preliminary  assessment  given  by  the 
Technical  Evaluator.  Professor  E.  Reshotko.  The  discussion  helped  to  give  additional  prospective  to  the  technical  content  of  the 
meeting.  These  proceedings  include  a  record  of  the  discussion  and  also  the  Technical  Evaluation  Report. 

P.R.  Bignell  and  C.  Dujarric 
Programme  Committee  Co-Chairmen 


Avant-Propos 


Lc  dernier  symposium  organise  par  le  Panel  AGARD  de  la  dynamique  des  fluides  sur  le  rheme  des  ecoulements  a  Ires  grande 
vircssc  (compie  rendu  de  conference  AGARD  42K)aeu  lieu  a  Brisiol  au  Royaume-Uni  en  avril  1 V87.  Le  symposium  avail  pour 
Hire  "Les  vehicules  hypersustentateurs-.  Depuis  cetlc  epoque.  des  efforts  considerables  ont  ete  eonsacres.  et  le  sont  toujours, 
"  *r  un  certain  nombre  de  pays  de  I'OTAN.  a  l  etude  de  I'aerodynamique  des  vehicules  hypersustentateurs  et  aux  programmes  de 
recherche  et  dcveloppemcm  des  technologies  y  a:sociees. 

l.e  Panel  a  done  juge  opportun  de  tenir  une  autre  reunion  sur  le  theme  de  1'hypersonique  afin  de  (i)  rendre  compte  et  devaluer 
les  progres  qui  ont  etc  realises  par  la  communaute  de  IAGARD  dans  le  developpement  et  les  applications  des  methodes 
theoriques  et  des  techniques  experimcntalcs  pour  la  simulation  des  ecoulements  hypersoniques  sur  les  vehicules  acrospatiaux 
t  ii  i  mettre  en  lumicrc  les  problemes  et  (iii  tetablir  des  indications  pour  la  planificalion  et  la  mist-  en  oeuvre  de  futurs  programmes 
de  recherche. 

Les  principals  questions  couvertcs  par  le  symposium  ont  ete  les  techniques  d'essai  el  I'instrumentation.  les  methodes  de  ealcul. 
la  modelisation  physique,  la  validation  et  revaluation  de  la  precision.  En  tout.  42  communications  ont  etc  tors  des  huit  sessions. 
I  ne  communication  supplementaire  qui  n'a  pas  pu  etre  presentee  est  incluse  au  compte  rendu  de  conference.  Le  programme 
vies  diflerentes  sessions  setahlil  eomme  suit: 

—  La  conception  des  vehicules  hypersoniques  (7  communications) 

—  Les  installations  (4  communications) 

—  (.’instrumentation  (5  communications) 

—  La  validation  de  Faerodynairique  numenque  et  la  precision  des  donnees  (7  communications) 

—  Le  gaz  rarcfic;  la  gaz  reel;  la  chimie  (4  communications) 

—  La  transition  de  la  couche  limite  ( 5  communications) 

—  Le  calcul  des  luveres  a  haute  enthalpie  (S  communications) 

—  I.VIabvirationet  la  miscen  application  des  codes  (A  communications  +  I  supplementaire) 

Cinq  communications  ont  etc  presentees  lors  dc  la  session  sur  I'instrumentation.  Elies  rvsumaient  les  resultats  dun  atelier  de 
recherche  avancee.  organise  par  I’ONERA.  la  NASA  et  le  VKI  a  I’ONERA.  Le  Fauga-Mauzac.  France,  du  27  avril  au  ler  mai 
W'>2.  sur  les  nouvcllcs  tendances  en  instrumentation  pour  la  recherche  hypersonique. 

I  e  symposium  a  conclu  par  un  debat  tres  fructueux  qui  a  commence  par  une  appreciation  preliminaire  donnee  par  levaluatcur 
technique,  le  Professeur  E.  Reshotko.  Le  debat  a  donne  une  perspective  supplementaire  au  eontenu  technique  de  la  reunion.  Ce 
compte  rendu  comprcnd  le  texte  des  discussions  ainsi  que  le  rapport  d  evaluation  technique 

P.R.  Bignell  et  C.  Dujarric 
Co-Presidents  du  Comite  de  Programme 
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ABSTRACT 

The  subject  Symposium,  "Theoretical  and  Experimental 
Methods  in  Hypersonic  Flows,”  sponsored  by  the  Fluid 
Dynamics  Panel  of  AGARD  took  place  in  Torino,  Italy  dur¬ 
ing  the  period  4-8  May,  1992.  The  objectives  of  the 
Symposium  were  to  report  and  assess  advances  within  the 
AGARD  community  in  the  development  and  application  of 
theoretical  and  experimental  approaches  for  addressing 
hypersonic  flows  related  to  aerospace  vehicles,  to  highlight 
particular  problem  areas,  and  to  provide  guidance  for  the 
planning  and  implementation  of  future  research  programs. 

The  meeting  consisted  of  eight  sessions,  including  a  special 
session  of  review  papers  covering  the  various  areas  of  modem 
instrumentation.  This  particular  session  was  an  outgrowth  of 
the  activity  of  the  FDP  Ad  H^c  Study  Group  on  Hypersonic 
Research  and  Technology.  Each  session  is  separately 
reviewed  in  this  report.  The  comments  on  the  sessions  are 
drawn  from  those  of  all  the  Symposium  participants  as  well  as 
my  own. 

INTRODUCTION 

This  Symposium  followed  by  five  years  an  earlier  FDP  sym¬ 
posium  on  the  “Aerodynamics  of  Hypersonic  Lifting 
Vehicles"  that  took  place  in  Bristol,  UK  in  April  1987.  At  that 
time  there  was  considerable  excitement  in  the  hypersonic 
community  because  of  the  vehicle  development  programs  — 
NASP,  HERMES,  HOTOL  and  SANGER.  After  about  a 
twenty  year  moratorium,  hypcsomcs  was  being  actively 
reconstructed  using  the  modem  developments  in  CFD  and 
experimental  techniques.  The  atmosphere  at  Bristol  was  one 
of  great  optimism. 

In  the  five  years  since  Bristol,  the  vehicle  programs  have  been 
severely  cut  back  if  not  suspended.  The  ambitions  of  those 
programs  turned  out  to  be  beyond  our  technology  base.  It  has 
become  apparent  that  improvement  in  our  technology  base 
would  be  neither  simple  nor  quick.  The  mood  in  Torino  was 
more  subdued  and  more  sober.  Concentration  was  more  on 
methodology  than  on  vehicles,  on  generating  the  technology 
base  that  would  be  needed  for  future  vehicle  development. 

This  report  follows  the  format  introduced  by  Dr  Wolfgang 
Schmidt  in  his  review  of  the  immediately  preceding  AGARD  - 
FDP  Symposium  ( AG ARD-CP- 498).  His  was  one  of  the  first 
Technical  Evaluators'  Reports  to  be  incorporated  into  the 
symposium  proceedings  volumes.  He  has  set  an  excellent 
example  and  I  am  most  appreciative. 

Statistics 

42  papers  were  presented.  The  presmiting  authors  were  from 
Belgium  (2),  Canada  (1),  France  (8),  Germany  (7),  Italy  (3), 
the  Netherlands  (1),  Sweden  (1),  Turkey  (1),  the  United 
Kingdom  (6)  and  the  United  States  (12). 


The  Symposium  was  organized  into  the  following  eight  ses¬ 
sions: 

(I)  Design  of  Hypersonic  Vehicles 

(II)  Facilities 

(III)  Instrumentation 

(TV)  CFD  Validation  and  Data  Accuracy 

(V)  Rarefied  Gas;  Real  Gas;  Chemistry 

(VI)  Boundary  Layer  Transition 

(VII)  High  Enthalpy  Nozzle  Computation 
(Vm)  Development  and  Application  of  Codes 

Each  session  is  reviewed  separately.  The  conclusions  and 
recommendations  made  reflect  the  comments  and  discussion 
that  attended  each  of  the  papers  as  well  as  the  concluding 
General  Discussion.  The  papers  cited  in  this  review  will  be 
identified  by  their  paper  number  as  they  appear  in  this 
volume. 

SESSION  1: 

DESIGN  OF  HYPERSONIC  VEHICLES 

Of  the  seven  papers  in  this  session,  one  dealt  with  design 
methodology  |2],  two  with  computational  technique  [1|(4], 
two  with  controls  and  control  effectiveness  (3]|5J,  one  with  the 
Pegasus  vehicle  |6],  and  one  with  vehicle  design  for  planetary 
entry  |7). 

Perrier’s  paper  [2|  notes  that  when  considering  a  vehicle 
whose  feasibility  is  not  assured,  the  first  phase  of  the  design 
must  be  devoted  to  a  determination  of  feasibility.  Only  when 
feasibility  is  demonstrated  can  one  proceed  with  the  more 
usual  (“linear”)  design  methodology.  His  paper  emphasizes 
searching  for  “critical  points”,  and  resolving  the  critical  issues 
that  will  determine  the  viability  of  a  design.  He  proposes  a 
“development  triad"  of  CFD,  ground-based  experiment  and 
flight  experiment  that  is  strongly  based  on  CFD.  This  is  a  very 
thought-provoking  paper.  The  Pegasus  vehicle  which  is  the 
subject  of  paper  (6)  was  designed  entirely  by  analytic  tech¬ 
niques  and  CFD,  and  it  has  been  successfully  flown.  The  flight 
performance  was  within  the  tolerances  of  the  design 
methodology.  It  would  seem  therefore  that  the  Pegasus  vehi¬ 
cle  would  be  a  very  good  test  bed  for  the  flight  evaluation  of 
critical  design  issues. 

Papers  [1]  and  [4]  both  profess  to  deal  with  real  gas  computa¬ 
tions  including  finite  rate  chemistry.  Neither  is  fully 
satisfactory.  The  first  contains  some  ideal  gas  assumptions 
within  a  Reynolds  averaged  Navier-Stokes  formulation. 
Paper  (4)  purports  to  calculate  the  flow  through  a  scram  jet 
engine  —  an  internal  flow  —  using  Euler  equations.  However 
good  the  chemistry,  an  Euler  method  cannot  correctly  model 
the  mixing  processes  and  the  boundary  layer  effects  that  are 
especially  critical  for  internal  flows.  A  rather  complete 
description  of  real  gas  issues  is  given  in  the  paper  by  Deiwert 
|24|- 


The  experiments  on  controls  and  control  effectiveness  pre¬ 
sented  in  papers  [3j  and  |5|  could  be  interpreted  only 
qualitatively  since  the  results  were  obtained  at  Reynolds  num¬ 
bers  that  were  rather  low  compared  to  prospective  flight 
Reynolds  numbers.  They  did  emphasize  the  sensitivity  of 
control  effectiveness  to  transition  location,  pointing  out  the 
need  perhaps  for  a  simulation  methodology  for  hypersonic 
flow  akin  to  that  developed  for  transonic  flow  by  FDP  Work¬ 
ing  Group  09. 

Paper  (7|  by  Smith  describes  the  design  of  a  class  of  related 
ballistic  entry  probes  for  planned  ESA/NASA  missions  to 
Mars,  Titan  (a  moon  of  Saturn),  and  Earth-return  after  comet 
sampling.  The  study  notes  that  some  needed  aerothermal  data 
are  non-existent  while  others  require  extension  of  existing 
data  to  higher  temperatures.  Such  data  are  needed  in  order  to 
come  up  with  credible  designs.  Facilities  for  generating  the 
additional  data  do  not  now  exist. 

SESSION  II: 

FACILITIES 

Of  the  four  papers  in  this  session,  three  describe  new  high 
performance  wind  tunnels  |8]|9)[11),  while  the  fourth  [  10|  dis¬ 
cusses  the  problem  of  finding  suitable  model  surface 
materials  so  that  the  models  will  not  bum  up. 

Paper  |8|  describes  two  ONERA  hypersonic  tunnels,  the  R5 
at  Meudon,  which  became  operational  in  1989,  and  the  arc- 
driven  high-enthalpy  F4  at  Fauga-Mauzac  which  has  been  run 
but  is  still  in  the  process  of  its  qualification  tests.  Tunnel  R5  is 
a  Mach  10,  To  “  1100  K,  low  Reynolds  number  facility  that 
operates  entirely  in  laminar  flow,  simulating  Earth  entry  at 
altitudes  of  about  60  km.  Real  gas  effects  are  minimal  and  so 
the  tunnel  may  also  be  useful  for  appropriate  types  of  CFD 
validation  experiments.  Tunnel  F4  is  designed  as  a  real  gas 
facility  with  reduced  stagnation  enthalpies,  Ho/RTa,  up  to 
200.  The  static  conditions  in  the  test  section  are  non-equilib¬ 
rium,  with  running  times  of  about  80  msec.  At  the  higher 
enthalpy  levels,  the  tunnel  is  troubled  by  erosion  from  the 
electrodes  and  the  tunnel  walls  resulting  in  contamination  of 
the  flow.  While  solutions  to  these  contamination  problems  are 
studied,  the  tunnel  can  be  run  with  reasonably  clean  flow  at 
reduced  stagnation  enthalpies  up  to  100. 

Paper  (9|  describes  two  high  enthalpy  shock  tunnels,  the 
heated  driver  shock  tunnel  (TH2)  in  Aachen  and  the  free-pis- 
ton  driven  shock  tunnel  (HEG)  in  Gottingen.  The  TH2  which 
has  been  in  operation  for  some  years  has  a  number  of  conical 
nozzles  for  the  Mach  number  range  from  6-15  as  well  as  a 
Mach  7  contoured  nozzle.  Test  section  stagnation  conditions 
are  deduced  from  pitot  probe  and  stagnation  point  heat  trans¬ 
fer  probe  measurements  taken  in  the  test  section.  However 
the  test  section  flow  is  not  in  equilibrium.  The  HEG  tunnel  has 
a  contoured  nozzle  for  Mach  7-9,  depending  on  stagnation 
enthalpy,  and  is  one  of  a  number  of  Stalker  inspired  facilities 
now  being  built.  It  is  expected  to  get  to  higher  densities  than 
the  T5  at  Caltech.  At  the  time  of  the  Symposium,  the  HEG 
facility  was  undergoing  calibration  runs. 

For  the  high  performance  tunnels  just  described,  models  must 
be  able  to  rapidly  reach  desired  surface  temperature  levels 
without  eroding,  and  tunnel  component  surface  materials 
must  be  able  to  diffuse  heat  rapidly  in  order  that  they  do  not 
erode  or  melt.  Paper  |10)  describes  a  study  to  develop  model 
surface  materials  having  a  specified  thermal  product,  Vpck  . 
Two  materials  have  been  developed  and  will  be  tested  in  the 
ONERA  F4  tunnel  at  Le  Fauga:  a  polymer  material  for 
medium  temperatures  (400  C)  and  zirconia  plasma  sprayed 


onto  stainless  steel  via  an  intermediate  MCrAlY  bond  coat 
for  temperatures  in  the  1000-1300  C  range.  The  author  cau¬ 
tions  that  different  surface  coatings  may  have  different 
catalytic  properties  and  that  the  issue  of  “catalytic  similarity" 
will  have  to  be  addressed. 

Paper  jll]  describes  a  proposed  upgrading  of  the  LBK  low 
pressure  arc  tunnel  at  DLR-Koln  that  is  used  for  high 
enthalpy  tests  of  thermal  protection  systems  for  spacecraft. 
For  the  operating  stagnation  pressures,  the  flow  is  expected  to 
be  frozen  downstream  of  the  nozzle  throat. 

Most  hypersonic  tunnels  except  perhaps  for  the  piston  driven 
shock  tunnels  have  non-equilibrium  flow  in  the  test  section.  I 
here  reiterate  my  comment  made  at  the  Symposium  that  this 
might  not  be  a  problem  for  blunt  configurations  since  their 
flowfields  tend  to  be  equilibrated  behind  the  bow  shock 
waves.  For  slender  configurations,  there  may  well  be  a  simula¬ 
tion  problem  in  testing  in  a  non-equilibrium  flow. 

SESSION  III 
INSTRUMENTATION 

This  session  consisted  of  five  summary  papers  delivered  by 
members  of  the  Instrumentation  Subgroup  of  the  AGARD/ 
FDP  Ad  Hoc  Study  Group  on  Hypersonic  Research  and 
Technology.  Since  these  summary  presentations  were  based 
on  the  deliberations  of  the  subgroup  at  a  meeting  that  took 
place  at  Le  Fauga  (Toulouse)  the  week  before  the  Symposium, 
there  were  no  written  versions  of  the  remarks  available  at  the 
Symposium.  The  speakers  deserve  our  thanks  for  very 
competently  putting  together  their  summaries  in  a  very  short 
time. 

The  papers  covered  principally  many  of  the  new  instrumenta¬ 
tion  technologies,  for  example,  measurements  of  temperature 
and  concentration  using  EBF,  LIF,  and  CARS,  pressure 
measurements  using  piezoelectric  and  piezoresistive  transdu¬ 
cer  technology  and  pressure  sensitive  paints,  force 
measurements  using  six  component  balances  that  are  not  yet 
commercially  available,  velocity  measurements  by  a  number 
of  non-instrusive  techniques,  holographic  flow  visualization, 
and  liquid  crystal  and  infra-red  mapping  of  temperature  and 
heat  transfer  rates. 

A  good  number  of  these  technologies  were  labeled  as 
“mature"  even  though  they  are  not  commercially  available. 
Perhaps  the  word  mature  has  a  different  meaning  to  the 
instrument  developer  than  to  the  user.  It  is  my  view  that  an 
instrumentation  technology  is  mature  when  it  can  be  pur¬ 
chased  by  the  user  together  with  a  procedure  manual  so  that 
the  user  is  independent  of  the  developer.  Many  of  the  new 
techniques  are  not  yet  at  this  stage. 

Many  of  the  non-intrusive  optical  techniques  are  developed 
and  tested  using  free  jet  and  mixing  layer  flows  —  flows  with¬ 
out  boundaries.  Can  they  be  used  with  wall  bounded  flows?  If 
they  cannot,  then  they  are  much  less  useful.  Many  existing 
wind  tunnels  do  not  have  the  optical  accesses  necessary  for 
these  technologies.  Attention  must  therefore  be  given  to  ways 
of  retrofitting  existing  tunnels  to  accommodate  optica)  instru¬ 
mentation  or  else  to  the  design  of  new  test  sections  and  model 
supports  expressly  for  optical  instrumentation. 

SESSION  IV 

CFD  VALIDATION  AND  DATA  ACCURACY 
The  five-step  validation  roadmap  stated  by  Marvin  (17|  is 
worth  repeating  here  so  that  it  can  help  sort  the  remaining  six 
papers  of  the  session:  “( 1 )  Define  what  critical  performance 
information  is  needed  and  establish  the  corresponding  code 
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requirements;  (2)  Establish  the  appropriate  governing  equa¬ 
tions  and  the  corresponding  physical  and/or  chemistry 
modeling  requirements;  (3)  Identify  or  develop  the  appropri¬ 
ate  validation  data  (building  block  data  to  guide  and  validate 
modeling  and  benchmark  data  to  validate  complex  flow  com¬ 
putations);  (4)  Perform  computations  for  exact  experimental 
conditions  and  test  their  sensitivity  to  the  numerical  and 
modeling  assumptions;  and  (5)  Document  the  code  including 
its  validation  to  the  extent  necessary  to  provide  users  with 
knowledge  of  the  code’s  sensitivity  to  internal  numerical  para¬ 
meters,  grid  refinement  effects,  the  code’s  accuracy  and  range 
of  capabilities.”  The  building  block  experiments  involve 
simple  shapes  that  are  used  to  test  a  code’s  ability  to  model  the 
physics.  The  benchmark  experiments  are  done  on  representa¬ 
tive  component  configurations  to  test  the  numerical 
performance  of  a  code.  Marvin  identifies  building  block  and 
benchmark  configurations  for  various  vehicle  components 
(forebodies,  inlets,  nozzles,  etc.),  and  also  provides  some  vali¬ 
dation  examples. 

Paper  ( 18]  by  Abgrall  et  al.  is  a  summary  report  of  the  first  two 
INRIA/GAMNI  Workshops  that  took  place  in  Antibes, 
France  in  January  1990  and  April  1991.  In  the  workshops,  a 
number  of  computational  groups,  principally  European, 
addressed  a  selection  of  hypersonic  building  block  and 
benchmark  experiments  that  had  been  commissioned  for  the 
workshops.  The  first  experimental  results  were  not  available 
until  they  were  presented  at  the  first  workshop.  The  results  at 
the  first  workshop  were  somewhat  variable.  However  they 
highlighted  some  of  the  experimental  inadequacies  and  ident¬ 
ified  any  gross  errors  that  emerged  in  the  computations.  Some 
of  these  inadequacies  were  addressed  between  workshops  so 
that  at  the  second  workshop,  there  could  be  a  good  focus  on 
how  features  of  the  numerical  techniques  affected  the  com¬ 
puted  results.  The  work  is  not  yet  completed  as  attested  to  by 
the  scheduling  of  a  third  workshop  based  on  the  same  experi¬ 
mental  set  and  scheduled  for  January  1993. 

In  paper  1 19),  Dolling  makes  the  argument,  based  on  his 
experimental  studies  of  turbulent  shock-wave/boundary- 
layer  interactions,  that  presenting  experimental  results  in 
terms  of  mean  flow  measurements  alone  masks  inherent 
unsteadinesses  in  the  flow.  Furthermore,  “steady"  (Reynolds 
averaged)  turbulent  flow  computations  cannot  distinguish 
between  turbulence  and  the  flow  unsteadiness.  Hence  it  is 
important  that  both  experiment  and  computation  represent 
the  correct  physics  if  there  is  to  be  any  hope  of  developing  a 
validated  code  for  this  problem. 

Paper  |20]  is  not  particularly  interesting  either  as  a  building 
block  experiment  or  as  a  benchmark  experiment.  The  experi¬ 
ment  needs  considerable  improvement  if  it  is  to  be  the 
pa radigm  of  a  hypersonic  internal  flow,  say  for  example  that  in 
a  scramjet  combustor.  Paper  |21]  presents  measurements  of 
skin  friction  and  heat  transfer  cm  three  building  block  shapes 
at  M  —  6.  The  quoted  uncertainties  and  data  scatter  in  Cf  and 
Stanton  number  are  too  large  for  the  experiments  to  be  useful 
in  validation.  A  similar  comment  applies  to  paper  ]22|  except 
that  the  presented  data  are  much  less  scattered. 

In  paper  (23),  Oberkampf  et  al.  give  a  very  nice  example  of  a 
well-designed  well-executed  CFD  validation  exercise,  one  in 
which  proper  attention  is  given  to  the  correct  modeling  of  the 
physics. 


SESSION  V 

RAREFIED  GAS;  REAL  GAS;  CHEMISTRY 
A  principal  contribution  of  the  lead  paper  by  Deiwert  |24]  is 
its  complete  description  of  real  gas  issues  —  namely  the  ther¬ 
mal  non-equilibrium,  the  non-equilibrium  species 
composition  and  the  need  to  continually  compute  the  ther¬ 
modynamic  and  transport  properties  for  the  local  mixture.  He 
makes  the  further  point  that  the  ballistic  range  is  the  only 
experimental  facility  that  can  correctly  mimic  the  non-equi¬ 
librium  hypersonic  viscous  interaction  effects  especially  on 
slender  shapes.  While  that  may  be  absolutely  correct,  it  does 
not  make  the  ballistic  range  an  attractive  validation  facility 
unless  ways  can  be  found  to  obtain  at  least  surface  pressure 
and  heat  transfer  measurements.  In  any  case,  real  gas  CFD 
should  be  used  in  conjunction  with  work  done  in  shock  tun¬ 
nels  and  other  high  temperature  facilities. 

The  next  two  papers  deal  witn  issues  of  chemistry.  Paper  [25] 
by  Shahpar  et  al.,  with  the  aid  of  shock-tube  experiments  on  M 
—  7  flow  past  a  circular  cylinder,  looks  at  effects  of  different 
assumptions  in  the  non-equilibrium  chemistry  of  air  in  the 
CFD  modeling  of  such  a  flow.  Although  different  sources  give 
different  rate  coefficients  for  the  reactions,  the  computed 
results  do  not  show  great  sensitivity  to  be  choice.  So  the 
authors  opt  for  the  set  that  is  easiest  to  use.  Some  residual  dis¬ 
crepancies  in  the  agreement  between  computation  and 
experiment  may  be  due  to  the  assumption  of  equilibrium  flow 
in  the  shock  tube  ahead  of  the  cylinder  bow  shock  wave.  Paper 
|26]  by  Giordano  and  Marraffa  presents  a  thermodynamic 
model  for  air  in  chemical  equilibrium  involving  13  species 
components  and  47  chemical  reactions,  only  nine  of  which 
are  independent.  A  FORTRAN  program  has  been  written  to 
effect  the  calculations  and  the  results  from  the  presented  for¬ 
mulation  agree  with  most  data  in  the  literature.  The  authors 
note  significant  discrepancies  in  the  literature  for  the  specific 
heats  above  6000  K  of  02  and  other  molecules  and  molecular 
ions.  These  discrepancies  have  little  effect  on  the  results  since 
those  species  have  small  to  negligible  concentrations  at  those 
temperatures  in  equilibrium  air. 

The  last  paper  of  the  session  |27)  by  £elenligil  and  Moss  looks 
at  rarefied  gas  simulations  of  aerodynamic  flows  relevant  to 
the  early  stages  of  planetary  entry  (transitional  flow  between 
free-molecule  and  continuum)  using  the  authors’  recently 
developed  three-dimensional  Direct  Simulation  Monte  Carlo 
(DSMC)  method.  This  method  has  a  five-species  non -equilib¬ 
rium  reacting  gas  model  and  accounts  for  rotational  and 
vibrational  internal  energies.  It  uses  a  variable  hard  sphere 
collision  model  with  full  thermal  accommodation  and  diffuse 
reflection  at  the  solid  boundaries.  There  is  good  agreement  of 
aerodynamic  and  heat-transfer  coefficients  with  experiment 
for  a  delta  wing  experiment  conducted  at  DLR-Gottingen.  In 
subsequent  discussion,  the  authors  noted  also  the  application 
of  DSMC  to  geometric  features  of  a  vehicle  (cowl  lips  with 
very  small  radius  for  example)  where  the  geometric  size  may 
be  comparable  to  the  local  mean-free-path. 

SESSION  VI 

BOUNDARY  LAYER  TRANSITION 
This  session  had  four  theoretical-computational  papers  and 
one  experimental  paper  addressing  critical  issues  for  hyper¬ 
sonic  flow  such  as  effects  of  bluntness,  chemistry  and 
cross-flow  on  stability. 

In  paper  (28|,  Herbert  et  al.  emphasize  the  need  for  a  correct 
calculation  of  the  basic  laminar  flow  over  a  blunted  cone  as 
prerequisite  for  the  subsequent  stability  calculations.  Since 
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PNS  methods  are  not  reliable  in  the  nose  region,  they  use  a 
Navier-Stokes  method  out  to  s/R  —  5,  and  a  PNS  method 
downstream  of  that  location.  Care  is  given  also  to  the  accu¬ 
racy  of  the  derivatives  of  the  flow  profiles  since  stability 
calculations  are  sensitive  to  these  derivatives.  The  stability 
calculations  were  still  in  process  at  the  time  of  the  Sympo¬ 
sium.  Early  results  for  one  case  showed  good  agreement  with 
a  recent  calculation  of  Malik  but  were  only  qualitatively  rem¬ 
iniscent  of  the  Stetson  data.  Not  addressed  is  the  relationship 
of  the  stability  characteristics  to  features  of  the  swallowing 
phenomenon. 

Paper  [29]  by  Reed  et  al.  is  one  of  the  first  to  consider  effects 
of  non-equilibrium  chemistry  on  boundary  layer  stability.  The 
reported  shift  of  the  second  mode  to  lower  frequencies  pres¬ 
ent  for  both  equilibrium  and  non-equilibrium  chemistry 
makes  this  mode  even  more  dangerous  than  for  ideal  gases. 
The  paper  looks  also  at  effects  of  three-dimensionality  on  sta¬ 
bility  using  a  rotating  cone  flow  to  simulate  swept-wing 
boundary  layers.  The  suggested  crossflow  transition  correla¬ 
tion  is  suspect  since  the  crossflow  velocity  appears  in  such  a 
way  that  it  cancels  out  of  the  correlation.  This  requires  reex¬ 
amination. 

In  paper  |30],  Poll  develops  expressions  for  equilibrium  real- 
gas  attachment-line  heat  transfer  for  swept  leading  edges  in 
both  laminar  and  turbulent  flow,  including  effects  of  surface 
transpiration.  These  expressions  contain  a  mixture  of  perfect 
gas  factors  (evaluated  for  y  —  1.4)  and  real  gas  factors.  Some 
of  the  expressions  do  not  seem  to  be  dimensionally  consistent. 
Transition  is  handled  simply  through  an  attachment  line  Rey¬ 
nolds  number  criterion  taken  from  low  speed  flow. 
Calculations  based  on  the  presented  expressions  show  that 
real  gas  heat  transfer  exceeds  that  for  perfect  gases  and  that 
this  difference  is  much  more  pronounced  for  turbulent  flow 
than  for  laminar. 

Paper  [31 J  by  Simen  and  Dallman  addresses  past  discrepan¬ 
cies  between  theory  and  Stetson’s  stability  results  for  a 
pointed  cone.  They  show  that  with  careful  attention  to  coor¬ 
dinate  system  and  metric  for  both  the  basic  flow  profiles  and 
the  stability  of  those  profiles,  they  can  attain  agreement  with 
Stetson’s  growth  rates  for  both  first  and  second  modes.  This 
paper  should  help  in  clarifying  some  of  the  disputes  in  the 
literature  regarding  the  correct  inclusion  of  curvature  effects 
for  this  particular  flow. 

Paper  [32)  by  Hillier  et  al.  describes  experiments  principally 
on  blunted  cones  conducted  in  the  M  ”  9  gun  tunnel  at  Impe¬ 
rial  College.  The  results  show  that  the  tunnel  has  full  laminar 
to  full  turbulent  capability  and  can  produce  reliable  laminar 
and  turbulent  heat  transfer  data.  The  effect  of  nose  bluntness 
on  transition  and  the  relation  to  entropy  layer  swallowing  is 
nicely  demonstrated.  It  is  important  however  that  the  tunnel 
disturbances  be  measured  and  their  spectra  ascertained  so 
that  one  can  decide  whether  the  tunnel  is  quiet  enough  for  the 
presented  transition  data  to  be  meaningful  for  flight  in  the 
atmosphere. 

A  disappointment  in  this  session  and  in  the  Symposium  in 
general  is  that  the  issue  of  transition  estimation  was  almost 
totally  ignored.  The  computational  community  should 
become  more  familiar  with  the  present  state  of  transition  esti¬ 
mation  toward  inclusion  of  “transition  modules”  in  CFD 
flowfield  codes. 

SESSION  vn 

HIGH  ENTHALPY  NOZZLE  COMPUTATION 

Of  the  four  papers  in  this  session,  those  of  Marmignon  et  al. 

[33]  and  Zeitoun  et  al.  |34|  are  distinguished  in  that  they 


present  fully  non-equilibrium  Navier-Stokes  calculations. 
Furthermore,  they  have  one  example  in  common  so  that  com¬ 
parison  between  the  two  is  facilitated.  They  both  consider  a 
five  species  model  of  air  with  17  chemical  reactions  (but  not 
the  same  set  of  reaction  rates)  and  allow  for  vibrational  non¬ 
equilibrium  as  well.  The  case  that  they  treat  in  common  is  the 
Marseille  wind  tunnel  conical  nozzle  which  is  also  an  Antibes 
Workshop  test  case.  Zeitoun  et  al.  find  little  difference  in  exit 
Mach  number  and  translational  temperature  between  their 
Navier-Stokes  calculation  and  an  Euler  calculation  for  the 
same  conditions.  However,  their  exit  Mach  number  of  11.1  to 
11.3  is  below  the  value  of  about  12.5  found  by  Marmignon  et 
al.  There  are  some  differences  in  translational  temperature 
and  in  the  “frozen”  vibrational  temperature  of  nitrogen 
between  the  two  groups.  Both  groups  state  that  the  boundary 
layer  effects  are  slight.  The  differences  ir,  the  computed 
results  are  due  likely  to  the  differences  in  the  chemical  models 
used.  Marmignon  et  al.  [33]  complete  their  paper  by  a  presen¬ 
tation  of  results  for  the  ONERA  F4  tunnel  nozzle.  While  the 
exit  velocity  profile  is  quite  uniform,  the  static  temperature 
and  therefore  the  Mach  number  are  not.  The  Mach  number 
varies  from  about  22.5  on  the  axis  to  about  16  at  the  edge  of 
the  wall  boundary  layer.  It  is  assumed  in  both  papers  that  the 
nozzle  boundary  layers  are  laminar.  The  validity  of  this 
assumption  is  not  known.  Early  experiments  in  these  tunnels 
may  provide  the  answer.  Neither  group  has  addressed  the 
issue  of  turbulent  boundary  layers  on  the  nozzle  walls. 

Paper  [35]  presents  the  results  of  what  is  principally  a  one¬ 
dimensional  non-equilibrium  study  of  the  Aerospatiale 
SIMOUN  plasma  wind  tunnel  nozzle  in  which  several  chemi¬ 
cal  models  are  tested.  Boundary  layer  effects  are  mostly 
ignored.  While  the  different  non-equilibrium  models  give  fair 
agreement  for  the  exit  pressure,  the  experimental  results  are 
higher  and  closer  to  the  equilibrium  values.  Introducing  a  sim¬ 
ple  boundary  layer  correction  into  the  calculation  has  the 
effect  of  restricting  the  expansion  slightly  and  yielding  non¬ 
equilibrium  results  that  are  close  to  experiment.  In  this  case, 
even  small  boundary  layer  effects  are  significant. 

Paper  [36]  presents  a  parabolized  Navier-Stokes  method  cou¬ 
pled  with  a  least-squares  optimization  procedure  for 
hypersonic  wind  tunnel  design.  The  technique  is  motivated  by 
difficulties  with  method-of-characteristics  coupled  with 
boundary  layer  procedures  at  Mach  numbers  greater  than  10. 
The  new  technique  is  applied  to  the  design  of  helium  tunnels 
and  so  does  not  test  any  non-equilibrium  issues.  The  author 
does  however  demonstrate  that  the  optimization  technique 
helps  in  meeting  flow  uniformity  objectives. 

One  may  conclude  from  this  session  that  viscous  effects 
should  be  included  in  any  hypersonic  nozzle  calculation,  and 
that  an  optimization  technique  may  be  helpful  in  achieving 
greater  flow  uniformity.  The  various  methods  for  handling 
non-equilibrium  chemistry  need  further  comparative  study, 
and  not  least  of  all,  the  possibility  of  turbulent  flow  on  the 
nozzle  walls  has  to  be  considered. 

SESSION  vm 

DEVELOPMENT  AND  APPLICATION  OF  CODES 
There  were  six  papers  in  this  session  (paper  [40)  was  with¬ 
drawn)  each  of  them  giving  emphasis  to  some  different  aspect 
of  code  development. 

Paper  [37]  by  Wanie  et  al.  tells  of  a  set  of  codes  in  use  at  MBB 
going  front  geometry  definition  through  grid  generation  to 
invisdd  and  viscous  codes  and  finally  a  code  for  the  postpro¬ 
cessing  of  results.  Different  levels  of  computation  are  used  in 


m 


T-5 


the  different  stages  of  vehicle  development.  The  paper  con¬ 
centrated  on  a  Navier-Stokes  code,  NSFLEX,  and  a  second 
order  boundary  layer  code,  SOBOL,  used  most  often  with  an 
Euler  code.  These  codes  have  non-equilibrium  chemistry 
modules  available.  Transport  coefficients  seem  to  be  simply 
determined  without  the  use  of  mixture  rules.  Turbulent  flows 
are  handled  using  a  Baldwin-Lomax  model.  There  is  no  provi¬ 
sion  for  estimating  transition  location.  It  was  noted  in 
response  to  a  question  that  the  SOBOL  code  gives  better 
definition  of  boundary  layer  details  than  NSFLEX.  Accord¬ 
ingly  it  was  suggested  that  an  NSFLEX  solution  could  be 
followed  by  one  postprocessing  SOBOL  run  to  obtain  the 
boundary  layer  detail. 

Paper  (38)  by  Vos  et  al.  emphasizes  multi-block  techniques 
that  can  be  efficiently  used  by  parallel  computers.  The  codes 
to  which  the  technique  is  applied  are  somewhat  incomplete. 
The  presented  Euler  code  can  handle  non-equilibrium  chem¬ 
istry  but  of  course  ignores  viscous  effects.  The  presented 
Navier-Stokes  code  is  for  perfect  gases  and  the  transport 
coefficients  are  assumed  constant,  which  is  of  course  a  gross 
oversimplification.  Nevertheless,  the  efficiency  of  the  pre¬ 
sented  multi-block  solver  for  parallel  computation  was 
demonstrated. 

The  paper  by  Peraire  et  al.  [39)  deals  with  the  Euler  flow  of  a 
perfect  gas.  The  paper  extends  an  algorithm,  originally  deve¬ 
loped  for  transonic  flow,  to  the  calculation  of  hypersonic  flow 
on  unstructured  tetrahedral  grids.  The  extension  to 
hypersonic  flow  introduces  some  instabilities  which  are  coun¬ 
tered  by  increased  numerical  dissipation.  A  multigrid 
capability  has  also  been  developed. 

Paper  |4 1  ]  is  a  direct  comparison  of  independently  developed 
high-resolution,  three-dimensional  upwind  TVD  Euler  sol¬ 
vers.  The  paper  is  in  a  sense  a  progress  report  in  that  it 
expresses  the  belief  that  such  schemes  are  the  most  reliable 
for  handling  the  strong  discontinuities  experienced  in  high 
speed  flows,  however,  the  authors  were  not  able  to  realize 
grid-converged  solutions  for  their  test  cases. 

Paper  [42]  describes  a  procedure  wherein  an  overall  compu¬ 
tation  of  a  configuration  is  done  using  an  Euler  plus  boundary 
layer  technique,  then  followed  by  local  application  of  a 
Navier-Stokes  solver  in  difficult  regions  such  as  those  involv¬ 
ing  separation  and  recirculation.  The  primary  example 
presented  is  that  of  the  owl-like  canopy  of  the  HERMES  vehi¬ 
cle.  The  scheme  thus  approaches  the  results  of  a  full 
Navier-Stokes  solver  for  complex  configurations  that  could 
not  be  handled  by  a  Navier-Stokes  solver  over  the  complete 
flowfield  using  present  computers. 

In  paper  [43],  Grasso  and  Beltuci  present  a  finite-volume 
Navier-Stokes  procedure  based  on  a  second  order  TVD  for¬ 
mulation  that  encompasses  thermal  and  chemical 
non-equilibrium  and  proper  computation  of  transport  coeffi¬ 
cients.  They  apply  the  technique  to  two  simple  two¬ 


dimensional  flows,  the  flow  past  a  wedge  and  the  flow  over  a 
cylinder  whose  axis  is  normal  to  the  flow  direction.  It  would 
be  interesting  to  see  how  their  technique  applied  to  the  Mar¬ 
seille  and  F4  nozzles  would  compare  with  the  results  of 
Marmignon  et  al.  [33)  and  Zeitoun  et  al.  [34], 

All  of  the  efforts  reported  in  this  session  were  undertaken 
with  the  conviction  that  a  proper  computation  of  flowfields  is 
necessary  to  obtain  correct  aerodynamic  information.  It  is 
known  that  non-equilibrium  effects  can  influence  moment 
coefficients  of  entry  vehicles.  Not  unexpectedly,  however,  all 
of  the  presented  codes  are  in  some  sense  incomplete.  The 
Euler  codes  omit  viscous  effects  and  aerodynamic  heating 
considerations  entirely.  The  viscous  codes  are  predominantly 
for  laminar  flow.  The  few  that  include  a  turbulence  model  do 
so  only  in  a  very  crude  way.  All  the  viscous  codes  share  the 
deficiency  of  ignoring  transition  estimation.  The  next  phase  in 
code  development  requires  increased  attention  to  transition 
and  to  turbulent  flow  in  order  to  have  proper  assessment  of 
thermal  protection  needs. 

CONCLUDING  REMARKS 

Many  of  my  basic  conclusions  were  given  in  my  remarks  that 
opened  the  General  Discussion  at  the  end  of  the  Symposium 
and  they  can  be  found  at  the  end  of  this  document.  Neverthe¬ 
less  a  few  more  remarks  are  in  order. 

The  objectives  of  the  Symposium  as  listed  in  the  Call  for 
Papers  are  for  the  most  part  realized.  Computational  and 
experimental  tools  are  noticably  improved  over  where  they 
were  five  years  ago.  But  the  improvements  are  not  as  much  as 
we  would  have  liked.  Hypersonic  internal  flows  and  engine/ 
airframe  issues  were  not  discussed.  Radiative  gasdynamics, 
turbulence  and  transition  estimation  were  for  the  most  part 
ignored.  Flight  testing  was  mentioned,  but  the  problems  of 
developing  meaningful  flight  tests  were  not  really  addressed. 
We  see  much  imagination  in  the  development  of  improved 
CFD  tools  but  the  validated  set  of  “production"  codes  has  yet 
to  appear. 

The  absence  of  a  viable  vehicle  development  program  has 
clearly  slowed  the  pace  of  technology  development.  In  order 
to  be  ready  for  a  resumption  in  vehicle  development,  it  is 
important  that  facility  and  instrumentation  programs  under¬ 
way  be  completed,  and  that  the  promising  CFD  codes 
continue  in  their  development.  As  is  evident  from  this  report, 
I  am  a  strong  proponent  of  viscous  codes  for  hypersonic 
flows,  in  order  that  viscous  interactions  and  aerodynamic 
heating  be  properly  treated. 

While  hypersonic  vehicle  development  is  again  in  a  lull 
period,  let  us  not  despair.  The  interest  of  the  world  in  activities 
in  space  is  permanent,  and  therefore  there  will  doubtless  be 
continuing  interest  in  the  vehicle  technology  that  will  enable 
us  to  exploit  the  opportunities  of  space.  Let  us  continue  in  a 
rational,  continuous  and  sustained  effort  to  provide  the 
necessary  technology  base  for  this  important  activity. 
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CFD  ANALYSIS  OF  HYPERSONIC,  CHEMICALLY  REACTING  FLOW  FIELDS 


T.  A.  Edwards 

NASA  Ames  Research  Center 
Moffett  Field,  California  94035 
USA 


1.  SUMMARY 

Design  studies  are  underway  for  a  variety  of  hypersonic  flight 
vehicles.  The  National  Aero-Space  Plane  will  provide  a 
reusable,  single-stage-to-orbit  capability  for  routine  access 
to  low  earth  orbit.  Flight-capable  satellites  will  dip  into  the 
atmosphere  to  maneuver  to  new  orbits,  while  planetary 
probes  will  decelerate  at  their  destination  by  atmospheric 
aerobraking.  To  supplement  limited  experimental 
capabilities  in  the  hypersonic  regime,  computational  fluid 
dynamics  (CFD)  is  being  used  to  analyze  the  flow  about  these 
configurations.  The  governing  equations  include  fluid 
dynamic  as  well  as  chemical  species  equations,  which  are 
being  solved  with  new,  robust  numerical  algorithms. 
Examples  of  CFD  applications  to  hypersonic  vehicles 
suggest  an  important  role  this  technology  will  play  in  the 
development  of  future  aerospace  systems.  The  computational 
resources  needed  to  obtain  solutions  are  large,  but  solution- 
adaptive  grids,  convergence  acceleration,  and  parallel 
processing  may  make  run  times  manageable. 


2.  LIST  OF  SYMBOLS 

c  species  mass  fraction 

e  specific  total  energy 

p  pressure 

u.v.w  Cartesian  velocity  components  in  x,y,z  directions 

w  species  production  rate 

A,B,C  flux  vector  Jacobians 

D  multicomponent  diffusion  coefficient 

E,F,G  dependent  variable  flux  vectors  in  x,y,z  directions 

M  molecular  weight 

Pr  Prandtl  number 

Q  dependent  variable  vector 

Re  Reynolds  number 

T  temperature 

y  specific  heat  ratio 

y  effective  specific  heat  ratio 

E  specific  internal  energy 

ic  thermal  conductivity 

p  molecular  viscosity 

p  density 

x  shear  stress  tensor 

91  universal  gas  constant 


Subscripts 

c  chemical  species  variables 

f  fluid  dynamic  variables 

i  chemical  species  counter,  grid  index  counter 

v  thin-layer  viscous  component 


3.  INTRODUCTION 

The  difference  between  supersonic  and  hypersonic  flow  is  a 
rapid  increase  in  the  total  energy  of  the  flow  as  the  freestream 
Mach  number  increases  beyond  about  three.  Kinetic  energy  is 
transformed  to  thermal  energy  when  air  passes  through  shock 
waves  and  is  slowed  near  the  body  surface  by  viscous  stresses. 
At  moderate  temperatures,  air  exhibits  properties  that  are  well 
predicted  by  kinetic  theory  for  a  diatomic  gas.  However,  at 
sufficiently  high  temperatures,  the  molecules  that  comprise 
air  (primarily  diatomic  molecules  of  oxygen  and  nitrogen) 
undergo  chemical  reactions  that  alter  its  thermodynamic 
properties.  The  high-temperature  air  transfers  great  amounts 
of  heat  to  the  vehicle.  This  thermal  load  must  be  predicted 
and  managed  to  protect  the  structure  of  the  vehicle.  Chemical 
reactions  also  affect  the  aerodynamics  of  hypersonic 
vehicles,  which  in  turn  can  impact  propulsion  system 
performance,  vehicle  forces  and  moments,  and  mission 
capabilities. 

Proposed  vehicles  for  the  hypersonic  regime  have  brought 
forth  a  need  for  more  accurate  modeling  of  the  aerolhermal 
environment.  The  National  Aero-Space  Plane  (NASP),  under 
development  for  the  past  several  years,  is  a  single-stage-lo- 
orbil,  conventional  takeoff  and  landing  vehicle  for  rapid, 
routine  access  to  space.  Flight-capable  satellites  of  the  future 
will  dip  into  the  atmosphere  at  hypersonic  speeds  to  perform 
orbit-change  maneuvers.  Probes  such  as  Galileo  will 
dissipate  kinetic  energy  by  aerobraking  in  planetary 
atmospheres.  For  all  of  these  vehicles,  sustained  flight  at 
hypersonic  speeds  is  a  critical  capability.  Requirements  go 
beyond  merely  surviving  the  passage  through  high  Mach 
number  conditions,  but  now  demand  efficient,  routine 
operations  at  Mach  15  to  25. 

The  traditional  process  of  analysis  and  experimentation  to 
develop  vehicle  concepts  is  hampered  by  the  limitations  of 
ground-based  facilities  in  reproducing  hypersonic  flight 
conditions.  Continuous-flow  tunnels  require  too  much  power 
to  operate  at  high  Mach  numbers,  while  shock  tunnels  and 
ballistic  ranges  have  short  test  duration.  Thus,  hypersonic 
flow  research  is  relying  heavily  on  computational  fluid 
dynamics  (CFD)  to  guide  experimental  activity  and  provide 
performance  estimates  of  vehicle  concepts. 
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Until  recently,  CFD  had  not  been  applied  to  hypcrvelocity 
flow  problems.  Extending  Cl  D  technology  to  the 
hypersonic  regime  required  two  major  efforts:  developing 
robust  numerical  algorithms,  and  modeling  air  chemistry 
effects.  Conventional  algorithms  based  on  central 
differences  can  generate  spurious  pre-  and  post-shock 
oscillations  that  degrade  the  accuracy  of  solutions  near  flow 
discontinuities.  For  the  strong  shocks  present  in  hypersonic 
flows,  these  oscillations  can  be  destabilizing  and  cause 
solutions  to  diverge.  Upwind  algorithms  have  now 
demonstrated  superior  performance  in  solving  hypersonic 
flows.  Real  gas  models  arc  available  to  model  several 
approximations  to  the  thermcchemical  state  of  air.  These 
include  the  widely  used  perfect  gas  model,  along  with  the 
more  general  equilibrium,  nonequilibrium,  and  frozen 
chemistry  assumptions. 

This  paper  outlines  the  theory,  implementation  and 
application  of  hypersonic  CFD.  First,  the  governing 
equations  for  fluid  motion  and  chemical  species  are  described. 
Next,  solution  algorithms  used  for  high-speed  flows  are 
presented.  The  problem  of  coupling  the  fluid  and  chemistry 
equations  is  addressed,  and  then  some  typical  applications  are 
presented.  In  light  of  the  large  computer  resources  needed  for 
these  solutions,  some  approaches  to  improving  code 
efficiency  are  discussed. 


confined  to  a  boundary  layer  near  the  surface.  This 
approximation  neglects  viscous  derivatives  in  the  directions 
tangent  to  the  body  surface,  simplifying  the  equations 
somewhat  and  alleviating  grid  resolution  requirements 
substantially.  The  resulting  equation  set  is  the  thin-layer 
Navier-Slokes  equations,  which  in  Cartesian  coordinates  is 
written 


aQ  dE  3F  dG  dGv 
dt  +dx  +  dy  +  dz  _  dz 


where 


p 

pu 

pu 

pu2+p 

pv 

E  = 

puv 

pw 

puw 

_  e  _ 

-u(e+p)_ 

(2) 


4.  GOVERNING  EQUATIONS 

Hypersonic  flow  predictions  need  to  provide  estimates  of  not 
only  global  vehicle  performance  parameters,  such  as  forces 
and  moments,  but  also  parameters  specific  to  particular 
systems  or  components,  such  as  heat  transfer  rates,  inlet 
mass  capture,  and  kinetic  energy  efficiency.  Accurately 
predicting  these  quantities  requires  a  mathematical  model  with 
few  simplifying  assumptions.  This  section  describes  the 
partial  differential  equations  that  govern  the  motion  of  a  fluid 
and  the  concentration  of  chemical  species  in  a  reacting  gas. 
Coupling  these  two  equation  sets  provides  the  capability  to 
model  the  flow  of  a  reacting  gas. 


4.1  Fluid  Dynamic  Equations 

Navier  and  Stokes  in  the  1800's  independently  derived  the 
general  set  of  equations  for  the  flow  of  a  Newtonian  fluid. 
Two  important  subsets  of  the  Navier-Slokes  equations  are 
widely  used  for  hypersonic  flow  computations:  the  thin-layer 
Reynolds-averaged  Navier-Stokes  equations,  and  the 
parabolized  Navier-Stokes  (PNS)  equations.  Within  the 
limitations  of  their  approximations,  each  of  these  equation 
sets  yields  a  substantial  reduction  in  the  computational  cost 
with  little  loss  of  accuracy. 
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The  viscous  flux  terms  arc  given  by 

Txz  =  P(uz  +  wx) 

V  =  R(vz  +  wy) 

4  2 

^zz=piwz-5U(Ux  +  vy)  (3) 

Pz  =  YKPr  *  dz£  +  ut*z  +  viyZ  +  wxzz 


and  the  internal  energy  £  can  be  found  from 


+  w2) 


(4) 


4  1.1  1  hin-Layer,  Reynolds-Averaged  Navier-Slokes 

Equations 

For  flight  vehicle  applications,  the  thin-layer  approximation 
is  usually  invoked,  because  viscous  effects  are  generally 


These  equations  are  written  in  nondimensional  form  by 
normalizing  flow  quantities  by  their  freestream  values.  The 
Reynolds  number  and  Prandtl  number  appear  in  the  equations 
as  a  result.  The  viscosity,  conductivity  and  specific  heat  ratio 
are  material  properties  given  by  constitutive  relations 
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specific  to  the  composition  and  thermodynamic  state  of  the 
fluid. 

Pressure  is  related  to  the  conserved  flow  variables  by  the  ideal 
gas  equation  of  state 


p  =  (Y-  l)[e-|p(u2  +v2  +  w2)]  (5) 


or  in  chemically-reacting  flows  by  Dalton's  law  of  partial 
pressures 


n 


Usually,  a  coordinate  transformation  is  applied  to  these 
equations  so  as  to  map  an  arbitrarily  shaped  body  surface  to  a 
constant  coordinate  surface.  This  makes  the  thin-layer 
approximation  possible  for  curved  surfaces,  at  the  expense  of 
generating  smooth  grids  about  complex  shapes. 

The  grid  density  and  computer  resources  required  to  resolve  a 
turbulent  flow  using  the  thin-layer  Navier-Stokes  equations 
would  be  prohibitive.  Therefore,  a  final  constitutive  relation 
is  needed  for  the  turbulent  scales  of  motion  smaller  than  the 
grid.  First,  the  equations  are  Reynolds-averaged,  wherein 
turbulent  fluctuations  in  the  dependent  variables  aTe 
statistically  averaged.  As  a  result,  the  effect  of  turbulence 
appears  in  the  Navier-Stokes  equations  in  the  same  form  as 
the  stress  tensor  and  the  additional  terms  are  referred  to  as 
Reynolds  stresses.  A  model  then  defines  the  Reynolds 
stresses  in  terms  of  the  dependent  variables.  The  most 
straightforward  of  these  is  the  algebraic  turbulent  eddy 
viscosity  formulation  (cf.  Ref.  1),  which  augments  the 
molecular  viscosity  p.  More  sophisticated  models  have  also 
been  implemented  that  solve  partial  differential  equations  for 
the  production  and  dissipation  of  turbulent  kinetic  energy 
(Ref.  2). 

The  phenomenon  of  boundary  layer  transition  is  even  more 
difficult  to  model.  Hypersonic  flight  conditions  often  occur 
at  relatively  low  Reynolds  numbers,  so  a  large  portion  of  the 
flow  can  be  transitional.  Accurately  predicting  the  onset  and 
development  of  turbulence  is  important  to  calculating 
aerodynamic  and  propulsion  system  performance  parameters. 
A  simple  transition  model  that  has  shown  promise  in 
validation  studies  makes  use  of  empirical  correlations  for  the 
location  of  transition  onset  and  the  length  of  transitional 
flow,  then  modulates  the  eddy  viscosity  through  the 
transition  region  (Ref.  3). 


4.1.2  Parabolized  Navier-Stokes  Equations 

If  it  is  further  assumed  that  the  flow  is  steady,  that  it  is 
supersonic  outside  the  boundary  layer,  and  that  there  is  no 
streamwise  separation,  the  Navier-Stokes  equations  become 
parabolic  (except  in  the  boundary  layer).  The  PNS  equations 
can  be  solved  with  a  very  efficient  space-marching  procedure 
that  yields  flow  solutions  one  to  two  orders  of  magnitude 
faster  than  time-dependent  formulations.  Although  the 
assumptions  for  the  PNS  equations  are  very  restrictive,  there 
is  still  a  wide  class  of  problems  that  can  be  addressed.  For 
example,  most  hypersonic  forebody  and  afterbody  flows  can 
be  analyzed  with  this  approach.  PNS  solutions  for  inlet  and 
combustor  flows  may  not  be  accurate,  but  nonetheless  they 
could  be  useful  for  conceptual  design  studies.  Lawrence  et  al. 
(Ref.  4)  give  a  complete  description  of  the  theory, 
implementation  and  application  of  this  approach. 


4.2  Air  Chemistry  Equations 

The  chemical  behavior  of  air  depends  on  the  flight 
conditions.  Below  about  2000  K,  deviations  from  perfect  gas 
behavior  are  small.  In  flight,  this  temperature  is  first  reached 
behind  normal  shocks  at  a  Mach  number  of  about  six. 
However,  most  ground  test  facilities  have  very  low  freestream 
temperatures  and  so  real  gas  effects  are  difficult  to  obtain, 
even  at  very  high  Mach  numbers.  The  perfect  gas  equation  of 
state  is  thus  sufficient  for  many  hypersonic  flows  when  the 
peak  temperature  is  below  this  limit. 

When  the  temperature  in  the  flow  is  high  enough  to  cause  air 
to  react,  the  density  then  comes  into  play  in  determining  the 
character  of  the  fluid/chemistry  interaction.  At  relatively  low 
altitudes,  the  density  and  inlermolecular  collision  rate  are 
very  high,  so  reactions  proceed  to  equilibrium  very  rapidly. 
In  the  hypothetical  limit  of  infinite  reaction  rates,  a  universal 
state  of  chemical  equilibrium  exists.  At  higher  altitudes,  the 
chemical  relaxation  time  increases  and  eventually  becomes 
significant  compared  to  the  flow  convection  time.  This 
creates  a  flow  that  is  in  a  state  of  chemical  nonequilibrium  as 
it  traverses  the  body.  Opposite  the  equilibrium  flow 
approximation  is  frozen  flow,  where  reaction  rates  are  set  to 
zero.  Invoking  these  approximations  simplifies  the  solution 
procedure  and  reduces  the  computer  time.  The  models  and 
their  implementations  are  described  below. 


4.2.1  Equilibrium  Air 

The  equilibrium  composition  of  air  is  a  unique  function  of  its 
thermodynamic  state.  Implementing  the  equilibrium  model  in 
a  computer  program  can  be  accomplished  by  the  table  look-up 
approach  or  the  curve-fit  approach.  In  the  table  look-up 
approach,  the  equilibrium  data  are  stored  as  a  database  in 
matrix  form  while  the  flow  solution  is  advanced.  When 
thermodynamic  data  are  needed  in  the  flow  solver,  the 
information  is  retrieved  from  the  database.  The  efficiency  of 
this  approach  suffers  from  high  input/output  overhead.  In  the 
curve-fit  approach,  the  equilibrium  data  are  approximated  by 
splines  (Ref.  5).  The  spline  coefficients  store  the  data  much 
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more  compactly,  and  the  splines  are  evaluated  as  needed  while 
the  flow  solution  advances.  A  recent  enhancement  of  the 
curve-fit  method  involves  generating  spline  coefficients 
using  only  a  subset  of  the  database  that  is  applicable  to  the 
conditions  for  the  current  problem  (Ref.  6). 

The  assumption  of  chemical  equilibrium  imposes  only  a  small 
computational  penalty,  about  15%,  over  the  perfect  gas 
model.  The  penalty  is  small  because  no  additional  partial 
differential  equations  are  solved.  The  perfect  gas  equation  of 
state  is  modified  by  an  "effective"  specific  heat  ratio,  J,  that 
is  evaluated  by  the  table  look-up  or  curve  fit  method: 


where  M  represents  a  catalytic  third  body.  Rate  constants 
have  been  determined  for  each  of  these  reactions  (Ref.  7),  so 
the  local  thermodynamic  state  and  gas  composition  determine 
the  rale  of  production  of  each  species.  Thus,  the 
nonequilibrium  gas  model  requires  solving  an  additional  set 
of  partial  differential  equations,  the  number  of  equations 
being  dependent  on  the  number  of  species  in  the  model.  In 
this  instance,  four  species  continuity  equations  are  solved 
(the  concentration  of  the  fifth  species  is  determined  by 
requiring  the  concentrations  to  sum  to  unity)  in  conjunction 
with  the  five  equations  for  the  fluid  dynamics.  If  the  density 
is  low  enough,  thermal  nonequilibrium  can  become  an 
important  effect,  requiring  a  multiple-temperature  model. 


P  =  (Y- 


l)[e-jp(u2  +  v2  +  w2)] 


(7) 


4.2.2  Nonequilibrium  Air  Chemistry 

Simulating  the  properties  of  chemically  reacting  air  requires 
knowing  the  concentration  of  all  the  species  at  all  points  in 
the  flow  field.  This  calls  for  solving  transport  equations  for 
each  of  the  species  present  in  the  flow.  These  equations  are 
written  as 


3pj  3pju  3p|V  Opjw 


rp.u  o\>  jv  op.w  ,  dc; 


til 


The  left  hand  side  of  the  equation  represents  the  convective 
terms.  The  first  term  on  the  right  hand  side  accounts  for  the 
diffusion  of  species  due  to  a  concentration  gradient.  The 

second  term,  wj,  accounts  for  the  net  production  of  species 
arising  from  chemical  reactions.  This  term  is  dependent  on 
the  forward  and  backward  rates  of  the  reactions  being 
modeled,  which  will  differ  with  the  gas  species  and  reaction 
set  of  the  gas  model. 

A  five-species  model  is  sufficient  to  model  chemically 
reacting  air  over  a  wide  range  of  conditions.  These  species 
are:  atomic  and  molecular  nitrogen  (N2  and  N),  atomic  and 
molecular  oxygen  (O2  and  O)  and  nitric  oxide  (NO).  The 
following  six  reactions  govern  the  production  and  destruction 
of  species: 
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423  Frozen  Flow 

If  the  temperature  of  a  reacting  flow  drops  below  the 
activation  temperature  for  reactions  to  continue,  such  as  in  a 
sudden  expansion,  the  mixture  will  be  "frozen"  in  a 
nonequilibrium  state.  It  is  often  useful  to  assume  that  frozen 
flow  is  a  limiting  case  to  assess  the  sensitivity  of  the  flow 
field  to  the  reaction  rates.  This,  along  with  the  equilibrium 
flow  approximation,  bound  the  chemical  kinetics  and  hence 
their  effect  on  the  overall  flow  field. 

In  the  frozen  flow  approximation,  reaction  rates  are  set  to 
zero.  This  model  still  allows  for  nonuniform  mixtures  and 
variable  thermodynamic  properties,  though,  so  the  species 
continuity  equations  are  still  needed.  However,  a 
computational  saving  arises  by  no  longer  needing  to  evaluate 
the  reaction  and  species  production  rates.  This  reduces  the 
computational  effort  in  two  ways:  each  time  step  requires 
fewer  mathematical  operations,  and  the  equations  are  not  as 
stiff  as  in  reacting  flows,  so  larger  time  steps  are  possible, 
yielding  faster  convergence. 


4.3  Solution  Algorithms 

The  most  straightforward  approach  to  discretizing  the 
governing  equations  is  to  approximate  derivatives  by  central 
differences,  for  example 


t)F  ^x-t-Ax  ~  ^x-Ax 
3*“  2Ax 


(10) 


At  flow  discontinuities  such  as  shock  waves,  central 
differencing  schemes  generate  spurious  oscillations,  which 
must  be  suppressed  with  artificial  dissipation.  For  the  strong 
shocks  present  in  hypersonic  flows,  the  artificial  dissipation 
required  to  stabilize  the  numerical  solution  algorithm  can  be 
large  enough  to  degrade  the  accuracy  of  the  solution.  New 
upwind  algorithms  are  more  robust  and  are  tailored  to  the 
equations  of  gas  dynamics,  enabling  accurate  solutions  of 
strong  shocks.  Two  classes  of  schemes  widely  used  for 
solving  hypersonic  flows  are  flux-split  schemes  and  Riemann 
solvers. 
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4.3.1  Flux-Split  Schemes 

In  the  flux-splitting  approach,  the  flux  vector  F  in  Eq.  1  is 
separated  into  the  sum  of  two  vectors,  one  associated  with  the 
positive  eigenvalues  of  the  flux  Jacobian  matrix  3F/3Q,  and 
the  other  with  the  negative  values.  Then  appropriate  one¬ 
sided  differences  are  used  on  the  split  terms.  Many  splitting 
schemes  are  possible  as  long  as  the  eigenvalues  of  the  split 
flux  Jacobians  are  positive  or  negative  definite.  For 
example,  applying  the  Steger-Warming  scheme  (Ref.  8)  to 
the  flux  vector  F  in  Eq.  (1)  gives 


F+  =  |{I  +sgn  A)F  (11) 

F'  =  |(I  -  sgn  A)F 

where  A  is  the  flux  Jacobian  associated  with  the  flux  vector  F, 
and 


sgn  A  =  R(sgn  A)R'* 


(12) 


where  R  *  is  the  matrix  whose  rows  are  the  left  eigenvectors 
of  A.  and  (sgn  A)  is  the  diagonal  matrix  having  either  1  or  -1 
at  the  ith  position  according  to  the  sign  of  the  ilh  eigenvalue 
of  A.  Derivatives  of  the  split  fluxes  are  then  discretized  with 
a  one-sided  difference  scheme.  This  is  analogous  to  adding 
dissipation  to  a  central  difference  scheme  such  that  the 
dissipation  automatically  increases  near  flow  discontinuities 
such  as  shock  waves,  yielding  improved  stability  without  an 
overall  loss  of  accuracy. 


4.3.2  Riemann  Solvers 

Riemann  solvers  are  a  class  of  schemes  that  solve  local 
Riemann  problems  at  each  point  in  the  computational  grid. 
These  schemes  have  the  attributes  of  monotonicity,  enabling 
sharp  resolution  of  discontinuities,  and  robustness  for 
capturing  strong  shocks.  The  Riemann  problem  for  one¬ 
dimensional  inviscid  flow  is  written 


iE 

dt  +dx 


=  0 


(13) 


Equation  (13)  can  be  solved  exactly,  but  this  requires  an 
expensive  iterative  approach.  Most  schemes  linearize  the 
equation  and  solve  an  approximate  Riemann  problem  to 
obtain  a  value  for  F: 


+  a|J  =  0  (14) 


*2 

at 


where  A  is  the  flux  Jacobian  matrix.  Then,  the  value  of  F  at 
an  interface  between  two  nodes  i  and  i+1,  denoted  by  Fj+]/2, 
can  be  found  from  Roe's  scheme  (Ref.  9),  for  example,  which 
gives 


FH-l/2=j{Fi  +  Fi  +  l)  '2I  ^i+l/2|  *  (Qi  '  Qi+l)  (15) 


Here  |  a|  denotes  the  matrix  with  the  same  eigenvectors  as  A, 
whose  eigenvalues  are  the  absolute  values  of  the  eigenvalues 
of  A.  The  flux  at  the  interface  between  nodes  can  then  be  used 
in  forming  the  necessary  differences. 


4.4  Fluid/Chemistry  Coupling 

As  noted  above,  the  energy  equation  contains  terms  relating 
to  the  fluid  dynamics  and  the  chemical  kinetics,  and  thus 
couples  the  Navier-Stokes  equations  to  the  species  continuity 
equations.  A  fully  implicit  solution  procedure  therefore 
requires  the  simultaneous  solution  of  all  the  equations.  This 
increases  the  matrix  bandwidth  considerably.  For  example, 
the  Navier-Stokes  equations  alone  produce  5x5  block 
tridiagonal  matrices.  With  the  four  species  equations  needed 
in  the  present  aiT  chemistry  model,  the  coupled  system 
produces  9x9  blocks.  The  form  of  the  flux  Jacobian  in  the 
Strongly -coupled  system  can  be  written 


Aff  Afc 

81* 

81* 
_ 1 

.  Acf  Acc  _ 
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where  Qf  signifies  fluid  dynamic  variables  and  Qc  signifies 
chemical  species,  and  similarly  for  the  flux  vector  F  (Ref. 
10).  The  number  of  mathematical  operations  needed  to  solve 
block  tridiagonal  systems  is  proportional  to  the  cube  of  the 
block  dimension,  so  the  additional  cost  is  considerable  even 
for  this  relatively  simple  model.  Therefore,  alternative 
means  of  coupling  the  fluids  and  chemistry  are  also  under 
investigation. 

Certain  hypersonic  flow  problems  suggest  a  loosely  coupled 
approach.  This  is  most  effective  when  the  energy  associated 
with  chemical  reactions  is  small  compared  to  the  total 
energy.  To  take  advantage  of  this,  the  two  equation  sets  are 
solved  in  a  loosely  coupled  procedure  (Ref.  11).  In  this 
approach,  the  Navier-Stokes  equations  are  solved  separately 
from  the  species  continuity  equations,  which  presupposes  a 
flux  Jacobian  of  the  form  shown  below: 
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Invoking  this  assumption  allows  the  implicit  operator  to  be 
solved  as  separate  5x5  and  4x4  block  tridiagonal  systems, 
which  is  much  more  efficient  than  solving  the  9x9  system. 
The  coupling  is  achieved  through  an  adjunct  equation  of  state 
that  provides  thermodynamic  variables  needed  in  the  Navier- 
Stokes  equations,  while  the  species  continuity  equations  are 
solved  assuming  that  the  velocity  and  flow  energy  are 
temporarily  fixed,  as  shown  in  Fig.  1.  Additional  source 
terms  appear  in  the  energy  and  momentum  equations  as  a 
result  of  the  chemical  reactions.  By  alternating  iterative 
updates  between  the  two  equation  sets,  the  coupling 
mechanism  is  able  to  transfer  information  between  the  fluid 
dynamics  and  chemistry,  retaining  the  physical  interaction  of 
the  two  phenomena. 

The  advantage  to  this  approach  is  a  large  reduction  in 
computational  effort  needed  to  perform  an  iteration  of  the 
solution  algorithm.  Weakening  the  coupling  between  the 
equation  sets  may  reduce  the  convergence  rate  and  stability 
bound,  so  the  costs  and  benefits  must  be  weighed  to  determine 
the  superior  approach  in  a  particular  application.  The 
following  examples  demonstrate  the  viability  of  both 
approaches. 


5.  HYPERSONIC  VEHICLE  APPLICATIONS 

NASA’s  hypersonic  research  program  has  tailored  the 
development  of  CFD  codes  for  promising  hypersonic  vehicle 
concepts.  For  example,  a  horizontal  take-off  and  landing, 
single-stage-to-orbit  vehicle  derives  its  efficiency  from  an 
airbreathing  hypersonic  propulsion  system  called  a  scramjet 
(jupersonic  combustion  ram  jet  1.  This  propulsion  system 
uses  hydrogen  fuel,  which  bums  in  a  supersonic  stream  of 
high-pressure,  high-temperature  air  flowing  into  the  engine. 
Using  atmospheric  oxygen  eliminates  the  need  to  carry  an 
oxidizer  and  thus  benefits  the  payload  capacity  and  gross 
weight  substantially.  However,  scramjet  propulsion  has  yet 
to  be  demonstrated  in  flight  and  is  difficult  to  test  in  ground- 
based  facilities.  Therefore,  CFD  is  playing  a  major  role  in  the 
analysis  of  scramjet  propulsion. 

Scramjet  propulsion  systems  are  highly  integrated  with  the 
airframe.  Figure  2  shows  how  the  forebody  serves  the 
function  of  a  compressor  for  air  approaching  the  inlet.  The 
internal  portion  of  the  flow  consists  of  a  combustor,  where 
the  fuel  mixes  and  ignition  occurs.  Because  of  the  short 
engine  length,  the  fuel  is  still  burning  as  it  leaves  the  nozzle. 
The  reacting  mixture  flows  along  the  afterbody,  where  a 
significant  amount  of  thrust  results  from  high  pressure  on  the 
backward-facing  surface.  Thus,  scramjet  propulsion  systems 
begin  at  the  nose  of  the  vehicle  and  continue  to  the  tail. 

As  a  result  of  the  highly  integrated  airframe/propulsion 
system,  CFD  analysis  of  this  system  must  also  be  integrated. 


Codes  must  be  capable  of  solving  the  external  flow  of  air  on 
the  forebody,  then  the  internal  combusting  hydrogen-air  flow 
inside  the  scramjet,  and  finally  the  mixture  of  reacting  flow 
leaving  the  nozzle  and  merging  with  the  external  flow  along 
the  afterbody.  To  meet  this  challenge,  PNS  and  Navier- 
Stokes  codes  have  been  developed  with  air  and  hydrogen-air 
chemistry  models  to  solve  the  nose-to-tail  flow  field.  Figure 
3  shows  how  these  codes  are  applied  to  the  nose-to-tail 
problem. 

The  Navier-Stokes  codes  use  a  zonal  approach,  where  the 
solution  domain  is  subdivided  into  several  subdomains.  This 
technique  has  several  advantages.  Small  subdomains  reduce 
the  computer  memory  requirement  and  simplify  grid 
generation  for  complex  shapes.  Also,  the  governing 
equations  may  vary  from  one  zone  to  the  next.  For  example, 
on  the  forebody,  the  PNS  equations  with  an  air  chemistry 
model  are  sufficient.  The  scramjet  module  requires  an  internal 
flow  capability  with  a  hydrogen-air  combustion  model  and  an 
advanced  turbulence  model  for  mixing  streams.  Hence,  for  a 
given  problem,  these  codes  may  be  arranged  and  applied  so  as 
to  give  an  accurate  answer  at  the  lowest  cost  of  computer  time 
and  manpower.  At  NASA  Ames  Research  Center,  CFD  code 
development  in  support  of  hypersonics  has  produced  a  set  of 
Navier-Stokes  and  PNS  codes  using  the  strongly  coupled 
approach  (named  TUFF  and  STUFF,  respectively),  and  a  set 
using  the  loosely  coupled  approach  (named  CNS  and  UPS, 
respectively). 

To  demonstrate  fluid/chemistry  modeling  in  these  CFD  codes, 
two  applications  are  considered.  The  first,  a  generic 
hypersonic  configuration,  shows  the  importance  of  modeling 
nonequilibrium  air  chemistry  effects  in  hypersonic 
propulsion  systems.  The  second  case  simulates  a  ballistic 
range  test  to  validate  the  accuracy  of  real-gas  CFD 
predictions. 


5.1  Hypersonic  Body 

The  McDonnell- Douglas  Generic  Option  Blended  Wing-Body 
has  been  used  extensively  for  code  validation.  This  model 
incorporates  many  of  the  features  of  proposed  hypersonic 
configurations:  small  nose  radius,  compression  ramps  on  the 
forebody,  and  an  afterbody  expansion  surface.  Tests  on  the 
Generic  Option  have  been  conducted  in  shock  tunnels  at  Mach 
numbers  up  to  19.  However,  because  of  the  low  total 
temperature  of  the  flow,  real  gas  effects  were  not  present  in 
the  experiments.  A  numerical  experiment  was  performed  by 
solving  the  flow  about  the  Generic  Option  forebody  at 
freestream  conditions  expected  to  generate  nonequilibrium 
effects  (Ref.  12).  The  investigation  centered  on  the  impact 
real  gas  modeling  has  on  the  flow  into  the  inlet. 

Figure  4  shows  the  predicted  concentration  of  atomic  oxygen 
at  several  stations  along  the  Generic  Option  forebody. 
Oxygen  has  a  much  lower  dissociation  energy  than  nitrogen, 
so  it  is  the  first  atomic  species  present  in  reacting  air  flows. 
Outside  the  bow  shock,  the  concentration  is  zero  because  the 
flow  is  unaffected  by  the  presence  of  the  body.  The  highest 
concentration  of  atomic  oxygen  is  on  the  windward 
centerline.  Here,  the  flow  has  traversed  the  bow  shock  and 
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two  additional  shocks  arising  from  the  compression  ramps, 
so  it  has  undergone  the  most  heating  in  the  flow  field.  Figure 
5  compares  the  thermal  boundary  layers  predicted  at  the  inlet 
centerline  using  perfect  gas,  nonequilibrium  and  equilibrium 
air  models.  Through  most  of  the  shock  layer,  the 
nonequilibrium  model  produces  the  lowest  temperature. 
Whereas  the  equilibrium  model  causes  rapid  recombination  of 
atomic  species  upstream  of  this  body  station,  the 
nonequilibrium  result  indicates  that  energy  absorption 
through  recombination  is  still  occurring  at  this  station  near 
the  inlet.  Near  the  wall,  the  temperature  profiles  for  the 
equilibrium  and  nonequilibrium  models  cross. 

The  nonuniform  gas  composition  entering  the  inlet  reduces 
propulsion  system  efficiency.  Furthermore,  the  results  in 
Fig.  5  indicate  that  the  perfect  gas  and  equilibrium  chemistry 
models  are  not  necessarily  limiting  cases  that  bound  the 
nonequilibrium  flow  characteristics.  Hence,  systems 
designed  using  simpler  gas  models  need  to  verify  performance 
estimates  under  nonequilibrium  chemistry  conditions. 


5.2  Shock  Generator 

A  shock  generator  shape  tested  in  the  NASA  Ames  Ballistic 
Range  further  exemplifies  real-gas  effects  on  hypersonic 
aerodynamics.  The  body  is  a  five-degree  sphere-cone  with 
annular  bumps  whose  purpose  was  to  generate  shock  waves 
embedded  in  the  bow  shock  layer.  The  fluid  in  the  shock  layer 
partially  dissociates  because  of  its  passage  through  the 
strong  bow  shock.  Therefore,  predicting  the  location  of 
embedded  shocks  requires  modeling  the  nonequilibrium  air 
chemistry.  Figure  6  is  a  shadowgraph  of  the  shock  generator 
at  a  flight  Mach  number  of  14.4  and  an  angle  of  attack  of  0 
deg.  The  computationally  predicted  shock  pattern  is 
superimposed  on  the  photograph.  The  computation 
accurately  predicts  the  bow  shock  and  embedded  shocks.  This 
flow  exhibited  significant  dissociation  of  oxygen  and  thus 
helps  validate  the  accuracy  of  reacting  flow  computations. 

Figure  7  shows  the  same  body  at  6  deg.  incidence.  The  atomic 
oxygen  concentration  contours  indicate  significant 
dissociation.  Atoms  on  the  windward  side  convect  around  the 
body  to  the  leeside,  creating  a  thick  layer  of  dissociated 
oxygen.  Predicted  values  of  the  forces  and  moments  on  this 
projectile  compared  well  with  values  deduced  from  the 
experiment.  A  perfect  gas  solution  underpredicted  the 
pitching  moment  by  more  than  25%. 


6.  COMPUTATIONAL  ISSUES 

The  computational  requirements  of  hypersonic  calculations 
reach  beyond  the  capabilities  of  current  supercomputers.  For 
example,  to  solve  the  reacting  flow  about  a  hypersonic 
vehicle  in  powered  flight  requires  hundreds  of  hours  of 
computing  time  on  a  Cray  Y-MP.  Timely  analysis  and 
design  optimization  require  that  this  be  reduced  by  at  least 
two  orders  of  magnitude.  Advances  are  being  sought  in  both 
CFO  methods  and  computer  technology  to  meet  this 
challenging  goal.  Areas  of  research  include  interactive 


surface  definition  and  grid  generation,  solution-adaptive 
grids,  convergence  acceleration,  and  parallel  processing.  The 
following  section  highlights  two  of  these  efforts. 


6.1  Solution-Adaptive  Grids 

Solution-adaptive  grids  use  a  numerical  algorithm  to  move 
grid  points  automatically  toward  regions  of  high  flow 
gradients,  such  as  shock  waves  and  slip  surfaces.  Solution- 
adaptive  grids  enhance  the  efficiency  and  accuracy  of 
numerical  solutions  in  several  ways.  First,  the  grid  adjusts  as 
the  solution  progresses,  reducing  the  initial  effort  of 
generating  a  suitable  grid.  This  reduces  the  overall  number  of 
grid  points  as  well,  because  fine  grid  resolution  results  only 
where  it  is  needed,  rather  than  throughout  the  domain. 
Because  truncation  error  is  proportional  to  grid  spacing, 
solution-adaptive  grids  improve  the  accuracy  of  solutions  by 
reducing  numerical  errors.  Finally,  the  stability  and 
convergence  rate  of  the  algorithm  can  benefit  by  improving 
grid  resolution  in  high  gradient  regions,  which  are  often  a 
source  of  difficulty.  These  benefits  result  from  a  relatively 
low-overhead  procedure  to  move  grid  points  toward  flow 
gradients. 

A  grid-adaption  approach  devised  by  Nakahashi  and  Deiwert 
(Ref.  13)  conceptualizes  flow  gradients  as  tension  springs 
located  between  the  grid  points.  The  value  of  the  spring 
constant  is  proportional  to  the  local  flow  gradient,  causing 
natural  tendency  for  grid  points  to  cluster  near  the  high- 
gradient  regions.  The  spring  forces  fenn  a  set  of  elliptic 
equations  that  determine  the  new  equilibrium  grid  point 
locations.  Adding  torsion  springs  at  crossing  grid  lines 
throughout  the  system  helps  minimize  the  skewness  of  the 
adapted  grid.  The  flow  solution  is  interpolated  onto  the  new 
grid  and  the  flow  solution  is  advanced.  While  this  procedure 
could  be  applied  at  every  iteration  of  a  flow  solution,  most 
often  it  is  necessary  to  re-adapt  the  grid  only  occasionally. 

This  technique  is  demonstrated  for  the  case  of  a  two- 
dimensional  hypersonic  inlet  problem  (Ref.  14).  The  initial 
grid  for  this  case  was  generated  by  algebraic  interpolation 
between  the  upper  and  lower  boundaries.  Figure  8(a)  shows 
the  final  adapted  grid  for  this  solution.  The  adaptation 
procedure  has  clustered  grid  points  toward  multiple  shock 
waves.  Figures  8(b)  and  8(c)  compare  the  pressure  contours 
for  solutions  on  the  original  and  adapted  grid,  respectively. 
The  original  grid  produced  the  correct  compression  ratio  and 
located  the  primary  shock  waves  accurately.  However,  the 
shock  waves  are  spread  over  several  grid  points.  The  adapted 
grid  clearly  indicates  the  presence  of  two  incident  shock 
waves  entering  the  inlet.  The  shock-shock  and  shock¬ 
boundary  layer  interactions  are  also  more  clearly  defined.  In 
this  instance,  grid  adaptation  yields  a  much  better  resolution 
of  the  flow  structures,  some  of  which  were  not  evident  using 
the  original  grid. 
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6.2  Parallel  Processing 

Mass'  /ely  parallel  computer  architectures  offer  another 
ave*’  ,e  for  improvements  in  computing  time.  By  dividing  the 
wo  k  required  to  obtain  a  flow  solution  among  hundreds  or 
even  thousands  of  processors,  the  time  to  complete  a  flow 
solution  reduces  dramatically.  However,  this  is  only  possible 
if  the  work  is  balanced  across  all  the  processors  and 
communication  between  them  is  kept  to  a  minimum.  A  NASA 
research  program  is  being  undertaken  to  investigate  the 
performance  of  CFD  codes  on  massively  parallel  machines. 
This  effort  includes  hardware  development,  systems  software 
development,  and  mapping  CFD  applications  codes  onto 
massively  parallel  machines.  CFD  codes  have  been 
successfully  mapped  onto  these  machines,  alUiough  realizing 
theoretical  processing  rates  has  yet  to  be  demonstrated. 


7.  CONCLUSION 

Simulating  flows  at  hypersonic  speeds  requires  the  addition  of 
real  gas  models  to  CFD  codes.  Robust  algorithms  must  also 
be  implemented  to  capture  strong  shocks  accurately.  Several 
levels  of  approximation  for  the  fluid  physics  are  available, 
each  with  a  region  of  applicability  and  a  simplification  to  the 
solution  procedure  made  possible  by  its  assumptions.  The 
effects  of  real  gas  modeling  on  hypersonic  fluid  dynamics 
have  been  demonstrated  through  two  examples.  These 
examples  showed  real  gas  effects  on  boundary  layer 
thickness,  heal  transfer  and  shock  location.  Hypersonic 
calculations  about  complex  geometries  require  large  amounts 
of  computer  resources.  To  make  hypersonic  CFD  practical  for 
design  applications,  several  approaches  to  code  efficiency  are 
being  explored.  The  most  ambitious  and  potentially  fruitful 
of  these  is  massively  parallel  processing,  which  may 
someday  reduce  turnaround  time  from  hundreds  of  hours  to  a 
few  minutes. 
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Figure  1.  Fluids/chemistry  interaction  mechanism  (or  Figure  2. 
loosely  coupled  approach. 


Integrated  airframe/propulsion  system  for 
airbreathing  scramjet. 
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Figure  3. 


Selection  chart  for  fluid  dynamic  equations  and  g-.s  models  for  nose-to-tail  solution. 
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Figure  4.  Forebody  flow  field  of  hypersonic  body  at 
Mach  19  showing  atomic  oxygen 
concentration. 


Figures.  Thermal  boundary  layer  at  inlet  centerline 
using  perfect  gas,  equilibrium  and 
nonequilibrium  air  chemistry  models. 
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Figure  6.  Shadowgraph  of  shock  generator  at  Mach  14 
and  zero  incidence  with  computationally 
predicted  shock  shape  superimposed. 


Figure  7.  Flow  field  about  shock  generator  at  Mach  1 4 
and  6.35  deg.  incidence  showing  bow  shock, 
atomic  oxygen  concentration,  and  simulated 
oil  flow  pattern. 
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1  -  ABSTRACT 


The  Hermes  spaceplane  will  represent  a 
major  step  in  the  European  space  activities.  It  will  be 
placed  into  orbit  by  the  heavy-lift  launcher  Ariane  5. 
After  completion  of  the  mission,  it  will  glide  back 
from  low  earth  orbit  to  its  landing  site. 

In  order  to  take  the  different  problems  linked 
to  the  ascent  and  the  reentry  phases,  an  aerodynamic 
strategy  has  been  set  up.  A  global  review  of  this 
strategy  will  be  made.  It  will  contain  elements  on  the 
available  and  necessary  tools  (experimental  and 
theoretical)  for  the  Hermes  definition  and 
qualification  phases.  Some  aspects  such  as  the  design 
of  the  Hermes  spaceplane  will  also  be  highlighted.  It 
will  review  the  different  constraints  that  will  be  faced 
during  the  ascent  and  reentry  phases. 

Constraints  may  come  from  mission 
requirements  such  as  crossrange  capability  or  from 
technology  limits  such  as  thermal  limits  on  the 
thermal  protection  system  or  from  guidance  and 
control  requirements.  A  new  methodology  has  been 
selected  in  order  to  take  constraints  and  uncertainties 
into  account  in  the  design  oriented  towards 
qualification  of  the  Hermes  spaceplane.  The  main 
line  of  this  methodology  is  the  projection  on  a  typical 
reentry  trajectory  of  the  uncertainties  in  the 
aerodynamic  characteristics  checked  on  control 
points. 


2  -  METHODOLOGY  OF  DESIGN  OF 
HERMES  SPACEPLANE 


2.1  -  Two  methodologies 

Systematically,  a  choice  between  two 
methodologies  appears  when  feasibility  of  a  project  is 
either  probable  or  unsecured. 

Simple  linear  methodology  is  sufficient 
when  it  is  probable  that  feasibility  is  not  too 
difficult ;  then  the  freezing  of  the  design  has  to  lead 
to  better  or  lesser  quality  (in  performances,  cost...). 
The  best  selection  of  the  major  parameters,  or  of  the 


technologies  permits  the  desired  achievements  in 
performances  and  cost.  Linear  methodology  consists 
of  a  selection  of  a  first  design  followed  by  successive 
improvements  of  it  without  major  technological 
changes  ;  in  addition  some  initial  loops  may  consist 
in  the  selection  of  different  concepts  and  their 
evaluation  using  the  knowledge  of  advantages  and 
disadvantages  for  each  of  them  ;  for  example  civil 
aircraft  like  Airbus  or  Falcons  need  limited  effort  in 
the  selection  of  general  architecture  like  position  of 
engines  related  to  wing  and  fuselage,  double  slotted 
flaps  versus  simple  slotted  flaps. . .  and  major  effort  is 
required  in  better  adjustment  of  parameters  and 
improvement  robustness  of  the  shapes  for  variations 
of  requirements  or  parameters. 

When  it  is  evident  that  feasibility  is  the  main 
problem  for  a  new  aerospace  design,  the 
methodology  has  to  rely  on  a  two  phase  approach  ; 
the  first  phase  is  oriented  towards  a  demonstration  of 
feasibility,  the  second  one  towards  a  refinement  and 
is  close  to  the  above  linear  methodology  but  with  a 
specific  qualification  process.  For  example  as  long  as 
the  specific  thrust  of  jet  engines  does  not  guarantied  a 
large  number  of  feasible  designs  of  Vertical-Take-Off 
And  Landing  aircraft,  the  first  phase  of  V.T.O.L. 
feasibility  demonstration  is  a  long  loop  of 
convergence  and  requires  adequate  funding  and 
careful  methodology;  the  objective  of  the  first  phase 
is  to  demonstrate  the  existence  of,  at  least,  one  viable 
concept  of  the  future  aircraft  with  adequate  margins  ; 
such  adequacy  asks  for  a  sufficient  knowledge  of  the 
technological  constraints  and  of  the  physical 
background  behind  global  performance  evaluations. 

In  order  to  select  the  viable  concepts,  an 
unambiguous  set  of  criteria  is  needed.  Such  set  comes 
from  a  limited  number  of  critical  pointsy;  they 
characterize  the  required  performances  in  the  flight 
envelope  and  they  can  be  estimated  with  sufficient 
accuracy.  As  long  as  one  viable  concept  does  not 
exist  (where  the  complete  set  of  criteria  is  fulfilled, 
with  positive  margins),  no  confidence  can  be  given  to 
derivatives  of  the  main  parameters,  because  the 
derivative  has  to  be  expressed  with  regard  to 
constrained  variations  but  not  to  free  variations.  Fig. 
1  gives  for  example  the  variation  of  mass  of  Hermes 
versus  wing  area  parameter. 
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2.3  -  Critical  points 
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We  have  had  to  identify  the  main  critical 
points  of  design  of  Hermes  knowing  that  such  points 
are  linked  along  trajectories  to  various  problems, 
some  technological,  some  physical.  So  the  best  way 
to  classify  the  critical  points  is  to  identify  areas  or 
phase  domains  where  some  phenomena  are  occurring. 


Figure  6 

Trajectories 


Obviously  the  basic  unconstrained  variation 
is  interesting  only  if  probable  design  parameters  is 
not  constrained  (i.e.  the  lower  one  on  the  figure  1), 
otherwise  such  derivative  is  useless.  However  one 
may  rely  on  an  algebraic  parameter  for  variation 
analysis,  so  dropping  one  constraint  too  difficult  to 
be  fulfilled  ;  the  existence  of  a  design  is  obtained  at 
the  end  of  the  interaction  process.  For  example 
negative  payloads  may  help  to  find  a  family  of  design 
concepts  otherwise  too  sensitive  to  balance  problems 
of  the  payload.  Such  an  algebraic  process  avoids  to 
design  aircraft  (such  a  design  cannot  be  done 
otherwise  than  in  an  explicit  way)  only  if  they  are 
viable,  that  is  to  be  demonstrated  at  the  end. 

2.2  -  Methodology  for  Hermes 


From  the  maximum  altitude,  at  the 
beginning  of  reentry  we  can  discriminate  8  domains  : 

1  -  One  orbital  flight  domain  where  major  problems 
come  from  hazards  of  meteorites  or  space  debris. 


Major  problems  of  Hermes  came  from 
technological  constraints  related  to  thermal  properties 
of  materials.  The  request  was  to  limit  the 
refurbishing  activity  when  the  thermal  constraints 
were  200°  higher  than  Orbiter  due  to  scaling  effect 
(ref.  1).  Use  of  advanced  materials  has  been  retained 
for  the  major  part  of  the  skin  ;  but  the  hotter  parts 
have  to  be  constrained  by  carbon-carbon  extreme 
properties  so  the  nose  cape  and  the  wing  leading 
edges  are  first  to  be  concept-drivers  in  the  general 
layout.  It  gives  the  characteristic  shape  of  Hermes 
with  a  nose  of  large  radius  and  the  shielding  of  the 
wing  in  the  bow-shock.  The  nose  is  a  three- 
dimensional  product  of  optimisation  for  shear-stress 
reduction  constrained  by  visibility  requirement 
giving  the  characteristic  oblate  shape  of  nose  cape. 
The  shielding  of  the  wing  avoids  shear-layer  to  come 
on  double  sweep  design  by  double  shock  surface 
intersection  and  its  impingement  on  the  leading  edge. 
However  the  tip  of  the  wing  with  a  small  chord  needs 
an  additive  effort  ;  too  high  heat  fluxes  are  reduced 
by  an  additive  effect  of  upwards  canting  plus  increase 
in  sweep  angle.  High  angle  of  attack  of  the  reentry 
(larger  than  30°)  helps  to  minimize  such  needed 
sweep  effect  in  combination  with  large  canted  angle, 
and  gives  the  characteristic  winglet  shape  of  Hermes. 
So  the  main  features  of  the  Hermes  concept  are 
mandatory  issues  coming  from  aerothermal 
constraints.  The  existence  of  one  feasible  design 
remains  to  be  proven  because  many  other  problems 
remain  after  a  survey  of  other  critical  points  along 
the  trajectory,  and  adjustment  of  all  parameters. 


2  -  One  domain  where  major  phenomena  are  in 
rarefied  flow  gas  dynamics,  continuous  flow  being  a 
poor  approximation  of  the  modeling  of  phenomena 
occurred.  This  domain  is  reduced  in  importance  in 
Hermes  design  outside  the  overall  efficiency  of  jet 
control  system. 

3  -  One  domain  where  the  flow  is  continuous  but  the 
low  pressure  involved  does  not  allow  thin  layers  of 
viscous  flows  and  so  no  transition  can  occur. 
However  this  part  of  the  trajectory  gives  a  concern  to 
efficiency  of  controls  :  in  such  low  Reynolds  number 
flow  maximum  of  complexity  of  the  chemistry  and 
physics  come  from  high  enthalpy  of  incoming  flow 
near  orbital  velocities. 

4  -  One  domain  where  the  flow  is  continuous,  where 
the  non-equilibrium  properties  come  also  from  high 
enthalpy  of  incoming  flow  but  the  rear  of  the  vehicle 
is  at  sufficient  Reynolds  number  so  that  heating  on 
the  flaps  can  occur  with  turbulent  reattaching  flows. 

5  -  One  domain  where  the  flow  is  low  hypersonic 
flows  with  almost  no  chemical  effects  nor 
thermodynamically  non-equilibrium  behaviour. 

6  -  One  supersonic  domain  where  the  flowfield  does 
not  include  hypersonic  phenomena  like  entropy 
swallowing,  very  high  ratio  of  skin  temperature  to 
stagnation  temperature,  complex  shock-waves-wake- 
boundary-layer  interactions... 


7  -  One  transonic  domain  where  the  flowfields  can  be 
unstable  due  to  the  necessary  oblate  shape  of  Hermes. 

8  -  One  subsonic  domain  where  the  round  shapes  of 
Hermes  give  large  uncertainties  in  flow 
characteristics. 


For  each  of  these  8  domains  some  specific 
problems  occur  but  at  the  end  critical  ones  were 
limited  to  the  following  after  a  first  loop  of 
convergence. 

Domain  8  :  Low-speed  lateral  control  at  low  angle  of 
attack  induced  by  the  non  conventional  shape  of  the 
vehicle.  Addition  of  a  vertical  fin  would  solve  the 
problem  but  should  increase  the  weight  and  moreover 
introduce  a  difficult  transition  for  the  flying  control 
system  when  such  vertical  fin  become  operant  in 
domain  6. 

Domain  7  is  the  more  critical  issue  for  the  unstable 
control  of  Hermes  induced  by  forward  shift  of  centre 
of  pressures  ;  high  lift  in  compressible  low  transonic 
flow  and  use  of  airbrakes  on  the  rear  of  upper 
fuselage  are  the  main  sources  of  deterioration  of 
stability  :  airbrakes  on  the  fuselage  need  careful 
analysis  of  the  interaction  of  the  wake  of  airbrakes 
with  the  elevons.  Intensity  of  pressure  fluctuations  is 
also  a  major  concern. 

Domain  6  with  maximum  rearward  shift  of  centre  of 
pressure  is  critical  for  efficiency  of  controls  in  up 
position  ;  main  concern  is  balance  of  forward 
position  of  centre  of  gravity.  Keeping  lateral  control 
effective  in  low  angle  of  attack,  for  conteracting 
unstable  forces  in  front  fuselage,  is  also  a  critical 
issue. 

Domain  S  is  a  classical  low  hypersonic  domain. 
There  lies  the  perfect  gas  reference  for  more  complex 
phenomena  influence.  It  is  essential  for  evaluation  of 
uncertainties  and  real  gases  and  aerothermochemistry 
problems.  Furthermore  in  that  domain  the 
phenomena  of  transition  to  turbulence  on  roughness 
is  also  to  be  evaluated  ;  some  in  flight  and  wind 
tunnel  correlations  (theoretical  versus  empirical 
predictions)  can  help. 

Domain  4  introduces  a  large  complexity  in  the 
phenomena,  with  coupling  between  chemistry  at  the 
wall  or  in  the  flowfield,  real  gases  effects  in  flight, 
and  transition  phenomena.  This  domain  is  the  most 
important  for  aerothermal  design  but  unfortunately  it 
adds  all  the  difficulties  in  physical  and  chemical 
rebuilding.  The  shape  of  Hermes  was  selected  in 
order  to  be  robust  to  uncertainties  on  such 
phenomena  by  selection  of  a  delta  wing  where  the 
centre  of  pressure  remains  not  far  from  the  centroid 
of  the  platform.  However  the  peak  transitional 
reattachment  heating  on  flaps  is  unavoidable  critical 
point :  balance  between  efficiency  and  thermal 
overheating  is  the  main  concern. 

Domain  3  with  low  Reynolds  number  is  also  not  so 
critical  by  using  such  delta-wing.  However  the 


knowledge  of  flowfield  on  control  is  also  mandatory 
when  the  experimental  rebuilding  is  clearly  poor  and 
far  from  real  flight  conditions. 

When  a  feasible  concept  was  retained,  after 
the  loop  of  feasibility  studies  corresponding  to  the 
first  phase  of  methodology  (as  explained  in  2.1 
before),  the  following  list  of  critical  points  continues 
to  be  essential  to  the  design  constraints  : 

1  -  Lateral  control  in  low  speed  (domain  8) 

2  -  Transonic  instability  with 'airbrakes  (domain  7)  in 
forward  position  of  the  COG 

3  -  Transonic  buffet  induced  fluctuation  of  pressure 
on  front  fuselage  (domain  7). 

4  -  Supersonic  lateral  characteristics  at  low  angle  of 
attack  (domain  6). 

5  -  Supersonic  longitudinal  balance  in  forward 
position  of  COG  (domain  6). 

6  -  Hypersonic  longitudinal  balance  in  rearward 
position  of  COG  with  poorer  correlation  between 
overheating  and  efficiency  (domains  3-4-5). 

7  -  Hypersonic  windshield  overheating  in  ascent 
trajectory  at  low  angle  of  attack  and  in  reentry  at 
high  angle  of  attack  (domains  3-4-5). 

8  -  Hypersonic  1st  tile  junction  overheating  due  to 
forced  transition  (domains  4  -  5)- 

9  -  Hypersonic  tip  of  wing  overheating  at  the  leading 
edge  and  on  the  flap  deflected  (domains  4  -  5). 

10  -  Hypersonic  local  overheating  in  gaps,  holes  and 
file  junctions  (domains  4  -  5). 

1 1  -  Hypersonic  low  Reynolds  number  efficiency 
with  reduced  dynamic  pressure  on  all  axis 
(domain  6). 

These  critical  points  defined  each  a 
constraint  in  design  that  is  to  be  fulfilled  by  final 
careful  adjustment  of  parameters. 

It  appeared  that  a  design  able  to  fulfil  the 
critical  points  I  -  2-  4-  S-  8-  9  needed  a  minimum 
size  of  wing  and  of  controls  and  also  needed  careful 
design  of  front  fuselage  for  avoiding  excess  of 
variation  of  centre  of  pressure  with  Mach  number 
and  angle  of  attack.  So  there  exists  anyway  an 
Hermes  design  that  will  fulfil  such  requirements 
coming  from  these  six  critical  points,  at  the  expanse 
of  a  larger  wing  with  larger  controls. 

However  a  critical  point  comes  from  the 
Ariane  V  launcher  and  was  related  to  balance  of 
maximum  gust  induced  loads  during  ascent  :  it  is 
clearly  proportional  to  the  gradient  of  lift  with 
incidence  qACLx  of  the  aircraft  on  the  tip  of  its 
launcher,  and  to  the  maximum  arm  lever  of  this 
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destabilizing  effect  ;  the  control  effectiveness  comes 
on  Ariane  from  the  thrust  deflection.  For  a  given 
fuselage,  increase  of  wing  put  more  backward  the 
C.G  position  and  increase  requirements  from  control 
and  reduce  the  instability.  So  the  following  figure  is 
kernel  of  wing  size  determination  : 


Figure  7  : 


C.G /C. P 


A  feasible  concept  is  possible  only  by 
reducing  the  size  of  the  fuselage  (and  consequently  of 
the  wing),  moving  forward  the  Centre  of  gravity 
position  (and  consequently  reducing  the  size  of  the 
control  and  of  the  wing).  Such  converged  design  was 
obtained  in  1991  and  so  put  an  end  to  the  first  phase 
of  the  methodology  demonstrating  the  existence  of  a 
viable  design.  However  some  refinements  were 
needed  to  be  done,  particularly  with  account  of  the 
five  remaining  critical  points  plus  some  others 
coming  from  detailed  design  as  the  proof  of  flutter 
free  design  of  the  structure  of  winglets,  or  the 
robustness  of  design  to  holes  coining  from  space 
hazards  and  losses  of  one  element  of  the  thermal 
protection  system.  The  geometric  definition  of  this 
design  was  named  1.0. 


2.4  -  Methodology  for  convergence 

The  methodology,  now,  when  a  solution 
exists  (i.e,  is  feasible),  is  to  rely  upon  an 
interpolation  procedure  rather  than  upor  an 
extrapolation  one.  Due  to  the  difficulty  to  express  the 
multiple  constrained  fields  of  optimisation  of 
Hermes,  it  appears  that  an  interpolation  process 
guarantees  better  final  product  than  more  open  loop 
of  optimisation.  To  have  such  an  interpolation 
procedure  need  to  design  a  shape  that  includes 
solutions  to  all  critical  points  one  by  one. 

For  example,  it  appears  that  critical  point 
n°  7  needed  a  careful  study  of  the  direct  connexion 
between  the  length  and  the  centre  of  gravity  of 
fuselage  and  the  detailed  layout  of  tue  canopy  with 
ejection-seat  geometrical  constraints.  So  any 
overheating  on  windshield  that  lead  to  major  changes 
in  the  design  may  have  catastrophic  consequences  on 
the  existence  of  a  converged  geometry.  It  was 
proposed  to  the  design  office  a  set  of  modifications 


that  cover  with  margins  the  reduction  of 
transparencies  overheating  to  a  acceptable  figure  ; 
similarly  on  the  other  critical  points,  the  shape  that 
includes  that  set  of  modifications  has  been  called 
‘Shape  A*  and  will  furnish  a  basis  with  shape  1.0  to 
an  interpolation  procedure.  Final  shape  wilt  be  shape 
2.0  and  such  a  methodology  guarantees,  with 
reasonable  uncertainties,  that  this  shape  will  also 
exist. 


To  summarize  :  from  the  first  to  the  second 
phasis  of  work,  the  methodology  moves  from  an 
open  research  of  concepts  or  of  basic  shapes  to  the 
selection  of  related  geometrical  parameters  (wing 
span,  sweep  angle,  wing  tip  canted  angle,  ...).  This 
first  phasis  leads  to  the  shape  1.0  considered  as 
feasible  at  the  state  of  the  knowledge  of  all  critical 
problems,  whereas  the  second  phasis  is  an 
interpolation  procedure.  However,  it  is  to  be  said 
that  qualification  of  the  final  2.0  shape  needs  much 
more  efforts  due  to  the  long  time  for  final  design  of 
all  internal  and  external  parts  and  checking  of  its 
adequation  to  local  thermal  and  mechanical 
requirements  and  global  function  relevancy.  The 
process  of  qualification  will  involve  more  detailed 
analysis  and  will  only  be  able  to  begin  when  the 
interpolated  2.0  will  be  selected. 


3  -  TOOLS  FOR  DESIGN 


3.1  -  Complementary  use  of  the 

different  tools 

It  is  unrealistic  to  minimize  the  difficulty  of 
the  design  of  a  spaceplane  like  Hermes.  Aerodynamic 
and  aerothermal  validation  of  the  design  are 
tremendous  challenges.  The  present  status  of  the 
cross  validation  of  the  triad  CFD  -  ground  based 
testing  -  flight  testing  is  poor.  That  triad  is  in  fact  the 
present  regular  extension  of  an  early  approach 
relying  only  on  prediction  plus  validation.  Real  flight 
is  the  unique  complete  validation  of  the  design  for 
near  nominal  trajectory.  Comparisons  of  prediction 
and  flight  data  are  the  main  ingredients  of  the 
required  confidence  in  the  design.  It  is  clear  that  such 
a  validation  not  having  the  support  of  a  large  set  of 
experience  in  hypersonic  for  various  shapes  and 
concepts  is  poor.  Careful  analysis  of  the  quality  of 
the  prediction  is  the  only  way  for  improving 
confidence  in  any  design.  First  unmanned  flight 
oriented  towards  cost  reduction  by  reduced 
equipment  and  flight  envelope  is  the  best  graduated 
strategy. 


However,  the  CFD  progresses  give  new 
opportunities  for  a  revised  approach  using  all  the 
tools  available  in  a  mix  of  theoretical  and 
experimental  approaches  for  a  most  important  pre¬ 
flight  qualification. 

We  can  define  two  worlds  :  the  real  world 
that  can  only  be  tested  in  flight  and  the  simulated 
world  that  has  to  be  validated  as  a  simulation  tool  of 


Che  real  world.  The  simulated  world  has  two  levels  : 
one  is  the  flight  simulator  where  the  pilot  can 
experiment,  on  a  sensory  approach,  the  rebuilding  of 
external  world  and  the  behaviour  of  the  final  vehicle. 
The  second  level  is  the  fine  simulation  experimental 
and/or  numerical. 

In  fact  small  domains  in  the  flight  envelope 
can  be  simulated  in  experimental  ground  simulation  ; 
so  the  impact  of  fine  computer  simulation  is  large  on 
design,  particularly  when  ground  experimentation  is 
limited,  as  for  hypersonic  aircraft.  For  Hermes  the 
strategy  of  design  was  adjusted  from  the  beginning  to 
all  the  capabilities  of  CFD,  in  order  to  gain 
progressive  confidence  on  the  CFD  approar"’  as  a 
tool  for  analysis  of  the  problems  (directly  'rom 
partial  experimental  data)  and  as  a  tool  for  dc.  n  by 
progressive  improvement  of  basic  shapes.  CFD  will 
be  also  a  major  tool  for  qualification  and  analysis  of 
data  extracted  from  first  unmanned  scale  one  flight 
(Hermes  X  2000). 

The  methodology  is  given  by  the  following 
development  of  the  Triad. 


Flight  test 

^  \ 

CFD  -*  Groung  test 


The  complement  in  the  triad  comes  from  the 
incompleteness  of  each  of  the  tools  : 


Flight  test  cannot  be  done  before  the  vehicle 
itself  is  identified  so  at  a  cost  equivalent  to  the 
operational  vehicle  assembly  and  testing  (prototype 
approach,  or  automatic  first  flight  as  on  X  2000). 
However  a  reduced-sized  vehicle  could  be  the  answer 
to  the  more  critical  problems  at  a  reasonable  cost.  It 
was  the  target  of,  "Maia"  vehicles  (scale  >  1/4)  on 
the  first  strategy  for  Hermes  development,  and  the 
’Bor’s"  in  the  Russian  approach  to  Buran  ;  however 
reduced  size  means  no  qualification  of  the  complex 
unscalable  devices  like  sealing  or  junctions. 


Ground  test  cannot  cover  the  high  enthalpy 
conditions  in  pressure  temperatures  and  Mach 
number  and  Damkoeler  number.  In  fact  the  real  gas 
effect  appears  first  in  the  expansion  in  the  nozzle  of 
the  facility  so  thermodynamic  equilibrium  is  regained 
from  the  bowshock  on  wind  tunnel  when  it  has  to  be 
recovered  later  in  flight.  Ground  tests  can,  on  the 
contrary,  be  the  more  correct  and  validated  approach 
with  low  enthalpy  wind  tunnel  in  the  more 
conventional  test  range  of  subsonic  to  low  hypersonic 
;  so  it  is  a  source  of  reference  data  for  any 
prediction,  if  calibration  of  facility  is  accurately 
done. 

-  Computational  aerodynamic-  aerothermodynamic 
cannot  cover  too  fine  description  of  phenomena  if 
modeling  does  not  allow  it  (e.g.  in  transitional  and 
turbulent  flow)  and  need  careful  checking  of  the 
mesh  size  effect  as  of  the  numerical  viscosity  added 
for  stability  of  the  solution.  No  large  limitation 
exists  presently  on  the  rebuilding  of  Hermes  in  high 
enthalpy  flow  if  validation  can  be  done.  So 
computational  work  is  necessary  for  checking  in¬ 
flight  versus  ground  tests  and  for  uncertainties 
analysis. 


It  is  of  major  importance  to  add  sufficient 
experimental  data  in  all  9  phases  of  the  trajectory. 

If  the  7  -  8  -  9  are  classical  aerodynamics, 
requiring  classical  wind  tunnel,  it  is  however  to  be 
emphasized  that  the  Reynolds  number  effect  is 
critical  on  the  round  shapes  of  HERMES,  as  Orbiter 
or  Buran.  Experimental  data  coming  from  flight 
remains  useful  or  mandatory  according  to  the  critical 
points  and  the  corresponding  phases  of  the  flight 
(mainly  for  stability  or  flying  qualities). 

In  cold  hypersonic  regime,  with  low 
enthalpy  and  perfect  gas  modeling  the  need  for  a  high 
quality  experimental  tool  is  mandatory  because  it  will 
be  the  pivotal  point  for  all  adjustment  of  CFD 
extrapolation  to  flight.  Selection  of  different  wind 
tunnel  is  very  useful  and  help  to  master  the  most 
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probable  aerodynamic  aerothermic  data.  We  selected 
German  and  French  W.T.  plus  reference  wind  tunnel 
proven  in  USA  (AEDC  for  Orbiter)  and  in  Russia 
(T117  of  TSAG1  for  Bouran). 

High  enthalpy  and  low  Reynolds  number 
wind  tunnels  exist,  but  such  a  range  of  low  pressure 
is  not  critical  for  an  aerospace  vehicle. 

For  high  enthalpy  Germany  and  French 
proposed  new  facilities  of  different  technology  and 
performances  :  the  high  enthalpy  facility  in  Gottingen 
(HEG)  gives  adequate  dissociation  but  with  very 
short  duration,  whereas  arcjet  facility  in  Toulouse 
(F4)  gives  longer  duration  (adequate  for  balance 
measurements).  Both  facilities  are  able  to  cover  the 
highest  pressures  near  the  flight  Reynolds  number 
but  on  Wi.at  level  of  flow  field  and  data  measurement 
quality  ?  Both  facilities  rebuild  flow  from  frozen 
non-equilibrium  expansion  in  a  nozzle. 

In  fact  such  facilities  (conventional,  or  low 
enthalpy  or  higher  enthalpy)  have  two  major 
characteristics  :  the  first  one  is  to  be  far  from 
duplicating  the  flight  conditions,  more  and  more 
when  the  enthalpy  increases  ;  the  second  one  is  to  be 
far  from  supporting  careful  analysis  of  fundamental 
problems.  Such  analysis  requires  specific  facilities 
and  more  specific  instrumentations  and  equipments. 
So  that,  parallel  to  industrial  testing  (as  defined  in 
the  above  facilities),  is  needed  research  testing  to 
produce  reference  data  for  workshops  or  for  direct 
local  analysis  validated  by  high  level  of 
instrumentation  (e.g.  validation  of  chemical  species 
by  spectrometnc  measurements). 

So  we  can  classify  the  needed  experimental 
tools  in  three  groups  : 

-  flight  experiments  on  model  of  large  size 

-  industrial  experiments  on  model  of  small  size 

-  research  experiments  on  reference  models. 

For  validation  of  the  CFD  (now 
continuously  present  in  the  design)  specific  tests  have 
to  be  so  instrumented  that  only  research  organisation 
would  be  able  to  support  such  a  validation  process. 
The  same  can  be  said  for  large  material  testing, 
where  arc -jet  facilities  are  to  be  duplicated  by 
research  facilities. 


3.3  -  CFD  tools 

The  use  of  different  wind  tunnels  relying  on 
different  physical  strategy  for  heating  or  expanding 
flows  are  the  necessary  ingredient  for  complementary 
consolidation  of  data  (what-so-ever  the  lack  of  true 
rebuilding  of  flight  conditions).  In  the  same  way  the 
use  of  different  codes,  with  different  mathematics 
and  physics  modeling,  is  the  necessary  ingredient  for 
going  from  the  validation  of  one  method,  to  the 
evaluation  of  the  global  uncertainties  of  one  code 
compared  to  another.  So  the  European  founding  of 
Hermes  program  have  helped  to  build  the  same 
variety  of  codes  in  the  so-called  "alternate  approach" 


as  of  ground  facilities.  European  cooperation  was 
necessary  for  the  support  of  Dassault  and  INR1A  in 
organizing  the  first  international  workshops  in 
hypersonic  where  uncertainties  on  both  experimental 
and  numerical  were  evaluated. 

The  alternate  approach  in  CFD  revealed 
itself  as  very  efficient  because  differences  in  mesh, 
algorithm  and  physical  modeling  resulted  in  lower 
discrepancies  than  anticipated  and  allowed  a  rapid 
detection  of  major  clues.  Alternates  algorithms, 
meshes,  modelings  in  Hermes  program  are  therefore 
playing  an  essential  role  in  the  European  strategy, 
contributing  to  the  reduction  of  uncertainties  of 
Hermes. 


3.4  -  Cross  validation 

It  is  clear  that  pure  adjustment  to  a  family  of 
reference  experimental  test  cases  is  not  a  replacement 
to  validation  procedure.  In  fact  it  is  on  basic 
phenomena,  and  not  on  complex  ones,  that 
elementary  errors  can  be  identified. 

Figure  11  : 
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Multiplication  of  experimental  and 
numerical  workshops  gives  increased  confidence  in 
true  phenomena  rebuilding.  Unique  requirement  is 
the  variety  of  approaches  retained  in  order  that  the 
agreement  between  CFD  and  experimental  data  don't 
come  from  hazardous  coherence  but  from  a  better 
selection  of  the  more  probable  but  independent 
rebuilding  of  basic  phenomena. 

International  cooperation  is  clearly  of 
common  interest  due  to  the  cost  of  alternate  approach 
in  experimental  testing  as  in  CFD  rebuilding  of 
experiments.  Moreover  independent  results  means 
independent  teams  ! 
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4  -  THE  CHALLENGE  OF 

UNCERTAINTIES  EVALUATION 

4. 1  -  General  methodology 

Conventional  aircraft  margins  come  from 
experimental  tests  and  from  past  experiences  of  flight 
wind-tunnel  correlation.  Extrapolation  in  hypersonic 
not  relies  on  same  confidence  in  estimated  data 
obtained  by  test  data  +  CFD  computations  of  the 
test  ;  it  assumes  that  CFD  code  is  validated  by  a  set 
of  experimental  tests  checking  the  sensitivities  of 
computer  code  to  : 

1  -  geometry  changes, 

2  -  physical  -  chemical  modeling 

3  -  discrete  computation  parameters,  current  number, 
size  of  mesh...). 

Validation  of  this  approach  is  not  giving 
confidence  because  such  a  procedure  does  not 
guarantee  that  the  sources  of  the  errors  are  in  one  or 
another  of  the  three  terms.  The  only  way  for 
decreasing  the  uncertainties  is  to  eliminate  the  basic 
errors  by  large  variations  of  the  parameters  and  of  the 
tools. 

Two  approaches  can  be  followed  : 

the  first  one  is  the  "building  block"  approach, 
that  tries  to  cover  the  basic  phenomena  by  rational 
surveyy;  that  leads  to  validation  by  CFD  + 
experimental  tests  of  the  rebuilding  of  each 
phenomena  or  of  interacting  phenomena  ;  the  number 
of  blocks  is  quite  large  (see  J.  Marvin  for  such  an 
approach)  and  question  is  open  of  completeness  of 
the  blocks. 

the  second  one  is  the  'analysis  approach",  that 
tries  to  cover  just  the  phenomena  involved  in  a 
specific  design.  It  assumes  that  the  reduced  building- 
block  approach  is  well  documented  and  validated  (see 
the  International  Workshop  in  Antibes). 

Whatever  the  approach  retained  (and  the  associated 
funding),  the  major  problem  is  the  data  fusion  : 
mixing  errors  in  CFD  rebuilding  and  experimental 
data  acquisition  is  to  be  done  in  a  proper  way.  The 
method  that  is  described  below  seems  the  best  one  for 
reducing  the  uncertainties  using  a  reduced  number  of 
dedicated  experiments.  Its  assumes  clear  domains  of 
physical  modeling  (or  physical  phases)  selected  as  we 
have  done  for  Hermes. 

Assuming  that  we  wish  to  rebuild  probable 
value  and  uncertainties  around  probable  value  in  one 
of  tb  physical  domain  1  to  9,  we  will  identify  all  the 
phenomena  involved  and  check  that  the  uncertainty 
of  the  rebuilding  of  each  is  sufficiently  low  ;  then  the 
contribution  of  each  phenomena  is  added  and 
probable  uncertainty  of  experimental  data  can  be 
evaluated.  For  example  the  divergence  of  the 
flowfield  in  the  nozzle  of  wind-tunnel  due  to 
variation  in  stagnation  pressure  induces  such  or  such 


fluctuation  of  one  useful  parameter  on  Hermes 
model. 

With  CFD  rebuilding  of  the  distance 
between  different  wind  tunnels  has  to  be  proven  as 
repeatedly  rebuild.  Then  the  most  probable  data  can 
be  derived  after  elimination  of  the  probable  errors  (as 
substantiated  by  large  variation  of  the  parameters).  In 
fact,  such  strategy  needs  coverage  of  extreme 
variations  of  all  available  parameters  plus  the 
selection  of  the  point  where  derivative  is  to  be 
assessed.  If  large  discrepancies  in  derivatives  versus 
prediction  without  support  of  a  rational  explanation 
are  obtained  in  a  facility,  such  facility  cannot  be 
retained. 

Taking  into  account  a  statistic  of  same  data, 
probable  mean  values  and  experimental  uncertainties 
can  be  assessed.  It  is  an  experiment  -  experiment 
assessment. 

In  the  same  way  CFD  codes  can  be  assessed 
in  a  groups  of  codes  with  rational  explanation  for  the 
discrepancies  between  codes  and  between  numerical 
data  for  different  parameters.  It  is  a  code  -  code 
assessment. 

Now  the  problem  is  to  follow  the  Hermes 
trajectory  and  to  build  the  total  uncertainties  by 
mutual  assessment  of  the  coherence  of  errors  in  each 
phases  of  flight.  Total  sum-up  of  incertainties  will  be 
built  using  mathematical  theory  of  control. 

Assuming  that  the  physical  rebuilding  of 
true  physic  of  the  hypersonic  flight  can  be  done  with 
the  convenient  modeling,  then  we  can  associate  to  the 
flight  trajectory  n  functions  of  time  t  ;  the  n  functions 
are  all  the  discrete  local  parameters  (e.g.  the 
variables  at  all  control  points  of  a  computation)  ; 
they  are  associated  to  integral  values  as  total  forces, 
moments  or  to  local  values  as  heat  fluxes, 
temperature,  species  concentration...  The  functional 
dependency  of  a  time  t  is  valid,  as  all  modelisation,  if 
convenient  scale  of  t  is  chosen  in  modelirg  approach 
(e.g.  mean  value  for  turbulent  flows  or  collision 
integral  on  rarefied  flow)  as  related  to  physical 
quantities  (e.g.  different  temperatures...). 

Applying  the  same  modeling  to  the  flight 
and  ground  testing,  phase  by  phase,  the  rebuilding  is 
to  be  done  on  same  geometry  (reduced  scale  of 
models  or  scale  1  vehicle).  Between  points  of 
reference  we  can  build  a  tree  of  connexion.  Along  the 
main  trunk  of  the  tree,  the  true  flight  trajectory  is 
described  as  a  function  of  true  time  of  a  normal  tree 
t  ;  on  the  branches  some  parameters  are  supposed 
varying  in  the  same  physical  phase  and  in  the  same 
way  as  true  trajectories. 

So  we  can  associate  a  in  family  of 
trajectories  as  in  a  fire  work  with  multiple  fuses.  We 
can  then  apply  the  same  optimal  prediction  of  the  n 
functions  knowing  that  the  physics  don't  let  them  to 
be  random,  but  that  they  are  correlated  at  least  by 
physical  laws.  We  can  then  apply  to  PDE,  or  to 
linear  part  of  PDE  the  same  mathematical  techniques 
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as  are  used  for  LDE  when  a  Kalman  filtering  help  to 
minimize  the  predicted  parameters  of  a  trajectory. 
Such  approach  gives  more  probable  mean  value  and 
variance  of  main  parameters. 

4.2  -  Reference  points  for  Hermes 
uncertainties  evaluation 

We  take  as  a  reference  an  hypersonic  point 
of  flight  with  cold  flow  (with  perfect  gas  condition). 
We  a^  ply  the  procedure  for  assessment  of  each  wind 
tunnel  leading  us  to  a  mean  value  plus  a  law  of 
probability  of  each  experimental  point  for  a  set  of 
parameters.  With  a  set  of  numerical  codes,  for  which 
a  procedure  has  led  us  to  the  most  probable  value 
(with  infinite  discretisation  convergence...)  the 
projection  is  made  to  the  reference  point  :  shift 
estimated  goes  from  true  testing  conditions  to 
reference  conditions  (e.g  in  flight  conditions).  We 
can  use  all  the  experimental  points  for  contributing  to 
the  building  of  the  reference  point  with  a  law  of 
probability  relative  to  all  experimental  points 
translated  to  reference  conditions  ;  it  is  the  projection 
process,  controlled  as  we  have  described  in  4. 1. 

From  this  reference  point  we  can  check  if 
the  existing  flight  data  can  be  rebuild  in  the  same 
way  for  the  Orhiter  and  AEDC  facility,  for  the  Buran 
and  Tsagi  TI 17  etc...  with  other  smaller  test  articles. 

From  this  reference  point  we  can  now  follow 
the  trajectories.  Each  of  the  codes  can  : 

estimate  the  values  of  aerodynamic  - 
aerothermic  data  along  the  trajectory  in  nominal  or 
extreme  conditions. 

estimate  in  each  physical  phase  the  value  to  be 
obtained  in  other  facilities  like  F4  or  HEG 


As  large  will  be  the  variations  of  the 
parameters  we  will  cover  by  experimental  testing,  as 
better  will  be  the  substantiation  of  the  uncertainties 
by  comparison  to  computational  simulation.  On  the 
point  on  the  trajectory  will  be  done  a  ’projection'  of 
the  errors  coming  from  uncertainties  on  experimental 
as  on  theoretical  data.  Building  a  law  of  probability 
of  typical  data  (in  experimental  as  on  theoretical  side) 
it  is  then  possible  to  balance  the  results  and  the 
uncertainties  proportionally  to  the  variance  of  the 
laws  of  these  probabilities  of  experimental  and 
theoretical  data.  If  the  numerical  or  experimental  data 
are  outside  of  the  estimated  range  of  validity,  it  is  to 
be  dropped  in  the  ponderation  as  inconsistent. 
Otherwise  each  projected  point  contributes  and 
reduces  the  uncertainties  to  the  mean  root  square  of 
the  elementary  addition  and  not  to  the  pure  addition 
as  the  initial  formula  implies. 

It  is  an  extension  of  the  Kalman  filter 
approach  to  the  control  of  basic  data  along  the 
trajectory.  Such  approach  guarantees  the  optimal 
minimisation  of  uncertainties  along  the  trajectory.  It 
assumes  a  good  modeling  (random  errors  and  no 
jump  in  bias  on  the  projection  paths),  so  a  good 


rebuilding  of  physics  and  chemistry  and  of  the  flow 
field  ;  a  parallel  effort  for  validation  of  building 
blocks  involves  the  same  alternate  computation  and 
testing  philosophy. 


5  -  FINAL  REMARKS 

Challenges  for  aerothermal  and  aerodynamic 
design  of  Hermes  are  very  large  ;  but  the  diversity 
and  the  richness  of  the  experimental  and  numerical 
data  coming  from  the  variety  of  the  contributors  in 
Europe  will  finally  reduce  the  critical  discrepancies  at 
an  acceptable  level,  taking  advantage  of  all  the 
knowledge  included  in  the  simulation  process  in  each 
country.  Cooperation  in  Hermes  is  an  additive 
contribution  to  methodology  ;  that  will  increase  the 
confidence  in  cooperative  CFD-experiment  approach 
and  will  reduce  the  uncertainties.  From  then  the 
spaceplane  is  starting  to  be  improved  at  a  new 
standard  of  quality. 

So  Heimes  will  be  designed  in  a  very 
advanced  way  at  the  benefit  of  ESA  European  Man  in 
Space  Program. 


Figure  12 
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ABSTRACT 

A  Winged  Launcher  Configuration  (WLQ  in  a  Two 
Stage  To  Orbit  (TSTO)  version  has  to  fiy  through  a 
wide  range  of  Angles-of-Attack  and  Mach  numbers 
(roughly  -3‘  i  a  s  20’  and  0.2  i  Ma  s  7.0).  This  and 
the  requirements  for  horizontal  take-off  and  landing  in 
Central  Europe,  and  the  special  separation  manoeuvre  at 
a  hypersonic  Mach  number,  causes  a  wide  range  of  new 
aerodynamic  and  aerothermodynamic  problems.  Especi¬ 
ally  the  problem  of  stability  and  control  is  increased  by 
the  wide  a-Mach  range  and  possibly  strong  engine 
effects.  The  main  tasks  of  the  experimental  inves¬ 
tigations  of  a  TSTO  configuration  are  to  establish  a 
data  base  to  support  the  whole  design  process  of 
Winged  Launcher  Configurations,  to  provide  a 
validation  base  for  CFD  codes  and  to  understand  the 
very  complicated  problems  which  dominate  stability, 
control,  and  stage  separation  aerodynamics.  A  generic 
baseline  configuration  of  a  TSTO  has  been  developed  at 
MBB  (lower  and  upper  stage),  which  satisfies  all 
requirements  so  far.  To  be  able  to  test  this  configuration 
in  all  occuring  speed  regimes,  a  titanium  model  (size 
1:160)  was  manufactured  with  an  acceptable  size  to  fit 
into  most  windtunnels  for  sub-,  super-,  and  hypersonic 
Mach  numbers,  especially  at  DLR  in  Germany  and  FFA 
in  Sweden. 

The  main  part  of  the  presentation  deals  with  trends  of 
the  TSTO  configuration  in  aerodynamic  stability  a.  cl 
control  over  the  entire  Mach  regime,  showing  that  some 
aerodynamic  characteristics  change  significantly  with 
increasing  Mach  numoer.  Because  all  aerodynamic 
forces  and  moments  must  be  balanced  by  the  engine  or 
aerodynamic  controls  to  obtain  reasonable  flight 
conditions,  statements  regarding  absolute  stability  and 
control  features  cannot  be  set  up  within  this  investi¬ 
gation.  but  tendencies  can  be  given. 

Major  emphasis  is  placed  on  the  flap  efficiency  at  high 
Mach  numbers  which  exhibits  a  strongly  nonlinear 
behaviour.  The  separation  of  the  upper  stage  was 
investigated  in  a  special  test  phase,  which  shows  the 
enormeous  changes  in  longitudinal  characteristics  caused 
by  interference  effects  in  close  proximities  between 
upper  and  lower  stage. 


NOMENCLATURE 
a  /uigle-of-Attack 

e  Angle  of  incidence  between  upper  and 
lower  stage 
p  Sideslip  angle 

q  Trailing-edge  flap  deflection  angle 
q  Rudder  deflection  angle 
4  Aileron  deflection  angle 
az  Vertical  distance  between  upper  and 
lower  stage  during  separation 
L^  Total  length  of  the  lower  stage 
CL  Lift  coefficient 
Cm  Pitching-moment  coefficient 

Derivative  of  yawing  moment  due  to 
sideslip  angle  p 

C,B  Rolling  moment  derivative  due  to 
sideslip  angle  P 
CLI)  Flap  efficiency  due  to  lift 
C„,  Flap  efficiency  due  to  pitching-moment 
Efficiency  of  rudders,  yawing  moment 
C,,.  -.-  rolling  moment 

Efficiency  of  ailerons,  yawing  moment 
C,4  -.-  rolling  moment 

Boundary-layer  thickness 
C„  Pressure  coefficient  (p-pj/q_ 

Abbreviations: 

a.c.  Aerodynamic  center 

A.o.A.  Angle-of-Attack 

Re  Reynolds  number 

L.S.  Lower  stage 

U.S.  Upper  stage 


1  INTRODUCTION 

A  spacecraft  system  has  to  be  cost  effective  as  well  as 
environmentally  acceptable  already  in  the  near  future,  in 
addition  to  the  classical  requirement;  of  maximum 
payload  fractions  and  safety.  Therefore.tht  transportation 
system  must  be  fully  re-usable.  One  solution  to  these 


main  requirements  could  be  a  Wing  Launched  Carrier 
(WLC).  likely  in  a  Two  Sutge  To  Orbit  (TSTO)  version. 
The  WLC  TSTO  takes  advantage  of  the  staging 
principle  and  gains  payload  fraction  by  using  the 
atmosphere  twice:  first  as  a  lifting  medium,  and 
secondly  by  airbreathing  propulsion.  Especially  a 
European  Space  Program  has  to  look  for  geographical 
independent  solutions,  which  means  take-off  and  landing 
in  Europe.  Such  a  spacecraft  program  induces  a  number 
of  new  technical  requirements  (Fig.l): 

o  Range  flight  towards  the  equator  (or  latitude  28*) 
and  different  inclinations,  (Range  >  2*3000km) 
o  High  number  of  cycles 

o  Acceleration  and  climb  to  max.  possible  speed  and 
altitude 

(high  energy  level)  with  aiibreathing  propulsion: 
(NL.ch  =  5.. .7,  at  Alt  =  30.. .40  km.  ramjet  engine. 
Mach  =  8...  12,  at  Alt  =  40.. .50  km.  scram  jet  engine) 
o  A  safe  orbiter  launch  procedure  at  maximum  Mach 
number 

o  Horizontal  take-off  and  landing  from  existing 
conventional  runways 
o  H,  fuel  handling 

o  Minimum  ground  support,  short  turnaround  times 

These  general  requirements  themselves  cause  a  wide 
range  of  new  aerodynamic  and  aerothermodynamic 
problems.  Especially  the  problems  of  stability  and 
control,  which  are  not  completely  understood  yet,  still 
need  some  effort  to  establish  'know  how’  and  a  good 
data  base  for  design  work.  In  order  to  identify  the 
inherent  problems  of  a  WLC  system  and  the  tools 
required  for  the  design  process,  a  technology  concept 
has  been  worked  out,  including  a  windtunnel  model  of 
a  generic  hypersonic  TSTO.  The  present  test  campaign 
is  primarily  needed  for  validation  of  design  methods, 
CFD  codes,  to  establish  error  bounds,  and  to  establish  a 
database.  This  ’predesign  TSTO’  has  run  only  through 
one  design  loop  to  assure  that  weight,  propulsion  and 
size  are  not  diverging,  so  it  is  a  non  optimized  con¬ 
figuration,  designed  to  represent  only  the  most  important 
functional  items. 

The  test  campaign  was  planned  and  conducted  by  MBB 
and  performed  by  DLR  Germany,  with  facilities  at  Got¬ 
tingen,  Cologne  and  Braunschweig.  Additional 
measurements  were  started  at  FFA  in  Sweden,  but  are 
not  finished  yet,  so  that  control  effectiveness  in  the 
Mach  number  range  from  0.5  to  2.0  is  not  available  at 
the  moment. 


2.  PROBLEM  DESCRIPTION 

On  the  one  hand  there  are  some  predominant  problems 
and  special  effects  of  the  operational  configuration 
regarding  stability  and  control  which  should  be 
mentioned  first,  and  on  the  other  hand,  there  are 
problems  of  the  windtunnel  test  campaign  itself,  which 
are  described  thereafter. 


The  lower  stage  of  the  present  generic  TSTO  covers  the 
wide  range  of  Mach  numbers  from  0.2  to  7.0  and 
altitudes  up  to  40  km.  Herewith  four  characteristic  flow 
regimes  are  involved,  i.e.:  subsonic,  transsonic 
supersonic  and  hypersonic.  These  different  types  of  flow 
cause  large  changes  in  aerodynamics  and  in  engine 
effects. 

Within  that  Mach  number  range  an  aircraft  typically  has 
two  extremes  of  static  stability  in  longitudinals  and  in 
laterals:  in  transsonic  flow  it  has  maximum  stability 
whereas  at  hypersonic  speed  stability  decreases.  But  the 
center  of  gravity  cannot  be  shifted  in  an  arbitrary  range, 
to  overcome  the  FCS  problems.  The  highest  Mach 
number  defines  the  limit  of  instability  (i.e.  the  aft  c.g. 
location).  Thus  the  stability  margin  at  supersonic  speed 
is  increased  (which  means  trim  losses).  Also  control 
surface  effectiveness  shows  a  dramatic  change  from 
supersonic  to  hypersonic  speed:  in  low  speed  it  is 
usually  reducing  at  high  deflection  angles,  but  rises  at 
hypersonic  Mach  numbers,  caused  by  the  nonlinear 
growth  of  precompression  with  increasing  a,  q  and 
Mach. 

These  are  important  trends  within  the  envisaged  flight 
envelope,  globally  sketched.  But  in  detail  stability  and 
control  surface  effectiveness  in  hypersonics  are  most 
critical  to  predict  exactly,  with  windtunnel  tests  as  well 
as  with  CFD  codes,  as  the  first  shuttle  re-entry 
demonstrated  (the  flap  efficiency  had  been 
overestimated). 

This  is  due  to  the  environment  of  a  hypersonic  aircraft, 
given  by  the  altitude  in  terms  of  temperature  and 
density,  which  cause  a  great  number  of 
aerothermodynamic  problems  in  high  speed,  such  as 
temperature  rise,  real-gas  effects,  heat  transfer  effects, 
shock-boundary  layer  interactions  etc.,  which  have  an 
influence  on  stability  and  control.  The  reason  is  the  very 
low  density  at  maximum  altitude  of  only  0.3%, 
compared  to  100%  at  sea  level.  The  Reynolds  number 
within  the  flight  envelope  therefore  varies  over  almost  a 
number  of  magnitude,  from  subsonic  to  the  achieved 
hypersonic  maximum  speed. 

In  general,  the  design  of  a  TSTO  is  affected  by  the 
propulsion  integration  (i.e.  forebody  and  base  shape),  by 
the  Mach  cone,  and  by  the  integration  of  the  upper 
stage.  Figure  2  /!/  sketches  the  growing  importance  of 
the  power  plant  with  increasing  Mach  number.  The 
propulsion  package  (4  to  6  turbo-/ramjet  combinations) 
is  mounted  on  the  lower  side  of  the  fuselage  in  order  to 
take  advantage  of  the  precompressed  flow  of  the 
wing/fuselage  lower  side  and  to  use  the  rear  part  of  the 
fuselage  as  a  half  nozzle  contour.  As  a  consequence,  the 
forces  and  moments  of  the  power  plant  in  certain 
regimes  are  of  the  same  order  as  the  global  aerodynamic 
forces  and  moments.  Because  it  is  not  possible  to 
represent  a  functional  intake  of  a  turbo-/ramjet 
combination  (with  a  variable  geometry)  on  a  small 
windtunnel  model,  the  power  plant  area  is  totally 
omitted  in  the  present  windtunnel  test  campaign.  The 
forces  and  moments  resulting  horn  intake  and  nozzle 
flow  had  been  subject  of  a  different  working  group  at 
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MBB  by  CFD  calculations.  To  obtain  a  realistic  dataset 
for  the  flight  configuration,  the  power  plant  and 
aerodynamic  datasets  have  to  be  combined  by  an  exact 
bookkeeping  method.  The  consequences  should  be  kept 
in  mind  watching  Fig.3  HI,  where  the  importance  of 
the  lower  side  of  specific  lifting  surfaces  vs  Mach 
number  is  shown. 

Longitudinal  control  is  provided  by  trailing-edge  flaps 
which,  in  differential  mode,  operate  as  ailerons  for  the 
roll  control.  Double  fins  with  integrated  rudders  provide 
directional  stability  within  the  entire  a-Mach  regime. 
The  fins  of  the  upper  stage  are  located  directly  upstream 
of  the  fins  of  the  lower  stage  to  minimize  drag.  Due  to 
this  location  of  the  wing  tip  mounted  fins,  a  vortex 
interaction  with  the  strong  vortices  of  the  lower  stage 
wing  was  expected  and  had  been  one  of  the  subjects  of 
testing.  The  centres  of  gravity  of  both  stages  coincide  in 
longitudinal  direction,  to  minimize  changes  in  pitching 
moment  after  upper  stage  launch. 

Now  some  of  the  main  problems  of  the  present  wind- 
tunnel  test  are  described. 

Short  measurement  times  of  the  windtunneis  cause 
dynamic  difficulties  and  also  heat  transfer  simulation  is 
not  possible.  The  blow-down  type  windtunnel  induces 
an  excessive  amount  of  noise  to  the  flow  (which  might 
cause  boundary-layer  transition).  Tripping  is  uneffective 
at  hypersonic  Mach  numbers  so  that  the  boundary- layer 
transition  area  could  not  be  fixed.  As  already  mentioned, 
the  small  model  size  causes  problems  not  only  with  the 
power  plant,  but  also  does  not  allow  pressure 
measurements  on  wings  and  fins,  only  on  the  center  line 
of  the  lower  side  of  the  fuselage  and  at  the  base. 
Additionally,  due  to  the  size  the  Reynolds  numbers  in 
the  used  windtunneis  were  low.  The  windtunnel  tests 
had  been  laid  out  to  represent  roughly  the  total  Mach 
number  range  (up  to  Mach  6)  of  the  typical  mission, 
employing  four  types  of  windtunneis. 

The  Reynolds  numbers  (based  on  body  length)  along  the 
trajectory  are  presented  in  Fig.4,  together  with  those  of 
each  windtunnel  test  run.  This  figure  shows  differences 
between  one  and  two  numbers  of  magnitude  in 
Reynolds  number.  Herewith  the  problems  in 
understanding  the  aerothermodynamic  phenomena 
dominated  by  viscous  effects  are  aggravated. 

The  main  problem  areas  (in  particular  respect  to  vortex 
interaction  and  upper  stage  influence)  to  be  clarified  are: 

o  longitudinal  stability 
o  lateral  stability 
o  control  surface  effectiveness 
o  stage  separation  (Mach  >  6) 

The  presented  results  of  the  tested  characteristics  have 
the  following  structure: 

o  stability  of  the  baseline  configuration 
(longitudinal/lateral) 

o  control  surface  effectiveness  (longitudinal/lateral) 
o  stage  separation  (longitudinal  interference  effects) 


3.  DESCRIPTION  OF  THE  WINDTUNNEL  TEST 
CAMPAIGN 

Facilities  and  Measurement  Phases 
(s.  Fig.  4) 

The  present  results  of  the  test  campaign  are  based  on 
the  windtunnel  test  runs  in  the  following  DLR  facilities: 

WT1:  Niedergeschwindigkeits  Kanal  MUB, 
Braunschweig 

WT2:  Transsonischer  Windkanal  TWG,  Gottingen 
WT3:  Trisonikkanal  TMK,  KOln 
WT4:  Hyperschallkanal  H2K,  Kcln 

Type: 

WT1:  closed,  continuous 
WT2:  closed,  slotted,  continuous 
WT3:  closed,  (perforated),  smooth  blow-down 
WT4:  open,  blow-down,  sue -down 

Some  of  the  tests  were  realized  by  a  contribution  of  the 
DLR  budget,  which  is  greatfully  acknowledged. 

Facilities  Main  Data: 


Mach 

A.o.A. 

Reynolds 

range 

n 

number 

(‘10s) 

WT1 

0.1  to  0.4 

-5.  to  20. 

12  to  42 

WT2 

0.5  to  2.0 

-2.  to  12. 

32  to  5.8 

WT3 

0.4  to  0.5 

-2.  to  12. 

6.5  to  15. 

0.5  to  1.15 

-2.  to  12. 

15.  to  20. 

1.6  to  4.0 

-2.  to  12. 

15.  to  40. 

WT4 

6.0 

-5.  to  10. 

0.5  to  3.4 

Balance:  0.75"  Task  Abie  Strain  gauge  ('extended 

range') 

Windtunnel  Model 

Size:  1:160 

Material:  Titanium 

Controls:  Flaps  and  rudders  with  fixed  deflection  angles 

Model/flight  configuration  differences: 

o  the  base  contour  is  filled  in  the  nozzle  area  to  allow 
conventional  sting  mounting 

o  the  power  plant  package  (turbo-Aamjet  combination) 
is  completely  omitted,  except  the  engine  side  walls  to 
provide  an  appropriate  representation  of  the  power 
plant  in  sideslip 


I 
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A  sketch  of  the  model  is  given  in  Fig.5,  including  the 
separation  measurement  principle. 

Tripping: 

Measurement  phases  I:  generally  none 
H: 

Additional  phases: 

WT2  K1  Ballotini 

0.3  mm  4>  (upper  side) 

WT3  K2  Karbomnd  120 

K3  Karborund  60 
(K2/K3:  upper-  & 
lower  side  &  nose) 


4.  RESULTS 

4.1  MAJOR  TRENDS  AND  EFFECTS  ON 
STABILITY  AND  CONTROL: 

Clean  Configuration 

•  Longitudinals 

A  very  prominent  influence  of  the  upper  stage  on  the 
pitching  moment  behaviour  was  identified  in  windtunnel 
testing  as  well  as  in  CFD-calculation.  This  influence 
depends  strongly  on  the  A.o.A.  (Fig.  6):  Comparing  the 
pitching  moment  characteristics  in  the  supersonic  Mach 
regime  for  the  configuration  with  and  without  the  upper 
stage,  one  can  observe  a  significant  amount  of  pitch  up. 
induced  mostly  by  the  compression  in  the  rear  part  of 
the  open  bay.  This  area  is  located  rearward  of  the 
moment  reference  point  and  therefore  the  pressure 
distribution  yields  a  pitch-up.  Additionally,  a  suction 
peak  occurs  forward  of  the  a.c.  due  to  the  changed 
contour  without  upper  stage.  This  influence  of  the  open 
bay  is  clearly  reduced  with  increasing  A.o.A.  and  it 
nearly  vanishes  for  hypersonic  Mach  numbers  greater 
than  6  and  a  >  5'.  where  separation  of  the  upper  stage 
will  take  place  (compare  subsketch  in  Fig.6).  For  con¬ 
firmation  an  additional  figure  is  shown  with  the  pressure 
coefficient  on  the  center  line  on  the  upper  and  lower 
side  of  the  configuration  (Fig.7)„  at  a  >  5"  and  Mach  2, 
/3/.  The  pressure  distributions  only  show  a  small 
difference  on  the  lower  side  at  the  rear  part  of  the 
fuselage,  whereas  the  upper  side  Cp-distribution 
demonstrates  the  reason  for  the  positive  pitching 
moment  increment  for  the  configuration  without  upper 
stage:  A  relatively  broad  suction  peak  in  front  of  the  a.c. 
and  a  positive  Cp  behind,  acting  both  as  pitch-up 
increment. 

The  difference  in  stability  margin  is  not  that 
dramatically  influenced  by  the  upper  stage  (Fig.8):  at 
subsonic  speed  the  configuration  without  upper  stage  is 
only  0.3%  less  stable  and  in  supersonic  regime  above 
Ma  1.5  it  is  about  0.7%  more  stable.  The  configuration 


with  the  upper  stage  is  neutrally  stable  at  Mach  32  at 
zero  A.o.A.,  but  stability  increases  above  Mach  4  with 
increasing  A.o.A.. 

•  Laterals 

Directional  stability  decreases  with  increasing  Mach 
number,  as  expected,  very  similar  due  to  the  behaviour 
of  and  related  to  Mach  number,  the  fins  acting 
as  wings  in  toms  of  (1.  Therefore  the  maximum  Mach 
number  of  the  flight  envelope  determins  the  size  of  the 
vertical  fins  (Fig.9).  This  figure  also  shows  a  well 
known  behaviour  of  vs  A.O.A.:  In  subsonic  speed, 
the  flow  on  the  upper  side  of  the  wing  is  accelerated 
with  increasing  A.O.A.  so  that  the  efficiency  of  the  fins 
is  augmented.  In  the  supersonic  speed  regime  the  shock 
shaded  parts  of  the  fins  naturally  grow  with  A.oA.  and 
efficiency  is  linearily  reduced.  It  is  supposed  that  the 
divergence  tendency  in  hypersonic  Mach  regime  above 
Mach  5  is  somewhat  recovered  by  the  side  walls  of  the 
engine  package,  which  have  about  30%  of  the  area  of 
the  fins  in  lateral  projection  and,  therefore,  have  the 
effect  of  dorsal  fins.  Together  with  the  lower  side  of  the 
wing  they  produce  a  comer  flow  in  sideslip,  which  may 
either  reduce  its  stability  by  flow  separation  or  amplify 
it  by  a  small  precompression  effect  at  high  Mach 
numbers  at  a  combination  of  A.o.A.  and  sideslip  angle 
(both  in  the  order  of  5"). 

There  is  a  surprising  influence  of  the  upper  stage  on 
directional  stability:  Within  the  whole  tested  speed  range 
the  upper  stage  reduces  stability.  This  means  that  the 
amount  of  stability  produced  by  the  fins  of  the  lower 
stage  alone  is  greater  than  that  of  the  fins  of  both 
stages.  (The  influence  of  the  upper  stage  obviously 
diminishes  at  maximum  Mach  number  near  6  or 
slightly  above  (and  a>5‘).  where  the  configuration 
becomes  unstable.)  This  result  was  quite  opposite  from 
what  was  predicted,  though  interference  effects  were 
taken  into  account  for  a  first  estimate.  The  upper  stage 
as  well  as  the  lower  stage  on  their  own  were  designed 
to  be  stable.  So  globaly  only  interference  effects  might 
cause  the  reduction.  Two  reasons  are  considered  so  far. 
Probably  the  upper  stage  forebody  (incl.  the  coverage) 
produces  more  destabilizing  effects  by  interfering  with 
the  forebody  of  the  lower  stage  than  expected.  A  second 
assumption  is  a  strong  flow  straightening  effect  by  the 
upper  stage  fins  on  the  lower  stage  fins  located  in  the 
same  plane.  All  these  effects  act  together.  Despite  these 
considerations,  natural  directional  stability  is  attainable 
by  a  configuration  of  the  investigated  TSTO  type  with 
a  back  mounted  second  stage. 

In  general.  Cw  is  mostly  dependent  on  the  wing 
pianform  and  therefore  coupled  with  the  lift  slope  of  the 
wing  (Fig.  10).  The  measurements  confirmed  the 
expected  linear  behaviour  of  C,s  vs  a,  so  this  coefficient 
can  be  separated  into  a  *  fach  dependent  and  an  a-Mach 
dependent  contribution,  i.e.:  C,p  +  C^a.  The 
characteristics  of  the  first  term  (vs  Mach)  was  estimated 
very  well  by  handbook  methods,  but  the  measurements 


3-5 


did  not  meet  the  predicted  values.  The  above 
mentioned  additional  stabilizing  effect  of  the  power 
plant  sidewalls  on  directional  stability  would  have  the 
opposite  effect  on  C$.  Unfortunately  the  configuration 
was  not  measured  without  the  engine  side  walls  to  state 
this.  Again  the  configuration  with  the  upper  stage 
demonstrates  less  stability  in  comparison  to  the  lower 
stage  solo.  The  reasons  are  assumed  to  be  mostly  the 
same  as  for  C*  On  the  other  hand,  the  A.o.A. 
dependent  part,  i.e.  C,^,  gains  more  with  increasing 
A.o.A.  than  predicted.  In  the  supersonic  region  above 
Mach  2  (with  the  upper  stage)  at  zero  angle,  the 
behaviour  is  indifferent,  which  means,  that  the  surfaces 
above  and  below  the  a.c.  point  are  facing  the  side  flow 
in  equivalent  portions  and/or  compensation  of  all 
stabilizing  and  destabilizing  effects  takes  place  (compare 
for  example  the  small  anhedral  of  the  wing  and  the  fins 
working  against  each  other).  A  note  should  be  given  at 
that  point:  The  measurements  with  sideslip  angle  (i  were 
carried  out  without  any  tripping,  so  that  transition  was 
not  fixed  and  Reynolds  number  effects  are  possible. 
Compare  the  presented  curves  of  C,g  (Ma)  (Fig.  10)  and 
the  Reynolds  number  curves  vs  Mach  number  (Fig.4).  A 
Reynolds  number  difference  by  factor  3  from  WT2  to 
WT3  results  in  an  A.o.A.  dependent  gap  in  the  Cip* 
curve.  C^,  shows  the  same  (but  rather  weak)  tendancy, 
so  mostly  this  effect  is  attributed  to  the  wing  lift.  The 
difference  of  ARe  -  107  occurs  in  a  critical  transitional 
range,  concerning  boundary-layer  flow  and  therefore 
may  have  an  influence  on  separation.  Additionally,  in 
the  low  supersonic  speed  range  the  wing  produces  a 
very  well  established  system  of  vortices  along  the  lead¬ 
ing  edge  (a>4*).  The  higher  Reynolds  number  of  the 
WT3  allows  the  vortex  generation  only  at  higher  A.o.A., 
but  then  it  is  located  further  outboard  of  the  wing  and 
produces  more  rolling  monent  power  than  the  low 
Reynolds  number  vortex.  T.iis  might  be  an  additional 
a-Re  dependent  effect. 

General  Remarks  on  Flap  Efficiency  at  Hypersonic 
Speed 

The  efficiency  of  any  kind  of  controls  at  hypersonic 
speed  is  influenced  by  viscous  effects.  In  general  the 
Reynolds  number  of  the  involved  boundary- layer  of  a 
TSTO,  as  already  mentioned,  is  by  about  a  number  of 
magnitude  lower  at  high  speed  compared  to  low  speed. 
Additionally,  very  strong  shock  waves  exist  on  and  near 
deflected  flaps.  In  those  regions  also  strong  shock 
boundary-layer  interactions  occur  and  the  induced  flow 
separation  (in  this  case  i.e.  mostly  boundary-layer  se¬ 
paration)  may  increase,  reduce  or  completely  delete  the 
control  surface  effectiveness.  The  pressure  distribution, 
for  example,  along  a  deflected  flap  can  have  remarkable 
jumps  at  separation  lines  and  also  in  the  reatuchment 
areas. 

Generally  the  separated  flow  is  affected  by  the  state  of 
the  boundary-layer,  i.e.  laminar,  transitional  or  turbulent. 
Separation  characteristics  of  main  interest  are  flap 
effectiveness,  pressure  rise  and  the  extension  of  the 


separation  region.  But  the  separation  phenomena  are 
vety  difficult  to  predict  and  also  to  find  experimentally. 
Future  measurements  should  focus  on  this  problem  and 
infrared  measurement  techniques  could  probably  give 
answers  to  details. 

The  sketch  in  Fig.  11.  taken  from  DATCOM  /4/,  gives  a 
two-dimensional  scheme  of  the  mechanism  of  separation 
and  the  correlated  global  pressure  rises  in  laminar  and 
turbulent  flow.  Laminar  flow  separates  earlier,  caused 
by  adverse  pressure  gradient  along  the  surface,  than  the 
turbulent  one.  The  laminar  separation  zone  may  extend 
10  times  further  than  the  turbulent  one.  This  is  due  to 
the  higher  comparability  of  adverse  pressure  gradients  of 
the  turbulent  boundary.  The  turbulent  pressure  rise  is 
able  to  reach  twice  the  value  of  the  laminar  one.  The 
long  separated  region  of  the  laminar  flow  reduces  con¬ 
trol  power  of  the  deflected  flap. 


Flaps  &  Rudders 
•  Longitudinals 

Figure  12  illustrates  the  typical  change  in  the  behaviour 
of  trailing-edge  flap  efficiency  in  the  transition  region 
between  super-  and  hypersonic  Mach  numbers: 
Increasing  the  Mach  number  in  the  supersonic  regime 
up  to  Mach  2+,  efficiency  decreases  with  increasing  flap 
deflection  angle  in  a  well  known  manner.  Further  in¬ 
crease  in  Mach  number  causes  a  characteristical  change 
in  the  following  way:  with  positive  A.O.A.  and  positive 
deflection  angle  efficiency  is  increased  nonlinearly  by 
precompression  of  the  lower  side  of  the  wing.  It  is  a 
function  of  A.O.A..  flap  deflection  angle  T|  and  Mach 
number,  and  was  detected  to  start  above  Mach  2  in  the 
measurements. 

In  the  case  of  the  measurements  in  WT4  it  is  assumed 
that  most  parts  of  the  model  boundary-layer  were 
laminar.  The  selected  combinations  of  A.o.A.  and  flap 
deflection  angle,  presented  in  Fig. 12  vs  Mach  number, 
therefore  probably  exhibit  an  exaggerated  reduction  in 
efficiency  at  Mach  6.  The  reasons  are  assumed  to  be 
either  the  described  separation  influence  or 
boundary-layer  thickness:  between  Mach  4  in  WT3  and 
Mach  6  in  WT4  there  is  a  Reynolds  number  reduction 
by  a  factor  of  10.  Even  if  at  both  Mach  numbers  the 
boundary-layer  in  the  flap  area  was  turbulent,  the 
boundary  layer  at  Mach  6  is  thicker  (8gj_  -  (Re)lrt), 
which  reduces  the  efficiency  as  welL  The  dependance  of 
the  flap  efficiency  C„,  vs  Mach  and  A.o.A  is  sketched 
in  Fig.  13.  A  transitional  line  with  the  described  change 
in  the  behaviour  of  the  efficiency  is  presented, 
dependent  on  A.o.A.  and  Mach  number.  This  result  is 
preliminary,  because  especially  on  the  flight 
configuration  some  more  reducing  and  also  amplifying 
effects  must  be  taken  into  account  Also  investigations 
concerning  the  state  of  the  boundary-layer  in  the  flap 
area  should  be  carried  out  next. 

Fig.  14  offers  an  example  of  the  measured  values  of  CL„ 
and  Cm  at  Mach  2.  which  demonstrates  a  strong  inter- 
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ference  effect  at  -10*  flap  deflection  angle.  This  inter¬ 
ference  effect  is  attributed  to  a  flap-vortex  interaction  as 
the  vortex  core  is  located  directly  above  the  flap.  This 
tendency  was  also  seen  at  lower  or  higher  Mach 
numbers  in  the  supersonic  speed  regime. 


-  Laterals 
Rudders:  C*.,  C*. 

The  rudder  effectiveness  was  determined  at  a  deflection 
angle  of  <;=10*  (Fig.  15).  At  zero  A.o.A.  the  prediction 
for  C„.  (configuration  with  upper  stage)  in  supersonic 
speed  coincides  with  measurement.  Usually  the  inter¬ 
ference  between  upper  and  lower  stage  is  more  difficult 
to  predict,  especially  at  higher  A.o.A.,  because  of  flow 
separation  and  wake  impingement  on  the  rudders.  Both, 
the  direct  and  the  coupled  derivatives  are  reduced  by  the 
presence  of  the  upper  stage,  very  similar  for  example  to 
the  directional  stability  behaviour.  The  part  of  the 
balance,  which  is  responsible  for  the  coupled  derivative 
C1(.  (rolling  moment  coefficient)  was  at  its  lowest 
sensitivity  limit,  the  absolute  values  in  hypersonics  for 
example  only  reach  I  O'5.  At  an  A.o.A.  of  10'  and  <5=  10' 
the  upper  stage  interference  may  cause  a  change  in  sign 
in  C,;  at  Mach  numbers  above  2.5  (Fig.  1 5).  This  case 
should  be  carefully  investigated. 


4.2  OTHER  EFFECTS 
-  Separation  of  Upper  Stage 

The  nominal  separation  procedure  (s.  Fig.  16)  is 
supposed  to  take  place  at  a  Mach  number  between  6  and 
7  and  an  altitude  between  35  and  40  km  in  a  pull-up 
zero-g  procedure.  For  a  safe  stage  separation  it  might  be 
necessary  to  support  the  procedure  by  a  lifting  holder 
mechanism,  to  avoid  an  uncontrolable  pitching  moment 
behaviour  of  the  upper  stage  by  interference  effects.  The 
windtunnel  test  was  performed  in  WT4  at  Mach  6.0 
with  two  different  balances  for  the  upper  and  the  lower 
stage  (s.  Fig.  5).  The  actual  Reynolds  numbers  were 
1 .8*  10s  and  3.4*  10s  in  two  test  campaigns.  At  this  fixed 
Mach  number  the  longitudinal  behaviour  of  both  stages 
was  investigated  by  variing  three  parameters:  A.o.A., 
incidence  angle  e  =  a(*  between  both  stages  and  the 
vertical  distance,  related  to  the  body  length  (az/1,^). 
The  kinematics  of  the  upper  stage  during  separation  are 
described  by  rotation  and  translation  (e+  az).  In  Fig.  17 
and  18  the  most  outstanding  interference  effects  are 
summarized.  The  lift  increments  of  the  upper  stage 
resulted  in  always  positive,  upward  directed  values.  The 
lift  of  the  lower  stage  is  affected  only  marginally.  The 
pitching  moments  of  both  stages  demonstrate  a  strong 
dependance  on  all  parameters,  i.e.  versus  A.o.A..  e,  az. 
At  c  t  4*  a  nose  down  tendency  in  Cm  occured  at  a 
small  value  of  az  (i.e.  very  close  proximity).  Therefore 


the  holder  mechanism  might  be  necessary. 

When  az  is  increased  and  the  upper  stage  is  still 
connected  by  the  holder,  lift  and  drag  components  of  the 
upper  stage  (and  pitching  moment)  cause  an  additional 
pitching  moment  contribution  on  the  lower  stage  (s.  Fig. 
19).  The  maximum  possible  az  and  e  values  therefore 
are  limited  by  the  lower  stage  flap  efficiency  of  the 
positively  deflected  flaps  and  its  heat  load  resistance. 
The  gap  between  lower  and  upper  stage  during  separati¬ 
on  produces  a  lot  of  interference  effects  by  shock 
boundary-layer  interactions,  similar  to  a  nozzle  flow, 
which  only  can  be  investigated  in  detail  by  high 
sophisticated  CFD  calculations.  No  more  interaction  is 
possible  above  a  distance  of  az/Ib^-0.2  and  t  s8', 
due  to  the  narrow  Mach  cones  at  Mach  6.  The  DLR  is 
preparing  further  measurements  for  WT4  with  ihe 
possibility  of  continuously  variing  a,  e  and  az,  and  ad¬ 
ditionally  with  a  second  hypersonic  windtunnel  nozzle  at 
Mach  7.  Fig.20  offers  a  Schlieren  picture  series  at  a=0‘, 
£  =  2*  and  different  az,  from  which  interference  areas 
of  both  stages  are  easy  to  identify. 


-  Comparison  to  Approximative  Methods 

Most  of  the  longitudinal  and  lateral  characteristics  have 
been  determined  by  handbook  methods  (total  Mach 
range)  and  by  the  HYP3  code  (Mach  >  2)  /5/  during  the 
very  first  design  phase.  Fig.21  shows  the  panel  model  of 
the  TSTO  that  was  used  in  the  calculation  with  HYP3. 
The  code  was  developped  at  MBB  and  is  based  on  dif¬ 
ferent  impact  methods.  Fig.21  also  includes  the  plotted 
values  of  pitching  moment,  as  calculated  by  HYP3  and. 
for  comparison,  as  measured  in  WT3  at  Mach  numbers 
2,  3,  and  4.5.  Tendencies  are  predicted  well,  but 
absolute  values  in  some  cases  are  not  reliable.  This  is 
due  to  the  simplified  methods  which  calculate  pressure 
and  coefficients  of  the  entire  configuration  well  and 
only  locations  with  strong  interactions  are  not 
represented  correctly. 


5.  CONCLUSIONS 

A  windtunnel  investigation  has  been  performed  at  DLR 
facilities  with  a  generic  WLC-TSTO  wind  tunnel  model, 
designed  at  MBB,  within  a  Mach  number  range  from 
0.2  to  6.0  and  an  A.o.A.  range  from  -2*  to  12*.  Major 
emphasis  was  placed  on  stability  and  control  in  the  su¬ 
per-  and  hypersonic  Mach  range  up  to  Mach  6. 
Additionally,  the  separation  procedure  was  investigated 
in  a  first  step.  Due  to  the  differences  between  the  wind 
tunnel  model  and  the  flight  configuration,  above  all  in 
Reynolds  number,  and  also  some  substantial 
shortcomings  of  the  model  and  the  involved  facilities, 
only  tendencies  could  be  given. 

Based  on  the  results  of  this  investigation  the  following 
conclusions  were  made: 
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1.  The  wide  Mach  number  range  (0.2  to  7.0)  and  the 
requirement  for  horizontal  takeoff  and  landing  causes 
a  substantial  shift  of  the  aerodynamic  center  with 
maximum  stability  at  Mach  1.2  and  minimum  stability 
at  Mach  number  7.  The  total  difference  between  these 
extremes  is  about  10%,  based  on  body  length.  A 
retractable  canard  might  therefore  be  necessary  to 
compensate  in  low  speed  and  in  the  transsonic  Mach 
range. 

2.  The  upper  stage  in  most  cases  reduces  stability  in 
longitudinals  and  in  laterals.  This  is  due  to  the 
interference  effects  between  upper  and  lower  stage, 
caused  by  flow  separation  and  vortex  interactions  on 
the  upper  side  of  the  configuration  with  increasing 
A.o.A.  In  total,  natural  stability  is  achieved  within  the 
concerned  a-Mach  range  (longitudinal/lateral),  except 
some  extreme  combinations  of  a.  q,  q  and  Mach, 
which  should  be  subject  of  further  investigations. 

3.  The  flap/aileron  efficiency  turned  out  to  be  a 
complicated  function  of  a,  tj,  and  Mach:  From  low 
speed  to  supersonic  speed,  flap  efficiency  generally 
decreases  with  a  or  q,  but  in  hypersonic  Mach  regime 
it  increases  with  positive  a,  q -values  and  with  Mach 
number.  Additionally,  the  Reynolds  number  affects  the 
flap  efficiency  in  a  noticeable  manner  by  separation 
effects  at  hypersonic  Mach  numbers,  which  are 
different  between  laminar  and  turbulent  flow. 
Additional  measurements  should  focus  on  this 
problem  involving  infrared  measurement  techniques. 

4.  The  separation  procedure  at  Mach  number  6 

demonstrated  a  strong  influence  on  the  upper  stage, 
resulting  in  lift  increments  always  directed  away  from 
the  lower  stage,  but  in  a  nose  down  pitching  moment, 
dependent  on  vertical  distance  to  the  lower  stage  and 
on  the  incidence  of  the  upper  stage  with  respect  to  the 
lower  stage.  The  lower  stage  receives  an  additional 
increment  of  positive  pitching  moment  by  induction  of 
the  upper  stage  lift,  drag  and  moment  when  both 
stages  are  connected  by  a  holder  within  the  first 
separation  phase.  Flap  efficiency  of  the  lower  stage 
and  heat  load  to  the  holder  play  the  limiting  role  to 
the  maximum  allowable  vertical  distance  in  connected 
mode. 

5.  Handbook  methods  and  the  involved  predesign  code 
HYP3  were  considered  adequate  for  preliminary  esti¬ 
mation  of  longitudinal  and  lateral  coefficients  and 
derivatives,  as  far  as  the  characteristics  stay  within  the 
linear  range  and  no  extreme  combinations  of  A.o.A. 
and  positive  flap  deflection  angles  at  high  Mach 
numbers  are  concerned.  Interference  effects  generally 
are  very  difficult  to  predict  and  in  some  cases  the 
measurement  resulted  in  just  the  opposite  behaviour  to 
the  prediction. 
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Fig.  I  Lift  Contributions  of  Lower  &  Upper  Side  of  Lifting  Surfaces  vs  Mach  Number,  after  HI 
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Fig.6  Basic  Pitching  Moment  Characteristics, 
With  and  Without  Upper  Stage 


Fig. 
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Fig.8  Location 


Fig.9  Directional  Stability  Qti-  Influence  of  A.o.A  and  Upper  Stage 


Fig.  10  C,„.  Influence  of  A.o.A.  and  Upper  Stage 
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Fig.2 1  Comparison  of  Measurement  and  Calculation  (Approx.  Method  HYP3)  in  Pitching  Moment  at  Supersonic 
Mach  Numbers  15/ 
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ABSTRACT 

In  this  paper,  an  inviscid  numerical  method  has  been 
developed  to  simulate  the  flow  through  each  compo¬ 
nent  of  a  scramjet  engine.  We  will  emphasize  the  ef¬ 
fects  due  to  non  ideal  gas  assumption  and  to  //2/ air 
chemistry  on  the  performance  of  air  intakes  and  noz¬ 
zles. 

1.  INTRODUCTION 

The  exponential  growth  of  computer  speed  and  stor¬ 
age  capacity  as  well  as  algorithm  sophistication  has 
allowed  the  application  of  advanced  numerical  meth¬ 
ods  to  practical  design  problems  in  many  engineering 
disciplines  such  as  fluid  dynamics.  More  and  more 
use  is  being  made  of  numerical  methods  in  analysing 
complex  flow  fields  than  has  been  possible  in  the 
past.  The  recent  resurgence  of  interest  in  devel¬ 
oping  hypersonic  airbreathing  aircraft  and  missiles 
has  resulted  in  a  significantly  increased  effort  focused 
on  the  development  of  supersonic  combustion  ram- 
jet(scramjet)  engines.  A  scramjet  engine  consists  of 
an  air  inlet,  a  combustion  chamber  and  an  exhaust 
nozzle  Of  v;tal  importance  to  engine  propulsive  ef- 
-iency,  and  hence  vehicle  payload  capacity,  is  the 
precise  optimization  of  the  aerodynamic  design  of  the 
scramjet  engine  and  its  components.  Modern  com¬ 
putational  methods  allow  the  direct  simulation  of  the 
flow  field  in  a  reasonably  efficient  way.  Intelligent  use 
of  such  capability  can  be  very  helpful  in  eliminating 
the  poorer  designs  and  allowing  promising  configura¬ 
tions  to  be  developed  with  less  reliance  on  extensive 
wind  tunnel  testing. 

In  this  paper,  we  will  deal  particularly  with  a  dis¬ 
cussion  of  the  effect  due  to  non  ideal  gas  assump¬ 
tion  and  to  Hi! air  chemistry  on  the  performance 
of  air  intakes  and  nozzles.  Our  purpose  is  to  un¬ 
derstand  qualitatively  the  role  that  chemistry  plays 
in  a  hypersonic  engine  rather  that  to  obtain  quan¬ 
titative  predictions  of  actual  scramjet  performance. 
Consequently,  we  have  decided  in  favour  of  an  invis¬ 
cid  numerical  method  to  simulate  the  flow  through 
each  components  of  a  scramjet  engine  and  evaluate 
its  performance. 

For  an  ideal  gas  (calorically  perfect  gas),  the  effi¬ 
ciency  parameters  of  the  air  intake  (total  pressure 
recovery,  kinetic  energy  efficiency,  etc.)  can  be  ex¬ 


pressed  by  the  usual  relations  taking  into  account  ‘he 
Mach  number  and  the  specific  heats  ratio.  But,  the 
design  of  an  inlet  for  hypersonic  application  will  re¬ 
quire  the  consideration  of  deceleration  and  compres¬ 
sion  induced  temperature  effects  that  are  beyond  the 
range  of  validity  of  the  ideal  gas  model.  A  sound  the¬ 
oretical  assessment  of  inlet  performance  must  ther  - 
fore  take  into  account  for  caloric  imperfections,  such 
as  the  vibrational  molecular  motion.  In  particular, 
we  show  that  the  complexity  of  the  calorically  im¬ 
perfect  gas  model  does  not  lend  itself  to  the  same 
explicit  equations  as  the  ideal  gas  model. 

At  last,  a  sensitivity  analysis  on  parameters  which  in¬ 
fluence  the  combustion  of  //2+air  is  performed.  This 
analysis  examines  the  effects  vt  combustion  efficien¬ 
cies  by  varying  various  flow  parameters  in  order  to 
help  identify  conditions  for  maximum  chemical  yield 
and  thrust. 

2.  F\OW  MODELIZATION 
2.1  Euler  equations 

The  two-dimensional  invistid  gas  dynamic  equations 
can  be  expressed  in  conservation  law  form  as: 

d\V  — «•  — ► 

—  +V  F(W)  =  0  (1) 

where  the  unknown  YV  and  the  flux  vector  F  ~ 
(F,G)  are  given  by 
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respectively.  Here  p,  uT  =  (w,r),  e(,  p  and  h,  denote 
the  mass  density,  the  velocity  vector,  the  total  energy 
per  unit  mass,  the  pressure  and  the  total  enthalpy 
per  unit  mass.  The  total  enthalpy  is  expressed  as 

ht  =  ei  -4 —  (2) 

P 

The  pressure  is  in  general  related  to  the  flow  variables 
by  an  equation  of  state  of  the  type: 

P=/(p.e)  (3) 

where  e  =  e,  —  -||  tn  ||2  is  the  internal  energy  per  unit 
mass. 
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2.2  State  equation 

We  can  describe  the  modelization  of  a  real  gas  as  a 
mixture  of  perfect  gases  which  are  subject  to  chemi¬ 
cal  reactions.  The  state  law  must  take  into  account, 
on  one  hand,  the  species  composition  and,  on  the 
other  hand,  the  excitation  of  internal  degrees  of  free¬ 
dom  of  atoms  and  molecules  (translation,  rotation, 
vibration). 

The  internal  energy  takes  then  the  form 

t  =  jr  he,  =  £;  y&iT+jr  */.?+£;  w 

i=1  i=l  i=l  ,=1 

In  this  formula,  /i°,  Vi,  and  C„,  represent  the  energy 
of  formation,  the  mass  fraction  and  the  specific  heat 
at  constant  volume  of  species  respectively.  Note, 
that 

{(3/2 )/?,-  for  atoms 

(5/2)/?,  for  diatomic  molecules 
(7/2)/?,-  for  triatomic  molecules 

where  /?,  =  71/ mt  is  the  gas  constant  for  species  i; 
71  is  the  universal  gas  constant  and  m,  is  the  molar 
mass  of  the  species  i.  Moreover,  e'/'b  represents  the 
vibrational  energy  for  molecules  which,  if  we  assume 
a  gas  in  vibrational  equilibrium  takes,  the  form 

where  Oj  is  the  characteristic  vibrational  tempera¬ 
ture  of  the  /th  vibrational  degree  of  freedom  of  the 
molecular  species  /  and  nli  represents  the  number  of 
these  degrees  of  freedom.  Using  Dalton’ s  law,  the 
pressure  is  given  by 


l>  =  PtYj  Yilii  (6) 

<  =  i 

Kqs.  (d)  and  (ti)  lead  to  the  following  expression  for 
I  he  specific  enthalpy 

nt  rii  n.«  m 

i,  s  y’h>  =  Y  v,ci,,r + Y  Y>ti + Y  w' (7) 

i=i  i=i  i=i  i=i 

where  Cri  =  C„i  +  /?,. 

We  can  finally  introduce  the  following  alternatives 
for  the  definition  of  the  r  atio  of  specific  heats: 


.  C«  (Oh  01  )v  ....  .  , 

1.  7  5  -rf-  =  ...  which  is  the  true  ratio  of 

G„  (Oc/dl  )„ 

specific  heats  (definition). 

2.  7  =  1  +  —  which  is  an  ”equivalent-7”  relating 

pc 

pressure  to  internal  energy  and  density. 

,  pc* 

3.  7  =  —  which  is  an  "equivalent^”  relating 
sound  velocity  to  pressure  and  density. 


z:=.  Yi(dht/jp 


which  represents  the  ra- 


'  "  El".  Udet/dT) 

tio  of  specific  heats  of  the  frozen  flow. 


For  an  ideal  gas  (calorically  perfect  gas),  all  these 
definitions  leads  to  the  same  value  for  the  specific 
heats  ratio.  In  pa'  icular,  for  air, 

7  =  7  =  7  =  7=  1.4 

But,  in  the  case  of  a  general  reactive  mixture,  these 
values  can  be  ier>  different  from  each  other. 

2.3  Finite  rate  chemical  model 
The  chemical  model  adopted  considers  nine  species, 
namely  O,  N ,  NO,  O2 ,  At 2.  71,  OH  H2O  and  77 2 
(which  will  be  characterised  by  the  subscripts  1  to 
9),  and  33  chemical  reactions: 

N2/O2  Mechanism 

O2  T  hi  . — -  O  d-  0  T  A/ 

N2  +  M  =i  N  +  N  +  M 

NO  +  M  —  N  +  0  +  M  (8) 

N2  +  O  —  NO  +  At 
NO  +  O  =  At  +  O2 

where  M  =  O.N,N(  .0,,N2. 

77i/Oi  Mechanism 

011  +  172  —  ’hO  +  H 

II  +  O2  —  II +  0 

O+lh  ~  II +  H 

Oil  +OII  =  O+II2O  (9) 

//  +  //  +  A'  —  lh  +  M 
17  +  O  +  A.  -  OH  -I  M 
H  +  Oil  +  Ai  s=  H2O  +  M 

where  M  =  // 2 ,  ()■>,  H->,  I  \0. 

The  composition  of  the  mixture  is  defined  by  the  val¬ 
ues  of  the  mass  fractions  V).  Because  of  the  assump¬ 
tion  of  a  mixture  in  thermodynamic  non-equilibrium, 
the  mass  fractions  are  inferred  from  the  conservation 
of  mass  for  each  species  i  which  is  expressed  by 

rj 

y.  n-)  +  V-(/»y(«?)  =  n,  (io) 

where  f?,  is  the  mass  production  rate  of  species  i 
(production  term).  We  note  that  if  the  lengthscale 
characteristic  of  chemical  relaxation  phenomena  is 
smaller  than  the  geometrical  lenghtscale,  or  equiv¬ 
alently,  if  the  characteristic  mescale  <  f  chemistry 
is  much  smaller  than  the  characteristic  *  imescale  of 
fluid  motion,  Eq.  (10)  reduce:  to  the  algebraic  sys¬ 
tem 

n,  =  0 

which  define  the  equilibrium  stnte.  The  inverse  situ¬ 
ation  corresponds  to  the  limit,  for  which  the  effect  of 
the  production  rate  f?/  is  negligible  in  ’he  flow  field, 
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so  that  the  species  are  simply  convected.  This  evi- 
dentiates  the  different  behaviours  that  may  assume 
a  flow  in  chemical  nonequilibrium. 

For  each  of  the  33  reactions  listed  in  (8)  and  (9),  the 
forward  sense  is  indicated  by  the  left-to-right  arrow, 
and  the  net  rate  is  the  difference,  Rnet  =  ( Rj  —  Rr), 
between  individual  forward  and  reverse  rates,  Rj  and 
Rr,  respectively.  The  coefficients  that  multiply  the 
corresponding  concentrations  in  these  terms  are  kj 
and  kr  which  are  represented  by  highly  nonlinear 
functions  of  the  temperature.  These  coefficients  have 
been  taken  from  [1]  for  the  Ni/Oi  mechanism  and 
from  [2]  for  the  // mechanism. 

For  inviscid  flow,  species  diffusion  is  normally  ne¬ 
glected.  As  a  consequence,  we  may  write  the  equa¬ 
tions  of  conservation  or  oxygen,  nitrogen  and  hydro- 


gen  nuclei  as 
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vvhere  V4* ,  V5* ,  Y:‘  represent  the  value  of  V4,  V5  and  V9 
when  no  dissociation  occurs.  Instead  of  the  nine  par¬ 
tial  differential  equations  (10),  the  finite  rate  chem¬ 
istry  can  then  be  described  by  six  partial  differential 
equations  and  three  algebraic  ones. 

A  useful  parameter  in  characterizing  the  combustion 
of  //2+air  is  the  equivalence  ratio  0: 

Fuel  to  Air  Ratio 

<j>  —  - - - - - - — - —  (12) 

Stoichiometric  Fuel  to  Air  Ratio 

which  characterize  the  amount  of  fuel  we  add  to  air 
to  perform  combustion.  For  0=1,  we  have  a  sto¬ 
ichiometric  mixture  of  hydrogen  and  air,  while  for 
0  =  0,  the  chemistry  of  hydrogen  does  not  occur 
anymore.  Moreover,  if  the  mass  fractions  of  the  air 
components  are  freezed  to  their  undisturbed  values, 
the  non  ideal  gas  behaviour  reduces  to  the  effect  due 
to  vibrational  molecules  motion.  Thus  acting  on  few 
parameters,  we  can  take  into  account  only  frozen  air 
with  vibrational  molecules  motion,  or  air  in  chemical 
nonequilibrium,  or  the  complete  F/2+air  chemistry. 

2.4  Link  between  fluid  motion  and  chemistry 

In  brief,  we  have  two  kinds  of  set  of  equations  for  the 
computation  of  an  inviscid  flow  in  thermodynamic 
non-equilibrium.  On  one  hand,  the  Euler  equations 
which  provide  t lie  so-called  "fluid  motion  quantities” 
(p,  te,  e,)  and,  on  the  other  hand,  the  finite  rate 
equat  ions  which  give  the  chemical  composition  of  the 
mixture  (V,  ).  In  addition,  we  need  a  closure  relation 
for  the  determination  of  the  state  equation  which 
is  performed  through  the  computation  of  the  tem¬ 
perature.  This  equation  is  obtained  by  expressing 
the  identity  of  the  internal  specific  energy  written 
m  terms  of  "fluid  motion  quantities”  and  "chemical 


ones”.  From  Eq.  (4),  we  have 

ns  ns  ns 
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3.  DISCRETIZATION  PROCEDURE 

The  numerical  scheme  is  based  on  a  node-centered  fi¬ 
nite  volume  formulation  and  operates  on  completely 
unstructured  grids.  The  main  motivation  for  using 
unstructured  triangular  grids  is  the  relative  ease  with 
which  complex  geometries  can  be  treated.  Further¬ 
more,  unstructured  grids  provide  a  natural  frame¬ 
work  for  the  use  of  adaptive  mesh  refinement,  which 
may  allow  to  place  points  exactly  where  needed,  thus 
resulting  in  a  better  control  on  the  global  number  of 
mesh  points  and,  consequently,  computational  costs. 

The  spatial  discretization  of  the  Euler  equations  is 
obtained  from  the  integral  equation  for  conservation 
of  mass,  momentum  and  energy  in  a  polygonal  con¬ 
trol  volume  which  is  constructed  surrounding  each 
vertex  of  the  grid.  A  flux  vector  splitting  decompo¬ 
sition,  which  makes  use  of  Hanel  flux  vector  splitting 
[3],  has  been  chosen  for  the  evaluation  of  the  inviscid 
fluxes  between  adjacent  cells.  This  decomposition  is 
expressed  only  in  function  of  density,  components  of 
the  velocity  vector,  pressure,  sound  speed  and  total 
enthalpy,  and  it  is  not  restricted  to  any  particular  for¬ 
mulation  for  the  equation  of  state.  The  basic  scheme 
is  first-order  accurate  and  satisfies  at  steady  state  the 
condition  of  constant  total  enthalpy  for  isoenergetic 
flows.  Second-order  accuracy  in  space  is  obtained  by 
the  introduction  of  a  linear  distribution  of  variables 
in  each  control  volume,  such  as  in  the  MUSCL  ap¬ 
proach  [4].  The  use  of  limiters  on  these  distributions 
is  necessary  for  stability  reasons  and  to  limit  spu¬ 
rious  oscillations  near  discontinuities.  The  spatial 
approximation  of  the  finite  rate  chemistry  equations 
is  carried  out  in  a  way  similar  to  the  continuity  equa¬ 
tion. 

The  time  discretization  is  performed  using  a  mul¬ 
tistage  algorithm,  where  the  flow  variables  and  the 
chemical  ones  are  advanced  together  at  each  stage. 
In  particular,  the  source  term  present  in  the  finite 
rate  equations  is  treated  implicitly  to  avoid  the  use 
of  prohibitively  reduced  timesteps.  The  process  is 
continued  until  steady  state  is  achieved. 

We  refer  to  [5]  and  [6]  for  a  more  detailed  description 
of  the  numerical  procedure  here  adopted,  which  can 
be  easily  extended  to  3-D  flows. 

4.  AIR  INLET 

In  aircraft  propulsion  systems,  the  inlet  provides  the 
means  of  channeling  freestream  air  into  the  engine 
for  the  use  of  its  oxygen  content  for  combustion 
with  injected  fuel.  In  so  doing,  it  also  reduces  the 
Mach  number  thus  allowing  a  more  efficient  heat  ad¬ 
dition  in  the  combustion  chamber.  This  deceleration 
generates  inviscid  and  viscous  lasses  through  bound¬ 
ary  layer  and  shock  waves  formation.  Several  differ- 
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ent  measures  of  efficiency  have  been  applied  to  the 
scramjet  inlet;  all  of  which  in  some  way  give  a  mea¬ 
sure  of  the  entropy  production. 

4.1  Inlet  performance 

The  inlet  performance  is  often  characterized  by  air 
capture  ratio  ( ACR ),  total  pressure  recovery  (i)pt), 
kinetic  energy  efficiency  (rj *„)  and  exergy  efficiency 
( T7_f ) .  For  a  quasi-one-dimensional  inlet  delimited  by 
stations  1  (inflow)  and  2  (outflow),  the  performance 
can  be  defined  as  follows: 


stagnation  temperature  is  a  constant  which  can  be 
determined  solving  the  nonlinear  equation 

h(Tt)  =  hti  (20) 

For  a  frozen  flow,  the  specific  entropy  takes  the 
form[7]: 
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where  so  is  a  constant  and  s'-'6  represents  the  specific 
(14)  vibrational  entropy  of  the  species  i  which  is  given  by 


y  (  &{/T 

\exp(^  /T)  -  1 

ln(l  —  exp(—0j  /T))J  (22) 


Eq.  (21)  can  be  rewritten  in  the  following  way: 


where  m  is  the  mass  flow  rate,  V  the  velocity,  pt 
the  total  pressure  and  s  the  specific  entropy.  The 
subscripts  denote  the  station.  The  velocity  V'z.  is  the 
velocity  that  the  flow  at  the  station  2  would  obtain 
if  it  is  isentropically  expanded  to  the  inflow  pressure 
(station  1). 

For  an  ideal  gas  (calorically  perfect  gas),  the  effi¬ 
ciency  parameters  can  be  expressed  by  the  usual  re¬ 
lations  taking  into  account  the  Mach  number  and  the 
specific  heats  ratio.  However,  the  design  of  an  inlet 
for  hypersonic  application  requires  to  consider  a  tem¬ 
perature  range  well  beyond  that  corresponding  to  the 
validity  of  the  ideal  gas  model.  Higher  temperature 
causes  vibrational  molecular  motion  that  will  change 
the  value  of  Cr,  Cv  and  their  ratio  •> .  The  complexity 
of  the  calorically  imperfect  gas  model  does  not  allow 
a  straightforward  explicit  treatment  as  in  the  ideal 
gas  model. 

We  describe  here  a  way  to  evaluate  the  inlet  per¬ 
formance  using  the  calorically  imperfect  gas  model. 
We  assume  that  the  flow  is  frozen,  so  that  the  com¬ 
position  of  the  mixture  remains  constant.  This  as¬ 
sumption  is  valid  for  inlets  for  which  the  temperature 
remains  below  3000  hi.  Beyond  this  temperature, 
thermal  imperfections  and  molecular  dissociation  ef¬ 
fects  take  place,  and  the  following  formulas  are  no 
more  valid. 

Total  pressure  recovery,  kinetic  efficiency  and  exergy 
efficiency  are  determined  from  the  expression  of  the 
total  enthalpy  h,  and  the  entropy  s.  Total  enthalpy 
can  be  expressed  as 

h,  =  A(7')+i  ||liT||2  (18) 

=  h(T,)  (19) 


As  =  s  —  s0  =  sa(T)  —  Si(p)  (23) 


which  shows  that  the  entropy  is  essentially  formed 
by  two  terms,  sa  and  s&,  which  are  only  a  function 
of  the  temperature  and  of  the  pressure,  respectively. 
Note  that,  if  the  vibration  of  the  molecules  is  not 
excited,  we  obtain  the  classical  formula  for  entropy: 

s  =  Cvln— +  sj  (24) 

P 1 


where  C\  -  £V'iCti  , 
constant. 
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,  and  Sq  is  a 


Total  pressure  recovery 

The  total  pressure  recovery  is  expressed  as  the  ra¬ 
tio  of  total  pressures  at  stations  2  and  1.  respec¬ 
tively.  The  discretization  procedure  described  in  sec¬ 
tion  3  is  a  so-called  shock-capturing  method  and  do 
not  need  any  special  treatment  across  shocks.  As 
a  consequence,  the  numerical  solution  satisfies  the 
Rankine-Hugoniot  relations  for  discontinuities  and 
predicts  the  ent  ropy  jump  across  them. 


The  total  pressure  can  then  be  computed  from  the 
knowledge  of  the  numerical  solut  ion  using  the  follow¬ 
ing  identity 


sa(Tt)  -  sb(pt)  =  sa(T)  -  sb(p)  (25) 


which  is  derived  from  two  different  ways  to  write  the 
entropy:  the  first  uses  total  quantities  and  the  second 
static  ones.  As  temperature  and  pressure  are  evalu¬ 
ated  from  the  numerics  and  stagnation  temperature 
is  determinated  solving  Eq.  (20),  the  total  pressure 
is  obtained  at  stat  ions  1  and  2  by  the  solution  of  the 
following  equations 


where  specific  enthalpy  li  is  given  by  Eq.  (7)  and  7) 
represent  the  stagnation  temperature  For  isoener- 
getir  flows  (as  in  our  case),  h,  —  ht\  =  li, j  and  the 


sb(Pn) 

■'b(pa) 


s«(T.)-s«(n)  +  *6(Pi)  (26) 

•ia(Tt)  —  Sa{Tj)  +  s»(P2)  (27) 
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Kinetic  energy  efficiency 

The  kinetic  energy  efficiency  is  defined  by  Eq.  (16). 
We  recall  that,  in  that  formula,  the  velocity  Vo.  is 
the  velocity  that  the  flow  at  station  2  would  obtain 
if  it  is  isentropically  expanded  to  the  inflow  pressure 
(station  1).  The  quantity  V2.  is  evaluated  using  the 
following  procedure. 

In  first  place,  the  entropy  at  station  2  is  computed: 

A s2  =  sa(7t)  -  sb(p,o)  =  sa(T2)  -  sb(p2)  (28) 

Secondly,  the  static  temperature  T2. ,  which  the  flow 
at  station  2  would  reach  if  it  were  isentropically  ex¬ 
panded  to  the  pressure  p i ,  is  evaluted  by  solving  the 
nonlinear  equation: 

sa(T2.)  =  As2  +  sb(pi)  (29) 


Moo 

M, 

Pi  ,KPa 

Tj,K 

4.6 

4.0 

7.5 

327 

5.8 

5.0 

4.9 

329 

7.0 

6.0 

3.55 

335 

8.2 

7.0 

2.7 

345 

Table  1:  Flow  conditions  for  the  air  inlet. 

conditions  are  interpolated(extrapolated)  from  val¬ 
ues  tabulated  in  [8]  and  are  summarized  in  Tab.  1. 
In  this  table,  M ^  corresponds  to  flight  Mach  number 
and  the  subscript  1  characterizes  quantities  obtained 
after  the  forebody  compression.  We  recall  that,  in 
this  section,  we  assume  frozen  conditions,  so  that 
the  non  ideal  gas  effect  is  only  due  to  molecules  vi¬ 
brational  mode. 


At  last,  V2.  is  determined  using  the  conservation  of 
total  enthalpy: 

Vl  =2  (hn  -h(T2.))  (30) 


For  an  ideal  gas,  kinetic  energy  efficiency  can  be 
shown  to  be  a  function  of  total  pressure  ratio  through 


’Ike  =  1  + 
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(31) 


This  equation  demonstrates  a  disadvantages  of  the 
kinetic  energy  efficiency  term.  Values  approaching 
unity  are  incurred  not  only  as  rjp,  approaches  one  but 
also  as  the  Mach  number  increases.  Thus  it  gives  mis¬ 
leadingly  high  values  at  high  hypersonic  conditions. 


Exergy  efficiency 

The  exergy  efficiency  is  defined  by  Eq.  (17)  in  the 
general  case.  We  note  that  since  it  deals  with  total 
enthalpies  then  it  must  be  sensitive  to  heat  addition 
or  removal  between  the  state  1  and  2  as  well  as  to 
losses  measured  by  the  entropy  change  s2  —  s(.  For 
adiabatic  flow  (it  is  our  case),  the  exergy  efficiency 
becomes 


_  T\(s 2  -  Si) 

hn 


(32) 


For  an  ideal  gas,  exergy  efficiency  can  be  shown  to 
be  a  function  of  total  pressure  ratio  through 


7~1 

It  =  I  + - — r~j - lnr?pl  (33) 

1  + 


Like  the  kinetic  energy  efficiency,  it  gives  mislead¬ 
ingly  high  values  at  high  hypersonic  conditions. 

4.2  Numerical  test 

The  air  inlet  we  have  considered  for  our  computa¬ 
tions  is  illustrated  in  Fig.  1.  This  very  simple  geom¬ 
etry,  used  only  for  tests,  is  composed  by  two  com¬ 
pression  surface,  one  on  the  wall  which  simulate  the 
aircraft  fuselage  and  one  on  the  cowl.  The  starting 


The  computation  has  been  performed  at  the  different 
flight  conditions  using  both  the  ideal  and  non  ideal 
gas  assumptions.  The  corresponding  iso-temperature 
contours  are  illustrated  in  Fig.  2  which  evidenti- 
ate  shock  reflexions,  and  complex  shock/shock  and 
shock/expansion  interactions.  Local  values  of  the  ef- 


M, 

4  5 

6  ! 

1  ™  1! 

ACR 

0.89 

0.99 

1.0 

1 10 1 

Table  2:  Air  capture  ratio. 


ficiency  parameters  at  the  outflow  station  are  pre¬ 
sented  in  Fig.  3.  In  this  figure,  we  have  also  repro¬ 
duced  the  case  when  the  efficiency  parameters  are 
calculated  from  the  knowledge  of  the  imperfect  gets 
model  solution,  but  using  the  formulas  correspond¬ 
ing  to  the  ideal  gas  (7  =  1.4).  The  values  obtained 
are  much  higher.  Thus,  we  must  avoid  to  use  in¬ 
correct.  formulations  or  approximate  formulas  when 
evaluating  the  efficiency  parameters.  We  note  that 
even  for  the  lowest  Mach  number  the  temperature 
reached  at  outflow  station  is  high  due  to  the  mul¬ 
tiple  shock  reflexions.  The  difference  between  ideal 
and  non  ideal  gas  assumptions  is  small  as  long  as  the 
temperature  is  not  too  high  ( T  <  900K).  Beyond  this 
temperature,  the  effects  due  to  the  vibrational  mode 
are  no  more  negligible  and  influence  both  the  char¬ 
acteristics  of  the  flow  (the  locations  of  the  shocks  are 
different)  than  the  values  of  temperature,  pressure 
and  parameters  efficiency. 

The  efficiency  parameters  are  summarized  in  Tabs. 
(3)  to  (6)  using  two  kinds  of  averaging  procedure. 
The  first  procedure  leads  to  area-averaged  quanti¬ 
ties  which  are  computed  from  the  local  knowledge 
of  the  parameters.  The  second  one  uses  quasi  1-D 
quantities  evaluated  as  follows.  First  the  density  is 
averaged  using  the  area-averaging  technique.  The  1- 
D  velocity  is  then  computed  assuming  mass  flow  rate 
conservation.  At  last,  the  1-D  temperature  is  calcu¬ 
lated  from  the  conservation  of  total  enthalpy.  With 
these  three  quantities,  it  is  easy  to  compute  the  ef¬ 
ficiency  parameter  using  the  equations  described  in 
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Mi 

Vpt 

Vk' 

4.0 

.7730 

.9761 

.9825 

TO 

M5918 

.9777 

.9824 

6.0 

.6625 

.9822 

.9854 

7.0 

.6300 

.9843 

.9868 

Table  3:  Area-averaged  efficiency  parameters  for 
ideal  gas  model. 


Mi 

rjpt 

n* 

4.0 

.7746 

.9763 

.9826 

5.0 

.6933 

.9778 

.9825 

6.0 

.6653 

.9824 

.9855 

7.0 

.6283 

.9841 

.9867 

Table  4:  Area-averaged  efficiency  parameters  for  gas 
model  with  vibration. 

the  previous  paragraphs.  We  note  that  these  two 


Aft 

*lpt 

Vk e 

t?r 

4.0 

.7118 

.9681 

.9769 

5.0 

.6181 

.9705 

.9771 

6.0 

.5243 

.9719 

.9775 

7.0 

.5085 

.9769 

.9811 

Table  5:  Quasi  1-D  efficiency  parameters  for  ideal 
gas  model. 

procedures  of  averaging  leads  to  values  of  the  effi¬ 
ciency  parameters  which  are  a  little  different.  This 
is  due  to  the  high  variation  of  flow  quantities  on  the 
outflow  section. 


r>.  COMBUSTOR  AND  NOZZLE 


A  key  factor  for  the  interpretation  of  lln/air  chem¬ 
istry  is  the  energy  yield,  or  completeness  of  combus¬ 
tion  at  an  intermediate  or  exit  station  of  the  combus¬ 
tor  and/or  nozzle.  This  is  defined  as  the  fraction  Qs 
of  the  ideal  ent  halpy  of  reaction.  The  initial  gas  mix¬ 
ture  consists  of  only  // 2 ,  O2  and  .V2,  whose  enthalpy 
of  formation  are  all  zero.  Thus,  only  final-state  terms 
appear  in  the  energy  yield  expression 


Qh  = 


^  ihoh°nj0 


(34) 


The  index  i  in  the  numerator  includes  all  the  product 
species  produced  with  a  mass  fraction  V',  and  with  a 
specific  enthalpy  of  formation  /1”  The  final  product 
in  an  ideal  reaction  is  just  water  and,  for  nonsto- 
ichiometric  mixtures,  residual  reactants.  The  only 
nonzero  term  in  the  denominator  is  for  //20.  Its 
ideal  yield  is  denoted  Yff7o- 


At  the  fuel  inlet  of  the  combustor,  the  assumptions  of 
instantaneous  mixing  and  noninteract  ing  streamlines 
(no  diffusion,  convection  or  conduction)  are  made, 
and  the  chemistry  is  not  allowed  to  alter  the  up¬ 


Mi 

*lpt 

Vke 

Vx 

4.0 

.7175 

.9689 

.9774 

5.0 

.6104 

.9697 

.9765 

6.0 

.5235 

.9718 

.9774 

7.0 

.5172 

.9776 

.9816 

Table  6:  Quasi  1-D  efficiency  parameters  for  gas 
model  with  vibration. 

stream  flow  pattern.  Our  purpose  is  to  understand 
qualitatively  the  role  chemistry  plays  in  a  supersonic 
engine,  rather  than  to  obtain  quantitative  predic¬ 
tions  of  actual  scramjet  performance.  Our  calcula¬ 
tions  in  the  combustor  represent  only  a  limiting  case 
of  a  realistic  engine  because  turbulent  mixing  and 
other  factors  may  strongly  influence  the  chemistry 
in  this  region.  However,  these  calculations  should 
be  adequatly  representative  of  actual  nozzle  perfor¬ 
mance.  To  model  a  realistic  engine  at  particular 
Mach  numbers,  we  consider  approximate  starting 
conditions  from  the  case  tabulated  by  Billig  [8],  The 
effects  on  combustion  efficiency  by  changing  pressure 
and  temperature  in  the  combustion  region  (imple¬ 
mented  through  changes  in  contraction  ratio),  by  dif¬ 
ferent  area  expansions  in  the  nozzle  (which  allow  to 
control  temperature),  and  by  various  equivalence  ra¬ 
tios,  are  examined  in  order  to  help  identifying  the 
conditions  for  maximum  chemical  yield  and  thrust. 
The  thrust  is  evaluated  as  the  integral  of  the  abso¬ 
lute  pressure  forces  on  the  surfaces  washed  by  the 
rapture  flow  of  the  engine  projected  along  the  flight 
direction.  A  more  complete  study,  which  includes 
a  sensitivity  analysis  on  the  individual  rates  of  the 
H  i/ air  combustion  mechanism  and  the  chemistry  in¬ 
volving  II On  and  UnOn  can  he  found  in  [10]  for  a 
quasi-one-dimensional  simulation. 

Equilibrium  vs  finite-rate;  chemistry 

The  first  calculations  performed  consider  the  differ¬ 
ences  between  combustors  constrained  to  maintain 
equilibrium  and  combustors  with  the  full  finite-rate 
chemistry  included.  The  equilibrium  calculation  is 
obtained  by  increasing  the  individual  rates  of  a  sub¬ 
set  of  the  whole  mechanism  to  a  point  at  which  the 
kinetics  are  no  longer  the  limiting  factor.  Both  cal¬ 
culations  are  for  stoichiometric  mixture  of  hydrogen 
and  air.  The  combustor  is  straight-walled  to  100  cm 
and  has  an  height  Aco  of  10  cm.  The  lower  wall  of 
the  nozzle  is  an  extension  of  the  combustor  wall  and 
its  upper  wall  is  described  by  the  following  equation 


A; 


j  -  100 
10 


which  is  valid  only  for  1  >  100.  The  unstructured 
grid  used  to  perform  calculations  is  represented  in 
Fig.  4. 

The  initial  combustor  inlet  conditions  are 


T=  1463  K  ,  p  =  6()  K  Pa  .  M  =5 
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which  corresponds  to  a  flight  Mach  number  of  about 
15  [9],  Plots  of  energy  yield,  temperature  and  pres¬ 
sure  along  the  walls  are  presented  in  Fig.  5.  It  is 
evident  that  the  non  equilibrium  flow  do  not  reach 
equilibrium  at  the  end  of  the  combustor.  From  the 
inlet  to  the  end  of  the  combustor,  the  temperature 
has  risen  from  the  initial  1463K  to  approximatively 
2850K.  This  high  temperature  limits  the  maximum 
possible  energy  yield  attainable  to  51%  at  the  end  of 
the  combustor.  In  the  nozzle  region,  the  difference 
of  heat  releases  between  the  equilibrium  constrained 
case  and  the  kinetics  iimited  case  is  very  high,  in 
particular  on  the  lower  part  of  the  nozzle.  The  ef¬ 
fect  of  finite  rate  dissociation-recombination  chem¬ 
istry  is  to  lower  the  energy  yield  below  that  expected 
for  equilibrium  chemistry  and  the  available  thrust 
as  indicated  in  Tab.  7.  It  is  clear  that  nonequilib- 


Non  equilibrium 

Equilibrium 

|  Thrust 

1.08 

1.20 

Table  7:  Thrust(xlO  4)  for  non  equilibrium  and 
equilibrium  assumptions. 

rium  chemistry  plays  a  significant  role  in  high-Mach- 
number  scramjets  compared  to  a  more  conventional 
engine  where  the  chemistry  is  fast  enough  to  main¬ 
tain  equilibrium. 

Effects  of  changing  compression  ratios 
Changing  the  compression  ratio  of  the  air  to  the  com¬ 
bustor  can  affect  the  chemistry  in  the  engine  by  al¬ 
tering  temperature,  density  and  velocity  of  the  gas 
flow.  To  obtain  an  intuitive  feel  for  what  happens  to 
the  chemistry  and,  consequently,  to  the  energy  out¬ 
put.  the  initial  temperature  and  pressure  have  been 
systematically  varied  at  the  combustor  inlet.  These 
results  are  presented  in  Fig.  6,  where  the  initial  start¬ 
ing  pressure  is  varied  ±20%  from  the  basic  value 
by  changing  the  initial  starting  species  densities  (a 
unity  equivalence  ratio  is  maintained)  and  keeping 
the  starting  temperature  constant.  The  energy  yield 
is  highest  at  higher  temperature  because  of  increased 
recombination  rates.  The  percent,  change  from  the 
base  case  at  the  nozzle  end  is  +5%  and  -10%.  The 
influence  on  the  thrust,  is  +23%'  and  -24%,  respec¬ 
tively,  as  shown  in  Tab.  8. 


p  =  60KPa 

p  =  48KPa 

p=  72KPa 

Thrust 

1.08 

0.82 

1.33  || 

Table  8:  Thrust(x  1 0~ 4 )  for  different,  starting  condi¬ 
tions  (T  =  1463K). 


In  Fig,  7,  the  effect  of  changing  the  initial  temper¬ 
ature  by  ±20%  is  examined.  The  initial  pressure 
is  kept  constant  by  allowing  the  species  density  to 
change  in  accordance  with  the  temperature  change. 
The  most  obvious  effect  of  changing  temperature  is 
to  alter  dramatically  the  relative  ignition  times.  The 
lowest- temperature  case  produces  the  highest  yield. 


A  lower  temperature  is  accompanied  by  a  higher 
value  of  density,  both  of  which  favor  recombination. 
The  effects  of  changing  temperature  cannot  be  com¬ 
pletely  decoupled  from  pressure  or  density  changes, 
but  it  is  apparent  that  an  inlet  designed  to  produce 
higher  densities  with  lower  temperatures  will  give  a 
more  efficient  engine.  The  percent  change  from  the 
base  case  is  +16%  for  energy  yield  at  nozzle  end  and 
+25%  for  thrust. 


T  1463K 

T=  1174K 

T  =  1757K 

|  Thrust 

1.08 

1.35 

0.87 

Table  9:  Thrust(xlO  4)  for  different  starting  condi¬ 
tions  (p  =  60KPa). 


Effect  of  changing  the  equivalence  ratio 
Tab.  10  indicates  that  the  maximum  thrust  is  ob¬ 
tained  by  a  value  of  the  equivalence  ratio  slighly 
higher  than  unity. 


0  =  0.5 

<t>=  1.2 

d>=  1.5 

p 

II 

Thrust 

0.85  1.10 

1.11 

1.08 

Table  10:  Thrust(xl0  4)  for  different  values  of  the 
equivalence  ratio. 


Changes  in  nozzle  contours 
As  a  final  point  of  analysis,  the  effects  of  different 
nozzle  contours  on  heat  release  and  thrust  are  com¬ 
pared.  Fig.  8  depicts  the  different  profiles  used  for 
this  comparison.  Case  I  is  the  base  case  to  all  previ¬ 
ous  calculations  shown.  Case  II  started  with  a  rapid 
flare-out  at  the  beginning  of  the  nozzle  and  is  then 
straight-walled  to  the  end  of  the  nozzle.  In  case  III, 
the  nozzle  starts  with  a  slight  expansion  and  flared 
quickly  to  the  end.  Finally,  case  IV  essentially  ex¬ 
tends  the  combustor  until  it  again  flares  out  at  the 
same  rate  as  in  the  case  II.  All  shapes  cames  to  the 
same  end  nozzle  section,  so  that  the  only  effect  on 
chemistry  is  one  of  changing  paths,  not  overall  area 
expansion. 

The  best  heat  release  is  provided  by  case  III,  but 
it  does  not  correspond  to  the  maximum  thrust  as 
indicated  in  Tab.  1 1 . 


II 

Case  I 

Case  II 

Case  III 

Case  IV 

||  Thrust 

1.08 

0.51 

0.77 

0.54 

Table  11:  Thrust(xl0  4)  for  different  nozzle  con¬ 
tours. 


If  we  compare  it  with  case  I,  which  gives  the  maxi¬ 
mum  thrust,  the  favourable  level  of  pressure  reached 
during  the  slight  expansion  is  followed  by  a  dra¬ 
matic  decrease  of  pressure  in  the  region  which  should 
greatly  contribute  to  thrust  because  of  the  larger  pro¬ 
jected  area.  At  last,  we  note  that,  in  case  II,  the 
shock  reduce  greatly  the  energy  yield  and  the  as- 
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sociated  increase  in  pressure  does  not  contribute  to 
thrust  because  of  the  straight  wall. 

Care  in  nozzle  contouring  can  play  an  important  role 
in  attaining  the  maximum  possible  thrust.  Some 
works  have  been  performed  in  this  direction  by  using 
optimum  design  techniques[l  lj . 

CONCLUSIONS 

In  this  paper,  an  inviscid  method  has  been  developed 
to  evaluate  the  performance  of  a  scramjet  engine. 
From  the  results  of  the  study,  several  conclusions  can 
be  drawn  on  the  effect  non  ideal  gas  assumption  and 
H-i! air  chemistry  have  on  the  performance  of  air  in¬ 
takes  and  nozzles. 

For  the  air  intake,  the  effect  of  non  ideal  gas  assump¬ 
tion  is  to  reduce  both  temperature  and  pressure  at 
the  inlet  of  the  combustor  and  to  modify  the  char¬ 
acteristics  of  the  flow  (the  position  of  the  shocks  is 
different  from  the  prediction  obtained  using  an  idea! 
gas  model).  The  inlet  efficiency  parameters  are  not 
altered  by  the  molecules  vibration  as  far  as  the  tem¬ 
perature  is  not  too  high  (T  <  900K).  Beyond  this 
limit,  we  note  a  reduction  of  the  value  of  the  effi¬ 
ciency  parameters. 

For  combustor  and  nozzle,  we  have  shown  that  a  re¬ 
alistic  code  must  incorporate  finite-rate  chemist  ry  in 
order  to  account  properly  for  chemical  energy  yield  at 
the  termination  of  the  hypersonic  engine,  i.e.,  equi¬ 
librium  cannot  be  assumed.  Changes  in  inlet  design 
that  increase  density  and  decrease  temperature  en¬ 
hance  scramjet  energy  yield  and  thrust.  Finally,  the 
design  of  the  nozzle  contour  plays  an  important  role 
in  the  thrust  production. 
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Fig.  1:  Air  intake  geometry. 


Fig.  2:  Iso-temperature  contours  of  the  flow  through  an  air  intake  assuming  calorically  perfect(left)  and 

calorically  imperfect(right)  gas  models. 
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Fig.  4:  Grid  for  the  computation  of  the  flow  through  combustor 4-nozzle  configuration 
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Fig.  5:  Equilibrium  vs  finite  rate  kinetics.  Left:  bottom  wall.  Right:  upper  wall. 
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Fig.  6:  Effects  on  energy  release  with  20%  changes  in  pressure  at  1463K  inlet  temperature 

Left:  bottom  wall.  Right:  upper  wall. 


Fig.  7:  Effects  on  energy  release  with  20%  changes  in  temperature  at  60KPa  inlet  pressure 

Left:  bottom  wall.  Right:  upper  wall. 
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SUMMARY 

Two  models  equipped  with  trailing  edge  flaps  have  been  tested  at  a  Mach  number  of  8.2. 
A  simple  Hat  plate  model  has  been  used  to  understand  how  control  effectiveness  is 
influenced  bv  transition,  bluntness  and  incidence,  whilst  a  cropped-delta-  wing  spaceplane 
configuration  has  emphasised  the  important  three-dimer.sional  effects  arising  from  the 
geometry  chosen.  Schlieren  photographs  were  used  to  visualise  'he  flow,  and  pressure 
measurements  on  the  windward  surface  of  the  spaceplane  model  showed  any  -  gions  of 
separation.  Encapsulated  liquid  crystals  were  used  to  obtain  an  overall  picture  of  the  heat 
transfer  distribution  and  to  highlight  the  three-dimensional  structure  of  the  flow. 

LIST  OF  SYMBOLS 

C  Chapman-Rubesin  constant 

d  Diameter  of  the  leading  edge 

L  Distance  from  leading  edge  to  hinge  bi.c 

M  Mach  number 

P  Pressure 

Re  Reynolds  number 

t  Flat  plate  thickness 

T  Temperature 

a  Angle  of  incidence 

B  Flap  deflection  angle 

X  Viscous  interaction  parameter  M3/(C/Re)1/2 

Subscripts 

4  Driver  conditions 

1  Initial  barrel  conditions 

o  Stagnation  conditions 

<*  Freestream  conditions 

e  Local  inviscid  flow  conditions 
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1.  INTRODUCTION 


Hypersonic  vehicles  operate  over  a  considerable  altitude  and  Mach  number  range.  As  a 
consequence,  the  boundary  layer  flow  may  be  laminar,  transitional  or  turbulent.  Since 
laminar  flows  are  far  more  sensitive  to  separation  than  turbulent  ones,  it  is  important  to  be 
able  to  predict  the  onset  and  extent  of  transition.  However,  boundary  layer  transition  is 
affected  by  geometric  shape,  roughness,  noise  and  vibration  as  well  as  the  usual 
aerodynamic  parameters  such  as  Mach  number,  Reynolds  number  and  wall  temperature 
ratio. 

The  Cranfield  hypersonic  gun  tunnel  generates  conditions  in  which  transition  occurs 
naturally  and  studies  are  being  conducted  on  a  number  of  different  models  in  order  to 
investigate  the  effects  of  transition  on  separation  using  surface  pressure  distributions  and 
local  heat  transfer  rate  measurements. 

One  recent  programme  studied  plume  effects  at  the  base  of  a  spherically  blunted  cone. 
Heat  transfer  measurements  indicated  that  in  the  absence  of  a  base  plume,  the  boundary 
layer  was  laminar  and  attached  along  the  length  of  the  body.  A  small  plume  induced 
separation  over  the  rear  of  the  cone,  but  the  separated  shear  layer  remained  laminar  with  a 
consequent  reduction  in  the  local  heat  transfer  rate.  A  larger  plume  caused  separation  over 
most  of  the  length  of  the  cone  and  transition  to  turbulent  flow  occurred  in  the  shear  layer. 
The  result  was  an  increase  in  the  heat  transfer  rate  over  the  rear  part  of  the  cone  to  values 
above  those  for  fully  attached  laminar  flow.  This  work  is  reported  in  ref.  1. 

The  present  investigation  is  to  explore  whether  similar  eifects  occur  over  trailing  edge  flaps 
fitted  to  a  simple,  low-aspect-ratio  flat  plate  and  to  a  more  representative  spaceplane 
configuration  with  a  cropped  delta  wing. 


2.  EXPERIMENTAL  STUDIES 

2.1  Facility 

All  the  experiments  were  carried  out  in  the  Cranfield  hypersonic  gun  tunnel.  This  is  an 
intermittent,  free-piston,  blow-down  tunnel  with  a  typical  running  time  of  25  ms.  A 
contoured  nozzle  with  an  e  fit  diameter  of  20  cm  provides  uniform  flow  at  M»  =  8.2  in 
the  open  jet  test  section.  The  freestream  Reynolds  number  was  varied  by  changing  the 
driver  pressure,  and  the  various  test  conditions  are  given  in  table  1. 

2.2  Models 

The  two  types  of  models  used  are  shown  in  figure  1.  Type  A  is  a  family  of  flat  plates  of 
aspect  ratio  0.5  with  various  degrees  of  hemi-cylindrical  leading  edge  bluntness,  as  shown 
by  figure  1(a).  The  effective  hinge  line  was  at  78%  chord  with  flaps  simulated  by  fixed 
wedges. 

The  type  B  model  is  a  wing-body  configuration  with  a  sharp  leading  edge,  cropped  delta 
wing  swept  at  54°  and  equipped  with  a  constant  chord  trailing  edge  flap.  Pressures  on  the 
lowu  surface  of  the  model  were  measured  using  Kulite  LQ-057  and  LQ-080  transducers 
mounted  either  on  the  sting  or  inside  the  body.  The  model  and  the  position  of  the  pressure 
ports  are  illustrated  in  figure  1(b). 

In  order  to  gain  more  information  about  the  structure  of  the  lower  surface  boundary  layer, 
both  models  were  painted  black  and  covered  with  a  thin  layer,  estimated  to  be 
approximately  10  jum  thick,  of  TCF  552  liquid  crystalsi'i.  By  recording  their  colour 
response  during  the  run  with  a  high  speed  video  camera,  qualitative  information  regarding 
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the  surface  temperature  history  was  obtained.  Further  details  of  this  technique  are  given  in 

refs.  2-  ;. 

Recently,  Babinsky  has  used  a  sharp  leading  edge  flat  plate  model  machined  from  black 
plastic,  thus  eliminating  the  potentially  uneven  surface  structure  due  to  the  black  paint  and 
allowing  for  a  more  accurate  estimation  of  the  substrate  properties.  Automatic  scanning 
and  digitising  of  the  resulting  colour-temperature  history  has  resulted  in  quantitative 
estimates  i  the  surface  heat  transfer  rates.  Preliminary  results  are  reported  in  ref.  5. 


3.  DISCUSSION  OF  RESULTS 

3.1  Sharp  Flat  Plate  with  Trailing  Edge  Flap 

3.1.1  Tests  at  zero  incidence 

With  a  flap  angle  of  5°,  schlieren  photographs,  shown  in  figure  2(a),  indicate  an  attached 
laminar  boundary  layer  over  the  whole  model  with  a  single  shockwave  located  near  the 
hinge  line.  However,  with  a  flap  angle  of  10°,  the  boundary  laycrral though  still  laminar, 
has  separated  ahead  of  the  hinge  line,  resulting  in  the  formation  of  separation  anti 
reattachment  shockwaves. 

A  correlation' based  on  simple  dimensional  arguments  (ref.  6)  suggests  that  for  laminar 
boundary  layers,  the  incipient  separation  flap  angle  B;  is  given  by 

M»  .  Bj  =  80(  Xool)1'2  (1) 

where  B;  is  in  degrees.  For  our  test  conditions,  this  correlation  predicts  a  value  for  Bj  of 
6.6°,  which  agrees  with  the  above  results.  As  the  flap  angle  is  further  increased,  the  length 
of  the  separated  shear  layer  increases.  With  a  flap  angle  of  20°,  there  are  indications  of 
transition  in  the  separated  layer,  and  with  30°  of  flap,  transition  occurs  soon  after 
separation. 

3.1.2  Tests  at  5°  incidence 

With  the  plate  at  an  incidence  of  5°,  the  local  inviscid  flow  Mach  number,  Me,  is  reduced 
to  7.0  and  the  corresponding  value  of  Re*L  is  increased  to  2.1  x  106.  For  these  hinge  line 
conditions,  the  laminar  correlation  predicts  an  incipient  separation  flap  angle  of  5.5°.  With 
a  flap  angle  of  5°,  the  flow  is  laminar  and  attached,  but  at  B  =  10°,  the  characteristic 
indications  of  separation  are  present.  At  larger  flap  angles,  the  separated  region  appears  to 
be  considerably  smaller  than  the  corresponding  test  at  zero  incidence. 

3.1.3  Tests  at  10°  incidence 

At  10°  incidence,  the  local  conditions  are  Me  =  5.8  and  Re*L  =  2.4  x  106.  The  schlieren 
pictures  (figure  2(c))  show  no  conclusive  signs  of  transition  and  the  laminar  incipient 
separation  angle  calculated  from 

Me  •  Bj  =  80(  X*Oxa  (2) 

is  4.9°.  The  photograph  of  the  flow  with  the  5°  flap  is  consistent  with  incipient  conditions, 
and  there  are  clear  signs  of  a  separated  region  ahead  of  the  hinge  line  at  B  =  10°.  What  is 
interesting  is  the  behaviour  with  15°  of  flap:  here  the  length  of  the  separated  region  has 
decreased,  rather  than  expanding  further  as  expected  (and  as  was  seen  at  zero  and  5° 
incidence).  There  are  no  obvious  signs  of  transition,  so  the  cause  of  this  unexpected 
behaviour  may  be  the  three-dimensional  nature  of  the  flow.  It  must  be  remembered  that 
this  is  a  low-aspect-ratio  flat  plate  and,  at  10°  of  incidence  with  a  trailing  edge  flap 
deflected  15°,  the  spanwise  flow  at  the  edges  of  the  model  must  be  considerable. 
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The  liquid  crystal  tests,  though  only  qualitative  so  far,  were  useful  in  indicating  the 
planform  curvature  of  any  separation  and  reattachment  lines. 

3.2  Effects  of  Leading  Edge  Bluntness 

The  effects  of  bluntness  on  the  incipient  separation  angle  and  the  length  of  the  separated 
region  can  be  dramatic.  In  those  of  our  tests  where  we  believe  the  flow  to  be  entirely 
laminar  (e.g.,  a  =  0°,  6  =  10°),  the  separation  length  is  significantly  reduced  as 
bluntness  is  increased.  Holden  (ref.  7)  found  the  same  tendency,  but  he  also  found  that 
bluntness  decreased  Bj,  though  the  trend  was  weak.  By  contrast,  in  our  tests  Bj  seems  to 
increase  with  bluntness.  Admittedly  it  is  sometimes  hard  to  detect  incipient  separation 
when  the  leading  edge  is  very  blunt  since  bluntness  creates  an  entropy  layer  under  which 
the  boundary  layer  grows.  Both  layers  have  temperature  and  density  gradients  which 
interact,  so  that  it  is  often  difficult  to  detect  signs  of  separation  and/or  transition  in 
schlieren  pictures.  Figure  3  shows  the  dramatic  reduction  of  separated  length  with 
bluntness  for  plates  at  zero  incidence  with  a  flap  angle  of  30°. 

The  sharp  leading  edge  model  in  figure  3  has  a  separated  shear  layer  which  is  transitional. 
In  our  tests  it  is  not  clear  whether  bluntness  promotes  or  delays  transition.  Stetson  (ref.  8) 
has  studied  transition  on  blunted  cones,  and  found  that  a  small  amount  of  bluntness  delayed 
transition  but  an  optimum  was  reached  and  further  increases  in  nose  diameter  moved 
transition  forward  again. 

Future  quantitative  heat  transfer  and  pressure  measurements  on  type  A  models  will  detect 
whether  bluntness  inhibits  separation  by  promoting  transition  to  turbulent  flow  ahead  of  the 
hinge  line,  or  just  changes  the  local  values  of  Mach  number  and  Reynolds  number  so  that, 
although  the  boundary  layer  remains  laminar,  the  incipient  separation  angle  is  increased. 

3.3  Delta  Winged  Vehicle  (Model  B)  with  Trailing  Edge  Flap 

Following  earlier  work  reported  in  reference  9,  tests  have  been  made  with  a  single  flap 
angle  of  20°  at  four  incidences  (0,  5,  10  and  15°).  Schlieren  photographs  indicate  a 
separated  region  around  the  flap  hinge  line.  In  addition,  the  shock  from  the  sharp  conical 
nose  strikes  the  wing  leading  edge  at  about  mid  semi-span,  as  shown  by  figure  4. 

Pressure  measurements  on  the  lower  surface  enable  chordwise  distributions  to  be  plotted  at 
various  spanwise  stations,  (e.g.,  figure  5)  and  isobar  maps  (e.g.,  figure  6)  to  be  drawn. 
These  figures  show  that  the  separated  region  has  a  complex  three-dimensional  shape.  Along 
the  centreline,  where  the  distance  to  the  hinge  line  is  greatest,  we  believe  that  the  boundary 
layer  undergoes  transition,  and  consequently  the  length  of  the  separated  region  is  small.  On 
the  wing,  the  distance  to  the  hinge  line  is  less,  the  boundary  layer  remains  laminar  with 
early  separation,  and  the  separated  region  is  considerably  longer. 

A  further  complication  is  indicated  by  the  liquid  crystal  pictures,  which  suggest  that  the 
nose  shock  impinging  on  the  wing  leading  edge  promotes  a  highly  localised  thin  wedge  of 
transitional  or  turbulent  flow.  With  a  turbulent  wedge,  the  local  extent  of  the  separated 
region  would  be  reduced.  The  pattern  of  heating  recorded,  shown  by  figure  7,  is  consistent 
with  this  view.  Comparison  of  isobar  maps  produced  at  different  incidences  indicates  that 
the  effects  of  the  nose  shock  impingement  decreases  with  increasing  angle  of  attack. 

From  the  pressure  and  liquid  crystal  tests,  a  possible  shape  for  the  separated  region  may  be 
drawn,  as  shown  in  figure  8.  Confirmation  must  await  quantitative  heat  transfer 
measurements  using  thin-film  gauges  and  further  development  of  the  liquid  crystal 
technique. 


4.  CONCLUSIONS 


The  gun  tunnel  facility  operating  at  a  freestream  Mach  number  of  8.2  is  capable  of 
generating  transitional  flow  conditions.  It  is  particularly  useful  for  emphasising  the 
importance  of  transition  and  for  demonstrating  the  complex  nature  of  the  pressure  and  heat 
transfer  distributions  which  can  result. 

Increasing  the  flap  angle  on  a  flat  plate  model  can  either  increase  or  decrease  the  length  of 
the  separated  region,  depending  upon  the  incidence.  It  is  not  yet  clear  whether  decreasing 
separated  length  results  from  transitional  or  spanwise  spillage  effects. 

Leading  edge  biuntness  leads  to  a  significant  reduction  in  the  extent  of  the  separated  flow 
region  ahead  of  the  trailing  edge  flap  on  the  flat  plate  model. 

The  effects  of  transition  on  a  hypersonic  vehicle  can  produce  separated  flow  regions  of 
complex  shape. 
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EFFECTS  OF  LEADING-EDGE  BLUNTNESS  ON  SEPARATION 
Moo  =  8.2,  Re  no /cm  =  9.05  x  104 


Figure  4:  SCHHEREN  PICTURE  SHOWING  NOSE  SHOCK 

impingement  on  wing  leading  edge 
a  ^  0.  a  =■  20° 


Figure  G:  ISOBAR  MAP  ON  WINDWARD  SURFACE  OF  THE  WINE 
o  =  15°,  S  =  20° 
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Fiaure  5:  CHORDWISE  PRESSURE  DISTRIBUTIONS  ALONG  MODEL  LOWER  SURFACE 
AT  VARIOUS  SPANWISE  STATIONS 


G  High  heating 
G  Moderate  heating 
111  Low  heating 


Figure  7:  QUALITATIVE  DISTRIBUTION  OF  AERODYNAMIC  HEATING 
FROM  LIQUID  CRYSTAL  PICTURES 


Figure  8:  PROPOSED  FORM  OF  SEPARATED  FLOW  REGION 
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SUMMARY 

Several  analytical  aerodynamic  design  tools  that  were 
applied  to  the  Pegasus®  air-launched  space  booster 
were  evaluated  using  flight  measurements.  The  study 
was  limited  to  existing  codes  and  was  conducted  with 
limited  computational  resources.  The  flight  instrumen¬ 
tation  was  constrained  to  have  minimal  impact  on  the 
primary  Pegasus  missions. 

Where  appropriate,  the  flight  measurements  were  com¬ 
pared  with  computational  data.  Aerodynamic  perfor¬ 
mance  and  trim  data  from  the  first  two  flights  were 
correlated  with  predictions.  Local  measurements  in 
the  wing  and  wing-body  interference  region  were  cor¬ 
related  with  analytical  data.  This  complex  flow  region 
includes  the  effect  of  aerothermal  heating  magnifica¬ 
tion  caused  by  the  presence  of  a  corner  vortex  and  in¬ 
teraction  of  the  wing  leading  edge  shock  and  fuselage 
boundary  layer. 

The  operation  of  the  first  two  missions  indicates  that 
the  aerodynamic  design  approach  for  Pegasus  was  ad¬ 
equate,  and  data  show  that  acceptable  margins  were 
available.  Additionally,  the  correlations  provide  in¬ 
sight  into  the  capabilities  of  these  analytical  tools  for 
more  complex  vehicles  in  which  design  margins  may 
be  more  stringent. 

NOMENCLATURE 

C'q  drag  coefficient 
Ci  lift  coefficient 


®  Pegasus  is  a  registered  trademark  of  Orbital  Sciences  Corp., 
Fairfax,  VA. 


Cm 

pitching  moment  coefficient 

CFD 

computational  fluid  dynamics 

c.g. 

center  of  gravity 

FS 

fuselage  station,  measured  in  forward 
direction,  in. 

hp 

pressure  altitude,  ft  (m) 

HRSI 

high-temperature  reusable  surface  insulation 

M 

Mach  number 

JL 

vn 

local  pressure  divided  by  pressure  measured 
at  reference  location  (FS  =  288.4  in., 

2  =  17  in.) 

9 

dynamic  pressure,  lb/l't2  (kPa) 

JL 

<]R 

local  convective  heating  rate  divided  by 
rate  measured  at  reference  location 
(FS  =  288.4  in.,  2  =  17  in.) 

Re 

unit  Reynolds  number,  ft~ 1  (m- 1 ) 

T 

temperature,  °F  (°C) 

TPS 

thermal  protection  system 

y 

lateral  coordinate  measured  from  vehicle 
centerline,  in. 

z 

vertical  coordinate  measured  from  vehicle 
centerline,  in. 

a 

angle  of  attack,  deg 

0 

angle  of  sideslip,  deg 

A 

incremental  change 

SR 

rudder  deflection,  deg 
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INTRODUCTION 

In  recent  years,  computational  aerodynamic  methods 
have  played  a  more  significant  role  in  developing  hy¬ 
personic  flight  vehicles.  Two  reasons  are  the  potential 
co»t  savings  from  reduced  ground  test  requirements  and 
the  need  for  design  data  at  conditions  which  cannot  be 
fully  simulated  in  wind-tunnel  facilities.  The  useful¬ 
ness  of  such  methods  depends  on  two  issues:  their 
ability  to  represent  important  physical  phenomena  and 
their  practicality  (i.e.,  application  effort  and  resource 
requirements)  in  the  design  process.  To  assess  the  first 
issue,  the  code  validation  process,  requires  a  series  of 
highly  controlled  experiments  with  extensive  measure¬ 
ment  surveys  as  discussed  in  Ref.  1.  The  issue  of  the 
practical  nature  of  such  methods,  however,  must  be 
assessed  with  respect  to  the  design  of  actual  flight  ve¬ 
hicles.  Few  opportunities  have  arisen  for  this  type  of 
evaluation. 

The  Pegasus®  air-launched  space  booster  system  of¬ 
fered  an  opportunity  to  conduct  such  an  evaluation. 
This  vehicle  was  developed  as  a  commercial  joint  ven¬ 
ture  by  Orbital  Sciences  Corp.,  Fairfax,  VA,  and  Her¬ 
cules  Aerospace  Corp.,  Magna,  UT,  to  deliver  small 
payloads  into  orbit.  In  addition  to  the  primary'  payload, 
some  limited  additional  instrumentation  was  installed 
on  the  first  two  flights  for  research.  This  instrumenta¬ 
tion  had  minimal  impact  on  the  orbital  delivery  mission 
and,  therefore,  u'as  accommodated  at  low  cost. 

Several  features  of  the  Pegasus  vehicle  made  it  attrac¬ 
tive  for  this  research  approach.  Pegasus  uses  wing  and 
tail  surfaces  for  lift,  stability,  and  control  at  speeds  up 
to  Mach  8.  These  surfaces  generate  interesting  hyper¬ 
sonic  flow  fields  for  analysis  and  provide  convenient 
locations  for  instrumentation.  Because  of  the  multi¬ 
stage  design,  the  weight  of  additional  research  hard¬ 
ware  on  the  first  stage  had  small  impact  on  the  payload 
performance  of  the  overall  system  (the  ratio  of  addi¬ 
tional  first-stage  weight  to  reduced  payload  capability 
was  about  18:1). 

In  addition  to  these  benefits,  a  significant  analytical 
database  existed  for  the  Pegasus.  The  original  aerody¬ 
namic  design  was  developed  exclusively  through  com¬ 
putational  design  tools  by  Nielsen  Fngineering  &  Re¬ 
search,  Inc.,  Mountain  View,  CA.  This  approach  and 
the  resulting  data  are  described  in  detail  in  Ref.  2.  The 
resulting  database  was  obtained  from  existing  codes 
and  methods  which  could  be  applied  within  the  cost 
and  manpower  constraints  of  the  project.  The  de¬ 
sign  effort  concentrated  on  the  requirements  for  vehicle 


development  and  not  with  the  intent  to  develop  codes 
or  theory. 

In  addition  to  the  design  effort,  some  postflight  com¬ 
putations  were  conducted  to  enhance  the  value  of  the 
flight  data.  All  analytical  results  discussed  in  this  re¬ 
port,  however,  represent  a  level  of  sophistication  and 
application  effort  typical  of  the  privately  funded  Pega¬ 
sus  design  effort. 

The  objective  of  this  study  was  to  evaluate  certain  as¬ 
pects  of  code  performance  with  measurements  from 
the  first  two  flights.  Specifically,  this  includes  correla¬ 
tions  of  first-stage  vehicle  aerodynamics  (performance 
and  trim)  at  high  speeds  and  local  aerodynamics  on 
the  wing  and  in  the  wing  root  interference  region.  The 
evaluation  includes  analytical  data  from  both  the  pre¬ 
flight  and  follow-on  computational  efforts.  Many  as¬ 
pects  of  tire  extensive  analytical  design  process  (such 
as  launch  dynamics,  exhaust-plume-induced  separation 
studies,  fin  actuator  healing,  etc)  could  not  be  assessed 
with  tiie  available  flight  data  and.  therefore,  will  not 
be  addressed  in  this  paper. 

This  paper  will  describe  the  various  flight  and  analyti¬ 
cal  data  sources  and  their  limitations.  The  correlations 
will  be  considered  with  respect  to  the  relatively  con¬ 
servative  Pegasus  requirements  and  also  with  respect 
to  more  complex  vehicles  which  may  have  less  design 
margin. 

A  series  of  more  sophisticated  hypersonic  flight  ex¬ 
periments  to  be  conducted  using  the  Pegasus  is  un¬ 
der  development.  The  series  will  use  a  stand-alone 
data  acquisition  system  and  an  aerodynamically  smooth 
wing  lest  panel.  These  experiments  will  build  on  the 
minimal-impact,  add-on,  flight-research  approach  de¬ 
veloped  in  the  current  research. 

BASELINE  VEHICLE  DESCRIPTION 
AND  OPERATION 

The  Pegasus  is  a  three-stage,  solid-rocket  space  launch 
vehicle  designed  to  insert  small  payloads.  6(X)  to 
KXX)  lb  (270  to  450  kg),  into  orbit,  (Ref.  3).  Fig¬ 
ure  I  shows  the  configuration.  The  configuration  has  a 
cylindrical  fuselage  and  high  wing  with  clipped-delta 
planform.  A  large  fairing,  referred  to  as  the  fillet,  ex¬ 
tends  along  the  wing-body  intersection.  The  wing  and 
tail  surfaces  are  part  of  the  first  stage.  The  aerodynamic 
surfaces  are  fabricated  primarily  from  graphite-epoxy 
structures  and  covered  with  thermal  protection  mate¬ 
rials.  The  thermal  protection  system  (TPS)  includes 
layers  of  insulating  material  and  ablatives.  The  vehicle 
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has  an  autonomous  onboard  guidance  and  control  sys¬ 
tem.  The  flight  1  and  2  vehicles  had  virtually  identical 
external  configurations.  Key  physical  characteristics  of 
Pegasus  follow: 


Wing  reference  area 

145.4  ft2  (13.51  m2) 

Span 

22  ft  (6.7  m) 

Mean  aerodynamic  chord 

8.14  ft  (2.48  m) 

Root  chord 

12.11  ft  (3.69  m) 

Tip  chord 

1.11  ft  (0.338  m) 

Aspect  ratio 

3.33 

Wing  leading  edge  sweep 

45° 

Wing  leading  edge  radius 

1  in.  (0.0254  m) 

Fuselage  length  overall 

49.34  ft  (15.0  m) 

Fuselage  nominal  diameter 

4.17  ft  (1.27  m) 

The  Pegasus  vehicle  is  carried  aloft  under  the  wing  of  a 
B-52  aircraft,  and  is  air-launched  at  an  altitude  of  about 
42,000  ft  (12.8  km)  and  Mach  0.8.  Approximately 
5  sec  after  release,  the  first-stage  motor  is  ignited  and 
the  vehicle  accelerates  to  a  Mach  number  of  about  8 
and  an  altitude  of  about  210,000  ft  (64  km).  During 
this  first-stage  operation,  which  lasts  about  80  sec,  the 
vehicle  is  aerodynamically  controlled  by  all-moving 
tail  surfaces.  A  2.5 -g  pull-up  is  initiated  early  in  the 
flight  to  achieve  the  desired  flightpath  angle.  The  g- 
level  is  gradually  reduced  so  that  the  vehicle  is  nomi¬ 
nally  at  0°  angle  of  attack  at  Mach  numbers  of  5  and 
above.  During  the  final  seconds  of  the  first-stage  flight, 
small  solid-rocket  motors  in  the  movable  tail  surfaces 
are  ignited  to  augment  control  at  low-dynamic  pressure 
conditions.  After  burnout,  the  vehicle  coasts  for  sev¬ 
eral  seconds  before  stage  separation.  After  separation, 
the  stages  are  not  recovered. 

FLIGHT  TEST  DATA 

Data  from  the  first  two  flights  of  the  Pegasus  were 
used  in  this  study.  The  intent  to  have  minimal  im¬ 
pact  on  the  primary  satellite  deployment  missions  was 
a  significant  challenge  to  the  research  effort.  The  sen¬ 
sors  were  constrained  to  have  little  structural  design 
impact,  data  were  acquired  through  the  baseline  Pega¬ 
sus  systems  which  had  additional  limitations,  and  the 
trajectories  were  fixed  by  the  requirements  of  the  pri¬ 
mary  mission  payloads.  More  information  about  the 
flight  test  procedures  and  data  can  be  obtained  from 
Refs.  4  through  6  and  a  later  publication.* 


‘Proposed  NASA  Technical  Memorandum  by  NofTz,  Moes, 
flacring.  and  Kotodziej. 


Instrumentation 

Flight  data  were  derived  from  the  baseline  Pegasus 
flight  instrumentation  as  well  as  from  additional  re¬ 
search  instrumentation.  The  baseline  flight  instrumen¬ 
tation  included  onboard  control  surface  position  and  in¬ 
ertial  navigation  system  data,  ground-based  radar  data, 
and  weather  observations. 

Additional  research  instrumentation  on  flight  1  in¬ 
cluded  conventional  thermocouples  which  were  in¬ 
stalled  on  nonablating  plugs  and  thin-foil  thermo¬ 
couples.  The  1-in.  diameter  nonablating  plugs  were 
fabricated  from  high-temperature  reusable  surface 
insulation  (HRSI)  material  with  a  high-emissivity  coat¬ 
ing.  The  HRSI  plug  surface  temperatures  were  signifi¬ 
cantly  different  from  the  surrounding  structure  but  were 
highly  responsive  to  changes  in  the  local  flow  charac¬ 
teristics.  Ten  HRSI  plugs  were  installed  on  the  right 
fillet  sidewall.  Seventy-six  foil  gauges  were  distributed 
in  two  rows  on  the  right  wing  lower  surface  and  leading 
edge,  and  at  various  locations  on  the  right  fillet  side- 
wall.  These  foils  were  approximately  0.006-in.  thick 
and  were  inserted  between  layers  of  the  TPS  during 
fabrication.  Certain  locations  had  more  than  one  gauge 
inserted  at  different  depths  of  the  TPS.  The  TPS  con¬ 
sisted  of  layers  of  insulative  material  and  a  spray-on 
ablative  and  in  these  regions  had  a  nominal  thickness 
of  about  0.06  in.  (1.5  mm).  The  foil-gauge  installation 
resulted  in  only  minor  distortion  of  the  thermal  prop¬ 
erties  of  the  surrounding  structure.  On  the  other  hand, 
these  gauges  were  covered  by  a  low-temperature  abla¬ 
tive  and  not  directly  exposed  to  the  flow.  As  a  result, 
they  were  of  limited  value  in  studying  local  flow  phe¬ 
nomena.  Figures  2(a)  and  2(b)  show  a  layout  of  the 
flight- 1  instrumentation. 

The  flight-2  vehicle  accommodated  8  IRSI  plugs, 
8  surface  pressures,  7  commercially  available  calorime¬ 
ters,  and  14  foil  thermocouples.  The  flush  pressure 
measurement  ports  were  installed  on  selected  HRSI 
plugs.  All  flight-2  instrumentation  was  located  on  the 
right  fillet  sidewall,  as  shown  in  Fig.  2(c). 

All  onboard  measurements  were  obtained  through  the 
baseline  Pegasus  data  processing  system.  In  addition 
to  data  acquisition,  this  8-bit  system  provided  all  flight- 
control,  guidance,  and  vehicle-management  functions. 
For  both  flights,  the  research  instrumentation  band¬ 
width  portion  of  this  system  was  limited  to  approxi¬ 
mately  3000  bit/sec.  The  system  had  fixed  frame  rates 
with  a  maximum  of  25  samples/sec.  All  onboard  data 
were  telemetered  to  ground  stations  as  a  pulse-code- 
modulated  signal. 
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Data  Reduction 

Right  conditions  along  the  trajectory  were  estimated 
from  a  combination  of  radar  tracking  from  up  to  eight 
sites  and  the  onboard  inertial  measurements  using  a 
weighted  least-squares  method  and  an  atmospheric 
model.  The  atmospheric  model  was  determined  from 
a  combination  of  weather  observations  including  bal¬ 
loon  data,  launch  aircraft  measurements,  stratospheric 
charts,  and  climatological  databases.  This  model  was 
also  used  to  correct  for  radar  refraction.  The  trajectory 
analysis  was  adversely  affected  by  the  low  radar  track¬ 
ing  angles  (which  resulted  in  high  sensitivity  to  atmo¬ 
spheric  refraction  modeling)  and  the  large  geographic 
range  covered  during  the  first-stage  flight. 

The  vehicle  aerodynamic  forces  and  moments  were 
derived  by  balancing  the  measured  body  axis  accel¬ 
erations  with  vehicle  properties.  The  mass  and  iner¬ 
tias  were  estimated  from  preflight  measurements  and 
the  expected  propellant  loss  during  rocket  motor  burn. 
Thrust  was  modeled  as  a  function  of  time  using  data 
from  ground  tests  corrected  for  ambient  pressure  at 
altitude.  Fin  rocket  thrust  was  also  modeled  as  a  func¬ 
tion  of  time.  Total  rocket  thrust  was  assumed  to  be 
longitudinally  aligned  and  subtracted  from  the  net  ax¬ 
ial  force  to  determine  the  aerodynamic  component  of 
axial  force.  Lift  and  drag  were  determined  from  the 
normal  and  axial  force  components  and  the  derived 
angle  of  attack.  The  lift,  drag,  and  pitching  moments 
were  converted  to  coefficient  form  using  wing  refer¬ 
ence  dimensions  and  dynamic  pressure.  The  pitching 
moment  was  referenced  to  the  modeled  flight  center-of- 
gravity  (c.g.)  location.  The  accuracy  of  these  terms  is 
largely  dependent  on  the  accuracy  of  the  estimated  tra¬ 
jectory  and  meteorological  reconstruction  which  may 
vary  from  flight  to  flight.  The  repeatability  of  results 
over  a  series  of  future  flight  dates  should  identify  any 
significant  errors  if  they  exist. 

At  high  altitudes,  as  dynamic  pressure  diminishes, 
small  misalignment  errors  in  the  thrust  axis  result  in 
large  surface  trim  requirements.  Since  these  trim  re¬ 
quirements  are  primarily  thrust  related  and  not  aerody¬ 
namic,  moment  data  at  these  times  cannot  be  expected 
to  correlate  well  with  aerodynamic  predictions.  This 
effect  can  be  identified  by  elevator  and  rudder  deflec¬ 
tions  (rudder  data  are  shown  in  Fig.  3)  which  vary  pro¬ 
portionately  to  the  reduction  in  frec-stream  dynamic 
pressure  and  end  with  motor  burn-out.  The  orienta¬ 
tion  and  magnitude  of  the  thrust  misalignment  vary 
between  vehicles.  As  a  result,  moment  measurements 
were  limited  to  Mach  numbers  of  about  5  or  below.  A 


control-system-induced  oscillation  occurred  on  flight  1 
which  contaminated  the  linear  acceleration  measure¬ 
ments.  This  limited  the  usable  range  of  lift  and  drag 
data  to  Mach  numbers  less  than  4.5.  This  problem  was 
eliminated  on  flight  2. 

Convective  heat-flux  estimates  were  derived  postflight 
from  the  various  thermocouple  installations.  The  foil 
thermocouples  located  in  the  leading  edge  TPS  were 
analyzed  using  an  inverse  analysis  method.  Ref.  7.  In 
this  study,  the  results  are  only  considered  as  an  indica¬ 
tion  of  relative  heating  rate  distribution.  This  approach 
is  only  valid  prior  to  the  onset  of  ablation.  Convective 
heat  flux  was  derived  from  the  HRSI  plug  temperatures 
using  a  one-dimensional  model  and  finite  element  ther¬ 
mal  resistance  analogy  method.  These  computations 
are  sensitive  to  the  modeling  of  material  properties, 
sensor  installation,  and  emissivity.  No  attempt  was 
made  to  account  for  the  local  surface  temperature  per¬ 
turbations  caused  by  the  plugs  or  for  ablation  products 
in  the  boundary  layer.  As  a  result,  the  absolute  value  of 
heating  rate  from  this  derivation  is  not  considered  rep¬ 
resentative  of  Pegasus  surface  heating;  however,  tire 
data  are  indicative  of  relative  heating  characteristics. 
Relative  heating  rates  in  the  fillet  region  are  defined 
as  the  local  value  divided  by  the  value  obtained  on 
the  lower,  forward  region  of  the  fillet,  as  shown  on 
Fig.  2.  As  noted  in  Ref.  4,  this  location  is  expected 
to  be  forward  of  the  intersecting  wing  shock  location 
and  is,  therefore,  felt  to  represent  a  suitable  reference 
condition. 

Trajectories 

Figure  4  shows  flight-trajectory  parameters  for  the  two 
flights.  Differences  in  the  trajectories  were  primarily 
caused  by  requirements  of  the  satellite  payloads.  Both 
flights  achieved  a  maximum  angle  of  attack  of  about 
20°;  flight  1  then  stabilized  briefly  at  about  7.5°,  and 
flight  2  stabilized  at  about  2.5°.  The  angle  of  attack  for 
both  vehicles  was  about  0°  for  Mach  numbers  of  5  and 
higher.  Right  2  experienced  higher  dynamic  pressures, 
but  both  were  generally  in  the  ideal  gas  flight  regime. 

ANALYTIC  DATA 

Force  and  Moment  Aero  Models 

A  six-dcgrec-of-freedom  model  of  the  vehicle  forces 
and  moments  was  developed  for  conditions  throughout 
the  flight  envelope.  The  coefficient  data  include  the 
effects  of  Mach,  angles  of  attack  and  sideslip,  control 
surface  deflection,  and  angular  rates.  Development  of 
this  aero  model  was  a  major  accomplishment  of  the 


Pegasus  development  effort  and  is  described  in  detail 
in  Ref.  2.  It  relied  primarily  on  a  variety  of  semi- 
empirical  database  and  panel  methods;  however,  ad¬ 
vanced  computational  methods  (for  example,  Euler  and 
Navier- Stokes)  were  used  for  selected  studies  through¬ 
out  the  design  and  analysis.  The  computational  re¬ 
sources  fot  this  effort  were  not  severe  by  modem  stan¬ 
dards,  but  the  overall  size  of  the  data  sets  (504  longi¬ 
tudinal  and  918  lateral  flow  conditions)  indicates  the 
level  of  analysis  effort  required.  Approximately  four 
times  this  number  of  flow  conditions  were  studied  be¬ 
cause  of  design  iterations  and  configuration  changes. 
This  uata  set  was  used  to  support  preliminary  design, 
performance  studies,  structural  loading  predictions,  and 
guidance  and  control  law  simulation  and  development. 

The  aero  model  data  shown  in  this  report  were  ob¬ 
tained  by  applying  the  flight-estimated  altitude,  angle 
of  attack,  dynamic  pressure,  and  control  surface  time 
histories  to  the  database  and  correcting  for  modeled 
c.g.  position.  The  resulting  lift,  drag,  and  pitching  mo¬ 
ment  coefficients,  therefore,  can  be  directly  correlated 
with  flight  values. 

Computational  Fluid  Dynamics  (CFD) 

Flow-field  solutions  for  the  Pegasus  configuration  were 
obtained  at  a  selected  set  of  flight  conditions  as  shown 
in  Fig.  5. 

The  F3D  code  was  utilized  by  Nielsen  Engineering  & 
Research.  Inc.,  during  the  design  effort  prior  to  flight 
1  to  assess  flow  quality  in  the  vicinity  of  the  fillet  and 
to  corroborate  aero  load  predictions.  Additional  F3F 
solutions  were  obtained  after  flight  1  at  specific  free- 
stream  conditions  encountered  on  the  flight.  The  code 
solves  the  compressible  three-dimensional,  thin-layer 
Navier-Stokes  equations  as  described  in  Ref.  8;  details 
of  the  current  application  are  provided  in  Ref.  9.  The 
initial  grid  was  developed  during  the  Pegasus  design 
effort.  Solutions  of  this  grid  required  approximately  40 
hr  of  computer  time  per  case  on  a  Cray-2  (Cray  Re¬ 
search,  Inc.,  Minneapolis,  MN)  computer.  The  grid  for 
the  postflight  analysis  was  modified  to  concentrate  on 
data  in  the  fillet  region.  During  the  postflight  analysis 
the  surface  temperatures  were  set  to  values  estimated 
from  the  foil  thermocouple  sensors. 

In  a  similar  CFD  effort.  Ref.  10,  the  PARC  code  was 
applied  to  the  Pegasus  configuration  by  researchers  at 
the  University  of  California  at  Los  Angeles.  This  code 
was  applied  at  selected  conditions  from  flights  1  and 
2.  A  different  grid  system  was  used,  although  it  was 


tailored  again  to  emphasize  die  fillet  region.  Solutions 
required  approximately  50  nr  of  computer  time  per  case 
on  an  IBM-9000™  (IBM  Corp.,  Armonk,  NY)  com¬ 
puter.  Details  of  this  effort  can  be  found  in  Ref.  11. 

The  computational  solutions  provided  data  at  all  lo¬ 
cations  in  the  flow  field,  and  the  PLOT3D  interactive 
graphics  program,  Ref.  12,  was  used  to  interpret  the 
results.  Convective  surface  heating  rates  were  deter¬ 
mined  from  the  CFD  solutions  using  the  temperature 
gradient  between  the  surface  and  the  first  grid  point 
away  from  the  surface.  The  wing  leading  edge  relative 
heating  rates  shown  in  this  report  are  the  temperature 
gradient  multiplied  by  a  constant.  The  relative  heating 
rates  on  the  fillet  sidewall  were  divided  by  the  value 
obtained  at  a  location  on  the  lower,  forward  corner  of 
the  fillet.  This  allows  direct  correlation  of  the  data  with 
the  flight-measured  relative  heating  rates. 

RESULTS  AND  DISCUSSION 

Vehicle  Forces  and  Moments 

The  measured  lift,  drag,  and  pitching  moment  coeffi¬ 
cients  are  shown  in  Fig.  6  along  with  the  corresponding 
values  derived  from  the  preflight  database.  The  overall 
agreement  between  flight  and  prediction  is  good.  The 
incremental  differences  tor  both  flights  are  shown  to 
be  consistent  in  Fig.  7. 

At  the  lower  Mach  numbers,  lift  is  lower  than  predicted 
and  drag  is  higher  than  predicted.  The  largest  discrep¬ 
ancies  occur  at  the  higher  angles  of  attack  at  transonic 
speeds,  where  the  error  in  lift  is  about  10  percent  of  the 
total.  The  corresponding  error  in  drag  is  about  20  per¬ 
cent  of  the  total.  These  conditions  are  only  encountered 
for  a  few  seconds  and.  therefore,  nave  minimal  impact 
on  the  payload  performance  of  the  Pegasus  system  as 
a  whole.  At  higher  speeds,  the  lift  biases  (flight  minus 
predicted)  are  slightly  positive  on  flight  2  and  nonex¬ 
istent  on  flight  1.  The  drag  biases  are  slightly  positive 
at  all  speeds. 

The  pitching  moment  flight  data  indicate  more  nose- 
down  moment  than  the  prediction.  Tire  errors  vary 
during  the  most  dynamic  portions  of  the  flight  (Mach 
less  than  2.5),  which  may  indicate  the  limits  of  this 
quasi-steady  analysis.  At  higher  speeds  tire  error  is  a 
constant  level  of  about  0.035  which  corresponds  to  a 
center  of  pressure  bias  of  about  0.4  times  the  fuselage 
diameter.  In  turn,  this  corresponds  to  an  elevator  trim 
error  of  about  3°,  which  is  within  acceptable  margins. 
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Local  Aerodynamics 

An  example  of  two  temperature  measurements  at  vary¬ 
ing  depths  in  the  wing  leading  edge  is  shown  in  Fig.  8. 
The  lag  between  the  two  curves  indicates  the  effect  of 
the  TPS  in  delaying  the  transfer  of  heat  to  the  pri¬ 
mary  structure.  The  TPS  on  the  wing  leading  edge, 
wing  surfaces,  and  fillet  was  designed  through  coupled 
boundary  layer  and  thermostructural  analysis  methods. 
Although  the  flight  data  indicate  that  the  layer  of  abla¬ 
tive  material  was  completely  removed  by  aerothermal 
heating  in  some  regions  of  the  wing,  the  temperature  of 
the  primary  structure  was  kept  within  its  design  limit 
of  170  °F  (77  °C)  until  the  final  seconds  of  flight  (at 
which  point  aerodynamic  loads  were  minimal). 

The  relrtive  heating  rates  on  die  leading  edge  at  Mach 
4  derived  from  such  data  are  shown  in  Fig.  9,  alone 
with  results  from  the  F3D  analysis.  Ref.  9.  The  fligut 
jata  analysis  indicates  that  significant  ablation  has  not 
be^un  at  this  (light  condition.  The  scatter  in  the  mea¬ 
sured  data  is  expected  to  be  the  result  of  the  sensor 
installation.  As  previously  discussed,  the  sensors  were 
inserted  di  ing  the  application  of  thin  layers  of  spray- 
on  ablative,  and  precise  control  of  sensor  depth  was 
not  possible.  The  overall  trend  of  die  data  indicates 
higher  heating  rates  near  the  wing  tin  which  would 
be  expected  because  of  the  nature  of  the  curved  bow 
shock.  The  F3D  computational  solution  indicates  the 
same  relative  variation  in  heating  rates,  even  (hough  the 
modeling  of  the  leading  edge  itself  was  very  sparse. 

In  comparison  with  the  wing  and  leading  edge  regions, 
the  fhlet  flow  field  under  the  wing  is  very  complex. 
The  flow  along  the  flat  sidewall  of  the  fillet  is  inter¬ 
sected  by  a  shock  wave  generated  by  the  wing  leading 
edge.  In  addition,  the  flow  is  conditioned  by  the  three- 
dimensi  >nal  geometry  of  the  circular  cylinder  and  the 
transition  into  the  flat  sidewall  of  the  tillet.  The  rela¬ 
tive  significance  of  these  effects  varies  with  the  angle 
of  attack,  Mach  number,  and  Reynolds  number  range 
encountered  througnout  the  Pegasus  flight  trajectories. 

During  the  preflight  design  effort.  CFD  methods  were 
used  to  check  for  potential  Sov  separation  problems 
in  this  region  and  to  provide  pressure  distributions 
for  follow-on  boundary-layer  and  TPS  des'gn  meth¬ 
ods.  Flight  data  were  used  to  assess  other  details  of 
the  CFD  analysis  in  this  region  which  will  be  discussed 
next. 

Although  the  computational  solutions  provided  data  at 
all  points  on  the  surface  and  in  the  flow  field,  the  flight 
data  arc  available  at  only  discrete  locations.  On  the 


other  hand,  the  CFD  data  were  only  available  at  dis¬ 
crete  limes  in  the  trajectory,  whereas  the  (light  testing 
provided  a  continuous  time  history  of  data.  The  com¬ 
bination  of  the  two  sets  of  data  was  very  useful  in 
interpreting  the  actual  characteristics  of  tire  flow. 

Figure  10  shows  the  relative  heating  rate  distributions 
at  several  fuselage  stations  for  selected  flight  and  CFD 
analysis  conditions.  A"  local  heating  rate  data  have 
been  divided  by  the  c  responding  values  at  the  ref¬ 
erence  location  shown.  Typical  computational  distri¬ 
butions,  such  as  those  in  Fig.  10(a),  consist  of  two 
vertically  separated  heating  rate  maximums  (spikes)  at 
the  forward  fuselage  stations  (FS  =  288.4  and  280.6). 
These  appear  to  blend  together  by  the  most  aft  location 
shown  (FS  =  253.1).  Computed  pressure  coefficients 
in  the  flow  field  (Fig.  1 1)  indicate  that  this  upper  heat- 
flux  spike  is  associated  with  the  wing  compression  re¬ 
gion  and  leading  edge  shock.  It  is  felt  lira*  the  lower 
spike  is  associated  with  the  turning  of  ihe  flow  from 
the  cylindrical  fuselage  to  the  flat  sidewall. 

Tlie  flight  data  fi  r  the  flight  1  conditions  generally 
confirm  the  location  and  approximate  ntagniiude  of  the 
upper  heat-flux  spike  at  the  forward  fuselage  stations. 
Agreement  between  the  flight  and  computational  data 
at  the  aft-most  station  is  not  consistent. 

Comparison  of  Figs.  10(a)  and  10(b).  at  similar  Mach 
numbers,  shows  that  more  pronounced  spikes  occur  in 
the  FARC  solution.  This  difference  could  be  related 
to  the  differences  in  High,  condition,  the  codes,  the 
analysis  grids.  At  Mach  5  (Figs.  10(c)  and  10(d)),  the 
two  contputa’ional  solutions  differ  more  significantly. 
The  only  difference  in  tree-stream  conditions  for  these 
cases  is  the  Reynolds  number.  The  available  flight  data 
are  not  adequate  to  assess  the  relative  effectiveness  of 
the  two  codes. 

The  pressure  data  also  indicate  that  a  suction  region  ex¬ 
ists  aft  of  the  wing  shock,  dial  is,  in  die  corner  of  the 
fillet  sidewall  and  wing  lower  surface  (Fig,  11).  This 
suction  in  the  computational  data  is  associated  with  a 
corner  vortex  and  becomes  stronger  at  lower  angles 
of  attack.  Figure  12  shows  the  limited  flight-pressure 
measurements,  also  referenced  to  the  forward  location 
on  the  fillet,  along  with  computational  remits.  Both 
data  sets  sh<  w  lower  pressures  near  the  wing  lower  sur¬ 
face  U  =  28),  which  tends  to  support  the  existen.  •  of 
a  corner  vortex.  The  flii-ht  measurements  show  greater 
levels  of  suction  that  the  computations  at  Mach  5. 
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CONCLUDING  REMARKS 
Flight  measurements  from  the  Pegasus  air-launched 
space  booster  were  obtained  and  correlated  with  com¬ 
putational  data.  The  flight  instrumentation  was  accom¬ 
modated  with  minimal  impact  to  the  flight  operation, 
and  the  computational  results  were  obtained  from  the 
actual  preflight  design  effort  and  a  limited  amount  of 
follow-on  analysis.  'Die  follow-on  studies  were  con¬ 
ducted  with  the  same  level  of  sophistication  as  the 
design  effort,  relying  on  available  codes  and  limited 
computer  resources. 

The  correlation  of  vehicle  forces  and  moments  from 
flight  and  prediction  was  acceptable.  Aerodynamic 
performance  was  slightly  lower  than  predicted,  and 
pitching  moment  was  more  nose-down  than  predicted; 
but  these  errors  were  within  the  design  margins  of  the 
Pegasus  system.  Similarly,  the  aerothermal  character¬ 
istics  on  the  wing  and  fillet  were  found  to  be  within 
Pegasus  design  limits. 

Additionally,  the  correlations  provide  insight  into  the 
capabilities  of  the  computational  fluid  dynamics  tech¬ 
niques  for  more  complex  applications.  Relative  heat¬ 
ing  rate  and  pressure  distributions  in  the  complex  wing 
body  interference  flow  region  indicate  that  key  features 
were  identified,  despite  (he  limitations  of  the  computa¬ 
tional  methods  (no  modeling  of  ablation,  constant  w-all 
temperatures,  limited  computational  grid  size,  etc).  In 
particular,  he  location  and  approximate  magnitude  of 
the  wing  shock  interference  heating  and  presence  of 
a  c  irner  vortex  were  consistent  in  both  the  flight  and 
cot:  putational  fluid  dynamics  data.  The  correlations 
arc  otter  on  the  forward  edge  of  the  lillct  and  degrade 
further  aft.  as  the  flow  characteristics  merge.  The  flight 
data  were  too  sparse  to  assess  the  relative  effectiveness 
of  the  two  codes. 
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(c)  Flight  2,  right  fillet  sidewall. 
Fig.  2.  Flight  instrumentation. 
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Fig.  4.  Trajectory  flight  conditions 
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(a)  Flight  1. 


Fig.  (i.  Vehicle  forces  and  moments. 
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(a)  M  —  3.1,  a  =  7.65°,  and  Re  =  2.08  million/ft  (6.82  million/m). 


—  PARC 
°  Flight  1 


(b)  Al  -  3.52,  a  =  7.35°,  and  Re  =  1.56  inillion/ft  (5.12  million/m). 


—  F3D 
o  Flight  1 


(c)  M  =  5,  a  =  0.5°,  and  Re  =  0.215  million/ft  (0.705  million/m). 


—  PARC 
o  Flight  2 


(d)  M  =  5,  a  =  0.5°,  and  Re  =  0.404  million/ft  (1.32  million/m). 


Fig.  10.  Relative  heating  rates  on  the  fillet,  sidewall. 
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0.01  pressure  coefficient 


Fig.  11.  Off-surface  pressure  field,  M  =  4,  a  =  4°.  and  Re  =  0.371  million/ ft  (0.501  million/m). 
F3D  computations,  FS  =  253.1  in. 


PR 

Fig.  12.  Correlation  of  (light  and  computational  pressure  data,  FS  =  253.1  in. 
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SUMMARY 

Design  .1  ballistic  planetary  entry  probes  ior  planned 
ESA  NASA  Titan,  Mars  and  Earth-Return  missions  is 
discussed  with  emphasis  on  the  common  design 
constraints.  The  choice  of  acroshel!  configuration  and 
some  of  the  simple  design  rules  are  outlined  which  are 
used  initially  at  pro -feasibility  stages.  These  include  the 
influence  of  body  dynamics,  conventional  aerodynamics 
and  aerothermodynamies.  Prediction  of  the 

aerothennodyanmie  environment  and  influence  of 
uncertainties  in  the  basic  physics  and  chemistry  arc  seen 
to  dominate.  Analysis  methodology  and  some  of  the  ESA 
sponsored  experimental  programme  which  has  been 
uiitiated  to  tackle  the  lack  of  basic  chemistry  data  is 
discussed 

1  INTRODUCTION 

The  European  Space  Agency  in  partnership  with  NASA  is 
engaged  on  an  exciting  and  demanding  exploration  of  the 
solar  system,  which  includes  missions  to  Saturn's  moon 
Titan  (CassiniHuygeos),  Mars  (Mars  Network)  and 
Comets  (CNSR  Rosetta).  These  missions  have  as  a 
common  requirement  to  enter  (or  re-enter)  a  planetary 
atmosphere  with  scientific  instruments  or  material  and 
aerobrake  to  the  surface. 

EGE  has  been  closely  involved  in  the  preliminary  studies 
of  these  planetary  entries  and  has  produced  initial  entry 
vehicle  configurations  with  the  common  themes  of  high 
reliability,  low  cost  and  well  characterised  aerodynamic 
performance  to  enable  more  detailed  mission  and  system 
studies  to  begin 

This  paper  outlines  the  entry-  environments  and  vehicle 
design,  together  with  the  design  methodology  and  draws 
common  conclusions  among  the  unresolved  problems 
which  mainly  relate  to  non  equilibrium  thermo  chemistry 
effects  for  shock  layer  and  thermal  protection  system 
(TPS)  surface.  The  strategies  for  resolution  of  the 
prohlems  involving  combined  eomputattional  fluid 
dynamics  (ctd)  and  testing  are  also  outlined. 

I .  I  Mission  < )ver views 

All  three  missions  require  a  direct  aerobraking  entry  into 
differing  atmospheres,  but  the  mission  objectives  and 
constraints  lead  to  very  similar  entry  vehicle  concepts. 
These  result  in  ballistic  entries  using  low  ballistic 


coefficient  large  angle  sphere  cones  (Figure  1  shows  the 
three  vehicle  forward  aeroshell  configurations  ) 


Figure  1  Forward  Aeroshell  Configuration 
1.1.1  lassini-lluygens 

Aller  approximately  a  6  year  interplanetary  cruise  the 
Huygens  Titan  probe  will  be  separated  from  the  Mariner 
Mk2  (MM2)  several  days  prior  to  a  direct  entry  into 
Titans  atmosphere.  The  hypersonic  entry  at  about  6  km/s 
and  with  a  steep  entry  angle  of  between  -60  and  -90 
degrees  will  he  completed  in  about  three  minutes  allowing 
a  descent  under  parachute  to  the  surface  in  a  further  three 
hours  during  which  lime  the  atmosphere  experiments  will 
be  perfonned.  Finally  the  module  will  touch  down  or 
splash  down  onto  the  Titan  surface. 

Titans  atmosphere  is  composed  mainly  of  Ny  with  up  to 
about  20%  CHq  and  small  quantities  of  other 
hydrocarbons,  argon  may  also  be  present  The 
convective  and  radiative  fluxes  which  peak  at  about 
50W/cm~  lead  to  the  adoption  of  a  radiative  or  low 
density  ablative  heat  shield  The  dissociation  of  CHq  and 
formation  of  CN  leads  to  potentially  high  radiative  heat 
flux  even  at  the  low  entry-  velocity  planned 
The  radiative  flux  is  highly  sensitive  to  the  non- 
cqmhbritiin  chemistry  and  thermodynamics  in  the  shock 
layer 


Another  potential  problem  is  contamination  of  the  probe 
surface  bv  dissociation  products  which  later  during 
descent  may  contaminate  instrumentation  Carbon  lias 
been  shown  to  he  deposited  on  the  IPS  during  the 

In  personie  entry 

1.1.2  Mars  Network 

The  Mars  Network  scenario  involves  several  landers  and 
penetrators,  dispersed  to  provide  a  ground  network  for 
observation  of  the  Martian  surface,  subsurface  and 
atmosphere  A  direct  ballistic  entry  probably  at  less  than 
6  kin  s  for  the  landers/pcnctrators  will  prove  more  mass 
efficient  than  braking  the  whole  spacecraft  and  its 
attendant  landers  penetrators  into  orbit  first  The  thin 
Martian  atmosphere  requires  shallow  entry  angles  to 
achieve  acceptable  deceleration  prior  to  final  descent. 
Using  an  entry  velocity  of  5.8  kin  s  results  in  a  shallow 
entry  angle  of  about  15  degrees. 

Convective  fluxes  are  slightly  lower  but  similar  io  the 
Titan  entry,  but  the  low  Ny  eonle.it  and  large  amount  of 
('Os  dissociation  lowering  the  shock  layer  temperature 
leads  to  negligible  thermal  radiation  The  magnitude  of 
the  fluxes  again  lead  to  the  conclusion  that  a 
radiative-heatsink  or  low  density  ablative  heat  shield  is 
appropriate.  The  thermochemical  database  dates  largely 
from  Viking  with  a  lew  recent  studies,  and  now  requires 
extending,  particularly  as  the  entry  is  largely  in  thenno- 
ehenneal  non  equilibrium. 

1.1.3  Rosetta 

Alter  sample  acquisition  from  the  surface  of  the  selected 
comet  the  Spacecraft  with  attached  entry  capsule  will 
return  towards  Earth.  The  entry  capsule  will  he  separated 
ironi  the  Spacecraft  which  may  then  flyby  Earth  while  the 
capsule  with  samples  on  board  performs  the  atmospheric 
entn.  parachute  descent,  and  splash  down.  Return  front 
the  current  range  of  possible  comets  results  in  an  entry 
velocity  of  about  16  km/s  and  due  to  limiting  entry 
deee.eration  of  lOOg  for  sample  integrity  and  low 
dispersion  requirement,  leaves  a  narrow  entry  corridor  for 
ballistic  entry  around  13  degrees. 

This  is  the  highest  entry  velocity  for  Earth  and  beyond  the 
range  of  current  thermo  chemical  databases.  Significant 
thermal  radiation  has  a  large  impact  on  the  entry 
geometry  optimisation.  Non -equilibrium  effects  on  the 
radiative  llux  are  seen  as  critical  at  present 

The  low  entry  angle  results  in  a  long  heat  pulse,  and  heat 
fluxes  are  also  very  high  at  several  kW/cm-  requiring  a 
new  heatshield  concept  to  give  acceptable  mass.  A  hot 
substructure  with  outer  high  density  charring  ablator  is 
lore  seen 

1.2  Common  Problems. 

Some  of  the  common  problems  in  the  design  of  optimum 
performance  low  cost  ballistic  entry  vehicles  include: 

•  Construction  of  thcrmochcmical  and  radiation  models 
for  the  shock  layer  and  therinoehcmieal  models  for 
surface  activity 


•  Availab-lit'  oi  lest  facilities  to  validate  or  develop 
thcrmochcmical  models,  radiation  transport  models, 
and  to  investigate  TPS  materials  response  and  surface 
catalytic  activity. 

•  Validation  and  application  ol  eld  m,  mds  to  support 
tile  aeroshell  optimisation  and  TPS  design 

•  Development  of  supporting  coni}  .national  l  -ols  tor 
parametric  studies. 

•  Availabili'y  of.c<l  facilities  lor  the  construction  oi 
the  aerodynamic  database  including  dynamic  terms 
and  investigation  of  the  dynamic  beltav:  • 

2  VHIIICT.F  DKSKJN  PHILOSOPHY 

The  design  of  the  cr"v  vehicle  needs  to  fu'..l  the 
demanding  requirements  of  the  inissio..  The  mission 
environment  consists  usually  of  the  following  phases 

•  Assembly  and  Tesl 

•  Transport  and  Integration 

•  Launch 

•  Inter  planetary  Cruise 

•  Hypersonic  Entry 

•  Supersonic.  Subsonic  Descent 

•  Landing 'Impact 

•  On  surface  performance 

The  environment  effectively  imposes  onph ic-ring 
constraints  on  the  overall  design,  and  possibly  .  f  greatest 
interest  is  the  hypersonic  entry  which  lasts  a  few 
minutes  but  can  dictate  most  of  the  aeroshell  conjuration 
and  a  large  proportion  of  the  mass  budget. 

As  well  as  the  environment  the  remaining  engineering 
constraints  are  provided  by  timescales,  both  launch 
opportunity  and  mission  lengths,  and  most  importantly  i:i 
these  times,  costs 

The  cost  driver  has  become  predominant  for  these  tightly 
budgeted  missions  and  has  had  a  great  i.-.'luenee  on  the 
designs 

This  influence  has  been  subjective  at  early  stages  of  the 
projects  and  has  resulted  in  the  adoption  of  the  following 
philosophy  which  should  allow  the  maximum  confidence 
m  performance  at  the  earliest  possible  time  This  is 
particularly  important  at  pre- feasibility  stage 

•  Adoption  of  ballistic  entry  where  (Mssible  mo 
guidance) 

•  Simple  generic  shape  to  take  maximum  advantage  of 
existing  act, -dynamic  data,  and  to  simplify  analysis 

•  Interpolation  within  the  existing  data  where  possible 
rather  than  extrapolation  This  may  lead  to  sub 
optimal  design,  but  higher  confidence 

•  Maximum  commonalty  in  geometry  between 

missions,  such  that  the  confidence  in  performance  is 
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huilt  up  and  common  problems  arc  more  likely  to  he 
discovered. 

.3  ENTRY  DYNAMICS 

Before  considering  the  aerothermodynamic  problems,  it  is 
instructive  to  look  at  the  simple  rules  which  contribute  to 
the  commonalty  in  entry  design. 

Consider  the  ballistic  entry  vehicles  so  far  defined  for  the 
three  missions.  All  are  separated  on  direct  approach  to 
the  planet,  and  to  preserve  their  attitude  for  entry  are  spun 
slowly  at  separation. 

Since  the  separation  can  occur  several  days  prior  to  entry', 
nutation  of  the  motion  is  to  he  avoided,  and  as  such  the 
principal  inertial  axis  should  be  arranged  to  be  the  spin 
axis. 

The  vehicle  enters  the  atmosphere  at  an  angle  of  attack 
which  is  a  combination  of  exoatmospheric  coning  motion 
and  the  inclination  of  the  coning  axis  to  the  trajectory 
velocity  vector.  The  coning  motion  is  caused  by  the 
separation  tip-off  errors  from  the  spacecraft  at  spin  eject 
time,  combined  with  the  mass  characteristics  of  the  body, 
principally  the  dynamic  imbalance.  During  entry  as  the 
body  experiences  atmospheric  forces,  an  aerodynamic 
moment  is  generated  which  acts  to  decrease  the  angle  of 
attack.  The  motion  becomes  gradually  more  dominated 
by  the  aerodynamic  forces  and  less  by  gyroscopic  effects. 
The  entry  vehicle  begins  to  respond  in  a  pitching  motion. 
As  the  aerodynamic  stiffness  increases,  the  angle  of  attack 
envelope  is  reduced.  This  motion  is  damped  by  the 
dynamically  induced  aerodynamic  force  generated  called 
the  pitch  damping  force  After  peak  dynamic  pressure  the 
angle  of  attack  envelope  would  again  increase,  however 
due  to  the  damping  of  the  pitching  motion,  the  angle  of 
attack  continues  to  reduce  and  becomes  asymptotic  to  the 
static  trim  angle  of  attack. 

Blunt  cones  exhibit  a  pitching  reinforcing  (positive) 
damping  force  in  the  transonic  to  low  supersonic  regime 
and  while  this  does  not  effect  the  hypersonic  entry  phase, 
it  is  important  to  note  that  the  destabilising  coefficients  are 
maximum  for  the  blunter  configurations,  and  the  effect 
must  be  considered  for  the  supersonic-transonic  motion 
which  may  include  parachute  deployment  or 
aeroshcll/dccelerator  jettison  sequences  Also  of  note  is 
that  the  destabilising  coefficients  reduce  with  increasing 
angle  of  attack,  such  that  by  20  degrees  incidence  the 
damping  coefficients  again  act  to  reduce  the  pitching 
motion. 

Structural  modes  should  be  well  clear  of  the  pitch  or  spin 
frequency  to  prevent  any  acroclastic  coupling.  For  the 
high  atmosphere  deceleration,  low  spin  rate  entries,  the 
frequencies  are  of  order  a  few  Hz,  and  major  structural 
modes  arc  well  above  these,  for  the  current  designs. 

On  entering  the  atmosphere,  it  can  be  arranged  that  the 
spin  axis  is  aligned  with  the  velocity  vector,  however  a 
small  angle  of  attack  is  allowable,  15  degrees  maximum 
has  been  used  for  all  three  missions.  This  is  chosen  for 
several  reasons  : 


•  The  vehicle  aerodynamics  arc  not  well  characterised 
above  30  degrees  incidence. 

•  Allowance  has  been  included  for  exoatmospheric 
coning  motion. 

•  Large  lateral  forces  arc  not  desirable, 

•  Cyclic  heat  flux  variations  are  not  desirable 

•  Large  pitch  angles  are  not  desirable  for  atmosphere 
analysis  from  trajectory  data. 

3.1  Effect  Of  Asymmetries  On  Vehicle  Morion 

3.1.1  Centre  Of  Gravity  Lateral  Offset 

A  centre  of  gravity  (eg)  lateral  offset  from  the  geometric 
central  (spin)  axis  is  normally  due  to  the  accuracy  of  the 
static  balance  and  leads  to  both  the  offset  of  the  principle 
rotation  axis  from  the  geometric  centreline  and  to  the 
generation  of  a  trim  angle  of  attack  during  atmospheric- 
entry.  With  the  very  statically  stable  entry  vehicles 
considered,  (the  static  margin  is  about  50-60%  of  the  base 
diameter)  the  consequences  of  eg  offset  on  the  trajectory 
are  small  and  any  initial  angle  of  attack  is  quickly  damped 
to  the  trim  angle  of  attack.  The  main  consequence  of  eg 
offset  alone  is  lateral  accelerations  which  have  been 
shown  to  be  very'  small,  and  as  a  small  roll  damping  effect 
which  always  acts  to  reduce  the  spin  rate.  The  resultant 
static  trim  angle  of  attack  for  the  Huygens  Probe  for 
example  is  under  four  degrees  for  every  centimetre  lateral 
eg  offset,  such  that  a  very  small  trim  should  be  achievable 
with  a  balance  within  5mm. 

A  much  larger  maximum  eg  offset  was  used  in  Monte- 
Carlo  six  degree-of-freodom  trajectory  stability  studies  of 
this  vehicle,  such  that  the  probe  is  shown  to  be  statically 
and  dynamically  stable  during  entry. 

For  Rosetta,  sample  density  and  load  asymmetry  where 
shown  to  have  a  small  overall  effect  on  trim 

3.1.2  Aeroshell  Asymmetry 

During  manufacture,  assembly  and  flight  the  aeroshell  or 
deeelerator  will  gain  some  degree  of  distortion. 

The  distortion  may  he  in  both  hoop  and  axial  modes. 

Axial  symmetric  distortions  and  even  harmonic  hoop 
distortions  of  even  large  magnitude  will  have  very  little 
effect  on  the  trajectory  or  entry  vehicle  (apart  from  roll 
moments)  and  will  be  well  within  the  predicted  accuracy 
of  the  ballistic  coefficient.  However  odd  harmonic  hoop 
distortions  and  axial  body  bending  modes  could  produce 
significant  trim  moments.  These  again  in  isolation 
produce  a  trim  angle  of  attack  which  will  act  the  same  as 
a  centre  of  gravity  offset  discussed  above. 

The  first  harmonic  hoop  mode  on  the  aeroshell  or 
deeelerator  (equivalent  in  effect  to  first  body  bending 
shuttlecock’  mode)  produces  the  largest  trim  moment  for 
a  given  deviation  from  the  nominal  shape  as  may  be 
expected  since  the  higher  harmonics  are  closer  to  the 
limiting  symmetry.  Figure  2  shows  the  static  trim  angle 
of  attack  resultant  from  first  harmonic  radial  distortion  of 
the  deeelerator  on  the  Huygens  Probe.  The  distortion  is 
assumed  to  he  zero  at  the  dccclcrator/probe  joint  station 
and  linearly  increasing  to  the  maximum  at  the  deeelerator 
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rear.  Also  shown  in  Figure  2  are  the  eg  offset  eeffecls  on 
triin.  The  figures  for  Rosetta  are  shown  for  comparison. 

Figure  2  Static  Trim  from 
Asymmetries 
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Figure  3  Change  in  Huygens  Probe 
Spin  to  Mach  1 
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3.1.4  Moments  Of  Inertia 


mm 

In  addition  where  there  is  a  large  amount  of  surface 
recession  due  to  ablation,  similar  asymmetries  may  occur 
For  the  Rosetta  entry  vehiele  the  effect  was  estimated  by 
allowing  the  carbon  phenolic  char  layer  to  strip'  '>om 
one  side  of  the  vehicle  only,  although  in  practice  this  is 
unlikely  with  the  shear  forces  predicted.  The  resultant 
tntn  was  very  small  (less  than  one  degree). 

3.1.3  Combined  Asymmetries-  Spin  Kate  Limitation. 

Mass  and  geometric  asymmetries  in  combination  and 
depending  on  their  angular  relationship  can  produce 
significant  roll  torque's  which  may  either  spin  the  entry 
vehiele  up  or  down  (and  through  zero  roll  rate)  The 
angular  relationship  is  critical  but  for  low  spin  rales  an  out 
of  plane  (40  degree)  relationship  is  close  to  the  worst 
case.  Sis  degree  of  freedom  entry  simulations  with 
varying  asymmetries  are  used  to  produce  spin  rate 
histories  Figure  3  shows  contours  of  spin  rate  excursions 
from  the  spin  rate  at  the  start  of  the  entry  phase  to  Mach  I 
for  a  typical  Huygens  entry.  While  these  will  vary  with 
trajectory,  this  type  of  figure  serves  as  a  design  guide-line 
for  geometric  and  mass  tolerancing.  The  heatshicld  roll 
damping  due  to  skin  friction  has  not  been  included.  The 
effect  is  likely  to  be  small  for  these  classes  of  entry  but 
always  acts  to  reduce  the  spin  rate. 

The  choice  of  an  adequately  low  initial  spin  rate  (initially 
60  deg/s)  ensures  that  the  spin  rate  at  the  start  of  the 
descent  phase  is  in  the  desired  range  for  Huygens  (i.c  the 
limiting  spin  up  case),  and  may  be  a  consideration  for 
Rosetta  and  Mars  entry  for  parachute  deployment 

Only  sufficient  spin  to  ensure  low  exoatmospheric 
'wobble'  is  necessary  The  entry  vehicles  do  not  require 
spin  for  entry  stability,  and  even  spin  excursions  through 
zero  roll  rate  do  not  contribute  significantly  to  'ground’ 
disperions  when  compared  with  initial  trjcctory  alignment 
errors  and  atmopshere  density  variations. 


To  avoid  nutation  and  consequent  tumble  during  coast, 
pitching/spin  resonance  problems  during  entry,  and  to 
relax  the  tip  off  error  rotation  rates  budget,  the  spin  or 
polar  moment  of  inertia  Ixx  should  be  larger  than  the 
lateral  moments  of  inertia  lyy  and  Iz/..  This  should  also 
be  observed  for  the  Huygens  Probe  without  decelerator  as 
the  Probe  pitching  frequency  is  quite  low  after 
decelerator  jettison  and  should  the  probe  spin  rate  have 
increased  during  entry  then  a  resonance  could  occur 

The  possibility  of  a  resonance  is  removed  (and  the  need 
for  analysis)  if  Ixx  remains  greater  than  lyy  <fc  Izz.  The 
Huygens  Probe  for  example  has  accaepatble  inertia  ratios 
of  about  1.4:  1 . 

Asymmetry  of  lyv  and  I/./,  is  of  little  consequence  during 
entry  ,  resulting  only  in  sine  squared  variation  in  the  spin 
rate  during  'coning'  motion.  For  the  missions  considered 
it  is  desirable  to  measure  roll  acceleration  to  examine  the 
aerodynamic  performance  and  therefore  lyy  and  i/.z 
should  be  close. 

Non  zero  products  of  inertia  lx/,  and  Ixy  cause  the 
principal  polar  axis  to  be  at  an  inclination  to  the  geometric 
axis.  During  exoatmospheric  flight  this  leads  to  a  coning 
motion  even  in  the  absence  of  pitch  and  yaw  impulses 
during  spin  up  and  separation  from  the  spacecraft 
During  the  entry  phase  so  long  as  the  entry  vehicle  spins 
then  an  additional  trim'  angle  of  attack  is  induced  which 
is  dependent  both  on  the  spin  rate  and  the  aerodynamic 
pitching  frequency  This  effect  together  with  e  g  offset 
and  trim  asymmetries  may  increase  or  reduce  the  roll  rate 
depending  again  on  the  phasing,  however  the  effect  is 
small  as  when  the  entry  vehicle  is  close  to  peak  dynamic 
pressure  the  aerodynamic  pitching  frequency  is  highest 
and  the  roll  rate  low  even  for  large  asymmetries. 
Therefore  products  of  inertia  arc  only  limited  by  the  initial 
angle  of  attack  generated  by  the  exoatmospheric  coning 
motion.  The  coning  motion  angle  must  be  added  to  the 
inclination  of  the  coning  axis  to  the  trajectory  to  form  the 
total  angle  of  attack.  The  practical  limit  of  products  of 
inertia  are  recommended  to  be  less  than  2%  of  the 
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difference  between  the  polar  and  lateral  moments  of 
inertia.  This  may  be  relaxed  considerably  once  the 
mission  trajectories  become  more  firmly  established  in 
post  feasibility  stages  of  the  project. 

3.2  Dynamic  Instability 

There  are  several  possible  causes  of  dynamic  instability: 

•  Roll  Resonance's.  If  the  spin  frequency  becomes 
equal  to  the  aerodynamic  pitch  frequency  then  a 
resonant  lock  in  can  occur.  This  may  case  large 
pitch  angle  increases  and  large  lateral  loads  and 
perhaps  failure.  Lock  in  can  occur  twice,  initially  as 
the  pitching  frequency  increases  prior  to  peak 
dynamic  pressure,  and  then  as  the  pitching  frequency 
decreases  after  peak  dynamic  pressure.  Usually  first 
resonance  occurs  at  high  altitude  where  aerodynamic 
forces  are  low,  and  usually  no  problem  occurs, 
however  at  low  altitude  especially  if  the  vehicle  has 
an  increasing  roll  rate  due  to  asymmetry,  a  problem 
can  occur.  The  resonant  phenomena  is  entirely 
avoided  if  the  vehicle  spin  axis  is  the  major  inertial 
axis.  This  has  been  the  design  goal  for  all  three 
vehicles. 

•  Pitch  Damping.  Instability  can  occur  if  there  is 
positive  pitch  damping.  This  commonly  occurs  with 
bluff  vehicles  at  low  supersoni :  and  transonic  speeds 
Axi-symmelrie  vehicles  have  this  characteristic  at 
zero  or  small  angle  of  attack  and  the  bluffer  the 
vehicle  the  worse  the  problem.  It  is  therefore 
avoided  by  one  of  3  methods 

1  Avoid  flying  through  this  flight  domain. 
Supersonic  parachute  deployment  is  a  possibility 
but  can  impose  additional  problems  for  the 
parachute  design 

2.  Adapt  the  geometry  to  a  less  bluff  shape. 
This  is  the  common  route  and  is  a  performance 
trade-off 

3.  Fly  at  angle  of  attack  where  the  effect  is 
minimised.  A  lifting  entry  requires  a  guidance 
system  and  can  increase  complexity  and  costs 
significantly.  This  is  therefore  to  be  rejected  if 
adequate  performance  in  terms  of 
deceieration/altitude  can  be  achieved  with  an 
aerobraking  ballistic  entry . 

Unsteady'  Aerodynamic  Effects.  For  example 
unsteady  flows  in  separated  regions  can  lock  in  with 
the  vehicle  motion.  Similarly  re-attachment  points 
can  move  with  the  vehicle  motion,  again  resonance 
can  occur.  Base  flows  for  the  vehicles  presented 
here  are  of  concern,  and  re-attachment  is  avoided  by 
ensuring  that  the  base  aeroshell  is  within  the  shear 
layer  up  to  maximum  expected  angle  of  attack. 
Blowing  from  ablation  is  an  example  where  forebody 
aerodynamics  can  he  effected  adversely.  The  lag  in 
ablation  product  formation  is  caused  by  the  heat  soak 
tunc  constant  of  the  material  to  react  and  produce 
pyrolysis  gases.  This  can  occur  if  there  is  a 
significant  coning  motion  where  the  windward 


meridian  is  rotating  in  body  co-ordinates.  This  is 
avoided  by  ensuring  a  low  initial  angle  of  attack  and 
low  coning  motion  for  Rosetta. 

•  Acroelastic  effects.  Although  not  strictly  dynamic 
instabilities,  a  structure  -  flowfield  coupling  can 
occur,  for  example  panel  flutter.  No  acroelastic 
analysis  has  been  carried  out  in  the  early  stages,  but 
natural  structural  modes  have  been  checked  against 
aerodynamic  frequencies. 

For  example  the  decelerator  natural  frequencies  are 
well  above  the  Probe  pitch  and  spin  frequencies,  base 
flow  pressure  oscillations  have  been  assessed  as  very 
low,  and  forebody  acoustic  excitation  is  avoided  with 
a  laminar  boundary  layer,  step  size  minima  and 
roughness  criteria  being  set. 

3.3  Conclusions  From  Entry  Dynamics  Discussion. 

The  entry  vehicle  should  ideally  have  the  following 
features  : 

•  Geometric  axi-symmetry. 

•  Inertial  axi-symmetry  about  the  geometric  symmetry 
axis  (statically  and  dynamically  balanced). 

•  Spin  axis  as  the  major  inertia!  axis 

•  Arrange  major  structural  modes  away  from 
Aerodynamic  modes. 

•  Small  initial  angle  of  attack 

4  ENTRY  AERODYNAMICS 
4.1  Aerodynamic  Configuration 

The  primary’  mission  requirement  which  drives  the 
aeroshell  geometry  is  for  deceleration  at  the  highest 
altitude.  For  Huygens  this  is  so  that  atmosphere 
experiments  can  begin  at  the  highest  possible  altitude. 

170  km  is  the  target,  whilst  for  Mars  the  atmosphere 
density  is  so  low  that  maximum  deceleration  is  required  to 
provide  sufficient  altitude  for  parachute  deployment  at 
some  of  the  chosen  higher  altitude  sites.  For  Rosetta  the 
requirement  is  to  provide  minimum  mass,  at  a  sufficiently 
sleep  entry  angle  to  provide  acceptable  downrangc 
dispersion  for  recovery,  thus  the  trade-off  is  between  heat 
flux  and  TPS  thickness  and  area. 

The  aerobraking  scenario  uses  a  low  ballistic  coefficient 
vehicle  for  a  'direct'  entry  and  aims  to  lose  sufficient 
energy  in  the  upper  atmosphere  to  achieve  the  desired 
velocity  and  altitude  conditions  for  the  later  mission 
phases.  For  a  non  lifting  ballistic  entry  no  guidance  or 
control  is  necessary  provided  that  dispersions  arc 
acceptable.  The  aerobraking  concept  is  therefore  less 
costly  than  its  acrocapturc  equivalent  but  places  emphasis 
on  the  design  of  an  acceptably  low  ballistic  coefficient 
stable  aeroshell. 

To  achieve  a  low  ballistic  coefficient,  a  Urge  area,  high 
drag  coefficient,  tow  masa  vehicle  is  required.  For  all  of 
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the  missions  considered,  the  mass  is  critical  and  the  scope 
for  mass  reductions  below  the  provisional  budget 
allowable  was  small.  Therefore  the  design  drivers  are  for 
a  large  area  and  high  drag  coefficient  entry  vehicles. 


initial  studies  on  grounds  of  complexity.  The  base 
diameter  is  the  single  largest  contributor  to  a  low  ballistic 
coefficient  for  these  missions.  The  lowest  ballistic 
coefficient  also  provides  the  lowest  heal  flux. 


Large  drag  coefficients  are  achieved  usually  at  the 
expense  of  stability,  and  since  the  mass  and  cost  budgets 
can  not  provide  an  onboard  stability  and  control  system, 
the  geometric  configuration  must  be  sufficiently  stable  in 
free  flight. 

The  philosophy  of  the  studies  undertaken  was  to  provide  a 
minimum  cost  solution  and  the  adoption  of  a  simple 
sphere  cone  with  large  half  cone  angle  and  sufficient 
stability  can  make  use  of  a  large  amount  of  existing 
aerodynamic  data  and  is  therefore  the  natural  choice. 

4.1.1  Cone  Angle 

Previous  studies  have  covered  the  range  of  half  onne 
angles.  30  degrees  45  degrees  and  between  56  and 
75  degrees.  A  cone  angle  of  70  degrees  as  used  on 
Viking  produced  a  near  maximum  drag  coefficient, 
further  increasing  the  cone  angle  has  little  effect  on  drag 
coefficient.  Stability  of  the  large  angle  cones  however  is 
lower  and  therefore  to  achieve  a  nominal  zero  angle  of 
attack  through  peak  heat  flux  and  peak  dynamic  pressure 
during  entry.  60  degrees  was  chosen  for  Huygens. 

This  configuration  has  an  acceptably  targe  drag 
coefficient  (only  4%  less  than  the  70  degree  conel  but  a 
higher  static  stability.  Low  supersonic/transonic  dynamic 
stability  is  also  greatly  improved. 

Figure  4  Typical  Drag  and  Moment 
Coefficients  Varying  Cone  Angle 
(Experimental  Results  at  Mach  9.5 
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For  Rosetta  the  choice  was  complicated  by  the  high  heat 
fluxes  which  required  a  dense  charring  ablator.  With  a 
heavy  heatshield  which  is  the  most  massive  part  of  the 
vehicle,  increasing  the  area  increases  the  mass 
proportionally  since  the  ablator  thickness  is  only 
marginally  reduced,  and  thus  the  performance  dnver  is 
minimising  the  mass.  A  changeover  point  in  TPS  material 
to  a  lower  density  may  alleviate  the  situation  as  the  fluxes 
reduce  with  decreasing  ballistic  coefficient.  However 
even  increasing  the  base  diameter  to  the  maximum 
allowable  (3m)  in  the  space  envelope  did  not  produce  a 
lower  mass  even  with  a  TPS  material  change.  Therefore 
given  the  high  drag  shape  to  give  lowest  fluxes,  the  total 
mass  may  be  minimised  by  reducing  the  volume  to  the 
minimum  required  tor  the  payload  by  reducing  the 
diameter,  this  of  course  increases  the  ballistic  coefficient. 
Further  optimisation  involving  the  rear  TPS  is  yet  to  be 
carried  out. 

4.1.3  Nose  Radius 

The  nose  radius  has  been  chosen  as  a  near  optimum  for 
minimum  heatshield  mass,  ease  of  fitment  in  the 
spacecraft  and  launch  envelope,  and  for  maximum  drag 
coefficient. 

Although  the  effect  of  nose  radius  on  drag  coefficient  is 
small  a  large  radius  gives  a  slightly  larger  drag  coefficient 
and  less  mass  per  unit  base  area. 

Huygens.  For  Huygens  phase  A  with  a  Carbon  TPS,  the 
dccclerator  and  forward  heatshield  have  adequate  thermal 
margins,  and  thus  the  mass  is  governed  by  the  structural 
loading  and  by  the  thermal  insulation  requirement, 
therefore  the  smallest  area  will  give  the  lowest  mass,  as 
the  insulation  mass  is  secondary.  An  instrument  cover 
nose  cap  had  a  mass  fixed  by  the  ballistic  separation 
requirement,  and  was  independent  of  the  nose  radius  to  a 
first  order. 

Therefore  the  largest  nose  radius  consistent  with 
aerodynamic  stability  and  existing  data  availability  (i.e. 
certainty  in  aerodynamic  coefficients)  should  provide 
minimum  insulation  thickness  for  a  radiative  heatshield 
concept  (given  the  low  radiative  heating  content).  The 
maximum  geometric  value  was  1.5m  allowing  the 
decelcrator  to  be  conical. 


Cone  angle  degrees 

Figure  4  shows  pitching  moment  coefficient  about  the 
stagnation  point  and  the  drag  coefficient  for  a  range  of 
cone  angles  taken  from  Walker  and  Weaver  (1)  together 
with  the  flat  disk  limit. 

4.1.2  Base  Diameter 

The  maximum  base  diameter  vehicle  is  utilised  with  Mars 
entry  for  three  landers  and  the  single  Huygens  probe, 
consistent  with  the  space  envelope  available  on  the 
Spacecraft.  Deployable  decclerators  were  rejected  in 


A  Beryllium  forward  TPS  was  rejected  for  lack  of  thermal 
margin,  while  a  low  density  ablative  design  was  also 
rejected  due  to  excess  mass. 

Boundary  layer  heat  transfer  analysis  shows  that  the  total 
convective  heat  load  to  the  FTobe  forcbody  (i.c.  less 
dccclerator)  reduces  with  increasing  nose  radius,  this  is  a 
combination  of  reducing  stagnation  heat  transfer  and 
reducing  total  area.  This  is  achieved  despite  the  fact  that 
the  conical  section  has  lower  heat  transfer  rates  than  the 
spherical  section. 


\ 
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The  1.25m  radius  chosen  consistent  with  the  limit  of 
bluntness  ratio  where  transonic  aerodynamic  data  is 
readily  available  for  the  Probe  less  deeeierator. 

This  ensures  maximum  confidence  in  the  design  by  using 
computational  methods  to  interpolate  between 
experimental  data  rather  than  relying  on  extrapolation 
beyond  the  available  range  of  data. 

Marsnet.  No  optimisation  was  carried  out  in  the  early 
studies,  the  initial  geometry  was  chosen  as  identical  to 
Huygens  in  order  to  utilise  the  same  aerodynamics 
(factored  as  necessary  for  atmosphere  differences). 
Reductions  in  base  diameter  have  been  made  for 
Spacecraft  envelope  fitment  purposes  with  three  landers 
each  with  reduced  mass.  However  the  maximum  nose 
radius  produces  the  lowest  convective  coefficient  and 
highest  drag  and  the  nose  radius  remains  large  at  l  ,25m. 
Radiative  fluxes  were  found  to  be  negligible  with  the  low 
entry  velocity  and  relatively  low  shock  layer 
temperatures.  The  current  ratio  of  nose  radius  to  base 
radius  is  still  within  the  existing  aerodynamic  databases 
for  bluntness  ratio,  and  therefore  there  is  room  for 
optimisation  in  later  studies. 

Rosetta.  For  Rosetta  since  the  radiative  fluxes  aic 
significant,  the  nose  radius  was  optimised  for  minimum 
total  radiative  plus  convective  heat  load.  Two  distinct 
designs  evolved,  'Iteration  1'  is  a  steep  entry  providing 
close  to  the  maximum  deceleration  load  allowable  for  the 
payload  of  lOOg.  'Iteration  2’  is  a  shallower  entry 
designed  to  give  the  payload  an  easier  ride  at  45-55g  and 
is  the  shallowest  entry  with  acceptable  downrange 
dispersion.  The  steep  entry  has  a  shorter  duration  heat 
pulse  and  even  though  the  heat  fluxes  are  higher  this  leads 
to  a  thinner  hcatshield  and  is  the  FGE  preferred  solution. 
The  nose  radius  is  0.5m  for  this  case,  although  the 
uncertainty  about  the  magnitude  of  the  radiative  fluxes 
may  lead  to  a  reduction.  The  shallower  entry  is  preferred 
by  the  project  team  since  all  structural  and  payload 
loadings  are  the  smallest  practicable.  The  nose  radius  for 
this  case  is  increased  to  1 ,0m  but  again  there  is 
uncertainty  over  the  radiative  fluxes  and  a  reduction  may 
be  made. 

4.1.4  Aeroshell  or  Deeeierator  Corner  Radius 

The  final  geometric  feature  is  a  radius  to  limit  heating  in 
the  expansion  comer  region  of  the  deeeierator  due  to  flow 
acceleration.  For  Huygens,  and  Marsnet,  the  provisional 
Carbon-Carbon  (C-C)  and  Ceramic  (C-SiC)  decelerators 
of  the  entry  vehicles  had  a  large  thermal  margin,  however 
the  comer  heating,  similar  to  the  nose  convective  heating, 
increases  as  the  comer  radius  decreases. 

For  a  sharp  comer  the  calculated  heat  transfer  at  the 
comer  is  very  large  value.  At  angle  of  attack,  test  data 
show  that  the  comer  heating  is  further  increased,  and 
even  the  high  temperature  ability  of  the  Carbon  and  SiC 
may  be  exceeded  locally. 

Introducing  a  progressively  larger  comer  radius  to  the 
rear  of  the  deeeierator  produces  a  lowering  heat  flux  at 
the  comer  which  at  zero  angle  of  attack  becomes  less  than 
the  stagnation  heating.  This  is  the  criteria  used  and  a 


5  cm  comer  radius  has  been  sclceted  representing  a 
comer  to  base  radius  ratio  of  0.03  for  Huygens. 

Analysis  shows  that  even  at  large  angle  of  attack  (20°)  the 
heat  flux  should  be  limited  to  less  than  twice  the  zero 
angle  of  attack  stagnation  value.  This  increase  in  heat 
flux  only  increases  the  surface  equilibrium  temperature  by 
about  20%  and  therefore  is  easily  within  the  TPS 
capability . 

6dof  trajectory  studies  show  that  angle  of  attack 
excursions  near  peak  heating  are  small,  consequently  the 
design  assumptions  are  adequate.  A  secondary  effect  of  a 
comer  radius  is  a  contribution  to  hoop  stiffness  where  it  is 
most  required,  and  therefore  mass  penalties  should  not 
accrue  from  this  feature. 

Introducing  a  comer  radius  reduces  the  drag  coefficient 
while  the  centre  of  pressure  is  moved  forward,  static 
stability  is  increased  by  the  compensating  increase  in 
normal  force  producing  an  increase  in  the  moment 
coefficient.  The  5  cm  comer  radius  selection  reduces  the 
drag  coefficient  by  about  2.5%  over  a  sharp  comer,  again 
the  wind  tunnel  data  is  scaled  by  Newtonian 
aerodynamics.  The  comer  radius  should  be  reduced  to 
the  minimum  in  later  project  phases  to  allow  the 
maximum  drag  coefficient.  The  adoption  of  an  elliptic 
comer  profile  is  expected  to  prove  more  efficient  but  is 
outside  existing  databases  The  same  comer  radius  is 
provisionally  selected  for  Marsnet. 

For  Rosetta  the  situation  is  similar  even  with  a  different 
TPS,  here  the  TPS  is  ablating  and  whilst  the  reduction  in 
drag  coefficient  is  important  with  increasing  comer 
radius,  it  was  judged  more  important  to  preserve  a  nearly 
constant  thickness  of  forward  TPS  in  order  to  lessen 
manufacturing  complexity.  A  smaller  radius  thicker  TPS 
may  be  lower  in  mass  however,  but  shape  change  and 
consequent  aerodynamic  effects  would  be  larger. 

The  comer  radius  is  thus  sized  to  give  a  total  heat  flux 
equal  to  the  stagnation  value  at  zero  angle  of  attack. 
Radiative  flux  uncertainties  are  also  taken  into  account  for 
this  computation.  The  resulting  comer  radii  are  much 
larger  than  for  the  radiative  TPS  of  Huygens  and  Marsnet 
at  8  cm  for  the  Iteration  2  geometry  and  16  cm  for  the 
Iteration  1  geometry. 

4.2  Conclusions  from  the  Aeroshell  Geometry 
Discussion 

The  entry  vehicle  geometric  features  are  determined  by: 

•  Minimum  ballistic  coefficient 

•  Availability  of  existing  aerodynamic  databases 

•  High  drag  shapes  consistent  with  stability  constraints 
and  existing  databases.  This  leads  to  the  choice  of 
large  angle  sphere  cones. 

•  Nose  radii  based  on  minimum  mass,  maximum  drag. 
This  leads  to  maximum  radius  for  large  margin  C-C 
and  C-SiC  TPS  limited  only  by  Bluntness  ratios  in 
Aerodynamic  databases.  The  minimum  heat  load  is 
the  criteria  for  ablators,  with  equal  radiative  and 
convective  components. 
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•  Comer  radii  minimum  for  maximum  drag  based  on 
thermo-structural  limit  for  C-C  and  C-SiC  radiator 
and  constant  thickness  for  an  ablator. 

•  Base  diameter  maximum  for  minimum  ballistic 
coefficient  for  maximum  altitude  missions,  limited  by 
minimum  mass  constraints  for  Rosetta. 
Non-deployable  decelerators  chosen  for  low  cost  and 
complexity. 

5  ENTRY  AEROTHERMODYNAMICS 
S.l  'Computational  Tool  Set'  Requirements 

So  far  the  shape  of  the  entry  vehicles  has  generally  been 
defined  by  simple  laws  and  can  be  accomplished  with 
relatively  simple  tool  set  which  is  adequate  in  the  very 
early  project  stages.  This  may  be  designated  the  'level 
one'  analysis,  using  : 

•  3dof  and  6dof  trajectory  codes  with  planetary 
atmosphere  models 

•  Newtonian  aerodynamic  code  to  interpolate  existing 
aerodynamic  databases 

•  Free-moleetile  aerodynamic  code  and  suitable 
empirical  drag  and  flux  bridging  functions 

•  Heat  flux  correlation's  for  convective  and  radiative 
fluxes. 

•  Heatshield  sizing  algorithms. 

However  in  all  but  the  trajectory  codes,  detailed 
knowledge  is  required  to  develop  or  confirm  the  basis  of 
the  engineering  solutions. 

The  determination  of  accurate  aerodynamic  coefficients  is 
very  important  since  the  atmosphere  composition  car,  be 
determined  from  the  vehicle  performance  for  Mars  and 
Titan,  while  stability  is  always  a  consideration  whatever 
the  mission. 

The  heat  flux  distribution  and  history  determine  the  choice 
of  TPS  and  geometric  ratios. 

The  first  essential  analysis  is  to  determine  the 
aerodynamic  and  aerothennal  flight  regimes  through 
which  the  vehicle  will  pass.  This  will  give  the  engineer  a 
clear  perception  of  where  in  the  entry  particular  analysis 
methods  should  be  used.  In  the  preliminary  stages  the 
classical  regimes  will  have  become  evident  from  the 
trajectory  analysis  which  should  use  both  free  molecule 
and  continuum  drag  coefficients  with  a  suitable  bridging 
function.  A  simple  Knudscn  based  bridge  is  most 
common  for  drag  coefficient. 

The  formal  analysis  should  consolidate  the  classical 
regimes  and  should  investigate  the  thermal  and  chemical 
regimes.  Most  commonly  the  latter  arc  expressed  in 
terms  of  the  Dahmkohlcr  number. 


To  carry  out  this  investigation  a  chemically  reacting  shock 
layer  simulation  is  most  useful,  and  since  the  whole  entry 
parameter  space  needs  to  be  investigated  the  method 
should  be  fast. 

in  this  respect  FGE  use  a  loosely  coupled  suite  consisting 
of  an  inverse  Euler  code  for  the  shock  layer,  followed  by 
streamtube  tracing  and  chemistry  computation  along  the 
strcamtubc.  Chemical  source  terms  arc  then  fed  back  to 
the  Euler  energy  equation.  The  Euler  iterations  take  a 
few  seconds  and  the  chemistry  a  few  minutes  for  each 
trajectory  point.  Shock  stand-off  is  used  as  the 
convergence  criteria.  This  code  is  designated  PMSSR. 

Boundary  layer  edge  conditions  are  taken  as  a  post 
process  of  the  PMSSR  solutions  for  convective  heat  flux 
analysis  using  usually  an  integral  code  with  frozen  or 
equilibrium  chemistry  assumptions.  Radiation  calculations 
are  also  performed  from  the  shock  layer  results  as  a  post 
process.  Both  the  boundary  layer  and  radiation  codes 
takes  a  few  minutes  to  compute  the  solutions  for  the  whole 
trajectory. 

The  radiation  source  terms  can  also  be  fed  back  to  the 
Euler  solution,  as  can  boundary  layer  thickness. 
However  for  regime  scoping  studies  an  uncoupled 
procedure  is  usually  used. 

Wall  conditions  can  be  accommodated  in  the  boundary 
layer  solution  in  a  simple  manner  blowing  is 
accommodated  with  a  correlation  within  the  integral 
boundary  layer  code,  whilst  fer  the  frozen  boundary  layer 
solution,  a  'catalytic'  wall  can  be  introduced  by 
substituting  the  wall  enthalpy  for  equilibrium  wall 
enthalpy  at  the  same  temperature. 

Parametric  investigations  using  these  methods  have  been 
carried  out  to  varying  degrees  in  the  early  stages  of  all 
three  missions  discussed.  In  general  the  results  are 
acceptably  accurate  excepting  radiation  in  highly  non¬ 
equilibrium  flow  at  present. 

Such  a  suite  also  allows  rapid  comparison  of  the 
sensitivity  of  differing  thermochemical  mechanisms,  and 
allows  rapid  construction  of  a  viable  set  prior  to  more 
complex  computations.  These  'level  two'  results  can  be 
used  to  calibrate  the  engineering  correlations  in  the  level 
one  analysis.  The  level  two  codes  are  therefore  : 

•  Fast  in  viscid  shock  layer  solution. 

•  Loosely  coupled  chemistry  solution 

•  Boundary  layer  codes. 

•  Uncoupled  or  loosely  coupled  slab  radiative  solution. 

•  Charring  material  ablation  code 

Once  the  thermochemical  data  has  been  assembled  and 
tested  with  the  level  two  codes,  and  the  results  validated 
as  far  as  practicable  a  more  sophisticated  analysis  again 
must  be  carried  out  to  verify  the  simpler  results  in  areas 
beyond  the  validation,  (here  verification  is  defined  as 
being  correct  numerical  implementation  of  the  physics  and 
chemistry,  while  validation  is  the  comparison  of  the 
models  with  the  real  world).  For  continuum  regimes  this 
verification  is  by  a  full  or  thin  layer  thermo-chemical  non- 
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equilibrium  Navier  Stokes  solution.  Due  to  the  lack  of 
other  suitable  methodologies  the  Navier  Stokes  codes  are 
used  well  into  the  transitional  regime,  and  account  can  be 
taken  of  slip  effects.  Direct  Simulation  Monte-Carlo 
should  be  used  to  confirm  bridging  functions  between 
continuum  and  free-molecular  but  this  has  not  yet  been 
carried  out  for  this  class  of  vehicle. 

Figure  5  shows  the  comparison  between  the  fast  solution 
from  PMSSR  and  the  full  Navier  Stokes  solution  using 
FGE's  TINA  code  for  a  Marsnet  vehicle  at  peak  heat 
flux.  PMSSR  uses  a  6  by  5  Euler  grid  with  50  points  on 
each  streamline  for  the  thermo-chemical  solution,  while 
TINA  uses  a  60  by  50  grid  for  the  whole  forebody. 
Reducing  the  chemistry  to  the  stagnation  streamline  only, 
the  PMSSR  solution  is  produced  in  3  minutes  on  a  386 
PC,  whereas  the  point-implicit  TINA  requires  an 
overnight  run  on  an  IBM  RS/6000. 


Figure  5  Navier  Sokes  code  TINA 
Comparison  with  Inverse  Euler  code 
PMSSR 
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The  agreement  is  very  good  considering  the  simplicity  of 
the  PMSSR  scheme,  and  shows  that  regime  determination 
and  initial  sensitivity  studies  can  be  quite  accurate  with  the 
level  two  codes  The  Navier  Stokes  solutions  also  require 
more  operator  expertise  in  obtaining  a  reliable  solution. 
(Note  the  high  initial  Translational  temperature  from  the 
shock  fitting  PMSSR) 

The  level  three  codes  are  : 

•  Thermo-chemical  non-equilibrium  Navier  Stokes. 

•  Direct  Simulation  Monte  Carlo  with  suitable 
chemistry  and  radiation  models. 

•  Full  2D  radiation  code. 

Full  thermo-chemical  non-equilibrium  Navier  Stokes  code 
solutions  for  Rosetta  and  Marsnet  have  been  computed  by 
FGE,  and  other  workers  have  produced  solutions  for 


Huygens.  The  level  three  codes  are  used  sparingly  in  the 
early  stages  due  to  the  costs  involved,  but  must  be  used  in 
development  phases  to  confirm  design  viability,  whilst 
experiments  provide  validation  data  for  these  codes. 
These  codes  are  often  the  only  way  to  investigate  the 
entry  phenomena  where  no  flight  data  is  available,  and 
ground  tests  are  impractical. 

5.1.1  Conclusions  From  The  Methods  Discussion. 

•  A  three  level  set  of  codes  is  time  and  cost  efficient 
for  vehicle  design  studies. 

•  Level  one  codes  are  readily  available  but  require 
careful  calibration. 

•  Level  two  codes  have  been  widely  developed  in  the 
past,  and  are  shown  still  to  be  very  useful. 

•  Level  three  codes  can  simulate  many  situations,  but 
the  required  level  of  expertise  and  time  required  for 
use  can  be  underestimated  by  customers 


5.2  Boundary  Layer  Transition. 

Boundaiy  layer  transition  for  all  the  bluff  vehicles  is  based 
on  the  Viking  assessments  of  a  boundary  layer  momentum 
thickness  Reynolds  number  of  140  as  being  pessimistic. 
Using  this  value,  Huygens  and  Marsnet  maintain  a 
laminar  boundary  layer  throughout  the  entry,  whilst  on 
Rosetta  the  boundary  layer  becomes  turbulent  after  peak 
convective  flux,  such  that  the  total  heat  load  is  not  greatly 
affected.  This  is  fortunate  for  all  vehicles  since  transition 
uncertainty  prior  or  close  to  peak  heat  flux  significantly 
effects  the  TPS  sizing. 

No  attempt  was  made  to  utilise  a  more  sophisticated 
transition  'law'  developed  for  other  vehicles  or  flow  types 
since  extrapolation  to  this  type  of  vehicle  would  be 
dubious  considering  the  small  database  available. 

Conclusions  from  the  Transition  discussion 

•  Lack  of  suitable  transition  data  specific  to  this  class 
of  vehicle  leads  to  pessimistic  assumptions 

5.2  Base  Flow 

Base  flow  effects  on  these  class  of  vehicle  need  analysis 
for  two  main  areas  : 

•  Shear  layer  impingement  on  the  rear  cover  can  cause 
local  heat  flux  increases,  plus  re-attached  flow  can 
cause  stability  problems  if  the  attachment  point  'locks 
in'  with  the  dynamic  motion. 

•  The  base  convective  heat  fluxes  determine  the  rear 
TPS  design  and  mass. 

For  Huygens  the  rear  cover  is  well  clear  of  any 
impingement  and  therefore  only  recirculation  region 
heating  is  of  interest.  Using  a  thin  C-C  decclerator  TPS 
also  produces  a  radiant  heat  flux  to  the  rear. 
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For  Rosetta  the  rear  conical  heatshield  was  designed  to  be 
inside  the  shear  layer  based  on  flat  base  eoinputations  and 
a  k-c  turbulent  model  with  perfect  gas  (frozen)  flow.  The 
forebody  boundary  layer  input  to  the  shear  layer  was 
included,  but  the  large  base  radius  to  boundary  layer 
thickness  means  that  the  boundary  layer  state  has  little 
effect  on  the  base  flow. 

For  Marsnet  the  rear  cover  is  also  expected  to  be  within 
>he  shear  layer,  and  Navier  Stokes  computations  are 
underway  at  present  to  confirm  this  and  while  the  base 
heating  is  particularly  difficult  to  accurately  predict,  an 
estimate  will  also  be  made. 

The  base  convective  fluxes  are  generally  estimated  from 
flight  correlations.  Those  from  '.'iking  heing  used  for 
Marsnet  giving  about  4%  of  stagnation.  For  Rosetta  with 
its  conical  rear  TPS,  Apollo  correlations  for  the  separated 
regions  were  used  at  about  1  %  of  stagnation,  and  for 
Huygens  2%  of  stagnation  was  used  as  an  estimate  from 
other  bluff  body  correlations. 

Conclusions  from  the  discussion  of  base  flow  : 

•  Differing  base  flow  heat  flux  correlations  seem 
appropriate  in  differing  regions  and  atmospheres  for 
very  bluff  vehicles.  Further  analysis  is  still  required. 

•  Base  impingement  and  reattachmcnt  needs  to  be 
assessed  with  Navier  Stokes  codes. 


•  Catalytic  wall  boundary  condition  has  been 
incorporated  into  the  Navier  Stokes  code  TINA. 

5.4  Ablation  Effects 

Ablation  is  significant  for  the  Rosetta  entry  where  heal 
fluxes  are  high  and  dictate  the  use  of  a  high  density 
charring  ablator  such  as  carbon  phenolic.  The  relatively 
shallow  entry  to  protect  the  sample  payload  leads  to  a 
long  heat  pulse  and  therefore  a  thick  single  layer 
heatshield  to  keep  the  sub-structure  cool  A  new 
technology  hot  structure  /  hot  bond  concept  is  being 
developed  by  SEP  (2)  for  this  TPS  to  reduce  the 
heatshield  mass. 

Since  the  shock  layer  is  close  to  thermochemical 
equilibrium  during  the  heal  pulse,  existing  ehemical 
equilibrium  ablation  codes  such  as  CMA  are  used  to 
predict  the  in-depth  response.  The  ablation  eode  also 
provides  the  blowing  boundary  condition  for  the  Navier 
Stokes  and  boundary  layer  codes.  This  is  important  since 
the  blowing  reduces  the  wall  gradients  and  therefore 
reduces  the  convective  flux  The  cool  carbon  laden 
blowing  gases  can  also  absorb  some  of  the  radiative  flux 
to  the  wall,  the  resulting  heated  boundary  layer  gases 
increasing  the  convective  flux  again.  Convective 
blockage  of  about  20%  for  Rosetta  is  estimated  from  the 
boundary'  layer  and  ablation  codes,  and  this  is  currently 
being  assessed  using  a  full  Navier  Stokes  code  Radiative 
blockage  has  not  yet  been  assessed,  but  is  part  of  current 
studies 
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•  Accurate  predictions  of  the  base  convective  fluxes 
arc  elusive. 

5.3  Catalytic  Wall  Effects 

Catalytic  wall  effects  arc  expected  for  both  Huygens  and 
Marsnet  where  non-equilibrium  flows  are  encountered 
Fully  catalytic  walls  were  assumed  in  the  early  analysis, 
but  boundary  layer  solutions  for  Huygens  and  Navier 
Stokes  Solutions  for  Marsnet  show  that  significant 
reductions  in  convective  fluxes  can  occur  for  non-catalytic 
TPS  surfaces.  However  before  advantage  can  be  taken  of 
this,  the  catalytic  behaviour  of  the  atmosphere  gases  on 
the  TPS  wall  must  be  known  with  some  certainty, 
especially  if  the  TPS  has  been  exposed  to  space 
environments  for  example  radiation,  debris  impact, 
thruster  plume  impingement  and  thermal  cycling.  The 
reactions  for  Oo  and  No  recombination  have  been  studied 
for  some  Earth  entry  TPS,  but  the  data  still  exhibit  large 
scatter  For  Mars  the  CO2  recombination  is  very 
important  to  assess.  Similarly  for  Huygens  No  and  CH\ 
recombination  appear  very  important. 

Conclusions  from  the  discussion  of  catalytic  effects  : 

•  Catalytic  wall  reactions  are  important  for  Marsnet 
and  Huygens 

•  TPS  lifetime  needs  certain  assessment  before 
advantage  can  be  taken. 

•  Catalytic  reaction  experiments  for  the  Mars  entry  are 
planned  in  current  ESA  sponsored  research,  as  part 
of  the  ’Aerochcmistry  in  Hypersonic  Flows'  contract. 


•  Ablator  response  is  fully  coupled  to  the  flowfield  and 
thus  TPS  sizing. 

•  Ablation  and  thermal  characteristics  of  candidate 
carbon  phenolic  is  to  be  investigated  in  the  current 
phase  of  the  ESA  sponsored  'Aerochcmistry  effects 
Hypersonic  Flows'  contract.  This  will  provide 
validation  data  for  prediction  codes  to  be  used  for 
Rosetta 

•  Ablative  boundary  conditions  have  been  incorporated 
into  the  Navier  Stokes  code  TINA 

5.5  Contamination 

TPS  contamination  can  occur  when  atmospheric  gases 
dissociate  to  form  potential  condensates  or  absorbants. 
Such  is  the  case  for  Huygens  where  carbon  is  formed 
from  the  cracking  of  CH4.  Analysis  and  experiment  have 
shown  that  the  carbon  is  driven  towards  the  cool  wall  by 
diffusion,  and  condenses  on  the  wall.  Since  the  wall 
temperature  is  low  compared  to  the  carbon  sublimation 
temperature,  it  is  supposed  that  the  carbon  is  supercooled 
and  gives  up  its  latent  heat  on  touching  the  surface.  A 
significant  build  up  of  carbon  deposits  is  expected  from 
analysis  and  experiment  for  Huygens  amounting  to  0  3 
mg/cm^.  Other  hydrocarbons  may  be  absorbed  or 
formed  in  the  deposit  or  TPS  surface. 

Absorbents  may  outgas  during  descent,  and  particulates 
may  shear  off  if  the  TPS  is  present.  To  date  it  has  not 
been  possible  to  distinguish  between  particulate  and 
gaseous  material  removed,  but  it  has  been  shown  that 
circumstances  could  exist  where  the  contaminant  removed 
from  the  heatshield  could  enter  the  instruments  if  the  TPS 
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is  present.  While  this  is  a  worst-on-worst  analysis,  total 
TPS  removal  was  selected  for  the  Phase  B  baseline. 

•  Contamination  remains  an  open  issue  for  Huygens 

•  TPS  contaminant  absorption  models  no  not  exist. 

•  Outgassing  models  need  specific  experimental 
investigation. 

6  AEROTHERMAL  DATABASE 

From  the  level  2  parametric  studies,  the  extent  of  the 
required  aerothermal  database  is  determined.  All  three 
entries  require  some  extension  of  existing  data  to  higher 
temperatures,  and  in  some  cases  the  data  are  sparse  or 
non-existent. 

Sensitivity  studies  of  the  Titan  atmosphere  chemical 
mechanism  indicated  that  a  reduction  in  the  set  could  be 
made  but  that  this  differed  throughout  the  entry  regime, 
thus  while  a  reduction  for  the  time  consuming  Navier 
Stokes  computations  could  be  made,  the  full  set  is  retained 
for  parametric  studies.  Generally  extension  and  validation 
of  the  thermodynamic  properties  to  15000K  is  necessary 
for  the  Huygens  entry.  Although  the  dissociation  of  CH4 
occurs  very  rapidly,  initial  studies  at  FGE  have  only  used 
diatomic  vibrational  relaxation  equations,  and  there  is  a 
lack  of  high  temperature  polyatomic  relaxation  data. 

For  Mars,  initial  studies  show  very  low  ionisation  levels. 
However  there  is  a  variation  in  the  chemical  kinetics  data 
and  high  temperature  data  for  CO2  is  lacking.  The  >w 
level  of  Ni  in  the  atmosphere  can  lead  to  a  small 
proportion  of  CN  and  this  may  make  the  radiative  heating 
significant  should  entry  velocities  increase.  At  present  the 
radiative  fluxes  are  negligibly  small. 

The  Rosetta  entry  gives  equilibrium  shock  layer 
temperatures  of  about  14000K,  with  substantially  higher 
temperatures  just  inside  the  shock.  A  large  amount  of 
ionisation  >«  also  predicted  at  these  temperatures.  At 
present  the  database  takes  advantage  of  the  large  amount 
of  recent  activity  in  Earth  entry  for  AFE  and  Mars  return 
up  to  about  12  km/s.  The  Rosetta  entry  at  16  km/s 
presents  a  significant  increase  over  current  Earth  entry 
knowledge. 

Radiative  fluxes  for  the  Rosetta  entry  are  large  and  have 
influenced  the  geometiy  of  the  entry  capsule  significantly 
Prior  to  these  missions  radiative  flux  predictions  in 
Europe  were  not  required,  and  now  development  of  these 
techniques  is  necessary, 

•  The  Huygens  thermochemical  database  responsibility 
has  passed  to  the  project  prime  contractor,  but  it 
seems  likely  that  the  chemical  mechanism  and 
radiation  databases  will  need  validation. 

•  The  establishment  of  a  high  temperature 
thermochemical  database  for  Mars  entry  is  planned  at 
Univcrsile  de  Provence  (SETT)  free  piston  tunnel 
with  Professor  Brun  under  the  present 
'Aerochcmistry  Effects  in  Hypersonic  Flows' 
contract. 


•  A11  initial  validation  of  the  air  thermochemical  model 
for  Rosetta  is  also  planned  at  the  same  facility  under 
the  same  contract 

•  Development  of  a  non-equilibrium  radiation  code  is 
underway  at  University  of  Stuttgart  (IRS)  with 
Professor  Messersehmid  under  the  same  contract 
activity. 

7  FACILITY  REQUIREMENTS 

The  development  of  high  enthalpy  facilities  is  essential  for 
the  understanding  of,  and  database  generation  for 
aerothermodynamic  problems  for  planetary  entry. 

The  trend  towards  increasing  cfd  analysis  to  support 
design  is  only  sustainable  if  the  databases  are  made 
available,  which  means  development  of  the  necessary 
facilities.  It  appears  that  project  funding  is  too  late  for 
this  effort  since  both  facility  development  and 
experimental  programmes  are  time  consuming. 

Facilities  need  to  be  upgraded  to  enable  investigation  of 
the  highly  ionised  flows  applicable  to  Rosetta.  Marsnet 
and  Huygens  are  not  so  much  of  a  problem  with  the 
modem  free  piston  facilities  being  developed,  but  the 
higher  temperature  ranges  may  not  be  reached  even  for 
these  class  of  entries  in  an  undisturbed  flow. 

Catalytic  wall  studies  are  most  important,  but  clean 
experiments  to  produce  consistent  results  scorn  elusive. 
Further  effort  is  needed  here. 

Ablation  studies  are  being  carried  out  for  Rosetta,  but  the 
pressure  and  heat  flux  conditions  arc  difficult  to  match 
with  existing  European  plasma  arc  or  solar  furnace 
facilities.  A  significant  upgrade  in  arc  jet  facilities  and 
further  effort  on  plasma  characterisation  is  required. 

8  CONCLUSIONS 

,-iu  overview  of  wipe  aspects  of  the  preliminary  design  of 
ballistic  entry  vehicles  for  planned  and  potential 
ESA/NASA  missions  to  Titan,  Mars  and  Earth  return  has 
been  presented.  The  historical  development  of  the 
designs  from  the  early  studies  has  been  shown,  where 
mostly  low  level  design  tools  were  used 
The  designs  tend  to  change  little  in  later  phases  where  the 
most  sophisticated  method,,  am  b.  "'gb>  to  bear  for  fine 
tuning  and  confirmation. 

Apart  from  the  need  for  continued  development  of 
computational  tools  at  all  levels,  the  greatest  need  is  seen 
to  be  for  thermoehemical  and  radiation  data  without  which 
the  tools  are  useless,  and  therefore  the  facilities  to  gather 
such  data  are  equally  important  to  support  the  long  term 
design  requirements.  The  timescales  for  code 
development,  fundamental  experimental  programmes  and 
facilities  development  are  comparable  to  project 
development  times.  The  tools  and  data  need  to  be 
available  very  early  in  the  project,  and  early  planning  is 
essential. 
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RESUME 

Les  souffleries  R5  et  F4  constituent  deux  moyens 
compllmentaires  pour  Pltude  des  phinomines  de  rentrie 
atmosphirique  de  vlhicules  spatiaux. 

La  soufflerie  R5  a  tit  conpie  pour  simuler  des  Icoulements 
hypersoniques  4  faible  nombre  de  Reynolds  en  rig jme 
continu.  Depuis  sa  mise  en  service  en  1989,  sa  mission  a 
d’abord  consists  en  la  qualification  de  mlthodes  de  mesures 
en  basse  densitl  destinies  4  la  soufflene  4  haute  enthalpie 
F4.  Son  activity  s’est  oricntle  ensuite  vers  l’itude  des 
phinomines  d’interaction  visqueuse  dans  une  optique  de 
validation  de  codes  de  calcul  rlsolvant  les  Iquations  de 
Navier-Stokes. 

La  soufflene  k  arc  bref  F4  est  en  cours  de  mise  en  service. 
Construite  dans  le  cadre  du  programme  d’avion  spatial 
Hermls,  eDe  est  destinie  k  Tirade  des  effets  de  gaz  riel  et 
notamment  des  effets  liis  k  la  dnitique  chimique  au  count 
de  la  rentrie  dans  l’atmospklrc. 

Les  performances,  le  princtpe  et  la  description  de 
^installation  sont  rappelis  ainsi  que  le  diroulement  des 
premiers  essais  de  mise  en  service. 

1.  INTRODUCTION 

Avcc  les  souffleries  hypersoniques  RS  et  F4, 1’ONERA  s’est 
doti  de  moyens  d’ essais  d’importance  capitate  pour  Tirade 
des  phinomines  airothermodynamiques  liis  k  la  rentrie 
atmosphirique  d’engini  spatiaux. 

Destinie  k  l’itude  des  phinomines  airodynamiques  dominis 
par  les  effets  simultanis  des  grands  nombres  de  Mach  et  des 
faibles  nombres  de  Reynolds  (qui  conduisent  an 
diveloppement  de  couches  limit es  trhs  ipsisses),  la  soufflene 
hypersonique  k  basse  densiti  R5  est  particuliirement  bien 
adaptie  k  Tirade  des  interactions  risque  uses  fortes.  Elle  a 
iti  con^uc  et  en  grande  partie  rialisie  en  1968/1969  sur  le 
centre  ONERA  de  Chalais-Meudon,  mais  ea  raison  de  la 
baisse  d’sctrritl  dans  le  domaine  hypersonique  dans  les 
annies  1970,  sa  mise  en  service  a  iti  diffirie. 

A  la  suite  du  regain  d'intirit  pour  les  itudes  hypersoniques 
suscitl  par  le  programme  Hermit,  a  hit  diddi,  en  1989,  de 
rendre  la  soufflene  R5  opirationneQe  [1],  d’une  part  pour  y 
mener  un  programme  de  recherches  fondamentales  sur  les 
interactions  onde  de  choc-coucbe  limite  (dans  le  but, 
notamment,  de  valider  des  codes  de  calcul),  ifautre  part 
pour  y  dive  topper  des  mithodes  de  mesure  destinies  k  la 
soufflerie  4  haute  enthalpie  F4  (2]. 


La  didsion  de  construire  la  soufflerie  4  haute  enthalpie  F4 
au  centre  d’essai  ONERA  du  Fauga-Mauzac,  pris  de 
Toulouse,  a  iti  prise  en  1988  Han<  le  cadre  du  programme 
Hermit. 

La  difinidon  de  l’installation  a  fait  appcl  4  Pexplrience 
acquise  p.J’  l’ONERA  avec  les  souffleries  ARC  de  Fontenay 
aux  Roses,  qui  cmt  foncdonni  juxqu’en  1975. 

Ce  type  de  soufflerie  se  caractirise  par  une  durie  de  rafale 
de  plusieurs  dizaines  de  millisecondes  appreciable, 
notamment,  pour  les  mesures  d’efforts.  F4  complite  done 
d’autres  moyens  d’essais  utilisis  pour  itudier  les  effets  de 
gaz  riil  pour  le  programme  Hermls.  Elle  permet 
d’atteindre  des  enthalpies  riduites  et  des  pressions 
giniratrices  significa  lives  ses  composantes  sont 

dimensionnies  pour  atteindre  Hj/RT,  -  200  et  p-,  >  2000 
10s  Pa  4  Pair.  La  mise  en  service,  commencie  au  deuxiime 
trimestre  1991  jusqu’4  H,/RTa  -  100,  nicessite  des  mises  au 
point  visant  4  amiliorer  la  tenue  de  la  chambre  4  arc  et  4 
riduire  la  pollution  liie  au  chauffage  du  gaz  d’essai 
La  mise  au  point  des  moyens  de  mesure  (sonde  <f  enthalpie 
et  de  dux  massique  p  V,  balanc  s  4  compensation  tfinertie) 
est  igalement  effeemie  avant  les  premiers  essais  industriels. 

2.  LA  SOUFFLERIE  R5 

2J1  Presentation  de  la  soufflerie 

2.1  J  Domaine  de  simulation  et  lntirit  de  ce  moyen  d’essai 

Dans  les  conditions  de  vol  hypersonique  4  haute  altitude,  les 
effets  risque ux  tendent  4  prendre  une  importance 
primordiale  en  raison  de  Plpaississement  rapide  des  couches 
limites  et  de  la  grande  sensibility  de  la  pression  4  Tigard  de 
la  variation  locale  de  direction  induite  par  la  couche  limite 
elle-mlme.  Ce  phlnomlne  est  eonnu  sons  le  oom 
^’interaction  visqueuse*  [3]  et  ses  rlpcrcussions  sur  le 
champ  alrodynamique  sont  qualifies,  pour  les  coefficients 
globsux,  par  le  paramltre  d’interaction  visqueuse  x  * 
M/VRe^  ,  oh  M  et  ReL  sont  respectivement  k  nombre  de 
Mach  et  le  nombre  de  Reynolds.  Au  court  de  la  rentrie 
atmosphirique  (Pun  engin  d’une  longueur  de  10  tn,  ce 
paramltre  f  varie  de  0,1  4  0,01  lorsque  P altitude  passe  de 
75  4  50  km,  comme  le  moctre  la  figure  L  La  soufflerie  R5 
simule  ce  domaine  de  valeur  de  %■  Elle  rlpond  4  un  besoin 
majeur  rencontrl  en  hypersonique,  les  souffleries  en  service 
jusqu’alors  4  I’ONERA  ne  permettant  pas  de  simuler  des 
valeurs  de  i  suplrieurei  4  0,008. 

De  plus,  du  fait  dea  faibles  nombres  de  Reynolds,  3  est 
possible  de  rlaliser  des  Icoulements  entilrement  laminaires 
sur  des  maquettes  de  dimension  import  ante,  ce  qui  prlsente 


un  grand  intdret  pour  valider  Its  codes  Navier-Stokes,  co 
s'affranchissant  des  probldmes  lids  k  la  moddlisation  de  la 
turbulence.  Par  ailieurs,  la  faibie  masse  spdcifique  (p0  =  3,9 
HT*  kg/m3)  de  1’dcoulement  dans  cette  soufflerie  en  fait  un 
moyen  d’essai  privildgid  pour  la  mise  au  point  des  mdthodes 
de  mesures  optiques  en  basse  densite. 

2.1.2  Description  et  fonctionnement 

La  figure  2  reprdsente  I’ensemble  du  circuit  adrodynamique 
de  la  soufflerie.  En  amont  fair  est  chauffd  jusqu’k  une 
tenpdrature  gdndratrice  T,  voisine  de  1100  K  par  passage  k 
travers  un  rdchauffeur  dlectrique  k  effet  Joule  d'une 
puissance  de  100  kW.  D  s’agit  done  d’une  soufflerie 
hypersonique  "froide",  le  niveau  de  tempdrature  gdndratrice 
dtant  juste  sufflsant  pour  dviter  la  liqudfaction  de  Pair  en 
cours  de  ddtente  dans  la  tuydre.  A  la  sortie  du  rdchauffeur 
est  disposde  une  vanne  k  trois  voies  k  action  rapide  qui 
permet  de  rdaliser  un  amor^age  de  1’dcoulement  en  un 
temps  de  l’ordre  d'un  centidme  de  seconde. 

La  tuydre  rdalisde  en  acier  a  une  longueur  totale  de  1,7  m. 
Cest  une  tuydre  de  rdvolution  profilde  ’tronqude"  dont  le 
contour  a  dtd  calculd  [4]  pour  dormer  dans  le  plan  de  sortie 
un  dcoulement  uniforme  de  nombre  de  Mach  dgal  k  10  pour 
les  conditions  nominal es  suivantes  :  pression  gdndratrice 
pt  =  23  105  Pa  et  tempdrature  gdndratrice  Tj  »  1100  K.le 
col  de  la  tuydre  a  un  rayon  rc  »  5,279  10"3  m.  Le  rapport 
K/rc  du  rayon  de  courburc  de  la  mdridienne  au  col  (S)  au 
rayon  du  col  (rc)  vaut  80,  ce  qui  assure  une  grande 
progre  sivitd  de  la  ddtente  dans  la  premidre  partie  de  la 
tuydre.  Le  diamdtre  en  sortie  de  tuydre  est  0,355  m.  La 
tuydre  ddbouche  dans  un  caisson  d’essai  de  vastes 
dimensions  identique  k  cclui  adoptd  pour  toutes  les  autres 
souffleries  k  rafales  de  l’dtabiissement  de  Chalais-Meudon. 

La  veine  d’essai  est  du  type  k  jet  libre,  la  distance  entre  le 
plan  de  sortie  tuydre  et  1’entrde  de  la  reprise  du  diffuseur 
dtant  de  0,47  m  (voir  figure  3). 

L'ensemble  diffuseur  est  constitud  d’une  reprise  tronconique 
convergente  suivie  d’un  mdlangeur  cylindriquc  prolongd  par 
une  partie  diffusante  divergente  venant  se  raccorder  k  une 
canalisation  qui  aboutit  k  la  sphdre  k  vide.  La  mise  au  point 
de  l’ensemble  diffuseur  a  dtd  rdalisde  en  bdndffdant  des 
installations  du  Laboratoire  d’Adrothermique  du  CNRS  de 
Meudon.  Une  dtude  fine  d’une  famille  de  diffuseurs  pour 
souffleries  hypersoniques  k  faibie  nombre  de  Reynolds  a 
ainsi  dtd  effectude  [5].  Cette  dtude  mettait  I'accent  sur  les 
avantages  que  l’on  peut  tirer  d’une  rccompression  naturclle 
de  1'dcoulement  dans  le  diffuseur.  En  effet,  plus  longtemps 
1’dcoulement  dans  le  diffuseur  conserve  une  pression 
supdrieure  k  la  pression  dans  le  rdservoir  aval  •  laquelle 
augmente  au  fur  et  k  mesure  que  celui-d  se  remplit  -  plus 
le  ddsamor^age  est  retardd,  ce  qui  prolonge  bien 
dvidemment  la  durde  utile  de  la  rafale.  Le  rapport  de 
compression  de  l’ensemble  reprise  plus  mdlangeur  est  id  de 
l'ordre  de  68,  ce  qui  est  trds  satisfaisant  et  autorise  des 
durdes  de  rafales  comprises  entre  60  et  90  secondes  selon  la 
maquette  placde  dans  la  veine  d'essai. 

Le  diffuseur,  dans  lequel  s’effectue  la  recompression,  est 
raccordd  k  une  sphdre  k  vide  d'une  capadtd  de  500  m3  et 
dont  la  pression  est  de  l’ordre  de  quelques  Pascal  en  ddbut 
de  rafale. 


On  trouvera  rappeldes  en  Annexe  les  conditions  nominal  es 
de  fonctionnement  de  {'installation  et  les  caractdristiques  qui 
en  rdsultent  pour  l’dcculement 

2.1.3  Qualification  de  la  veine  d’essai 

L’dcoulement  produit  par  la  tuydre  a  dtd  qualifid  de  maniere 
expdrimentale  et  thdorique. 

Le  sondage  de  1’dcoulement  a  dtd  effectud  au  moyen  d’un 
rube  de  Pitot  fixd  k  1’extrdmitd  du  sabre  d’un  explorateur. 
Les  explorations  ont  dtd  exdcutdes  en  adoptant  le  repere 
ddftni  sur  la  figure  3,  qui  montre  dgalement  la  position  des 
profils  prdsentds  sur  la  figure  4. 

D  s’agit  des  distributions  radiales  du  nombre  de  Mach  dans 
les  sections  X  =  0,005  m  (trds  prochc  du  plan  de  sortie 
tuydre),  X  =*  0,1  m  et  X  -  0,2  m.  Pour  la  rdgion 
isentropique  (dcoulemcnt  sain)  ces  valeurs  som  calculdes 
directement  k  partir  du  rapport  entre  la  pression  d’a nit 
isentropique  p’,  donnde  par  le  tube  de  Pitot  et  la  pression 
gdndratrice  Pj.  Au  sein  de  la  rone  dissipative  (couche  limite 
et  zone  de  mdlange),  le  nombre  de  Mach  est  calculd  en 
supposant  la  pression  statique  p  transversalement  constante 
et  dgalc  k  la  valeur  ddduite  du  nombre  de  Mach  donnd  sur 
la  frontidre  de  cette  rdgion.  On  distingue  trds  nettement  la 
partie  d’dcovlement  sain  et  la  couche  de  mdlange  entourant 
le  noyau  fluide  parfait.  La  couche  lim:te  en  sortie  de  tuydre 
a  une  dpaisseur  8  pratiquement  dgalc  k  0,08  m,  ce  qui 
rdduit  le  noyau  de  1’dcoulement  utile  k  un  cercle  de 
diamdtre  0,195  m.  D  est  k  noter  que  ce  diamdtre  est  presque 
constant  sur  l’dtendue  axiale  explorde,  1a  zone  de  mdlange 
$e  ddveloppant  depuis  la  sortie  de  la  tuydre  en  continuation 
de  la  couche  limite  ayant  un  laux  d’dpanouissement  faibie  en 
raison  de  son  caractdre  laminaire. 

Si  l’on  considdre  la  totalitd  des  lignes  explordes  (8  lignes,  dc 
X  ■  0,05  k  X  »  03  m),  le  nombre  de  Mach  moyen  dc 
1’dcoulement  isentropique  a  la  valeur  M  »  9,918  t  0,07.  Ces 
explorations  ont  permis  de  qualifier  expdrimentalement 
1’dcoulement  en  ddmontrant  1’absence,  d’une  part  de 
pertubations  notables  du  type  onde  de  choc,  d’autre  part  de 
gradient  axial  apprddable. 

Par  ailieurs,  1’dcoulement  a  dtd  calculd  par  rdsolution 
numdrique  des  dquations  de  Navier-Stokes  [6]  grace  au  code 
HOMARJD2  mis  au  point  k  I’ONERA  par  Hollanders  et 
Marmignon  [7,8].  Ce  code  repose  sur  une  mdthode  de  type 
volumes  finis  implicate  et  suppose  que  fair  se  com portc 
comme  un  gaz  parfait  pour  lequel  y  =  1,4  et  Pr  *  0,72. 

La  figure  5  prdsente  une  comparaison  entre  la  rdpartition  de 
nombre  de  Mach  sur  1’axe  de  la  tuydre  issue  du  calcul  et 
celle  qui  a  dtd  imposde  lors  de  la  conception  de  la 
tuydre  [1],  Cette  comparaison  condui<  k  d’exccllents  rdsultats 
compte  tenu  du  faibie  rafimement  du  maillage  utilisd  (7300 
noeuds)  pour  rdaliser  le  calcul. 

La  figure  6  compare  le  profil  de  vitesse  rdduite  u/ue  issu  du 
calcul  en  sortie  de  tuydre  k  celui  ddduit  des  mesures 
effectudes  dans  la  section  X  «  0,005  m.  Les  deux 
distributions  coincident  bien,  sauf  dans  la  rdgion  oh  se  situe 
la  frontidre  entre  la  couche  limite  et  ie  noyau  d’dcouiement 
isentropique  oh  le  calcul  surestime  la  vitesse  ,  refidtant  ainsi 
le  fait  que  I’dpaisseur  de  la  couche  limite  se  ddveloppant  le 
long  de  la  paroi  de  la  tuydre  est  ldgdrement  sous-estimde,  ce 
qui  est  peut-dtre  dh  au  manque  de  finesse  du  maillage. 


22  Domaine  d’activitd 

22.1  Qualiflcatloa  de  mdthodes  optiques  pour  des 
dcoulements  de  basse  densitd 

Lc  niveau  de  masse  volumique  dans  la  soufflerie  &  haute 
enthaipie  F4  est,  pour  certains  regimes  de  fonctionnement, 
le  mime  que  celui  de  la  soufflerie  R5  (p  =  3,9  Iff4  kg/m3). 
Aussi,  en  raison  de  sa  souplesse  d’e^nloi  (une  rafale  d’au 
moins  60  secondes  par  heure)  et  de  son  faible  cout  de 
fonctionnement,  la  soufflerie  R5  est  utilisde  pour  la 
qualification  de  mdthodes  de  visualisation  :  strioscopie 
dassique  et  &  contraste  de  phase  (9],  interfdromdtrie 
holographique  [10],  fluorescence  induite  par  faisceau 
d’dlectrons  [11],  La  figure  7  illustre  ces  techniques.  II  s’agit 
de  visualisations  rdalisdes  autour  d’un  barreau  cylindrique 
dispose  transversalement  4  l’icoulement,  de  diam&tre  15  10"3 
m  et  de  longueur  150  Iff3  m.  La  figure  7a  est  relative  &  une 
vue  sirioscopique  dclair  de  l’dcoulement.  La  figure  7b 
prdsente  un  interfdrogramme  holographique  avec  franges  oe 
fond  horizontales.  D  est  obtenu  par  un  montage  dit  ”4 
multiple  traverses",  id  2  aller-retours,  soient  4  traversdes, 
ce  qui  permet  d’augmenter  d’autant  la  sensibilitd  par  rapport 
4  un  montage  4  simple  traversde.  La  ddformation  de  (’image 
du  cylindre  est  probablement  due  4  une  mauvaise  orientation 
du  cylindre  vis  4  vis  du  champ  lumineux  dV.ude. 

La  figure  7c  prdsente  une  visualisation  du  mime  dcoulement 
au  moyen  de  la  Fluorescence  par  Faisceau  d’Electrons 
(FFE).  La  photo  rdalisde  a  dtd  prise  avec  un  temps  de  pose 
de  30  secondes  pendant  lequel  le  faisceau  d’dlectrons  balaie 
angulairement  le  domaine,  de  manidre  4  erder  un  plan  de 
visualisation.  Cette  visualisation  matdriaiise  nettement  1’onde 
de  choc  ddtachde  qui  se  produit  en  amont  du  cylindre.  Ce 
proeddd  ne  permet  pas  settlement  de  rdaliser  des  images, 
mais  donne  aussi  des  renseignements  quantitatifs  sur 
l’dcoulement  traversd  vitessc,  masse  spddfique, 
tempdratures  de  vibration  et  de  rotation.  Cette  technique  est 
du  plus  haul  intdrdt  pour  l’analyse  des  dcoulements  en  gaz 
rardfid. 

La  distance  de  ddtachement  du  choc  (A)  mesurdc  sur  les 
vues  strioscopiques  et  par  fluorescence  par  faisceau 
d’electrons  vaut  A/R  «  036.  Ce  rdsultat  est  en  bon  accord 
avec  les  fortuities  empiriques  [11]  comme  avec  les  rdsultats 
de  calcul  [12]  qui  donnent  0,4. 

2 22  Validation  de  code  de  calcul 

Le  code  de  calcul  HOMARD2,  employd  pour  calculer 
I’dcoulement  dans  la  tuydre  a,  par  ailleurs,  dtd  utilisd  pour  le 
calcul  de  configurations  de  type  rampe  bidimensionnelle 
dans  les  conditions  de  la  soufflerie  R5  en  vue  de  comparer 
les  rdsultats  obtenus  aux  mesures  effectudes  par  les 
diffdrentes  techniques  expdrimentales  mises  en  oeuvre  sur 
des  configurations  temblables  [14,15]. 

La  figure  8  prdsente  les  maquettes  dtudides.  Q  s’agit  d’une 
plaque  4  bord  d’attaque  aigu,  tuivie  d’une  rampe 
bidimensionnelle  d’angle  P  ■  15*  ou  25*.  Le  nombre  de 
Reynolds  basd  sur  la  longueur  de  rdfdrencc  L  -  0,179  m 
sdparant  le  bord  d’attaque  de  la  charnidre  de  I'dlevon  vaut 
dans  lea  deux  cas  ReL  -  30000. 

La  figure  9  montre  les  lignes  de  courant  obtenues  par  calcul 
dans  les  deux  cas  considdrda.  L'interactkm  se  ddveloppant 
sur  le  diddre  de  IS*  (Fig.9a)  ne  conduit  pas  au  ddcoUemeat 
de  la  coucbe  limite.  Le  choc  oe  tdte  eat  courbe  prda  du  bord 
d’attaque,  rdgion  sidge  de  phdnomdnet  d’interactioos  fortes 


(16).  L’interaction  engendrde  par  le  diddre  d'angle  25*  (Fig. 
9b)  entralne  la  formation  d’un  ddcoUement  dtendu. 

Rampe  d’angle  P  =  15* 

Sur  la  figure  10  le  champ  de  masse  volumique  calculd  est 
confrontd  4  une  visualisation  oblenue  au  moyen  de  la  FFE, 
cette  technique  dtant  sensible  aux  variations  de  densitd  de 
1’ dcoulement  [17],  Cette  comparaison  met  en  dvidence  un 
excellent  accord  calcul-expdrience.  Les  positions  de  l’onde 
de  choc  de  tdte  et  celle  due  au  diddre  sont  correctement 
ddtermindes  par  le  calcuL 

Dans  le  cas  de  cette  rampe,  des  pressions  paridtales  ont  dtd 
mcsw6cs  [18]  4  l'aidc  de  capteurs  diffdrentiels  4  self.  Lors 
de  ces  essais,  les  capteurs  dtaient  situds  dans  le  caisson 
d’essai  et  relids  aux  orifices  de  pression  par  l’htermddiaire 
de  conduits  en  caoutchouc.  Les  mesures  >dalisdes  sont 
prdsentdes  sur  la  figure  11  sous  la  forme  du  coefficient  de 
pression  Cp  -  (p  -  Po)  /  °3  Po  U02  ,  oh  p  est  la  pression  4 
la  paroi  et  pp.  Pq,  U0  sont  les  grandeurs  de  l’dcoulement 
fibre  prddsdes  en  Annexe.  Ces  mesures  sont  compardes  4 
Involution  longitudinale  calculde  par  le  code  HOMARD2. 
L’accord  est  satisfaisant.  L’impossibilitd  d’implanter  des 
prises  de  pression  dans  lc  biseau  de  la  maquette  ne  permet 
pas  d’obtenir  des  valeurs  expdrimentales  dans  le  domaine 
proche  du  bord  d’attaque.  Ndamoins  4  partir  de  X/L  « 
0363,  l’expdrience  rend  compte  de  la  ddcroissance  de  Cp  sur 
la  plaque  plane  suivant  le  mdcanisme  de  rinteraction 
visqueuse  forte  [3].  Le  coefficient  de  pression  Cp  croit 
ensuite  de  manidre  quasi-lindaire  le  long  de  la  rampe 
refldtant  ainsi  la  compression  de  l’dcoulement  provoqude  par 
la  rampe.  Cette  courbc  est  typique  d’une  interaction  sans 
ddcoUement  [19], 

Rampe  d’angle  P  *  25* 

Alin  de  s’affranchir  d’effets  de  bord  mis  en  dvidence  sur 
cette  configuration  [20],  les  expdrienccs  avec  un  angle  de 
diddre  de  25*  ont  dtd  exdcutdes  sur  une  maquette  munie  de 
barridres  latdrales  ou  'fences’. 

La  figure  12  compare  une  visualisation  obtenue  par  FFE 
avec  les  ligLes  d'dgales  valeurs  de  la  masse  volumique 
calculde.  EUe  fait  ressortir  un  excellent  accord  aussi  bien  au 
niveau  de  la  position  des  ondcs  de  choc  que  de  la  frontidre 
de  la  couche  limite.  Les  chocs  dus  au  ddcoUement  et  au 
recollement  de  la  couche  limite  sont  particulidrement  bien 
mis  en  dvidence  par  la  visualisation  et  recoupent 
parfaitement  le  calcul.  La  ligne  oblique  qui  apparalt  sur 
cette  vue  est  la  trace  de  la  barridre  latdrale  en  verre 
disposde  pour  dviter  tes  effets  tridimensionnels. 

La  figure  13  prdsente  une  comparaison  entre  1’dvolution 
longitudinale  du  coefficient  de  frottement  paridtal  Cj  et  une 
visualisation  par  enduit  visqueux.  La  ligne  de  ddcoUement 
est  dairement  matdrialisde  sur  la  plaque  en  amont  de 
I’dlevon  4  i’abscisse  X/L  *  0,75  ,  c r.  qui  coincide 
remarquablement  avec  I’absdsse  oh  le  coefficient  de 
frottement  t'annule  en  changeant  de  signe.  La  position  de  la 
ligne  de  recollement  sur  I'dlevon  est  moins  prddsdment 
identifiable  et  fait  apparaftre  des  effets  tridimensionnels 
notables.  Toutefoia,  elk  coincide  approximativement  avec 
fabsdsse  4  partir  de  laquelie  le  coefficient  de  frottement 
redevient  positif  [20]. 

Dea  profils  de  tempdrature  et  de  masse  volumique  ont  dtd 
mesurds  en  cinq  abscisses  (X/L-  0,4  ;  0,6  ;  03  ;  1,0  et  13) 
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au  moyen  dc  la  Diffusion  Raman  Anti-Stokes  Cohirente 
(DRASC)  multi-raies  [21],  Cette  technique  pennet  la 
mesure  dc  la  temperature  de  rotation  de  la  molecule 
o  uzote,  qui  est  assimilable  k  la  temperature  de  translation, 
moyennant  l’hypothise  justifide  qu’il  n’y  a  pas  de 
disiquilibre  rotationnel  dans  lasouffierie  R5.  Cette  methode 
pennet  en  outre  la  mesure  de  la  masse  volumique. 

La  figure  14  montre  des  comparaisons  entre  let  profils  de 
temperature  mesures  et  ceux  issus  du  calcul  [22].  Les  profils 
k  X/L  ■  0,4  et  0,6  sont  situds  en  amont  de  la  region  de 
recirculation,  ceux  4  X/L  «  03  ;  1-  et  XpL  concement  des 
stations  situdes  dans  la  partie  dicollie.  L’accord  calcul- 
expdrience  au  niveau  des  tempdratures  est  remarquable.  En 
revanche  les  densit ds  difid  rent  sensiblemcn.  pour  les  deux 
profits  situds  les  plus  en  aval.  Ce  ddsaccord  est  peut-itre  dd 
aux  effets  tridimensionnels  qui  affectent  sensiblement 
l’dcoulement  dans  cette  zone. 

3.  LA  SOUFFLE RIE  F4 
3.1.  Domaine  de  fooettonnement 

La  figure  15  prdsente  une  trajectoire  de  rentrde  dUermis 
dans  le  plan  (altitude,  vitesse).  Les  courbes  de  tempdrature 
d’arrdt  derriire  le  choc  (calculdes  en  supposant  que 
l’dquilibre  therm odynamique  est  atteint),  ainsi  que  les  limites 
approximadves  des  domaines  de  dissociation  de  Foxygine  et 
dc  l’azote  sont  aussi  reprdsentdes. 

On  sait  que  dans  oes  conditions  d’dcoulement,  il  n’y  a  plus 
de  loi  de  similitude.  exacte  et  qu’il  est  impossible,  dans  le  cas 
gdndrai,  de  reproduire,  sur  une  maquette  4  dchcJle  riduite, 
Ficoulemcnt  du  voL  La  provision  de  ce  qui  se  passexa  en  vol 
doit  dtre  faite  par  le  calcul,  spris  validation  de  la  mithode 
utilisde  par  des  expdriences  sur  maquette,  riafisies  dans  des 
conditions  bien  connues,  mettant  en  jeu  des  phinominc* 
physico-chimiques  de  mime  nature  que  ceux  qui  sont 
attendus,  c es  conditions  itant  bien  entendu  aussi  proches 
que  possible  de  celles  du  voL 

Les  phinomines  de  gazrdcl  sont  lids  au  niveau  d*6nergie  du 
gaz  atteint  derriire  le  choc,  c*cst  4  dire  en  fait  k  la  vitesse  de 
rentrie  de  1’ivion  spatial,  et  pour  la  sou  filmic,  au  niveau 
d'enthalpie  totale  Hj.  L’objectif  de  F4  est  d’attcindre  des 
enthalpies  giniratrices  riduites  Hj/RT,  de  Fordre  de  200  k 
I' azote  et  de  180  4  Pair,  correspondant  k  des  vitesse* 
d’icoulement,  apris  ditente  dans  la  tuyire,  dipassant 
5000  m/s. 

Mime  si  la  similitude  complite  n’existe  plus,  on  pent 
s’intiresser  k  des  similitudes  partie  lies.  Si  Fob  s’intiresse 
particuliirement  k  la  dnitique  chimique,  des  parsmitres 
importants  sont  la  vitesse  (c*est  k  dire  I’inergie  du  gaz)  et 
pJLn  (p„  masse  volumique,  L^  longueur  de  rifirence), 
dont  I’igaliti  en  vol  et  sur  maquette  assure,  si  les  chocs 
binaires  sont  pripondirants,  que  les  distances 
caractiristiques  de  dissociation  sont  bien  dans  le  rapport  des 
longueurs  de  rifirence.  La  figure  16  prisente  les  possibilitis 
de  simulation  de  P4  en  ce  domaine. 

La  soufilerie  R5  pennet  une  itude  approfoodie  des  effets 
d'interaction  risque  use.  Un  des  objectifi  de  F4  est  de 
permettre  de  compliter  ces  dtudes,  lorsque  des  effets 
important*  de  gaz  riel  tout  prisent*.  La  figure  17  prisente 
les  possibilitis  de  F4  en  ce  domaine :  lea  grander  vaieun  de 
X  rencontries  dans  la  phase  initiate  de  la  rentrie  pourront 
itre  atteintes,  I  des  riteues  qui,  bien  qu’eQes  soient 
infiricures  i  celles  du  vol,  s’aeeompagnerant  d'efieu  de  gaz 
riel  importants. 


33.  Description  de  la  aoufflerie  (Figs.  18  et  19) 

Le  gaz  d’essai  enfermi  dans  la  chambre  k  arc,  est  chauffi  et 
mis  en  pression,  k  densiti  consume  (7  k  200  kg/m9),  au 
moyen  d’un  arc  ilectrique  de  plusieurs  dizaines  de 
alimenti  par  un  ginirateur  impulsionneL 
Lorsque  la  pression  risie  est  atteinte  en  fin  d’arc  le  gaz  est 
fortement  ditendu  dans  une  tuyire.  L’expulsion  d’un 
bouchon  placi  au  col  de  la  tuyire  marque  le  dibur  de  la 
rafale  (Fig30). 

La  maquette  mstrumentie  est  placic  dans  un  caisson 
L'icoulcment  en  jet  fibre  est  repris  k  1’aval  par  un  difiuseur 
jusqu’4  un  riservoir  mis  k  un  vide  de  2  Pa  avec  le  caisson 
d’essai  et  la  tuyire  avant  le  dr. 

La  rafale  est  interrompue  par  ouverture  d’un  dapet 
pyrotechnique  entre  la  chambre  1  arc  et  sa  riservdr 
tampon,  recevant  Fexcis  de  gaz  lorsque  la  chute  de  pression 
ne  pennet  plus  Ficoulement  souhaiti. 

333.  Ginirateur  impulslonnd 

0  est  consdtui  d’un  volant  (finertie  de  15  tonnes  coupli  k 
un  alternateur  de  150  MW.  L’alternateur  fonrtionne  en 
moteur  synchrane  4  friquence  variable  pour  lancer  le  volant 
4  6000  tr/mn  ce  qui  reprisente  un  stocki^e  (Tinergie  de  400 
MJ.  Le  drarit  ilectrique  moteur  est  alors  diconnecti,  le 
rotor  est  exriti  et  Falternatcur  alimentr.  la  chambre  4  arc  en 
courant  condnu  par  rintennidiaire  d’un  pont  redresseur  4 
diodes  et  d’un  contacteur  rapide  CL  L’arc  est  inidi  entre  les 
ilectrodes  par  un  fil  conductenr  fusible.  Le  contacteur  C2 
interrompt  Tare. 

332.  Chambre  4  arc 

La  chambre  est  constituic  (Tune  enveloppe  cyfindrique 
risistante  4  la  pression  et  comportant  une  chemise  amoriblc 
en  ader.  A  chaque  extrimiti  les  parte-ilectrodes  ferment  la 
chambre.  Leur  position  relative  est  riglable  pour  ajuster  le 
volume  jusqu’4 15  litres  (Fessenriel  des  essais  a  iti  effeemi 
4  10  litres).  Les  ilectrodes  de  forme  spiralie  produisent  un 
champ  magnitique  qui  entraine  Fare  en  rotation  sur  leur 
piripbirie  sfin  de  riduire  Firosion.  Un  ‘finer'  mitalfiqtie 
d’ipaisseur  5  mm,  garnit  rintirieur  de  la  chambre  et 
protige  la  chemise  en  ader. 

Le  remplissage,  air  ou  azote  purs,  se  fait  par  un  orifice  et 
comporte  un  cycle  de  purge.  La  pression  dans  la  chambre 
est  mesurie  par  plusieurs  capteurs  de  pression.  L’enthalpie 
gdniratrice  moyenne  est  calculie  au  moyen  du  diagramme 
de  M oilier  4  partir  de  la  densiti  (pression  et 

tempirature  de  remplissage)  et  de  la  pression  mesurie. 

32.3.  Caisson  d’essai 

La  sphixe  consdtuant  le  caisson  d’essai  est  situic  entre 
F  extrimiti  de  la  tuyire  et  la  piice  de  reprise  du  diffuse  ur. 
Un  premier  support,  riglable  en  mddenee  et  dirapage  par 
positions  diserdes,  re$o«t  les  moettges  de  maquette  en  dard. 
Un  second  support  motorisi  pennet  one  variation 
(finddence  de  20*  en  50  ms. 

Le  systime  de  fixation  des  supports  de  maquette  pennet 
igslement  Faccrochage  de  supports  de  sondes  et 
(Tinstrumeatt  (fivers.  Des  dard  4  3  et  6 

composantat,  4  compensation  (Finertie,  ont  iti  diveloppies 
pour  les  pesics  des  maquette  Hermit.  Ces  balances  et  la 
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mdthode  de  restitution  des  efforts  sont  en  cours  de 
qualification  aprfcs  dtalonnagc  (lichen  dynamiques). 

3.2.4.  Systlme  de  commande  et  de  surveillance 

Les  divers  lots  de  Pinstaflation  sont  commands  et  jontrdlds 
par  des  automates  places  eux-mdmes  sous  le  contrdle  d’un 
systime  de  supervision  qui  assure  le  ddroulement  des 
sequences  pendant  la  prdparatiou  et  l’exfeculion  des  tits.  Un 
tel  systdme  est  indispensable  compte  tenu  de  la  durde  des 
tirs.  □  ddlivre  les  ordres  successifs  avec  une  precision  de  0,5 
ms.  Les  informations  d’dtat  sont  transmises  1  Popdrateur  par 
l’intennddiaire  de  synopdques  sur  dcran  viddo. 


3 2  S.  Chalne  d’acquisition  et  ddpouUlement 

La  chaine  d’acquisition  comporte  72  voies  de  mesures, 
autonomes  jusqu’au  stockage  numdrique  des  informations. 
La  cadence  d’acquisition  pent  atteindre  SO  KHz  par  vole  et 
la  mdmoire  rapide  permet  de  Stocker  64000  mots  de  16  bits 
par  voie. 

Chaque  voie  de  mesure  comporte  des  dispositifs  de 
calibration  automatiques.  Un  ordinaleur  Micro  Vaz  assure 
l'exploitation  des  rafales. 

33.  Essais  de  mise  en  service 

La  mise  en  service  de  F4  a  dtd  retardde  par  un  accident 
survenu  en  juillet  1990  an  volant  tTinerde  et  consdcutif  1  un 
ddfaut  de  graistage  des  paliers  Ion  des  essais  de  rdception 
par  le  fournisseur. 

Aprds  r cm  placement  du  volant,  une  premidre  sdrie  de  tirs  a 
dtd  effectude  an  demddme  trimestre  1991  ea  ntflisant  one 
chambre  atmosphdrique  puis  une  chambre  ARC2,  rdcupdrde 
et  adaptde,  de  la  soufflerie  de  Fontenay. 

Les  lots  constituent  P installation  (machine  unpuhionnefle, 
syst&me  de  vide,  rempfissage,  supervision,  moyeus 
d’acquisition)  ont  dtd  mis  au  point. 

La  chambre  1  arc  F4  a  alors  dtd  installde  et  mise  en  service 
fin  juin  1991  avec  rempfissage  A  P azote,  jusqu'A  novembre 
1991.  Hj/RT,  -  118  et  pi  marimaie  875  105  Pa  ont  dtd 
atteints. 

Sur  cette  chambre  de  conception  nowrelle  des  mises  au  point 
technologiquea  ont  dtd  ndeessaires.  D’abord  un  probldme 
d’isolants  entre  dlectrodes  et  porte-dlectrode*.  Puis  une 
modification  de  circuit  <f  alimentation  pour  dviter  Parrdt  de 
Parc  par  une  protection  du  gdsdmeur  placde  sur  le  circuit 
de  mass e  cotnmun  et  sensible  aux  courants  parasites  au 
niveau  de  la  chambre  A  arc  Avsat  <f  aboutir  I  une  solution 
ddfinitive  3  a  dtd  ndeessaire  dlsoler  le  liner*  mdtallique  avec 
un  ddpflt  de  pftte  silastAnc  (Rbodorsil  CAF4)  xvsnt  chaque 
tir  (Azote)  ou  un  chemisagr  nylon  (ddbut  dea  essais  A  Pair). 
Au  cours  des  essais  A  P azote  quelqoes  essais  de  variation  de 
panundtrea  ont  dtd  Cuts  poor  optimiser  la  forme  et  la 
distance  des  dlectrodes,  la  nature  des  isolantt,  les  matdriauz 

•pasrifs*  poor  obtenir  lew  czpulskn  k  la  pretshm  souhaitde, 

de  1ft  mmavfrfte* 

Sous  U  pression  des  futurt  utifitateurs,  les  essais  A  Pair  ant 
dtd  sbordds  dds  novembre  1991  et  se  ponrsuheet.  Quelquet 
essais  A  Pszote  sont  cependant  mteitaJda,  par  ezempie  ion 
(fessais  per  la  Direction  de  la  Physique  pour  Identifier 
Pdcoulement  ea  veine  et  asettre  ea  dvidence  des  (fiffdreaces 
azote-air  (Fig.  21). 


Les  essais  A  Pair  ont  essentiellement  comportd  3  phases  A  ce 
jour : 

-  <!«*«  mmk  pour  Pamdlioration  de  la  configuration  de  la 
chambre  pour  augm  enter  la  pression  et  Penthalpie  avec  un 
minimum  de  ddgradations  des  surfaces  en  contact  avec  le 
gaz  et  un  minimum  de  pollution  solide,  dvalude  par  pesde 
d’un  impacteur  dans  la  veinc 

ActueUcment  le  liner’  cuivre  donne  les  meilleurs  rdsultats 
poor  les  valeurs  (Penthalpie  rdduite  de  100  atteintes. 

Des  essais  sont  encore  effectuds  pour  tester  les  meilleurs 
isolants  autour  des  dlectrodes. 

-  des  essais  de  ddveloppemeat  de  diffdrentes  techniques  de 
qualification  de  Pdcoulement  par  la  Direction  de  la 
Physique  :  strioscopie,  tomographic  par  plan  de  lumi&re 
laser,  spectromdtrie  d’dmisskm,  vdlochndtrie  laser,  sondes  de 
Langmuir,  fluorescence  excitde  par  dlectron  (FFE). 

-  Le  ddbut  des  essais  de  qualification  dc  la  tuydre  n*  2  en 
mars  1992. 

L’objectif  A  court  terme  est  d’idmtificr  et  ifamdfiorer 
Pdcoulement  poor  ces  conditions  avant  d’dtcndre  le 
domainc.  Des  amdliorations  trchnologiqucs  pour  le  domaine 
ouvert  soot  (Paillcurs  ddjA  dtudides  chambre 
interm  ddiaire.’bafflei* _ 

4.CONCLUSION 

La  soufflerie  R5  permet  de  simuler  des  dcoulements 
hypersoniques  A  foible  nombre  de  Reynolds,  comspcmdant 
A  des  conditions  de  rentrde  rencontrdes  A  des  altitudes 
voisines  de  60  km. 

Hie  permet  de  reproduce  des  paramdtres  <P  interaction 
visqueuse  gfobauz  %  proches  de  0,05  pour  un  nombre  de 
Mach  de  10  et  de  rdafiser  des  dcoulements  entidrement 
lamina  ires  sur  dea  magnetics  de  dimension  importante. 
Cette  installation  coustitue  done  un  moyen  particufidrement 
prdcieuz  pour  la  qualification  de  mdthodes  de  mesure 
optiques  et  la  rdafisation  de  cas  tests  permettant  la 
validation  de  codes  de  calcuL 

Ainsi  les  essais  qui  ont  dtd  meads  dans  cette  soufflerie  scion 
ee  double  point  de  vue  ont  conduit  A  une  validation  mutuelle 
dea  mdthodes  de  mesure  et  de  cakuL 

La  soufflerie  F4  est  artuellemeat  en  cours  de  mise  au  point 
et  constitue  un  important  outil  d'investigatiou  dea  effets  de 
gaz  rdel,  paraUAlement  A  (Pautres  installations  curopdcnnes 
et  notsmment  HEO. 

Le  domainr.  visd  permet  une  large  exploration  de  conditions 
(fessais  diffdrentea,  pendant  den  temps  de  rafoic 
refatthement  longs,  de  plusietn  efizaiaes  de  miOisecondea. 
Le  problfeme  ementirl  de  ce  type  de  soufflerie  A  arc  est  ctM 
de  la  pollution  da  gaz  d’essai  par  lea  prodaht  veaaat  de 
Pdrosion  dea  electrodes  et  des  sarfoeet  ea  contact  avec  le 
gaz.  Des  depositions  pankufidret  ot  dtd  prime,  lots  de  la 
conception  de  la  chambre  A  arc;  poor  r  ces 

poflatkna,  notammeat  pour  la  mise  en  rotation  trie  rapide 
de  Parc  eketrique.  L’anaiysc  de  la  quafitd  dea  dcoufcrmcBti 
obteaus  riant  de  commeacar  et  dee  amfficcatkna 
tschaologiqnet  visaat  A  dfiminrr  la  plaa  poaribk  lac 

coon  d’dtade  et  pourroat  Am  apportdes  A  la  chambre.  Q 
rests  dridmamrat  baaacaup  da  travail  pour  atteindre  toua 
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les  objcctifs  aitsignds  A  F4,  mats  son  utilisation  jusqn’d  des 
conditions  d’essai  d’enthaipie  riduite  moyezme,  de  l’ordre  de 
100,  devrait  pouvoir  conunencer  prochainemenL 
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souffleries  RS  et  F4  :  MM.  Bouchardy,  Bonder,  Dunet,  Faleni, 
Girard,  Grisch,  Mohamed,  Pialat,  PhUbert,  Surget  et  Tarot. 


ANNEXE 

Conditions  nominates  de  fonctionnement  de  La  sonfflerie  R5 

L’ensemble  de  l’instaliation  (richauffeur,  tuyire,  diffuscar) 
a  iti  difini  pour  des  conditions  nominales  rappeldes  id  : 
prcssion  giniratrice  -  24  10s  Pa 

temperature  giniratrice  Tjq  -  1100  K 

nombre  de  Mach  Mq  -  10 

vitesse  de  l’icoulement  amont  U0  •  1450  m/s 

II  en  rdsulte  les  conditions  statiques  snivantes  dans  la  veins 
d’essai  calcul  ics  en  snpposant  y  «  1,4 

Po  -  5,9  Pa 
T0-524K 
p„  -  34  Iff4  kg/m3 

ce  qui  conduit  aux  valeurs  snivantes  : 

nombre  de  Reynolds  unitaire  ReB  »  167000  m'1 

nombre  de  Reynolds 

(calculi  avec  L  -  0(2  m)  RcL  «  33600 

paramitre  global  (Tinteraction  visqueuse 
(calculi  avec  L  «  0(2  m)  jf  «  0/159 

Le  libre  parcours  molicuiaire  moyen  vaut  1  -  0,514  UT3  m 
d’oit  pour  une  longueur  L  »  0(2  m,  un  nombre  de  Knudsen 
K„  -  1/L  -  247  10T3. 
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Fig.  10 :  Comparaison  das  lignea  d’egales  valours  de 
la  masse  volumique  calcutee  et  d’une 
visualisation  FFE  sur  la  rampa  0  =  15*  (R5) 


Fig.  12  :  Comparaison  das  lignes  d’6gales  valeurs  da 
la  masse  volumique  Calcutta  et  d’une 
visualisation  FFE  sur  la  rampa  fj  =  25*  (R5) 


Fig. 19  :  Vue  de  la  soufflerie  F4 


Fig.20  :  Evolution  de  la  pression  g6n6ra trice  -  Air  -  (Hj/RTa  =  100  ,  pj  =  300  bar)  (F4) 


Fig. 21  :  Strloacoplea  Air  ft  Azote  {H|/RTa  ■  100,  pj  *  300  bar)  (F4) 
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The  High  Enthalpy  Facilities  HEG  and  TH  2  in  Germany 


G.  Eitelbergl'  and  H.  Olivier^) 

1)DLR,  Bunsenstr.  10,  D  -  3400  Gottingen  and  2)RWTH  Aachen, 
StoBwellenlabor,  Templergraben  55,  D  -  5100  Aachen 
Germany 


SUMMARY 

The  two  high  enthalpy  shock  tunnels  in  Aachen 
and  Gottingen,  both  Germany,  are  described. 
Both  of  these  are  shock  tunnels  operating  in  the 
reflected  mode.  The  Aachen  tunnel  has  a 
heated  driver  and  the  Gottingen  tunnel  has  a 
free  piston  driver.  The  Aachen  tunnel  has  been 
in  operation  for  a  number  of  years  already  and 
the  characteristic  operating  conditions  of  this 
tunnel  are  described.  The  tunnel  in  Gottingen 
(HEG)  is  currently  being  established.  In  this 
paper  the  first  commissioning  results  of  this 
tunnel  are  being  described.  The  Aachen  tunnel 
TH2  covers  a  testing  range  in  air  from  perfect 
gas  behaviour  to  real  gas  behaviour  with 
significant  oxygen  dissociation  effects.  The 
HEG  was  designed  to  operate  in  the  flow 
regimes  were  also  significant  nitrogen 
dissociation  dominates. 

1.  SHOCK  TUNNEL  OPERATING 
PRINCIPLES 

The  elementary  shock  tube  performance  is  well 
documented  in  a  number  of  text  books  (e.g. 

Ref.  1).  It  will  thus  be  sufficient  to  bring  into 
attention  the  usual  notations  of  the  different 


flow  fields. 

A  shock  tunnel  consists  of  a  driver,  driven 
section,  nozzle,  and  dump  tank  with  test 
section  (see  Fig.  1).  Detailed  characteristics  of 
the  Aachen  shock  tunnel  may  be  found  in  (Ref. 
2),  the  GOtlingen  tunnel  HEG  is  described  in 
(Ref.  3).  Driver  and  driven  section  are 
separated  by  the  main  diaphragm.  The  driver 
section  is  filled  with  the  so-called  driver  gas, 
usually  helium,  at  an  initial  pressure  P4  and 
temperature  T4.  In  the  HEG,  the  burst 
conditions  P4  and  T4  are  achieved  by  a  fast 
adiabatic  compression  of  the  driver  gas  with  a 
free  flying  piston.  The  driven  section  contains 
the  test  gas,  usually  air,  at  an  initial  pressure  pj 
and  temperature  T  j .  Before  the  test  starts  the 
dump  tank  is  evacuated.  It  is  separated  from 
the  driven  section  by  another,  thin  diaphragm 
to  avoid  the  inflow  of  the  test  gas  into  the 
dump  tank  before  the  test  starts.  Figure  1  shows 
schematically  the  setup  of  the  tunnel  and  the 
pressure  distribution  within  the  shock  tube  for 
various  times  during  the  run.  To  start  the 
operation,  the  diaphragm  between  driver  and 
driven  section  is  allowed  to  burst.  Then  a  shock 
wave  forms  into  the  test  gas  (1)  increasing  its 
pressure  and  temperature  to  P2  and  T2  in  the 

region  (2).  Behind  this  shock  wave  the  contact 
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surface  follows  which  separates  the  driver  and 
driven  gas.  The  driver  gas  acts  like  a  piston 
which  compresses  the  test  gas  rapidly. 

A  few  milliseconds  after  the  bursting  of  the 
diaphragm  the  incident  shock  wave  arrives  at 
the  end  wall  of  the  driven  section.  The  Aachen 
and  the  Gbttingen  shock  tunnels  operate  in  the 
reflected  mode,  i,e„  the  incident  shock  wave  is 
reflected  at  the  end  wall  and  thereafter 
propagates  upstream.  During  this  reflection 
process  the  second  diaphragm  between  driven 
secton  and  nozzle  burst  and  the  nozzle  flow 
starts.  The  flow  velocity  behind  the  reflected 
shock  is  zero  to  a  first  approximation  if  the 
outflow  into  the  nozzle  is  neglected.  The 
complete  kinetic  energy  of  the  shock  heated 
gas  in  region  (2)  is  thus  converted  to  high 
temperature  and  pressure  of  the  stagnant  region 
(5)  behind  the  reflected  shock.  The  compressed 
test  gas  having  a  temperature  of  a  few 
thousand  degrees  centigrade  expands 
subsequently  through  the  nozzle.  The  high 
stagnation  enthalpy  is  thus  converted  lo  a  high 
free  stream  velocity  in  the  test  section. 

In  the  following  a  summary  description  of  the 
Aachen  shock  tunnel  TH  2  is  given.  The 
second  part  of  the  paper  gives  a  brief 
discussion  of  the  distinguishing  characteristics 
of  the  HEG. 


2.  THE  AACHEN  SHOCK  TUNNEL  TH2 

2.1  Typical  Air  Flow  Data  and  Calibration  of 
the  Aachen  Shock  Tunnel  TH  2 

During  the  last  years  the  tunnel  was  mainly 
operated  under  test  conditions  which  are  listed 
in  Tab.  1.  The  main  purpose  of  these  conditions 
is  to  study  the  influence  of  real  gas  effects  on 
hypersonic  aerodynamics.  Therefore  the 
stagnation  temperature  is  varied  between  1500 
K  and  4700  K,  which  covers  at  the  lower  limit 
perfect  gas  behaviour  and  at  the  upper  limit 
real  gas  behaviour  with  significant  oxygen 
dissociation  behind  the  bow  shock.  Of  course 
not  only  these  test  conditions  can  be  generated 
but  also  all  other  possible  test  section  flows 
which  are  within  the  operating  characteristics 
of  the  shock  tunnel. 

The  calibration  of  the  test  flow  is  performed  by 
measuring  the  Pitot  pressure  distribution  in 
streamwise  and  crosswise  directions  and  by 
stagnation  point  heat  flux  measurements  to 
determine  the  stagnant  enthalpy  (Ref.2) 

To  get  a  first  knowledge  of  the  thermal  and 
chemical  free  stream  properties,  calculations  of 
the  nozzle  flow  have  been  performed,  which 
take  into  account  vibrational  and  chemical 
relaxation  processes  of  a  five  component  air 
model  (Ref.  4).  The  high  nozzle  reservoir 
pressure  prohibits  the  evolution  of  big  amounts 
of  dissociated  species  in  the  flow. 


r 


Therefore  at  the  nozzle  exit  for  test  condition 
IV  (see  Tab.  1)  only  0.2  %  atomic  oxygen  and 
3  %  NO  are  expected  so  that  the  chemical 
composition  of  the  free  stream  in  front  of  the 
model  even  at  this  high  nozzle  supply 
temperature  can  be  regarded  as  atmospheric 
air. 


2.2  Operating  procedure  to  determine  the 
flow  conditions  of  TH  2 

To  determine  the  actual  flow  performances  the 
shock  tunnel  is  equipped  with  several 

measuring  gauges.  In  the  driver  section  the 
supply  pressure  P4  of  the  driver  gas  as  well  as 

the  gas  temperature  T4  arc  measured.  The 
speed  of  the  incident  shock  is  deduced  from  the 
signals  of  three  pressure  gauges  which  are 
installed  at  different  axial  positions  near  the 
end  wall.  The  last  of  these  three  gauges  also 
gives  the  nozzle  reservoir  pressure.  Within  the 
test  section  a  Pitot  pressure  gauge  and  a  shpere 
with  a  thermocouple  at  its  stagnation  point  are 
mounted  (sec  Fig.  1).  For  the  determination  of 
the  flow  conditons  these  two  gauges  give  the 
most  important  informations.  The  measured 
Pilot  pressure  and  stagnation  point  heat  flux  of 
the  sphere  are  used  to  deduce  the  stagnation 
enthalpy  h(j,  the  specific  free  stream  mass  flux 

P00U00  and  the  dynamic  pressure  Of 

course  in  this  case  the  free  stream  density  and 
velocity  arc  also  known.  The  knowledge  of  the 
total  enthalpy,  specific  mass  flux  and  dynamic 
pressure  is  necessary  to  determine  pressure 
coefficients  (Eq.  1)  and  simplified  Stanton 
numbers  (Eq.  2)  from  surface  pressure  and  heat 
flux  measurements  around  a  model: 


y-3 


P-P°° 

^U-T 


(1) 


St  = 


_ a _ 

poo  Uoo  (hD  *  hw  ) 


(2) 


Of  course  the  accuracy  of  the  achieved  pressure 
coefficients  and  Stanton  numbers  also  depend 
on  the  knowledge  of  the  considered  free  stream 
conditions.  From  the  experimental  point  of 
view  it  makes  no  sense  to  try  to  increase  the 
accuracy  of  the  measured  model  surface 
values,  like  the  pressure  p  or  the  heat  flux  q, 
unless  the  knowledge  of  the  free  stream 
conditions  is  adequate. 

The  procedure  to  determine  the  free  stream 
conditions  is  as  follows:  The  formula  of  Fay 
and  Riddell  (Ref.  5)  (see  Eq.  3)  gives  an 

implicit  equation  for  the  stagnation  temperature 
Ts  at  the  stagnation  point  behind  a  normal 

shock.  The  stagnation  point  heat  flux  qsph  is 

measured  during  the  test: 

Qsph  =  °-94  <PWPJ°  '  (PsPs)04- 


(3). 


The  subscript  w  indicates  the  wall  conditions 
and  the  subscript  s  the  flow  conditions  at  an 
imaginary  stagnation  point  of  the  external  flow. 
Le  indicates  the  Lewis  number  and  du/dx|t  is 

the  tangential  velocity  gradient  at  the 
stagnation  point.  All  stagnation  values  at  the 
right  hand  side  ot  Eq.  (3)  are  computed  as 
function  of  the  Pitot  pressure  and  the  stagnation 
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temperature,  where  an  equilibrium  flow 
between  shock  and  stagnation  point  is  assumed. 
During  the  routine  use  of  this  formula,  it  turned 
out,  that  to  achieve  a  high  accuracy  of  the 
stagnation  temperature  it  is  necessary  to 
employ  a  more  accurate  flow  model  for  the 
computation  of  the  velocity  gradient  (Ref.  6) 
than  it  was  proposed  by  Fay  and  Riddell  (Ref. 
5)  and  others.  Using  this  more  accurate  flow 
model  for  the  stagnation  point  region,  the 
accuracy  of  the  deduced  stagnation 
temperatures,  achieved  from  Eq.  (3)  could  be 
increased  by  approximately  10  %  (Ref.  6). 

To  compute  the  free  stream  values  p^,  uM  and 
Poo  simple  normal  shock  relations  are  applied, 

where  the  conditions  behind  the  shock  are 
reduced  to  the  measured  and  computed 
stagnation  values.  Between  the  shock  and  the 
stagnation  point  a  constant  density  flow  is 
assumed.  This  leads  to  very  simple  equations 
for  the  free  stream  values.  As  it  has  been 
shown  by  Stalker  (Ref.  7)  for  blunt  bodies  this 
assumption  is  even  valid  for  high  enthalpy 
flows  with  real  gas  effects.  The  solution  of  this 
set  of  equations  for  the  considered  mass 
fluxand  dynamic  pressure  is  (Ref.9): 


P,  , - 

Poo  tloo  “  y  2  (hf  -  hoo). 


11- 


/  RT,  P, 

V' P*  h’ 


-PocO 

S  "  ^OC 


(4) 


and 


2p, 

po°  U2®®  =  ^jT  (h,  -  hoo). 


r 

/  Ps  ■  Poo  1 

P’VhJ 

A  complete  description  of  the  method  will  be 
given  in  (Ref.  6). 

The  accuracy  of  these  expressions 
have  been  tested,  comparing  the  values  given 
by  Eqs.  (4)  and  (5)  with  corresponding  ones 
found  by  a  complete  nozzle  calculation  for 
equilibrium  air  and  frozen  flow  (Ref.  8).  At 
5000  K  stagnation  temperature  the  difference 
between  the  mass  flux  given  by  Eq.  (4)  and  the 
nozzle  calculation  only  amounts  to  1  %  (Ref. 

9).  The  same  holds  for  the  dynamic  pressure. 

But  the  main  advantage  of  the  described 
method  is,  that  it  only  uses  alues  which  are 
measured  within  the  test  section.  In  short 
duration  facilities,  free  stream  conditions  in 
particular  are  sometimes  hard  to  determine. 

The  general  recommendation  is  to  deduce  these 
values  from  the  nozzle  reservoir  conditions 
behind  the  reflected  shock,  where  the  pressure 
is  usually  recorded  and  the  temperature 
calculated  from  the  measured  values  of  the 
initial  driven  section  temperature  T  j  and  the 

shock  Mach  number.  With  these  values  a 
nozzle  calculation  is  performed  which  gives  the 
desired  free  stream  conditions.  However,  using 
the  recommended  method  a  lot  of  uncertainties 
enter  the  problem.  These  arise  due  to  several 
problems: 

-  due  to  complex  reflected  shock  shapes  at  the 
shock  tube  end  wall,  a  reliable  computation 
of  the  reservoir  temperature  is  not  possible, 
also  due  to  unknown  influence  of  heat  losses 
caused  by  radiation  and  driver  gas 
contamination; 


► 


-  the  computation  of  the  nozzle  flow  is  not  very 
reliable  due  to  uncertain  chemical  and 
thermal  models  of  the  nozzle  flow,  and  also 
due  to  uncertain  description  of  the 
transitional  and  turbulent  nozzle  boundary 
layer; 

-  using  the  measured  nozzle  reservoir  and  Pitot 
pressure  for  a  nozzle  flow  calculation,  in 
short  duration  facilities  the  time  delay  caused 
by  the  finite  signal  travelling  speed  between 
the  signals  of  the  reservoir  and  the  test 
section  has  to  be  taken  into  account.  This 
time  delay  can  not  be  predicted  very 
precisely. 

All  these  problems  are  avoided,  if,  as  it  is 
described,  the  free  stream  conditions  arc 
determined  without  referring  to  the  nozzle 
reservoir  conditions.  Figure  2  shows  typical 
time  histories  of  the  stagnation  temperature,  as 
they  are  achieved  from  the  measured  stagnation 
point  heat  flux  and  the  described  method.  For 
comparison  there  arc  also  shown  theoretical 
values  of  the  stagnation  temperature  which 
have  been  computed  from  the  nozzle  reservoir 
condition  assuming  both  an  equilibrium  flow 
along  the  nozzle  up  to  the  stagnation  point  and 
a  frozen  flow.  The  nozzle  reservoir  temperature 
has  been  computed  from  the  measured 
reservoir  pressure. 

For  the  highest  stagnation  temperature  in  Fig. 

2.  the  deviation  from  the  equilibrium  value  is 
due  to  the  fact,  that  for  this  flow  condition  the 
free  stream  is  not  fully  in  equilibrium.  A  quasi 
1  D-nonequilibrium  computation  for  the 

stagnation  point  streamline  yielded  the 
stagnation  temperature  Ti  noneq  (see  Fig.  2). 


which  is  in  excellent  agreement  with  the 
experimental  value.  This  example  shows,  that 
the  used  method  is  also  valid  for 
nonequilibrium  free  stream  conditions, 
provided  that  between  shock  and  stagnation 
point  the  flow  comes  to  equilibrium  (Ref.6). 

In  Fig.  2  it  is  seen  that  during  the  flow  starting 
process,  1 5  2  ms,  obviously  the  stagnation 
temperature  develops  from  a  very  high  value, 
which  is  remarkably  higher  than  that  of  the 
stationary  flow  phase  This  is  an  unphysical 
phenomenon,  therefore  in  this  region  the  time 
history  is  marked  as  broken  line.  The  reason  for 
this  is  given  by  the  relatively  long  rise  time  of 
the  Pitot  pressure  compared  to  that  of  the 
stagnation  point  heat  flux  (Ref.  6). 

2_J  Typical  results  of  pressure  and  heat  flux 
measurements 

As  a  typical  result  of  pressure  and  heat  flux 
measurements  and  the  following  data  reduction 
of  these  values  to  pressure  coefficients  and 
Stanton  numbers.  Fig.  3  shows  the  results  of  4 
tests  with  a  double  ellipsoid  model,  which  was 
used  as  test  case  of  the  Antibes  Workshop  Part 
1, 11  (Ref.  10).  Tests  with  other  models  and  at 
other  fl<  m  conditions  have  also  been  perfom.ed 
(Ret  once  the  results  of  these  4  tests  are 
ach.  !  >t  i tic  same  flow  condition.  Fig.  3 
also  gives  typical  repeatability  margins  for  this 
case. 

It  is  seen  that  in  general  the  repeatability  is 
good,  even  in  critical  region  of  strong  pressure 
and  heat  flux  gradients  it  is  still  satisfactory.  As 
expected  the  deviations  of  the  pressure 
coefficient  are  smaller  than  those  of  the 


Stanton  number,  because  the  pressure  is  not  so 
sensitive  to  changes  of  the  free  stream 
properties  as  the  heat  flux.  In  general,  the 
repeatability  of  the  considered  parameters 
depend  on  the  free  stream  Mach  number, 
Reynolds  number,  etc.  On  the  other  hand,  for  a 
fixed  nozzle  geometry  these  values  depend  on 
the  nozzle  reservoir  conditions.  Of  course,  with 
some  similarity  laws  deviations  of  the  Mach 
and  Reynolds  number  from  one  test  to  each 
other  can  be  accounted  for .  But  these  laws  are 
often  only  valid  for  simple  shapes,  like  a  flat 
plate,  and  for  laminar  boundary  layers. 
Therefore  to  achieve  a  high  repeatability  it  is 
necessary  to  reproduce  the  nozzle  reservoir 
conditions  as  well  as  possible.  For  the  tests  of 
Fig.  3  the  maximum  deviation  of  the  nozzle 
reservoir  pressure  for  all  4  tests  was  4,6  %, 
which  gave  a  maximum  repeatability  margin  of 
7  %  for  the  Pitot  pressure.  Therefore  the  free 
stream  deviations  were  so  small,  that  a  Mach 
and  Reynolds  number  correction  were  not 
applied  to  the  results  shown  in  Fig.  3. 

3.  THE  HEG 

3.1  Description  of  the  HEG 

Like  all  free  piston  driven  shock  tunnels,  the 
HEG  is  used  to  provide  simulation  capability 
for  the  dissociation  effects  in  both  oxygen  and 
also  nitrogen.  The  arrangement  of  the  free 
piston  driven  shock  tunnel  HEG  consists  of 
three  main  sections:  the  driver  section 
including  the  air  buffer  for  piston  acceleration; 
the  driven  tube;  and  the  nozzle  and  test  section. 
The  driver  section  consists  of  a  33m  long 
compression  tube  of  internal  diameter  0.53m 
within  which  the  free  flying  piston  compresses 


the  driver  gas  (usually  helium).  At  the 
downstream  end  of  the  compression  tube  the 
primary  diaphragm  is  located. 

The  shock  tube  has  a  length  of  17  m  and  an 
internal  diameter  of  0.15  m.  The  downstream 
end  of  the  shock  tube  acts  as  the  reservoir  for 
the  nozzle. 

The  HEG  nozzle  is  contoured  to  provide 
parallel  flow  in  the  test  section  at  Mach  7  -9 
depending  on  the  reservoir  enthalpy  achieved. 
The  nozzle  has  a  length  of  3.75  m,  throat 
diameter  of  22  mm  and  exit  diameter  of  .88  m. 
The  Mach  number  decreases  with  increasing 
reservoir  enthalpy  due  to  the  increase  of  the 
free  stream  temperature. 

The  piston  is  accelerated  with  air  from  the 
wrap-around  secondary  buffer  at  the  upstream 
end  of  the  compression  tube.  The  fill  pressures 
for  the  compression  tube  are  selected  such  that 
the  designed  burst  pressures  for  the  primary 
diaphragm  are  achieved  with  the  compression 
ratio  of  X  =  60.  which  yields  a  driver  gas 
temperature  of  approximately  T5  =  4200  K  (the 

driver  gas  is  initially  at  ambient  temperature). 
When  the  piston,  through  its  inertia,  has 
compressed  the  driver  gas  to  the  required 
pressure  level,  the  primary  diaphragm  bursts, 
starting  the  shock  tube  operation. 

As  the  aim  is  to  produce  high  enough 
enthalpies  for  nitrogen  dissociation  simulation, 
very  strong  shocks  are  required  in  the  driven 
tube.  The  characteristic  dissociation  energy  of 
nitrogen  is  Ej  =  34  MJ/kg  .  Through  adiabatic 

heating  of  the  driver  gas  with  the  help  of  a 
heavy  piston,  specific  enthalpies  h.  comparable 


with  the  above  value  can  be  achieved  in 
combination  with  high  densities.  The  high 
densities  are  required  in  order  to  obtain 
sufficiently  short  dissociation  lengths.  The 
dissociation  energy  of  nitrogen  is  also 
comparable  with  the  specific  energy  of  an 
orbital  flight  vehicle  E  =  v^/2. 

3.2  Calibration  Status  of  the  HEG 

Calibration  of  HEG  is  performed  by  measuring 
parameters  at  various  positions  within  the 
facility  and  then  making  comparisons  with 
currently  available  modelling.  Of  principal 
importance  is  the  characterization  of  the  flow 
at  the  exit  ot  the  HEG  nozzle  (free-stream 
conditions).  Here  parameters  are  required  when 
making  comparisons  with  computer  modelling 
of  reentry  conditions  as  experienced  by,  for 
example,  Hermes.  It  is  also  important  to 
establish  the  uniformity  of  the  flow  for  each  of 
the  operating  conditions. 

As  well  as  calibration  measurements  in  the 
nozzle,  flow  upstream  is  to  be  measured  as  it 
influences  both  the  free-stream  conditions  and 
the  safety  and  lifetime  of  the  facility. 
Measurements  in  the  shock  tube  section 
provide  input  data  on  the  entry  conditions  of 
the  nozzle  while  measurements  in  the 
compression  tube  will  monitor  the  piston 
motion  which  can  influence  the  operating  time 
of  the  facility. 

3.2.1  Driver  Section 

The  driver  section  of  HEG  consists  of  a  free- 
moving  piston  which  is  accelerated  along 
the  tube  by  high  pressure  air  currently  at 


pressures  up  to  50  bar.  In  front  of  the 
piston  is  the  driver  gas  (normally  helium) 
which  has  currently  been  compressed  up 
to  500  bars,  at  which  point  a  diaphragm 
ruptures  initiating  the  shock  tube  flow.  A 
summary  of  conditions  tested  in  the  HEG 
so  far  is  given  in  Table  2.  Parameters  and 
methods  of  measuring  were: 

-  Piston  trajectory.  Sensors  located  at  5 
positions  along  the  compression  tube 
monitor  the  time  at  which  the  piston 
passes  from  which  the  piston  trajectory  as 
a  function  of  position  and  time  has  been 
determined.  The  main  part  of  the 
trajectory  agrees  with  the  prediction 
within  the  resolution  of  the  modelling. 

The  prediction  method  is  described  by 
McIntyre  and  Atcitty  (Ref.  12). 

-  Driver  gas  pressure. Two  Kistler  piezo¬ 
electric  pressure  gauges  mounted  at  the 
end  of  the  compression  tube  monitore  the 
driver  gas  pressure  (helium)  as  a  function 
of  time.  A  comparison  of  an  experimental 
result  with  a  numerical  prediction  from 
(Ref.  12)  is  given  in  Figure  4. 

-  Holding  time.  The  holding  time  (the  time 
during  which  the  driver  gas  pressure 
remains  within  10%  of  its  peak  value 
starting  after  the  diaphragm  rupture)  can 
be  inferred  from  the  helium  pressure  trace. 
The  diaphragm  burst  time  is  determined 
from  the  signal  at  the  first  shock  regis¬ 
tration  sensor  which  is  positioned  in  the 
shock  tube  right  behind  the  diaphragm. 
The  holding  times  achieved  are  of  the 
order  of  1.8  ms 
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-  Brake  deformation.  Measurement  of  the 
brake  (used  to  bring  the  piston  to  rest) 
before  and  after  the  shot  have  been  used  to 
provide  an  indication  of  the  final  stages  of 
the  piston  trajectory.  The  brake  deformation 
has  been  in  the  expected  range. 

3.2.2  Shock  Tube 

After  diaphragm  rupture,  a  shock  wave  is 
generated  which  propagates  along  the  shock 
tube,  heating  and  compressing  the  test  gas, 
normally  air,  in  the  experiments  so  far, 
nitrogen.  After  reaching  the  end  of  the  tube,  the 
shock  reflects  and  propagates  back  upstream. 
Behind  the  reflected  shock,  the  gas  is  stationary 
and  at  a  high  temperature  and  pressure.  This 
region  serves  as  the  reservoir  for  the  nozzle. 

Parameters  and  methods  of  measuring  are 
(cf.  Table  2): 

-  Initial  shock  tube  pressure. 

-  Shock  velocity.  Five  ionization  gauges 
situated  at  various  points  along  the  shock 
tube  record  the  passing  of  the  initial 
shock.  These,  together  with  a  pressure 
measurement  at  the  end  of  the  shock  tube, 
provide  six  measurement  locations  giving 
five  shock  velocities. 

-  Nozzle  reservoir  pressure.  Two  Kistler 
pressure  gauges  at  the  end  of  the  shock 
tube  record  the  time  history  of  the  reser¬ 
voir  pressure.  The  positioning  of  the  pres¬ 
sure  transducers  in  the  end  wall  of  the 
shock  tube  is  novel  in  shock  tunnel 


applications. 

Modelling  of  the  above  parameters  is 
performed  by  using  the  equilibruim  shock 
tunnel  program  (ESTC)  developed  by 
McIntosh  (Ref.  13).  Input  parameters  are  the 
initial  shock  tube  pressure  and  the  shock 
wave  velocity.  Predicted  are  the  conditions 
behind  the  reflected  shock.  To  account  for 
non-tailored  conditions  (an  expansion  or 
compression  of  the  reservoir  gas),  an 
isentropic  expansion  or  compression  is  used 
to  arrive  at  the  measured  reservoir  pressure 
(see  Morgan  et  al(Ref.  14)). 

Results: 

Four  nozzle  reservoir  pressure  traces  are 
shown,  filtered,  in  Figure  5.  These  were 
obtained  at  identical  burst  pressures  with 
varying  shock  tube  fill  pressure.  The  analysis 
of  these  results  leads  to  a  tailoring  condition 
Pshock  tube  =  0-33  bar  for  pj)urst  = 

500  bar.  A  summary  of  the  operated  shock 
tube  conditions  is  given  in  Table  2.  From 
Figure  5  it  can  be  seen,  that  at  the 
Pburst  =  500  bar  conditions  constant 

reservoir  conditions  are  achievable  for  nearly 
2  ms.  The  reservoir  pressures  obtained  are 
considerably  higher  than  the  predicted  values 
using  the  Page-Stalker  correlation  (Ref.  15). 

3.23  Test  Section 

The  contoured  nozzle  designed  by 
Hannemann(Ref.  16)  has  been  used.  Flow 
duration  is  limited  because  of  the  drainage  of 
the  reservoir  and  because  of  contamination  of 
the  test  gas  by  the  driver  gas. 


luminosity  photographs  were  also 

Measurements:  evaluated  in  respect  to  the  shock  stand-off 

distance.  Both  evaluations  yield  a  bow 

-  Pitot  pressure.  Pitot  pressure  has  been  shock  which  is  closer  than  the  predictions 

measured  currently  at  one  location  only.  for  perfect  gas  yield.  The  density  jump 

This  together  with  a  hemispherical  probe  across  the  shock  along  the  stagnation 

for  stagnation  point  heat  transfer,  similar  streamline  can  be  estimated  at 

to  the  arrangement  shown  in  Figure  1.  For  approximately  p/p^lO,  where  the  test 

the  Pburst  =  ^00  bar  condition  a  gas  used  is  nitrogen.  This  means  that 

characteristic  pressure  trace  is  shown  in  considerable  dissociation  occurs  behind 

Figure  6.  For  a  duration  of  tm  =  1 .5  ms  an  the  shock.  An  average  degree  of 

approximately  constant  pressure  level  of  dissociation  behind  the  shock  along  the 

pt=450  mbar  is  obtained.  This  agrees  stagnation  streamline  can  be  estimated  to 

reasonably  with  the  result  predicted  by  the  be  a  =0.3. 

quasi-lD-calculation  using  STUBE  (Ref. 

18).  Acknowledgement 

-  Static  pressure.  The  static  pressure  of  the  The  financial  support  by  the  European  Space 

gas  has  not  been  measured  yet.  Agency  through  the  ESA/CNES  joint 

HERMES  Team  and  by  the  German  State  of 

-  Stagnation  point  heat  transfer.  The  Lower-Saxony  for  the  development  of  the  HEG 

stagnation  point  heat  transfer  has  also  is  gratefully  acknowledged.  The  contributions 

been  measured  at  one  location  only.  The  of  numerous  collaborators  also  are  gratefully 
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output  is  currently  at  a  preliminary  stage 
only.  The  results  of  such  a  preliminary 
evaluation,  as  performed  by  Grauer- 
Carstensen  (Ref.  17)  are  encouraging. 


-  Flow  visualization.  Holographic 
interferometry  was  used  to  provide 
measurements  of  the  shock  stand-off 
distance  on  an  oblique  cylinder,  which  is 
indicative  of  the  density  and  therefore  the 
degree  of  dissociation  of  the  flow.  A 
comparisdn  of  the  measured  shock 
standoff  distance  with  various  theoretical 
predictions  is  shown  in  Figure  7  for  two 
different  experiments.  The  flow 
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Some  typical  test  conditions 
of  Shock  Tunnel  TH  2. 
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SUMMARY 

Among  all  kind  of  wind  tunnel  experiments  undertaken 
up  to  now  by  Dassault  Aviation  to  develop  the 
European  HERMES  shuttle,  those  relative  to  heat 
transfer  measurements  could  be  the  last  to  be  fully 
accomplished. 

To  some  extent,  one  could  say  that  difficulties  came 
from  sensors  themselves,  from  their  integration 
conditions,  and  finally  from  additional  similitude 
parameters  not  considered  before. 

The  paper  introduces  to  Dassault  Aviation  so-called 
"insulated  models"  and  describes  the  ongoing 
activity  developed  with  the  collaboration  of 
AerMacchl. 

The  models  have  the  purpose  of  making  heat  transfer 
measurements  with  correct  simulation  of  surface 
temperatures  due  to  its  demonstrated  effect  on 
boundary  layer  transition. 

A  number  of  pathfinder  models  have  been  developed 
for  this  purpose:  after  a  first  attempt  made  by 
using  a  machinable  ceramic,  the  second  one  was 
Intended  for  surface  temperatures  up  to  400  *C  and 
was  made  in  a  temperature  resistant  composite 
material,  and  the  third  one,  able  to  sustain  skin 
temperatures  above  1000  °C.  is  made  by  an 

insulating  ceramic  coating  on  a  steel  core. 

The  fluid-dynamic  and  technological  aspects  related 
with  the  design  and  manufacture  of  these  models  are 
described. 

LIST  OF  SYMBOLS 

c  specific  heat  (J/Kg/°K) 

n  depth  (m) 

*  thermal  conductivity  (W/m/°K) 
i  time  (sec) 

Tw  wall  temperature  (°K) 

T'j  flow  temperature  after  bow  shock  (°K) 

a  thermal  dtffusivity  -  k /pc 

p  density  (Kg/m3) 


1.  INTRODUCTION 

Heat  transfer  measurements  have  a  large  Importance 
in  the  design  of  high  speed  and  re-entry  vehicles 
and  must  still  be  considered  an  area  of  technical 
risk  requiring  development  of  the  experimental 
techniques. 


The  uncertainties  in  the  experimental  data  are  still 
very  large  and  no  reliance  can  be  given  to  CFD  tools 
until  experimental  data  of  high  quality  are 
available  in  order  to  support  code  validation. 

Also,  the  correct  simulation  of  the  full  scale  flow 
conditions  is  of  key  importance  for  the  correctness 
of  the  heat  transfer  measurements  as  much  as  for 
force  or  pressure  results. 

Dassault  Aviation  began  hypersonic  heat  transfer 
measurements  for  the  european  Hermes  space  shuttle 
by  the  end  of  1986  with  the  available  methodologies 
in  several  European  facilities. 

The  tests  could  be  classified  in  the  following  way: 
-for  local  measurements,  "thick  wall"  techniques  on 
steel  high  conductivity  models,  using  platinum  thin 
film  sensors  on  insulating  inserts  or  co-axial 
thermocouples; 

-for  global  measurements  "thick  wall"  mapping 
techniques  using  thermosensitive  paints  on  low 
conductivity  models  ("Silastfine"  si  1  iconic  rubber). 
By  1989  it  was  clearly  demonstrated  that  results 
obtained  on  Identical  scale  models  tested  in  the 
same  cold  hypersonic  blow-down  wind  tunnel  were  not 
consistent. 

The  typical  test  result  (Fig.  1)  shows  what  looks 
like  an  anticipated  transition  at  a-40*  on  the 
insulated  SilastSne  model. 

After  careful  roughness  checks,  such  trends  were 
attributed  to  skin  temperature  differences.  In  the 
specific  test  conditions  the  two  procedures  led  to 
very  different  ratios  of  Tw/T'j,  being  respectively 
in  the  order  of  0.3  for  the  metallic  model  and  0.5 
for  the  SilastOne  one. 

Due  to  the  critical  importance  of  having  the  correct 
boundary  layer  transition  and  associated  heat 
fluxes,  it  became  necessary  to  develop  a  new  family 
of  models  by  which  to  make  heat  transfer 
measurements  with  correct  skin  temperature. 

The  present  paper  summarizes  the  work  done  up  to  now 
in  this  respect. 

2.  FLUID-DYNAMIC  REQUIREMENTS 

Hall  temperature  may  effect  hypersonic  flowfields 
and  related  heat  transfer  rates  through  a  variety  of 
mechanisms. 

In  "cold*  (i.e.  perfect  gas)  hypersonic  flows  wall 
temperature  affects  1-5,10; 
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-local  skin  friction  and  Stanton  number  in  laminar 
and  turbulent  boundary  layers; 

-boundary  layer  thickness  and  related  viscous 
interaction  phenomena; 

-mostly  important,  boundary  layer  stability  and 
transition; 

-shock-wave/boundary  layer  interactions  and  related 
separated  flows. 

The  topic  of  wall  temperature  effect  on  transition 
at  hypersonic  speed  is  discussed  in  detail  in  refs. 
4-5,  but  is  still  unclear.  For  moderate  cooling 
transition  is  delayed,  just  as  for  subsonic  flow, 
while  for  highly  cooled  walls  there  is  evidence  of 
reversal  of  such  a  trend. 

In  high  temperature  hypersonic  flows  further  effects 
come  in,  related  to: 

-the  non-linear  behaviour  of  heat  transfer,  since 
Stanton  number  depends  on  fluid  properties  at  the 
wall; 

-the  change  in  the  level  of  gas  dissociation  with 
temperature  (for  equilibrium  flows  or  in  presence 
of  wall  catalycity). 

All  of  the  above  arguments  stress  the  importance  of 
making  hypersonic  tests  in  general,  and  heat 
transfer  measurements  in  particular,  on  models 
having  the  correct  temperature  ratio  Tw/T'j  (for 
"cold"  flows)  and  correct  surface  temperatures  (for 
"hot"  flows). 


3.  THE  CONCEPT  OF  THE  MODELS 

The  models  are  partial  models  whose  geometry  is 
representative  of  the  front  part  of  an  early  Hermes 
shape  at  1/30  scale.  Their  purpose  is  to  develop  and 
prove  the  technology  of  model  manufacture  and 
instrumentation  and  the  related  experimental  proce¬ 
dures. 

Dassault  Aviation  built  a  first  pathfinder  model  in 
1990.  The  model  was  composed  of  an  upper  steel  part 
including  attachment  to  the  sting  and  a  removable 
windward  part  made  of  machinable  MACOR  ceramic.  The 
equipment  essentially  consisted  in  platinum  thin 
film  sensors  produced  by  ONERA  (Fig.  2). 

The  major  difficulties  encountered  during  both 
machining  and  thin  film  equipment  of  this  simplified 
model  have  cancelled  any  hope  to  build  complete 
Hermes  models  (including  removable  control  surfaces) 
in  such  brittle  materials. 

Only  few  tests  could  be  performed  with  this  model  in 
a  narrow  temperature  range,  which  did  not  allow  to 
draw  any  conclusion  about  the  Influence  of  the  wall 
temperature  on  heat  transfer  measurements. 

At  this  stage  AerHacchi  was  chosen  to  carry  on  with 
this  kind  of  models. 

A  first  version  (Model  3036.1,  Fig.  3  )  was  produced 
during  1991  by  using  an  advanced  tenperature 
resistant  composite  material.  A  body  flap  was  added 
to  the  basic  nose  in  order  to  include  a  typical 
control  surface  component  with  its  associated  high 
loads  and  small  thicknesses. 

This  model  is  equipped  with  chrome  1 /cons tantan 
co-axial  thermocouples  developed  and  integrated  by 
ONERA  and  is  suitable  for  short  test  times  and 
surface  temperatures  up  to  400°  C. 


It  was  initially  meant  for  tests  in  the  "cold" 
hypersonic  regime  at  ONERA  S4MA  (M=6.4  and  10)  and 
R3Ch  (M— 10)  blow  down  wind  tunnels. 

Later  shift  of  the  emphasis  to  higher  temperature 
flows  brougth  to  the  decision  to  use  the  model  as  a 
first  step  in  heat  transfer  measurements  in  the  new 
high  enthalpy  tunnels  ONERA  F4  in  Toulouse  7  and  DLR 
RHTH2  in  Aachen  6  (Fig.  4)  . 

Postponed  for  reasons  without  relation  with  the 
model,  the  tests  are  now  scheduled  for  early  autumn 
1992. 

In  the  meantime  a  new  specification  was  issued  by 
September  1991,  focusing  on  the  need  to  reach  flight 
tenperature  ratios  (Tw/T'i  «  0.3  to  0.35)  in  the 
same  high  tenperature  flow  conditions  (Model 
3036.2). 

The  following  parts  of  this  paper  will  '"us  on  the 
description  of  the  design  and  techm.  ,  choices 
related  with  the  design  and  manufacture  or  these  two 
models. 

4.  MEDIUM  TEMPERATURES:  Model  3036.1 

4.1  The  requirement 

After  the  difficulties  encountered  by  the  first 
ceramic  model,  the  1990  requirement  aimed  mainly  at 
obtaining  a  model  made  in  a  tougher  material  and 
using  a  technology  that  could  be  extended  to  the 
manufacture  of  a  complete  model,  even  at  the  expense 
of  the  maximum  allowable  skin  tenperature. 

It  called  for  a  material: 

-able  to  withstand  a  continuous  service  temperature 
of  250  °C  with  local  surface  temperature  peaks  of 
400  °C  for  periods  up  to  15  secs; 

-having  a  low  thermal  conductivity  so  that  the 
required  surface  temperatures  could  be  achieved 
during  the  available  running  time. 

This  requirement  called  for  limits  in  the  so  called 
"thermal  product"  JJTi  which  had  to  satisfy  the 
following  relationship: 

750  <|pc*<  1050  (J/mJ/°C/sec“  ’) 

being  thermally  isr+-cpc  as  much  as  possible; 
-having  an  ultimate  bending  strength  of  15  Kg/nro?  or 
more  up  to  the  service  temperature  of  250  °C; 

-having  enough  toughness  and  resistance  to  thermal 
stresses; 

-being  machinable  or  formable  to  precise  (surface 
tolerance  of  ±.05  nm)  and  complex  shapes  and  small 
thicknesses  (few  nm) ; 

-allowing  a  good  surface  finish  (order  of  1 

4.2  Choice  of  the  material 

The  search  for  the  appropriate  material  was 
conducted  on  a  broad  spectrum  of  options.  Of  course 
any  conventional  metallic  material  is  ruled  out  by 
its  high  thermal  conductivity  and  even  "low 
conductivity*  stainless  steels  have  a  thermal 
product  as  high  as  7500. 

The  following  classes  of  materials  have  been 
examined: 

-  advanced  ceramics 

-  refractory  materials  (fused  bonded  silica) 

-  graphites 

-  high  temperature  plastics  and  composites. 
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Graphites  have  been  quickly  ruled  out  by  their  low 
mechanical  strength  and  high  conductivity,  and 
refractory  materials  because  of  their  low  strength. 

A  range  of  advanced  ceramics,  promising  high 
toughness  and  resistance  to  thermal  shocks,  was 
examined  (see  Table  1),  but  very  few  of  them  were 
found  to  have  or  approach  the  required  properties. 
Ceramics  were  finally  dropped  because  of  the 
difficulty  in  the  production  of  precise  shapes  and 
in  the  fastening  of  conponents. 

Plastics  have  had  in  recent  years  a  rapid  evolution 
towards  higher  temperature  resistance,  this  evolu¬ 
tion  being  driven  mainly  by  the  manufacture  of 
engine  cowlings  for  civil  and  military  aviation. 

A  panorama  of  advanced  polymers  is  reported  in  Table 
2,  which  was  limited  to  cownercially  available 
materials,  thus  excluding  laboratory  or  "new" 
materials  which  could  not  be  procured  within  the 
planned  time  frame. 

The  table  shows  poly-imides  as  the  family  of 
polymers  with  the  highest  temperature  resistance. 
Among  this  large  family  there  is  still  a  variety  of 
products  from  the  different  manufacturers  and  with 
different  properties. 

The  final  choice  was  based  on  the  following  priority 
criteria: 

1-  highest  temperature  resistance,  which,  for  a 
termosettlng  polymer,  is  measured  by  Its  glass 
transition  temperature; 

2-  availability  as  a  reinforced  composite  in  order 
to  achieve  the  required  strength; 

3-  availability  in  the  form  of  machinable  plates  and 
blocks,  reinforced  with  "short"  fibers  in  order 
to  achieve  a  macroscop ically  isotrope  structure. 

The  choice  fell  on  the  resin  system  called  PMR-15, 
originally  developed  by  NASA  Lewis  Research  Center, 
having  a  declared  glass  transition  temperature  in 
excess  of  400  “C  and  commercially  available  from 
different  manufacturers.  This  choice  satisfied 
criteria  1)  and  2)  above  but  not  criterion  3),  since 
the  composite,  at  the  time,  was  only  available  in 
the  form  of  glass  and  carbon  fibre  pre-pregs  for  the 
preparation  of  laminates. 

4.3  Production  process 

The  production  process  envisaged  for  the  iranufacture 
of  the  model  required: 

a)  polymerization  of  the  cloth  pre-pregs  in  the  form 
of  thick  plates;  cloths  are  stacked  in  the  form  a 
symmetrical  and  balanced  laminate  so  that  a 
macroscopic  isotropy  is  achieved  at  least  In  the 
plane  of  the  layers; 

b)  bonding  of  such  plates  in  blocks  of  the  required 
thickness; 

c)  machining  of  the  blocks  to  the  final  shape  by 
using  special  tools  on  conventional  N/C  milling 
machines. 

The  technological  difficulties  of  the  process  were 
mainly  related  to  the  difficulties  in  the  polymeri¬ 
zation  of  the  pre-pregs  since: 

a)  the  resin  contains  carcinogenic  substances  which 
may  be  harmful  and  require  safety  precautions; 


b)  poly-imides  release  a  large  amount  of  volatiles 
during  polymerization.  This  limits  the  maximum 
thickness  of  the  plates  and  calls  for  special 
evacuation  procedures; 

c)  polymerization  requires  a  tenperature  of  300  °C 
and  pressures  of  15  bar  which  is  above  what 
normally  required  for  conventional  composites.  A 
heated  platen  press  was  used. 

From  the  point  of  view  of  the  wind  tunnel  model 
requirements  the  main  drawback  of  the  approach  was 
related  to  the  layered  structure  of  the  final  blocks 
which  raised  concern  about  its  degree  of  isotropy. 


4.4  Qualification  tests 

The  following  qualification  tests  were  performed  in 

order  to  verify  the  achievement  of  the  original 

specification: 

a)  inspection  of  the  conposite  laminate  by  ultraso¬ 
nic  technique  in  order  to  guarantee  the  absence 
of  blisters  within  the  layers; 

b)  measurement  of  the  glass  transition  temperature, 

which  was  shown  to  be  about  330  °C.  This 

guarantees  a  service  temperature  (at  low 

stresses)  up  to  300  °C  and  can  be  exceeded 
locally  for  short  periods  since  the  resin  is  a 

termoset  and  its  transition  temperature  is 

actually  raised  by  heating  to  300  °C. 

c)  measurement  of  the  mechanical  characteristics, 
which  showed  a  tensile  strength  of  48  Kg/mn2  up 
to  250  °C  ter  the  simnetrical  and  balanced 
laminate. 

d)  measurement  of  the  thermal  characteristics  in 

terms  of  heat  capacity  and  conductivity.  Such 
measurements  showed  that  the  degree  of  non- 
isotropy  of  the  laminate  is  in  fact  much  less 

than  expected  and  that  final  values  of  the 
thermal  product  fall  exactly  within  the  required 
boundary  (Fig.  5). 

e)  geometrical  and  surface  roughness  inspection. 


4.5  SUulated  behaviour 

The  behaviour  of  the  model  during  wind  tunnel  tests 
was  simulated  for  the  model  stagnation  point  by  one 
dimensional  finite  volume  solution  of  the  Fourier 
heat  transfer  equation  using  the  actual  temperature 
dependent  material  properties  and  the  estimated  heat 
fluxes.  Heat  radiation  from  the  model  surface  was 
also  taken  into  account. 

Simulations  have  been  made  for  the  case  of  0NERA  S4 
wind  tunnel  at  M-10  where  tests  were  initially 
planned.  The  estimated  initial  stagnation  point  heat 
flux  by  using  conventional  semi-enpirtcal  approxima¬ 
tions  (e.g.  see  ref.  1)  In  this  case  is  about  0.4 
MW/m2.  Figs.  6  and  7  show  that  the  limit  skin 
temperature  Is  reached  after  less  than  10  secs  of 
running  time.  Also  shows  the  desired  large  increase 
in  surface  temperatures  compared  to  a  conventional 
steel  model.  The  model  heating  is  limited  to  a  depth 
of  less  than  5  nro  and  falls  down  rapidly  after  the 
end  of  the  blow. 
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The  running  time  of  the  ONFRA  F4  arc- jet  tunnel  now 
considered  for  tests  is  only  10  msec.  Free  stream 
conditions  and  stagnation  point  heat  fluxes  have 
been  estimated  from  the  published  nominal  operationg 
points'*  by  assuming  equilibrium  flow  expansion  in 
the  tunnel  nozzle  and  the  well  known  Fay-Riddel 
correlation®  (Fig.  8). 

Figs  9  to  11  show  that  the  model  characteristics 
are  well  balanced  for  testing  at  the  low  density 
boundary  of  the  tunnel  performance  (nozzle  1,  min 
pressure)  where  the  heat  flux  is  about  5  HW/m^. 
Again  a  surface  temperature  above  500  °C  is  reached 
before  the  end  of  the  run.  A  higher  temperature 
resistance  is  required  for  the  higher  density  cases. 

4.6  Heat  flux  Instrumentation 

Twelve  standard  ONERA  coaxial  thermocouples .  are 
distributed  along  the  windward  certerline,  including 
the  flap.  The  metallic  deposit  which  makes 
electrical  surface  contact  between  chromel  and 
constantan  is  less  than  one  micron  thick,  thus 
ensuring  measurement  of  the  temperature  at  the  model 
surface.  Its  ability  to  withstand  erosion  is  very 
high  and,  in  case  of  need,  repair  is  quick  and  easy, 
directly  in  the  wind  tunnel. 

Having  an  external  diameter  of  2.7  urn,  one  can 
verify  that  the  thermal  wave  is  contained  within  the 
boundaries  of  the  thermocouple  for  the  expected 
runtime  of  the  high  enthalpy  facilities.  This 
enables  simplified  data  processing  without  any 
interference  from  the  thermal  characteristics  of  the 
surrounding  model  material. 


5.  HIGH  TEMPERATURES:  Model  3036.2 

5.1  The  requirement 

Following  the  increasing  emphasis  in  high  temperatu¬ 
re  hypersonics  the  new  requirement  issued  in 
September  1991  called  for  a  model  able  to  allow 
testing  in  the  full  operational  envelope  of  the  F4 
and  RWTH2  wind  tunnels  with  representative  skin 
temperatures. 

In  particular  the  specification  asked  for: 

a)  the  capability  to  reach  surface  temperatures  in 
excess  of  1000  °C,  preferably  as  high  as  1300  °C; 

b)  the  lowest  possible  heat  conductivity  (thermal 
product  -fjn  <  zsoo) ,  so  that  the  model  can  reach 
the  desired  skin  temperatures  within  tne  10  msec 
running  time; 

c)  again,  that  material  and  processes  shall  permit 

to  build  complex  complete  models  instrumented 
with  about  100  thermocouples.  In  order  to 
demonstrate  this  possibility  a  number  of 

representative  model  components  is  to  be 
manufactured  and  qualified. 

A  look  to  the  properties  of  ceramic  materials  (Table 
1)  shows  that  very  few  of  them  have  a  value  of 
thermal  product  low  enough  to  satisfy  requirement 
a).  Also,  a  little  thermal  analysis®  shows  that  the 
penetration  depth  of  a  heat  pulse  is  ,  so 

that  a  thickness  of  only  0.5  mm  is  involved  in  the 
heating  process. 


5.2  Selection  of  the  coating 

After  a  first  review  of  the  new  requirement  the 
concept  of  a  model  made  by  bulk  ceramic  material  was 
again  ruled  out  on  the  basis  of  considerations 
similar  to  the  earlier  ones.  The  thermal  shock 
stresses  in  this  case  are  much  larger,  thus  raising 
the  risk  of  brittle  fracture,  the  mechanical 
strength  requirement  would  ask  for  very  hard 
materials  which  are  very  difficult  to  shape  and 
almost  impossible  to  machine  and  finally  the  problem 
of  fastening  different  model  components  would  be  a 
very  tough  one. 

The  fact  that  only  a  thin  layer  of  insulation  is 
sufficient  to  achieve  the  desired  temperatures 
creates  the  possibility  of  making  a  ceramic  coating 
to  an  otherwise  conventional  metallic  model,  which 
is  a  much  more  attractive  option. 

Two  processes  have  been  evaluated: 

a)  a  glass  ceramic  coating  achieved  by  electrophore¬ 
tic  techniques; 

b)  a  zirconia  (Zr02)  coating  applied  via  an 
intermediate  MCrAlY  bond  coat  by  the  plasma  spray 
technique. 

Option  a)  required  a  fairly  long  and  expensive 
development  program  in  order  to  find  the  appropriate 
glass/metal  combination  having  matched  expansion 
coefficients,  the  required  temperature  resistance 
and  thermal  piuperties. 

Option  b)  is  a  technology  which  was  developed  for 
the  thermal  protection  of  engine  turbine  blades  and 
is  considered  to  be  a  more  "mature"  technology. 

Its  main  advantages  are: 

-very  good  resistance  to  thermal  shock; 

-possibility  to  use  different  ceramics,  with  varying 
thermal  properties  and  toughness  on  almost  any 
metal  core; 

-the  coating  contains  approx  10%  porosity  which 
helps  increase  the  thermal  insulation  further.  In 
fact  the  average  thermal  conductivity  of  the 
coating  as  sprayed  is  only  1.3  W/m  °K. 

Its  1 imits  are: 

-the  need  to  test  the  spraying  procedure  on  several 
specimens  of  each  component  in  order  to  achieve  a 
uniform  thickness; 

-the  high  roughness  of  the  deposited  layer  (about  2 
fim),  which  requires  some  kind  of  polishing  of  a 
very  hard  surface; 

-the  difficulty  of  obtaining  and  mantaining  sharp 
corners. 

5.3  Production  process 

The  following  production  process  has  been  devised: 
-metal  core  pieces  are  produced  and  geometrically 
inspected  as  for  a  conventional  model;  three 
specimens  are  required  for  each  final  model 
component ; 

-pieces  are  coated  by  plasma  spray  technique  and 
coating  thickness  is  controlled  and  inspected  by  an 
eddy  current  machine; 

-surface  is  finished  by  hand  using  special  tools  for 
hard  materials  in  order  to  achieve  the  required 
surface  finish. 


5.4  Qualification  tests 

In  order  to  asses  the  capability  of  the  selected 
coating  to  withstand  the  wind  tunnel  environment  a 
number  of  qualification  tests  are  performed. 

These  include: 

a)  mechanical  tests,  for  the  presence  and  growth  of 
cracks  in  the  coating  dur'ng  repeated  mechanical 
load; 

b)  thermal  resistance  tests,  by  exposing  specimens 
of  the  coating  to  heat  pulses  of  10  msec  with  a 
thermal  flux  of  increasing  intensity  and 
examining  the  presence  of  damage  by  metal logra- 
phic  techniques; 

c)  thermal  "fatigue"  tests,  by  again  exposing 

specimens  to  repeated  thermal  shocks  at  intensity 
level  and  number  of  exposures  representative  of 
wind  tunnel  model  usage. 

The  heat  flux  for  the  thermal  tests  is  generated  by 
a  de-focused  high  power  CO2  laser  pulse  (20  KW). 

5.5  Slailatad  behaviour 

Temperature  distributions  in  the  coating  at  the 
model  stagnation  point  have  been  simulated  by  using 
the  same  software  and  heat  flux  estimates  described 
above.  Only  room  temperature  material  properties  are 
avilable  at  the  moment. 

Figures  12  to  14  show  that: 

-for  the  reference  high  enthalpy  condition  with 
nozzle  2  (case  E)  a  local  su> face  temperature  of 
1050  °C  can  be  reached; 

-the  whole  heating  p-f'cess  is  concentrated  in  the 
coating  layer  and  the  steel  is  not  heated  above  60 
°C; 

-tenperatures  abo-ie  1000  “C  last  for  less  than  1 
msec  and  for  a  thickness  of  less  than  .01  mu. 


5.0  Heat  flux  wiuri— nt» 

The  model  will  be  initially  instrumented  with  the 
same  0NERA  coaxial  thermocouples  alreauy  described 
for  model  3036.1. 

Infrared  thermal  mapping  will  also  be  considered  as 
a  back  up  possibility. 


5.7  Special  issues  related  to  high  temperature 
tests 

It  is  well  known  that  high  temperature  flows  are 
characterized  by  chemical  reactions  of  dissociation 
and  recombination  and  that  surface  heat  fluxes  in 
such  conditions  tm  ide  a  component  due  to  atom 
diffusion.  Under  such  conditions  and  especially  with 
a  hot  surface,  the  catalytic  properties  of  the  wall 
play  a  role  in  the  actual  heat  fluxes. 

Possible  effects  of  wall  catalycity  on  heat  fluxes 
at  stagnation  point  in  0NERA  F4  have  been  estimated 
by  using  again  the  Fay-Riddel  formula9  and  are  shown 
in  Fig.  12.  Up  to  now  the  topic  of  catalytic 
"similarity"  of  wind  tunnel  models  for  high 
tmperature  wind  tunnel  tests  has  not  been  addressed 
yet. 

. * . .  He*.  «mb/4a  ♦ . 


-the  available  information  show  that  the  catalytic 
properties  of  zirconia  are  not  very  different  from 
silica  which  is  a  typical  materia!  for  the  heat 
shield  "tiles"  or  "shingles"; 

-  in  any  case  the  ceramic  powders  used  for  the  plasma 
spaying  can  be  varied  and  their  chemical 
composition  adjusted,  to  some  extent,  in  order  to 
fit  requirements  in  this  sense.  In  particular 
different  metallic  oxides  (MgO,  Y2O3  or  Ce02)  may 
be  added  to  Zr02  for  stabilization; 

-both  zirconia  and  silica  are  low  catalicity 
materials.  There  is  therefore  a  risk  of  contamina¬ 
tion,  scatter  of  results  and  increasing  catalycity 
with  model  wear,  particularly  in  the  high  enthalpy 
corner  of  the  tunnel  envelope. 

6.  COH CIUSIOKS 

Early  heat  tranfer  tests  of  the  HERMES  shuttle  have 
shown  the  iitportance  of  having  the  correct 
simulation  of  model  surface  temperatures.  This 
evidence  has  started  a  technological  research 
activity  for  the  development  of  appropriate 
materials,  instrumentation  and  manufacturing  proces¬ 
ses  for  the  production  of  wind  tunnel  models  able  to 
satisfy  this  requirement.  Two  pathfinder  ridels  have 
been  produced  up  to  now  covering  skin  tenperatures 
up  to  400  °C  and  1000  °C  respectively.  Testing  of 
these  models  in  0NERA  F4,  now  planned  in  the  fall  of 
1992,  will  demonstrate  the  technique  and  will  open 
the  way  to  complete  models  which  will  help  filling 
up  the  experimental  aerothermodynamic  data  set  of 
the  HERMES  shuttle. 
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Table  1 

ADVANCED  CERAMIC  MATERIALS 

Thermal  and  mechanical  data 


Components 

Commercial 

name 

Tamp,  max 

•c 

Denetty 

K8/m3 

Heat  eond. 

W/m/TC 

Therm,  prod. 

VPck 

Bend,  strength 

Hbar 

21RCONIA 

Zr02 

ZN100 

1000 

6.000 

400 

2.5 

2450 

ZFCE 

2500 

5.700 

670 

1. 9+2.2 

ZFME 

2500 

5.800 

680 

1.9+ 2.2 

2740+2950 

50+25 

ALUMINE 

AF950 

1650 

3.650 

980 

22.1  +6.6 

8890+5550 

30+22 

96%  A1203 

V38 

1200 

3.700 

900 

20 

8160 

30 

CORDIERITE 

MgAlSI 

- 

2.900 

700/900 

2 

2150 

12 

T1AUTE 

TI20 

950 

3.550 

1000 

ZS 

3020 

6(7) 

SILICA  CARBIDE 

SIC 

1200 

3.050 

700 

100 

14600 

30 

SILICA  NITRIDE 

SI3N4 

NR115 

1400 

2.400 

TOO 

4300 

22 

KERNIT 

1300 

3.190 

BOO 

30+15 

6190+8750 

80(7) 

1000 

2.520 

840 

1.68 

1800 

10.5 

GLASS 

750 

2.200 

720 

13+1.5 

1600 

15 

SI02/Na20/B203 

Pyrax 

850 

2.250 

700 

1.08+1.3 

1500 

15 

All  material  properties  at  room  temperature 

Table  2 

TEMPERATURE  RESISTANT  POLYMERS 


Class 

Manufacturer 

Commercial  name 

Service 

temperature 

m 

Glass 

transition 

temperature 

(°C) 

Adv.  Epoxy 

Various 

— 

180+200 

-- 

Si  1  iconic 

Bayer 

_ 

250 

Davidson 

Ferobestos 

-- 

Feroform 

350 

-- 

Eta) ing 

— 

Peek 

ICI/Polypenco 

PEEK  450 

-- 

330 

Polyetherimides 

DuPont /GE 

— 

250 

-- 

Polyiroides 

RhOne-Poulenc 

Kinel 

-- 

300 

DuPont 

Vespel 

-- 

360 

Polypenco 

Envex 

-- 

290 

Amoco 

Tor  Ion 

-- 

280 

DuPont 

Avimid 

? 

? 

Addition  Polyimides 

Ferro 

-- 

— 

__ 

(PMR-15) 

Cyanamid 

Cycom  3006 

-- 

IC1 

966C/D 

300 

up  to  420 

i-7 
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Fla.  <:  -  The  first  model  (3036.0)  made  of  bulk  ceramic 
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Fig.  3  -  Geometry  of  model*  3036.1  end  3036.2 


Thermal  product  '/pck  (J/m2  °C  V?) 


PMR-1S  PMR-15  Sta/nleea  (teel 

(Flux  partll.  to  layera)  (Flux  norm,  to  layer*)  (ArmCo  15-5PH) 

Fig.  6-Prsdlcted  surface  temperature  time  history 
Modal  3036.1  In  ONERA  34  (M=10.2,  Pt=95  bar) 


Model  3036.1  Idem  Conventional  model 

(flux  peral.  to  layer*)  (flux  norm,  to  layers)  (ARMCO  15-SPH  steel) 


Fig.  9  •  Surf  tea  temperature  time  history 
Modal  3036.1  stagnation  point 
ONERA  F4  (point  B,  H/RT=200,  P«200bar,  nozzle  1) 
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Fig.  10  -  Temperature  distribution  at  end  of  blow 
Model  3036.1  stagnation  point 
ONERA  F4  point  B 


Depth  (mm) 

Fig.  1 1  -  Temperature  distribution  after  end  of  blow 


Model  3036.1  stagnation  point 
ONERA  F4  point  B 


stagnation  point 
Model  3036.2  In  ONERA  F4 


Fig.  13  -  Estimated  Internal  temperature  distribution 
Model  3036.2  In  ONERA  F4  -  Point  E 


Fig.  14  -  Internal  temperature  distribution 
after  end  of  blow  at  atagn.  point 
Model  3036.2  In  ONERA  F4  (Point  E) 


Fig.  15  -  Estimated  effect  of  surface  chemical 

properties  on  stagnation  point  heat  fluxes 
for  model  3036.2  In  ONERA  F4 


The  Upgrading  of  the  Arc  Heated  Wind  Tunnel  of  the  DLR 
(LBK)  with  Respect  to  its  Effects  on  the  Material  Testing 


A.  Guihan  &  K.  Kindlcr 
DLR  Koln-Porz,  WT-WK-KP 
Linder  Hohe,  5000  Koln-Porz. 
Germany 


Summary 


The  arc  heated  wind  tunnel  (LBK)  of  the  DLR 
is  a  useful  device  for  high  enthalpy  tests  of  ther¬ 
mal  protection  systems  of  spacecrafts.  The  facili¬ 
ty  is  described  concerning  its  capability  in  simu¬ 
lation  of  the  gas-surface  interaction  phenomena 
at  the  stagnation  point  of  space  vehicles.  The 
working  area  of  the  tunnel  resulting  from  tests 
on  SiC-samples  is  discussed  and  compared  with 
other  arc  heated  wind  tunnels. 

To  support  experimental  works  on  the  LBK 
numerical  computations  including  flow  solutions 
based  on  chemical  equilibrium,  frozen  chemistry 
and  chemical  nonequilibrium  have  been  per¬ 
formed.  It  is  shown  that  the  flow  field  down¬ 
stream  the  nozzle  throat  is  nearly  frozen. 

Finally  the  upgrading  concept  and  the  proposed 
performance  of  the  facility  are  discussed. 


1.  Introduction 

During  the  reentry  phase  of  space  vehicles  into 
the  atmosphere  the  nose  cap  and  wing  leading 
edges  are  exposed  to  high  thermal  loads  which 
are  produced  by  shock  waves  heating  the  air  up 
to  temperatures  at  which  real  gas  effects  arc 
important.  At  these  high  temperatures  the  simu¬ 
lation  of  reentry  aerodynamics  requires  not  only 
the  duplication  of  Mach  number  and  Reynolds 
number  to  consider  the  compressibility  and  vis¬ 
cous  effects,  but  also  setting  the  real  gas  similarity 
parameters  [1]. 

In  order  to  distinguish  frozen,  nonequilibrium 
and  equilibrium  flow  regimes  characteristic 
reaction  and  flow  times  should  be  compared.  The 
characteristic  flow  time  is  determined  by  the  ratio 
of  a  characteristic  length  I.  and  flow  velocity 
V„.  The  time  scale  to  achieve  the  equilibrium  de¬ 


pends  on  the  thermal  or  chemical  processes. 
While  three-body  collisions  are  necessary  for 
recombination  binary  collisions  lead  to  dissocia¬ 
tion.  Binary  reactions  are  characterized  by 
C  ■  ■  LIV„,  where  C  and  />„  are  the  reaction 

rate  constant  and  the  density_of  the  free  stream. 
Under  the  assumption  that  C  is  the  same  as  in 
free  flight,  the  binary  scaling  factor  p„  •  L  must 
be  duplicated  in  addition  to  the  velocity,  in  order 
to  achieve  a  simulation  of  the  dissociation  pro¬ 
cess.  Because  of  the  high  density  level  of  shock 
tunnels  or  other  short  time  facilities  it  is  possible 
to  produce  a  nearly  equilibrium  flow  field  which 
can  satisfy  the  above  mentioned  simulation 
requirements  for  a  time  duration  of  a  few  milli¬ 
seconds  [2]. 

The  recombination  reactions,  which  are  mostly 
neglected,  can  be  enhanced  due  to  catalytic  sur¬ 
faces.  The  characteristic  parameter  for  this  pro¬ 
cess  is  the  surface  Damkbhlcr  number  defined  as 
the  ratio  of  the  characteristic  particle  diffusion 
time  to  the  characteristic  time  for  surface  reaction 
[3],  Ix>ng  duration  high  enthalpy  tests  must  be 
carried  out  to  investigate  this  phenomenon. 
Despite  restrictions  in  simulation  of  flight  envi¬ 
ronment  arising  from  strong  nonequilibrium 
phenomena  in  their  flow  field  due  to  low  stag¬ 
nation  pressures  the  arc  heated  wind  tunnels  are 
very  useful  tools  to  analyse  the  gas-surface  inter¬ 
action  behind  the  shock  wave.  The  development 
of  various  suitable  materials  for  thermal  pro¬ 
tection  systems  requires  such  facilities  with 
capability  to  investigate  this  phenomenon. 

A  continuous  high  enthalpy  flow  field  can  be 
produced  by  thermal  or  magnctoplasmadynamic 
generators,  which  mainly  differ  in  their  acceler¬ 
ation  mechanism  [4],  While  in  a  thermal  plasma 
generator  the  test  gas  is  heated  by  an  electric  arc 
and  usually  accelerated  through  a  nozzle,  in  a 
magnctoplasmadynamic  generator  additional 
electromagnetic  forces  arc  applied  to  supply  the 
acceleration  of  the  gas. 

According  to  their  electrode  shape  the  arc  heater 
can  be  classified  in  two  groups:  hollow  electrode 
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arc  heater  and  tungsten  rod  cathode  arc  heater. 
In  arc  heaters  with  a  rod-shaped  cathode  the  gas 
is  supplied  along  the  cathode.  Because  of  tung¬ 
sten  cathodes  being  highly  sensitive  to  chemical 
reaction  with  oxygen  only  inert  gases  or  nitrogen 
can  be  used.  To  change  the  gas  composition 
oxygen  or  other  gases  are  injected  into  the  main 
flow  downstream  the  nozzle  throat  [4].  This  type 
of  arc  he?#,,r  is  mostly  used  for  low  ma's  flow 
rates  up  to  10  g/s,  and  allows  to  reach  stagnation 
enthalpies  up  to  100  MJ/kg. 

Most  of  the  high  power  arc  heaters  consist  of  two 
hollow  electrodes  positioned  either  in  series  or  in 
Y-form.  The  characteristic  curve  of  these  .arc 
heaters  is  nearly  the  same  despite  different 
geometries  [5]. 

The  DC-are  heater  of  the  arc  heated  wind  tunnel 
(I  BK)  of  DFR  consists  of  two  hollow  electrodes 
and  can  be  operated  with  mass  flow  rates  up  to 
80  g/s.  Operating  the  tunnel  at  low  mass  flow 
rates  like  5  g/s  and  high  current  level  specific 
stagnation  enthalpies  up  to  20  MJ/kg  can  be 
achieved. 


2.  Experimental  set-up 

A  high  power  (1.0  MW)  DC-arc  heater  with 
hollow  electrodes  is  connected  to  a  thyristor 
controlled  rectifier  consisting  of  four  units  of  360 
kW  (600  A,  600  V),  which  can  be  operated  in 
parallel  or  scries  mode.  The  test  gas  received 
from  the  DI.R  storage  tanks  with  a  volume  of 
1000  m3  and  maximum  pressure  of  60  bar  is 
injected  tangentially  into  the  injection  chamber 
of  the  arc  heater  to  force  the  rotation  of  the  arc. 
The  rotation  of  the  arc  foot  points  on  the  inner 
surface  of  electrodes  reduces  the  erosion  rate  (8 
ppm)  and  improves  the  flow  quality.  Rotation  in 
the  flow  field  is  reduced  by  the  expansion  in  the 
settling  chamber  and  nozzle.  Mass  flow  rates  up 
to  100  g/s  can  be  controlled  by  means  of  the 
mass  flow  controller  based  on  the  orifice  method. 

High  quality  flow  conditions  can  be  achieved 
through  an  optimization  between  current  and 
mass  flow  rate.  The  voltage  of  the  arc  varies 
depending  on  the  resistance  of  the  gas  between 
two  foot  points.  A  further  parameter  concerning 
the  flow  quality,  i.c.  small  fluctuations  in  ther¬ 
modynamics  properties,  is  the  voltage  of  the 
magnetic  coil  around  the  anode.  The  length  of 
the  arc  and  its  stability  can  be  controlled  by 
means  of  this  coil. 

The  l.BK  has  two  different  test  legs  called  I,2K 
and  L3K  (Fig.  1).  I.2K  has  a  cylindrical  test 
chamber  with  a  diameter  of  2.6  m  and  a  length 
of  2  m.  The  test  chamber  of  the  I,3K  lias  the 
shape  of  a  cube  of  1.5  -  1.5  -  2.0  m3.  The  inlet 


flanges  of  I.2K  and  I.3K  have  the  same  geom¬ 
etry,  in  order  to  use  the  same  nozzle  and  arc 
heater. 

The  conical  nozzles  used  have  a  half  angle  of  12 
degree.  1'he  throat  diameter  of  nozzles  is  14  mm 
or  29  mm  and  the  exit  diameter  can  be  varied 
between  100  mm,  200  mm,  300  mm,  400  mm 
and  600  mm.  All  nozzle  parts  are  water  co^'-d. 
The  expansion  part  from  400  mm  to  t>00  mm  can 
be  cooled  with  liquid  nitrogen  too. 

Both  test  legs  I.2K  and  T3K  have  a  separate 
cooling  system,  which  is  fed  by  the  local  low 
pressure  water  circuit.  Arc  heater,  settling  cham¬ 
ber  and  nozzles  arc  cooled  by  coolant  circuits  fed 
by  two  high  pressure  water  pumps  with  a  capac¬ 
ity  of  40  m'/h  at  40  bar. 

The  test  chambers  can  be  disconnected  from  the 
pumping  system  consisting  of  three  Root's 
blowers  (R107,  R87,  WGK  12000),  one  rotary 
plunger  vacuum  pump  S720  and  one  liquid  seal 
pump  using  gate  valves  with  an  inner  diameter 
of  1  m.  Replacing  the  pump  R57  by  the 
WGK  12000-pump  the  suction  capacity  of  the 
pumping  system  has  been  improved  (Fig.  2).  The 
noxious  gas  NO  produced  during  the  operation 
of  the  TBK  is  decontaminated  in  the  NO-ab- 
sorption  facility  washing  it  with  NaOII-solution. 
The  facility  can  be  operated  with  mass  flow  rates 
up  to  300  g/s. 


3.  Measurement  technique 

The  mass  flow  rate  and  the  pressure  in  the  set¬ 
tling  chamber  arc  continuously  measured  quan¬ 
tities  during  the  tests.  The  nozzle  flow  field  can 
be  calculated  completely  using  these  two  param¬ 
eters  and  the  nozzle  geometry.  The  stagnation 
pressure  is  measured  depending  on  the  pressure 
level  with  a  Bill  -transducer  with  a  measurement 
range  of  0-10  bar  or  another  BUI -transducer 
covering  the  range  of  0-3.45  bar. 

Pitot  probe,  model  holder  and  heat  flux  probe 
arc  mounted  on  the  same  shaft  and  can  be  trav¬ 
ersed  into  the  flow  field  successively.  The  Pitot 
probe  is  water  cooled  and  has  an  inner  diameter 
of  3  mm,  outside  diameter  of  15  mm  and  nose 
length  of  150  mm. 

The  pressure  is  measured  by  means  of  a  PV 
1 1 1 -transducer,  which  can  measure  pressures  up 
to  1000  mbar  with  an  accuracy  of  ±1  mbar.  The 
surface  temperature  is  measured  using  a  spectral 
radiation  or  a  two  color  pyrometer.  The  low 
temperature  pyrometer  measures  the  temperature 
between  80°C  and  lOGO'C  at  the  wave  length 
range  2000-4500  nm.  The  other  spectral  radiation 
pyrometer  is  used  for  temperatures  between 
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900°C  and  2000°C  and  has  a  spectral  range  of 
830-1030  nm.  If  the  cmissivity  of  the  surface  is 
not  known,  the  two  color  pyrometer  with  a 
measurement  range  of  800-2000°C  and  two  wave 
lengths  of  920  nm  and  1040  nm  (20  nm  half 
width)  can  be  used.  Temperature  measurement 
with  NiCr-Ni-  or  PtRh-Pt-Thcrmocouples  is 
another  common  method.  The  heat  flux  probe 
consists  of  a  water  cooled  copper  cylinder  with 
two  embedded  i\ica-Ni- Thermocouples  (Tig.  3). 
The  probe  has  the  same  geometry  and  outer 
diameter  as  the  sample  holder  in  order  to  achieve 
the  same  shock  standoff  distance.  The  heat  flux 
can  be  evaluated  solving  the  one  dimensional 
heat  flux  equation  with  two  measured  temper¬ 
ature  histories  as  its  boundary  conditions. 

In  Tig.  4  one  can  observe  a  strong  correlation 
between  the  current,  voltage  and  stagnation 
pressure.  Increasing  the  current  at  a  constant 
mass  flow  rate  enhances  the  ionization,  i.e. 
decreases  the  resistance  and  voltage,  but  increases 
the  temperature  leading  to  higher  stagnation 
pressures  in  the  settling  chamber. 

The  operation  range  of  the  TBK  with  respect  to 
the  stagnation  point  tests  on  SiC-samples  in 
connection  with  IITRMTS  thermal  protection 
systems  is  shown  in  Tig.  5.  As  this  diagram 
shows,  the  main  part  of  IIFRMES  trajectories 
lies  in  the  TBK-working  area  and  the  TBK  closes 
the  gap  between  operation  ranges  of  two  other 
europcan  arc  heated  wind  tunnels  IRS  and 
SIMOUN. 


4.  Numerical  computation 

To  support  experimental  works  on  the  TBK  a 
computer  program  including  options  for  flow 
solutions  based  on  chemical  equilibrium,  frozen 
chemistry  and  chemical  nonequilibrium  has  been 
used  [6], 

In  the  argon  free  air  model  used  at  low  and 
moderate  temperatures  NO'  is  the  only  impor¬ 
tant  ion  among  other  species  N2,  ()2,  N,  (),  NO 
and  the  electron.  At  higher  temperatures  above 
6000°K  four  additional  ions  like  N2, 02,  N'  and 
O'  are  added  to  these  species.  The  calculation  of 
the  thermal  species  properties  has  been  per¬ 
formed  under  the  assumption  that  the  vibrational 
degrees  of  freedom  of  the  molecules  arc  in  ther¬ 
mal  equilibrium  with  the  other  degrees  of  free¬ 
dom. 

t  he  computation  of  reservoir  conditions  is  car¬ 
ried  out  for  measured  stagnation  pressure  in  the 
settling  chamber  and  mass  flow  rate  using  the 
temperature  as  iteration  parameter  until  the  cal¬ 
culated  sonic  mass  flow  rate  is  equal  to  the 
measured  one.  'The  gas  composition  is  assumed 


to  be  the  same  as  for  an  ideal  gas  mixture,  but 
calculations  of  the  enthalpy  and  density  are  based 
on  the  modified  van  der  Waals  equation. 

In  the  frozen  flow  solution,  the  species  concen¬ 
trations  are  held  constant  at  their  reservoir  con¬ 
ditions.  In  the  equilibrium  solution,  the  gas  is 
assumed  to  be  in  a  state  of  local  equilibrium  at 
each  point  in  the  nozzle.  The  non-equilibrium 
solution  is  obtained  under  the  basic  approxi¬ 
mation  ol  a  quasi-one-dimeiisionahty  of  the  flow 
field.  The  species  concentrations  arc  assumed  to 
be  governed  by  chemical  rate  equations.  The 
basic  method  of  the  solution  consists  in  the 
numerical  integration  of  these  rate  equations 
together  with  the  differential  equations  of  con¬ 
servation  of  mass,  momentum  and  energy.  Such 
equation  systems  are  mostly  stiff.  A  stable  sol¬ 
ution  can  be  achieved  only  for  extremely  small 
step  sizes,  especially  when  the  flow  is  close  to 
equilibrium.  Because  the  flow  starts  from  a  state 
of  equilibrium  in  the  reservoir,  the  numerical 
integration  technique  there  can  not  be  used  ini¬ 
tially.  Instead,  the  solution  is  started  by  treating 
the  non-equilibrium  flow  as  a  perturbed  equilib¬ 
rium  flow.  The  perturbation  method  is  used  until 
the  departure  from  equilibrium  has  become  large 
enough  to  allow  the  use  of  numerical  integration. 

An  approximate  laminar  boundary  layer  calcu¬ 
lation  based  on  the  integral  method  developed 
by  Cohen  and  Reshotko  is  included.  The 
boundary  layer  is  assumed  to  start  at  a  specified 
point  upstream  of  the  nozzle  throat,  and  is  com¬ 
puted  step  by  step  along  with  the  inviscid  flow- 
solution.  Beyond  the  throat,  the  inviscid  flow  is 
coupled  with  the  boundary  layer  through  the 
displacement  thickness  on  the  effective  area  ratio. 

The  calculations  of  the  stagnation  point  condi¬ 
tions  begin  with  Rankinc-IIugoniot  normal 
shock  solution.  The  gas  immediately  behind  the 
shock  can  be  assumed  to  be  frozen  or  in  chemical 
equilibrium,  regardless  of  the  free  stream  flow 
regime.  The  stagnation  pressure  at  a  point  on  the 
stagnation  streamline  just  outside  the  boundary 
layer  on  the  model  can  be  compared  with  the 
measured  Pitot  pressure.  An  iscntropic  relation 
between  states  just  behind  the  shock  and  at  the 
stagnation  point  is  used  for  the  computation  of 
the  stagnation  point  enthalpy.  The  incompressi¬ 
ble  Bernoulli  equation,  which  is  only  an  approx¬ 
imation  to  the  compressible  isentropic  flow 
relation,  can  be  used  for  the  stagnation  point 
pressure  computation.  Tor  calculating  other  gas 
variables  both  equations  of  gas  state  are  neces¬ 
sary. 

The  measured  Pitot  pressure  under  the  stag¬ 
nation  conditions  given  in  Fig.  4  was  75.6  mbar. 
The  equilibrium  shock  solution  coupled  with  a 
noncquilibrium  flow  solution  provides  a  stag¬ 
nation  point  pressure  of  78  mbar.  The  small 
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deviation  can  be  caused  by  the  underestimated 
boundary  layer  tliickness.  While  the  non-equili¬ 
brium  solution  in  the  nozzle  part  upstream  of  the 
nozzle  throat  deviates  from  the  equilibrium 
solution  only  slightly,  both  solutions  provide 
quite  different  species  mole  fraction  in  the 
supersonic  part  of  the  nozzle  (Fig.  6).  The  tem¬ 
perature  distribution  along  the  nozzle  (Fig.  7) 
shows  only  a  weak  difference  in  nonequilibrium 
and  frozen  solution  These  two  facts  support  the 
assumption  that  the  flow  after  the  nozzle  throat 
is  nearly  frozen. 


5.  Upgrading  of  the  LBK 

The  main  purpose  for  upgrading  the  FBK  facility 
is  to  increase  the  total  enthalpy  and  the  surface 
pressure  of  the  test  specimen,  which  requires 
higher  electrical  power  and  gas  mass  flow  rate. 
In  connection  with  this  aim  some  components 
of  the  LBK  have  to  be  upgraded  or  adapted. 

To  obtain  higher  surface  temperatures  at  different 
surface  pressures  the  generation  of  total  enthal¬ 
pies  beyond  15  MJ/kg  is  necessary.  Such  a  value 
requires  the  increase  of  the  electrical  power  up  to 
5-6  MW  and  subsequently  a  new  arc  heater. 

In  detail  the  technical  upgrading  of  LBK  requires 
the  modification  of  the  following  tunnel  compo¬ 
nents: 

•  gas  mass  flow  rate  control  system 

•  heat  exchanger  of  the  test  section  1 ,3K 

•  arc  heater 

•  electrical  power  supply  system 

•  wind  tunnel  control  system. 

Mass  flow  rates  up  to  300  g./s  will  be  necessary 
to  achieve  conditions  defined  for  the  future 
research  program.  They  cannot  be  controlled 
using  the  existing  control  system.  Therefore  a 
new  mass  flow  controller  with  another  measure¬ 
ment  technique  based  on  the  Coriolis  effect  has 
been  installed. 

The  walls  of  the  test  chamber  of  the  test  leg  L3K 
are  water  cooled  and  designed  for  gas  internal 
energy  rates  up  to  4  MW.  But  the  heat  exchanger 
placed  between  the  test  section  and  pumping 
system  can  not  be  used  for  powers  larger  than 
I  MW.  A  new  heat  exchanger  with  a  cooling 
capacity  of  3  MW  will  reduce  total  gas  temper¬ 
atures  in  the  range  of  7400  K  to  320  K  at  pres¬ 
sure  levels  of  20  mbar.  The  flow  has  to  cover  the 
whole  cross  section  of  the  heat  cxchanecr.  It 
seems  to  be  necessary  to  use  a  two  stage 


exchanger  to  reach  the  low  entrance  temperature 
in  the  pumping  system. 

The  arc  heater  consists  of  multiple  hollow  elec¬ 
trodes  with  internally  mounted  magnetic  coils, 
transition  sections  and  column  of  segments  with 
a  smaller  bore.  The  transition  and  coiumr  seg¬ 
ments  will  be  radiation-shielded  and  interlocked. 
Flectrically  insulated  copper  segments  arc  water 
cooled  and  allow  gas  injection.  It  is  anticipated 
that  two  electrode  rings  at  each  cathode  and 
anode  ensemble  are  required.  Each  electrode  ring 
will  require  a  water  cooled  ballast  resistor. 

Because  of  economical  reasons,  it  is  not  intended 
to  enlarge  the  existing  rectifier  but  to  install  a 
new  one.  The  new  rectifier  is  a  6- MW,  24  pulse 
thyristor  power  supply,  which  can  be  switched  in 
scries  or  parallel  from  2  to  4  modules  ( 1000  A  at 
6000  V;  2000  A  at  3000  V;  4000  A  at  1500  V; 
8000  A  at  750  V).  The  regulator  delivers  a  con¬ 
stant  current  with  an  accuracy  of  +1%  of  full 
scale.  The  improvement  of  the  total  conditions 
of  LBK  with  the  new  rectifier  is  shown  in 
Fig.  7. 

A  computerized  control  system  will  supervise  the 
operating  conditions  of  the  facility.  The  arc 
heater  ignition  and  the  setting  of  the  desired  mass 
flow  rate  will  be  performed  by  this  system  auto¬ 
matically.  During  the  tests  cooling  circuits  are 
watched  and,  if  necessary,  adjusted.  In  order  to 
achieve  constant  operation  conditions  the  values 
of  mass  flow  rate  and  current  will  be  optimized. 
All  important  parameters  will  be  monitored  and 
stored  for  further  evaluations. 


6.  Concluding  remarks 

The  arc  healed  wind  tunnel  I  BK  has  been 
proved  to  be  a  valuable  device  for  the  qualifica¬ 
tion  tests  on  thermal  protection  materials  for 
space  transportation  systems.  Because  of  its  low 
pressure  level  in  the  settling  chamber  the  flow  in 
the  tunnel  is  nearly  chemically  frozen  and 
restricts  a  simulation  in  the  aerodynamics  sense. 

The  LBK  covers  a  big  number  of  points  on  the 
temperature-pressure  field  for  surfaces  which  arc 
exposed  to  high  thermal  loads  during  the  reentry 
phase  of  IIIiRMFS.  The  gap  between  the  work¬ 
ing  areas  of  the  other  europcan  plasma  wind 
tunnels  IRS  and  S1MOUN  can  only  be  closed 
by  means  of  the  LBK. 

Higher  stagnation  enthalpies  and  heat  flux  rates 
will  be  produced  after  performing  upgrading, 
which  will  allow  to  reach  higher  surface  temper¬ 
atures  and  pressures. 
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Fig.  6  :  Axial  mole  fraction  distribution  in  the  nozzle 
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SUMMARY 

An  overview  of  the  NATO  Advanced  Research  Workshop 
Session  7  is  presented.  It  describes  the  process  followed  to 
obtain  a  group  consensus  on  the  main  technical  recommen¬ 
dations  for  each  of  the  five  technical  sessions  of  the  Work¬ 
shop  and  presents  the  general  conclusions  and  recommenda¬ 
tions  for  future  research  agreed  upon  by  the  workshop 
participants. 

INTRODUCTION 

Session  7,  the  last  session  of  the  NATO  Advanced  Re¬ 
search  Workshop,  was  organized  to  provide  an  open  forum 
for  the  workshop  participants  to  reach  a  group  consensus  on 
the  main  conclusions  of  the  workshop  and  to  formulate  a 
set  of  recommendations  for  future  research  in  hypersonic 
instrumentation.  The  format  of  this  last  session  was  to 
have  the  five  lead  rapporteurs  for  each  of  the  earlier  five 
technical  sessions  present  their  draft  summary  reports  and 
recommendations  to  the  group.  Each  draft  report  was 
prepared  by  the  three  rapporteurs  who  led  each  of  the 
earlier  session  group  discussions  and  was  based  on  both  the 
technical  papers  presented  in  their  sessions  and  the  group 
discussions  that  followed.  Following  each  draft  report 
presentation  to  the  workshop  group  in  Session  7,  there  was 
a  group  discussion  period  where  the  final  consensus  posi¬ 
tion  for  the  workshop  participants  was  agreed  upon.  The 
session  papers  that  follow  arc  reports  on  the  final  conclu¬ 
sions  and  recommendations  that  resulted  from  the  process 
just  described. 

The  last  part  of  Session  7  provided  for  a  group  discussion 
that  led  to  the  development  of  a  set  of  general  conclusions 
and  recommendations  for  the  Workshop  as  a  whole.  These 
latter  overview  comments  were  meant  to  capture  the  broad¬ 
er  technical  issues,  concerns,  and  recommendations  that 
were  expressed  by  the  group  participants  throughout  the 
five  technical  sessions  There  were  eight  general  recom¬ 
mendations  formulated  and  agreed  upon  by  the  workshop 
participants  in  this  last  session 

GENERAL  CONCLUSIONS  AND 
RECOMMENDATIONS 

The  eight  genera!  conclusions  and  recommendations  pro¬ 
duced  at  the  Workshop  were: 

1.  Advanced  measurement  technology  is  critical  and  en¬ 
abling  to  the  development  of  hypersonic  flight  vehicles  and 
requires  high  level  management  attention  and  support  The 
group  identified  four  classes  of  enabling  hypersonic  re¬ 
search  experimental  data  that  require  advanced  measure¬ 
ment  technology  development  and  instrumentation.  These 
were 

a  Aerospace  vehicle  design  data  obtained  from  wind 


tunnel  and  propulsion  test  facilities.  An  advanced  measure¬ 
ment  capability  in  these  test  facilities  is  needed  to  acquire 
the  fundamental  experimental  test  data  base  to  support 
vehicle  design  in  the  flight  regimes  that  cannot  be  obtained 
through  existing  engineering  or  Computational  Fluid  Dy¬ 
namics  (CFD)  predictive  capabilities. 

b.  New  test  facility  free  stream  characterization  and 
calibration.  The  complete  free  stream  flow  field  character¬ 
ization  of  both  new  and  an  existing  facilities  is  the  essential 
first  step  to  defining  the  "input  conditions"  that  will  provide 
a  high  quality  hypersonic  experimental  data  base  for  all 
future  engineering  design  and  CFD  code  validation  testing. 
Hypersonic  test  facilities  place  the  most  extreme  perfor¬ 
mance  demands  on  advances  in  new  instrumentation  that 
must  survive  and  perform  measurements  in  their  highly 
hostile  environments,  e.g.,  high  temperature;  vibration; 
micro-  to  millisecond  test  times;  chemically-reacting,  high¬ 
speed  flows;  and  simultaneous,  global  multi-parameter  data 
sets  for  both  model  surface  and  disturbancc-frec  gas  flow 
properties 

c.  Fluid  physics  and  CFD  code  development  and  valida¬ 
tion.  All  future  advances  in  the  improved  understanding  of 
hypersonic  fluid  physics  and  CFD  code  development  and 
validation  must  rely  on  a  high  quality  experimental  data 
base  obtained  cither  from  ground-based  lest  facilities  or 
future  flight  test  data.  The  development  of  new  measure¬ 
ment  technology  is  enabling  to  acquire  this  essential  experi¬ 
mental  data  base 

d  Flight  test  data.  Even  with  the  most  advanced  and 
sophisticated  ground  lest  facilities,  there  are  still  significant 
llighl  test  envelope  conditions  that  cannot  be  adequately 
simulated  in  ground  test  facilities  Flight  testing  under 
extreme  flight  envelope  conditions  places  the  most  stringent 
demands  on  instrumentation.  These  flight  test  constraints 
limit  the  domain  of  advanced  measurement  technologies  to 
those  that  can  survive  the  hostile  flight  environment  and 
yet,  can  provide  accurate  measurements  with  the  additional 
constraints  of  limited  size,  weight,  power  consumption,  etc 

2.  The  diversity  of  hypersonic  test  requirements  will  de¬ 
mand  the  development  and  application  of  a  broad  spectrum 
of  advanced  measurement  techniques  and  sensors  A  com¬ 
mon  theme  agreed  upon  throughout  the  workshop  delibera 
lions  was  that  multiple  solutions  must  be  addressed  to 
satisfy  many  of  the  advanced  hypersonic  measurement 
requirements  because  of  the  wide  variety  of  experimental 
test  conditions  and  requirements.  Further,  the  high  risk 
nature  of  the  hypersonic  advanced  measurement  technology 
R&.D  program  will  require  pursuit  of  multiple  approaches 
to  the  most  critical  measurement  requirements  in  order  to 
reduce  risk  in  the  experimental  test  program 

3.  It  is  essential  that  a  close  collaboration  be  established 
between  the  research  data  user,  test  facility  engineer,  and 
the  instrument  developer  beginning  with  experiment  defini¬ 
tion  and  continuing  through  final  demonstration.  The 
workshop  group  cited  the  importance  of  a  thorough 
scientific  definition  of  the  experimental  data  requirements. 


experimental  test  conditions  and  measurement  accuracies  as 
a  necessary  first  step  to  successful  hypersonics  experiments. 
The  instrument  developer  is  a  critical  part  of  this  initial 
experiment  definition  process.  This  is  particularly  true  in 
hypersonic  testing,  since  it  is  often  found  that  the  present 
state  of  the  measurement  technology  will  not  support  the 
test  requirements.  With  this  realization,  and  involvement 
of  the  instrument  developer,  an  alternative  experiment  may 
be  designed  which  is  achievable  or  else  an  aggressive 
measurement  technology  development  program  must  be 
defined  and  begun.  The  workshop  participants  felt  that  this 
early  dialogue  -  which  involves  the  data  user,  test  engineer 
and  instrument  developer  -  and  continues  throughout  the 
course  of  the  experimental  test  program  cannot  be  over 
emphasized. 

4.  Major  extensions  in  the  state  of  the  art  are  needed  in 
many  areas  fe  e.,  nonintrusive  gas  diagnostics,  high  tem¬ 
perature  sensors)  and  will  require  a  long-term  15-7  vearsl 
R&D  investment  to  mature.  As  indicated  earlier,  major 
advances  in  measurement  technology  are  needed  to  meet 
the  needs  of  the  hypersonic  ground  and  flight  test  research 
program.  Further,  new  fundamental  scientific  discoveries 
and  technologies  outside  of  the  aerospace  community  must 
be  aggressively  monitored  and  considered  for  development 
and  application  to  meet  the  new  measurement  technology 
requirements. 

5  CFD  code  experimental  validation  will  place  the  highest 
demands  on  facility  data  accuracy  and  on  instrumentation 
with  well-validated,  low  measurement  uncertainties  that 
must  be  supported.  It  was  pointed  out  repeatedly  during 
the  workshop  that  the  most  demanding  measurement  re¬ 
quirements  are  dictated  by  CFD  code  validation  tests  which 
require  well-calibrated  test  facility  free  stream  input  condi¬ 
tions,  high-accuracy  mean  model  surface  conditions,  and 
global  multi-parameter  gas  flow  field  data  with  the  highest 
spatial  resolution.  Further,  to  develop  and  test  turbulence 
CFD  models,  these  measurement  requirements  must  be 
extended  to  include  fluctuating  quantities  with  wide  mea¬ 
surement  bandwidth-up  to  100  kHz,  turbulence  power 
spectra  and  cross  correlation  functions  of  measured  values. 
These  sophisticated  requirements  combined  with  experimen¬ 
tal  uncertainties  in  the  1  to  10%  range  require  significant 
advances  in  measurement  technology  to  achieve. 

6.  A  balanced  near-tcrm/long-term  investment  strategy  is 
required  that  will  address  the  following: 

a.  Extend  mature  technologies  that  have  been  successful¬ 
ly  used  in  the  past  but  which  need  to  be  reactivated  or 
investigated  for  extension  beyond  the  experimental  test 
domain  of  their  prior  use.  Examples  cited  in  the  workshop 
include  electron  beam  fluorescence  (former  class)  and  laser 
Doppler  velocimctry  (latter  class). 

b  Exploit  new  emerging  technologies  in  other  disci¬ 
plines.  The  workshop  participants  fell  strongly  that  it  was 
only  through  the  adaption  and  extension  of  the  latest  emerg¬ 
ing  technologies  --  e  g.,  lasers,  fiber  optics,  electro-optic 
devices,  laser  spectroscopy,  high-tcmpcralure  sensor  con¬ 
cepts  and  materials  -  that  the  required  quantum  advances 
in  hypersonic  measurement  technology  can  be  achieved 
c  Develop  advanced  measurement  and  sensor  concepts  at 
university,  industry,  and  federal  laboratories.  This  element 
of  the  investment  strategy,  which  was  strongly  endorsed  by 
the  workshop  group,  cites  the  essential  managed  coordina¬ 
tion  between  the  university,  industry,  and  government 
laboratory  research  staffs  to  draw  upon  the  strengths  of 
each  clement  in  a  synergistic  way  Long-term  support  for 
university  labs  classed  as  "Centers  of  Excellence"  and  seed 
r  . . ■»m<nuuivi-  nnvalr  companies  must  be  the 


cornerstones  of  this  investment  strategy. 

7.  New  calibration  techniques  and  facilities  need  to  be 
identified  and  developed  to  satisfy  measurement  uncertainty 
requirements  under  both  ground  and  flight  test  conditions. 
The  issue  of  calibration  techniques  and  facilities  for  new 
instrumentation  technology  was  identified  in  the  workshop 
as  a  significant  issue  that  needs  to  be  addressed  along  with 
new  measurement  techniques  and  sensors.  The  develop¬ 
ment  of  special  calibration  techniques  and  facilities  for 
extreme  test  conditions  —  e.g.,  high  heat  flux  levels  and 
high  temperature  —  can  be  as  costly,  time  consuming,  and 
technically  challenging  as  the  development  of  the  new 
sensor  or  measurement  technique  itself  and  needs  to  be 
included  as  an  integral  part  of  the  measurement  technology 
R&D  program. 

8.  Flight  test  measurement  requirements  should  be  identi¬ 
fied  and  appropriate  flight  sensor  development  programs 
supported  early  in  the  program  Although  the  main  thrust 
of  this  workshop  addressed  hypersonic  ground  facility 
instrumentation,  the  subject  of  extending  new  measurement 
techniques  and  sensors  to  flight  testing  was  discussed.  It 
was  agreed  that  flight  sensors  are  an  evolutionary  extension 
of  those  developed  for  ground  testing  which  can  be  minia¬ 
turized  and  hardened  for  flight.  As  a  consequence,  poten¬ 
tial  flight  sensor  technologies  should  be  identified  and 
support  begun  early  in  the  ground  test  development  pro¬ 
gram  so  that  there  is  a  well-planned  transition  from  ground 
test  to  flight. 

CONCLUDING  REMARKS 

In  summary.  Session  7  of  the  NATO  Advanced  Research 
Workshop  provided  a  forum  for  the  workshop  participants 
to  develop  a  final  consensus  on  the  main  conclusions  of  the 
workshop  and  to  formulate  a  set  of  recommendations  for 
future  research  in  hypersonic  instrumentation.  The  general 
conclusions  and  recommendations  of  the  group  are  present¬ 
ed  above  while  the  final  reports  of  the  lead  rapporteurs  for 
each  of  the  technical  sessions  are  presented  in  the  following 
papers. 
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SUMMARY 

The  quality  of  reentry  simulation  for  Shuttle, 
HERMES,  Stinger,  and  NASP  systematically  suf¬ 
fers  from  the  strong  non-equilibrium  of  rotational 
and  vibrational  temperature  due  to  the  rapid 
acceleration  of  the  test  gas  in  the  nozzle.  Therefore 
the  determination  of  temperatures  is  necessary 
and,  if  possible,  preferable  by  a  non-intrusive 
technique.  The  specific  interests  of  this  review  are 
optical  techniques  such  as  electron  beam  fluores¬ 
cence,  laser-induced  fluorescence,  and  coherent 
anti-Stokes  Raman  scattering.  The  capabilities 
available  for  local  measurements  with  temporal 
resolution  and  quantitative  accuracy  are  discussed 
for  velocity,  temperature,  density,  species  concen¬ 
trations,  and  fluctuations  due  to  turbulence.  The 
applicability  of  these  methods  of  measurement  is 
presented  and  discussed  for  the  coming  topic  in 
aerothermodynamics:  experimental  techniques  of 
hot  gases  in  high  enthalpy  flows. 

1.  INTRODUCTION  AND  SCOPE 

The  interest  in  hypersonic  aerodynamic  research 
is  now  increasing  due  to  the  new  hypersonic  space 
transport  vehicles  like  the  European  HERMES, 
the  German  Sanger,  and  the  U.S.  NASP.  The  two 
classical  major  problems  of  such  reentry  vehicles 
are  steering  at  high  angle  of  attack  with  flaps  or 
thrusters  and  the  extreme  heat  loads  in  the  nose 
area  of  the  vehicle  structure  during  aerodynamic 
breaking.  Therefore  the  knowledge  of  gas-  and 
wall-temperatures,  wall-material  characteristics, 
and  species  composition  is  essential.  The  latter 
point  is  also  of  interest  for  environmental  studies 
of  the  upper  atmosphere. 

The  design  of  hypersonic  space  vehicles  depends 
on  computational  fluid  dynamics  codes  (CFD) 
which  simulate  the  hypersonic  flow  field.  Another, 
somewhat  historic,  engineering  tool  is  the  wind 
tunnel  with  a  flowing  gas  medium  and  a  test 
model  at  rest. 

Hypersonic  research  requires  an  integration 
between  flight,  CFD  and  wind  tunnel  methods: 


This  paper  focusses  on  wind  tunnel  aspects  of  this 
interaction,  taking  into  account  the  different  con¬ 
ditions  in  flight,  and  keeping  in  mind  the  vali¬ 
dation  of  CFD  codes. 

Several  optical  methods  are  reviewed  which  are 
non-intrusive  Cl,  2]  and  have  already  been 
applied  to  hypersonic  wind  tunnel  testing.  These 
techniques  are  surveyed  especially  fur  possible  use 
in  two  of  the  new  European  wind  tunnels:  the  F4 
at  Le  Fauga  and  the  HEG  at  Gottingen.  Both  wind 
tunnels  operate  in  intermittent  modes  at  testing 
times  of  100  ms  in  F4  and  only  1  ms  in  HEG, 
which  is  very  short  compared  to  the  low  density 
hypersonic  wind  tunnels  [5,  6]  which  run  for 
some  hours.  The  densities  in  the  low  density 
tunnels  are  10'2  ~  10"’  molecules  !  cm' 

(20  K<T^,<  2500  K ,  800  K  <  T„h  <  2500  K),  and 
for  the  intermittent  tunnels  up  to 
IQ-0  moleculeslcm3  (7U»,  T„,  <  10  000  K). 

The  new  tunnels  use  air  as  the  test  gas,  and  due 
to  the  high  temperatures  in  the  flow,  the  02  -  and 
N2  -  molecules  will  dissociate  and  recombinate  to 
NO.  So  we  have  to  work  with  at  least  three 
molecular  species  (N2,  02,  and  NO)  in  a  temper¬ 
ature  range  from  100  K  to  10  000  K  with  non¬ 
equilibria  in  rotation,  vibration  and  thermal  dis¬ 
sociation.  Furthermore,  the  state  population  dis¬ 
tribution  might  not  be  of  a  Boltzmann  type 
C3,  4]  so  the  definition  of  temperatures  becomes 
questionable. 

2.  ELECTRON-BEAM  FLUORESCENCE 
DIAGNOSTICS 

2.1  Description 

The  electron-beam  technique  is  well  established 
for  hypersonic  wind  tunnel  testing  since  more  than 
25  years  [7,  83-  Also,  for  flight-research  diagnos¬ 
tic  for  hypersonic  boundary  layer  measurements 
this  method  can  be  used  to  probe  nitrogen 
[2,  9  -  163;  eight  previous  flight  experiments  with 
optical  detection  of  electron-beam  fluorescence  are 
summarized  by  Cattolica  [2], 

Limitations  of  the  electron-beam  technique  st  high 
density  concern  quenching  of  the  signal,  reduction 
of  spatial  resolution  by  gas  scattering,  and  possible 
interference  from  background  emission.  Muntz  et 
al.  [24]  proposed  the  Electron-Photon-Fluores- 
cence,  a  combined  electron  beam  ionization/laser- 
induced  fluorescence  detection  approach.  In  addi¬ 
tion  Muntz  [463  has  also  proposed  a  pulse  elec¬ 
tron-beam  technique  to  overcome  some  of  these 
limitations. 
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Many  types  of  electron  guns  were  used  for  wind 
tunnel  applications,  with  energies  ranging  from  5 
kV  up  to  300  kV  and  beam  currents  ranging  from 
1  pA  up  to  1  mA  [  17].  Most  of  the  scientists 
probed  the  N }  -ion  and  measured  rotational  and 
vibrational  temperatures  C3,  5,  6,  7]  ,  NO 
[18,19,20],  02  and  O  [21],  CO  [22],  and 

C03  [23]  were  also  investigated. 

2.2  Application  Regimes 

The  density  range  of  the  e  -beam  fluorescence  is, 
according  to  Lewis  [  17  ],  10’3  to 
10'8  molecules/cm \  At  higher  densities  quenching 
and  beam  scattering  problems  occur  and  make  this 
technique  difficult  but  not  impossible;  the  pulsed 
e‘-beam  technique  (10  ns)  may  extend  the  density 
range  up  to  10’*  molecules/cm 3  [46].  In  Fig.  1  the 
application  densities  are  listed  and  compared  to 
some  other  optical  methods  [17]  like  LIF  (laser- 
induced  fluorescence),  LIPF  (laser-induced  predis- 
sociative  fluorescence),  Rayleigh  scattering,  CARS 
(coherent  anti-Stokes  Raman  scattering),  and  2D- 
LIF  (planar  laser-induced  fluorescence). 


]  optimum 


X//A  difficult 

very  difficult 

Fig.  1  Diagnostics  application  regimes  [17] 


2.3  Electron  Beam  and  Wind  Tunnel 

The  standard  experimental  set-up  for  temperature 
and  density  measurements  is  shown  in  Fig.  2.  The 
electron  gun  is  mounted  in  a  separate  chamber  at 
low  pressure  (  <  10"4  mbar)  differentially  pumped 
by  turbomolecular  pumps  [25],  Older  systems 
used  oil-diffusion  pumps  [5,  6,  7];  hence  the 
chamber  must  be  cleaned  from  time  to  time.  The 


nel 


electron  beam  in  Fig.  2  is  pulsed  rectangular  (1 
kHz  ...  50  kHz)  to  increase  the  signal-to-noise  ratio 
by  means  of  the  lock-in-technique.  The  emitted 
light  from  Ni( 0,0)  band  (at  X  =  400  nm)  is  focussed 
by  a  lens  outside  the  wind  tunnel  on  a  monochro¬ 
mator  and  a  photomultiplier.  Therefore  the  wind 
tunnel  must  have  either  a  window  with  a  good 
transmission  in  the  near  ultraviolet  or  one  can  use 
a  fiberoptic.  The  width  of  the  entrance  slit  of  the 
spectrograph  is  dependant  on  the  optical  resol¬ 
ution  which  is  needed:  for  rotational  spectra  a 
resolution  of  A  A™,  =  0.05  nm,  and  for  vibrational 
bands  of  AX^  -  0.5  nm.  Fig.  3  shows  an  unre¬ 
solved  N2  fluorescence  spectrum  including  bands 
from  the  first  negative  and  second  positive  system. 
Usually,  for  temperature  determination  the 
N i  (01)  and  N2  (12)  transitions  are  used. 


Fig.  3  Unresolved  N2  fluorescence  spectrum 
including  bands  from  the  first  negative 
and  the  second  positive  system.  Most 
temperature  measurements  use  the 
N,*(01)  and  NJ(12)  transitions. 
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2.4  Results  and  Outlook 

One  example  of  applying  the  e'-beam  technique  to 
hypersonic  flow  is  shown  in  Fig.  4.  The  density 
profile  and  the  velocity  gradient  across  a  normal 
shock  are  measured  [47]  in  a  low  density  wind 
tunnel  at  a  Mach  number  of  24.  Both  velocity  and 
density  show  the  expected  change  along  the  Ran- 
kine-Hugoniot  relations  by  a  factor  of  6  known 
from  continuum  theory  for  high  Mach  numbers. 
The  possibility  of  two-dimensional  temperature-, 
density-,  and  velocity-fields  is  also  given  by  this 
technique  [18,  48,  49].  Some  planar  results  taken 
in  wind  tunnels  are  published  [47,  48]. 
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Fig.  4  Velocity  measurements  across  a  normal 
shock  together  with  the  corresponding 
density  profile  at  M_  =  24  [47]. 


Focussing  on  the  two  new  wind  tunnels  F4  and 
HEG,  a  gun  of  about  20  -  50  kV  and  variable 
current  output  (low  current  for  point,  high  current 
11  mA)  for  planar-measurement)  is  favoured.  Such 
a  gun  can  be  pulsed  up  to  50  kHz  [18]  which  will 
provide  several  e'-shots  even  during  the  1  ms 
running  time  of  the  HEG.  In  F4  some  problems 
will  occur  due  to  charged  particles  generated  by 
the  arc-heater  system.  At  higher  densities  the 
electron  beam  fluorescence  suffers  from  quenching 
problems.  In  gas  mixtures  one  has  to  take  into 
account  direct  ionization,  Penning  ionization  via 
collisions  between  target  molecules  and  metastable 
atoms,  and  charge-transfer  reactions  by  collisions 
of  ionized  atoms  with  target  molecules.  Using 
metastable  atoms  as  a  high  energy  source  gives  us 
many  suggestions  to  improve  the  conventional 
electron  beam  technique  [47]. 


3.  LASER-INDUCED  FLUORESCENCE 
DIAGNOSTICS 


3.1  Description 

The  principle  of  LIF  is  the  use  of  laser-excited 
emission  to  provide  local  measures  of  the  number 
density  distribution  functions  [17].  The  introduc¬ 
tion  of  tunable  lasers  of  high  spectral  power  den¬ 
sity  has  resulted  in  a  manifold  applicability  of 
one-photon  and  multi-photon  excitation  processes 
of  atoms  and  molecules.  The  LIF  technique  is  on 
the  way  of  becoming  a  standard  tool  for  non-in- 
trusive  measurements  in  supersonic  wind  tunnel 
flow  fields  [26-30]  in  a  wide  density  range.  It 
can  measure  translational,  vibrational  and  rota¬ 
tional  temperatures  by  exciting  selectively  (in 
contras',  to  the  electron  beam)  each  molecular  state 
even  at  very  low  densities.  At  higher  densities 
quenching  may  occur  [36,  37],  but  it  is  possible 
to  modify  this  technique  and  detect  predissociative 
molecular  states  [3l]  (LIPF).  Fig.  5  shows  (in 
principle)  the  LIF-  and  LIPF-processes;  of  major 
interest  is  the  repulsive  curve  crossing  the  poten¬ 
tial  curve  on  the  upper  right  hand  side:  the  laser 
excited  molecule  (02)  can  dissociate  immediately 
after  the  stimulation  process.  This  has  the  big 
advantage  of  very  low  quenching  influence,  but  the 
disadvantage  of  low  intensity  compared  to  the 
conventional  LIF-technique. 

LIF  LIPF 


Fig.  6  Principle  of  LIF  with  laser  excitation, 
fluorescence,  quenching,  and  LIPF  with 
the  additional  predissociation  potential. 


3.2  Application  Regimes 

The  density  range  of  the  LIF-technique  is  enor¬ 
mous,  see  Fig.  1  [17],  but  one  should  point  out 
that  the  LIF-sensitivity  is  strongly  dependant  on 
the  molecule  which  is  stimulated:  NO  has  best 
sensitivity  [27,  29,  50,  51,  52,  53,  54],  CO  and 
are  extremely  difficult  [32,  33]  (two-photon 
process  in  the  vacuum  ultra  violet)  but  possible, 
O,  is  about  two  orders  of  magnitude  less  sensitive 
than  NO  but  still  a  good  candidate  at  higher  den¬ 
sities  [31,  34,  50,  53,  54],  Two-dimensional 
temperature  fields  can  also  be  measured  by  LIF 
[27,  29,  30,  50,  55]  and  LIPF  [31,  35]  if  pow¬ 
erful  UV-lasers  are  used. 
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3.3  LIF- Apparatus  and  Wind  Tunnel 

The  experimental  set-up  with  a  tunable  ArF*-ex- 
cimer  laser  in  front  of  a  supersonic  vacuum  wind 
tunnel  is  shown  in  Fig.  6.  Three  windows  with  a 
good  transmission  in  UV  (193  ran)  are  installed. 
For  pointwise  measurement  the  laser  beam  can  be 
focused  by  a  lens  outside  the  tunnel  [26].  The 
fluorescence  light  is  collimated  by  two  lenses  on  a 
photomultiplier.  The  maximum  laser  pulse  energy 
of  the  ArF*-laser  is  100  mJ  at  a  pulse  length  of 
13  ns  and  a  maximum  repetition  rate  of  250  Hz. 


Windlunn*  l 
S*c  t  ion 


Fig.  6  IJF-apparatus  installation  in  a  wind 
tunnel. 


spectrum  is  compared  to  the  computer  calculation. 
The  R2nr(v’  =  7)  *-  X2  n,(o"  =  0)-band  is  the  only 
one  within  the  tuning  range  of  the  ArF*-exeimer 
laser  at  T  =  300  K  .  Therefore  the  spectrum  is  very 
simple  and  easy  to  identify. 

Planar  images  can  be  recorded  by  replacing  the 
multiplier  by  a  Newton  telescope  plus  a  CCD- 
camera  and  spreading  the  laser  beam  by  a  cylinder 
lens  [27,  50  j. 

3.4  Results  and  Outlook 

A  good  demonstration  for  the  high  spatial  resol¬ 
ution  is  given  in  Fig.  8.  Along  the  center  line  of  a 
supersonic  free  jet  (orifice  diameter  D  ■=  3.1  mm) 
single  point  measurements  of  rotational  temper¬ 
ature  were  conducted  by  laser-induced  fluores¬ 
cence  of  NO,  conducted  with  a  rapid-tuning  ring 
dye  layer  [50].  The  agreement  with  the  isentropic 
temperature  distribution  calculated  along  the  cen¬ 
ter  line  is  quite  good  except  at  x/D  greater  than 
2  where  rotational  freezing  appears  to  set  in.  Also 
the  position  of  the  Mach  disc  at  x/D  =  3.2  is  mea¬ 
sured  clearly  and  a  temperature  increase  from 
80  K  to  300  K  is  detected.  It  is  interesting  that 
such  quantitative  results  can  be  obtained  with 
only  1  mW  laser  power  and  that  the  measure¬ 
ments  can  be  executed  at  a  repetition  rate  of  of 
4  kHz! 


|~T.| 


Fig.  7  Calibration  measurement  in  comparison 
to  calculated  spectra  at  room  temper¬ 
ature. 


Fig.  8  Rotational  temperature  along  free  jet 
center  line  by  LIF  [50]. 


Another  application  of  the  LIF-technique  to  tur¬ 
bulent  boundary  layers  can  demonstrate  the  high 
temporal  resolution  when  operating  with  laser 
pulses  of  10  ns.  Fig.  9  shows  a  comparison  of  the 
root-menn-square  (RMS)  fluctuation  amplitudes  of 
temperature  and  density  obtained  by  spectroscopic 
methods  [54]  and  from  hot  wire  data  taken  in  a 
12  mm  thick,  fully  turbulent  boundary  layer  that 
is  adjointed  by  a  relatively  undisturbed  flow  of  the 
same  thickness,  Mach  number  2. 
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Fig.  9  Measurements  of  temperature  and  densi¬ 
ty  fluctuation  in  turbulent  Mach  2  chan¬ 
nel  flow  [54]. 

The  laser  results,  AD-LIF  and  02-LIF/Raman,  are 
in  agreement.  They  both  show  a  region  in  the 
boundary  layer  near  y/S  =  0.6  where  the  density 
fluctuations  are  exceptionally  large.  A  histogram 
of  the  ATO-L1F  fluctuations  displays  a  bimodal 
character  which  suggests  that  a  weak  wave  was 
oscillating  across  the  sample  volume.  These  com¬ 
parisons  demonstrate  that  the  03-LIF/Raman 
technique  can  provide  accurate  measurements  in 
air  flows  at  the  low  temperatures  and  densities 
which  are  prevalent  in  high-speed  wind  tunnels. 

Focussing  on  the  F4-  and  HEG-wind  tunnels  the 
NO-LIF-  and  Oj-LIPF-metiiens  are  applicable,  see 
Fig.  1,  for  planar  measurements.  Due  to  the  short 
running  time  (1  ms)  of  HEG  and  the  low  laser 
repetition  rate  two  separate  excimer  lasers  will  be 
used  which  are  tuned  to  two  selected  transitions. 
These  two  lasers  are  fired  one  after  the  other,  and 
two  camera  systems  are  installed,  which  are  syn¬ 
chronized  with  the  lasers. 

4.  CARS  DIAGNOSTICS 

4.1  Description 

CARS  has  been  shown  to  be  a  versatile  and  pow¬ 
erful  technique  for  spectroscopic  studies  in  super¬ 
sonic  flows  [l,  38,  39,  56]  and  in  hot  gases 
[4,  37,  40,  41  ].  It  is  ideally  suited  to  determine 
density  and  temperature  profiles  with  high  spatial 
resolution  and  to  study  rotational  and  vibrational 
relaxation  processes.  Many  species  have  been 
studied:  //,,  D2,  OH,  Ot,  NH,,  C02...,  so  all 
species  in  hypersonic  wind  tunnels  can  be 
detected.  The  multi-parameter  dependency  of 
CARS  performance  makes  the  applicability  region 
complex  to  define.  Single  shot  experiments  (20  ns) 
are  possible. 

4.2  Application  Regimes 

Fig.  1  shows  the  possible  number  density  range  for 
CARS-measurements  having  an  optimum  at 
10”  to  10w  molecules/cm*  [17],  The  spectroscopy 


experts  from  ONERA  [42]  checked  the  possible 
density  range  for  300  K  and  3000  K: 

multiline  CARS  5  •  10'5  to  2  •  10”  molecules/cm3 

multiplex  CARS  10”  to  2  •  lO”  molecules/cm3 

4.3  CARS-Apparatus  and  Wind  Tunnel 

A  standard  set-up  incorporates  a  frequency-dou¬ 
bled  Nd:  YAG  laser  at  532  nm  [38],  Its  output 
is  split  into  two  parts,  see  Fig.  10:  one  beam  is 
used  to  pump  a  tunable  dye  laser,  the  other  part 
provides  the  pump  beam  for  the  CARS  process. 
Both  laser  beams  are  carefully  aligned  in  time  and 
space  and  focussed  by  a  lens  outside  the  wind 
tunnel.  The  two  optical  windows  of  the  tunnel  are 
not  critical  (visible  light).  The  anti-Stokes  photons 
are  detected  via  monochromator  and  photomulti¬ 
plier;  an  explain  OMA-system  with  photodiodes  is 
also  possible.  Fig.  11  shows  a  measured  N2  CARS 
spectrum  from  a  flame  [45].  It  was  taken  in  the 
narrow-band  mode  and  is  well  resolved.  For  single 
shot  experiments  it  is  possible  to  detect  only  tw'o 
representative  lines  of  the  spectrum. 


Fig.  10  CARS-apparatus  installation  in  a  wind 
tunnel. 
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Fig.  11  Narrow-band  N2  CARS  spectrum 
(Q-branch)  from  a  propane/air  flame 
above  burner  surface,  flame  center.  Mea¬ 
surement  (dashed),  theoretical  (full  line), 
and  error  surve  (lower  track).  Approxi¬ 
mately  30  shots  were  averaged  at  each 
point;  T=  1983  K  [45], 
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4.4  Results  and  Outlook 

In  a  Mach  10  hypersonic  air  flow  of  a  blow-down 
wind  tunnel  temperatures  and  densities  of  nitro¬ 
gen  were  measured  [56].  The  data  were  recorded 
using  a  non-linear  optical  technique  named  dual¬ 
line  CARS  which  allows  single  laser-shot  spatial¬ 
ly-resolved  measurements.  The  flow  was  probed 
from  the  free  stream  to  the  vicinity  of  a  two-di¬ 
mensional  ramp  model  (25°).  Averaged  temper¬ 
ature  and  density  profiles  are  shown  in  Fig.  12. 
The  measurements  are  compared  with  those  pre¬ 
dicted  by  a  Navier-Stokes  solver  and  show  good 
agreement. 


Fig.  12  Rotational  temperature  (left)  and  total 
density  (right)  profiles  normalized  by  the 
free  stream  conditions  at:  a)  X  =  0  072 
mm  (X/L  =  0.4),  c)  X  =  0.144  m 
(X/L  =  0.8),  e)  X  =  0.214  m  (X/L  =  1.2): 
(-)  HOMARD2  code;  (+)  experiment 
[56], 


Dual-line  CARS  is  a  sensitive  technique  to  probe 
molecules  in  hypersonic  flow.  Time-averaged  tem¬ 
perature  and  density  can  be  measured  simultane¬ 
ously  in  the  vicinity  of  a  two-dimensional  model 
with  a  separation  flow  field  region. 

Focussing  on  the  F4-  and  HEG-wind  tunnels  all 
scanning  CARS  methods  are  ruled  out  out  due  to 
a  data  acquisition  time  of  several  minutes.  Single 
shot  experiments  remain  [42]: 

•  dual-line  CARS  with  high  sensivity 
(10,a  molecules/cm ’) 

•  broad  band  CARS  with  minor  sensiv¬ 
ity  GO”  moleculeslcnv1). 

The  dual-line  CARS-technique  will  be  applied  to 
the  F4;  it  is  also  applicable  to  HEG. 


5.  ADDITIONAL.  NON-INTRUSrVE  METHODS 

Raman-  and  Rayleigh  scattering  are  two  additional 
candidates  for  use  in  supersonic  flows.  These 
techniques  and  some  derivations  are  listed  by 
Bonnet  and  Gressilon  [l]  and  Miles  [43].  A  new 
method  should  be  pointed  out  based  on  the  combi¬ 
nation  of  Raman  Excitation  and  Laser- Induced 
Electronic  Fluorescence  (RELIEF).  Two  or  three 
lasers  are  used  [43,  44],  tagging  02-molecules. 
The  method  provides  two-dimensional  temper¬ 
ature-  and  density-surveys  of  the  flow  field,  but  is 
limited  to  temperatures  below  800  K. 

Absorption  measurements  of  Oj  and  1I20  with 
tunable  semi-conductor  diode  lasers  ofler  high 
potential  for  diagnostic  applications  at  low  prize 
and  compact  size  [50,  57].  The  latter  point  is  of 
major  importance  for  future  flight  experiments. 

6.  CONCLUSION 
6.1  Discussion 

Several  non-intrusive  techniques  look  promising 
for  high-temperature  hypersonic  flows.  These 
techniques  include  electron  beam,  LIF,  laser 
absorption,  and  CARS.  All  four  techniques  suffer 
from  the  problem  of  spectrum  overlapping  at  tem¬ 
peratures  of  3000  K  and  above.  This  can  be  solved 
by  spectra  simulation  and  choice  of  transitions 
which  are  not  influenced  by  other  bands  [26],  The 
expected  results  m  F4  and  HEG  are  planar  tem¬ 
perature  plots  of  NO  and  02  measured  by  LIF, 
temperature  measurements  at  least  pointwise  and 
along  a  line  at  lower  densities  by  electron  beam 
fluorescence,  and  single  laser-sbot  temperature 
measurements  pointwise  by  CARS  at  higher  den¬ 
sities.  All  three  techniques  have  overlapping  den¬ 
sity  ranges,  see  Fig.  1;  the  electron  beam  is  (up  to 
now)  the  only  one  providing  continuous  measure¬ 
ments  during  the  tunnel  running  times. 

A  summary  of  the  advanced  optical  diagnostic 
methods  for  temperature  and  density  for  hyper¬ 
sonic  research  is  listed  in  Table  1, 

The  techniques  listed  above  will  provide  temper¬ 
ature  profiles  near  the  nose  of  a  reentry  vehicle  at 
high  angle  of  attack  and  realistic  flow  velocities. 
This  should  help  to  validate  CFD-data.  The  strong 
non-equilibrium  of  rotational  and  vibrational  tem¬ 
perature  is  typical  in  hypersonic  wind  tunnels  due 
to  the  rapid  expansion  in  the  nozzle.  The  chemical 
non-equilibrium  (production  of  NO)  is  character¬ 
istic  for  wind  tunnels  with  stagnation  temper¬ 
atures  higher  than  5000  K.  Both  effects  will  occur 
in  F4  and  HEG,  and  this  is  in  strong  contrast  to 
the  flight  situation  in  a  static  atmosphere  of  a 
reentry  vehicle.  Therefore,  flight  experiments  are 
necessary  with  an  electron  beam  or  a  laser  on 
board.  Only  flight  data  can  simulate  (because  it  is 
the  flight  reality)  the  true  conditions  to  compare 
with  CFD.  Furthermore  such  flight  data  of  tem¬ 
peratures  and  species  concentrations  are  of  great 
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Tab .  1  Summary  of  Advanced  Optical  Diagnostic  Methods  for  Temperature  and 
'  Density  for  Hypersonic  Research 


Technique 

Flow 

Properties 

Spatial 

Type 

Temporal 

Resolution 

Lab 

Experience 

Wind  Tunnel 
Experience 

Flight 

Experience 

1  Comments 

on  Status 

Electronic  Beam 
Fluorescence 

point,  ID,  2D 

high, 

continuous 

extensive 

moderate 

some 
(8  flights) 

Needs  modernization  in  WT 
and  can  provide  flight 
experiments  within  3  years 

Laser 

Fluorescence 

El 

point,  ID,  2D 

high, 

pulsed 

moderate 

some 

none 

Needs  more  utilization  in 
WT  for  CFD  validation 

Laser 

Absorption 

B 

line-of-sight 

moderate, 

continous 

moderate 

some 

none 

Primarily  for  internal  flows, 
line-of-sight  method 

Coherent  Laser 
Raman  (Cars) 

point 

moderate, 

pulsed 

moderate 

some 

none 

More  development,  WT 
applications  at  high  density 

Laser  Rayleigh 
Scattering 

mi 

point,  ID,  2D 

low, 

pulsed 

some  ! 

minimal 

none 

WT  applications  at  high 
density,  not  species  specific  1 

Laser  Raman 
Scattering 

point 

very  low, 
pulsed 

minimal  | 

none 

none 

WT  applications  only  at  | 
high  density  1 

importance  for  environment  studies  of  the  upper 
atmosphere. 

Finally,  it  should  be  recognized  that  many  of  the 
diagnostic  techniques  are  not  only  species  specific, 
but,  in  addition,  measure  the  internal  state  dis¬ 
tribution  of  the  probed  molecules  [57],  Thus  the 
newer  diagnostics  present  a  revolution  of  sorts  in 
that  they  are  leading  to  an  understanding  of  aero¬ 
dynamic  phenomena  from  the  molecular  level 
rather  than  from  the  traditional  bulk  properties 
approach. 

6.2  Summary 

1.  The  capabilities  are  available  for  local  meas¬ 
urements  with  temporal  resolution  and  quan¬ 
titative  accuracy  of 

•  velocity 

•  temperature 

•  density 

•  species  concentrations 

•  fluctuations  due  to  turbulence 

2.  Planar  and  point  field  measurements  are 
demonstrated  in  laboratories  for  quantitative 
data. 

3.  Some  techniques  are  now  ready  for  wind  tun¬ 
nel  application. 

4.  The  potential  for  flight  experiments  is  demon¬ 
strated  for  the  electron  beam  for  high  alti¬ 
tudes;  the  laser  systems  require  miniaturiza¬ 
tion. 


6.3  Recommendations 

Major  funding  is  now  required  to  move  these 
techniques  from  th?  laboratory  to  the  wind  tunnels 
and  to  flight  experiments.  These  techniques  can 
supply  data  with  resolution  required  for  CFD 
development. 
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ABSTRACT 

A  review  of  measurement  techniques  used  to 
obtain  aerodynamic  forces  and  moments  and 
surface/flow  field  pressures  for  models  tested 
in  impulse  hypersonic-hypervelocity  facilities 
and  in  conventional-type  hypersonic  wind 
tunnel1'  is  presented.  Although  force  and 
moment  measurement  techniques  presently 
used  in  hypersonic  wind  tunnels  aie  relatively 
unchanged  from  the  1960’s  and  1970’s, 
significant  advance*  have  recently  been  made 
for  impulse  facilities.  For  both  hypersonic 
11  ind  tunnels  and  impulse  facilities,  the  state- 
of-the-art  has  advanced  via  refinements, 
improved  test  techniques,  and  advances  in 
semiconductor  technology,  data  acquisition 
systems  and  computers.  The  introduction  of 
electronically  scanned  pressure  systems  over 
a  decade  ago  "revolutionized"  pressure 
measurements  in  hypersonic  wind  tunnels 
and  a  second  "revolution"  is  impending  with 
the  development  and  application  of  optical, 
two-dimensional,  global  pressure  measure¬ 
ment  techn:  (ues.  The  development  and 
continued  refinement  of  miniature  piezoresis- 
tive  transducers  has  provided  the  capability  to 
perform  detailed  surface  pressure  measure¬ 
ments  on  relatively  small,  complex  models  in 
impulse  facilities;  these  transducers  also 
provided  the  capability  for  intrusive  flow 
field  pressure  measurements  with  miniature 
survey  rakes. 

PREFACE 

The  original  intent  ot  this  paper,  as  indicated 
by  its  title,  was  to  provide  a  review  of  force 
and  moment  and  of  pressure  measurement 
techniques  used  in  hypersonic  facilities,  both 
conventional- type  hypersonic  wii.d  tunnels 
and  impulse-type  hypersonic-hypcrvelocity 
facilities.  This  review  was  to  be  based 
primarily  on  reports  presented  a;  the  NATO 


Advanced  Research  Workshop  entitled  "New 
Trends  in  Instr  ^mentation  for  Hypersonic 
Research"  and  held  at  ONERA  ^eFauga- 
Mauzac,  Frr.  'ce,  April  27  to  May  1,  1992. 
Four  papers  were  presented  in  session  4, 
which  was  entitled  "Pressure-Forces",  of  the 
work  :u,/p  and  all  addressed  force  and 
moment  measurements  in  impulse  facilities. 
The  titles  and  authors  of  these  papers  are  as 
follows: 

(1)  "Force  Measuremer  n 
Hyperveiocity  Impulse  Facilities" 
by  J.  M.  Simmons.  W.  J.  Daniel, 
D.  J.  Mee,  and  S.  L.  Tuttle, 

(paper  4Ay 

(2)  "A  Six  Component  Balance  for 
Short  Duration  Hypersonic 
Facilities"  by  C.  Jessen  and 

H.  Gu  nig  (p..per  4B). 

(3)  "Millisecond  Aerodynamic  Force 
Measurement  Technique  for  High 
Enthalpy  Test  Facilities"  by 

K.  W.  Naumann,  H.  Ende,  and 
G.  Mathieu  (paper  4C). 

(4)  "Aerodynamic  Force  Measure¬ 
ments  in  the  VKl  LongShot 
Hypersonic  Facility"  by 

M.  Carbonaro  (paper  4D). 

In  the  spirit  of  the  original  intent  for  this 
paper  and  for  the  sake  of  completeness,  the 
synopses  of  the  four  papers  presented  at  the 
workshop  will  be  augmented  by  discussions 
on  measurement  techniques  routinely  used  to: 

( 1 )  obtain  aerodynamic  forces  and  moments 
and  pressure  distributions  in  conventional- 
type  (i.e.,  relatively  low  enthalpy,  blowdown- 
to- vacuum)  hypersonic  wind  tunnels  and  (2) 
to  obtain  pressure  measurements  in  impulse 
facilities. 


INTRODUCTION 

The  contribution  of  hypersonic/hypervelocity 
ground-based  facilities  to  the  aerodynamic 
and  aerothermodynamic  assessment  of 
proposed  aerospace  vehicle  concepts  over  the 
past  four  decades  is  well  recognized.  Aerody¬ 
namic  assessments  are  typically  performed 
via  the  measurement  of  forces  and  moments 
and  of  pressure  distributions  on  stationary 
models  subjected  to  hypersonic/hypervelocity 
flow;  similarly,  aerothermodynamic  assess¬ 
ments  are  performed  via  the  measurement  of 
heat  transfer  rate  distributions.  Models  may 
be  tested  over  a  wide  range  of  hypersonic 
simulation  parameters  (principally  Mach 
number,  Reynolds  number,  and  normal 
shock  density  ratio  or  ratio  of  specific  heats 
for  continuum  flow)  and  attitudes  (angles  of 
attack  and  sideslip)  using  conventional-type 
hypersonic  wind  tunnels  and/or  impulse 
facilities,  some  of  which  are  capable  of  gen¬ 
erating  flow  velocities  representative  of  flight 
at  high  hypersonic  Mach  numbers.  (A 
conventional- type  hypersonic  wind  tunnel, 
referred  to  herein  as  hypersonic  wind  tunnel, 
is  defined  as:  (1)  operating  at  a  relatively  low 
enthalpy  such  that  perfect  or  near-perfect  gas 
behavior  is  achieved  throughout  the  nozzle 
expansion  process;  (2)  providing  a  given 
Mach  number  via  a  fixed  nozzle  area  ratio; 
and  (3)  providing  a  range  of  Reynolds 
number  via  variation  of  reservoir  pressure. 

The  facility  may  be  intermittent  (i.e.,  blow¬ 
down  to  vacuum)  or  continuous,  running  for 
several  hours.  Impulse  facilities  may  be  of 
the  shock  tube  family,  such  as  shock  tunnels 
(steady  expansion  process)  and  expansion 
tubes  (unsteady  expansion  process),  or  hot- 
shot  type  whereby  electrical  energy  is  pro¬ 
vided  directly  to  the  test  medium.  (A  collec¬ 
tion  of  presentations  made  on  impulse 
facilities,  which  include  descriptions  of 
facilities  and  instrumentation,  was  recently 
edited  by  Rodgers,  1990.)  Test  times  for 
such  impulse  facilities  typically  range  from 
0.1  to  100  millisecond.  (Ballistic  ranges, 
whereby  the  model  is  launched  and  allowed 
to  free  flight  or  is  tracked,  are  not  considered 
herein.  Although  arc-heated  wind  tunnels  are 
important  contributors  to  the  study  of 
materials  at  high  temperatures,  they  are  not 
generally  considered  amenable  for 
aerodynamic/aerothermodynamic  testing  and 


thus  are  also  not  considered  herein.)  Both 
types  (i.e.,  conventional-type  and  impulse)  of 
facilities  provide  challenges  to  experimental 
aerodynamicists  in  pursuit  of  credible  aerody¬ 
namic  data.  From  a  simplistic  viewpoint, 
three  interdependent  factors  require  considera¬ 
tion  in  the  measurement  of  forces  and 
moments  and  of  pressure  distributions  irre¬ 
spective  of  the  type  of  hypersonic  facility; 
they  are  (1)  magnitude,  (2)  time,  and  (3)  the 
influence  of  temperature  change. 

The  magnitude  of  the  aerodynamic  forces  and 
moments  and  the  surface/flow  field  pressures 
during  all  phases  of  the  facility  flow  sequence 
(i.e.,  flow  establishment,  testing  period,  and 
flow  breakdown)  will  naturally  influence  the 
measurement  approach  selected.  Care  must 
be  exercised  so  to  not  exceed  the  acceptable 
range  of  the  instrumentation,  nor  damage  it, 
and  to  provide  acceptable  signal-to-noise 
ratios.  Most  hypersonic  wind  tunnels  and 
impulse  facilities  are  capable  of  at  least  an 
order  of  magnitude  variation  in  dynamic 
pressure.  This  variation  coupled  to  varia¬ 
tions  in  model  shape  (very  blunt  to  very 
slender)  and  attitude  generally  precludes  a 
single  measurement  device  from  covering  the 
entire  range  of  magnitude  possible  in  most 
tests. 

The  time  required  to  establish  flow  within  the 
facility  and  the  period  of  steady  or  quasi¬ 
steady  flow  is  quite  short  for  impulse 
facilities.  Because  of  this  short  test  time, 
impulse  facilities  are  attractive  from  an 
aerothermodynamic  testing  viewpoint  (e.g., 
Schultz  and  Jones,  1973).  Generally,  the 
heat  transfer  rate  to  models  may  be  measured 
to  a  greater  accuracy  than  surface  pressures  in 
such  facilities.  Force  and  moment  measure¬ 
ments  in  impulse  facilities,  particularly  for 
those  having  run  times  less  than  3-5  milli¬ 
second,  are  quite  challenging  due  primarily  to 
the  finite  mass  of  the  model  (model  inertia; 
infinite  mass  corresponds  to  no  model  move¬ 
ment  whereby  zero  mass  corresponds  to 
instantaneous  response  to  the  flow)  and  the 
associated  dynamics.  On  the  other  hand, 
with  the  possible  exception  of  extremely  low 
levels  of  surface  pressure  such  as  those 
encountered  in  the  base  region  of  blunt 
bodies  and  on  very  slender  configurations  at 
high  hypersonic  Mach  numbers,  model 
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surface  pressures  may  be  more  accurately 
measured  than  heat  transfer  rates  in 
hypersonic  wind  tunnels.  Primarily  because 
of  differences  in  run  time,  both  types  of 
hypersonic  facilities  challenge  experimen¬ 
talists  in  different  ways.  One  common 
denominator,  however,  is  the  detrimental 
effect  of  temperature  change  on  the  instru¬ 
mentation  commonly  used  for  force  and 
moment  and  for  pressure  measurements. 

The  relatively  long  run  times,  hence  model 
exposure  times  to  the  flow,  of  hypersonic 
wind  tunnels  often  allow  the  model  and  the 
support  system  to  become  quite  hot  (e.g., 
Mach  10  air  tunnels  require  stagnation  temper¬ 
atures  around  1800°R  to  avoid  liquefaction 
during  expansion  of  the  nozzle  flow). 
Commonly  used  techniques  to  measure 
model  forces  and  moments  and  pressure 
distributions  in  these  tunnels  are  sensitive  to 
temperature  change.  Thus  steps  must  be 
taken  to  isolate  the  instrumentation  from 
temperature  effects  (e.g.,  water  cooled  and/or 
ceramic  coaied  model  support  systems,  glass- 
ceramic  models,  etc.)  and/or  accurately  com¬ 
pensate  for  such  effects.  One  example  of 
recent  changes  in  methodology  to  minimize, 
if  not  eliminate,  the  effect  of  temperature  on 
pressure  measurements  in  hypersonic  wind 
tunnels  having  an  injection/retraction  system 
is  the  incorporation  of  onboard,  small  volume 
transducers  even  for  relatively  small  models. 
The  short  tubing  lengths  possible  with  on¬ 
board  transducers  significantly  reduces  the 
lag  time,  allowing  steady-state  values  of  pres¬ 
sure  to  be  measured  after  only  a  few  seconds 
of  exposure  to  the  flow.  The  model  may  then 
be  retracted  from  the  flow  prior  to  the  occur¬ 
rence  of  appreciable  temperature  changes. 
Although  the  short  model  exposure  times  for 
impulse  facilities  generally  precludes  large 
temperature  variations  of  the  model,  pressure 
instrumentation  must  often  be  flush  mounted 
to  achieve  acceptable  response.  Any  volume 
between  the  sensing  element  of  a  transducer, 
which  is  often  protected  by  a  screen,  and  the 
model  surface  will  induce  a  finite  lag  as  the 
volume  is  filled  and  may  be  viewed  as  a  pneu¬ 
matic  filter  (e.g.,  Moore,  1979).  Commonly 
used  piezoelectric  and  piezorcsistive  pressure 
transducers  are  quite  sensitive  to  temperature; 


and  when  mounted  in  close  proximity  to  the 
high  enthalpy  test  medium,  they  must  be 
thermally  protected  or  compensated. 

Because  of  the  demise  of  interest  in  hyper- 
sonics  in  the  1970’s  and  well  into  the  1980's, 
as  resources  and  personnel  were  diverted  into 
other  disciplines  and  a  major  portion  of  the 
hypersonic  wind  tunnels  were  deactivated  or 
terminated,  force  and  moment  measurements 
are  currently  performed  much  as  they  were  in 
the  1960’s  and  1970's.  Although  refine¬ 
ments  have  been  made  in  the  materials  and 
adhesives  used  in  strain  gage  balances, 
improvements  made  in  test  techniques,  and 
advances  made  in  data  acquisition  and  reduc¬ 
tion,  the  basic  technique  is  relatively 
unchanged  over  the  past  two  decades.  The 
lack  of  interest  in  hypersonics  coupled  with 
the  relatively  good  performance  of  existing 
methods  simply  did  not  provide  an  incentive 
in  the  1970’s  and  1980’s  to  develop  other 
techniques.  This  was  not  the  case  for  pres¬ 
sure  measurements,  however.  About  a 
decade  ago,  electronically  scanned  pressure 
(ESP)  systems  became  commercially  avail¬ 
able  which  essentially  "revolutionized"  pres¬ 
sure  measurements  in  hypersonic  wind 
tunnels.  These  systems  significantly  reduced 
the  cost  per  channel  compared  to  variable 
capacitance  or  reluctance  transducers;  were 
quite  compact,  with  16,  32,  or  48  sensors 
being  housed  in  a  small  module  that  could  be 
mounted  close  to  the  model  surface  and  often 
within  the  model;  and  could  be  calibrated 
immediately  prior  to  a  test.  ESP  systems 
have  continued  to  be  refined  and  presently  are 
standard  equipment  for  many  hypersonic 
wind  tunnels  world  wide. 

Similar  trends  were  experienced  by  the 
impulse  facility  community.  Because 
impulse  facilities  are  primarily  used  for 
aerothermodynamic  and  fluid  dynamic 
studies,  there  was  little  incentive  in  the 
1970's  and  early-to-mid  1980's  to  improve 
methods  for  force  and  moment  measure¬ 
ments  in  the  few  facilities  that  remained 
operational.  Advances  were  made,  however, 
in  the  measurement  of  model  surface  and 
flow  field  pressures  with  the  introduction  of 
commercially  available  miniature  piezoresis¬ 
tance  pressure  transducers  around  the  mid 
1970's.  Employing  silicon  diaphragms. 
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these  transducers  could  be  made  quite  small 
(typically  to  a  diameter  of  0.050  inch)  thereby 
allowing  detailed  pressure  distributions  to  be 
made  on  relatively  small,  complex  models. 

As  for  hypersonic  wind  tunnels,  impulse 
facilities  benefited  greatly  from  advances  in 
data  acquisition  systems  (DAS)  and 
computers.  Gone  were  the  days  of  large 
banks  of  oscilloscopes  with  cameras  and  the 
laborious  digitation  of  traces  from  film. 
Today,  data  acquisition  systems  for  impulse 
facilities  provide  essentially  the  same  rapid 
data  reduction  as  those  for  hypersonic  wind 
tunnels. 

The  purpose  of  this  paper  is  to  provide  a 
review  of  techniques  presently  used  in 
hypersonic  wind  tunnels  and  in  impulse 
facilities  to  measure  model  forces  and 
moments  and  surface/flow  field  pressures. 

It  is  not  intended  to  provide  a  comprehensive, 
indepth  discussion  of  any  one  technique,  but 
rather  a  synopsis. 


MEASUREMENT  TECHNIQUES 
Model  Surface  Pressure 

Impulse  Facilities 

Representative  test  times  for  shock  tunnels 
and  expansion  tubes  range  from  0.1  to  10 
millisecond.  For  such  short  times,  model 
surface  pressures  are  generally  measured 
with  transducers  based  on  the  piezoelectric  or 
the  piezoresistive  principal.  Such  transducers 
may  also  be  used  for  impulse  facilities  having 
longer  run  times  such  as  hotshot  tunnels 
(typically  20  to  100  milliseconds),  as  may 
other  concepts  such  as  small  volume  variable 
reluctance  diaphragm  transducers.  Piezoelec¬ 
tric  and  piezoresistive  pressure  transducers 
are  commercially  available  and  cover  a  wide 
range  of  size,  pressure  range,  and  response 
time.  Because  of  their  wide  spread  utilization 
in  impulse  facilities  world  wide,  these 
transducers  are  reviewed  in  this  section. 

Peizo  is  derived  from  the  early  Greek  word 
meaning  "to  squeeze."  For  piezoelectric 
transducers,  the  surface  of  certain  crystals  is 
charged  electrically  when  the  crystal  is  loaded 
mechanically  or  "squeezed."  The  three  basic 


components  of  such  transducers  are:  (1)  the 
sensor  housing  which  hermetically  encloses 
the  quartz  elements;  (2)  quartz  elements,  and 
(3)  the  diaphragm  welded  to  the  sensor  hous¬ 
ing  and  transmitting  the  pressure  exerted  onto 
the  quartz  elements.  Piezoelectric  transducers 
produce  an  output  only  when  subjected  to  a 
change  in  pressure  and  thus  are  ideally  suited 
for  measuring  dynamic  events;  since  the  elec¬ 
trical  charge  cannot  be  stored  for  an  indefinite 
period  of  time,  piezoelectric  transducers  can¬ 
not  perform  truly  static  measurements.  High 
impedance  piezoelectric  systems  (charge 
mode)  require  charge  amplifiers  for  signal 
conditioning;  low  impedance  piezoelectric 
systems  have  built-in  charge-to-voltage  con¬ 
verters  and  are  referred  to  as  the  voltage 
mode.  Acceleration  compensation  consists  of 
a  tuned  accelerator  system  connected  in 
series,  with  opposite  polarity,  to  the  pressure 
measuring  system.  Commonly  used  piezo¬ 
electric  transducers  (e.g.,  those  manufactured 
by  Kistler  Instrument  Corporation  and  PCB 
Piezotronics)  have  0. 1  or  0.22  inch  diameter 
diaphragms,  quoted  rise  times  of  one  micro¬ 
second  and  resonant  frequencies  from  about 
150  kHz  to  up  to  500  kHz.  These  trans¬ 
ducers  are  quite  sensitive  to  change  in 
temperature;  that  is,  the  transducer  output 
varies  (generally,  nonlinearly)  with 
temperature.  Elimination  of  temperature 
effects  can  be  quite  challenging,  particularly 
for  flush  mounted  units  which  are  necessary 
for  run  times  less  than  a  millisecond,  or  so. 

A  thin  layer  of  RTV  or  layer  of  electrical  tape 
fitted  to  the  diaphragm  help  to  isolate  piezo¬ 
electric  transducers  from  temperature  effects. 

The  piezoresistance  effect  is  defined  as  the 
change  in  electrical  resistivity  with  applied 
stress;  this  change  is  relatively  large  in  semi¬ 
conductors.  Piezoresistive  transducers  utilize 
a  silicon  pressure  sensing  diaphragm. 

Silicon  is  used  primarily  because  the  high 
sensitivity  of  this  material  allows  very  small 
diaphragms  with  high  resonant  frequencies; 
however,  silicon  is  brittle  and  can  crack  or 
shatter  on  impact  or  under  excessive  loading. 
Newer  transducers  incorporate  four  piezo¬ 
resistive  silicon  strain  gages  atomically 
diffused  into  the  diaphragm.  (Older  designs 
used  wire  gages  bonded  to  the  thin 
diaphragm.  Newer  gages  using  silicon 
resistors  are  free  of  mechanical  hysteresis  and 


have  greater  sensitivity.)  These  strain  gages 
serve  as  the  arms  of  a  Wheatstone  Bridge. 
This  fully  active  bridge  converts  the  strain- 
induced  resistance  change  of  the  gage  to 
voltage  changes  which  may  be  measured. 

The  bridge  is  normally  energized  by  applying 
a  regulated  voltage  across  two  opposite 
comers;  the  output  voltage  is  proportional  to 
the  product  of  the  excitation  voltage  and  the 
resistance  changes  of  the  strain  gages.  Piezo- 
resistive  transducers  having  outside  diameters 
as  small  as  0.030  inch  (e.g.,  Kulite 
Semiconductor  Products,  Inc.  model  CQ- 
030)  are  available,  but  diameters  of  0.050  to 
0.060  inch  are  more  representative  of 
commonly  used  transducers  (e.g.,  those 
manufactured  by  Endevco  Corporation, 

Entran  International,  and  Kulite).  As  with 
piezoelectric  gages,  piezoresistive  gages  are 
temperature  dependent.  Temperature  compen¬ 
sation  is  generally  accomplished  with  simple 
circuit  techniques  using  passive  shunt  or 
series  resistor  elements  whose  resistance  is 
temperature  independent.  A  protective  coat¬ 
ing  of  silicon  rubber  or  RTV  may  be  applied 
to  the  diaphragm  for  thermal  protection  and  a 
screen  is  generally  used  to  protect  the 
diaphragm  from  particles  incident  upon  the 
transducer.  The  rise  time  of  a  piezoresistive 
transducer  is  inversely  proportional  to  the 
resonant  frequency;  this  frequency  for  com¬ 
monly  used  transducers  having  a  diameter  of 
0.050  to  0.060  inch  ranges  from  100  to 
1500  kHz  depending  on  the  pressure  range 
(diaphragm  resonant  frequency  increases 
with  increasing  pressure  range).  A  resonant 
frequency  of  approximately  1200  kHz 
provides  a  rise  time  of  one  microsecond. 

Piezoresistive  transducers  offer  the  advantage 
of  dc  (O  Hz)  operation,  hence  provide  the 
capability  to  perform  static  measurements  and 
yet  have  excellent  dynamic  behavior.  This 
capability  allows  transducers  installed  in  a 
model,  which  has  been  installed  in  the 
facility,  to  be  calibrated  in-place  over  the 
appropriate  range  of  pressure.  This  calibra¬ 
tion  of  the  entire  system  (sensor,  signal 
conditioning  and  recording)  is  usually 
performed  by  first  evacuating  the  facility. 

The  pressure  level  is  increased  in  discrete 
increments  and  recorded  via  a  precision 
pressure  standard  The  transducer  output  at 
each  pressure  level  provides  a  calibration  of 


the  transducer.  Because  piezoresistive 
transducers  are  capable  of  static  measure¬ 
ments,  such  transducers  are  used  in  both 
impulse  facilities  and  hypersonic  wind 
tunnels.  Both  absolute  (i.e.,  with  respect  to 
vacuum)  and  differential  (i.e.,  measured 
between  two  different  levels)  transducers  are 
available. 

To  achieve  accurate  measurements,  painstak¬ 
ing  care  must  be  exercised  in  the  static  and/or 
dynamic  calibration  and  the  installation.  Cau¬ 
tion  must  be  exercised  to  avoid  damage  to 
the  transducer,  to  avoid  loading  it  such  to 
influence  its  output;  not  providing  adequate 
thermal  or  mechanical  (vibration)  protection; 
not  providing  a  proper  seal  to  avoid  leaks 
around  the  gage;  and  maintaining  a  controlled 
and  known  reference  pressure  for  differential 
transducers.  With  care  and  for  pressure 
levels  in  excess  of  one  psid,  measurements 
accurate  to  within  5  percent  are  possible. 

The  miniaturization  of  piezoresistive  pressure 
transducers  provides  the  capability  to 
measure  detailed  total  pressure  surveys  in 
shock  layers  and  in  boundary/shear  layers 
with  survey  rakes.  The  transducer  is 
mounted,  naturally,  at  or  very  close  to  the 
sensing  end  of  the  probe. 

Hypersonic  Wind  Tunnels 

Model  surface  pressures  are  measured  in 
many  hypersonic  wind  tunnels  with  either 
electronically  scanned  pressure  (ESP)  piezo¬ 
resistive  (silicon)  sensors,  or  with  high- 
volume,  multi-range,  variable-capacitance 
diaphragm-type  transducers  (e.g.,  Miller  and 
Smith,  1986;  Miller,  1990).  ESP  modules 
are  commercially  available  with  different 
pressure  ranges  and  typically  contain  16,  32, 
48  or  64  sensors.  The  small  size  of  the 
sensor  modules  allows  for  installation  in  the 
model  or  near  the  base  of  the  strut  to  mini¬ 
mize  tubing  length  (pressure  lag)  between  the 
model  surface  and  sensor.  When  installed 
externally  to  the  model,  modules  are 
generally  housed  within  an  insulated  box 
through  which  air  may  be  passed  to  provide  a 
thermally  stable  environment,  if  required. 
These  modules  combine  pressure  trans¬ 
ducers,  internal  multiplexing,  and  amplifi¬ 
cation  to  provide  a  scanner  for  a  high  data 
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rate.  An  integral,  pneumatically  controlled 
mechanism  allows  the  transducers  to  be 
calibrated  on-line.  This  on-line  calibration 
consists  of  applying  accurately  known 
pressure  (or  vacuum)  levels  to  the  sensors 
(original  ESP  systems  used  a  3-point 
calibration  whereas  newer  systems  use  5 
points);  these  levels  are  generally  selected  to 
cover  the  expected  pressure  levels  for  a  run. 
Since  calibration  is  performed  using  an 
absolute  pressure  standard,  maintaining  the 
same  reference  pressure  between  the  calibra¬ 
tion  and  the  wind  tunnel  test  will  provide 
absolute  pressure  measurements.  Such 
systems  contain  their  own  signal-processing 
and  thus  are  interfaced  directly  to  the 
controller  (computer).  Representative  maxi¬ 
mum  sampling  rates  for  the  ESP  systems  are 
10/sec  for  each  of  128  channels,  or  5/sec  for 
256  channels. 

The  primary  advantages  of  the  ESP  system 
over  the  variable-capacitance  system  are 
significantly  lower  (by  about  1/5)  cost  per 
channel,  miniaturization,  and  faster  response. 
The  primary  disadvantages  are  limited  range 
of  application  for  a  given  module  and  a 
higher  uncertainty  in  the  measurement  of  low 
pressure  levels,  for  example  less  than 
0.1  psid. 

As  one  example,  most  hypersonic  wind 
tunnels  at  NASA  Langley  (Miller,  1990)  have 
Pressure  System  Incorporated  (PSI)  model 
8400  systems  having  256  channels. 
Provisions  were  provided  at  each  tunnel  to 
allow  the  rapid  augmentation  of  an  additional 
256  channels.  Such  systems  operate  well  in 
pressure  ranges  associated  with  low  speed 
(subsonic  and  transonic)  wind  tunnels,  but 
modifications  are  required  to  meet  the  low 
pressure  (vacuum)  requirements  of  hyper¬ 
sonic  wind  tunnels  (e.g.,  Hutchinson,  1991). 
These  modifications,  which  include  improve¬ 
ments  to  the  vacuum  and  pneumatic  system 
used  in  the  calibration  procedure,  and  the 
calibration  standard,  are  discussed  by 
Hutchinson,  1991.  Also,  forty  variable- 
capacitance  transducers  have  been  assembled 
into  a  "portable"  system  that  may  be  moved 
from  facility  to  facility.  Most  tunnels  have  10 
to  20  variable-capacitance  transducers  onsite. 
When  using  the  ESP  system,  several  tubes 
are  often  teed  to  variable-capacitance  trans¬ 


ducers  to  provide  a  check  on  the  pressure 
level  measured.  Similarly,  when  using 
multiple  ESP  modules,  transducers  from 
different  modules  are  teed  together  to 
determine  the  level  of  agreement  (or 
disagreement)  between  modules. 

As  mentioned  previously,  piezoresistive 
pressure  transducers  provide  the  capability  to 
perform  static  measurements  and  have  good 
dynamic  characteristics.  Thus,  the  same  pres¬ 
sure  transducers  used  in  impulse  facilities  are 
also  used  in  hypersonic  wind  tunnels.  (As  a 
rule  of  thumb,  manufacturers  recommend  the 
selection  of  a  transducer  having  a  resonant 
frequency  that  is  five  times  the  frequency  of 
interest,  i.e.,  the  useful  frequency  range  is 
linear  (within  ±5  percent)  for  20  percent  of 
the  resonant  frequency.)  Their  fast  response 
characteristics  are  amenable  to  the  study  of 
hypersonic  internal  (e.g.,  inlets)  and  external 
flow  separation  phenomena,  and  these 
transducers  are  often  used  in  traversing  flow 
field  survey  probes. 

Complex  models  tested  over  a  range  of 
Reynolds  number  and  attitude  provide  a  wide 
range  of  surface  pressure.  One  disadvantage 
of  ESP  systems  is  they  are  not  multi-ranged. 
Thus,  to  accommodate  a  large  surface 
pressure  range,  modules  must  be  changed  or 
possibly  teed  together  provided  they  can 
withstand  the  overloads.  Primarily  for  this 
reason,  a  pressure  measurement  system  has 
been  developed  that  employs  a  number  of 
miniature  piezoresistive  pressure  transducers 
with  different  ranges  to  appear  as  a  single 
transducer.  The  different  range  pressure 
transducers  are  connected  to  a  comparator 
circuit  which  compares  the  output  from  the 
transducers,  determines  which  gage  is 
reading  closest  to  full  scale,  biases  the  signals 
from  the  other  transducers,  and  provides  a 
continuous  single  output  so  to  appear  as  a 
single  transducer.  This  system,  manufac¬ 
tured  by  Dynamic  Engineering  Incorporated 
and  referred  to  as  the  ATS- 1  Pressure 
Measurement  System,  is  presently  being 
evaluated  in  the  NASA  Langley  Unitary  Plan 
Wind  Tunnel. 

Heavily  instrumented  pressure  models  for 
conventional-type  hypersonic  wind  tunnels 
require  a  relatively  long  time  to  design  and 
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fabricate  (often  in  excess  of  1  year),  are  thus 
quite  expensive,  challenging  to  fabricate  to 
high  fidelity  primarily  due  to  the  tubing 
process,  and  often  require  considerable  setup 
time  in  the  wind  tunnel  (corresponding  to 
considerable  tunnel  down  time).  Thus,  it  is 
not  surprising  that  there  is  considerable 
interest  in  the  hypersonic  community 
concerning  recent  advancements  in  optical 
pressure  measurement  systems  (OPMS) 

(e.g.,  DeMeis,  1992)  based  on  photolumi¬ 
nescence  which  includes  both  phospho¬ 
rescence  (e.g.,  Kavandi,  et  al.,  1990)  and 
fluorescence  (e.g.,  Morris,  et  al.,  1992). 

Such  systems  avoid  many  of  the  previously 
mentioned  disadvantages  associated  with 
conventional  pressure  model  fabrication  and 
tunnel  setup  while  providing  the  significant 
advantage  of  global  two-dimensional  pres¬ 
sure  mappings. 

As  discussed  by  Morris,  et  al.,  1992,  models 
are  coated  with  a  material  that  photoluminesce 
when  excited  by  the  appropriate  light  source. 
A  probe  molecule  is  excited  via  the  absorp¬ 
tion  of  a  photon  having  the  appropriate 
energy.  Upon  returning  to  the  ground  elec¬ 
tronic  state  by  emitting  a  lower  energy 
photon,  the  molecule  photoluminesce.  (Fluo¬ 
rescence  is  the  emission  of  light  generally 
within  a  time  on  the  order  of  10  8  sec;  in 
contrast,  phosphorescence  is  a  delayed 
emission  generally  within  10-3  to  100  sec.) 
An  alternate  transition  to  the  ground  state  is 
provided  by  a  collision  with  an  oxygen 
molecule.  Rather  than  emitting  a  photon,  the 
excess  energy  of  the  molecule  is  absorbed  by 
the  oxygen  during  a  collisional  deactivation. 
As  the  number  of  oxygen  molecules  increases 
in  a  given  volume,  the  frequency  of  colli¬ 
sional  deactivation  increases  and  lowers  or 
quenches  the  luminescence.  Thus,  for  a 
coated  model,  the  greater  the  static  air  pres¬ 
sure  (i.e.,  the  greater  the  oxygen  concentra¬ 
tion),  the  less  the  phosphorescence  or 
fluorescence.  Advances  in  image  processing 
hardware  and  computers  now  allow  the 
concept  of  oxygen  quenching  to  be  extended 
to  the  quantitative  measurement  of  pressure. 
Digital  cameras  with  a  scientific-grade  CCD 
array  having  16  bits  of  resolution  and 
4  million  pixels  can  be  used  to  measure  lumi¬ 
nescence.  Computers  can  quickly  reduce  and 


store  the  large  quantities  of  data  generated  by 
such  cameras  and  image  processors  can  be 
used  to  analyze  and  display  the  data. 

The  development  and/or  application  of  OPMS 
(e.g..  University  of  Washington  -  NASA 
Ames  Research  Center  (Kavandi,  et  al., 
1990);  McDonnell  Douglas  Research  Labora¬ 
tory  (MDRL)  (Morris,  et  al.,  1992);  and 
Central  Aerohydrodynamics  Institute  (Ts 
AGI)  of  the  Commonwealth  of  Independent 
States  (marketed  by  Inteco,  an  Italian  Soft¬ 
ware  firm)  (Vollon  and  Loreto  1991;  and 
Engler,  et  al.,  1992))  has  provided  new  diag¬ 
nostic  capability  to  the  lower  speed  (subsonic 
to  supersonic)  aerodynamic  community  via 
successful  demonstrations  in  subsonic  and 
supersonic  wind  tunnels  and  in  flight.  The 
extension  of  this  technique  to  hypersonic 
wind  tunnels  using  air  as  the  test  medium  will 
require  compensation  for  temperature  effects. 
The  oxygen  quenching  process  is  temperature 
dependent  and  the  properties  of  the  coating 
may  also  vary  with  temperature,  hence  time. 
The  technique  developed  by  MDRL  has 
recently  been  tested  in  the  NASA  Langley  12- 
Inch  Mach  6  High  Pressure  Tunnel  and  these 
data  are  presently  being  analyzed. 

Forces  and  Moments 

Impulse  Facilities 

A  few  general  comments  will  be  made  prior 
to  discussing  the  four  papers  presented  at  the 
subject  workshop.  Most  force  transducers 
have  an  elastic  sensing  element  whose  defor¬ 
mation  provides  a  measure  of  the  acting 
force.  Aerodynamic  forces  in  impulse 
facilities  are  generally  measured  with:  (1) 
piezoelectric  force  transducers,  where  the 
sensing  element  is  the  same  as  the  transduc¬ 
tion  element  that  produces  the  electrical 
output  signal  from  the  acting  force,  (2)  piezo- 
resistive  or  semiconductor  strain  gages,  and/ 
or  (3)  conventional  foil  strain  gages.  Gener¬ 
ally,  three  component  and  six  component 
balances  are  used  in  impulse  facilities  having 
useful  run  times  of  approximately  3  to  10 
millisecond  (i.e.,  excluding  facility  flow 
establishment  time).  These  balances  may 
employ  one  or  a  combination  of  the  measure¬ 
ment  techniques  (i.e.,  piezoelectric,  piezo- 
resistive,  or  foil  strain  gage).  Aerodynamic 
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force  measurements  in  impulse  facilities  are 
not  straightforward  and  may  require 
additional  (typically  6)  accelerometers  on  the 
model  for  inertial  corrections  (i.e.,  the  effect 
of  model  vibration)  to  the  balance  output. 

The  natural  frequency  of  the  model  material  is 
also  an  important  consideration,  and  the 
model  must  be  dynamically  calibrated, 
lessen  and  Gronig,  1992  provide  an  excellent 
discussion  of  the  rationale  for  the  design  and 
construction  of  a  balance  for  use  in  shock 
tunnels  having  run  times  of  several  milli¬ 
seconds.  A  classical  review  of  force  and 
moment  measurements  in  impulse  facilities  is 
provided  by  Bernstein,  1975. 

A  new  technique  that  provides  the  capability 
to  measure  aerodynamic  forces  for  sub¬ 
millisecond  test  times  has  been  developed  and 
demonstrated  by  Simmons,  et  al.,  1992  for 
nonlifting  bodies  at  zero  incidence.  This 
technique  is  based  on  the  interpretation  of 
transient  stress  waves  propagating  within  the 
model  and  support.  Sharp  cones,  having  half 
angles  of  5°  and  15°,  lengths  of  7.9  and 
16.7  inches  respectively,  and  fabricated  from 
aluminum,  were  attached  to  a  relatively  long 
(2  m)  brass  sting  having  an  outside  diameter 
of  1.5  inches.  The  sting,  hence  model,  was 
suspended  in  the  test  section  of  the 
University  of  Queensland  piston-driven 
Shock  Tunnel  T4  via  two  strings;  hence  the 
model  was  free  to  move  axially  although  the 
actual  movement  is  negligible  during  a  run. 

To  protect  the  sting  from  external  forces  due 
to  shear  layer  impingement  and  the  wake 
flow  in  general,  it  was  enclosed  in  a  shroud. 
Two  strain  gages  were  attached  to  the  sting 
1 80°  apart.  Upon  establishment  of  the  flow 
about  the  model  and  during  the  useful  test 
period,  a  large  number  of  stress  wave 
reflections  occur  within  the  model.  The 
period  of  these  reflections  is  an  order  of 
magnitude  less  than  the  test  time.  The  model 
reacts  against  the  mass  of  the  sting  and  stress 
waves  propagate  along  the  sting  and  reflect 
from  the  end.  The  resulting  outputs  of  the 
strain  gages  mounted  on  the  sting,  which  are 
sampled  every  5  microseconds,  are  averaged 
to  cancel  bending  effects  and  used  to  provide 
a  time  iiistoiy  of  iliw  drag.  This  time  history 
of  the  drag  is  determined  numerically  via  the 
deconvolution  process  (inverse  dynamic 
problem)  and  follows  the  pitot  pressure  time 


history  (i.e.,  decays  with  time).  The  rise 
time  for  this  technique,  which  is  shown  to  be 
insensitive  to  the  assumed  spatial  and 
temporal  loading  distributions  on  the  model, 
is  approximately  100  microseconds.  A  tech¬ 
nique  that  extends  this  capability  to  include 
measurements  of  lift  and  moment  is  under 
study  and  discussed  by  Simmons,  et  al., 
1992.  Future  plans  include  the  utilization  of 
this  suspended  model  technique  to  measure 
the  thrust  of  a  combustor.  The  exhaust  of  a 
combustor  would  be  captured  by  a  nozzle 
having  parallel  side  walls  and  1 1°  diverging 
top  and  bottom  walls.  This  nozzle  would  be 
attached  to  stings  and  suspended  via  strings 
as  discussed  previously,  thus  is  free  to  move 
relative  to  the  fixed-position  combustor.  The 
impulsive  pressure  loading  on  the  inner  walls 
of  the  nozzle  will  send  stress  waves  along  the 
stings  where  they  are  monitored  by  strain 
gages.  A  positive  thrust  will  move  the  nozzle 
closer  to  the  combustor. 

An  excellent  discussion  of  the  design 
rationale  for  a  new  geometry,  six-component 
balance  for  use  in  a  shock  tunnel  having  a 
4  millisecond  flow  duration  is  presented  by 
lessen  and  Gronig,  1992.  The  primary 
driving  factors  in  the  design  of  this  balance, 
which  utilized  finite  element  analysis,  were 
test  time,  balance  natural  frequency,  and 
model  moment  of  inertia.  Based  on  a 
geometry  involving  connecting  cross  arms 
having  quadratic  cross  sections  and  beirg 
conical  as  the  arms  extend  outward  from  a 
center  inner  plug  to  a  1 .65-inch-diameter 
outer  shell,  the  resulting  balance  is  quite  short 
(length  is  0.87  inch  without  the  model 
mounting  adaptor).  Semiconductor  strain 
gages  are  attached  to  each  side  of  each  arm, 
resulting  in  a  total  of  16  gages.  Although 
challenging  to  fabricate,  the  balance  is  easy  to 
handle,  robust,  and  quite  accurate.  The 
minimum  natural  frequency  of  the  balance 
without  the  model  is  2.4  kHz  and  all  six  force 
and  moment  components  are  measured  with¬ 
out  acceleration  compensation.  A  third-order 
static  calibration  involving  500  load  cases 
was  performed  with  the  balance.  (The 
minimum  number  of  individual  load  cases 
required  is  400.  One  thousand  cases  are 
required  for  good  results  and  1500  for 
excellent  results.)  This  new  balance  has  been 
successfully  demonstrated  via  tests  at  Mach  8 
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in  the  RWTH  Aachen  Shock  Tunnel  for  a  15° 
half  angle  sharp  cone  and  a  30°  half  angle 
sharp  cone  with  a  cylindrical  afterbody. 
Future  plans  include  compensation  for  sting 
oscillation,  testing  in  a  contoured  (as  opposed 
to  conical)  nozzle  that  will  provide  uniform 
flow,  and  the  design  of  an  advanced  proto¬ 
type  involving  calibration  with  1500  load 
cases. 

A  novel  device  for  free-flight  testing  a  mode! 
in  a  conventional-type  shock  tunnel  is  the 
subject  of  the  paper  by  Naumann,  et  al., 

1992.  This  technique  is  insensitive  to  distur¬ 
bances  resulting  from  the  flow  establishment 
process  of  the  facility  and  compensates  for 
variations  in  flow  parameters  during  the 
useful  test  period.  The  model,  instrumented 
with  piezoelectric  accelerometers,  is  posi¬ 
tioned  in  the  test  section  by  a  model  support 
system  consisting  of  a  clamping  device.  This 
clamp  is  closed  about  the  sting  attached  to  the 
model  thereby  fixing  the  position  of  the 
model  in  the  test  section.  Just  prior  to  flow 
arrival  at  the  test  section,  pyrotechnic  charges 
are  ignited  to  open  the  clamp,  thereby 
allowing  the  model  and  sting  to  free  flight. 
Following  the  useful  test  period,  the  clamp 
closes  on  the  sting  thereby  securing  the 
model.  A  minimum  of  6  accelerometers 
(more  for  redundant  information)  are  used  to 
infer  the  forces  and  moments,  and  wires  from 
these  accelerometers  are  routed  through  the 
sting  for  protection.  Aerodynamic  coeffi¬ 
cients  are  calculated  directly  from  the 
measured  accelerations  and  the  pitot  pressure 
time  history.  This  technique  has  been 
demonstrated  for  a  30°  half-angle  sharp  cone 
with  cylindrical  afterbody  model  having  8 
symmetrically  mounted  accelerometers  to 
provide  5  components.  This  "release- 
capture"  force  measurement  technique  has 
also  been  demonstrated  with  a  body-plate 
model  having  side  jets.  The  body  houses 
two  pyrotechnic  charges,  a  settling  chamber, 
and  1  to  3  parallel  nozzles  which  may  have 
different  shapes.  The  pyrotechnic  charges 
provide  a  maximum  settling  chamber 
pressure  of  about  7000  psi.  All  accelero¬ 
meters  are  mounted  on  this  body.  The  plate¬ 
wing,  together  with  the  upper  surface  of  the 
body,  provides  a  flat  surface  that  is 
5.5  inches  in  length  and  aligned  with  the 
oncoming  flow;  this  plate-wing  is 


exchangeable.  The  forces  imparted  to  the 
body  upon  discharge  of  the  pyrotechnics  are 
measured  via  accelerometers  for  the  case  of 
no  flow  and  for  the  test  flow.  These  tests 
revealed  that  the  3  millisecond  test  time  of  the 
ISL  Shock  Tunnel  was  just  sufficient  to 
establish  quasi-steady  flow;  i.e.,  the  limiting 
factor  is  the  establishment  of  the  complex 
flow  structure,  not  the  dynamic  response  of 
the  model.  Future  plans  include  testing  with 
reservoir-supplied  side  jets  and  measurement 
of  lateral  force  due  to  external  combustion. 
Also  planned  are  scramjet  model  tests  with  a 
built-in  supply. 

Although  having  a  longer  run  time  (10  to  20 
milliseconds)  than  piston-driven  or 
conventional-type  shock  tunnels,  the  VKI 
Longshot  Hypersonic  Facility  nevertheless 
presents  experimental  aerodynamicists  with  a 
challenge  in  obtaining  accurate  measurements 
of  forces  and  moments.  The  techniques 
developed  for  and  used  in  the  longshot 
facility  at  hypersonic  Mach  number  of  about 
15  are  discussed  by  Carbonaro  1992.  In  this 
report  by  Carbonaro,  the  techniques  and 
problems  associated  with  the  measurement  of 
model  accelerations  using  piezoelectric  or 
piezoresistive  accelerometers,  including 
calibration  and  transverse  sensitivity  aspects, 
are  discussed.  Inertial  corrections  are 
optimized  taking  into  account  accelerometer 
transverse  sensitivity  effects,  time  lags, 
signal  filtering  or  smoothing,  and  tuning  for 
the  inertia  of  the  vibrating  masses.  Low 
frequency  oscillations  due  to  sting  vibration 
are  well  corrected,  but  high  frequency 
oscillations  must  be  damped  by  suitable 
numerical  filtering  or  smoothing.  The 
viability  of  the  subject  measurement 
technique  is  demonstrated  via  tests  of  the 
shuttle  orbiter  and  Hermes  configurations. 

Hypersonic  Wind  Tunnels 

Internal  strain  gage  balances  used  most 
frequently  in  hypersonic  wind  tunnels  are 
sting  or  blade  strut  supported,  range  in 
diameter  from  0.56  to  0.85  inch,  and  cover  a 
wide  range  of  maximum  design  loads 
applicable  to  blunt,  high  drag  models  and  to 
slender,  high  lift  models  (e.g..  Miller,  1990). 
Most  balances  are  six-component,  water 
cooled,  and  the  excitation  voltage  is  typically 
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5  volts.  The  general  p  ocedure  used  in  most 
tunnels  is  to  calibrate  all  six-components,  or 
as  a  minimum  the  axial-and-normal-force  and 
pitching  moment  components,  of  the  balance 
by  loading  the  balance  with  weights  and 
recording  the  output.  These  onsite  data  are 
compared  to  the  formal  calibration  data  to 
assure  the  balance  is  operating  within 
acceptable  tolerances.  Tare  runs  with  the 
model  mounted  to  the  balance  are  performed 
over  the  desired  angle  of  attack  range  prior  to 
and  during  the  test  series.  Following  the 
establishment  of  steady  flow  in  the  wind 
tunnel,  the  model  is  injected  into  the  flow 
from  a  sheltered  position,  the  angle  of  attack 
varied  via  the  pitch-pause  model  of  operation, 
and  the  model  retracted  prior  to  flow  break¬ 
down.  The  model  injection,  attitude  varia¬ 
tion,  and  retraction  is  generally  controlled  by 
a  computer. 

As  mentioned  previously,  a  major  concern 
with  force  and  moment  tests  in  heated  flows 
of  relatively  long  duration  is  the  potential 
conduction  heating  to  the  balances  through 
the  model  wall  and  along  the  sting  or  strut; 
therefore,  only  water  cooled  balances  are 
used  in  such  facilities.  Conduction  of  heat 
along  the  sting  or  blade  strut  is  generally 
reduced  via  water  cooling  and/or  ceramic 
coating;  for  severe  heating  problems,  a  water- 
cooled  balance-to-sting  adapter  may  also  be 
used.  Protecting  the  balance  from  conduction 
effects  through  the  model  wall  is  usually 
achieved  with  passive  techniques  such  as 
insulated  balance  sleeves  and  air  gaps.  When¬ 
ever  model  weight  is  not  a  consideration, 
stainless  steel  is  selected  over  aluminum  as 
the  model  material  so  to  reduce  conduction 
effects.  Force  and  moment  models  cast  of 
ceramic  or  machined  from  Macor,  a  machin¬ 
able  glass  ceramic  manufactured  by  Coming 
Glass  Incorporated,  have  been  made  to 
reduce  conduction  effects. 

Data  Acquisition  Systems 

Impulse  Facilities 

Significant  advances  have  been  made  in  the 
last  decade  in  high  frequency  waveform 
recording  systems.  Commercially  available 
analog-to-digital  (A/D)  systems  typically  are 
12  bit,  provide  sample  rates  in  excess  of 


2  MHz  and  have  in  excess  of  16K  of  memory 
per  channel.  Such  systems  provide  data 
acquisition  and  reduction  capabilities  for 
impulse  facilities  that  are  not  unlike  those  for 
conventional-type  hypersonic  wind  tunnels. 
The  cost  of  such  systems  is  relatively  high, 
typically  $5K  to  $10K  per  channel,  depend¬ 
ing  on  the  capability  (bit,  sample  rate, 
memory).  Thus,  the  number  of  channels  at 
various  facilities  may  run  from  only  a  few 
channels  to  the  128  enjoyed  by  the  Calspan 
Shock  Tunnel. 

Hypersonic  Wind  Tunnels 

Again,  as  an  example,  all  hypersonic  wind 
tunnels  at  NASA  Langley  have  stand-alone 
data  acquisition  systems.  The  heart  of  the 
system  for  most  tunnels  is  a  256-channel, 

15  bit,  50  kHz  or  100  KHz  through  put  rate, 
amplifier  per  channel,  analog-to-digital  (A/D) 
unit  manufactured  by  the  NEFF  Instrument 
Corporation  and  having  programmable  gains 
and  filters  per  channel  and  internal  clock 
(NEFF  system  620/series  600).  These 
systems  are  controlled  via  a  Hewlett  Packard 
(HP)  9000  series  model  375  computer 
networked  to  a  central  HP  model  750 
computer.  Peripheral  equipment  for  each 
DAS  includes  dual-disc  and  optical  disc  mass 
storage  units,  9-track  tape  systems,  and 
printers.  The  recent  addition  of  a  portable  20- 
channel  NEFF  system  490  having  12-bit 
A/D,  up  to  1  MHz  sampling  rate,  programma¬ 
ble  amplifiers  and  filters,  and  2  megaword 
RAM  provides  the  capability  to  routinely 
utilize  fast  response  pressure  transducers  to 
examine  unsteady  surface  flow  phenomena. 
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1.  ABSTRACT 

An  analysis  of  the  different  means  to  measure  the 
velocity  is  done;  the  relative  merits  of  the  particle  based 
and  the  molecular  based  methods  are  evaluated,  leading 
to  a  set  of  recommendations  for  future  research. 

2.  INTRODUCTION 

With  the  renewed  interest  in  hypersonics,  as  seen  by  the 
large  number  of  flight  programs  m  the  international 
community,  there  is  a  real  need  for  accurate,  detailed 
measurements  of  fluid  flow  and  thermodynamic 
properties  of  high  speed,  high  temperature  flows.  Since 
the  last  major  hypersonic  activities  took  place  in  the  late 
1960’s,  major  strides  have  taken  place  both  in 
computational  fluid  dynamics  (CFD)  and  experimental 
measurements.  For  the  CFD  community  these  include 
large  high  speed  computers  with  efficient  algorithms. 
These  new  techniques  now  make  it  possible  to  make 
accurate  predictions  of  very  complex  flows.  This 
requires  accurate  global  data  for  the 
calibration/verificationof  these  complex  codes.  For  the 
experimentalist,  new  tools  include  high  powered  lasers, 
miniature  electron  beams,  fast  digital  cameras,  high 
speed  image  processing  hardware  and  software,  fast 
desktop  computers,  paints  that  are  temperature,  pressure 
and  shear  sensitive.  All  of  these  techniques  have 
provided  the  experimentalist  with  a  vast  assortment  of 
means  of  obtaining  nonintrusive  measurements  of  a 
variety  of  fluid  properties.  These  new  diagnostics  can 
either  replace  or  complement  the  traditional  physical 
probes  which  have  numerous  problems  such  as  probe 
interference,  lag  corrections  and  the  requirement  for 
subsidiary  cooling  systems.  This  paper  is  concerned 
with  the  review  and  summary  of  the  papers  presented 
in  Session  5  (Velocity  Measurements)  at  the  NATO 
Advanced  Research  Workshop  [1].  Eight  papers  were 
presented  ([2]  to  [9])  in  that  session.  Although  this 
paper  will  focus  on  the  results  from  those  papers,  other 
results  will  be  described  for  completeness. 


being  measured,  is  the  experiment  earned  out  in  a 
small  research  facility  or  is  the  test  being  made  on  a 
component  of  a  full  scale  vehicle. 

Velocity  measurement  techniques  are  generally  broken 
down  into  two  categories:  particle  based  and  molecular 
based.  Both  of  these  categories  can  be  used  to  make 
either  point  or  planar  measurements;  they  can  also  be 
time-of-flight  or  Doppler  shifted  methods. 

Particle  based  velocimetry  has  a  30  year  history  of 
development  which  has  made  it  a  very  important 
diagnostics.  Particle  based  systems  generally  depend 
upon  micron  size  particles  that  have  been  placed  in  the 
flow  and  the  Doppler  shifted  light  scattered  by  these 
particles  is  measured  to  determine  the  velocity  of  the 
particle  and,  hence,  the  velocity  of  the  fluid  in  which 
the  particle  is  immersed.  The  Doppler  shift  has  been 
directly  got  with  optical  spectrometers  (Michelson  and 
Fabry-P6rot)  or  through  set-ups  creating  interference  of 
two  Doppler  shifts  yielding  beat  frequencies  that  can  be 
detected  by  photomultiplier  tubes  and  which  are  further 
processed  with  a  "counter’  type  of  electronics  or  the 
more  recently  developed  FFT  type  of  devices.  These 
systems  are  generally  referred  to  as  Laser  Doppler 
Velocimeters  (LDV).  Variants  of  this  system  measure 
the  time  for  the  particle  to  travel  a  known  distance,  two 
spot  or  two  dash  velocimeters  sometimes  called  laser 
transit  velocimeters;  or,  measure  the  distance  the 
particles  have  gone  in  a  known  time,  Particle  Image 
Velocimetry  (PIV).  The  problem  of  all  the  particle 
based  systems  is  that  the  effect  of  the  particle’s  inertia 
must  be  seriously  considered.  In  low  density  flows  or 
wherever  there  may  be  large  velocity  gradients,  the 
particle's  velocity  may  not  accurately  represent  the  flow 
velocity.  The  kind  of  particle  chosen  for  the  experiment 
is  of  vital  importance.  This  will  be  described  in  more 
detail  in  the  following  section. 


3.  BACKGROUND  A  spectrometric  technique  using  a  Michelson 

The  choice  of  velocity  measurement  systems  is  spectrometer  is  described  in  J10J.  The  velocity  can  be 

governed  by  a  variety  of  parameters.  These  include:  recorded  in  real  time  and  with  a  (is  time  resolution 

whether  the  experiment  is  a  flight  test  or  takes  place  in  provided  the  scattering  particles  are  numerous  enough 

a  ground  test  facility,  is  the  test  duration  a  few  for  creating  a  continuous  stream  of  scattered  light  from 

milliseconds  or  a  few  seconds,  are  real  gas  properties  the  measuring  volume.  As  the  Doppler  shifted  light  is 
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delivered  by  an  ensemble  of  may  be  many  particles,  a 
good  signal  to  noise  ratio  can  be  obtained  also  with 
rather  small  particles  resulting  in  less  problems  from 
particle  inertia.  The  technique  is  of  special  interest  for 
impulse  facilities. 

Molecular  based  velocity  measurements  systems  have 
not  had  the  broad  development  efforts  that  the  particle 
based  systems  have  had.  A  small  number  of  researchers 
have  used  the  electron  beam  and  laser  systems  to 
measure  velocities.  It  is  only  in  the  last  five  years  that 
molecular  based  systems  have  been  developed  to  make 
accurate  measurements  in  "lab-top”  experiments.  Again, 
these  systems  fall  into  two  categories:  time-of-flight  and 
Doppler  shifted.  These  will  be  discussed  in  more  detail 
later. 

4.  SCATTERING  PARTICLES 

As  was  mentioned  above,  the  choice  of  scattering 
particle  for  hypersonic  measurements  is  very  important. 
The  1985  conference  held  at  NASA  Langley  [11]  was 
devoted  to  various  aspects  of  the  use  of  aerosols  for 
velocity  measurements.  In  [4],  which  describes  the 
application  of  the  classical  "fringe"  type  LDV  system  to 
several  of  ONERA’s  wind  tunnels,  a  variety  of  particles 
have  been  used,  including  ZrO,,  SiO,,  alumina  powder, 
and  natural  particles  occurring  in  the  flow  system.  The 
powders  were  generally  fed  through  a  :y  •done  generator 
to  remove  large  particles  or  agglomerates.  The  nominal 
size  for  the  ceramic  powders  was  about  0.5  pm  and 
their  specific  gravity  varied  from  2.2  to  5.5  g.cm'5. 
Their  melting  temperatures  vary  from  1700°C  to 
2700°C,  thus  making  them  quite  suitable  for  high 
temperature  flows.  Since  these  powders  were 
maintained  at  the  same  pressure  as  the  supply  pressure 
of  the  wind  tunnel,  this  generally  required  a  complex 
plumbing  system  to  introduce  the  aerosols  into  the  flow. 
Tests  were  also  carried  out  in  an  arc  facility  where 
naturally  occurring  particles  were  present.  It  is 
ascertained  that  the  particles  were  probably  copper  or 
copper  oxide  particles  with  diameters  between  15  and 
30  pm.  In  [2],  particles  are  used  which  when  compared 
to  predictions,  appear  to  have  a  diameter  of  0.5  pm  and 
a  specific  gravity  of  0.1  g.cm’.  Results  with  these 
particles  will  be  described  later  in  this  paper.  No 
description  is  given  as  to  the  type  of  particles  or  the 
nature  of  the  particle  material.  In  (3)  a  fluidized  bed 
was  used  to  disperse  Alumina  (A1203)  with  a  mean 
diameter  of  0.3  pm  into  a  Mach  6  wind  tunnel  supply 
system.  All  of  the  above  systems  were  used  in 
continuous  running  wind  tunnels.  For  the  case  of 
impulse  facilities,  Avidor  ( 12]  used  exploding  aluminum 
wires  in  the  supply  section  of  a  shock  tunnel  to  generate 
aerosols.  The  wires  were  exploded  shortly  before  the 
tunnel  was  run,  providing  a  continuous  source  of 
scattering  particles  during  the  multi  milli-second  run.  It 
was  estimated  that  the  particle  size  was  less  than  0.02 
pm  so  this  technique  could  not  be  used  with  a 
conventional  LDV  system  for  single  particle  scattering. 
If  the  gas  temperatures  are  not  significant  (less  than 
250°C)  then  some  of  the  organic  aerosols  such  as 
polystyrene,  latex,  dioctylphthalate  and  other  aerosols 
that  have  been  in  use  over  the  years  could  be  used. 


5.  PARTICLE  BASED  RESULTS 

Some  of  the  significant  results  from  [2]  to  [9]  will  now 
be  discussed.  In  [3],  both  laser  transit  anemometer  and 
LDV  measurements  were  made  in  a  Mach  6  wind 
tunnel.  Velocity  measurements  of  the  normal  velocity 
component  using  agglomerate  free  0.3  micron  alumina 
normalized  to  free  stream  reference  velocity,  with 
theoretical  predictions  for  different  particle  sizes  as  a 
function  of  position  behind  a  40.8°  oblique  shock  are 
shown  in  Figure  1 .  The  effects  of  particle  lag  are  seen 
in  the  figure.  The  measured  velocity  values  converge  to 
within  8%  of  the  expected  133  mis  8  millimeters 
behind  the  shock.  The  values  were  within  5%  of  the 
133  m/s  12  millimeters  behind  the  shock.  Shown  in 
Figure  2  are  the  res’. its  from  [2].  An  oblique  shock 
wave  is  generated  by  a  flat  plate  model  at  -10° 
incidence  in  a  Mach  12.5  air  flow.  The  mea  .urements, 
which  were  made  above  the  plate,  about  125  mm  from 
the  leading  edge,  are  shown  in  Figure  3.  The 
probability  density  measurements  shown,  clearly  point 
out  the  shift  from  the  dominant  freestream  peak  ahead 
of  the  shock  as  the  probe  volume  is  traversed  towards 
the  plate.  It  was  concluded  that  the  measured  particle 
response  indicates  a  particle  of  0.5  pm  with  a  specific 
gravity  of  0.1:  theoretically  these  particles  have  a  95% 
response  to  velocity  fluctuations  up  to  50kHz.  In  [4] 
velocity  results  from  three  of  ONERA's  wind  tunnels 
are  presented.  Specifically,  the  results  from  S4  Modane 
are  shown.  The  Mach  number  was  12  and  three 
different  electronic  processing  systems  were  used:  a 
digital  oscilloscope  Lecroy  7200,  a  Dantec  counter  and 
the  IFA  750  from  TSI.  The  results  are  shown  in  Figure 
4.  The  measured  results  lie  between  the  calculated 
values  for  a  perfect  gas  and  a  real  gas.  It  is  concluded 
in  [4]  that  for  these  conditions,  the  results  from  the 
different  processors  correlated  well  with  each  other  and 
that  velocities  up  to  1  700  m/s  could  be  measured  with 
a  good  confidence  level. 

6.  MOLECULAR  BASED  SYSTEMS 

As  was  said  above,  molecular  based  velocity 
measurements  can  be  categorized  into  two  groups: 
time-of-flight  and  Doppler  shift  techniques.  We  will 
first  discuss  the  time-of-flight  methods. 

A  pulsing  electron  beam  is  utilized  in  [5]  (shown 
schematically  in  Figure  5)  to  determine  the  velocity  in 
a  hypersonic  flow.  The  electron  beam  generates  ions 
with  long  lifetimes.  One  can  then  measure  their  time  of 
flight  during  their  travel  downstream  among  the 
surrounding  neutral  molecules  along  a  known  distance. 
The  beam  is  pulsed  for  1  psec  at  a  repetition  rate  of  2-8 
kHz.  Downstream  in  the  flow  an  ion  collector  acting 
like  a  Langmuir  probe  is  positioned.  From  the  time 
delay  of  the  ion  signal  at  the  probe  with  respect  to  the 
corresponding  electron  beam  pulse  the  time-of-flight  of 
the  ions  is  measured.  When  the  probe  is  moved  a  well 
defined  distance  downstream  or  upstream  the 
time-of-flight  is  measured  again.  The  velocity  may  then 
be  computed  readily.  Shown  in  Figure  6  are  the  results 
of  measurements  in  a  variety  of  gases  at  many  different 
speeds.  The  results  are  comparer!  with  theoretical 
isentropic  expansion  velocities.  One  sees  that  the  results 
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are  in  good  agreement.  A  slight  variant  of  this  velocity 
measurement  technique  was  described  in  [6].  An 
electron  beam  was  again  used  to  excite  the  gas 
molecules  in  a  low  density,  Mach  10  airflow.  A  lens 
(see  Figure  7)  forms  the  image  of  the  flowfield  on  a 
high  speed  gated  image  intensifier.  The  final  image  is 
recorded  on  a  400  ASA  sensitive  photographic  plate. 
The  image  intensifier  has  two  purposes,  the  first  one  is 
to  act  as  high  speed  shutter  in  order  to  freeze  the 
movement  of  the  plasma  columns;  the  second  is  to  use 
the  high  gain  to  amplify  the  low  intensity  light  coming 
from  the  plasma  columns.  A  photograph  of  the  plasma 
is  shown  in  Figure  8.  One  effectively  knows  the 
time-of-flight  and  one  determines  the  distance  from  the 
scaled  photograph;  thus,  one  can  deduce  the  velocity. 
It  was  concluded  in  [6]  that  the  optica!  spatial  imaging 
of  luminous  plasma  columns  induced  by  a  pulsed 
electron  beam  can  be  a  useful  tool  to  measure  the 
velocity  of  low  density  hypersonic  flows.  The  last 
time-of-flight  paper  [8]  describes  results  obtained  with 
the  RELIEF  method.  Air  is  tagged  by  vibrationally 
exciting  oxygen  molecules  and  interrogating  at  a  later 
time  by  laser-induced  electronic  fluorescence.  Lines  can 
be  instantaneously  (10ns)  written  into  the  flowfield,  and 
their  displacement  after  an  accurately  measured  time 
interval  gives  the  flow  velocity.  If  a  cross  is  written 
into  a  flow,  then  the  displacement  of  the  cross  gives  an 
accurate  measure  of  the  mean  flow  velocity;  rotation  of 
the  cross  and  distortion  of  the  lines  can  be  used  to  have 
access  to  vorticity  and  turbulence.  Experiments  have 
been  carried  out  in  flows  up  to  Mach  4  and  the  results 
look  very  promising,  but  the  technique  requires  a 
shorter  wavelength  laser  source  in  order  to  generate 
high  fluorescence  intensities  to  low  density  hypersonic 
flows.  For  steady,  nonreacting  flows,  planar  velocity 
measurements  can  be  made  using  planar  laser-induced 
iodine  fluorescence  (PLIIF)[7).  Seeding  the  flow  with 
iodine  vapor  and  then  exciting  these  molecules  with  a 
light  sheet  of  the  514.5nm  line  of  an  argon  laser  with 
an  air-spaced  etalon,  the  resulting  broadband  planar 
fluorescence  is  imaged  into  a  CCD  camera  (Fig.  9). 
Time  averaged  data  (over  30  s)  are  then  taken.  By 
scanning  the  laser  frequency  of  discrete  frequencies,  a 
series  of  images  is  obtained  from  which  the  Doppler 
shift  is  deduced.  For  application  to  high-speed  reacting 
flows,  velocity  measurements  can  be  made  using  planar 
laser-induced  OH  fluorescence.  The  same  approaches 
that  were  used  in  PLIIF  can  be  used  for  OH  PLIF  if  a 
sufficiently  narrow  linewidth,  tunable,  UV  laser  is 
used.  Pointwise  measurements  of  velocity  have  been 
demonstrated  in  a  small,  combustor,  jet  facility.  Planar 
velocity  measurements  have  also  been  demonstrated  in 
a  reacting  jet. 

Velocities  and  temperature  measurements  in  high  speed 
flows  which  were  based  on  spectrally  resolved  Rayleigh 
scattering  were  described  in  (9|.  Time  averaged 
measurements  were  carried  out  in  a  Mach  1.3  air  jet. 
The  experimental  set-up  is  shown  in  Figure  10.  The 
central  item  in  the  image  processing  system  is  a  planar 
mirror  Fabry- P£ rot  interferometer.  The  results  are 
shown  in  Figure  11.  The  maximum  velocity  is  about 
422m/s  with  a  maximum  error  of  about  10-15m/s. 


A  new  approach  in  time-domain  CARS  is  proposed  [13] 
to  perform  single  shot  measurements  of  the  velocity  (as 
well  as  of  the  static  temperature)  in  low  pressure 
supersonic  flows.  Instead  of  repetitive  probing  the 
macroscopic  polarizibility  coherently  driven  by  short 
pump  and  Stokes  pulses  with  variable  delay  times,  the 
coherence  is  created  with  a  long  duration  pump  and  a 
short  duration  Stokes  pulse,  and  is  continuously  probed 
with  the  same  pump  pulse.  The  decay  of  the  anti-Stokes 
signal  reveals  the  static  temperature;  the  beating 
between  two  signals  which  are  created  in  opposite 
crossing  directions  with  respect  to  the  flow  direction 
gives  the  flow  velocity. 

7.  CONCLUSIONS  AND  RECOMMENDATIONS 
The  results  from  the  papers  presented  in  the  Velocity 
session  at  the  NATO  workshop  indicated  that  major 
strides  Lave  been  made  in  being  able  to  make  velocity 
measurements  in  high  speed,  high  temperature  flows 
that  may  have  chemical  reactions  present.  It  is  also 
obvious  that  much  work  still  remains  to  be  carried  out. 
Most  of  the  experiments  described  in  the  above  papers 
were  carried  out  in  carefully  controlled,  small  scaled 
laboratory  environments.  Only  a  small  number  were 
attempted  in  large  scaled  test  facilities;  none  were 
attempted  in  flight  vehicles. 

The  following  recommendations  are  offered  for  future 
research: 

*  Continued  improvement  in  particle  techniques 
for  use  with  LDV  systems.  The  development 
for  particles  with  large  aerodynamic  diameters 
with  low  specific  gravity,  such  as  micro 
spheres,  is  important.  The  continued 
development  of  electronic  processors  capable 
of  measuring  frequencies  with  a  range  of  100's 
of  megahertz  is  also  important. 

*  A  continued  emphasis  on  molecular  based 
techniques  including  both  time-of-flight  and 
Doppler  techniques. 

*  Attempts  to  apply  the  Michelson  spectrometer 
to  molecular  based  Doppler  measurements: 
recording  the  wavelengths  of  spectral  lines 
stimulated  by  electron  beam  or  laser  radiation. 

*  The  development  of  high  powered,  high 
repetition  rate  UV  lasers. 

*  In  order  to  supplement  turbulence  modeling, 
particularly  in  the  analysis  of  high  speed 
mixing,  the  density-velocity  correlation  should 
be  emphasized.  This  will  require 
multi-parameter  measurements  from  such 
techniques  as  CARS  velocimetry,  LIF  and  the 
electron  beam. 

*  Planar  techniques  in  blow  down  facilities. 

8.  REFERENCES 

[1]  NATO  Advanced  Research  Workshop  -  New 
trends  in  instrumentation  for  hypersonic 
research  -  ONERA  Le  Fauga-Mauzac  -  27 
April-1  May,  1992. 

[2]  F.K.  Owen  -  Measurement  of  hypersonic 
flows  [  1 1. 

W.W.  Hunter  Jr..  L.R.  Gartrell,  W.M. 


131 


14-4 


Humphreys  Jr.,  D.W.  Witte,  C.E.  Nichols  Jr.- 
Development  and  assessment  of  an  LDV 
system  for  Mach  6  flow  field  measurements 
111- 

[4]  A.  Boutier,  J.  Lefevre,  F.  Micheli  -  Laser 
velocimetry  applied  in  hypersonics  [1J. 

(5)  E.  Hiral,  K.A.  Butefisch,  C.  Dankert  - 
Velocity  and  density  determination  by  electron 
beam  technique  [1]. 

[6]  A.K.  Mohamed  -  Electron  beam  velocimetry 

m- 

[7]  J.C.  McDaniel,  S.D.  Hollo,  K.G.  Klavuhn  - 
Planar  velocimetry  in  high-speed  aerodynamic 
and  propulsion  flowfields  [1], 

(8)  R.  Miles,  W.  Lempert,  J.  Forkey,  B.  Zhang, 
D.  Zhou  -  Filtered  Rayleigh  and  RELIEF 
imaging  of  velocity,  temperature  and  density  in 
hypersonic  flows  for  the  study  of  boundary 
layers,  shock  structures,  mixing  phenomena 
and  the  acquisition  of  in-flight  air  data  [1], 

(9)  R.G.  Seasholtz  -  2D  velocity  and  temperature 
measurements  in  high  speed  flows  based  on 
spectrally  resolved  Rayleigh  scattering  [1J. 


[10]  G.  Smeets,  A.  George  _  Michelson 
spectrometer  for  instantaneous  Doppler 
velocity  measurements  -  J.  Phys.  E:  Sci. 
lustrum.  ,Vol.  14,  1981. 

[11]  W.W.  Hunter,  C.E.  Nichols  -  Wind  tunnel 
seeding  systems  for  laser  velociroeter  -  NASA 
Conference  Publication  2393,  Proceedings  of 
a  workshop  held  at  NASA  Langley  research 
center,  March  19-20,  1985. 

[12]  J.M.  Avidor,  A.M.  Schneiderman 
Experimental  investigation  of  high  Reynolds 
number  compressible  axisymmetric  turbulent 
wakes  -  AIAA  paper  74-576,  presented  at 
AIAA  7th  Fluid  and  Plasma  Dynamics 
Conference,  Palo  Alto,  CA,  June  17-19,  1974. 

[13]  M.  Lefebvre,  M.  P6alat,  J.  Strempe!  -  Single¬ 
shot  Time-Domain  CARS:  application  to 
temperature  and  velocity  measurements  in 
supersonic  flows  -  Submitted  to  Optics  Letters. 


Vr®f 


—  0.3p  Particle  response,  theory 

—  0.5]j.  Particle  response,  theory 
0.6p  Particle  response,  theory 

—  -  0.8p  Particle  response,  theory 
•  Exp.  data  set  #9 

Exp.  data  set  #10 


I - 1 _ l _ 1 _ i 

0  5  10  15  20 

Distance  behind  oblique  shock,  mm 


Fig  1:  Comparison  of  LDV  normal  velocity  component  measurements  using  agglomerate  free  0.3 

AI.O,.  normalized  to  freestream  reference  velocity,  with  theoretical  predictions  for  different 
particle  sizes  uc  a  function  of  poMlun  behind  a z  40  8°  oblique  chock  |3). 
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Fig. 2:  Particle  response  in  hypersonic  flow  [2]. 


Fig. 3.  Particle  response  in  the  Wright  Laboratory  20-inch  hypersonic  wind  tunnel  (2] 
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Fig. 6:  Measured  flow  velocities  for  different  atoms  and  molecules;  d*  =  orifice  diameter  [5] 
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Fig. 7;  Experimental  set-up  16]. 
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Fig. 8:  Plasma  columns  in  the  free  flow  [6]. 
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Fig. 9.  Experimental  setup  for  PLIIF  velocity  measurements  |7J. 
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Fig.  10:  Experimental  setup  for  measurement  of  velocity  in  Mach  1.3  free  jet  using  imaging  Fabrv-Perot 
interferometer  [9j. 


Fig.  1 1:  Measured  constant  axial  velocity  contours. 

Distances  from  nozzle  exit  are  X  =  20,30,50,70,90  mm.  Isentropic  velocity  =  422  m/s  [9). 
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SUMMARY 

This  paper  is  based  upon  a  session  of  the  NATO 
Advanced  Research  Workshop,  New  Trends  in 
InstrumenlaJion  for  Hypersonic  Research  held  at  the 
ONERA  La  Fauga  Facility  in  France  during  the  week 
of  April  27,  1992.  The  discussion  includes  some  of  the 
frontiers  of  the  technology  of  flow  visualization  and 
spectroscopy  as  well  as  a  discussion  of  the  current 
development  needs  and  trends.  Included  in  the 
discussion  are  optical  integrated  measurements  such  as 
resonance  absorption,  schlieren,  interferometry,  and 
holographic  methods.  The  discussion  shows  that  while 
the  technology  is  mature  in  a  broad  sense,  a  significant 
number  of  new  development  areas  exist  such  as 
resonant  holography  and  phase  shifting  holographic 
interferometry.  The  maturity  of  the  technology  makes 
it  immediately  applicable  to  many  problems  and  the 
untapped  potential  offers  considerable  room  for 
improvement  of  existing  capability.  The  methods 
which  are  described  can  be  used  in  harsh  environments 
and  have  the  potential  for  becoming  flight  test 
diagnostics  for  the  measurement  of  temperature, 
density,  constituency,  and  velocity. 

1  INTRODUCTION 

When  an  optical  wave  front  traverses  a  gaseous 
medium,  the  wave  front  ran  be  modulated  in  phase, 
direction,  and  intensity  by  the  medium.  The  analysis  of 
the  integrated  effect  of  the  medium  upon  the  wave  can 
characterize  the  medium  if  enough  information  is 
recorded.  At  the  simplest  level,  some  aspects  of  the 
otherwise  invisible  flow  field  can  be  trade  visible 
through  various  optical  processing  procedures.  At  the 
highest  level,  some  aspects  of  the  flow  can  be 
accurately  quantified.  The  fundamental  principals 
underlying  optical  flow  visualization  techniques 
described  herein  are  the  following: 


1.  The  refractive  index  changes  in  fluid  mediums  of 
varying  density  and/or  constituency  which  means 
the  wave  fronts  of  optical  waves  propagating 
through  these  mediums  are  phase  shifted  and 
deflected.  Gas  density  can  be  derived  from 
refractive  index  if  the  constituency  is  known. 
Refraction  can  be  measured  directly  with  schlieren 
systems.  Phase  shift  is  usually  measured  with 
interferometry. 

2.  When  the  exciting  wavelength  is  near  the  resonance 
of  a  gas,  the  complex  refractive  index  changes 
radically  such  that  absorption  and  refraction 
properties  are  strongly  affected.  The  analysis  of 
absorption  and  refraction  at  resonance  can  be  done 
by  either  tuning  the  wavelength  of  a  narrow  band 
illuminating  diagnostic  beam  through  the 
resonances  of  the  medium  or  by  comparing  the 
input  and  output  spectra  of  a  broad  band 
illuminating  beam. 

Flow  visualization  as  well  as  spectroscopic  methods  are 
information  intensive  diagnostics  and  have  been  limited 
in  practical  application  for  many  years  by  the  capability 
of  affordable  image  processing  hardware  and  software. 
In  recent  years,  the  availability  of  small  powerful 
computers  is  fast  removing  such  limitations.  Also,  new 
lasers  are  simplifying  the  application  and  interpretation 
of  such  methods.  Miniaturization  hardware  such  as 
fiber  optics,  diode  lasers,  and  small  electronics 
hardware  are  opening  the  way  to  the  development  of 
small,  rugged,  lightweight  instrumentation.  New 
methods  such  as  phase  shifting  interferometry  are 
improving  the  resolution  and  accuracy  of 
interferometry.  Holography  is  expanding  the  capability 
of  both  interferometry  and  spectroscopy  by  providing  a 
convenient  method  of  storing  wave  front  information  in 
a  form  which  make*  its  processing  simpler.  So  even 
though  each  of  the  methods  under  discussion  here  is 
already  widely  used,  the  field  is  extremely  dynamic  and 
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the  capabilities  of  these  methods  will  be  extended  in 
future  years  as  the  supporting  technologies  are 
advanced. 

These  methods  can  provide  quantitative  density 
measurements  of  two  dimensional  and  axisymmetrical 
fields  since  the  integrated  measurement  can  be  solved  to 
provide  point  information.  When  flow  fields  become 
more  spatially  complex,  the  method  becomes  semi 
quantitative.  In  some  situations,  the  measurement  of 
integrated  data  over  a  sufficient  number  of  angles  of 
view  can  lead  to  three  dimensional  analysis  through  the 
process  of  tomography  (tomography  is  the 
determination  of  a  spatial  distribution  when  only  the 
projections  through  the  distribution  are  given). 

In  the  study  of  aero-optical  phenomena,  the  desired 
measurement  is  the  total  integrated  affect  on  the  wave 
front,  so  these  methods  are  finding  broad  application  in 
this  area. 

2.  ADVANTAGES 

This  class  of  instrumentation  possesses  a  number  of 
advantages  over  most  of  the  more  recently  emerging 
optical  diagnostics  such  as  laser  induced  fluorescence 
and  Raman  techniques.  The  instruments  are  essentially 
in  a  high  state  of  maturity,  some  of  them  having  been 
in  routine  use  for  many  years.  This  makes  their 
incorporation  into  hypersonic  testing  more 
straightforward  since  many  test  facilities  are  already 
equipped  with  the  required  optical  access.  The  results 
are  often  easier  to  communicate  to  the  end  user  since 
aerodynamacists  are  already  familiar  with  their  use  and 
interpretation.  The  methods  currently  in  use  are 
relatively  simple,  employing  well  known  recording 
materials  and  data  reduction  procedures.  They  are 
readily  adaptable  to  electronic  recording  and  data 
reduction  methods  which  have  evolved  in  recent  years. 
The  expansion  potential  is  extremely  promising,  which 
means  that  the  methods  already  in  use  can  be  retrofitted 
with  advancements  that  will  enhance  the  system 
capability.  For  example,  facilities  which  are  already 
equipped  with  schlieren  systems  can  be  upgraded  to 
incorporate  new  holography  methods.  Holography 
methods  can  add  interferometry  capability  to  such  a 
facility.  Facilities  already  using  holography  will  be 
expandable  to  incorporate  phase  shifting 
interferometry ,  on-line  recording  and  reduction,  and 
resonant  holographic  methods. 

2. _ EMERGING  TECHNOLOGY 

A  considerable  effort  is  being  made  to  extend  the 
methods  under  discussion  for  use  in  hypersonic* 
research.  Hypersonic  testi'g  requires  diagnostics  at 
lower  densities  and  higher  velocities  than  the  methods 
easily  reach.  Also,  high  temperatures  result  in 


dissociation  and  ionization  with  a  resulting  loss  of 
knowledge  of  the  gas  state  and  constituency.  The  state 
of  the  gas  can  become  an  important  factor  in  the 
simulation,  so  its  measurement  can  become  a  major 
issue  for  modelers  and  for  those  desiring  to  simulate 
flight  conditions. 

In  some  instances,  pulsed  facilities  are  the  only 
facilities  that  can  simulate  flight  conditions. 
Accommodating  short  run  times  is  another  challenge 
being  accepted  by  diagnostics  technique  developers. 
The  environment  in  which  such  tests  must  be  carried 
out  offers  still  another  challenge.  For  example,  simply 
getting  light  in  and  out  of  the  test  facility  without 
introducing  spurious  information  on  the  light  wave  is 
not  a  simple  task. 

The  following  examples  of  emerging  technology  were 
presented  in  the  workshop,  illustrating  some  of  the 
approaches  being  taken  to  deal  with  the  problems  of 
hypersonic  testing. 

3.1  Schlieren  Methods 

A  good  example  of  the  refinement  of  a  mature 
technology  for  application  in  hypersonic  research  was 
presented  by  Bize  et  al1.  They  have  designed, 
constructed  and  tested  a  high  sensitivity  schlieren 
system  for  the  ONERA  La  Fauga  F4  Hotshot  facility. 
This  facility  has  been  designed  to  cover  the  HERMES 
trajectory  through  gas  densities  ranging  from  10"**  to 
10'2  kg/nA  The  minimum  detectable  optical  path 
difference  is  given  by 

A S  min  ~  KJL  AjC7min 

Where  K  is  the  Dale/Gladstone  constant,  which  for  air 
is  2.27  x  10-4  (Kg/m^H,  and  L  is  the  length  of  the  gas 
flow.  This  requires  the  ability  to  measure  an  optical 
path  length  change  from  2.3x10*2  to  2.3  micrometers 
per  meter  of  path  length  or  in  terms  of  wavelength,  a 
range  from  about  X/20  to  5X  per  meter  of  optical  path. 

To  extend  the  sensitivity  to  its  maximum,  the  authors 
have  employed  long  focal  length  (5  meter)  mirrors  (SO 
cm.  diameter)  polished  to  an  accuracy  of  0.1  are 
seconds.  Three  major  factors  limit  the  achievable  (in 
practice)  sensitivity  of  schlieren  systems:  1)  vibration, 

2)  air  current  perturbations  outside  of  the  facility,  and 

3)  distortions  and  noise  caused  by  the  windows  of  the 
facility.  These  have  been  minimized  in  the  current 
design  by  I)  mounting  the  knife  edge  on  a  rapidly 
controllable  mount  with  feedback  to  eliminate  the 
effects  of  vibration  on  the  knife  edge,  and  vibratiooally 
isolating  the  entire  system,  2)  placing  the  entire  optical 
system  in  a  vacuum  chamber,  and  3)  removing  the 
windows  entirely,  since  the  optics  are  all  inside  the 
vacuum  of  the  test  facility.  Also,  by  using  the  phase 


contrast  method  instead  of  a  normal  knife  edge,  another 
factor  of  10  is  gained  in  sensitivity  (the  phase  contrast 
method  employs  a  phase  shifting  step  i- stead  of  a  knife 
edge).  With  these  refinements  the  system  can  resolve  a 
refraction  as  small  as  0.01  arc  seconds  and  can  measure 
a  step  change  in  optical  path  of  less  than  X/500.  This 
schlieren  system  is  quite  possibly  the  most  sensitive 
schlieren  system  of  its  size  in  use  for  aerodynamics. 

As  an  additional  refinement,  the  authors  plan  to  employ 
laser  illumination  to  allow  the  high  level  of  ambient 
Light  near  the  stagnation  region  of  the  models  to  be 
removed  from  the  visualization. 

3.2  Spectroscopic  Methods 

Bize  et  al'also  describe  ?  trethod  that  was  employed  for 
extending  the  use  of  emission  spectroscopy  to  the  La 
Fauga  F4  facility  by  employing  fiber  optics  to  collect 
the  light  inside  the  facility  and  to  conduct  it  to  a  high 
resolution  grating  spectrometer  some  distance  away. 
Measurements  were  made  of  Cu,  Fe,  OH,  O,  and  NH 
UV  bands  from  300  tun  to  330  nm  to  evaluate  various 
parameters  in  the  flow.  Temperature  measurement  is 
one  of  the  primary  objectives.  This  diagnostic  also 
provides  an  evaluation  of  measures  taken  to  reduce  the 
metallic  pollution  of  the  flow. 

Limbaugh^  and  McGregor^  similarly  described 
methods  for  adapting  highly  refined 
emission/absorption  spectroscopic  procedures  to 
extremely  harsh  test  conditions,  specifically  in  the 
testing  of  propulsion  systems.  By  employing  a  heated 
plate  as  an  IR  (1-3  Micrometers)  source  and  measuring 
the  transmission  through  the  flow  field,  Limbaugh  can 
deduce  the  temperature  and  species  concentration  in  the 
exhaust  of  a  propulsion  system.  A  band  model 
approach  to  solving  the  radiative  transfer  problem 
provides  quantitative  determination  of  these  properties 
when  the  integral  representing  the  measured 
illumination  can  be  solved.  Solution  of  the  integral  is 
straightforward  only  for  symmetrical  distributions  of 
the  field.  By  staying  in  the  short  wavelength  band, 
Limbaugh  shows  bow  quartz  fibers  can  be  used  to 
conduct  the  light  in  and  out  of  a  test  facility  to 
ruggedize  the  instrument.  Primary  candidates  for 
measurement  are  the  4.3  pm  band  of  COj  and  the  2.7  p 
m  band  of  H2O.  Work  closer  to  the  1  pm  bands  would 
allow  use  of  uncooled  silicon  or  germanium  detectors, 
but  the  method  has  not  yet  been  extended  to  this  regime 
to  date.  NO,  OH,  CO,  and  NO,  are  also  candidate 
molecules. 

McGregor  described  the  requirements  and  potential  for 
applying  resonance  absorption  methods  in  hypersonic 
flow  using  non  laser  illuminators.  Typically,  a  source 
is  produced  with  a  discharge  tube  containing  the  species 
under  study  and  the  receiver  is  a  high  resolution 


spectrometer  (Figure  1).  The  instrument  can  provide  a 
measure  of  gas  density  and  temperature  if  the  integral 
representing  the  measurement  can  be  solved  and  if 
broadening  effects  caused  by  Doppler  shift  or  other 
effects  can  be  incorporated.  Considerable  work  is  still 
needed  in  the  physics  of  the  process  to  make  the 
method  accurate.  Ultimately,  if  rugged,  low  cost  lasers 
in  the  correct  wavelength  become  available,  the  method 
could  be  simplified.  Figure  2  shows  a  candidate  design 
for  an  in-flight  diagnostic  using  the  technique.  Fiber 
optics  conducts  the  light  in  and  out  of  the  rectangular 
combustor. 

Smeets*  reviewed  a  variety  of  interferometers 
specifically  developed  to  view  extremely  weak  phase 
objects  (optical  path  length  changes  less  than  X/500). 
Of  special  significance  is  the  fact  that  these  instruments 
were  developed  and  used  routinely  over  20  years  ago, 
and  now  they  should  be  easily  adaptable  to  meet  some 
of  the  newly  emerging  requirements  in  present  day 
hypersonic  flow  diagnostics.  A  Wollaston  prism 
differential  interferometer  shown  in  Figure  3  provides 
a  capability  to  quantify  optical  path  length  changes  as 
small  as  10'^  X.  Using  the  above  formula,  this  leads  to 
a  minimum  detectable  density  change  of  about  2x10'® 
Kg Im?  per  meter  of  optical  path  which  covers 
essentially  the  full  range  of  ground  testing  for  most 
hypervelocity  aircraft.  The  method  biases  the 
interferometer  into  its  most  sensitive  region  and  reduces 
optical  noise  by  canceling  out  light  which  is  not 
contributing  to  the  measurement  of  changing  refractive 
index.  When  the  image  can  be  divided  into  small 
regions  probed  by  individual  rays  which  are  then 
sensed  electronically,  the  frequency  response  of  the 
interferometer  is  virtually  unlimited,  making  it  an 
excellent  candidate  for  modem  day  hypervelocity 
testing  in  pulsed  facilities.  The  device  has  actually 
been  used  to  map  the  density  profiles  surrounding  a 
ballistic  projectile  as  it  passed  through  the 
interferometer. 

Variations  of  the  Wollaston  prism  interferometer  have 
been  employed  for  different  problems.  One  variation 
represents  one  of  the  precursors  to  modern  optical 
image  processing  for  enhancing  the  sensitivity  of  flow 
visualization.  One  interfere  gram  is  produced  when  the 
object  is  present  using  one  polarization  orientation,  and 
a  second  exposure  is  made  without  the  phase  object 
being  present  with  the  other  polarization.  This 
procedure  makes  the  second  recording  complementary 
to  (he  first  in  intensity  with  respect  to  die  fixed 
illumination.  Adding  the  two  recordings  effectively 
smoothes  out  the  constant  information,  enhancing  the 
signal-to-ooise  ratio  of  the  temporally  changing 
information.  A  recording  of  a  aound  wave  of  phase 
strength  less  than  XJ5O0,  using  the  interferometer, 
vividly  demonstrated  the  high  aeositivity  made  possible 
through  image  processing  and  setting  the  interferometer 


in  its  most  sensitive  mode.  This  type  of  interferometer 
can  be  adapted  directly  into  almost  any  conventional 
schlieren  system.  The  chief  drawback  is  the  difficulty 
in  quantifying  the  data,  limiting  present  use  of  the 
method  to  flow  visualization.  S meets  states  that  the 
method  can  be  characterized  by  a  typical  sensitivity  of 
10*7  Amagat/meter  (An  Amagat  is  the  density  of  the 
gas  normalized  to  its  value  at  STP.) 

Instrument  sensitivity  enhancement  in  flow 
visualization  must  always  be  accompanied  by 
procedures  to  remove  or  account  for  the  variations  in 
the  flow  field  outside  of  the  region  of  interest,  which 
can  dominate  the  measurement.  This  is  especially  true 
in  hypersonic  testing  where  the  test  region  can  be 
relatively  small.  Removing  the  test  chamber  windows 
and  the  ambient  air  itself,  as  described  in  the  schlieren 
system  above,  is  one  way  of  achieving  this.  In  S meets 
interferometer,  this  is  accomplished  essentially  by 
subtracting  off  such  effects  in  real  time.  Techniques 
described  below  offer  still  other  ways  to  abate  ambient 
effects. 

3  J  Holographic  Interferometry 

Four  presentations  were  given  describing  advanced 
holography  developments  and  applications^*7*® 
representing  w  lat  is  probably  the  most  dynamic  area  in 
flow  diagnostics. 

Since  holography  provides  a  technique  to  store  optical 
wave  fronts  for  later  retrieval,  holographic  flow 
visualization  and  interferometry  would  appear  to  be  an 
obvious  application  of  holography.  The  modulated 
wave  front  can  be  stored  in  a  hologram  for  later 
retrieval,  at  which  time  it  can  be  reconstructed  for 
processing  with  any  of  the  conventional  optical  flow 
visualization  procedures  including  schlieren, 
shadowgraph,  moirf,  and  many  types  of  interferometry; 
so  the  single  recording  can  lead  to  a  multitude  of 
representations  of  the  flow  . 

The  primary  features  of  holographic  flow  visualization 
are  the  following: 

1.  Information -carrying  wave  fronts  of  arbitrary 
complexity  can  be  stored  in  holograms  for  later 
retrieval. 

2.  The  hologram*  can  be  recorded  in  nanosecood  or 
shorter  time  frames. 

3.  Data  is  stored  in  a  narrow  wavel'-ngth  range. 

4.  Hologram*  can  be  recorded  at  high  frequency 
(megahertz). 

3.  Many  hologram*  can  be  superimposed  on  *  single 
recording. 

6.  Data  ia  stored  in  *  format  that  is  readily  accessible 
to  optical  processing  procedures. 


Storing  entire  wave  fronts  allows  a  number  of 
extremely  important  and  unique  direct  and  quantitative 
comparisons,  additions,  subtractions,  correlation  and 
filtering  of  wave  fronts  such  as  the  following: 

1.  Wave  fronts  that  existed  at  different  times. 

2.  Extremely  aberrated  and  complicated  wave  fronts 
that  differ  by  a  small  amount. 

3.  Wave  fronts  of  different  wavelengths. 

4.  Multiple  wave  fronts  existing  simultaneously. 

Table  1  summarizes  some  of  the  advanced  holographic 
techniques  that  support  flow  diagnostics. 

Improved  data  reduction  hardware  and  software  may  be 
the  single  most  important  new  development  in  flow 
visualization  holography.  In  recent  years,  great  strides 
have  been  made  in  improving  the  efficiency  and  use  of 
holography  data.  The  application  of  modem  image 
analysis  and  enhancement  procedures  such  as 
logarithmic  detection,  normalization,  subtracting  off 
the  non  uniform  background,  floating  thresholds, 
bandpass  filtering  and  others  have  greatly  simplified 
automated  data  reduction.  Only  through  the  routine 
processing  and  use  of  the  additional  data  made  possible 
by  holography  can  the  methods  compete  with  more 
established  and  accepted  techniques  which  may  offer 
less,  but  which  require  little  data  processing  before  use. 

Phase  shift  interferometry  is  a  relatively  new 
interferometric  procedure  for  producing  a  continuous 
phase  map  from  a  series  of  three  or  more 
interferograms  of  an  object  field.  At  any  point  in  an 
interferogram,  the  intensity  is  given  by 

I  =  /o(l  +  ^cosj^-F  #]} 

Where  Ig  is  the  background  (D.C.)  intensity,  y  is  the 
fringe  contrast,  $  is  the  desired  phase  and  9  is  an 
adjustable  constant  phase  shift  over  the  interferogram. 
By  measuring  intensity  for  three  different  values  of  9  , 
three  equations  are  produced  which  can  then  he  solved 
for  The  interferogram  can  be  sampled  by  a  detector 
array  during  the  phase  shifting  operation  and  a  phase 
map  is  produced  almost  instantaneously  (with  a  2* 
ambiguity).  The  features  and  benefits  of  using  this 
procedure  include  using  more  of  the  data  in  the 
interferogram,  filling  in  data  between  the  fringes  in  the 
interferogram,  removal  of  optical  noise,  improvement 
of  sensitivity,  and  rendering  the  process  more  easily 
automated.  This  represents  a  significant  improvement 
ov  r  more  conventional  methods  of  locating  fringe 
centers. 

Spring  et  «11 2 3 4 * 6  describe  a  system  and  an  application  in  the 
NSWC  hypervelocity  facilities  which  represent  various 
edges  of  the  state  of  the  art  in  applied  holographic  flow 
diagnostics.  The  system  employs  double  plate 
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(sandwich)  holography  in  which  a  reference  wave  front 
is  recorded  on  one  hologram,  the  test  field  wave  front 
is  .  icorded  on  a  second  hologram,  then  the  two  wave 
fronts  are  superimposed  by  placing  the  two  holograms 
together  and  reconstructing  both  wave  front; 
simultaneously.  The  phase  shift  operation  for  phase 
shift  interferometry  can  be  implemented  with  the 
hologram  "sandwich"  in  various  ways,  and  was 
achieved  in  this  system  by  moving  one  of  the  plates 
relative  to  the  other  during  reconstruction.  Automated 
image  interfere! gram  reduction  using  this  process  is  one 
of  the  significant  features  of  the  system  allowing  large 
amounts  of  data  to  be  quantified.  Image  processing 
systems  and  software  which  now  are  relatively 
inexpensive  would  have  been  prohibitive  in  cost  for 
most  users  only  a  few  years  ago.  The  study  illustrates 
the  use  of  holographic  interferometry  to  evaluate  CFD 
codes.  Comparisons  of  the  interferometry  results  with 
CFD  clearly  illustrate  where  the  codes  fail  to  predict 
the  flow  about  models  in  hypersonic  flows.  Figure  4 
shows  such  a  comparison  where  the  CFD  solution 
predicted  by  a  three  dimensional  Euler  code  breaks 
down  in  the  turbulent  boundary  layer.  Some  of  the 
weaknesses  of  the  technique  are  illustrated  in  this  figure 
which  underlined  the  problem  of  refraction  near  strong 
density  gradients,  which  makes  the  data  analysis 
difficult  near  the  shock  wave. 

Eitelberg  et  al-*  reported  on  the  development  of  an 
advanced  on-line  bolocamera  for  the  HEG  shock  tunnel 
at  DLR.  The  system  employs  a  tbenno-plastic 
recording  device,  which  allows  holograms  to  be 
recorded,  developed  e'ectronically  in  place,  and 
reconstructed  within  seconds  after  recording.  The 
system  also  employs  multiplex  holography  using  two 
separate  reference  waves.  When  the  two  wave  fronts 
are  recorded  with  two  different  reference  waves,  they 
can  be  independently  reconstructed.  Consequently,  a 
constant  phase  shift  can  be  added  independently  to 
either  of  the  two  waves  during  reconstruction, 
providing  a  capability  to  use  phase  shift  interferometry. 

Surge*  and  Dunet  described  holographic  interferometry 
systems  designed  for  use  in  two  ONERA  facilities,  F4 
at  La  Fauga  and  FS  at  Chalais-Meudon.  The  density  in 
these  facilities  ranges  from  about  4x10"^  to  6x10'^ 
kg/mV  The  change  in  optical  path  length  for  a  typical 
model  is  much  less  than  one  wavelength.  The  authors' 
approach  to  sensitivity  increase  is  to  employ  a  multiple 
pass  interferometer.  Although  this  has  been  done 
before,  previous  methods  for  recording  multi  passed 
beams  have  led  to  almost  intolerable  noise  caused  by 
the  difficulty  in  recording  only  the  desired  beams  which 
make  n  passes  through  the  facility.  When  a  fight  beam 
passes  back  and  forth  through  a  test  facility,  some 
method  must  be  devised  to  select  only  that  beam  which 
has  passed  through  the  facility  the  desired  number  of 
transits .  This  can  be  achieved  holographically  by  path 


matching  a  relatively  short  coherence  length  reference 
wave  with  the  object  wave  that  has  made  the  desired 
number  of  passes.  The  remaining  fight  exposes  the 
hologram  but  does  not  interfere  with  the  reference 
wave.  This  irethod,  called  coherence  filtering,  works 
reasonably  well  for  two  passes,  but  results  in  lower 
quality  data  as  the  number  of  passes  increases.  A  time 
filtering  method  was  developed  by  these  authors  that 
actually  gates  the  recording,  electrc-opticaliy  shuttering 
out  all  light  except  that  which  traverses  the  facility  by 
the  desired  number  of  times.  Figure  5  illustrates  the 
system  capability  of  recording  the  flow  field  over  a 
wedge  in  the  FS  facility.  The  interference  fringes  are 
almost  straight  in  the  single  pass  case,  whereas  the 
three  pass  cas:  shows  the  improved  sensitivity.  This 
configuration  leads  to  quantifiable  interferometry  data 
with  a  sensitivity  gain  of  three.  The  time  filtering 
method  could  increase  sensitivity  by  orders  of 
magnitude.  Once  again,  methods  for  eliminating 
ambient  effects  would  almost  certainly  be  required  to 
maintain  the  useful  sensitivity. 

Trolinger  et  ai^  describe  a  series  of  experiments  that 
demonstrate  the  use  of  resonant  holographic 
interferometry  spectroscopy  (RHIS)  in  detecting  OH  in 
a  flame.  RHIS  is  a  new  type  of  flow  diagnostics 
technique  that  combines  the  power  of  holography  with 
the  species  selectivity  of  spectroscopy  to  provide  three 
dimensional  images  of  the  density  of  selected  species  in 
complex  flows.  The  technique  is  particularly  suitable 
to  study  high  speed  mixing  processes,  to  measure  minor 
species  in  the  presence  of  major  species,  and  to  observ 
major  species  in  a  heterogeneous  low  pressure 
environment.  Both  experiments  and  modeling  are 
being  conducted  to  establish  the  feasibility  of  RHIS  in 
measuring  the  concentration  of  water  vapor,  oxygen, 
and  OH  in  high  speed  propulsion  applications.  In 
addition  to  the  species  concentration,  the  resonant 
holographic  technique  has  the  potential  of  providing 
temperature,  pressure,  and  flow  velocity. 

The  potential  benefits  of  producing  holographic 
recordings  at  a  wavelength  near  a  resonance  of  one  of 
the  constituent  gases  or  a  seed  gas,  have  been 
recognized  for  many  years,  but  hardware  and 
technology  have  only  recently  proven  adequate  for 
practical  application.  At  resonance,  the  refractive 
index  varies  drastically  resulting  in  a  potential 
improvement  in  sensitivity  with  the  attendant  capability 
to  apply  interferometry  at  much  lower  pressure.  Also, 
the  measurement  can  be  made  selective  to 
spectroscopically  diagnose  a  specific  constituent.  The 
resulting  data  can  lead  to  quantitative  measurement  of 
concentration,  temperature,  pressure,  and  velocity, 
producing  an  extremely  powerful  diagnostics  capability 
which  extends  far  beyond  conventional  holographic 
interferometry. 
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Specks  Concentration  can  be  determined  by  producing 
a  hologram  of  the  field  of  interest  with  a  beam  of 
wavelength  close  to  a  spectral  line,  superimposed  upon 
a  hologram  at  a  slightly  different  wavelength  (see 
Figure  €),  either  far  from  the  line  or  symmetrically 
separated  from  line  center,  and  simultaneously  with  the 
first  hologram.  When  these  two  wave  fronts  are 
interfered  by  reconstruction  with  a  single  beam  of  light, 
the  resulting  interfere  gram  characterizes  only  the 
resonant  species,  since  the  effects  of  all  other  species 
are  contained  on  both  wave  fronts.  Sensitivities  as  high 
as  ten  parts  per  million  (for  NO,  OH,  and  iodine)  are 
detectable  in  principle.  The  authors  also  cited  other 
studies^  that  conceptually  compared  RH1S  with  Raman 
and  laser  induced  fluorescence,  for  measuring 
concentration,  temperature,  pressure,  and  velocity, 
which  reached  the  conclusion  that  RH1S  actually  excels 
in  several  ways.  Perhaps  the  greatest  advantage  lies  in 
the  fact  that  RH1S  does  not  depend  upon  a  knowledge 
of  quenching  and  other  radiative  decay  paths,  which  is 
probably  the  greatest  of  the  practical  problems  limiting 
the  accuracy  of  LIF. 

4.  CONCLUSIONS 

Flow  diagnostics  and  spectroscopy  fill  a  vital  need  in 
hypersonic*  research.  Mature  technology  already 
allows  the  global  visualization  of  a  flow  field,  clearly 
depicting  properties  of  boundary  layers,  transition,  and 
shock  wave  interactions.  The  spectroscopic  methods 
make  the  measurement  of  constituents  such  as  NO,  OH, 
H2,  O,  and  O2  possible,  while  also  providing  a 
mechanism  for  measuring  temperature.  The  more 
advanced  spectroscopic  measurements  can  also  measure 
velocity.  Flow  visualization  and  spectroscopy  methods 
provide  candidates  for  assisting  in  vehicle  design, 
facility  calibration,  modeling,  and  flight  testing. 

Recommendations  for  required  future  efforts  emerging 
from  this  session  of  the  workshop  include  the 
following: 

1.  Characterize  the  methods  from  hypersonic* 
prospective. 

2.  Additional  comparisons  with  computation  and 
other  methods  needed  to  check  accuracy. 

3.  Insure  that  modelers,  facility  developers,  and 
testers  know  capabilities  and  potential  of  the 
methods. 

4.  Refine  methods  for  hypersonic*  application. 
Specific  areas  requiring  attention  are  sensitivity, 
quantification,  and  adaptation  to  facilities,  models, 
and  aircraft. 

5.  Prepare  some  of  the  methods  for  flight 

applications. 
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TABLE  1 

ADVANCED  HOLOGRAPHIC  TECHNIQUES  SUPPORTING  FLOW  DIAGNOSTICS 


TECHNIQUE 

1.  Phase  shift  and  heterodyne 
interferometry 

2.  Multiplex  holography: 

3.  Sandwich  holography: 


4.  Multiple  wavelength  recording. 

5.  Particle  image  displacement  vdocimetry: 

6.  On-line  systems-Thermoplastic 
and  TV  holography: 

7.  Fiber  optic  holography: 

8.  Resonant  Interferometry 

9.  Holographic  optical  dements: 

10.  Automated  Data  Reduction 


FEATURES 

Improves  sensitivity  of  interferometry  and  simplifies 
data  reduction. 

Allows  simultaneously  storage  and  independent 
reconstruction  of  different  types  of  wave  front 
information  by  using  different  reference  waves. 
Provides  a  method  to  implement  phase  shift  and 
heterodyne  interferometry,  optical  subtraction  and 
correlation  of  two  image  conditions. 

Allows  different  wave  fronts  to  be  stored  on  separate 
recordings,  reconstructed  separately,  and  directly 
compared  optically  during  reconstruction.  Further 
simplifies  phase  shift  and  heterodyne  interferometry, 
optical  subtraction  and  correlation  of  two  image 
conditions. 

Allows  additional  information  about  the  subject  to  be 
stored  (i.e.  different  variables  that  affect  the  refractive 
index). 

Provides  three  dimensional  velocity  fields  and  enhances 
flow  diagnostics. 

Provides  quicker  acces«  to  data. 

Improves  optical  access,  simplifies  path  matching,  and 
ruggedizes  the  optical  system. 

Allows  species  identification  and  increases  sensitivity. 

Reduces  weight  and  volume  and  simplifies  optics. 

Makes  the  handling  of  large  quantities  of  data  that  are 
available  in  the  hologram  tractable. 
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Figure  1 .  Illustration  of  the  NO  Resonance  Absorption  Measurement  System. 


Figure  2.  E/A  Concept  for  Combustor  Diagnostics 
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LDI  using  two  separate  diodes  for 
complementary  interference  detection. 


Figure  3.  Laser  Differential  Interferometer 
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Figure  5.  Finite  fringe  interferograms 
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ABSTRACT.  This  contribution  reviews  the  papers  presented  in  the 
Session  on  'Heat  Flux'  and  'Thermography'  at  a  NATO  Advanced 
Research  Workshop  entitled  'New  Trends  in  Instrumentation  for 
Hypersonic  Research",  27  April- 1  May,  1992,  Le  Fauga,  France.  The 
present  status  and  problem  areas  associated  with  specific  methods 
are  discussed  and  recommendations  for  future  research  and 
development  are  presented. 

Kluwer  Academic  Publisher  will  produce  the  complete  proceedings 
as  pari  of  the  NATO  Advanced  Study  Institute  Series. 

1.  INTRODUCTION 

One  of  the  authors  (R.O.N.)  opened  this  session  with  a  paper  (6A) 
containing  a  statement  which  summarizes  the  reality  faced  by  the 
designers  and  users  of  instruments  to  determine  heat  flux : 

'The  fundamental  problem  is  that  you  and  I  would  like  to  hear  broad, 
sweeping,  universal  truths  about  thermal  sensors,  but  the  subject  is 
dominated  by  the  details  of  the  particular  application'. 

The  tone  of  the  session  having  been  set  by  the  above  remark,  the 
remaining  presentations  from  a  number  of  large  national  aerospace 
laboratories  as  well  as  a  few  smaller  establishments  touched  on 
virtually  all  techniques  to  measure  heat  flux  on  models  in  hypersonic 
flows;  the  sole  exception  was  the  liquid  crystal  technique. 

Clearly,  the  choice  of  technique  by  the  user  will  depend,  among  other 
requirements,  on  the  objective  of  the  experiment.  Measurements  are 
carried  out  in  wind  tunnels  to  provide  detailed  aerothermal  design 
data  where  the  need  exists  for  a  large  quantity  of  data  to  be  gathered 
on  numerous  complex  shapes.  Wind  tunnel  measurements  are  also 
carried  out  to  validate  or  calibrate  codes  and  in  this  case  the  spatial 
(and  even  temporal)  resolution  of  the  measurement  technique  is 
much  more  important  than  the  quantity  of  data  gathered.  Flight 
measurements,  likewise,  generate  or  provide  a  check  on  design 
data;  an  equally  important  task  on  an  operational  vehicle  may  be 
'vehicle  tending*,  i.e..  monitoring  certain  flight  parameters. 

Once  the  objective  as  descrfoed  above  is  clear,  then  the  key 
parameters  which  wll  fix  the  choice  of  the  instrument  will  be : 

•  the  level  of  heat  flux  and  surface  temperature  , 

-  the  duration  of  the  test; 

■  the  material  and  geometry  of  the  structure,  i.e.,  the  model  or  vehicle 
subelement. 

In  earlier  years,  most  if  not  aH  quantitative  measurements  of  heat  flux 
were  performed  with  discrete  gauges  (thermocouples,  thin  flms, 
etc.).  Today,  the  user  often  has  a  choice  between  the  discrete 
gauges  which  have  developed,  generally  speaking,  a  certain  maturity 
and  survey  techniques  which  provide  an  overal  surface  image  (the 
equivalent  of  an  infinite  number  of  discrete  gauges). 

Our  review  is  arranged  according  to  the  discrete  or  field  nature  of  the 
technique.  In  each  case,  the  present  status,  problem  areas,  wxt 
recommendations  for  Mure  research  and  development  are 
presented. 


2.  DISCRETE  TECHNIQUES 

2.1.  Thermocouples  and  Thin  Film  Gauges 

2.1.1.  Present  Status. 

Thermocouples  have  been  the  active  element  in  numerous  heal  flux 
techniques  spanning  many  years  of  applications.  The  thin-skin 
method,  which  relies  on  an  inner  surface  temperature  measurement 
in  conjunction  with  a  mathematical  model  relating  temperature, 
model  geometry,  and  material  properties  to  heat  flux,  seems  to  be 
less  employed  at  present  in  wind  tunnel  applications  in  spite  of  the 
ease  of  fabrication.  Surface  thermocouples,  which  use  the  same 
mathematical  model  as  thin-filrr,  gauges,  find  application  in  harsh 
environments  and  where  heat  fluxes  and  corresponding  changes  in 
surface  temperature  are  large.  Consigny  et  a)  |6B)  described  the  use 
of  a  constantan  jacket  in  which  a  series  of  chromel  wires  were 
embedded  flush  to  the  surlace  as  a  means  ol  simplifying  the  thermal 
model.  His  paper  also  stressed  the  need  to  numerically  simulate  the 
data  reduction  process,  particularly  when  materials  of  different 
thermal  properties  are  employed. 

Many  specialized  forms  ol  gauges  based  on  thermocouples  and 
employing  a  suitable  sub-surface  model  have  found  application  in 
flight  instalments  [6A,  6Dj. 

2.1.2.  Problem  Areas. 

The  major  problem  area  appears  to  be  an  understanding  of  non- 
uniform  healing  effects  and  non-uniform  substrates,  this  is  a  common 
issue  with  all  of  the  following  techniques  as  well  and  will  be 
discussed  in  5.0. 

2.2.  Thln-Fllm  Gauges 

These  gauges,  using  the  thick-skin  technique  as  the  model  relating 
heat  flux  to  the  surface  temperature,  determined  through  the  change 
in  resistance  of  a  thin  metallic  film,  are  in  an  advanced  stale  of 
development.  Miller  [6C]  concludes  that  with  suitable  care  they 
present  the  most  accurate  means  ol  measuring  heal  flux  on  wind 
tunnel  models  (~  5  to  8  %). 

2.2.1.  Problem  Areas. 

Erosion  of  the  gauges  in  harsh  environments  which  characterize 
most  high  enthalpy  wind  tunnels  has  always  been  a  problem.  Olivier 
et  al.  [6E|  describe  their  method  of  manufacture  inooding  protective 
coatings  which  seems  to  have  produced  a  very  durable  gauge. 

The  trend  is  to  manufacture  the  models,  or  large  sections  of  the 
models,  with  a  single  insulating  tr.ati  rial,  runh  as  MACOh,  a 
machinable  ceramic,  so  as  to  eliminate  thermal  discontinuities. 
However,  this  is  a  costly  process  and  the  models  are  easily 
damaged. 

2.2.2.  Recommendations. 

The  development  of  more  resistant  coatings  to  protect  thin  film 


16-2 


gauges  from  erosion  and  thermal  shock  should  be  accelerated. 

Better  substrate  materials  which  are  easily  machinable  to  high 
tolerances,  characterized  by  nearly  temperature-independent  thermal 
properties,  and  are  shock-resistant  should  be  the  object  ol  research 
by  materials  specialists. 

2.3.  Gradient  Heat  Flux  Gauges 

2.3.1.  Present  Status. 

Two  examples  of  micro-machined  gradient-type  heat  flux  gauges 
were  mentioned;  one  was  developed  at  ONERA  [6F]  and  the  other  is 
a  commercial  product  of  the  Vatell  Corporation  in  the  U.S.  Both 
gauges  are  fabricated  by  alternately  stacking  layers  of  insulator  and 
thermocouples  on  a  test  article.  While  the  two  examples  differ  in 
detail,  they  both  represent  applications  ol  integrated  circuit 
fabrication  technology  to  heat  flux  instruments  and  they  both  suggest 
a  fundamental  shift  in  philosophy  from  instruments  that  are  inserted 
into  existing  structures  to  instruments  that  are  fabricated  on  or  with 
the  structure.  These  examples  of  aerospace  heat  llux  instruments 
join  parallel  developments  in  the  measurement  of  heat  transfer  in 
rotating  machinery. 

2.3.2.  Problem  Areas. 

The  development  problems  for  this  class  of  heat  gauges  are 
somewhat  different  than  traditional  gauges.  There  still  exist 
fabrication  problems  associated  with  the  etching  and  deposition  of 
films  on  a  substrate.  Gauge  thickness  is  a  problem  that  wi  be  solved 
with  more  experience.  The  application  of  this  class  of  thermal  gauges 
to  arbitrary  model  materials  and  calibration  ot  the  gauge  at  room  and 
elevated  surface  temperatures  are  problem  areas. 

2.3.3.  Recommendations. 

Encourage  development  of  this  promising  technology. 

2.4.  Gauge  Calibration 

2.4.1 .  Present  Status. 

There  is  a  need  for  heat  flux  gauge  calibration  both  at  room 
temperature  for  aerodynamic  ground  test  applications  and  at 
elevated  temperatures  for  high  temperature  applications  both  on  the 
ground  and  in  flight.  AEOC  has  developed  very  high  heat  flux 
calbration  techniques  which  are  essentially  conducted  at  room 
temperature. 

2.4.2.  Problem  Areas. 

Corresponding  high  temperature  calibration  devices  do  not  exist.  In- 
situ,  high  temperature,  high  heat  flux  calibration  devices  are 
increasingly  needed  as  the  heat  flux  sensors  become  smaler  and 
more  complex  and  are  increasingly  integrated  into  the  high 
temperature  structure  as  previously  discussed.  There  are  several 
problem  areas;  eg.,  condoling  the  errors  due  to  surface  radiation, 
producing  convective  and  radiative  calbration  sources  and 
developing  portabiity  within  the  calibration  device. 

2.4.3.  Recommendation. 

Develop  a  standardized .  portable,  thermal  calibration  device  capable 
of  calibration  up  to  1000‘C  at  healing  rales  up  to  1000  watts/cm? 

3  SURVEY  TECHNIQUES 
3.1.  Infrared 

Infrared  thermography  is  the  survey  technique  which  appears  most 
often  in  the  papers  presented. 


3.1.1.  Present  status. 

Miller  [6CJ  explains  that  due  to  recent  advances  providing  high  data 
acquisition  rate  radiometric  measurements  and  computer  based 
digitized  image  processors,  infrared  has  received  renewed  interest  at 
Langley.  His  group  uses  three  single  detector  imagers  with  6,25  and 
30  frames  per  second  in  the  8-12  pm  range.  The  models  are  viewed 
through  ZnSe  windows  with  antireflective  coatings.  The  calibrations 
are  made  directly  in  the  test  section.  Work  is  in  progress  lor  using 
emissrvity  calibration  laws  varying  with  angle  of  view  (for  three- 
dimensional  models)  and  temperature.  Curvature  effects  are  taken 
into  account  by  extrapolating  to  zero  time  the  coefficient-lime  history. 
Paper  [6G],  no!  orally  presented,  describes  the  application  of  infrared 
thermography  to  hypersonic  blowdown  wind  tunnel  tests  using  long¬ 
wave  Agema  cameras  (7B2  and  880)  with  digitization  by  a 
microcomputer-based  system.  Original  work  b  made  which  concerns 
image  restoration  for  enhanced  image  resolution.  This  is  obtained 
using  an  FFT  inverse  filter  algorithm  with  a  generalized  system 
transfer  function  in  which  are  cascaded  an  average  sampled  system 
modulation  transfer  function  (imaging  and  sampling  effect  correction) 
and  a  temperature  amplitude  transfer  function  (lateral  conduction 
effect  correction).  The  corrections  thus  obtained  in  the  case  of  Gortter 
vortex  patterns  are  presented. 

Paper  [6H]  presents  the  application  ot  IR  thermography  in  a  low 
density  hypersonic  wind  tunnel.  The  camera  is  an  Agema  780  short 
wave  (3-5  pm  range)  version.  The  calibration  is  also  made  in  the  test 
section  using  a  model  instrumented  with  thermocouples.  The 
acquisition  rate  of  the  digitized  images  is  rather  low :  1 
image/second. 

Paper  [61)  deals  with  a  hot  shot  wind  tunnel  application  with  run 
durations  as  small  as  20  to  f  00  ms  (F4  wind  tunnel).  To  fotow  the 
fast  transients,  two  solutions  are  proposed : 

i)  line  scanning  using  an  Agema  880  long  wave  camera  (one  ol  the 
scanning  movements  is  blocked)  with  7*x7‘  objective.  Through  a 
ZnSe  window,  a  fine  on  the  model  is  scanned  2500  times  per 
second.  A  microcomputer  system  digitizes  in  real  time,  with  12  bis, 
250  points  per  line. 

ii)  high  frame  rales  (400  Hz)  obtained  by  using  a  staring  array 
camera  buitt  at  ONERA.  The  camera  b  based  on  a  64x64  HgCdTe 
array  working  at  3-5  pm.  A  real-time  system  stores  the  digiized  12- 
bit  data. 

Paper  [6K]  presents  results  obtained  with  a  long  wave  Agema  782 
camera  and  a  portable  microcomputer-based  system  allowing 
analog-to-digital  conversion  (12  bits)  and  storage  in  real  time  of  al 
the  frames.  As  in  paper  [6G],  the  work  presented  deals  with  Gdrtter 
vortices.  Here,  the  enhancement  of  the  spatial  resolution  b  obtained 
by  a  special  arrangement  using  extra  IR  lenses.  The  Gortler 
phenomenon  is  taken  as  an  ilustration  ot  the  possbiliies  ot  IR 
survey  techniques  tor  identification  ot  the  governing  parameters  ot 
the  heat  transfer :  heal  transfer  coefficient  and  recovery  temperature. 
This  last  parameter  is  rarely  measured  in  spite  of  its  importance, 
especially  in  an  interaction  zone  where  it  can  experience  important 
variations.  Use  of  spatial  Fourier  analysis  is  also  presented  tor 
identification  ot  the  spanwise  modulation  ot  the  heat  transfer. 

survey  techniques.  sivh  as  IR .  will  continue  to  use  discrete 
gauges  tor  continuous  recaHbratkm. 

3.1.2.  Problem  Areas. 

Neumann  (6A)  emphasizes  the  challenge  of  the  technique .  the  ab&ty 
to  handle  the  data  efficiently  (density  of  information  b  500  times 
higher  than  that  of  gauges). 

For  ground  tests,  there  is  a  need : 
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i)  (o  broaden  the  range  of  temperature  response,  for  example,  in 
shock-intefaction  regions  (problem  of  peak  heating  where  the  peaks 
are  chopped  off). 

ii)  for  transition  location  measurements  by  means  of  a  survey 
technique  such  as  IR  thermography  while  the  forces  and  moments 
are  measured  simultaneously. 

In  flight,  the  interaction  regions  must  also  to  be  studied  but  many 
difficulties  are  to  be  solved  to  successfully  obtain  infrared 
measurement  surveys  (see,  tor  example,  problems  encountered  with 
the  Shuttle  in-flight  measurement). 

In  high  enthalpy  wind  tunnels,  energy  emitted  by  hot  parts  of  the 
facility  (the  throat,  for  instance)  may  perturb  the  measurements  if 
reflection  off  the  model  is  not  avoided.  High-emissivity  diffuse 
surfaces  are  needed. 

For  many  models,  the  three  dimensional  geometry  is  difficult  to 
handle  and  must  be  taken  into  account  when  using  a  survey 
technique. 

3.1  3.  Recommendations. 

For  Miller  [6C],  in  the  90's  optical  video-based  infrared  emission  and 
relative  intensity  phosphor  thermography  systems  win  provide  the 
vast  majority  of  aerothermodynamic  information  from  conventional 
hypersonic  wind  tunnels.  They  will  provide  quantitative,  global  three- 
dimensional  heating  distributions  (multiple  cameras  and/or  mirror 
systems).  There  will  be  an  extension  of  the  technique  to  impulse 
facilities  (a  few  milliseconds)  thanks  to  high  speed  video  cameras 
with  fast  response  phosphors  and  staring  array  cameras  as  in  (61]. 
Active  infrared  thermography  with  two  main  techniques  which  use 
uniform  extended  radiant  heat  flux  stimulations  combined  with 
classical  IR  scanners  or  laser  flying-spot  cameras  are  to  be 
evaluated  since  they  can  be  useful  lor  continuous  flow  experiments 
and  for  eliminating  spurious  radiation  artefacts  which  can  be 
encountered  in  high  enthalpy  facilities. 

Two  and  three-dimensional  conduction  solvers  must  be  used 
routinely  allowing  better  identification  of  the  heat  transfer  parameter 
in  the  presence  of  model  curvature  and  high  aerodynamic  gradients. 
The  three-dimensionality  of  models  is  also  to  be  taken  into  account 
by  procedures  which  establish  correlations  between  the  pixels  of  the 
infrared  images  and  the  surface  elements  of  the  model.  A  possibility 
is  the  inlay  of  these  IR  images  with  a  calculated  projection  of  the 
model  3-D  mesh.  This  operation  allows  to  take  into  account  the 
variation  of  emissivily  with  the  angle  of  view,  to  eliminate  the  pixels 
which  are  not  on  the  model  for  computer  time  and  memory  saving, 
and  to  obtain  a  more  meaningful  presentation  of  results  (iso¬ 
coordinate  distribution  in  relation  to  aerodynamic  phenomena  in 
place  of  line  or  column  distributions  rarely  interesting  for  the 
aerodynamicist). 

3.2.  Photoluminescence 

3.2.1.  Present  Status. 

The  temperature  sensitivity  of  various  phosphor  compounds  has 
been  known  for  many  years;  recent  advances  in  imaging  techniques 
and  associated  digital  image  processing  algorithms  have  made  this 
method  a  practical  reality. 

Reports  were  presented  by  three  different  laboratories,  ONERA, 
NASA  Langley  and  AEDC/Caispan,  on  their  experiences  with  the 
phosphor  technique  (6B,  6C,  60].  H  seems  that  the  so-called  two- 
color*  or  relative  intensity  method  exhbits  better  accuracy;  it  has 
become  The  most  widely  used  heat  transfer  measurement  technique 
at  (NASA)  Langley*  [6C].  Developments  were  noted  in  the  choice  of 
phosphor  compound  and  binder  material,  the  coating  thickness,  and 


model  construction  (which  seems  to  be  moving  toward  slip  casting 
techniques).  Processing  software  is  being  further  refined. 

Miller  [6C]  described  a  new  system  that  is  undergoing  acceptance 
tests  at  the  time  of  this  workshop  (May  1992).  It  possesses  the 
hardware  and  software  for  target  recognition  capability.  A  frame  rate 
of  30  frames  per  second  in  possible  and  a  calibration  procedure 
which  includes  the  response  of  each  pixel  is  included.  Provision  for  a 
second  camera,  synchronized  with  the  first  is  provided  for  three- 
dimensional  analysis. 

3.2.2.  Problem  Areas. 

The  temperature  range  for  the  application  of  phosphors  is  unduly 
narrow  for  some  applications.  Their  use  in  impulse  facilities  wil  pose 
problems  because  of  the  need  for  a  finite  phosphor  thickness  which 
may  result  in  a  false  indication  of  the  model  surlace  temperature;  in 
addition,  erosion  of  the  phosphor  coating  will  be  a  problem  in  some 
facilities.  The  phosphor  surface  tends  to  be  too  rough  lor  oertain 
applications.  Finally,  none  of  the  authors  commented  on  the  spatial 
resolution  of  the  technique. 

3.2.3.  Recommendations. 

Efforts  should  be  made  to  obtain  mixtures  of  phosphors  which  will 
extend  the  useful  temperature  range  and  improve  signal  strength. 

The  influence  of  phosphor  thickness  and  binders  on  signaf-to-noise 
ratio  should  be  quantified.  Model  materials,  discussed  in  5.0.  should 
be  analyzed  for  ease  of  machining,  although  as  mentioned  above  the 
ceramic  slip-casting  technique  appears  promising. 

The  limitations  ol  phosphors  in  short  duration  facilities  should  be 
identified.  Since  the  IR  technique  may  not  be  usable  in  flows  with  hot 
particles  emanating  from  the  reservoir,  the  photoluminescence 
method  may  prove  a  good  candidate  in  this  more  challenging  How 
environment. 


3.3.1 .  Present  Status. 

The  thermosensitive  paint  used  at  ONERA,  presenting  three  color 
changes,  allows  quantitative  measurement  ol  the  heat  transfer 
coefficient.  The  calibration  procedure  is  detailed  in  the  paper.  The 
main  advantages  of  the  technique  are  the  possble  achievement  of 
very  detailed  maps  of  heal  transfer  coefficient  and  the  detection  of 
possble  hot  spots. 

The  phase  change  paint  is  used  at  Calspan  and  also  provides  resuls 
in  reasonable  agreement  with  thin  skin  data. 


3.3.3.  Recommendations. 

No  recommendations  were  formulated  on  this  subject.  | 

4.  MODEL  MATERIALS 
4.1.  Present  Status 

Three  types  of  materials  are  used  for  models  with  survey  techniques: 


3.3.  Paints 

Paints  lor  heat  transfer  measurement  were  mentioned  by  two 
experimenters .  thermosensitive  paint  presented  by  Consigny  trom 
ONERA  [66]  and  phase  change  paint  presented  by  Matthews 
AEDC/Calspan  [6D]. 


3.3.2.  Problem  Areas. 

One  of  the  major  problems  with  the  thermosensitive  paint  is  the 
tedious  data  reduction  needed.  Consigny  [66]  presented  a  digital 
image  processing  method  based  on  segmentation  of  two- 
dimensional  histograms. 
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i)  thin  skin  (0.5  mm)  metallic  models  in  stainless  steel  as  in  [6G.6H] 
or  in  nickel  [6H]  with  black  matte  paint  lor  high  emissivity. 

ii)  very  poor  conductors  such  as  Rhodorsil  RTV 147  used  for  both 
thermosensitive  paints  and  IR  thermography  in  [6G]  and  Norcoat 
4000  [6G,6K[,  which  consists  of  hollow  silica  microspheres  in  a 
silicone  elastomer,  are  used  for  small  effusivity  (kpC)1/2  and  high 
emissivity. 

iii)  ceramic  materials  like  Macor  used  in  [68, 6C]  which  are  interesting 
because  of  their  refractorily  and  high  emissivity. 

4.2.  Problem  Areas 

There  is  a  naed  to  obtain  low  effusivity,  high  emissivity,  low-cost 
models;  there  is  also  a  need  to  calibrate  the  emissivity  dependence 
with  temperature  and  angle  of  view  (for  angles  higner  than  60'). 
Finally,  there  is  a  need  for  the  temperature  dependence  of  the 
thermal  properties  (effusivity  for  semi-infinite  models,  conductivity 
and  ditfusivity  for  thin  skin  models).  A  step  heating  procedure  is  used 
for  effusivity  measurements  at  ONERA  [68], 

4.3.  Recommendations 

Ceramic  models  will  be  the  norm  instead  of  the  exception  in  the  90‘s 
[6C[.  Sintered  slip-cast  ceramic  techniques  are  needed. 

5.  NON-ISOTHERMAL  SURFACE  PHENOMENA 

5.1.  Present  Status 

Several  authors  discussed  the  effects  of  surface  temperature 
discontinuities  which  may  distort  the  level  of  inferred  heat  flux 
through  temperature  measurements.  Temperature  mismatches 
between  the  measurement  device  and  the  measured  structure  distort 
both  the  flow  of  heal  within  the  structure  as  wel  as  the  convective 
heat  transfer  to  the  surface  through  boundary  layer  distortion.  Non- 
isothermal  effects  are  found  both  in  wind  tunnel  studies  and  more 
dramatically  in  flight  applications  where  healing  rates  can  be 
changed  by  a  factor  of  two.  Correction  methodology  is  available  for 
more  simple  flows,  but  not  for  the  more  practical  cases;  for  example, 
the  presence  of  shock  interactions. 

5.2.  Problem  Arose 

Correction  methodology  based  on  analytical  methods  is  limited  to 
classical  plate  flows.  Corresponding  CFD-based  correction 
methodology  is  not  validated  for  complex  situations  and  probably 
suffers  the  same  resolution  errors  of  other  thermal  CFD  applications. 
There  are  two  problem  areas ;  a  lack  of  enduring  sensitivity  to  the 
problem  and  perceived  deficiencies  in  existing  CFO  correction 
methodology. 

5.3.  Recommendations 

Develop  a  series  of  validating  experiments  based  on  thermal  surface 
mismatch  and  shock  interaction  processes  to  challenge  and 
encourage  the  CFD  community. 

Upgrade  AGARDograph  165  to  provide  a  mechanism  of  continuing 
education. 

6.  FLIGHT  HEAT  FLUX  GAUGES 
6.1.  Present  Statue 

Flight  gauges  differ  from  ground  test  gauges  in  several  important 
ways;  they  are  high  temperature  gauges,  their  fundamental 
measurement  technique  as  well  as  construction  materials  are  tied  to 
ever-changing  Right  material  systems  and  they  must  function  in 
severe  environments  of  long  test  duration  or  extremely  complex 
material  systems.  The  very  character  of  these  gauges,  whether 


discrete  sensors  or  sensors  integrated  into  the  structure  at  the  time  of 
fabrication  creating  a  smart  skin',  is  open. 

6.2.  Problem  Areas 

Sinoe  little  was  presented,  there  appears  to  be  a  lack  of  experience 
and/or  perception  within  the  instrumentation  community. 

6.3.  Recommendations 

Create  increased  awareness  of  the  problems  and  possibilities 
through  AGARD  meetings  or  documentation. 

7.  FLIGHT  MEASUREMENTS 

7.1.  Present  Status 

This  workshop  skirled  the  fringes  ol  flight  measurement  technology. 
'Making  instruments  that  11/  was  a  common  theme.  The  difficulty  of 
flight  measurements  is  both  technical  (high  temperatures  and  the 
integration  of  sensors  into  complex  structures)  and  cultural  in  that 
many  diverse  groups  with  very  different  perspectives  come  together 
in  a  flight  test  project.  The  no  holes’  criterion  is  a  reflection  of  the 
difficulty  that  the  measurement  engineer  has  in  discussing 
instrumentation  with  a  structures  engineer.  This  interaction  is  not  the 
only  one  occurring  in  a  flight  test  discussion.  It  is  important  that  the 
instrumentation  community  develop  the  hardware  to  make 
instruments  that  fly  and.  as  well,  it  is  important  that  this  community 
carefully  develop  and  arliculate  the  philosophy  of  why  the  proposed 
measurements  are  required  in  flight.  For  the  thermal  flux  example, 
the  measurement  of  temperature  is  easy.  The  inference  of  heat  flux 
is  far  more  complex.  Whether  heal  flux  is  required  in  flight  is  an  open 
issue  that  must  be  carefully  articulated  to  the  broader  flight  test 
community. 

7.2.  Problem  Areas 

Flight  instrumentation  is  discussed  in  too  narrow  a  technical  setting. 
There  is  a  need  for  broader  dialog  between  instrumentation 
engineers  and  those  who  would  design  the  flight  vehicle;  i.e.,  flight 
test  systems  engineers  and  structures  engineers. 

7.3.  Recommendations 

Focus  a  discussion  on  high  temperature,  high-heating-rate 
instrumentation  appropriate  for  both  flight  and  elevated  temperature 
ground  test  facilities  (such  as  arc  tunnels). 

At  some  point  (perhaps  after  the  instrumentation  people  have 
developed  further  among  themselves),  create  a  discussion  formal 
between  the  instrumentation  engineers  ('everything  is  measurable') 
and  flight  test  systems  engineers  ('here  are  the  constraints')  to 
determine  what  is  most  useful  to  measure  in  flight,  given  practical 
constraints  and  how  that  data  is  used. 

6.  PRINCIPAL  RECOMMENDATIONS 
Heat  flux  instrumentation  is  an  enabling  technology,  both  in  wind 
tunnels  and  in  flight.  A  strong  need  exists  today  for  greater  accuracy 
due  to  code  validation  studies  and  for  survey  methods  which  can, 
e.g.,  ilustrate  transition  front  location  with  time.  Future  requirements 
Indicate  that  surface  temperatures  and  heat  fluxes  in  flight  may  reach 
2000  K  and  10*  to  even  10s  watts/cm2,  respectively.  Modest 
investments  in  instrumentation  development  and  in  test  planning  at 
an  early  stage  can  reduce  substantially  future  total  vehicle  costs. 

Near-term  actions  which  are  recommended : 

-  exploration  for  phosphors  with  a  larger  temperature  range; 

-  more  emphasis  on  determination  of  recovery  temperature  for  code 


validation; 

-  a  concerted  look  at  "active’  IR; 

-  an  up-date  o!  the  classic  AGARDograph  165  by  Schultz  &  Jones,  so 
as  to  set  down  in  one  source  the  recent  developments  in  heat  llux 
measurements; 

-  efforts  must  be  devoted  to  techniques  suitable  for  the  accurate 
determination  of  the  reservoir  conditions  of  high  enthalpy  facilities; 

-  the  special  instrumentation  problems  of  the  newly-emerging  arc- 
heated  facilities  need  more  attention.  (They  are  more  closely  allied 
with  flight  instrumentation.) 

Longer-term  actions  which  are  recommended ; 

-  development  of  model  materials  with  smaller  temperature 
dependence  on  pck  and  easier  machinability; 

-  IR  array  cameras  in  the  kilohertz  range  lor  unsteady  flews; 

-  instrumentation  techniques  for  surface  temperatures  to  2000  K  and 
heat  fluxes  to  10*  or  even  105  watts/cm2. 
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1.  SUMMARY 

A  roadmap  for  CFD  code  validation  is  developed.  The  elements 
of  the  roadmap  are  consistent  with  air-breathing  vehicle  design 
requirements  and  related  to  the  important  flow  path  components: 
forebody,  inlet,  combustor,  and  nozzle.  Building  block  and 
benchmark  validation  experiments  are  identified  along  with  their 
:est  conditions  and  measurements.  Based  on  an  evaluation  crite¬ 
ria,  recommendations  for  an  initial  CFD  validation  data  base  are 
given  and  gaps  identified  where  future  experiments  would 
provide  the  needed  validation  data. 

2.  INTRODUCTION 

Computational  Fluid  Dynamics  (CFD)  must  play  a  major  role  in 
the  development  of  aerospace  vehicles  because  ground  test  facili¬ 
ties  are  not  able  to  fully  simulate  Bight  conditions.  A  CFD  code’s 
accuracy  must  be  determined  by  a  validation  process,  however, 
because  of  possible  sources  of  error  in  the  solutions.  The  process 
of  validation  involves  two  aspects:  numerical  and  experimental. 
Numerical  validation  is  necessary  because  CFD  codes  provide 
approximate  solutions  to  the  governing  equations;  they  use  dis¬ 
crete  grids;  they  employ  algorithms  that  contain  numerical  dissi¬ 
pation;  and  they  may  have  nonconvergence  errors.  Validation  of  a 
code's  physical  modeling  and  its  application  to  complex  flows 
requires  experiment  to  determine  accuracy  limits  and  range  of 
applicability.  Consequently,  the  pace  of  CFD’s  introduction  and 
the  extent  of  its  reliability  depends  on  validation.1 

The  second  aspect  of  val  lation  depends  on  comparisons  with 
well-posed  experiments.  Since  code  applications  are  becoming 
more  complex,  it  no  longer  suffices  to  use  data  from  surface  or 
integral  quantities  such  as  lift  and  drag  to  provide  the  validation. 
Two  types  of  experiments  are  essential  to  the  determination  of 
CFD  accuracy.2  Building  block  experiments  are  necessary  to 
validate  physical  and  chemical  modeling.  Special  attention  must 
be  given  to  measurements  necessary  to  guide  and  validate  the 
modeling.  Benchmark  experiments  are  necessary  to  validate  CFD 
code  prediction  capabilities.  Measurements  illuminating  the 
ability  to  predict  engineering  quantities  are  required. 

Shortcomings  in  CFD  validation  exist  at  all  flight  regimes,  but 
especially  at  hypersonic  speeds.  Gaps  exist  in  the  validation  data 
base  at  true  flight  enthalpy  due  to  facility  and  instrumentation 
limits.  Nevertheless,  there  is  a  need  to  review  the  current  data 
base  to  determine  whether  or  not  it  can  provide  a  basis  for  initiat¬ 
ing  a  CFD  validation  process.  Furthermore,  much  can  be  gained 
by  assembling  the  data  base  and  making  CFD  comparisons  so  that 
the  inevitable  pitfalls  can  be  avoided  in  planning  new  validation 
activities. 

The  purpose  of  this  paper  is  to  propose  a  validation  roadmap 
consisting  of  a  series  of  steps  that  can  establish  a  code's  capabili¬ 
ties  and  associated  accuracy.  A  series  of  appropriate  experiments 


will  be  identified  and  cataloged.  Selected  validation  experiments 
will  be  identified  and  cataloged  according  to  the  flow  path  for  an 
air-breathing  vehicle,  e.g.,  forebody,  inlet,  combustor,  and  nozzle. 
Some  examples  taken  from  the  data  base  will  be  used  to  clarify 
and  demonstrate  their  utility  and  applicability. 

3.  V  ALIDATION  ROADMAP 

For  the  purposes  of  this  paper,  validation  will  be  used  to  imply 
an  established  correspondence  between  actual  flows  and  those 
produced  by  computation.  The  author,  together  with  colleagues 
from  various  NASA  Research  Centers,  developed  the  following 
five-step  validation  roadmap:  (1)  Define  what  critical  perfor¬ 
mance  information  is  needed  and  establish  the  corresponding 
code  requirements;  (2)  Establish  the  appropriate  governing 
equations  and  the  corresponding  physical  and/or  chemistry 
modeling  requirements;  (3)  Identify  or  develop  the  appropriate 
validation  data  (building  block  data  to  guide  and  validate  model¬ 
ing  and  benchmark  data  to  validate  complex  Bow  computations); 
(4)  Perform  computations  for  exact  experimental  conditions  and 
test  their  sensitivity  to  the  numerical  and  modeling  assumptions; 
and  (5)  Document  ihe  code  including  its  validation  to  the  extent 
necessary  to  provide  users  with  knowledge  of  the  code's  sensi¬ 
tivity  to  internal  numerical  parameters,  grid  refinement  effects, 
the  code's  accuracy,  and  range  of  capabilities. 

4.  REQUIREMENTS 

CFD  performance  estimates  to  support  the  design  of  an  air- 
breathing  vehicle  can  be  accomplished  with  "nose  to  tail"  com¬ 
putations  using  a  scries  of  codes  identified  with  the  air  flow 
path,  i.e.,  forebody,  inlet,  combustor,  and  nozzle  codes.  Follow¬ 
ing  the  first  two  steps  in  the  roadmap,  vehicle  component 
performance,  code,  and  modeling  requirements  are  introduced. 

4.1  Forebody 

The  design  performance  requirements  are  lift,  drag,  and  heat 
load.  To  predict  these,  a  code  is  required  to  compute  surface 
pressures,  skin  friction,  heat  transfer  rates,  and  provide  inlet  flow 
profile  conditions  required  to  initiate  the  inlet  component  code. 
Modeling  requirements  are  subdivided  into  numerical  and 
physical  categories.  Numerically,  it  is  essential  to  preserve  mass, 
momentum,  and  energy,  to  capture  discontinuities  such  as  shock 
waves,  and  to  compute  or  admit  Bows  developed  by  blunt  noses 
or  leading  edges  to  capture  any  entropy  layer  development.  Code 
sensitivity  to  grid  refinement,  numerical  dissipation,  lack  of 
convergence,  and  any  internal  code  parameters  must  be  deter¬ 
mined  and  specified.  Physical  and  chemistry  modeling  is 
required  for  transition,  turbulence,  shock  interactions,  entropy 
layer  swallowing,  equilibrium,  nonequilibrium  air  chemistry, 
wall  catholicity,  and  low  density  Bow  at  high  altitudes.  Mach 
number,  Reynolds  number,  and  forebody  structural  material  will 
determine  the  modeling  needs  for  air  chemistry. 
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4.2  Inlet 

The  design  performance  requirements  are  mass  capture,  kinetic 
energy  efficiency,  pressure  recovery,  heat  load,  and  spillage 
drag.  To  predict  these  the  code  is  required  to  compute  wall  pres¬ 
sures,  skin  friction,  heat  transfer,  mass  flow,  and  provide  exit 
profiles  for  the  initial  conditions  of  the  combustor  component 
code.  Numerical,  physical,  and  chemical  modeling  requirements 
are  similar  to  those  described  previously  for  the  forebody,  but 
the  code  must  additionally  model  cowl  shock  interactions  and 
separation  resulting  from  shock/boundary-layer  interaction. 

4.3  Combustor 

Thrust,  heat  load,  efficiency,  pressure  losses,  and  structural 
loads  are  the  performance  requirements  of  concern  in  the  design. 
Codes  are  required  to  compute  overall  thrust,  wall  pressures, 
skin  friction,  heat  transfer,  and  provide  the  flow  exit  profiles 
needed  to  initiate  the  nozzle  component  codes.  Complex  situa¬ 
tions  involving  vortex  and  injector  interactions  with  the  main 
flow  must  be  modeled  in  these  codes.  Numerical  and  mathemat¬ 
ical  modeling  requirements  are  essentially  the  same  as  those 
listed  previously,  but  it  is  essential  that  these  codes  handle  finite 
rate  chemistry,  including  air-fuel  reactions,  and  that  they  model 
turbulence  chemistry  interactions. 

4.4  Nozzle 

Thrust,  moments,  and  heat  loads  are  the  performance  parameters 
required  for  design.  The  codes  are  required  to  predict  net  thrust, 
wall  pressures,  heat  transfer,  and  skin  friction.  Physical  and 
chemical  modeling  requirer  :nts  include  turbulence,  shock 
interactions,  shear  layers,  relaminarizaiion.  secondary  flows,  and 
finite  rate  chemistry  for  the  air-fuel  products  of  combustion. 

5.  VALIDATION  DATA  BASE 

The  next  roadmap  step  is  to  identify  or  develop  an  appropriate 
data  base.  Candidate  experiments  for  CFD  validation  were  iden¬ 
tified  through  literature  searches  and  knowledge  of  recent  vali¬ 
dation  activities  within  the  U  S. A.  They  were  divided  into  the 
building  block  and  benchmark  categories  referred  to  previously 
and  integrated  into  a  matrix  table.  The  tables  were  then  used  to 
show  the  range  and  completeness  of  the  data,  to  identify  gaps, 
and  to  select  an  initial  validation  data  base. 

A  portion  of  the  results  are  shown  in  tables  1-7  for  each  compo¬ 
nent  category.  The  experiments,  listed  across  the  top  of  the  tabic 
in  numerical  sequence  according  to  reference  number,  were 
checked  against  the  physical  and  chemical  modeling  require¬ 
ments  and  performance  requirements  for  the  building  block  and 
benchmark  experiments,  respectively.  (There  is  no  significance 
attached  to  the  numbering  order.)  Brief  notations  of  test  condi¬ 
tions  and  geometry  are  given.  Measurements  from  the  experi¬ 
ments  were  then  checked  to  determine  their  match  with  the 
requirements. 

Several  important  conclusions  can  be  drawn  from  a  study  of  the 
tabular  results.  The  number  of  benchmark  experiments  is  sub¬ 
stantially  fewer  than  the  number  of  building  block  experiments, 
partly  because  component  testing  is  often  proprietary  and  not 
generally  accessible.  While  the  range  of  Mach  numbers  extends 
into  the  hypersonic  regime,  the  enthalpy  at  which  the  experi¬ 
ments  were  conducted  is  mostly  not  commensurate  with  flight 
enthalpy  and  hence  few  “real  gas"  sets  of  data  are  available.  fhe 
number  of  combustor  and  nozzle  experiments  lags  considerably 


compared  to  the  other  categories  and  no  combustor  benchmark 
data  are  available  to  the  general  user.  The  types  and  variety  of 
measurements  for  any  single  experiment  and  from  experiment  to 
experiment  varies  considerably,  reflecting  the  fact  that  experi¬ 
ments  performed  in  former  decades  were  not  planned  to  satisfy 
the  needs  of  validation  and  that  instrumentation  and  facilities. 
e>'en  today,  limit  our  ability  to  perform  complete  validation 
experiments.  Nevertheless,  selected  experiments  from  this  data 
base  provide  the  basis  for  initiating  a  focused  validation  effort. 

5.1  Selection  Criteria 

The  criteria  for  selecting  the  building  block  experiments  were  as 
follows:  The  data  were  required  to  be  performed  at  conditions 
matching  hypersonic  flight  Mach  numbers  (M  >  3)  for  single 
flows  associated  with  components  of  an  air-breathing  vehicle; 
they  had  to  provide  enough  useful  data  to  test  specific  physical 
or  chemical  modeling  problems;  they  had  to  have  boundary  con¬ 
ditions  defined  sufficiently  to  initiate  CFD  solutions;  and  they 
had  to  have  experimental  errors  identified  and  their  specificity 
was  desired.  To  the  extent  possible  with  today's  status  of 
instrumentation  and  facility  development,  measurements  of  flow 
field  quantities  and  at  least  some  measurement  redundancy  was 
desirable. 

The  selection  of  the  benchmark  experiments  was  made  using  a 
similar  basis.  Measurement  details  on  flow  modeling  and 
chemistry,  desirable  for  the  building  block  data  base,  were  not 
considered  essentia!  so  long  as  the  data  reflected  a  measure  of 
the  actual  physics  and  chemistry.  However,  test  cases  were 
sought  that  could  test  a  code's  ability  to  predict  performance 
over  a  ra’.ge  of  flow  conditions.  To  the  extent  possible, 
measurements  of  flow  field  quantities  in  critical  regions  of  the 
flow  were  desirable. 

6.  RECOMMENDED  EXPERIMENTS 

These  are  sketched  in  figs.  1-7  and  listed  by  reference  number. 
Although  the  experimental  data  base  has  shortcomings  and  gaps, 
it  is  assumed  that  code  developers  can  use  it  collectively  to 
provide  a  much  needed  validation  baseline.  Adhering  to  it  can 
establish  the  physical  and  chemical  modeling  attributes  of  the 
codes,  establish  credibility  regarding  performance  prediction, 
and  establish  important  code-to-code  comparisons  for  added 
confidence.  Furthermore,  code  developers  and  experimentalists 
can  use  the  information  as  a  guide  to  improving  and  enhancing 
current  experiments  or  for  pro,  using  additional  ones. 

6.1  Forebody 

Transition,  turbulence,  and  air  chemistry  are  the  most  critical 
modeling  issues.  Selected  building  block  experiments  are  given 
in  fig.  1 . 

Transition  onset  and  extent,  influence  of  pressure  gradient  and 
bluntness,  and  influence  of  three-dimensional  flow  all  must  be 
modeled.  At  present,  transition  modeling  is  ad  hoc  and  founded 
on  experimental  evidence  influenced  by  uncertainties  associated 
with  free  stream  flight  or  wind  tunnel  conditions.  Nevertheless, 
some  experiments  were  selected  in  order  to  assess  and  compare 
current  transition  modeling.  Experiment  3  is  a  flight  experiment 
useful  in  assessing  transition  onset  criteria  for  high  Mach 
number  real  gas  conditions.  The  remaining  group  of  wind  tunnel 
experiments  are  recommended  for  assessing  the  ability  to  mode) 
trends  with  bluntness  and  the  influence  of  3-D  effects  with  the 
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understanding  that  wind  tunnel  urbances  influence  the  actual 
locations  of  transition,  if  not  the  trends,  NASA  L 'ngley 
Research  Center's  development  of  disturbance-free,  quiet  wind 
tunnels  will  provide  much  better  validation  data  in  the  future. 
Experiment  6  was  one  of  the  first  quiet  wind  tunnel  demon¬ 
stration  experiments. 

The  validation  experiments  for  attached  (lows  selected  for 
assessing  turbulence  modeling  cover  a  range  of  Mach  numbers, 
are  limited  in  wall  cooling  range  to  0.2,  and  the  majority  do  not 
simulate  flight  enthalpies.  (The  latter  may  not  present  a  major 
impediment  as  the  influence  of  turbulence-chemistry  interaction 
is  not  believed  to  be  a  first-order  effect,  except  in  combustor  .aid 
nozzle  flow's.)  Validation  studies  to  date  show  turbulence  model¬ 
ing  for  attached  hypersonic  flows  is  reasonably  in  hand  (see. 
e  g.,  ref.  60).  Uncertainties  remain  in  modeling  the  influence  of 
pressure  gradients,  however,  and  a  data  base  is  only  available  at 
lower  Mach  numbers.  One  experiment  on  a  conical  configura¬ 
tion  is  available  for  assessing  modeling  for  forebodses  at  angle 
of  attack. 

Air  chemistry  modeling  is  essential  to  numerical  computations 
of  hypersonic  flows.  Implementation  of  equilibrium  air  chem¬ 
istry  in  CFD  codes  is  straightforward  and  has  a  sound  basis. 
Nonequilibrium  air  chemistry  implementation  in  CFD  codes  is 
less  advanced,  e.g..  decisions  regarding  strong  or  weak  coupling 
of  the  species  equations  with  the  fluid  dynamics  equations  and 
the  choice  of  rate  constants.  Therefore,  the  recommended  exper¬ 
iments  involve  condition*  where  nonequilibrium  chemistry 
modeling  is  needed.  The  sharp  and  blunt  cone  data  from  a 
ballistic  range  test  for  laminar  flow  conditions  in  air  provides  a 
unique  set  of  experiments  conducted  for  this  purpose.  Other 
experiments  in  heated  oxygen  and  nitrogen  are  also  available. 
The  paucity  of  detailed  experimental  profile  data  apropos  to  val¬ 
idation  at  flight  enthalpies  for  both  equilibrium  and  nonequilib- 
rium  flows  suggests  that  cude-to-eode  comparisons  become  an 
integral  part  of  the  validation  process.  With  this  objective  in 
mind  it  is  also  recommended  that  code-to-code  comparisons  be 
made  for  the  altitude  and  velocity  conditions  sp-  Ci.ed  in  case:.  1 
and  2  of  ref.  61  for  lesting  nonequilibrium  modeling  and 
ca-  e  2-b  from  ref.  62  for  testing  equilibrium  modeling. 

Th_  recommended  benchmark  experiments  are  given  in  fig.  2. 
Only  two  experiments  are  recommended  and  they  provide  data 
on  generic  geometries  at  hypersonic  Mach  numner  and  Reynolds 
number  conditions  leading  to  both  laminar  and  turbulent  flow. 
(The  data  from  experiment  no.  46  are  currently  restricted  to  U  S. 
citizens  with  access  to  NASP  information.)  The  test  conditions 
do  not  match  flight  enthalpies  and  corresponding  air  chemistry 
reactions.  These  experiments,  however,  will  serve  to  validate 
3-D  algorithms,  incorporation  of  transition  and  turbulence 
models  in  them,  and  performance  predictions  of  aerodynamic 
parameters. 

6.2  Inlet 

Transition,  turbulence,  and  air  chemistry  are  also  important 
modeling  issues  associated  with  developing  inlet  codes.  In  addi¬ 
tion  however,  shock- wave/boundary- layer  interaction  modeling 
is  crucial.  The  building  block  experiments  selected  for  the 
validation  data  base  arc  listed  in  fig.  3. 


In  addition  to  those  previously  selected  and  discussed  for  transi¬ 
tion,  turbulence,  and  chemistry  modeling  for  the  forebody,  the 
remainder  deal  with  the  shoek-wiavc/boundary-layer  interaction 
problem  for  laminar  and  turbulent  flows.  A  comprehensive 
search  for  turbulent  shock  interaction  validation  experiments 
was  conducted  for  NASA  by  Settles.63  Most  of  those  experi¬ 
ments  were  listed  in  the  candidate  data  base  shown  previously 
and  a  few  are  recommended  herein.  Additionally,  recent  turbu¬ 
lent  validation  experiments  performed  at  NASA  Ames  Research 
Center  have  been  selected.  They  provide  data  on  flows  with 
compression  ramps,  impinging  shocks.  „nd  swept  and  intersect¬ 
ing  shocks.  All  of  the  selected  experiments  were  performed  in 
w  ind  tunnels  at  enthalpies  that  do  not  match  flight. 

Inlet  benchmark  experiments  selected  for  the  validation  data 
base  are  shown  in  fig,  4.  The  Mach  number  range  is  limited  and 
flight  enthalpy  is  not  matched.  Although  more  experiments  have 
been  performed  recently,  they  could  not  be  recommended 
because  they  were  performed  on  proprietary  geometries.  Never¬ 
theless.  the  experiments  selected  will  serve  to  validate  3-D  algo¬ 
rithms.  incoTjoration  of  turbulence  modeling,  and  provide  some 
data  to  evaluate  predictions  of  performance  parameters. 

6  J  Combustor 

The  critica  modeling  issues  for  supersonic  combustors  involve 
various  mixing  processes  of  chemically  reacting  constituents. 
The  combustor  building  block  experiments  show  n  in  fig  5  can 
be  useful  in  assessing  modeling  of  various  mixing  processes 
with  and  without  chemical  reactions,  although  they  are  limited 
in  many  instances  by  the  variety  and  accuracy  of  their  data. 

Experiment  34  provides  supersonic  data  for  3  nonreacting 
ejector  flows:  jet-off.  jet-on  .  and  two  streamw  Ue-aligned  jets- 
on.  Experiment  37  piovides  subsonic  data  for  a  rear  ting  flow 
case.  Experiment  36  and  the  data  correlation  from  ref.  39  pro¬ 
vide  data  to  assess  turbulence  modeling  of  single  and  two-stream 
shear  layers,  and  experiments  35.  38.  and  40  provide  shear  layer 
mixing  data  for  hvdrogen-air  reacting  flows. 

No  combustor  component  experiments  were  selected  because  of 
their  proprietary  nature.  There  is  still,  nevertheless,  a  serious  gap 
in  both  the  combustor  building  block  and  benchmark  experi¬ 
mental  data  base  adequate  for  CFD  validation. 

6.4  Nozzle 

The  nozzle  building  block  experiments  selected  for  assessing 
modeling  issues  are  shown  in  fig.  6.  Of  the  critical  modeling 
issues,  turbulent  boundary  layer  development  and  the  expansion 
of  reacting  hydrogen-air  mixtures  arc  addressed 

Some  of  the  flat  plate  flows  from  the  forebody  recommendations 
can  be  used  to  test  implementation  of  turbulence  models  into 
nozzle  codes.  In  addition,  experiment  41  provides  data  on  a 
turbulent  boundary  layer  developing  on  a  nozzle  wall  to  a  very 
high  Mach  number  n  helium.  The  data  can  be  used  to  assess 
turbulence  modeling  for  highly  expanding  nozzle  flows. 
Experiments  in  nozzles  with  reacting  air  chemistry  are  lacking. 
Therefore  a  numerical  test  case  developed  recently  and 
describea  in  ref.  45  is  recommended  for  code-lo-code 
comparisons. 
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Only  one  nozzle  benchmark  experiment  is  recommended  'see 
fig.  7).  This  particular  experiment  was  designed  with  CFD 
Navier-Stokes  codes  under  development  at  NASA  Ames 
Research  Center  and  was  recently  completed.  Although  it  is  a 
cold-air  nozzle  experiment,  it  can  provide  a  basis  for  validation 
of  3-D  algorithms.  turbulence  modeling,  and  the  ability  of  the 
codes  to  predict  some  of  the  required  performance  parameters. 
Experiments  with  reacting  air  chemistry  are  needed. 

7.  liECENT  VALIDATION  ACTIVITIES 

Some  of  the  selected  validation  experiments  were  designed  and 
carried  out  recently  at  the  NASA  Ames  Research  Center. 
Building  block  experiments  at  hypersonic  Mach  numbers  were 
performed  to  guide  and  validate  turbulence  and  real  gas  air 
chemistry  modeling.  Benchmark  experiments  were  performed  to 
validate  3-D  forebody  and  nozzle  ^odes.  Each  of  the  experiments 
w  as  designed  with  validation  as  their  primary  purpose  and  some 
of  the  results  are  described  next. 

7.1  Physical  and  Chemical  Modeling  Experiments 

Experiments  designed  to  provide  guidance  and  validation  for  the 
development  of  compressible  turbulence  models  for  various 
shock- wave/boundary- layer  interactions  have  been  accom¬ 
plished  in  the  Ames  3.5-Foot  Hypersonic  Wind  Tunnel 
1.3.5'  HWT).  Four  experiments21'30'33  were  completed,  providing 
surface  measurements  and  mean-flow  boundary  layer  profiles. 
Turbulence  measurements  will  be  obtai-.ed  in  the  future  with  a 
laser  anemometer  and  a  laser-induced-fluorescence  instrument 
developed  for  the  facility. 

One  of  these  experiments  consisted  of  a  series  of  axisymmetru. 
flares  preceded  try  a  cone-ogive-cylinder.  The  test  geometry  and 
conditions  are  shown  in  fig.  8.  Beginning  and  end  of  transition 
occurred  on  the  cone  ahead  of  the  cylinder.  The  measurements 
in  the  interaction  zones  included  surface  pressure,  heat  transfer, 
and  surface  oil  streaks.  A  few  mean  flow  velocity  and  density- 
profiles  were  also  obtained  ahead  of  the  interaction  zone  and  on 
the  20°  flare.  The  data  are  summarized  and  tabulated  in  tef.  21. 

Experimental  surface  pressure  and  heat  transfer  distributions  are 
shown  in  fig.  9  for  the  35°  flare.  The  separation  locations 
determined  from  surface  oil  streaks  are  shown  along  with  typical 
data  error  bars  The  data  are  being  used  to  validate  turbulence 
model  corrections  for  compressibility.  They  are  compared  with 
computations  by  Horstm...’04  using  a  standard  k-e  eddy  viscosity 
model  and  one  corrected  for  compressibility.  These  solutions 
were  obtained  by  solving  the  Reynolds-averaged  Navier-Stokes 
equations.  ITW  refers  to  “integration  to  the  wall”  using  low 
Reynolds  number  damping  terms.  For  the  modified  model, 
which  accounts  for  compressibility  effects  and  limits  the  length 
scale  in  the  vicinity  of  reat  achment.  significant  improvements 
were  obtained  in  predictirg  the  measured  pressure  uistribution. 
the  predicted  separation  location,  and  the  heat  transfer. 

Other  tests  were  performed  to  guide  turbulence  modeling  for 
impinging,  swept,  and  intersecting  swept  shocks  interacting  with 
a  turbulent  boundary  layer  A  model  sketch  is  shown  in  fig.  10. 
A  sharp  flat  plate  was  used  for  these  experiments.  The  plate  was 
pitched  at  -2°  angle  of  attack  to  increase  the  test  Reynolds  num¬ 
ber  and  provide  a  uniform  2-D  flow  field  on  the  plate.  The  plate 
was  of  a  hollow  frame  construction,  having  interchangeable 
panels  with  severa1  20-cm-diameter  holes  in  the  center  that 


accommodated  surface  pressure,  heat  transfer,  pitot-static,  yaw, 
and  total  temperature  instrumentation  ports.  Tests  were  made 
with  a  wedge  mounted  above  the  test  bed  to  generate  a  shock 
wave  which  impinged  on  the  test  bed.  Pressure  and  heat  transfer 
were  measured  throughout  the  interactions.  In  addition,  to 
surface  pressures  and  heat  transfer,  flow  field  surveys  and  skin 
friction  were  measured.  Wedges  with  angles  of  5°.  10°.  and  15° 
were  tested.  In  another  configuration,  fins  were  placed  on  the 
flat  plate  to  generate  a  glancing  shock-wave  interaction.  Fin 
angles  of  5°  to  15°  were  inves.igated.  More  recently  a  crossing 
shock  interaction  experiment  was  completed.  In  addition  to  sur¬ 
face  pressure  and  heat  transfer,  flow  field  surveys  and  skin  fric¬ 
tion  were  obtained.  Documented  data  are  provided  for  each  of 
these  experiments. 30-33 

Typical  data  from  the  swept  shock  experiment  are  shown  in 
fig.  i  i.  Measured  pressure  and  heat  transfer,  normalized  by  the 
upstream  flat  plate  values,  are  plotted  as  a  function  of  spanwi.se 
distances.  Error  bars  are  shown  at  two  locations  to  indicate  the 
variations  in  accuracy  of  the  measurements.  As  the  fin  angle  is 
increased,  the  corresponding  increase  in  its  shock  strength 
causes  the  flow  to  separate,  as  observed  from  onverging  surface 
streamline  patterns.  Corresponding  increases  in  healing  and 
pressure  were  observed  between  5  and  10  cm.  As  the  fin  wall  is 
approached  the  pressures  and  heating  continue  to  increase.  On 
the  fin  the  flow  is  laminar  above  the  interaction  and  near  the 
plate  surface.  Fin  pressures  (not  shown)  decrease  rapidly  at  the 
intersection  with  the  plate  indicating  the  presences  of  a  corner 
vortex. 

Comparisons  of  the  data  on  the  plate  with  the  10°  fin  are  com¬ 
pared  with  computations  by  Horstman05  in  fig,  12.  Pressure,  heat 
transfer,  and  skin  friction  data  predicted  with  the  Navier-S’ckes 
code  computations  using  a  k-e  model  are  in  good  agreement 
with  the  data.  Although  not  shown  here,  comparisons  of  predic¬ 
tions  with  flow  field  profile  data  were  also  in  good  agreement. 
Evidently,  for  these  flows,  compressibility  corrections  needed 
for  the  strong  2-D  inte'  ctions  where  large  streamwise  separa¬ 
tions  occurs  are  not  required.  Modeling  studies  on  this  flow  are 
continuing,  however. 

Another  building  block  experiment10  has  been  carried  out  to 
obtain  aerodynamic  data  at  true  flight  enthalpy  on  sharp  ard 
blunt  slender  cones  to  assist  in  validating  air  chemistry  model¬ 
ing.  It  was  carried  out  in  the  Ames  Hype-velocity  Ballistic 
Range  at  speeds  in  excess  of  5  km/s.  Reynolds  numbers  were 
between  105  and  10b  and  the  flow  was  laminar.  The  resulting  set 
of  data  is  suitable  for  testing  air  chemistry  modeling.  Aerody¬ 
namic  data  for  a  309f  blunt  5°  cone  with  conical  ring  shock 
generators  were  obtained  and  a  summary  of  the  important  results 
taken  from  ref.  1 1  are  shown  in  fig  13.  Aerodynamic  data  and  a 
typical  shadowgraph  are  shown  and  compared  with  computa¬ 
tions  by  Molvik  using  a  Navier-Stokes  code  with  a  strongly 
coupled  7-species  air  chemistry  model  and  an  ideal  gas  model.  A 
histogram  is  shown  for  the  number  of  data  points  used  to  deduce 
the  aerodynamic  coefficients.  Confidence  in  the  reported  coeffi¬ 
cients  is  greatest  at  moderate  angles,  where  the  number  of  data 
points  is  greatest.  The  top  data  figure  shows  the  experimental 
and  computed  drag  coefficient.  The  computed  values  of  Cp 
using  both  perfect  gas  and  real-gas  chemistry  models  lie  within 
the  experimental  error  bars  as  one  would  expect,  since  the  drag 
is  mostly  associated  with  the  blunt  nose.  On  the  other  hand,  the 
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pitching  moment  is  quite  sensitive  to  the  gas  modeling  because 
the  cone  surface  pressures  resulting  from  the  gas  expansion  are 
affected  by  gas  composition.  The  reacting  gas  model  calcula¬ 
tions  provide  a  good  prediction  of  the  results.  The  shadowgraph 
is  compared  with  pressure  contours,  and  the  shocks  from  the 
ring  generators,  which  are  also  sensitive  to  gas  composition, 
compare  nicely. 

A  finite  fringe  interferogram  was  obtained  during  one  range 
tiring  of  a  smooth  blunted  cone  to  provide  validation  informa¬ 
tion  on  How  field  density.06  However,  obtaining  density  was 
more  difficult  than  first  anticipated  because  of  pitch  and  yaw 
orientations  of  the  model,  the  test  density  level,  and  because  of 
the  index  of  refraction's  implicit  dependence  on  density.  Rather, 
it  is  now  proposed  that  optical  path  be  computed  from  the 
computations  using  real  gas  modeling  and  subsequently  com¬ 
pared  with  the  measured  optical  path.  In  fig.  14  the  infinite 
fringe  interferogram  and  interpreted  optical  path  through  the 
model  wake  are  shown.  As  can  be  seen,  the  optical  path  data 
may  provide  an  alternative,  more  sensitive  means  of  validating 
the  computations. 

7.2  Generic  All-Body  Hypersonic  Benchmark  Experiment 

A  model  of  a  generic  hypersonic  vehicle  was  tested  in  the 
NASA  Ames  3.5-Foot  Hypersonic  Wind  Tunnel  to  establish  a 
benchmark  experimental  data  base  for  validation  >f  forebody 
computer  codes.  Experimental  data  on  flow  visualization, 
surface  pressures,  surface  convective  heat  transfer,  and  pitot- 
pressure  flow-field  surveys  were  obtained.47  A  sketch  of  the 
model  showing  the  basic  model  geometry  and  dimensions  is 
given  in  fig.  15  The  model  has  a  delta  planform  with  leading- 
edge  sweepbaek  of  75°  and  total  axial  length.  L.  of  0.9144  m 
(3  ft).  The  forebody  is  an  elliptic  cone  with  a  major-lo-minor 
axis  ratio  of  4.  and  the  afterbody  has  elliptical  cross  sections 
w  ith  a  sharp  straight- line  (railing  edge  The  juncture  between  the 
forebody  and  afterbody  occurs  at  2/3  of  the  body  length  The 
model  nose  was  sharp. 

Example.,  ol  ihe  data  showing  windward  centerline  surface- 
pressure  and  heating  distributions  are  given  in  figs.  16  and  17 
Also  shown  are  predictions  of  ihe  windward  pressures  and 
heating  from  the  Ames  UPS  code  (an  upwind  paraboli/cd 
Navier-Stokes  solver)  with  the  Baldwin-Lomax  turbulence 
model.  There  is  generally  good  agreement  between  the  wind¬ 
ward  pressure  and  heating  data  and  the  predictions,  with  greater 
differences  at  the  higher  angles  of  attack  where  the  forebody 
pressures  and  heating  are  undcrprcdicicd  . 

Experimental  pitot-pressure  profiles  of  the  shock  layer  for  the 
afterbody  centerline  at  x/L  =  0.8  arc  compared  with  computa¬ 
tions  in  fig  18  for  various  angles  of  attack.  The  predictions  are 
considered  in  good  agreement  overall  with  experiment  except 
near  the  bow  wave  because  of  grid  resolution.  On  the  windward 
side,  the  merging  of  the  viscous  and  expansion  regions  of  the 
flow  are  also  captured  by  the  code. 

7.3  Generic  Single  Expansion  Ramp  Nozzle  Experiment 
This  experiment  was  conducted  in  the  Ames  3.5'  HWT  at 
Mach  7.3  and  a  Reynolds  number  of  150  million/ft  A  photo¬ 
graph  of  the  model  is  shown  in  fig.  19.  CFD  was  applied  'o 
design  the  model.  Pressures,  5-hole  pitot  probe  surveys,  and 
ramp  boundary  layer  profiles  arc  available  along  with  flow  visu¬ 


alization.  Navier-Stokes  solutions  are  now  being  perfo....e  I.  ,-v. 
example  of  the  results  showing  a  comparison  of  the  measured 
and  computed  shock  system  taken  from  ref.  67  is  given  in 
.fig.  20.  Very  good  agreement  is  observed. 

8.  CONCLUDING  REMARKS 

A  comprehensive  data  base  for  CFD  code  validation  was 
reviewed  and  experiments  selected  that  provide  a  focused  basis 
for  evaluating  code  development.  Two  types  of  experiments 
were  selected  for  each  major  flow  component:  building  block 
experiments  for  simple  flows  that  can  verify  physics  and 
chemistry  modeling  and  benchmark  experiments  that  can 
validate  forebody.  inlet,  combustor,  and  nozzle  codes.  Major 
gaps  in  the  data  base  exist  for  the  real  gas  conditions  associated 
with  flight,  for  reacting  combustor  flows,  and  for  reacting  nozzle 
llows. 

In  spite  of  these  gaps,  data  to  assess  physical  modeling  for  turbu¬ 
lent  boundary  layers,  shock  interactions  w  ith  laminar  and  turbu¬ 
lent  boundary  layers,  and  combustor  injector  interactions  arc 
available.  Similarly,  some  data  on  chemistry  modeling  for 
simple  external  aerodynamic  Hows  and  internal  flows  involving 
mixing  <>•'  hydrogen  and  air  were  identified  that  can  provide 
partial  validation  of  the  real  gas  aspects  of  the  codes.  Benchmark 
experimental  data,  mostly  at  enthalpy  conditions  below  those 
associated  w  ith  hypersonic  (light,  are  also  available  for  assessing 
predictions  of  various  3-D  algorithms  and  their  associated 
physical  modeling  assumptions. 

While  most  of  ihe  recommended  experiments  provide  the  essen¬ 
tial  information  for  initiating  compulations,  it  would  he  prudent 
to  establish  unified  input  conditions,  data  presentation  format, 
and  error  analysis  for  each  ol'  them.  Precedents  for  such  under¬ 
takings  have  already  been  established  (see.  e.g..  refs,  68-70).  A 
team  of  experts,  knowledgeable  in  CFD  and  EFD.  could 
undertake  the  steps  necessary  to  see  that  this  is  accomplished  in 
a  timely  fashion. 
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Table  1  Forebody  building  block  data  base. 
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Species  Profiles 

Flow  Visualization** 

S 

s 

Other(Specify) 

ct.ch 

cf.ch 

Drao 

standoff 

standofi 

cf 

c  f 

cf 

✓ 

*  See  Inlet  Unit  Experiments 

**  Shadowgraph 

_  _ 

_ 

Turbulece  Measurements 

✓ 

✓ 

Table  2  Inlet  building  block  data  base. 


|£xperiment(ref.  no.) 

18 

19 

■ia 

21 

EH 

Sn5 

2* 

■ea 

■na 

30 

31 

32 

Mach  No. 

6 

9 

11.  13 

7 

ICO 

3 

BEBI 

■X9 

8 

14 

SOI1 

nr  i 

eh 

mm 

mn 

tECT 

•niwra 

E3C1 

IHISi 

EEZZSI 

EEZE3 

rasa 

EEEI 

bbm 

n 

'■m 

■m 

\WEM 

MSB 

mm 

wmm 

MBB 

mrm 

M  B 

M9B 

✓ 

M9B 

MBB 

■ 

III!  II  1  — — — 

* 

✓ 

* 

✓ 

✓ 

✓ 

✓ 

✓ 

(Physical  And  Chemical  Modeling  Req'mla 

Transition 

Turbulence 

✓ 

✓ 

*r 

✓ 

✓ 

✓ 

✓ 

* 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Shock  Boundary  Layer  interactions 

✓ 

* 

✓ 

✓ 

✓ 

✓ 

* 

✓ 

✓ 

✓ 

* 

✓ 

✓ 

✓ 

✓ 

Separation 

✓ 

* 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

* 

✓ 

✓ 

✓ 

■m 

M 

✓ 

Mass  Injection 

m 

■ 

Bleed 

H 

m 

M 

IBB 

mm 

mm 

mm 

mm 

Ml 

mm 

M 

M 

Equilibrium  Chemistry 

M  1 M 

_ 

_ 

... 

!■ 1  p  — — — 

Bl  H 

MM 

mb 

mm 

M 

mm 

M 

mm 

mm 

Mm 

■■■ 

mm 

■mb 

. — — 

Bi  M 

■1 

MB 

H  r-fft 

BM 

bm 

mm 

1;:;V  VM 

mm 

mm 

mm 

MM 

m 

Mh 

wmm 

Boundary  Conditions 

s' 

✓ 

✓ 

✓ 

✓ 

s' 

1  ✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

V 

✓ 

Transition  Location 

✓ 

✓ 

i  1 1  . . . 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

s' 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

u  .  Li.'iJ  PUPMPPMWB 

s' 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Pilot  Profiles 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Temperature  Profiles 

✓ 

✓ 

n 

✓ 

✓ 

✓ 

✓ 

Static  Pressure  Profiles 

✓ 

✓ 

✓ 

✓ 

✓ 

k  |1  aujJLiMmmmmm 

mm 

Ml 

■Ml 

✓ 

n 

S' 

✓ 

✓ 

✓ 

mm 

Turbulence  Quantities 

■1 

n 

✓ 

✓ 

✓ 

✓ 

bbm 

s 

mmI 

CF 

CF 

CF 

mm 

CF 

E3 

S 

S 

o 

■ 

M  M 

M 

MM 

M 

O' 

cf 

SOS 

cf 

cant 

SO 

TXM 

cl 

u 

_ 

_ 
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Table  3  Combustor  building  block  data  base. 


Table  4  Nozzle  building  block  data  base. 


El 

m 

El 

mm 

El 

Ell 

.  ‘0  J 

m 

2 

R1 

2 

<1 

3 

Rl 

Flight  MachNo  Simulated*** 

rre 

Cl 

ca 

are 

m 

El 

✓ 

✓ 

✓ 

* 

3-d  Geometry 

✓ 

BEBBESgSCIlBSEaErilil 

SEP 

ram 

ram 

CE3 

are 

irm 

E3EI| 

EBausKdasei^sngiigia 

Turtxjlence 

✓ 

✓ 

✓ 

Shock  Interactions 

WVTM 

✓ 

✓ 

■■ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Injector  Interaction* 

✓ 

✓ 

Finite  Rate  Chenvttry 

✓ 

✓ 

✓ 

Measurements 

✓ 

✓ 

✓ 

✓ 

Wan  Pressures 

✓ 

_ 

✓ 

1 1 1'  Vi  f  .*■  i 

■M 

MM 

mm 

mm 

✓ 

Skin  Friction 

Pitot  Profiles 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Static  Pressure  Profile* 

✓ 

✓ 

✓ 

L'lii.viMjrnmMBfiag'eaBMa 

✓ 

✓ 

✓ 

✓ 

✓ 

Species  Profiles 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Flow  Visualization* 

ESI 

✓ 

Da 

■mta 

M 

MM 

mm 

SMK^nEMMH, 

*  UF»  Laser  Induced  Fluorescence 

_ 

1 

BEEBEacgEE 1  r..M.W!?.m.'.iieaw!tsjiiyw?s?rf.rTrM 

Experiment  (ref.  no.) 

42 

43 

44 

45 

Mach  No.  (Eqivalem  Flight  Or  Test) 

20-47 

5-8 

2  2 

14 

Mi 

1-2.6 

1.7-3 

2 

Pj/Pfree  stream 

To  500 

14 

2-d  Geometry  or  Axisymmetric 

✓ 

✓ 

✓ 

✓ 

✓ 

3-d  Geometry 

Physical  And  Chemical  Modeling  Req'mts 

Turbulence 

✓ 

Shock  Interactions 

✓ 

Shear  Layers 

r  -1 

* 

✓ 

Secondary  Flours 

Separation 

Relaminarization 

Finite  Rate  Chemistry 

✓ 

✓ 

Measurements 

none 

Boundary  Conditions 

✓ 

✓ 

✓ 

Transition/Relaminarization  Location 

Thrust 

...  j 

✓ 

Moments 

✓ 

Wall  Pressures 

✓ 

•r 

✓ 

✓ 

“1 

Heating  Rates 

✓ 

Skin  Friction 

Pilot  Profiles 

✓ 

»r 

Temperature  Profiles 

✓ 

✓ 

Static  Pressure  Profiles 

_ 

✓ 

Velocity  Profiles 

✓ 

Species  Profiles 

✓ 

Turbulence  Quentities 

✓ 

Flow  Visualization 

Other(Specrfy) 

✓ 

Mach  Dsh 

✓ 

Table  5  Forebody  benchmark  data  base. 


Experiment(ref.  no.) 

17 

46 

47 

MachNo. 

8 

11-20 

7.4 

Re  No.x(E-06) 

3.7 

.3-32 

5-25 

2-d  Geometry  or  Axisymmetric 

✓ 

3-d  Geometry 

✓ 

✓ 

Performance  Requirements 

Lift 

✓ 

Drag 

✓ 

Heat  Load 

✓ 

Inlet  Profiles 

Flow  Phenomena 

Traneitlon 

✓ 

✓ 

Turbulence 

✓ 

✓ 

Shock  Boundary  Layer  Interactions* 

Entropy  Layer  Swallowing 

✓ 

✓ 

Equilibrium  Chemistry 

Non  equilibrium  Chemistry 

Wall  c»m»*it» 

Low  Danalty  Row 

Measurements 

Boundary  Conditions 

✓ 

✓ 

✓ 

Transition  Location 

✓ 

✓ 

Lift 

✓ 

Drag 

✓ 

Wall  Praaauraa 

✓ 

✓ 

✓ 

Heating  Rates 

✓ 

✓ 

✓ 

PHot  Profiles 

✓ 

✓ 

Tamearatura  Prolllaa 

Static  Praaaura  Prolllaa 

Valoclty  Prolllaa 

Spaclat  P»tllaa 

Flow  Visualization** 

S 

S.OF 

Othar(Soaclly) 

'  Saa  imat  Unit  Exparlmanta 

"  S-Sttadoworaph.  OF-ow  Flow 

Table  6  Inlet  benchmark  data  base. 


Ex 

p#flm#nt{re<  no) 

48  n 

49 

50 

51 

52 

53 

54 

55 

MachNo. 

3.5-4 

3 

2. 3-4.1 

4 

6 

6 

7.4 

11-16 

R*  No.x(E-06yFi 

25 

2  2 

2.2 

13 

50  8 

32  2 

29.1 

.2-10! 

2-d  Geometry 

✓ 

✓  n 

✓ 

✓ 

* 

3-d  Geometry 

✓ 

✓ 

✓ 

V 

✓ 

✓ 

[Performance  Requirement* 

Mas*  Capture 

✓ 

✓ 

✓ 

✓ 

Kinetic  Energy  Efficiency 

✓ 

Presaur#  Recovery 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Hast  Load 

Spllag*  Drag 

Exit  Profllaa 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Flow  Phenomena 

Transition 

✓ 

Turbo  lance 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Shock  Boundary  layar  Interaction^ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

w 

Separation 

✓ 

✓ 

✓ 

✓ 

✓ 

Sacondary/Cornac  Flow* 

✓ 

✓ 

✓ 

✓ 

Mass  Infection 

Blsad 

✓ 

✓ 

✓  1 

✓ 

Equilibrium  Chamistry 

Unsteady  Flow 

✓ 

✓ 

✓ 

w> 

Measurement# 

Boundary  Condition* 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

Transition  Location 

✓ 

V 

Wall  Pressure* 

s' 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

w* 

Heating  Rate* 

Pitot  Profile* 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

✓ 

s' 

Temperature  Profiles 

✓ 

Static  Pressure  Profiles 

✓ 

✓ 

✓ 

• 

• 

Velocity  Profiles 

Flow  Visualization* 

s 

S 

Oil 

S.OF 

S 

Other(Specify) 

cf,  <u'i 

*  S.Shadowgraph/Schlerin.  OF-Oi 

FlOW 

Table  7  Nozzle  benchmark  data  base. 


Experiment  (ref.  no) 

56 

57 

58 

59 

Estimated  Oate  Availed* 

Now 

Now 

92 

Now 

Mech  No  (Flight  Equiv  Or  Free  Stream) 

10 

1-16 

7  4 

6 

Mi 

1.5-2 

244  4 

1  5-3  4 

35 

P/P  free  stream 

6-60 

20-200 

8-100 

1-4 

2-d  Geometry  or  Axisymmetnc 

✓ 

✓ 

3-d  Geometry 

✓ 

✓ 

Performance  Requirements 

Thrust 

✓ 

Moment* 

✓ 

Heel  Loeds 

✓ 

✓ 

|Row  Phenomena 

Turbulence 

✓ 

Shock  Interaction* 

Shear  Layer* 

✓ 

✓ 

Secondary  Flows 

✓ 

✓ 

Separation 

Relaminaritation 

Finite  Rate  Chemistry 

✓ 

s' 

✓ 

Multiple  Jets 

✓ 

Measurements 

Boundary  Condibons-lnflow 

Mesa  FI 

Mast  FI 

Pitot 

Pilot 

Species 

Gamma  Jet 

Tranaitton/Relaminarization  Location 

✓ 

Thruat 

✓ 

Momenta 

Wail  Preesures 

✓ 

✓ 

✓ 

✓ 

Meeting  Rate*  or  Wa*  Temperature 

✓ 

✓ 

✓ 

Skin  Friction 

✓ 

s' 

Pitot  Profiles 

✓ 

✓ 

✓ 

Temperature  Profile# 

Side  Pressure  Profiles 

✓ 

✓ 

✓ 

Velocity  Profiles 

✓ 

Species  Profiles 

✓ 

Flow  Vlsuslifstion 

✓ 

✓ 

Other  (Specify) 

- 
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Oneet 

<3  **•« 

3<M<?0 

Transition  Modeling 
Bluntneee 

5*M<10 

3-d  Effects 

a  L* 

<22J. 

M-10 

Turbulence  Modeling 

“>  7  t 

14,  IS,  US 

117 

C'  0«M<6  * 

h"— ^ _ ri 

<3 

3<M<4 

M-a 

Chemistry  Modeling 

AaelGas 

Numerical  Teet  Ceeee 

<3  <32  $  «• 

<2 

<3 

M-1$ 

C«M  1*2.  ret  61  Cat*  2b.  ref  62 

“Experiment  Ae<  No. 


Fig.  1  Recommended  forebody  building  block  validation 
experiments. 


«7 

11«M«20 

7<pykio 

LA 

Drag 

Heating 

He*  Load 

Profile# 

Preaaure* 

Heaang 

ProWe* 

*E«porimen(  M  No. 


Fig.  2  Recommended  forebody  benchmark  validation 
experiments. 


Fig.  4  Recommended  inlet  benchmark  validation 
experiments. 


Fig.  5  Recommended  combustor  building  block  validation 
experiments. 


“txpertmvit  fM.  No. 


Turbulence  Modeling 


Rat  Pits  now 

See  Forwboty  NecommendaSorte 

Nozzle  Row 

X]  - 

7«M«12 

20«M<47 

Chemistry  Modeling 


Mbit 


Fig.  3  Recommended  inlet  building  block  validation 
experiments. 


Fig.  6  Recommended  nozzle  building  block  validation 
experiments. 
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Fig.  7  Recommended  nozzle  benchmark  validation 
experiments. 


-  MEAN  FLOW  SURVEYS  (PITOT  AND  STATIC  PRESSURE. 
TOTAL  TEMPERATURE! 


Fig.  8  Geometry  and  test  conditions  for  an  axisymmetric 
flare  experiment. 


Fig.  9  Surface  pressures  and  heating  rates  on  an 
axisymmetric  cylinder-flare. 


WtOgp  ConftgurMton  Fin  CortmurMton 

Fig.  1 0  Model  geometries  for  impinging  and  swept  shock 
interaction  experiments. 


Heat  transfer  ratio  (Q/Q 


moment  coefficient 


Re  =  106,  VM  =  5  km/sec,  Mn  =  14.5 


(a)  Drag  coefficient 


(d)  Shadowgraph 


-.12 


Non-equilibrium  air j 
Perfect  gas  /  / 

- 

\  / 

-.06 

— 

\  / 

-.04 

-.02 

Measurement  \jf 

(Error:  ±  3%) 

_l _ 1 _ l _ 1 _ 

0  12345678 


a ,  Angle-of-attack,  deg 


2  io 


*n 

c 

o 

a 

(Q 

<9 

TJ 


O 

z 


(b)  Pitching  moment 


J _ 1 _ 1 _ L 


JL 


1  2  3  4  5  6  7 

a ,  Angle-of-attack,  deg 


(e)  Computed  pressure  contours 


Fig.  13 


Elliptical 
Cross  Sections 


Forebody  -  Elliptic  Cone  (s/b  ■  4)  with  Sharp  or  Blunt  Nose  Tip 
Afterbody  -  Elliptical  Cross  Sections  with  Sharp  Trailing  Edge 


(c)  Statistical  data  sample 

Comparisons  of  force  and  moment  coefficients  and  shadowgraph  from  a  ballistic  range  experiment  with 
computations. 


Fig.  14  Finite  fringe  interferogram  and  interpreted  optical  Fig.  15  Hypersonic  All-Body  model  geometry  and 
path  from  a  ballistic  range  experiment.  dimensions. 


17-16 


M_  =  7.4;  ne.,t=  15  X  10® 


AXIAL  STATION,  xlL 
M_  =  7.4;  Re_,L  =  15  x  10® 


LEEWARD 


0  I  .2  .3  .«  .5  S  .7  A  .»  1.0 

AXIAL  STATION.  «'L 


Fig.  16  Surface  pressures  on  a  hypersonic  All-Body 
model. 

M_  =  7.4;  Re,„  L  =  IS  x  10®;  H.IH,  =  0.4 


AXIAL  STATION.  x/L  AXIAL  STATION,  l.L 


Fig.  1 7  Surface  heat  transfer  on  a  hypersonic  All-body 
model. 


Fig.  19  Photograph  of  the  SERN  experiment. 


Contorllno;  x/L  >  0.8;  M_  =  7.4;  R«_L  =  15  X  10® 


Fig.  20  Comparisons  of  nozzle  shock  patterns  from 
experiment  and  a  Navier-Stokes  computation: 
(a)  shadowgraph;  (b)  computation. 


Fig.  1 8  Flow  field  pitot  pressure  profiles  on  a  hypersonic 
All-Body  model. 
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Synthesis  of  the  Workshop  on 
HYPERSONIC  FLOWS 
FOR  REENTRY  PROBLEMS 

held  in  Antibes,  France,  in  January  1990  and  April  1991 

Remi  Ahgrall,  Jean- Antoine  Desideri,  INRIA  Sophia  Antipolis, 

B.P.  10!),  2004  Route  ties  Lucioles  -  00501  Valbonnc  Cedex  (FRANCK), 

Michel  Mallet,  Jacques  Periaux,  Pierre  Perrier  and  Bruno  Stoufflet, 
Dassault  Aviation,  78  Quai  Marcel  Dassault.  -  92214  Saint-Cloud  (FRANCE). 


1  Motivations 

One  of  the  most  challenging  problems  of  modern  aerospace  engineering  is  undoubtedly  the 
prediction  of  hypersonic  flows  around  reentry  vehicles.  Indeed  this  challenge  has  many  aspects  : 
defining  the  appropriate  physical  model  for  these  flows  is  the  first  difficulty  since  very  complex 
physical  and  chemical  phenomena  take  place  during  the  reentry  phase;  moreover,  temperature, 
velocity  and  enthalpy  are  very  high,  density  very  low,  making  the  reentry  conditions  very 
difficult  to  reproduce  in  ground-based  experiments. 

Thus,  in  the  past  two  decades,  important  efforts  in  Computational  Fluid  Dynamics  have 
been  made  employing  supercomputers  to  simulate  these  complex  flows.  However,  most  sim¬ 
ulation  tools  were  originally  designed  for  transonic  or  supersonic  flow  applications  and  later 
extended;  these  usually  contain  imperfect  models,  and  also  still  have  to  be  improved  to  permit 
the  accurate  prediction  of  hypersonic  flows. 

'This  situation  has  motivated  strong  international  cooperative  efforts  including  three  Eu¬ 
rope  /  US  Short  Courses  on  Hypersonics  [1]  [2]  and  two  sessions  (Parts  I  and  II)  of  the  scientific 
workshop  organized  by  INRIA  and  C1AMNI  [3]  which  took  place  in  Antibes,  France. 

Part  I  brought  together  a  group  of  experts  active  in  Hypersonics,  and  promoted  direct 
comparisons  of  codes  and  experiments.  Eight  critical  test  problems  involving  well-defined  2-D 
and  3-D  steady  flows  governed  by  specified  P.D.E.’s  and  boundary  conditions  were  submit*  ed 
to  computation.  CFD  results  have  been  compared  altogether,  and  confronted  to  experiments 
when  available.  This  led  to  a  first  estimation  of  CFD  capabilitieirtnrHypersonics  as  reported 
in  the  workshop  proceedings  [3]. 

The  motivation  for  a  second  session.  Part  II,  of  the  same  workshop  was  to  propose  a 
more  thorough  study  of  each  test  problem  by  reducing  the  test-cases  to  a  representative  subset, 
by  improving  the  definition  of  some  of  them  (e.g.  when  possible  the  description  of  the  non- 
uniformity  of  the  inflow  in  the  experiment  was  provided  to  the  CFD  community),  and  also 
by  adding  a  few  novel  test-cases  associated  with  new  experiments.  In  addition,  computational 
contributors  were  urged  to  perform  calculations  on  refined  meshes,  and  to  study  grid  refinement 
effects,  and  to  control  artificial  diffusion. 

In  summary,  the  main  objective  of  Part  II  was  to  improve  the  quality  of  both  experimental 
and  computational  results,  and  evaluate  numerical  codes  by  codc-to-code  or  code-to-experiment 
comparisons,  and  permit  a  better  confidence  in  the  prediction  tools  to  be  used  in  the  design  of 
hypersonic  vehicles. 

The  presentation  is  aimed  at  reporting  the  main  conclusions  as  they  were  expressed  at 
the  meeting  by  experts,  including  some  of  their  recommendations  regarding  the  validation  of 
numerical  codes. 
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2  Development  of  the  meetings 

Hot  ii  sessions  ( Parts  I  and  II)  included  l<‘n  invited  lectures  related  to  specialized  issues  in 
e.\p<  imentation,  modeling  and  computing  in  Ilypersonics. 

I'lie  rest  ol  I  lie  workshop  was  developed  around  specific  test  problems.  During  reentry, 
tlirei  main  types  of  flow  are  encountered  : 

■  ra relied  gas  flow, 

-  reacting  How, 

-  non-reacting  How  . 

The  governing  equations  to  be  solved  are  then  respectively 

-  the  Boltzmann  equations, 

-  the  Euler  or  Navicr-Stokes  equations  (or  other  intermediate  models  such  as  the  thin  layer 
or  parabolized,  viscous  shock  layer  or  coupled  Eider/Boundary  layer  models)  augmented  of  a 
chemistry  model, 

-  the  Navicr-Stokes  equations  possibly  combined  with  a  turbulence  model. 

The  following  eight  critical  problems  were  proposed  for  experimentation  and  computa¬ 
tion  : 

Problem  I  :  Flow  over  a  slender  com 
Problem  }  :  P  ise  flow 
Problem  I  :  P,ow  over  a  2-D  ramp 
Problem  .{  :  Plow  over  a  3-D  obstacle 
Problem  5  :  Corner  flow 

Problem  (>  :  Flow  over  a  Double- Pill  pse/ PI  I  i  psoul 
Problem  7  ;  Flow  over  a  delta  wing 

Problem  3  :  Non-equilibrium  flow  in  an  arc-jet  or  a  shock  tube. 

The  t  hemes  of  theses  problems  are  turbulence  transition  (1  and  2),  heat-transfer  prediction 
(3,  I  and  5),  real-gas  effects  ((>),  vortex  or  rarefaction  effects  (7),  thermal  non-equilibrium  (8). 

For  each  problem,  computational  contributions  were  presented  following  the  presentation 
of  experimental  results,  and  preliminary  critical  analyses  were  made  by  experts  during  the 
program,  which  also  included  poster  sessions. 

In  tables  1  and  2  below,  are  listed  the  number  of  experimental  or  computational  con¬ 
tributions  to  the  various  test  problems.  The  numbering  of  these  problems  was  modified  (to 
roman  figures)  for  Part  II  to  facilitate  the  suppression  of  certain  test  cases  associated  to  given 
problems,  and  the  introduction  of  novel  ones.  The  details  of  the  definition  of  the  test  cases 
can  be  found  in  the  announcement  brochures  (Part  I  and  II),  and  in  the  proceedings  of  the 
workshop  [3]. 


Table  1  :  Participation  in  Part.  I 


Pbs  1-2 

3-1 

B 

6 

m 

B 

Experiments 

12 

1 

3 

n 

3 

3 

i 

Computations: 

Europe 

56 

2 

B 

i 

29 

8 

4 

USA 

22 

3 

2 

7 

4 

2 

Japan 

3 

l 

m 

- 

2 

■ 

Australia 

2 

- 

I! 

- 

1 

■ 

TOTAL 
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Table  2  :  Participation  in  Fart  II 
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a 
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i 

wm 
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65 

2 

20 

2 
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USA 

8 

- 

3 

- 

1 

i 

- 

Australia 
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- 

1 

- 

- 

i 

- 

TOTAL 

83 

3 

mm 

B 

21 

19 

12 

It,  appears  that  if  a  substantial  effort  was  made  (mostly  by  the  European  Community) 
on  the  double-ellipse/ellipsoid  problem  for  Part  I,  and  to  a  lesser  extent  on  the  ramp  problem, 
a  noticeable  shift  of  interest,  was  observed  for  Part  II  on  the  delta  wing  and  the  high-enthalpy 
flow  problems. 

3  Invited  talks 

During  each  session,  the  technical  presentat  ion  of  test  problem  results  were  completed  by  invited 
lectures  given  bv  leading  scientists  on  topics  related  to  modeling  experimental  aspects  and 
numerical  simulations  of  hypersonic  flows.  The  list  of  these  talks  is  given  below  : 

Part  I  ; 

-  Inaugural  Talk  :  Introduction  to  the  Workshop.  .J.  Carpontier  (ONEKA,  France), 

-  Comments  on  experiments  for  computational  validation  for  fluid  dynamic  predictions,  S.  M. 
Bogdo  loff  (Princeton,  IJSA). 

-  Hvpcrsoni  '  Stability  and  Transition.  E.  Reshotko  (Case  Western  Reserve  University,  USA), 

-  Scattering  kernels  for  gas-surface  interaction.  C.  Cercignani  (Politecnico  di  Milano,  Italy) 

-  CED  for  hypersonic  air-breathing  aircraft.  .1.  I,.  Thomas.  D.  L.  Dvvoyer,  A.  Kumar  (NASA 
Langley,  USA), 

-  Similitude  in  hypersonic  aerodynamics,  II.  Viviand  (ONERA,  France), 

-  Gas-kinetical  and  Navier-Stokes  simulations  of  reentry  flows,  II.  Oertel  Jr.  (University  of 
Braunschweig,  Germany), 

-  Numerical  simulation  of  Boltzmann  flows  of  real  gases  -  Accuracy  of  models  used  in  the 
Monte-Carlo  methods,  K.  Nanbu  (NAL,  Japan), 

-  Intrusive  and  non-intrusive  measurements  of  flow  properties  in  arc  jets,  C.  D.  Scott  (NASA 
JSC  Houston  ,  USA), 

-  CED  for  hypersonic  propulsion,  L.  A.  Povinelli  (NASA  Lewis,  USA), 

-  Experimental  simulation  of  high-enthalpy  real-gas  effects,  II.  Ilornung  (Cal’Tech,  USA). 

Part  II  : 


-  Inaugural  talk  :  Fundamental  and  applied  research  in  space  applications,  R.  Pellat  (CNRS 
and  CNES.  France), 

-  Experimental  studies  in  shock-shock  and  shock-boundary-layer  in  laminar  and  turbulent  hy¬ 
personic  flows,  M.  S.  Holden  (Calspan,  USA), 

-  Some  viscous  interactions  affecting  the  design  of  hypersonic  intakes  and  nozzles,  J.  L.  Stollery 
(Cranfield  Institute  of  Technology.  UK), 

-  Reacting  viscous  flow  and  gas-surface  interaction  modeling,  J,  Warnatz  ( University  of  Stuttgart), 

-  Shock-tunnel  experiments  involving  real-gas  effects  at  Australian  Universities,  M.  Stalker  (Uni¬ 
versity  of  Queensland,  Australia), 
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-  Numerical  simulation  of  scramjet  engine  flowfield,  A.  Kumar  (NASA  Langley,  USA), 

-  The  role  of  applied  mathematics  in  the  numerical  simulat  ion  of  hypersonic  flows,  0.  Pironneau 
(University  of  Paris  VI,  France), 

-  The  German  hypersonic  technology  program  Sanger,  H.  A.  Hertrich  (Ministerialrat  BMI'  1. 
Germany), 

-  Hypersonic  reasearch  at  German  universities,  E.  Krause  (RYVTH  Aachen,  Germany), 

-  CFD  code  validation  experience.  .1.  G.  Marvin  (NASA  Ames.  USA). 


4  Analysis  of  Results 

4.1  Synthesis  of  results  for  Problems  I  and  II 

4.1.1  Experiments 

(Figure  1) 

P.  A.  Denman,  .1.  K.  Harvey  and  R.  Hiliier  (Imperial  College.  UK)  provided  stanton 
number,  Mach  number  and  pitot  pressure  along  the  cone  and  the  base.  1  hey  measured  pitot 
pressure  and  velocity  profiles  at  two  different  stations  on  the  cone.  1  he  experiments  were 
conducted  in  the  Imperial  College  No.  2  gun  tunnel. 

Measurements  exhibited  a  small  st reamwise  gradient,  a  simple  model  of  which  was  pro¬ 
vided  for  computations  for  Part  II. 

The  challenge  in  the  first  experimental  test  rase  was  to  reproduce  a  very  simple  conical 

flow. 


4.1.2  Computations 

One  of  the  major  problems  lor  Par!  I  relied  in  the  location  ol  transition.  1  his  transition  was 
arbitrarily  lixed  for  Part  1.  and  specitied  by  the  experimentalists  for  Part  II.  Important  dis¬ 
crepance  between  computations  and  experiments  despite  sensitivity  to  grid,  wall  temperature, 
turbulence'  model  had  been  studied.  The  Stanton  number  has  been  slightly  over-estimated  (of 
some  10  V(  )  by  certain  computations. 

The  accurate  calculation  of  the  Stanton  number  in  Problem  II  is  critically  dependent  on 
the  location  of  the  reat taehment  point.  Some  20  %  discrepancy  with  the  experiment  in  this 
parameter  was  observed  in  certain  computations.  The  computed  sepa.rat.ion  region  was  found 
too  small  and  making  a  (piest ionable  angle  with  the  wall  at  the  edge  of  the  base. 

4.2  Synthesis  of  results  for  Problem  III  (flow  over  a  2D  ramp) 

4.2.1  Experiments 

.1.  Delery  and  M.  (’.  ( oet  conducted  the  tests  in  the  R2Ch.  and  ILK 'll  blow-down  wind-tunnel 
of  the  ONKRA  Ghalais  Mendoii  establishment.  They  provided  S<  hlieren  photographs,  wall 
heat  transfer  and  wall  pressure  distributions.  ’Hie  wedge-flow  experiments  wen*  made  at  Mach 
number  b  and  10  to  study  the  interaction  pattern  at  both  loo  and  high  Reynolds  numbers. 

G.  Simeonides  and  •).  F.  Wendt  (Von  Karman  Institute.  Belgium)  conducted  experiments 
in  the  long-shot  heavy-gun  piston  gun  tunnel  at  the  VKI  with  a  llat-plate/2-1)  lb"  ramp  model 
and  provided  pressure  and  heal  transfer  distribution  along  t  lie  centerline  yielding  an  indication 
of  the  transition  in  the  reattachment  region. 


4.2.2  Computations 

(Figure  2) 

Navier-Stokes  computations  of  a  hypersonic  flow  over  a  2-D  ramp  are  compared  to  one 
another  and  to  experiments.  The  importance  of  grid  density  was  clearly  put  into  evidence  as 
concerns  the  prediction  of  separation  lengths.  Difficulties  in  achieving  well-defined  experimental 
conditions,  particularly  fully  laminar  conditions  at  reattachment  were  discussed.  Considerable 
variations  in  the  predicted  location  of  the  reattachment  region  were  observed,  and  one  alleged 
explanation  is  that  the  experiment  is  characterized  by  a  transitional  reattachment.  Some  con¬ 
tributors  showed  that  putting  a  switch  to  turn  on  the  turbulence  model  resulted  in  a  much 
better  agreement  with  the  experiment  in  the  ramp  region. 

Four  test  cases  were  proposed: 

-  test  cases  II I- 1  and  II 1-2  are  characterized  by  a  low  value  of  the  Reynolds  number  (Rey= 
143800).  This  was  chosen  to  make  the  test  case  less  sensitive  and  to  reduce  the  likelihood  of 
transition  at  reattachment. 

-  test  case*  111.3  was  already  proposed  for  Part  I  of  the  workshop  (problem  3.5).  a  large 
amount  of  information  is  already  available  but  improved  results  were  expected. 

-  test  case  1 1 1.4  is  chosen  from  a  set  of  tests  performed  by  Holden  and  has  already  been 
used  extensively  for  validation. 

24  numerical  contributions  were  presented  at  the  meeting,  this  is  enough  to  get  a  good 
idea  of  how  CFi)  tools  can  perform  on  this  problem.  Various  numerical  approaches  were  used 
including  centered  +  artificial  viscosity,  upwind  and  (lalerkin  least  squares  methods. 

Very  good  agreement  is  observed  for  problem  111.1  which  was  easy  because  of  the  absence 
of  recirculation. 

Reasonably  good  agreement  is  observed  for  problem  1 11.2  which  was  designed  to  be  easier 
for  numerical  contributors  (e.g.  on  skin-friction  coefficient ).  It  should  Vie  noted  that  the  struc¬ 
ture  of  the  flow  is  quite  different  than  what  is  observed  for  a  standard  (loss  viscous)  case:  the 
pressure  skin  friction  and  heat  flux  do  not  reach  a  maximum  on  the  detlected  plate.  Results 
can  be  gathered  into  two  groups  that  differ  on  the  size  of  the  recircttlaf ion. 

hxperimontal  results  are  not  available  at  present  to  discriminate  bet  ween  both  sets.  Fven 
though  the  overall  agreement  is  good,  it  is  somewhat  disappointing  to  observe  that  for  such  a 
viscous  case  large  differences  still  exist. 

for  problem  III. 3,  a  eery  large  discrepancy  is  still  observed.  1  he  most  striking  results  of 
the  computations  is  the  prediction  of  an  excessively  large  region  of  recirculation.  A  number  of 
explanations  can  be  considered: 

•  the  thin  layer  Navier  Stokes  simplification  may  not  be  valid. 

•  the  two  dimensional  character  of  the  flow  was  questioned  (however,  the  dellection  angle 
is  low  and  no  experimental  evidence  of  31)  How  was  observed  (influence  of  side  plates). 

•  the  proper  choice  of  the  grid  is  critical.  This  was  not  addressed  in  enough  detail  and  it 
was  not  clear  that  t he  sola t ions  presented  were  grid  independent  (in  the  sense  that  nodes 
should  be  added  until  addition  ol  nodes  does  not  aflect  the  solution:  better  agreement 
would  be  observed  if  calculat  ions  were  performed  again  on  refined  grids), 

•  transition  near  the  reattachment  point  is  a  possibility. 

•  the  presence  of  (Ibrtler  vortices  on  the  ramp  is  still  an  open  question. 
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4.2.3  Conclusions 

The  problem  of  the  calculation  of  the  flow  over  a  ramp  is  more  difficult  than  could  be  an¬ 
ticipated.  Nevertheless,  at  the  second  meeting,  we  observed  in  certain  contributions  grid- 
converged  solutions,  convergence  acceleration  by  Multigrid,  and  a  more  careful  attention  given 
to  the  grid  density  in  the  boundary  layer.  Provided  that  sufficient  attention  is  given  to  the 
choice  of  a  proper  mesh  .  we  still  feel  that  accurate  solutions  can  be  obtained. 

4.3  Synthesis  of  results  for  Problem  IV  (flow  over  a  3D  ramp) 

4.3.1  Experiments 

An  experiment  was  made  at  Mach  number  1 0  by  Delory  et  al.  for  a  30°-swopt.  3-1)  obst  acle.  They 
provided  surface  flow  visualizations,  wall  heat  transfer  and  pressure  distribution1-'  illustrating 
very  extended  zone  of  separated  flow. 

Again,  the  authors  indicate  that  reattachment  may  have  been  transitional  rather  than 
laminar. 

4.3.2  Computations 

(Figure  3) 

Two  results  were  available  at  the  meeting. 

I'he  contribution  by  .Jouet  et  al.  use's  a  finite  volume  approach  with  Hoe's  fluxes  and  Van 
Leer's  Ml’SCL  approach.  Tin*  grid  includes  300000  nodes.  Results  are  not  fully  converged  and 
the  initialization  leads  to  an  overprediction  ol  the  size  of  the  recirculation. 

llassan  et  al  use  a  Taylor  (ialerkin  FFM  and  a  mesh  of  S0000  nodes.  The  calculation 
slightly  underpredicts  the  value  of  tin*  Stanton  number. 

In  addition,  a  contribution  by  Venkat apathy  in  which  the  full  compressible  Navier-Stokes 
equations  were  solved  for  a  problem  close  to  tin’  workshop  specification,  indicated  good  quali¬ 
tative  features  (separation  line  position,  separation  line  curvature). 

4.4  Synthesis  of  results  for  Problem  V  (corner  flow) 

4.4.1  Experiments 

(Figure  1) 

A.  Henckels  and  F.  Maurer  t DI.lt  holm  (lermany)  measured  the  heat  llux  for  the  corner 
flow  case  at  the  H2K  hypersonic  wind  tunnel  with  an  infrared  thermovision  camera  system  in 
connection  with  image  processing. 

We  note  t hat  the  experimental  data  were  very  accurate  and  supported  by  a  large  amount 
of  local  measurements. 

4.4.2  Computations 

Two  contributions  only  were  available  at  tin*  meeting. 

bacor  et  al.  use  a  finite  volume  approach  with  central  difference  and  artificial  diffusion. 
T  ile  mesh  consists  of  31000  nodes. 

Ranaras  et.  al.  use  an  upwind  finite  difference  scheme  based  on  a  TV1)  method.  A  good 
visualization  of  the  leading  edge  shocks  interaction  is  provided. 

I  he  agreement  between  the  contributions  is  poor. 
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4.5  Synthesis  of  results  for  Problem  VI. 1  (Inert-gas  flow  over  Dou¬ 
ble  Ellipse/Ellipsoid) 

4.5.1  Experiments 

D.  Aymer,  T.  Alziary  ( CF  AT  Poitiers,  France)  and  1,.  l)e  Luca,  G.  Carlomagno  (Universita 
di  Napoli)  provided  Schlieren  and  wall  streamline  visualizations,  wall  pressure  and  heat  flux 
measurements  at  the  H210  wind-tunnel  facility.  The  heat  (lux  was  measured  by  infrared  ther¬ 
mocouple  using  the  thick  wall  technique. 

4.5.2  Computations 

(Figure  5) 

The  3-D  double-ellipsoid  shape  has  shown  to  be  a  very  good  test  of  complex  flow  in 
hypersonics  (small  nose  radius,  bow  shock,  secondary  shock  at  the  canopy,  complex  pattern  of 
separated  flow  with  angle  of  attack).  A  lack  of  detailed  flowfield  measurements  did  not  permit 
a  precise  check  of  the  topology  of  the  flow  away  from  the  wall. 

At  the  first  meeting,  all  solutions  exhibited  a  good  performance  with  respect  to  the  pre¬ 
diction  of  pressure  concerning  both  (In' comparison  between  each  other  and  with  experimental 
data.  As  expected  the  inviscid  flow  simulations  do  predict  well  windward  pressure'  distributions 
in  hypersonic  flows. 

Concerning  the  prediction  of  the  embedded  shock,  the  shock  seemed  generally  predicted 
detached. 

Appreciable  scatter  was  observed  on  boundary  layer  quantities  such  as  skin-friction  coeffi¬ 
cient  and  Stanton  number,  probably  due  to  differences  in  grid  resolution  and  numerical  diffusion 
terms.  It  is  surprising  to  observe  scatter  not  only  in  flows  with  embedded  shocks  but  also  in 
those  along  windward  surfaces. 

During  Fart  II.  the  overall  quality  of  the  Navier-Stokes  contributions  improved  due  to 
efforts  made  in  constructing  better  meshes  :  number  of  nodes  in  the  boundary  layer,  first  node 
close  to  the  wall,  better  control  of  cell  aspect  ratio. 

4.6  Synthesis  of  results  for  Problem  VI. 2/3  (Reacting-gas  flow 
over  Double  Ellipse/Ellipsoid) 

4.6.1  Experiments 

(Figure  7) 

M.  Vetter.  If.  Olivier  and  1 1.  ( Jidnig  (  R\\  I'll  Aachen.  ( lennany )  measured  ( 'p  and  Stanton 
number  wall  distributions  along  an  IN-cm  long  double-ellipsoid  subject  to  real-gas  effects  and 
cat alyt ie  wall. 

I  hey  also  provided  Schlieren  pictures  ol  the  reacting  flow  around  a  50- mm  radius  sphere 
for  /i)  =  1500  K  and  1000  K. 

4.6.2  Computations 
(Figures  0  and  <S) 

Synthesizing  the  residts  of  Fart  1.  we  cone ’lnded  that  several  computations  of  reactive 
flows  over  the  double  ellipse  (ellipsoid)  had  been  proposed.  They  mostly  dealt  with  inviscid 
flow  in  chemic  al  equilibrium  or  non  equilibrium.  For  equilibrium  flows,  the’  agreement,  in  shock 
locations  between  the  various  contributions  was  comparable'  with  that  of  inert -gas  computations 
wit  h  comparable-  meshes;  t  he  discrepancies  bet  ween  t  lit'  various  rout  rihut  ions  were  verv  small  in 


18-8 

temperature  but  somewhat  larger  in  Mach  number  and  composition.  For  non-equilibrium  flow, 
some  discrepancy  in  the  main  shock  location  had  been  observed  in  two  shock  litting  procedures. 
Conventional  codes  were  observed  to  predict  wall  values  of  temperature  and  composition  vastly 
different  from  equilibrium  state  because,  in  the  theoretical  inviscid  solution,  the  gradient  of 
temperature  or  composition  normal  to  the  wall  is  infinite  (“chemical  layer”).  Two  procedures 
had  been  shown  to  remedy  this  problem:  one  by  mesh  refinement,  the  other  by  post- processing 
of  the  conventional  solution.  Both  essentially  agreed. 

Part  II  confirmed  these  facts.  Nevertheless  the  agreement  between  the  various  computa¬ 
tions  of  ‘2-D  non-equilibrium  inviscid  flows  were  somewhat  better  in  Part  II  due  to  the  authors 
efforts  in  mesh-refinement  studies.  Concerning,  2-D  viscous  non-equilibrium  flows,  although 
flowfields  are  comparable,  discrepancies  with  the  experimental  data  are  substancial  in  wall  dis¬ 
tributions;  this  is  true  even  for  the  wall  pressure  distribution,  traditionally  less  controversial. 
Mesh  refinement  near  the  wall  was  evidently  found  very  critical,  but  naturally  more  importantly 
the  treatment  of  the  boundary  condition  (catalyticity).  The  latest  results  by  Salvetti  et  al.  are 
much  closer  to  the  experiment.  A  general  observation  concerning  Navier-Stokes  calculations, 
was  that  the  scatter  in  the  stagnation  point  heating  possibly  due  different  models  was  of  the 
order  of  25  %.  A  boundary-layer  calculation  for  the  double-ellipse  case  was  also  presented  and 
appear  to  be  a  reasonable  less  costly  alternative  when  applicable. 

Concerning  equilibrium-air  flows,  at  least  three  Navier-Stokes  solutions  were  presented 
and  five  dealing  with  inviscid  flow.  In  addition,  at  the  meeting  was  shown  a  3-D  boundary- 
layer  calculation  of  non-equilibrium  flow. 

4.7  Synthesis  of  results  for  Problem  VII  (Delta  Wing) 

4.7.1  Experiments 

M.  Linde  (FFA,  Sweden)  invest  igated  the  leeside  flow  over  a  sharp  delta  wing  in  terms  of  vortical 
features  and  shock  induced  separation  test  in  the  FFA  HYP  500  hypersonic  wind  tunnel  with 
surface  oil  flow  and  pressure  measurements.  The  flow  is  conical  at  the  forward  part  of  the  wing 
whereas  on  the  rear  part  there  is  a  separated  region  with  recirculating  flow. 

J.  Allegro.  X.  Heriard  Dubreuilh  and  M.  Baffin  (CNRS/SFSSIA,  Laboratoi  re  d'  Aero  therm  ique 
de  Meudon)  provided  the  density  flowfield  data  and  aerodynamic  forces  for  the  rarefied- flow 
case  around  the  delta  wing  by  tlx1  electron-beam  technique.  The  experimental  conditions  were 
characterized  by  two  rarefaction  levels  ( M ^  =  20.2,  Rt  i  =  2050  and  ,V/.X,  =  20,  Rei  —  8380). 

Experiments  were  carried  out  in  the  hypersonic  vacuum  wind  tunnel  V2G  in  Gottingen 
by  Ch.  II.  Chun  (l)LR  Gottingen.  Germany)  around  a  different  delta  wing  with  the  freestream 
conditions  :  A/x  —  21,  R(/,  —  2.0  x  lb1,  at  angles  of  attack  a  between  0”  and  30"  for  the  heat 
flux  measurements,  and  o  between  0"  and  10"  for  the  force  measurements, 

II.  Legge  (I)LR  Gottingen.  Germany)  provide  force  and  heat  transfer  measurements  of 
rarefied  flow  over  a  mini  della  wingat  large  Knudsen  number  showing  complete  accommodation. 
The  covered  rarefact  ion  range  is  especially  useful  for  comparisons  with  Monte  Carlo  calculations. 

The  rarefied  flow  on  the  delta  wing  was  of  high  quality.  For  this  reason,  a  duplication  of  the 
tost  did  not  seem  necessary. 

4.7.2  Computations 

(Figures  9-10) 

The  understanding  of  vortex  structures  and  leeside  separations  constitutes  one  of  the 
major  element  in  the  analysis  of  hypersonic  flows  around  reentry  vehicles  in  atmosphere.  As 
test  case  supporting  this  objective,  the  computation  of  the  flow  around  a  Delta  Wing  was 
proposed  with  two  models  (inviscid  and  viscous  simulations). 
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For  Part  1,  the  geometry  of  a  Delta  Wing  with  a  sharp  nose  was  defined  and  a  test 
case  (VII.  1  for  inviscid  flow  and  VI  1.2  for  viscous  one)  based  on  experimental  conditions  was 
considered  (M,x.  =  7.15  arid  a  =  30°).  In  the  second  part,  a  blunt  nosed  Wing  has  been  defined 
corresponding  to  a  model  tested  at  DLR  at  M^.  —  8.7  and  a  —  30°  (test  cases  VII. 3  and  VII. 4). 
A  more  thorough  analysis  of  such  problems  was  then  possible  with  t  he  two  sets  of  solutions. 

For  the  first  geometry,  we  were  concerned  with  a  wedged  windward  side  and  a  general 
shape  close  to  a.  conical-like  shape  whereas  the  second  one  consisted  in  a  curved  windward  side 
with  a  general  shape  far  from  being  a  conical-like  one.  Consequently,  the  flow  solution  is  more 
or  less  autosimilar  in  .r-planes  for  the  first  geometry  whereas  solution  evolves  with  the  space 
direction  .<  for  the  second  one.  The  sharp  nose  is  good  leeside  vortex  generator  while  no  vortex 
sheet  appears  for  the  blunted  nose  wing.  These  remarks  are  illustrated  by  numerical  results 
provided  by  ON  ERA. 

For  Part  II.  contributors  concentrated  much  on  the  test  cases  VII. 3  and  VII. 4.  Eight 
computations  wer  performed  for  the  inviscid  case  with  meshes  ranging  from  1 10,000  to  2.000.000 
nodes  ( t  his  contribution  can  be  considered  as  a  reference  solul  ion )  for  structured  grid  approaches 
and  of  about  70,000  nodes  for  the  two  mist  met  ured  grid  methods.  Concerning  test  case  VI  1.4 
(viscous  flow),  seven  contributors  participated  with  meshes  ranging  from  about  300,000  to 
1.000.000  nodes. 

4.7.3  Conclusions  for  the  inviscid  flow  solutions 

Although  a  good  agreement  was  found  in  the  evaluation  of  pressure  coefficients,  two  families 
of  solutions  were  obtained  when  considering  Mach  number  distribution  on  t lie*  leeside.  Some 
contributions  show  a  large  Mach  number  peak  due  to  the  very  strong  expansion  at  the  leading 
edge.  This  peak  was  found  in  the  ON  ERA  computation  with  the  very  fine  grid  but  no  real 
conclusive  interpretation  has  yet  been  given.  A  strong  grid  sensitivity  on  leeward  was  revealed 
for  all  approaches  and  in  particular  in  the  DASSAULT  solutions.  It  has  been  noticed  that  a 
total  temperature  loss  of  about  3.5V  was  obtained  among  the  most  accurate  solutions. 

4.7.4  Conclusions  for  the  viscous  flow  solutions 

Comparisons  of  the  numerical  solutions  with  the  experimental  curves  were  available.  Computed 
Stanton  numbers  have  been  found  noticeably  higher  than  the  experimental  values.  A  good 
qualitative  agreement  was  however  found. 

This  test  case  was  computed  wit  h  different  flow  modelixat  ions  ( Eider  solver  with  boundary 
layer  analysis.  Parabolized  Navier-Stokcs  solver  and  Navier-Stokes  solvers)  and  all  the  numerical 
results  provide  a  remarkable  numerical  agreement  for  Stanton  numbers. 

4.7.5  Conclusions  for  the  rarefied  flow  solutions 
(Eigure  11) 

The  classical  Bird  DSMC  method  and  a  variant,  which  is  referred  to  as  the  Finite-Pointset 
Method  (EPM)  introduced  by  the  l  diversity  of  Kaiserslautern,  were  employed  to  compute 
rarefied  gas  flow  cases.  It  is  evident  that  both  of  the  computations  are  of  very  high  standard 
and  they  yield  almost  identical  results  for  the  overall  flux  quantities.  It  has  been  demonstrated 
that  these  methods  are  capable  of  predic  t  ing  complex  flows  in  which  molecular  non-equilibrium 
effects  are  piescut. 
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4.8  Synthesis  of  results  for  Problem  VIII  (Arc  Jet  and  Shock 
Tube) 

4.8.1  Experiments 

The  purpose  of  this  test  case  was  to  obtain  a  better  understanding  of  the  non-equilibrium 
fiowficld  of  a  high-enthalpy  plasma  tunnel  which  serves  to  study  the  thermal  protection  system 
of  future  spacecraft. 

J.  M.  I,eger,  J.  F.  Coudert.  A.  Grimaud  and  P.  Faucliais  ( University  of  Limoges,  France) 
measured  tlie  temperature  fields  of  d.c.  nitrogen  plasma  jets  in  a  controlled  atmosphere  chamber 
filled  with  nitrogen  at  pressure  between  13  and  100  KPa  by  emission  sp<*ctroscopy.  Non- 
equilibrium  effects  were  shown  with  significant  difference's  between  rotational,  population  and 
excitation  temperatures.  Recently,  they  provided  the  entrance  velocity  distribution  mar  the 
axis  for  a  better  specification  of  the  initial  condition. 

4.8.2  Computations 

(Figure  12) 

Arc  Jet 

The  comparison  between  computational  contribut  ions  could  not  be  performed  in  sufficient 
details  because  of  the  differences  in  the  assumed  chemistry  composition  at  the  inlet  cross  sect  ion. 
Comparing  the  calculated  values  with  the  measurements,  the  trends  were  the  following  : 

-  the  calculated  values  of  Tvoi  and  7(,|(>  seem  underestimated  along  the  jet  axis, 

-  the  difference  of  this  two  variables  was  less  in  the  computations  than  in  the  experiments. 

The  computational  validation  has  recently  been  improved  since  additional  velocity  distri¬ 
bution  in  the  plasma  was  made  available  from  the  experiments.  CFD  tools  seem  more  powerful 
than  anticipated  for  a  so  complex  and  difficult  test  case.  A  logical  follow  up  of  this  test  case 
would  be  an  arc  jet  with  air  surrounded  by  expanding  nozzle  to  better  simulate  industrial 
plasma  tunnels. 

Nozzle  Flow 

The  purpose  of  this  test  case  was  to  validate  the  computational  tools  which  are  mandatory 
for  the  correct  interpretation  of  the  measurements  made  on  models  in  high  enthalpy  facilities. 

As  no  experimental  results  are  available,  only  code-to-code  comparisons  have  been  made. 
From  the  computations,  it  appeared  that  the  resulls  are  mostly  sensitive  to  : 

-  numerical  approximation  (scheme  and  mesh). 

-  inclusion  of  thermal  non-equilibrium; 

however,  the  following  parameters  seem  to  play  a  lesser  role  : 

-  choice  of  vibrational  model, 

-  inclusion  of  V-T,  V-V  exchange  models, 

-  2- 1)  approximation  rather  than  1-1). 

Finally,  it  was  noted  that  a  systematic  sensitivity  study  of  the  chemical  model  woidd  be 
necessary. 

5  Conclusion  and  Further  Comments 

The  Antibes  Workshop  has  permitted  a  better  assessment  of  some  of  the  performance  and  limits 
of  modern  CFD  tools  applied  to  hypersonic  flow  computations.  The  necessity  of  bringing  to¬ 
gether  fluid  mechanicists,  specialists  of  physico-chemical  modeling,  numerical  analysts,  applied 
mathematicians  is  obvious  since  the  full  understanding  of  hypersonic  flows  cannot  be  achieved 
by  either  community  alone.  This  type  of  scientific  validation  workshop  contributes  to  reduce 
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uncertainties  in  the  design  of  spaceplanes  [5].  Evidently,  a  limited  number  of  experiments,  or 
alternatively,  an  approach  based  solely  on  computations,  would  not  permit  a  total  confidence 
in  hypersonic  design  tools. 

By  tlie  number  of  participants,  the  quality  of  experimental  and  computational  data  ob¬ 
tained  despite  the  difficulty  involved,  and  the  material  presented,  this  first  open  workshop  in 
Hypersonics  has  been  a  good  achievement. 

From  a  technical  point  of  view,  it  appeared  that  the  computation  of  Eulerian  flows  was 
now  well  achieved  by  current  approximation  methods  provided  sufficient  efforts  were  devoted  to 
the  mesh  quality  in  particular.  However,  the  computation  of  complex  viscous  and/or  rarefied 
flows,  possibly  turbulent  or  reactive,  or  both,  is  still  a  great  challenge.  These  require  good 
numerics,  but  also  adequate  models  still  under  investigation,  and  experiments  of  high  standard 
for  the  validation. 

The  validation  process  will  continue  using  some  the  <  ..Pa  collected  at  the  occasion  of 
this  workshop.  A  European  Hypersonic  Da/a  Base  (EH  )  is  currently  being  set  up  at  I.NRIA 
Sophia  Antipolis,  France  and  will  be  accessible  by  networks.  The  objective  is  to  offer  experts 
in  this  field  a  means  to  evaluate  novel  ('I'D  methodologies  using  existing  data  related  to  the 
workshop  test  problems. 

The  great  challenge  for  the  forthcoming  years  with  available  massively  parallel  comput¬ 
ing  facilities  is  to  conduct  experiments  and  computations  of  three-dimensional  complex  flows 
including  transition,  separation  and  real -gas  effects  [1].  This  will  undoubtedly  be  the  focus  of 
the  future  workshops. 
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Stanton  numbers  In  the  sectional  cut  0.?  m  behind  leading  edge. 


Oil  flow  visualisation  technique  applied  to  the  corner  flow. 


Figure  1  :  Stanton  number  in  I  lie  sectional  cut  O.'im  behind  leading  edge:  oil  flow  visualiz  ation 
(Henrkels  et  al.j. 
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SKin-friction  (bottom)  and  Stanton  number  (top)  distributions  at 
the  watt  in  the  symmetry  plane  of  the  laminar  flow  past  a  double 
ellipsoid,  test  case  6.1-8. 


Figure  5  :  Wall  Stanton  huiuImt  and  skin  friction  coefficient  in  symmetry  plan*'  Xavier  Stok< 
inert  flow  (from  Part  1). 
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TEMPERATURE  (*  1000  K)  ON  THE  BODY  SURFACE 


x  (m) 


ATOMIC  NITROGEN  (Y„  x  10)  ON  THE  BODY  SURFACE 


-  Fey  et  al.  (5)  (ETH  Zentrum)  (symbol:  o  ) 

•  Vos  et  al.  (8)  (EPFL-CERFACS)  (symbol:  +  ) 

•  Botta  et  al.  (36-A)  (INRIA  Sophia  Antipolis)  (symbol:  o  ) 

-  Borelli  et  al.  (87)  (CIRA-Politecnico  di  Torino)  (symbol:  x  ) 

•  Sabetta  et  al.  (67)  (Universith  di  Roma)  (Test  Case  6.2-1)  (solid  line) 

•  Salvetti  et  al.  (36-B)  (dashed  line). 


Figure  G  :  2-!)  non-equilibrium  Kulerian  flow  computations  (temperature  and  atomic  nitrogen 
on  body  surface)  (test  case  G.2.2) 
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:  Wall  pn-ssurc  coell'u  ieni  and  Stanton  number  in  (lie  symmetry  plane  (Vetter  et  al.) 
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Sectional  rut  of  Stanton  number  distribution  in  spannisc  direction  180  mm 
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Figure  10  :  ( 'onijuirison  <>l  Si  a  lit  on  imiiiiImt  <  I  i  t  rilmt  ions  in  span  wist'  direct  ion.  1  10  linn  and  1 00 
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DELTA  WING  COEFFICIENT  OF  PITCHING  MOMENT 
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Gas  density  distribution  (p/p..)  in  the  plane  of 
symmetry  o!  the  delta  wing  at  30  Incidence  angle. 


l’igurr’  !1  :  Pitching  moment  cucllit  imt  and  density  llowlield  in  ihe  j»Uuu*  t 
a  -  calculated  results  compared  wit li  experimental  data  (test  case  \  11.5). 
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Figure  12  :  1’lf'ft  ron  ic  t  oment  rat  ion  (x=3  mm):  translational  temperature  (x=.01.‘I  m)  (VIII. 1); 
Temperature*  along  symmetry  axis  (Mulard  ft  a  1 . ) ;  2-1)  viseous  results  (VIII. 2). 
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1.  ABSTRACT 

Accurate  predictions  of  the  effects  of  shock  wave  tur¬ 
bulent  boundary  layer  interactions  are  of  particular 
importance  in  the  design  of  hypersonic  vehicles.  Such 
flows  can  generate  intense  heat  transfer  rates  and  pres¬ 
sure  levels,  complex  large-scale  unsteady  separated 
flows,  and  large-amplitude  fluctuating  loads.  With  in¬ 
creased  reliance  on  computation,  it  is  critical  that  the 
predictions  are  accurate.  Thus,  it  is  imperative  that 
such  codes  be  validated  and  calibrated  and  deficiencies 
be  identified  and  rectified. 

Comparison  of  the  predictions  of  CFD  codes  with 
experimental  data  is  the  key  element  of  the  valida¬ 
tion  process.  However,  drawing  meaningful  conclu¬ 
sions  about  the  strengths  and  weaknesses  of  solution 
methodologies  or  of  turbulence  models  from  these  com¬ 
parisons  is  not  a  trivial  task.  As  recently  stated  by 
Jameson,  “Simply  comparing  experimental  data  with 
numerical  results  provides  no  way  to  distinguish  the 
source  of  the  discrepancies,  whether  they  are  due  to 
faulty  numerical  approximation  or  programming,  or  to 
deviations  between  the  math  model  and  true  physics.” 
The  conclusions  drawn  may  be  quite  misleading  if  it  is 
not  clearly  understood  what  the  computations  repre¬ 
sent  and  what  the  experimental  data  represent.  This 
paper  discusses  why  it  is  important  to  know  how  ex¬ 
perimental  mean  flowfield  and  surface  data  being  used 
for  comparison  with  CFD  are  generated.  If  the  flow- 
fields  exhibit  local  or  global  large-scale  unsteadiness, 
then  such  mean  measurements,  which  form  the  bulk 
of  the  existing  data  base,  may  mask  the  underlying 
flow  physics  and  be  inappropriate  for  comparison  with 
computation. 

2.  INTRODUCTION 

The  January  and  February  1992  editions  of  Aerospace 
America  (a  publication  of  the  American  Institute  of 
Aeronautics  and  Astronautics)  were  largely  devoted 
to  “a  perspective  on  aerospace  computational  fluid  dy¬ 
namics.”  Articles  authored  by  both  practitioners  and 
program  managers  discussed  the  military,  industrial, 


and  academic  perspectives  of  CFD,  not  only  in  terms 
of  the  technical  challenges,  but  also  in  terms  of  the 
economic  and  political  issues.  The  objective  of  the 
current  paper  can  probably  best  be  introduced  by  ex¬ 
tracting  a  few  sentences  from  one  of  these  recent  arti¬ 
cles.  The  author  is  Professor  A.  Jameson  of  Princeton 
University,  New  Jersey,  who  writes:1  “Code  validation 
is  increasingly  being  recognized  as  being  vital  to  rais¬ 
ing  confidence  in  CFD  use.  In  considering  this  re¬ 
quirement,  it  is  important  to  distinguish  between  the 
correctness  of  the  program  and  the  suitability  of  the 
math  model  to  the  application.  Simply  comparing  ex¬ 
perimental  data  with  numerical  results  provides  no  way 
to  distinguish  the  source  of  the  discrepancies,  whether 
they  are  due  to  faulty  numerical  approximation  or  pro¬ 
gramming,  or  to  deviations  between  the  math  model  and 
the  true  physics .”  (text  italicized  by  current  author) 
The  difficulty  of  determining  the  deviation  between 
the  “math  model  and  the  true  physics”  is  the  topic  of 
the  current  paper. 

The  emphasis  in  this  paper  is  on  high  speed  flows  and 
shock  wave  turbulent  boundary  layer  interactions  in 
particular.  A  large  fraction  of  the  examples  cited  are 
drawn  from  studies  of  turbulent  unswept  compression 
ramp  interactions.  A  schematic  of  the  compression 
ramp  geometry  and  the  coordinate  system  employed 
in  the  paper  are  shown  in  Fig.  1.  Such  flows  have 
been  studied  experimentally  since  the  1950’s,  and  re¬ 
sults  from  such  experiments  have  been  widely  used  for 
comparison  with  numerical  work  since  the  1970’s.  The 
nominal  two-dimensionality  of  such  flows  permits  rel¬ 
atively  rapid  computations,  at  least  compared  to  fully 
three-dimensional  flows,  and  thus  they  would  appear 
to  be  a  suitable  flowfield  candidate  to  evaluate  tur¬ 
bulence  models  and  solution  algorithms.  In  the  next 
section,  some  examples  are  given  of  the  comparison 
between  experiment  and  computation  for  such  flows. 
Some  remarks  are  then  offered  which  suggest  that  a 
“fundamental  deviation  between  the  math  model  and 
the  true  physics,”  namely  the  global  unsteadiness  of 
the  experimental  flowfield,  which  is  not  modelled  nu¬ 
merically,  may  be  the  primary  contributor  to  the  dis¬ 
crepancies  between  computation  and  experiment. 
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3.  UNSWEPT  COMPRESSION  RAMP  IN¬ 
TERACTIONS 

3.1  Hypersonic  Flows 

Figure  2  shows  comparisons  of  the  normalized  wall 
pressure  from  computations  and  experiment  for  tur¬ 
bulent  flow  over  a  34  deg.  compression  ramp  at  Mach 
9.22.  The  data  are  those  of  Coleman2  and  Coleman 
and  Stollery,3  and  the  computations  were  made  by 
Horstman4  using  the  fc-e,  Cebeci-Smith,  and  Baldwin- 
Lomax  turbulence  models.  The  computations  em¬ 
ploy  the  time-dependent,  mass-weighted,  Reynolds- 
averaged,  Navier-Stokes  equations  for  2-D  flow  and  are 
solved  using  the  MacCormack  explicit-implicit,  second 
order  predictor-corrector,  finite  volume  method.  The 
purpose  of  Horstman’s  study  was  to  assess  how  well 
these  turbulence  models,  which  have  been  widely  used 
in  transonic  and  supersonic  flows  and  have  met  with 
some  success,  fare  in  hypersonic  flows.  It  was  not  as¬ 
sumed,  a  priori,  that  they  were  suitable  for  hypersonic 
flow.  Indeed,  as  indicated  on  the  figure,  modifications 
were  made  to  the  fc-e  model  to  include  hypersonic  ef¬ 
fects.  The  modifications  to  the  fc-e  model,  indicated 
in  the  legend  of  Fig.  2,  are  as  follows:  (i)  Mod  A  -  a 
correction  to  the  e  equation  to  account  for  the  effect 
of  rapid  compression  on  the  turbulent  length  scale; 
(ii)  Mod  B  -  corrections  to  both  the  fc  and  e  equa¬ 
tions  to  model  the  additional  terms  which  appear  af¬ 
ter  mass-averaging;  and  (iii)  Mod  C  -  a  correction  to 
the  turbulent  stress  terms  for  the  density  fluctuations. 
Details  of  each  correction  and  its  implementation  are 
described  in  Ref.  4. 

Before  commenting  on  Fig.  2,  one  further  set  of  com¬ 
parisons  is  shown  in  Fig.  3.  This  figure  shows  com¬ 
parisons  of  the  same  numerical  approaches  with  the 
Mach  11.3  data  of  Holden.5  In  this  case  the  flowfield 
is  generated  by  an  incident  shock  wave  generated  by 
a  wedge.  In  both  the  Mach  9  and  1 1  experiments,  the 
wall  temperature  ratios  are  similar  (Tw/Tq  =  0.28  and 
0.19,  respectively)  and  the  Reynolds  numbers  differ 
only  by  a  factor  of  two.  In  both  cases,  it  can  be  seen 
that  the  major  discrepancies  occur  upstream  of  the 
ramp  corner.  In  Fig.  2  the  Cebeci-Smith  model  pre¬ 
dicts  the  wall  pressure  distribution  quite  well.  The  fc-e 
model  underpredicts  the  upstream  influence,  whereas 
with  Mods  A,  B,  and  C  it  is  overpredicted.  In  con¬ 
trast,  at  Mach  11  (Fig.  3)  the  Cebeci-Smith  (and  fc-e) 
models  are  now  the  worst,  and  the  fc-e  with  Mod  C 
does  the  best.  In  fact,  none  of  these  predictions  can 
be  considered  satisfactory  upstream  of  the  corner  for 
the  Mach  1 1  flow. 

In  Ref.  4  Horstman  states,  “Two  features  of  shock 
wave  boundary  layer  interaction  flows  which  are  prob¬ 
ably  of  most  interest  to  the  designer  are  the  maximum 
heat  transfer  near  reattachment  and  the  length  of  the 


separation  zone.”  Comparisons  of  the  measured  and 
predicted  values  of  (<7max/9oo)  and  the  separation  lo¬ 
cations  are  shown  in  Figs.  4  and  5,  respectively,  for 
the  Mach  9.22  compression  ramp  experiment.  Note 
that  the  vertical  axis  in  Fig.  4  is  logarithmic.  The 
fc-e  model  and  modifications  do  not  even  predict  the 
right  trend  of  (qm*x/Qoo)  with  a.  The  algebraic  mod¬ 
els  predict  the  trend  with  a  better  but  underpredict 
the  separated  cases  (a  >  30  deg.).  Figure  5  shows  that 
the  trends  for  the  separation  location  are  generally  cor¬ 
rect  for  all  models,  but  only  the  Cebeci-Smith  model 
predicts  the  values  quantitatively.  That  the  latter  re¬ 
sult  is  probably  fortuitous  is  evident  in  Fig.  6,  which 
shows  similar  comparisons  at  Mach  11.  In  this  case, 
the  Cebeci-Smith  model  is  the  worst.  It  is  not  just  the 
maximum  heating  rate  in  the  compression  ramp  in¬ 
teraction  that  is  inadequately  captured  by  any  of  the 
codes.  The  shape  of  the  heat  transfer  rate  throughout 
the  interaction  is  also  poorly  predicted  (Fig.  7).  The 
same  remark  applies  to  the  heat  transfer  rate  distribu¬ 
tion  in  the  incident  shock  wave  experiment  of  Holden 
(Fig.  8). 

In  Ref.  4  Horstman  also  points  out  that:  “Exper¬ 
imenters  have  observed  large  unsteadiness  for  sepa¬ 
rated  supersonic  shock  wave  turbulent  boundary  layer 
interaction  flows.  There  is  no  reason  to  doubt  that 
unsteadiness  is  also  present  for  the  hypersonic  test 
flows  considered  here.  These  unsteady  effects  can  at 
times  dominate  the  flowfield.”  It  was  also  pointed 
out  that  “the  computations  show  no  sign  of  unsteadi¬ 
ness.  There  is  also  no  apparent  mechanism  in  the 
present  day  eddy  viscosity  models  for  the  observed 
unsteadiness.  This  may  be  an  important  factor  that 
contributes  to  the  discrepancies  between  the  predicted 
and  measured  results.” 

The  present  author  believes  that  the  “may  be”  of  the 
last  sentence  should  be  replaced  by  “is”;  not  only  is 
the  unsteadiness  an  important  factor  that  contributes 
to  the  discrepancies  between  experiment  and  CFD  but 
fiowfields  of  this  type  cannot  be  understood  in  terms 
of  mean  measurements  alone.  Without  an  understand¬ 
ing  of  the  dynamics  of  these  flowfields,  comparisons  of 
mean  surface  and  flowfield  measurements  with  compu¬ 
tations  can  lead  to  very  misleading  conclusions  about 
a  given  algorithm  or  turbulence  model.  These  state¬ 
ments  are  based  on  what  is  now  known  of  the  un¬ 
steadiness  of  similar  interactions  at  lower  Mach  num¬ 
bers.  The  considerable  body  of  work  done  under  those 
conditions  has  shown  quite  clearly  how  mean  measure¬ 
ments  in  such  unsteady  flowfields  are  generated,  what 
they  represent  physically,  and  why  the  comparisons 
of  experiment  and  computation  are  poor.  A  brief  de¬ 
scription  of  some  of  this  recent  work  is  the  focus  of 
the  remainder  of  this  paper.  For  details,  the  reader  is 
referred  to  the  cited  references. 
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3.2  Supersonic  Flows 

Numerous  computations,  using  a  variety  of  turbulence 
models,  have  been  made  of  the  24  deg.  Mach  3  unswept 
compression  ramp  experiment  of  Settles.6  Four  sets  of 
computed  wall  pressure  distributions  for  this  flow  are 
shown  in  Fig.  9.  Similar  to  the  hypersonic  results  of 
Figs.  2  and  3,  the  major  discrepancies  are  upstream  of 
the  comer.  Figure  9a  shows  those  calculated  by  Viegas 
and  Horstman7  using  turbulence  models  available  in 
1979;  Fig.  9b  shows  these  calculated  by  Viegas  et  al.8 
in  1985  using  the  k-e  model  and  employing  both  wall 
functions  and  integration  to  the  wall  (The  experimen¬ 
tal  data  of  Dolling  and  Murphy1 1  are  also  shown  in  Fig. 
9b.  These  data  are  time-averages  of  fluctuating  wall 
pressure  signals  rather  than  single  value  mean  mea¬ 
surements  from  scani-valves,  as  obtained  by  Settles.); 
Fig.  9c  shows  the  results  of  Champney,9  presented  in 
1989,  using  more  recent  turbulence  models;  while  Fig. 
9d  shows  the  most  recent  computations  by  Wilcox,10 
using  his  new  “multi-scale”  model  and  the  fc-cj  model. 
Champney ’s  work  includes  calculations  made  using  the 
turbulence  model  of  Mansour  and  Shih,  which  was  de¬ 
rived  from  direct  simulation  data  for  a  channel  flow 
and  applied  for  the  first  time  to  a  compressible  flow 
by  Champney.  Details  are  given  in  Ref.  9,  The  com¬ 
putations  share  certain  common  features— a  generally 
steeper  pressure  gradient  up  through  separation  to  the 
comer  and  a  higher  “plateau”  level  upstream  of  the 
corner  than  in  the  experiment.  The  k-v  model  of 
Fig.  9d  is  an  exception  to  the  latter  and  predicts  the 
plateau  pressure  fairly  well,  but  the  upstream  influence 
is  substantially  underpredicted.  Of  all  the  computa¬ 
tions,  Wilcox’s  “multi-scale”  model  is  superior;  both 
upstream  influence  and  plateau  pressure  levels  are  pre¬ 
dicted  quite  well.  The  multi-scale  model  employs  a 
physically  more  realistic  description  of  the  Reynolds 
stress  tensor  which  is  probably  partly  responsible  for 
the  overall  improved  comparison  with  the  experiment. 
However,  neither  the  multi-scale  model  nor  any  of  the 
other  methods  model  the  low  frequency  unsteadiness 
of  the  separated  flowficld.  In  this  sense,  as  will  be  dis¬ 
cussed  later,  the  matching  of  the  upstream  influence 
by  the  multi-scale  model  can  only  be  considered  as 
fortuitous. 


3.3  Physical  Interpretation  of  Time- Averaged 
Wall  Pressures 

As  noted  above,  the  wall  pressure  distributions  in  Set¬ 
tles’  experiment  were  measured  using  the  standard 
technique  of  wall  tappings  connected  to  a  scan  i- valve 
via  several  feet  of  plastic  tubing.  Such  a  system  has  es¬ 
sentially  zero  frequency  response,  and  the  correspond¬ 
ing  wall  pressures  are  mean  values.  Later  measure¬ 
ments  made  using  high  frequency  response  wall  pres¬ 


sure  transducers  in  the  same  flowfield  show  that  the 
distributions  of  the  rms  of  the  wall  pressure  fluctu¬ 
ations,  apw,  exhibit  2  peaks — one  near  separation, 
the  other  near  reattachment11  (Fig.  10).  The  rapid 
rise  of  rms  upstream  of  separation  is  a  common  fea¬ 
ture  of  2-D  and  3-D  shock-induced  turbulent  separated 
flows.12  The  relative  amplitude  of  the  fluctuations  in 
this  region  is  extremely  large,  with  the  maximum  value 
of  apw  being  a  significant  fraction  of  the  local  mean 
value,  Pw.  This  large  rise  in  rms  is  not  due  to  tur¬ 
bulence  amplification  through  the  initial  compression, 
but  is  directly  attributable  to  unsteadiness  of  the  sepa¬ 
ration  shock  wave.  That  the  physical  cause  is  the  sep¬ 
aration  shock  wave  motion  can  be  seen  from  the  pres¬ 
sure  signals.  Two  examples,  at  X/6o  =  —2.1  and-2.3, 
are  shown  in  Fig.  11.  In  each  case,  the  mean  wall 
pressure,  Pw,  is  indicated  and,  for  reference,  the  in¬ 
coming  boundary-layer  wall  pressure  signature  is  also 
shown.  The  instantaneous  wall  pressure,  Pw,  is  inter¬ 
mittent,  jumping  randomly  back  and  forth  from  the 
range  characteristic  of  the  undisturbed  boundary  layer 
to  a  higher  level  corresponding  to  flow  downstream  of 
the  separation  shock.  Pw  is  generated  by  the  super¬ 
position  of  very  large  amplitude  fluctuations  on  the 
undisturbed  boundary  layer  pressure  signal,  and  Pw 
increases  in  the  downstream  direction  because  the  “in- 
termittency”  (i.e.,  the  fraction  of  time  the  flowfield  is 
disturbed)  progressively  increases. 

At  each  station  under  the  unsteady  separation  shock 
wave,  the  “intermittency”  can  be  easily  calculated.  It 
is  simply  the  fraction  of  the  total  time  that  the  sep¬ 
aration  shock  wave  spends  upstream  of  the  given  sta¬ 
tion.  Figure  12  shows  that  the  entire  region  upstream 
of  the  separation  line  'S’  is  intermittent.  Both  curves 
have  the  same  shape  and  are  displaced  from  one  an¬ 
other  due  to  the  change  in  interaction  length  scale  with 
So .  The  length  of  the  intermittent  region,  Lit  is  about 
0.75-0.95o  in  both  cases.  Since  long  sampling  times 
are  needed  to  define  7  accurately  when  it  is  less  than 
about  0.02  to  0.03,  a  more  accurate  comparison  of  the 
two  cases  can  be  made  by  defining  Li  as  the  distance 
over  which  7  increases  from  about  0.04  to  0.99.  This 
gives  0.6 So  in  both  cases  and  represents  the  region  over 
which  Pw/Pwo  increases  from  about  1.03  to  about  1.7. 

Similar  distributions  of  mean  wall  pressure  and  rms 
of  the  fluctuations  have  been  measured  by  Erengil  and 
Dolling  (Fig.  13)  in  separated  compression  ramp  inter¬ 
actions  at  Mach  5. 13  The  corresponding  intermittency 
distribution  (fitted  to  the  curve  of  the  error  function)  is 
shown  in  Fig.  14.  Similar  to  the  Mach  3  results  shown 
earlier,  the  entire  flowfield  upstream  of  the  separation 
line  is  intermittent,  with  a  length  scale  of  approxi¬ 
mately  lf>o.  Figure  14  also  shows  the  zero-crossing 
frequency  distribution.  The  zero-crossing  frequency 
is  defined  simply  as  the  frequency  of  shock  crossings 
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over  a  given  transducer  in  the  intermittent  region.  The 
maximum  value  in  the  Mach  5  flow,  about  1  kHz,  is 
typical  of  that  measured  in  a  wide  variety  of  inter¬ 
active  flows  under  similar  conditions. 12  Thus  this  re¬ 
gion  of  the  flowfield  is  characterized  by  an  unsteady 
separation  shock  whose  motion  is  large-scale  and  low 
frequency  (i.e.,  low  compared  to  the  characteristic  fre¬ 
quency  of  the  incoming  flow,  U^/Sq). 


Erengil  and  Dolling  also  calculated  ensemble-averaged 
pressures  Pe/a  from  the  shock  foot  to  the  ramp  corner, 
generated  by  “freezing”  the  shock  at  various  positions 
in  the  intermittent  region.  These  are  plotted  vs.  X/So 
in  Fig.  15.  In  the  schematic  at  the  top  of  the  figure, 
filled  markers  shown  an  example  of  four  simultaneously 
sampled  transducer  positions.  (The  “crossed”  mark¬ 
ers  indicate  the  other  positions  at  which  ensemble- 
averaged  pressures  were  obtained.)  The  symbol  n  rep¬ 
resents  the  position  of  the  shock  in  the  intermittent 
region,  and  i  is  used  to  indicate  the  distance  from  the 
foot  of  the  separation  shock  to  the  position  of  inter¬ 
est.  The  solid  line  in  the  Fig.  15  is  the  mean  pres¬ 
sure  distribution,  obtained  by  averaging  at  each  sta¬ 
tion  the  pressure  values  shown  in  Fig.  13.  Each  one  of 
the  dashed-line  curves  was  generated  by  freezing  the 
shock  at  a  given  position  in  the  intermittent  region  as 
it  moved  upstream  and  ensemble-averaging  on  each  of 
the  downstream  channels. 


Three  features  are  evident.  First,  Pe/a  in  the  sep¬ 
arated  flow  within  about  16o  upstream  of  the  ramp 
comer  is  relatively  insensitive  to  the  shock  position 
in  the  intermittent  region  (i.e.,  the  difference  between 
the  pressure  values  when  shock  is  furthest  upstream 
and  when  it  is  furthest  downstream  is  only  a  few  per¬ 
cent).  Second,  for  the  “shock-upstream”  case,  the 
ensemble-averaged  pressure  distribution  has  a  well- 
defined  plateau  region,  consistent  with  a  large-scale 
separated  flow.  As  the  shock  moves  toward  its  most 
downstream  position,  the  ensemble-averaged  pressure 
distribution  progressively  changes,  finally  resembling 
that  typical  of  a  small-scale  separated  flow.  The  data 
presented  are  for  upstream  motion  of  the  separation 
shock;  similar  results  were  obtained  for  downstream 
motion  as  well.  Using  similar  ensemble-averaging 
methods,  Erengil  and  Dolling  also  showed  that  (i)  the 
separation  shock  wave  strength  was  a  function  of  its 
position  in  the  intermittent  region,  (ii)  the  separa¬ 
tion  shock  is  followed  by  compression  waves  whose 
strength  decreases  with  distance  from  the  shock  foot, 
and  (iii)  the  compression  following  the  shock  becomes 
stronger  as  the  shock  moves  downstream.  The  struc¬ 
ture  was  independent  of  the  direction  of  motion  of  the 
shock  wave. 


3.4  Implication  for  Computations  of  Flow  Up¬ 
stream  of  the  Corner 

The  discussion  above  shows  clearly  how  the  time- 
averaged  results  are  generated.  It  is  the  occasional 
presence  of  the  unsteady  shock  at  the  upstream  influ¬ 
ence  line  (UI)  which  first  increases  the  mean  wall  pres¬ 
sure  above  the  undisturbed  value.  Most  of  the  time  the 
pressure  at  UI  is  within  the  undisturbed  range  typical 
of  the  incoming  boundary  layer.  The  mean  pressure 
rises  downstream  of  UI  because  the  translating  shock 
spends  an  increasing  amount  of  time  upstream  of  sta¬ 
tions  nearer  the  separation  line.  What  is,  in  an  instan¬ 
taneous  snapshot,  an  abrupt  pressure  rise  across  the 
separation  shock,  is  smeared  out  from  UI  to  S  in  the 
time-averaged  picture  by  the  shock  motion. 

Modeling  fhe  flowfield  with  a  stationary  separation 
shock  cannot  simultaneously  generate  the  correct  up¬ 
stream  influence  (as  usually  defined)  and  the  correct 
time-averaged  wall  pressure.  Even  if  the  upstream  in¬ 
fluence  matches  the  experiment  (as  it  does  in  several 
of  the  computations  in  Fig.  9),  the  pressure  distribu¬ 
tion  is  generally  incorrect.  This  is  because  the  sta¬ 
tionary  shock  model  essentially  produces  an  instanta¬ 
neous  snapshot  of  the  flowfield  (i.e.,  one  of  the  “shock 
frozen”  distributions  of  Fig.  15).  In  the  case  just  cited, 
the  separation  shock  is  close  to  the  experimental  up¬ 
stream  influence  line.  In  the  experiment,  the  mean 
pressure  at  any  given  point  is  the  weighted  average  of 
a  series  of  instantaneous  flowfields,  each  for  the  sepa¬ 
ration  shock  at  a  different  streamwise  position.  This  is 
evident  from  Fig.  15,  which  showed  ensemble-averaged 
streamwise  pressures,  Pe/a>  from  the  shock  foot  to  the 
ramp  oomer,  generated  by  “freezing”  the  separation 
shock  at  various  positions  in  the  intermittent  region. 
Mean  surface  properties  in  an  unsteady  flowfield  can¬ 
not  be  reproduced  by  a  model  in  which  the  shock  (even 
if  successfully  modeled  as  a  discontinuity)  is  station¬ 
ary.  The  only  way  in  which  both  the  correct  upstream 
influence  and  pressure  distribution  can  be  generated 
is  to  include  the  translating  shock  front  in  the  model¬ 
ing.  Time- averaging  the  computed  wall  pressures  over 
many  time  steps  (as  is  actually  done  in  either  digital  or 
analog  fashion  in  the  experiment)  should  substantially 
improve  the  comparison  with  experiment,  irrespective 
of  the  turbulence  model. 

3.5  Physical  Meaning  of  Experimental  Separa¬ 
tion  Lines 

Surface  tracer  techniques  such  as  the  kerosene- 
lampblack  method  are  widely  used  in  high-speed  flows 
to  find  “separation  lines”  or  “lines  of  coalescence,” 
particularly  in  shock-wave  turbulent  boundary-layer 
interactions.  These  methods  are  relatively  easy  to 
use  and  produce  highly  fefined,  repeatable  “separa- 


tion  lines.”  In  the  case  of  the  kerosene-lampblack 
method,  in  which  the  pattern  is  lifted  off  the  surface 
on  large  sheets  of  transparent  tape,  full-scale  undis¬ 
torted  records  are  obtained.  Measurements  of  angles 
and  length  scales  are  easily  made  from  these  patterns 
and  are  widely  used  for  comparison  with  numerical 
simulation  results.  The  locations  indicated  by  'S’  on 
Figs.  9-13  were  obtained  using  this  method. 

In  flows  in  which  the  separation  shock  is  highly  un¬ 
steady,  the  physi>  meaning  of  these  surface  tracer 
lines  comes  into  question.  Figure  16  shows  a  typi¬ 
cal  surface  pattern  in  an  interaction  generated  by  a 
blunt  fin  together  with  wall  pressure  signals  upstream 
of  the  separation  line.  It  is  quite  evident  that  the  shock 
moves  well  upstream  of  the  separation  line.  Does  inter¬ 
mittent  backflow  occur  upstream  of  the  surface  tracer 
line?  No  information  can  be  gleaned  from  the  flow 
visualization  since  the  surface  tracer  material  has  es¬ 
sentially  zero  frequency  response  and  indicates  only 
the  mean-wall  shear  stress  direction  (which  evidently 
acts  in  the  downstream  direction). 

In  Refs.  14  and  15,  Gramann  and  Dolling  used  condi¬ 
tional  cross- correlations  of  wall  pressure  fluctuations 
to  show  that,  in  the  case  of  an  interaction  induced 
by  a  circular  cylinder  in  a  Mach  5  turbulent  bound¬ 
ary  layer,  the  instantaneous  separation  point  is  at  or 
close  to  the  instantaneous  shock  foot  in  the  intermit¬ 
tent  region.  Hence  the  separation  point  itself  also  un¬ 
dergoes  a  large-scale,  streamwise  motion.  The  well- 
defined  separation  line  from  the  kerosene-lampblack 
pattern,  such  as  that  in  Fig.  16,  is  at  or  close  to  the 
downstream  boundary  of  a  region  of  intermittent  sep¬ 
aration. 

The  reason  why  the  surface  streak  lines  are  in  the 
downstream  direction  upstream  of  'S'  can  be  explained 
using  a  relatively  simple  model.  Consider  the  flow  on 
centerline.  If  the  instantaneous  surface  shear  stress  in 
the  intermittent  region  is  modeled  as  a  step  function, 
then  the  mean  wall  shear,  fw,  which  the  surface  streaks 
respond  to,  is  given  by 

-fw  =  (1  -  7)-fu  +  yfd 

where  ru  and  are  the  average  wall  shear  stresses  in 
the  upstream  and  downstream  zones.  The  mean  wall 
shear,  fw,  will  equal  zero  when 


Since  fu  is  the  wall  shear  stress  of  the  incoming  super¬ 
sonic  boundary  layer  and  is  at  the  upstream  bound¬ 
ary  of  the  separated  flow,  the  ratio  \fn/fi\  given  by  N, 
will  be  large.  Hence,  tw  =  0  when 

N 

7_  1  +  N 
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For  large  values  of  N,  7  is  close  to  1.  Thus,  the  mean 
shear  stress  at  the  wall  can  be  in  the  downstream  di¬ 
rection  even  when  the  flow  is  separated  for  the  major 
fraction  of  the  time. 

The  same  conditional  cross-correlation  technique  has 
also  been  employed  by  Gramann  and  Dolling  in  the 
Mach  5  compression  ramp  interaction  referred  to 
earlier.17  The  same  result  was  obtained.  It  was  also 
shown  that  the  separation  bubble  expands  and  con¬ 
tracts  at  the  same  frequencies  as  those  of  the  separa¬ 
tion  shock  wave,  generating  a  bubble  whose  stream- 
wise  length  varies  from  about  1.750  to  about  460- 
Ensemble-averaged  wall  pressure  distributions  (for  the 
separation  shock  close  to  its  upstream  and  downstream 
limits),  shown  in  Fig.  17,  show  how  the  interaction  ex¬ 
pands  and  contracts  and  how  the  overall  time-averaged 
surface  pressure  distribution  throughout  the  flowfield 
is  actually  generated. 

Recent  work  by  Erengil  and  Dolling  (Ref.  19)  shows 
that  the  physical  interpretation  of  the  line  of  coales¬ 
cence  of  the  surface  streaks  changes  with  interaction 
sweepback.  In  a  study  at  Mach  5,  wall  pressure  fluc¬ 
tuations  were  measured  upstream  of  the  ramp  corner 
line  in  interactions  generated  by  unswept,  10,  20,  25, 
30,  40,  and  50  deg.  swept  compression  ramps.  The 
streamwise  angle  was  28  deg.  in  all  cases.  Figure  18a 
shows  the  normalized  length  of  the  intermittent  region, 
Li/60,  as  a  horizontal  line  for  the  unswept  and  the 
moderately  swept  interactions  (Ac  <  20  deg.).  Since 
highly  swept  interactions  (Ac  >  25  deg.)  are  quasi- 
conically  symmetric,  it  is  more  appropriate  to  define 
the  intermittent  region  length  in  terms  of  an  angu¬ 
lar  increment  rather  than  in  terms  of  f>o-  Figure  18b 
shows  the  angular  extent  of  the  intermittent  region  by 
a  vertical  line  drawn  from  Ao  to  X\.  Here,  Ao  and  Aj 
are  the  sweepback  angles  of  rays  along  which  the  in- 
termittency  is  about  0.02  and  about  0.98,  respectively. 
In  this  representation,  each  line  forms  a  scale  ranging 
from  7  «  0.98  to  7  w  0.02.  The  relative  position  of 
the  separation  line  from  the  flow  visualization  is  also 
indicated  on  each  of  these  lines.  The  decreasing  length 
of  the  horizontal  lines  (and  the  vertical  ones  in  highly 
swept  interactions)  shows  quite  clearly  the  shrinking 
of  the  intermittent  region  as  the  interaction  is  progres¬ 
sively  swept  back.  Furthermore,  the  changing  position 
of  the  marker  indicating  the  location  of  the  separation 
line  shows  that  the  separation  location  from  surface 
flow  visualization  moves  upstream  in  the  intermittent 
region  towards  lower  and  lower  values  of  intermittency. 
A  plausible  explanation  of  why  this  forward  motion  of 
the  separation  line  occurs  was  given  by  Dolling  et  al.20 
In  brief,  the  line  of  coalescence  in  surface  flow  patterns, 
i.e.,  the  separation  line,  occurs  at  a  location  where  the 
time-averaged  wall  shear  stress  is  zero  As  noted  ear¬ 
lier,  in  the  unswept  interaction,  the  wall  shear  stress  in 
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the  downstream  direction,  (rw)d,  is  much  greater  than 
the  wall  shear  stress  in  the  upstream  direction, 
such  that  the  coalescence  of  surface  streamlines  oc¬ 
curs  at  the  downstream  end  of  the  intermittent  region. 
Whereas  in  the  swept  interactions,  the  upstream  com¬ 
ponent  of  the  wall  shear  stress  increases  appreciably, 
hence  charging  the  relative  position  in  the  intermit¬ 
tent  region  where  the  time-averaged  wall  shear  stress 
is  zero.  As  a  result,  the  line  of  coalescence  of  surface 
streamlines  shifts  progressively  upstream  in  the  inter¬ 
mittent  region. 

3.6  Outgoing  Mean  Velocity  Profiles 

In  Ref.  10,  Wilcox  shows  comparisons  of  the  mean  ve¬ 
locity  profiles  in  the  Mach  3,  24  deg.  compression  ramp 
interaction,  with  predictions  from  the  k-ui  and  multi¬ 
scale  turbulence  models.  Examples  are  shown  in  Fig. 
19.  Downstream  of  the  comer  ( S/Sq  =  0.44  to  6.18), 
the  experimental  data  are  much  fuller  than  the  com¬ 
putations  below  y/8  of  about  0.4.  Wilcox  also  com¬ 
puted  the  outgoing  mean  velocity  profiles  for  Brown’s 
experiment21  of  Mach  2.85  flow  into  a  30  deg.  axisym- 
metric  compression  corner.  These  results  are  shown  in 
Fig.  20.  Again,  below  y/60  of  about  0.4,  the  measured 
profiles  are  much  fuller  than  the  computed  profiles. 

Viegas  et  al.8  also  computed  outgoing  velocity  profiles 
for  the  20  deg.  compression  ramp  interaction  of  Settles 
at  Mach  2.8.  The  k-t  model  was  used  and  results  were 
presented  based  both  on  wall  functions  and  integration 
to  the  wall.  Profiles  at  four  stations  downstream  of  the 
corner  are  shown  in  Fig.  21 .  In  this  flowfield,  which  has 
a  relatively  small  scale  separated  flow,  experiments22 
show  that  the  separation  shock  is  also  unsteady  but 
with  a  smaller  range  of  motion  than  the  24  deg.  ramp 
under  the  same  freestream  conditions.  Again,  the  ex¬ 
perimental  profiles  near  the  wall  are  fuller  than  the 
computed  profiles. 

McClure  and  Dolling23  have  examined  how  the  out¬ 
going  mean  pitot  pressure  profiles  are  actually  gen¬ 
erated  in  a  Mach  5,  28  deg.  compression  ramp  in¬ 
teraction.  Three  cases  were  studied:  (i)  ramp  with 
suction  applied  along  a  6mm-long  slot  spanning  the 
ramp  near  the  reattachment;  (ii)  ramp  wwh  suction 
slot  exposed  to  the  flow  but  without  suction  applied; 
(iii)  baseline  case  (i.e.,  no  slot  or  suction).  Measure¬ 
ments  were  made  using  (i)  a  conventional  pitot  probe 
with  a  flattened  tip  (0.64  mm  x  2.1  mm)  with  about 
50  cm  of  pressure  tubing  between  the  probe  tip  and 
the  pressure  transducer,  and  (ii)  a  pitot  probe  with 
a  single  Kulitc  Model  XCQ-062-100A  miniature  pres¬ 
sure  transducer  projecting  upstream  of  the  tip.  The 
frequency  response  of  the  Kulitc  probe  was  about  50 
kHz. 

First,  mean  pitot  pressure  surveys  were  made  perpen¬ 


dicular  to  the  ramp  face  using  the  conventional  probe. 
Second,  simultaneous  measurements  were  made  of 
fluctuating  pitot  pressures  above  the  ramp  and  wall 
pressure  fluctuations  under  the  unsteady  separation 
shock.  Analysio  of  the  fluctuating  results  confirmed 
earlier  findings  that  the  separated  flowfield  expanded 
and  contracted  in  a  “breathing”  fashion,  and  tne  flow- 
field  unsteadiness  associated  with  the  separation  shock 
motion  extended  well  downstream  of  the  corner.  While 
the  slot-alone  and  slot-with-suction  significantly  al 
tered  the  mean  flowfield  scale,  the  dynamics  of  the 
separation  shock  were  largely  unaltered. 

Results  from  the  mean  and  fluctuating  pitot  surveys 
at  four  stations  downstream  of  the  corner  are  shown 
in  Fig.  22  for  the  baseline  and  suction  cases.  Note 
that  z  is  measured  perpendicular  to  the  ramp  face. 
The  solid  lines  are  the  mean  profiles  from  the  con¬ 
ventional  probe.  The  dashed  lines  are  “frozen”  pitot 
profiles.  “Frozen”  profiles  were  obtained  by  averaging 
pitot  pressure  values  only  for  the  condition  when  the 
upstream  separation  shock  was  located  between  two 
specified  surface  transducers.  The  intermittencies  of 
the  surface  transducer  pair  used  are  indicated  in  the 
figure  keys.  The  two  positions  correspond  to  the  sepa¬ 
ration  shock  far  “upstream”  and  “downstream.”  Also 
indicated  is  the  mean  value  from  the  fluctuating  mea¬ 
surements. 

In  both  cases  it  can  be  seen  that,  as  the  separation 
shock  moves  downstream  (to  a  location  of  higher  in- 
termittency),  the  downstream  extent  of  the  interaction 
shrinks,  and  vice  versa.  The  qualitative  behavior  is 
the  s..me  in  both  cases.  Only  the  mean  scales  differ. 
This  “breathing”  behavior  is  consistent  with  the  con¬ 
clusions  of  Kussoy  et  al.24  based  on  conditional  laser 
doppler  measurements  in  a  flared  cylinder  interaction 
and  by  Gramann  and  Dolling17  based  on  conditional 
fluctuating  surface  pressure  cross  correlations  on  the 
face  cf  a  two-dimensional  compression  corner. 

Comparison  of  the  mean  pitot  pressure  values  obtained 
from  the  conventional  pitot  probe  with  mean  values 
from  the  fluctuating  pitot  pressure  signal  <=hows  dif¬ 
ferences  at  each  station.  The  differences  have  three 
possible  causes.  First,  slight  shifts  in  survey  position 
show  up  as  differences  in  pitot  pressure.  These  dif¬ 
ferences  should  vary  from  ramp  station  to  station  but 
would  be  consistent  for  a  given  station.  It  is  estimated 
that  streamwise  probe  placement  for  a  given  ramp  po¬ 
sition  varied  by  less  than  0.065  between  conventional 
and  fluctuating  runs,  and  so  should  contribute  only 
very  slightly  to  P(  discrepancies.  This  possibility  can 
therefore  be  disregarded.  Second,  the  diameter  of  the 
fluctuating  probe  “tip”  was  2.5  times  greater  than  the 
conventional  probe  height,  which  would  tend  to  inte¬ 
grate  Pi  over  a  larger  distance  and  hence  contribute  to 
differences,  particularly  in  regions  of  large  gradients. 
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It  is  probable  that  this  integration  has  some  effect. 
The  third  cause,  which  is  almost  certainly  the  major 
contributor,  is  the  skewness  of  the  fluctuating  signal. 
Examination  of  the  probability  density  distributions 
(pdd’s)  for  the  fluctuating  pitot  signals  indicated  that, 
dose  to  the  ramp  surface  (<  O.660),  the  pdd’s  had  pos¬ 
itive  skewness  and,  in  some  cases,  exhibited  a  bimodal 
shape  witii  very  large  separation  between  peak  values 
(~  32  psi)  Under  conditions  where  the  probability 
density  values  of  these  peaks  were  sufficiently  differ¬ 
ent,  the  conventional  pitot  reading  was  higher  than  the 
mean  of  the  fluctuations.  Fig.  23  shows  this  effect  for 
the  data  set  with  the  largest  disagreement,  the  suction 
survey  at  Z/6q  ~  1.45.  The  accompanying  probability 
distributions  for  the  fluctuating  pitot  pressure  clearly 
show  that  the  conventional  pitot  probe  measurement 
is  biased  toward  the  higher  mode  in  the  fluctuating 
pitot  pressure  data  for  Z/60  <  0.43.  This  behavior 
reverses,  though,  for  Z/60  =  0.58,  where  the  probabil¬ 
ity  density  of  the  lower  mode  is  six  times  greater  than 
that  of  the  higher  mode.  The  50  cm  of  tubing  between 
the  orifice  and  pressure  transducer  for  the  conventional 
pitot  probe  behaves  as  a  pressure  sensitive  filter  with 
an  output  dependent  on  the  nature  of  the  fluctuations 
(i.e.,  frequency  and  amplitude  content). 

In  the  experiments  used  for  comparison  with  compu¬ 
tation  in  Figs.  19  through  21,  the  pitot  profiles  from 
which  mean  velocity  profiles  were  calculated  were  ob¬ 
tained  using  conventional  probes.  It  is  almost  certain 
that  these  profiles  are  fuller  than  would  be  obtained 
by  time-averaging  the  corresponding  fluctuating  pitot 
pressure  signals.  If  the  mean  velocity  profile  was  com¬ 
puted  using  the  mean  of  the  fluctuating  signal  rather 
than  the  single  time-averaged  value  from  the  conven¬ 
tional  probe,  tiie  profiles  would  be  much  less  full  near 
the  wall  and  would  probably  agree  better  with  the 
computations. 

4.  SUMMARY 

Experiments  show  that  the  separated  interaction  een- 
erated  by  an  unswept  compression  ramp  is  char¬ 
acterized  by  a  relatively  low  frequency  expand- 
ing/co.itracting  bubble  whose  effects  arc  felt  from  the 
upstream  influence  line  to  at  least  5  660  downstream 
of  reattachment.  The  change  in  length  scale  of  the 
flowfield  is  large;  when  the  bubble  shrinks  to  its  small¬ 
est  size,  the  streamwise  length  (measured  from  the  in¬ 
stantaneous  upstream  influence  line  to  where  the  final 
in  viscid  pressure  level  is  reached  on  the  ramp)  in  the 
Mach  5  experiments  reported  here  is  about  4.5<50.  At 
its  largest  extent,  the  scale  is  about  50%  larger.  The 
well-defined  separation  line  seen  in  surface  flow  visual¬ 
ization  is  actually  at,  or  very  close  to,  the  downstream 
boi  ndary  of  a  region  of  intermittent  separation.  It 
forms  at  this  location  because  of  the  tracer  material’s 


response  to  a  time  varying  wall  stress. 

It  is  clear  that  the  measured  mean  surface  and  flowfield 
properties  are  controlled  by  the  flowfield  unsteadiness. 
The  discrepancies  between  the  predicted  and  measured 
properties  are  almost  certainly  not  just  due  to  inad¬ 
equate  turbulence  modeling,  but  also  due  to  neglect 
of  the  unsteadiness  in  the  modeling.  Without  model¬ 
ing  the  unsteadin  ss,  it  is  unlikely  that  the  codes  can 
reproduce  correct  mean  property  distributions.  For 
flows  of  this  type,  it  is  felt  that  equal  emphasis  c’iould 
be  placed  on  developing  methods  capable  of  modeling 
the  unsteadiness  as  is  placed  on  turbulence  modeling. 
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Fig.  1.  Schematic  of  compression  ramp  geometry 
and  coordinate  system. 
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Fig.  3.  Normalized  wall  pressure  distributions  in  in¬ 
cident  shock  wave  interaction  (Moo  =  11.33, 
0  =  15  deg.,  data  of  Holden,  Ref.  5).  Figure 
from  Ilorstman,  Ref.  4. 
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Fig.  2.  Normalized  wall  pressure  distributions  in 
a  compression  ramp  flow  (Moo  =  9.22, 
a  =  34  deg.,  data  of  Refs.  2  and  3). 
Figure  from  Horstman,  Ref.  4. 


Fig.  4.  Mach  9.22  compression  ramp  interaction: 
comparison  of  computed  and  experimen¬ 
tal  maximum  heat  transfer  ratos  (from 
Horstman,  Ref.  4). 
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Fig.  5.  Mach  9.22  compression  ramp  interaction: 
comparison  of  computed  and  experimen¬ 
tal  separation  locations  (from  Horstman, 
Ref.  4). 


Fig.  6.  Mach  11.3  incident  shock  wave  inter¬ 
action:  comparison  of  computed  and 
experimental  separation  locations  (from 
Horstman,  Ref.  4). 
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Fig.  7.  Normalized  heat  transfer  rate  distribu¬ 
tions  in  a  compression  ramp  flow  [  .Vf^  = 
9.22,  q  =  34  deg.,  data  of  Refs.  2  and  3). 
Figure  from  Horstman,  Ref.  4. 
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Fig.  8.  Normalized  heat  transfer  rate  distribu¬ 
tions  in  incident  shock  wave  interaction 
(A/*,  =  11.33,  0  =  15  deg.,  data  of 
Holden,  Ref.  5).  Figure  from  Horstman, 
Ref.  4. 


0.1  CL 


19-1  1 


o 

<M 


X/6. 


Fig.  10.  Wall  pressure  standard  deviation  distribu¬ 
tions  in  a  24  deg.,  Mach  3,  compression 
ramp  interaction  (from  Ref.  11). 
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Fig.  9.  Measured  and  computed  wall  pressure  Fig.  1 1.  Sample  wall  pressure  signals  upstream  of 

distributions  in  a  24  deg.,  Mach  3  com-  separation  in  a  24  deg.  Mach  3  compres- 

pression  ramp  interaction:  a)  Vicgas  and  sion  ramp  interaction  (from  Ref.  11). 

Horstman,  1979  (Ref.  7);  b)  Viegas, 

Rubesin  and  Horstman,  1985  (Ref.  8); 
c)  Champney,  1989  (Ref.  9);  d)  Wilcox, 

1990  (Ref.  10). 
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Fig.  12.  Intermittcncy  distributions  in  a  24  deg., 
Mach  3  compression  ramp  interaction 
(from  Ref.  11). 


Fig.  14.  Distributions  of  intermittency  and  zero 
crossing  frequency  in  a  28  deg.,  Mach  5, 
compression  ramp  interaction  (from  Ref. 
13). 
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Fig.  13.  Normalized  mean  wall  pressure  and  stan¬ 
dard  deviation  distributions  in  a  28  deg., 
Mach  5  compression  ramp  interaction 
(from  Ref.  13). 


Fig.  15.  Ensemble- averaged  wall  pressures  up¬ 
stream  of  the  comer  in  a  28  deg.,  Mach 
5  compression  ramp  interaction  (from 
Ref.  13). 
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Fig.  16.  Kerosene- lampblack  surface  flow  visual¬ 
ization  and  wall  pressure  signals  (from 
Re 
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Fig.  18.  Normalized  length  of  the  intermittent 
region  in  unswept  and  swept  compres¬ 
sion  ramp  interactions  at  Mach  5  (from 
Ref.  19). 
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Fig.  17.  Ensemble- averaged  wall  pressure  distri¬ 
butions  in  a  28  deg.,  Mach  5  com¬ 
pression  ramp  interaction  correspond¬ 
ing  to  “shock-upstream”  and  “shock- 
downstream.”  (From  Ref.  18). 
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Fig.  19.  Measured  and  computed  mean  velocity 
profiles  downstream  of  the  corner  in  a  24 
deg.,  Mach  3  compression  ramp  interac¬ 
tion  (from  Ref.  10). 
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Fig.  20.  Measured  and  computed  mean  velocity 
profiles  downstream  of  the  corner  in  a  30 
deg.,  Mach  2.85,  axisymmetric  ramp  flow 
(from  Ref.  10). 
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Fig.  21.  Measured  and  computed  mean  velocity 
profiles  downstream  of  the  corner  in  a  20 
deg.,  Mach  2.8  compression  comer  inter¬ 
action  (from  Ref.  8). 
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SUMMARY 

The  present  investigation  is  concerned  with  the  understanding  of  the  structure  of  the 
hypersonic  flow  developed  in  a  circular  pipe.  The  experiments  were  conducted  in  the  University 
of  Toronto  Institute  for  Aerospace  Studies  (UTIAS)/Ryerson  Polytechnical  Institute  (RPI)  gun 
tunnel  at  a  free-jet  Mach  number  of  8.30  and  Reynolds  number  based  on  the  pipe  diameter. 

Re  =  2.44x1 0^.  Wall  static  pressure,  as  well  as  in-stream  static  and  pitot  pressure  measurements 
at  several  sections  in  the  pipe,  shed  some  light  into  the  physical  nature  of  the  considered  flow. 
The  measurements  indicate  that  shocks  generated  in  the  pipe  flow  are  primarily  oblique. 
Measurements  near  the  pipe  axis  and  in  wave  structures  presented  some  difficulties.  Further 
work  is  needed  to  clarify  certain  features  of  the  investigated  flow.  The  presented  results  may 
guide  the  development  of  computational  fluid  dynamic  codes  applicable  to  hypersonic  pipe 
flows. 


1.  INTRODUCTION 

The  structure  of  a  supersonic  flow  in  a  duct  has  important  implications  in  the  design  and 
operation  of  wind  tunnel  diffusers,  inlets  and  induction  systems  of  hypersonic  airbreathing 
engines.  There  have  been  numerous  experimental  investigations  of  the  viscous-inviscid 
interactions  that  occur  in  such  confined  flows.  These  have  included  the  influence  of  such 
parameters  as:  the  Mach  number  of  the  oncoming  flow,  pipe  diameter  and  length,  and  the 
presence  or  absence  of  an  upstream  boundary  layer.  Depending  on  the  thickness  of  the  boundary 
layers  present,  various  shock-wave  configurations  were  observed.  Boundary  layers  formed  in 
these  flows,  as  well  as  shock  wave/boundary  layer  interactions  have  also  been  investigated.  The 
free-stream  Mach  number  considered  in  all  of  these  investigations  did  not  exceed  four  (see  Refs. 
1-12). 


Wall  pressure  distributions  in  long  circular  ducts,  L/D  =  42-53,  over  a  range  of  oncoming 
Mach  numbers  1.8  <,  M^  <  4.2,  were  measured  in  an  early  paper  by  Neumann  and  Lustwerk 
(Ref.l).  The  purpose  of  the  investigation  was  to  determine  the  optimum  length  for  the  design  of 
the  throat  section  of  a  wind  tunnel  diffuser.  It  was  found  that  when  shocks  were  generated  in  the 
ducts,  the  pressure  rise  extended  over  a  length  of  8-12  tube  diameters.  In  a  subsequent  paper 
(Ref.2)  Lustwerk  studied  the  influence  of  the  boundary-layer  thickness  at  the  beginning  of  the 
shock  system  formed  in  a  sharp  leading  edge  rectangular  duct  in  a  Mach  2.05  wind  tunnel. 

♦Presently  at  the  Nanjing  Aeronautical  Institute,  Nanjing,  People’s  Republic  of  China. 
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Schlieren  pictures  of  the  flow  showed  that  with  no  upstream  boundary  layer,  a  plane  normal 
shock  wave  was  formed.  As  the  boundary  layer  thickened,  a  series  of  plane  or  lambda  shocks 
occurred.  Further  thickening  of  the  boundary  layer  generated  oblique  shock  waves.  For  a  lower 
free-stream  Mach  number  of  1 .5,  Richmond  and  Goldstein  (Ref.3)  measured  streamwise  wall 
static  pressure  and  centreline  total  pressure  distributions  in  an  expanding  rectangular  duct  in 
order  to  infer  friction  factor  and  heat  transfer  coefficients  for  a  turbulent  supersonic  channel  flow 
that  develops  at  a  nominally  constant  core-flow  Mach  number  without  shocks.  The  structure  of 
shock  waves  generated  in  rectangular  ducts  at  free-stream  Mach  numbers  Moo  =  1.6-2. 5  was  also 
studied  in  Ref.4.  It  was  shown  that  various  shock-wave  structures  with  pressure  jumps  up  nearly 
to  normal  shock  value  could  be  generated.  In  Ref.  5,  shock  stabilization  in  constant-area  ducts, 
for  Mach  numbers  of  1.76-2.51,  was  investigated  as  applied  to  the  induction  system  for  turbojet 
inlets. 


Test  results  of  supersonic  combustion  ramjets  in  hypersonic  free  jets  and  in  direct- 
connect  mode  showed  (see  Ref.6)  that  combustion  in  a  supersonic  flow  generates  a  shock  train  in 
the  upstream  flow  and  that  an  isolator  duct  of  prescribed  length  is  required  to  stabilize  the  wave 
train  and  prevent  combustion-induced  disturbances  to  affect  the  flow  in  the  engine  inlet.  The 
flow  structure  in  such  isolator  ducts  was  investigated  in  Refs.7-9.  Wall  static  and  in-stream  pitot 
pressure  distributions,  as  well  as  wall  shear  stress,  were  measured  at  free-stream  Mach  numbers 
of  1. 13  <  Moo  ^  2.72  and  at  a  Reynolds  number  based  on  upstream  boundary-layer  momentum 
thickness  of  5xl(P  <  ReQ  <  6xl04  in  a  cylindrical  duct.  Based  on  an  analysis  of  these 
measurements,  the  character  of  the  shock-wave  structure  was  shown  to  be  oblique  rather  than 
normal,  with  the  flow  remaining  supersonic  downstream  of  the  shock  system.  The  influence  of 
the  Mach  number,  Reynolds  number  Re0,  duct  diameter  and  upstream  boundary  layer 
momentum  thickness,  0,  on  pressure  recovery  was  also  studied.  It  was  shown  that  for  a  given 
pressure  ratio  across  the  disturbance  the  distance  over  which  the  pressure  rise  is  spread  varies 
approximately  directly  with  the  product  01/ 2D1/2  and  inversely  with  (Moo2-l)Reel/4. 

In  a  more  recent  paper  Om  and  Childs  (Ref.  10)  have  obtained  detailed  pitot,  static  and 
wall  pressure  measurements  for  multiple  shock  wave- turbulent  boundary  layer  interactions  in  a 
circular  duct  at  a  freestream  Mach  number  of  1.49  and  at  a  unit  Reynolds  number  of  4.90x1 0^ 
per  meter.  Their  results  show  the  formation  of  a  series  of  normal  shock  waves  with  successively 
decreasing  strength  and  with  decreasing  distance  between  the  successive  shock  waves.  The 
overall  pressure  recovery  is  much  lower  than  the  single  normal  shock  pressure  recovery  at  the 
same  free-stream  Mach  number.  Lately,  a  detailed  experimental  study  of  the  supersonic 
turbulent  flow  development  in  a  square  duct  was  reported  in  Refs.  1 1  and  12,  over  a  development 
length  0  <  L/D  <  20  for  a  uniform  flow  with  a  Mach  3.9  condition  at  the  duct  inlet.  Total 
pressure  contours  and  local  skin  friction  coefficient  distributions  showed  that  the  flow  develops 
in  a  manner  similar  to  that  observed  for  the  incompressible  case. 

The  objective  of  the  present  research  effort  is  to  gain  a  better  understanding  of  the 
physical  nature  of  the  flow  developing  in  a  circular  pipe  at  a  flow  Mach  number  M  =  8.30.  Data 
obtained  provide  a  picture  of  the  mean  flow  behaviour  and  the  shock-wave  system  formed  within 
a  constant-area  pipe,  from  essentially  uniform  mean  flow  conditions  at  the  inlet,  determine  the 
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boundary-layer  development  along  the  duct  and  may  guide  the  development  of  computational 
fluid  dynamic  codes  applicable  to  hypersonic  pipe  flows. 

2.  EXPERIMENTAL  FACILITY 

The  experimental  study  was  performed  in  the  hypersonic  gun  tunnel  setup  at  the 
University  of  Toronto  Institute  for  Aerospace  Studies.  A  schematic  diagram  of  the  major  tunnel 
components  is  shown  in  Fig.  1.  Air  is  stored  at  about  202.31  atm.  in  the  driver  (1),  which  has  an 
internal  diameter  of  0.305  m  and  a  length  of  5.2  m.  The  driver  is  connected  to  the  76.2  mm 
internal  diameter  and  6. 1  m  long  barrel  (4)  by  a  remotely  actuated  isolating  ball  valve  (2)  and  a 
double  diaphragm  breech  assembly  (3).  The  barrel  is  connected  by  the  nozzle  breech  (5)  to  a 
contoured  hypersonic  nozzle  (6)  which  is  1.52  m  long  and  has  throat  and  exit  diameters  of  12.7 
mm  and  217  mm,  respectively.  A  free-moving  piston  is  accelerated  down  the  barrel  to  compress 
and  adiabatically  heat  the  air  which  then  flows  through  the  nozzle.  The  nozzle,  which  has  a 
design  Mach  number  of  8.3,  delivers  the  flow  to  an  open  jet  test  section  (7)  which  is  connected 
by  a  short  receiving  circular  duct  (8)  to  a  1.22  m  diameter  and  2.44  m  long  dump  tank  (9). 

Tunnel  specifications  are  found  in  Table  1.  A  history  of  the  barrel  pressure  just  upstream  of  the 
throat  of  the  nozzle  is  shown  in  Fig.  2.  Due  to  the  double  diaphragm  technique  and  accurate 
setting  of  initial  conditions,  it  has  been  shown  that  these  histories  are  highly  repeatable.  The 
double  diaphragm  technique  allows  the  operator  to  choose  when  the  tunnel  is  fired.  The  pressure 
history  shows  a  small  jump  (first  reflected  shock  from  the  nozzle  throat)  and  then  much  larger 
spikes  as  the  piston  stops  and  actually  reverses  direction.  The  motion  of  the  piston  settles  down 
and  a  relatively  flat,  slowly  increasing  pressure  is  observed  until  the  run  ends  and  the  pressure 
drops.  Typical  running  times  are  10-40  ms,  and  the  maximum  effective  reservoir  pressure  is  24 
MPa  and  reservoir  temperature  can  be  up  to  BOOK.  The  free-stream  pitot  pressure  profiles 
measured  downstream  of  the  nozzle  exit  show  a  well-defined  inviscid  core  with  excellent  radial 
and  axial  uniformity.  At  10  mm  away  from  the  nozzle  exit  plane,  the  core  is  about  140  mm  in 
diameter,  at  a  distance  195  mm  from  the  nozzle  exit  plane,  the  core  is  only  slightly  smaller  than 
that  at  10  mm.  The  axial  gradient  of  the  pitot  pressure  in  the  test  section  core  flow  is  negligible. 
For  the  present  experiments  a  new  250  mm  diameter  viewport  has  been  incorporated  between  the 
test  section  and  the  dump  tank  in  order  to  visualize  the  pipe  exit  flow  by  schlieren  photography. 

The  experiments  were  performed  with  a  barrel  pressure  of  400  kPa.  The  test  section  flow 
parameters  are  given  in  Table  1. 

3.  THE  EXPERIMENTAL  MODEL 

A  76.2  mm  inside  diameter  and  762  mm  long  constant  area  brass  pipe  having  a  2.8  mm  wall 
thickness  was  used  for  the  present  investigation  (Fig.  3).  The  length  of  the  pipe  was  mainly 
determined  from  practical  consideration  by  matching  it  to  the  overall  test  section  size  and  from 
one-dimensional  constant-area  supersonic  flow  analysis  for  preventing  choking  in  the  pipe.  In 
order  to  minimize  leading  edge  effects  on  the  flow  within  the  pipe,  shallow  3’  angle  wedge 
sections  were  used  to  form  the  pipe  leading  edge  with  a  tip  thickness  of  0.127  mm.  The  brass 
provides  for  material  strength  and  ease  in  forming  the  sharp  leading  edge. 


The  front  end  of  the  pipe  is  fixed  to  the  test  section  floor  via  a  support  which  can  rotate 
around  horizontal  and  vertical  axes.  The  aft  end  is  mounted  through  a  similar  support  on  a 
traversing  mechanism  which  moves  the  aft  end  of  the  pipe  in  the  vertical  and  lateral  directions 
with  a  positioning  accuracy  of  0.4  mm.  This  traversing  mechanism  and  two  pairs  of  differential 
pressure  transducers  for  four  wall  static  pressure  taps  circumferentially  located  at  1.27  cm  from 
the  aft  end  of  the  pipe  are  used  to  align  the  pipe  axis  with  the  direction  of  the  test  section  flow  by 
changing  its  angles  of  attack  and  yaw. 

4.  INSTRUMENTATION 

4.1  Pitot  and  Static  Pressure  Probes 

Since  visualization  of  the  internal  pipe  flow  is  impossible,  it  is  necessary  to  reconstruct 
the  flow  from  pressure  measurements.  Therefore,  the  pipe  is  instrumented  primarily  for  wall 
static  pressure  and  in-stream  static  and  pitot  pressure  measurements. 

For  wall  static  pressure  distribution  measurements  the  pipe  was  instrumented  with  22 
wall  static  pressure  taps  with  hole  ports  of  d  =  0.686  mm.  For  a  relatively  accurate  determination 
of  the  locations  of  shock  waves  that  could  be  generated  in  the  pipe,  static  pressure  taps  were 
placed  at  2.54  cm  intervals  along  the  wall  of  the  pipe.  Their  locations  along  the  pipe  are  shown 
in  Fig.  4. 

A  standard  straight  pitot  probe  and  a  curved  axis  pitot  probe  (for  the  boundary  layer 
region)  were  used  for  in-stream  pitot  pressure  measurements  (see  Fig.  5).  The  boundary  layer 
probe  is  a  flattened  pitot  stainless  steel  tube.  The  tip  of  the  probe  is  approximately  0. 1  mm  and 
0.89  mm  wide.  The  performance  of  this  probe  was  compared  to  the  output  of  the  straight  pitot 
probe  with  a  circular  orifice  (Fig.  5a)  in  the  highly  non-uniform  and  complex  flow  field  at  the  aft 
test  section  of  the  gun  tunnel  (with  the  pipe  removed).  Although  the  responses  were  slightly 
different,  the  “steady  state”  portions  of  the  traces  agreed  quite  well.  Since  the  orifice  size  of  the 
boundary  layer  pitot  probe  is  very  small  relative  to  the  boundary  layer  thickness  measured,  h/5 
«  0.05  (see  Fig.  5b),  any  influence  of  the  probe  size  on  the  performed  measurements  can  be 
neglected  (Ref.  13). 

For  in-stream  static  pressure  measurements  three  different  designs  were  considered 
(Fig.6).  A  total  of  eight  probes  were  fabricated:  three  based  on  design  (a)  with  the  static 
pressure  holes  located  at  10, 15  and  20  external  probe  diameters  downstream  of  the  cone- 
cylinder  junction;  two  based  on  design  (b)  with  two  holes  located  16  probe  diameters 
downstream  of  the  cone-cylinder  junction  at  angles  0)  =  ±70"  and  to  =  ±90’  from  the  vertical 
plane;  and  three  probes  based  on  design  (c)  with  three  or  two  holes  located  16  diameters 
downstream  of  the  probe  shoulder  and  at  angles  120*  for  the  three-hole  case,  and  ±70*  and  ±90" 
for  the  two-hole  case.  All  other  relevant  dimensions  are  given  in  Fig.  6.  These  probes  were 
tested  in  the  tunnel  test  section.  Figure  7  depicts  the  best  “steady”  static  pressure  trace  obtained 
by  the  static  pressure  probe  of  design  (c)  with  three  120*-spaced  holes,  and  also  the 
corresponding  reservoir  and  static-to-reservoir  pressure  ratios  multiplied  by  10  (which  can  be 
read  on  the  right  ordinate  of  the  traces).  The  test  section  Mach  number  determined  by  using  this 
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static  probe  differed  only  by  0.5%  from  the  test  section  Mach  number  of  8.3  measured  by  using  a 
conventional  pitot  probe  at  the  same  location.  Therefore  this  static  probe  was  chosen  foi  in- 
stream  static  pressure  measurements  in  the  pipe. 

4.2  Measurements  of  Pitot  and  Static  Pressure  Distributions  in  the  Duct 

Assuming  the  flow  inside  the  pipe  to  be  perfectly  axisymmetric,  in-stream  static  and  pitot 
pressure  measurements  were  performed  by  inserting,  at  each  measuring  section,  two  static  or  two 
pitot  pressure  probes  into  the  pipe  (conventional  straight  probe  and  boundary  layer  probe)  via 
two  diametrically  opposed  slots  in  the  vertical  symmetry  plane  of  the  pipe.  The  probes  were 
moved  vertically  by  a  traversing  mechanism.  The  initial  no  ition  of  the  boundary  layer  probe 
was  determined  by  an  electrical  contact.  Pitot  and  static  pressure  orobes  with  distances  from  the 
probe  stem  centreline  to  the  measuring  orifices  of  63.5  mm  were  constructed.  Static  or  pitot 
pressure  measurements  were  performed  simultaneously  at  two  points  located  in  the  uppe.  and 
lower  halves  of  the  section.  Seventeen  such  double  measurements  of  static  and  pitot  pressures 
were  taken  at  each  sectior-.  (radial  positions  are  given  in  Fig.  4).  For  measurements  at  the  duct 
exit  section,  the  probes  were  mounted  on  a  probe  holder  attached  to  a  vertical  tra\c*se. 

4.3  Schlieren  System 

To  visualize  the  fore  and  aft  end  flow  of  the  pipe  model  a  schlieren  system  was 
employed.  The  schlieren  was  set  up  in  a  standard  two  mirror  arrangement  with  a  shaped  light 
source  at  the  focus  of  the  first  mirror  and  a  knife  edge  at  the  focus  of  the  second  mirror.  Each 
mirror  was  23  cm  in  diameter  and  had  a  focal  length  of  approximately  1 .83  m.  The  mirrors  were 
approximately  7  m  apart  and  the  system  could  be  adjusted  to  provide  excellent  sensitivity.  A 
standard  10.2  x  12.7  cm  view  camera  capable  of  holding  sheet  film  or  polaroid  film  was  used  to 
record  the  schlieren  photographs.  The  light  source  used  was  a  4-pulse  spark  source  discharging 
through  argon  gas.  This  provided  spark  stability  and  a  duratio'  of  750  ns.  For  this  investigation 
only  one  spark  was  used. 

5.  DATA  ACQUISITION  AND  PROCESSING  SYSTEM 

The  pressure  history  in  the  gun  barrel  was  measured  with  a  PCB  Model  1 13A22 
piezoelectric  pressure  transducer  with  a  range  of  0  to  35  MPa.  Pressure  is  measured  with  respect 
to  the  initial  pressure  seen  by  the  transducer.  The  transducer  has  an  excellent  frequency 
response,  a  short  rise  time  of  1  )is,  and  a  resonant  frequency  of  500  kHz.  The  associated  power 
supply,  PCB  Model  494A  amplifier,  also  provided  selectable  filters  to  provide  some  signal 
conditioning.  All  barrel  pressure  histories  in  this  investigation  were  filtered  at  a  cutoff  frequency 
of  20  kHz. 

Static  pressure  histories  along  the  wall  were  measured  using  primarily  Er.devco  Model 
8510B-5  piezoresistive  transducers  with  a  range  of  0  to  5  psi  (0  to  35  kPa).  These  transducers 
have  excellent  risetime  response  and  a  typical  resonant  frequency  of  85  kHz.  These  transducers 
are  differential  in  type,  and  reference  tubes  were  attached  to  the  test  section  via  iygon  tubing  and 
clipped  when  the  test  section  pressure  stabilized  to  its  lowest  value,  typically  50  Pa. 


Endevco  Model  8510-50  (0  to  350  kPa,  resonant  frequency  of  270  kHz)  and  Model  8530- 
15  (0  to  100  kPa,  resonant  frequency  of  120  kHz)  were  used  to  measure  the  pitot  pressure  at 
different  points  in  the  flowfield.  Measurements  of  the  static  pressure  surveys  inside  the  pipe 
were  accomplished  with  Endevco  Model  8514-10  (0  to  70  kPa,  resonant  frequency  of  140  kHz) 
transducers.  The  physical  construction  of  these  transducers  allowed  them  to  be  placed  very  close 
iu  the  static  probes  used  in  the  survey. 

All  pressure  histories  were  recorded  by  Pacific  Transient  Recorders  Model  9830.  In  this 
study  up  to  10  channels  were  used  to  record  the  data.  Each  transient  recorder  had  a  resolution  of 
1 2  bits  to  ensure  a  high  fidelity  record  of  the  signal.  The  rea  ders  were  capable  of  a  maximum 
of  1  MHz  sample  rate.  An  AT  class  MS-DOS  based  microcomputer  (AST  Premium  286)  was 
used  to  transfer  data  from  the  recorders. 

The  raw  data  files  contained  approximately  (34,000  data  points,  each  consisting  of  a  12- 
bit  word  representing  a  voltage  at  a  particular  time.  For  the  present  investigation,  the  time 
interval  for  each  point  after  trigger  was  4  p.s  or  250,000  samples/second.  During  the 
experiments,  the  various  pressure  histories  started  approximately  7  ms  after  trigger  and  ran  for 
about  40  ms.  Hence,  over  12,000  data  points  were  obtained  during  the  time  of  interest.  For  the 
purposes  of  the  present  experiments,  only  every  20th  point  was  used  (over  600  data  points)  in  the 
analysis.  Averages  were  taken  over  a  10  ms  span  selected  to  be  more  or  less  constant  for  the 
duration  of  the  run.  This  was  sufficient  for  the  majoritv  of  cases. 

6.  EXPERIMENTAL  RESULTS 

As  mentioned  above,  the  pipe  was  aligned  with  the  nozzle  free  jet  flow  direction  by 
changing  its  angles  of  attack  and  yaw  and  by  monitoring  the  wall  pressures  at  four 
circumferentially  located  pressure  taps  at  the  aft  end  of  the  pipe.  The  alignment  of  the  pipe  was 
further  fine-tuned  by  comparing,  at  each  measuring  section,  the  pitot  pressure  magnitudes  at  two 
symmetrical  points,  with  respect  to  the  axis  (along  the  vertical  diameter).  Schlieren  photographs 
of  the  flow  at  the  entrance  and  exit  of  the  pipe  show  that  flow  has  started  properly.  At  the  exit, 
the  flow  is  relatively  simple  with  no  waves  from  the  outside  of  the  pipe  being  generated.  Only 
two  shock  waves  and  a  boundary  layer  are  seen  coming  from  the  exit  of  the  pipe. 

Three  gun  tunnel  runs  were  required  to  measure  the  entire  wall  pressure  distribution. 
During  each  run,  pressures  at  only  eight  locations  were  recorded,  with  at  least  pressures  at  one  or 
two  locations  being  repeatedly  measured  to  check  the  reproducibility  of  the  results.  A  typical 
measured  wall  pressure  distribution  is  depicted  in  Fig.8.  The  wall  pressure  increases  slowly  but 
steaJ;ly  from  the  pipe  leading  edge  to  a  peak  value  of  twice  the  free  stream  static  pressure  at  x/D 
=  5.7,  characteristic  of  a  shock-boundary  layer  interaction.  It  then  decreases  rapidly  after  the 
interaction  zone,  and  the  flow  seems  to  expand  in  this  region.  Thereafter  it  slowly  decreases  to 
its  pre-interaction  value.  A  slight  increase  in  wall  pressure  occurs  in  the  last  125  mm  of  the  pipe. 
Measurements  show  'hat  the  alignment  of  the  pipe  axis  with  the  oncoming  flow  direction  has  a 
significant  effect  on  the  wall  pressure  distribution,  especially  in  the  shock-wall  interaction 
region,  0.533  <  X/L  <  7.0  (Fig.  9).  The  peak  pressure  moves  slightly  upstream  as  the  angle  of 
a'tack  a  reaches  1.9’. 
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In-stream  static  and  pitot  pressures  were  measured  at  distances  x/D  =  2.38,  3.0,  5.0,  5.67, 
6.33,  8.0,  8.65  and  9.83  from  the  pipe  leading  edge.  Measurements  proceeded  from  section  x/D 

-  9.83  forward.  Static  pressure  traces  generated  by  the  employed  probe  at  certain  locations  in 
the  pipe  flow  are  show'n  in  Fig.  10.  In  such  instances,  the  probe  was  probably  very  close  to  a 
wave  structure  or  in  the  transition  region  of  the  wave.  A  static  pressure  trace  representative  of 
this  region  is  shown  in  Fig.  10(a).  Moreover,  pitot  and/or  static  pressure  traces  obtained  near  the 
axis  of  symmetry  at  some  sections  depicted  some  flow  unsteadiness  [see  Fig.  10(b)],  As  it  was 
not  possible  to  obtain  a  meaningful  average,  values  of  static  pressures  in  these  regions' oFthtT  ! 
How  are  not  reported. 

The  distributions  of  measured  ratios  of  local  static  to  (average  constant)  free  stream  static 
pressures  and  the  local  total  pressure  (determined  from  the  Rayleigh  pitot  tube  equations)  to 
average,  constant,  free  stream  total  pressure  are  presented  in  Figs.  11-18.  Near  the  wall  static 
pressure  measurements  at  x/D  =  5.0,  6.33,  8.0,  8.65  and  9.8  were  within  ±5%  of  the  values 
obtained  from  wall  pressure  taps  at  these  locations.  Therefore,  it  was  assumed  that  the  static 
pressure  is  constant  in  those  near  wall  regions  (represented  by  white  squares  in  these  figures).  It 
was  not  possible  to  obtain  meaningful  near  wall  static  pressure  measurements  at  all  other 
sections. 

A  distinct  pressure  jump,  characteristic  of  a  shock,  is  clearly  seen  in  all  static  and  total 
pressure  profiles.  The  pressure  jump  at  section  x/D  =  2.4  is  radially  located  in  the  vicinity  of  y/D 

-  0.23.  At  subsequent  sections,  it  seems  to  move  radially  towards  the  wall  up  to  the  section  x/D 
=  5.7,  Fig.  14,  where  shock-boundary  layer  type  interaction  takes  place  (Fig.  8).  Thereafter,  it 
slo'  /ly  but  steadily  moves  away  from  the  wall  and  exits  from  the  pipe  at  y/D  ~  0.24..  The  shocks 
ger  crated  in  the  flow  seem  to  be  oblique,  with  possible  normal  shocks  in  central  portions  of  the 
pipe  where  these  oblique  shocks  reflect  off  the  axis  of  symmetry.  Also,  total  pressure  profiles 
near  tl  e  pipe  wall  give  an  insight  into  the  boundary  layer  thickness  which  notably  increases  in 
the  downstream  portion  of  the  pipe  flow.  Presented  data  exhibit  some  scatter  in  some  regions  of 
the  flow  which  does  not  exceed  ~10%  (see,  for  example  Figs.  13,  14  and  18).  Mach  number 
profiles  in  the  vicinity  of  the  shock- bound  ary  layer  interaction  region,  X/L  =  0.5,  0.533  and 
0.633,  as  well  as  at  the  pipe  exit,  are  shown  in  Fig.  19.  These  profiles  do  not  change  appreciably 
near  the  interaction  region,  although  the  flow  seems  to  be  accelerating  in  its  central  “uniform” 
portion.  At  the  exit  the  Mach  number  has  reached  approximately  its  free  stream  value.  Figure 
20  is  a  tentative  reconstruction  of  the  shock  pattern  in  the  pipe  based  on  data  presented  in  Figs. 

1 1-18,  if  it  is  assumed  that  the  shock  is  indicated  by  a  sharp  rise  in  static  pressure.  The  leading 
“conical”  shock  wave  forms  a  9.8’  angle  with  the  pipe  wattr~It  converges  at  an  axial  position  X/ 
L  =  0.28  and  continued  further  intersects  with  the  pipe  at  X/L  =  0.57,  i.e.,  where  the  wall 
pressure  distribution  exhibits  a  sharp  increase  (Fig.  8).  The  reflected  shock  angles  calculated 
from  the  measured  static  pressure  jump  and  determined  Mach  numbers  before  the  jump  is  very 
close  to  IP,  which  shows  that  the  reflected  shock  angle  is  approximately  equal  to  the  incident 
shock  angle.  The  schlieren  photograph  of  the  pipe  aft  end  flow  shows  two  shocks  exiting  at 
approximately  the  same  angle  and  same  radial  position,  as  shown  in  Fig.  20,  from  the  pipe  axis. 
Measured  data  at  sections  X/L  =  0.24  and  0.3  show  that  shocks  are  curved  and  stronger  in  the 
intersection  region  near  X/L  =»  0.78. 
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Table  1.  Hypersonic  Gun  Tunnel  —  Specifications 


Physical  Dimensions 

Tunnel  length 

Gun  barrel  length 

Gun  barrel  ID 

16  m 

6.1  m 

76.2  mm 

Test  Section 

Width 

Height 

Length 

635  mm 

610  mm 

610  mm 

Nozzle  exit  diameter 

Piston  material 

Piston  mass 

217  mm 

Aluminum  7075-T6 
%  g _ 

Initial  Tunnel  Operating  Conditions 

Reservoir  pressure 

20.5  ±  0.2  MPa 

Barrel  pressure 

100  to  800  kPa 

Test  section  pressure 

50  ±  10  Pa 

Tunnel  Flow  Properties 

Freestream  pitot  pressure 

183  kPa 

Freestream  static  pressure 

2.06  kPa 

Stagnation  pressure  upstream  of  the 

26.5  MPa  (current  nozzle) 

throat 

Usable  Flow  Test  Time 

200  kPa  in  barrel 

10  ms 

400  kPa  in  barrel 

30  ms 

600  kPa  in  barrel 

40  ms 

800  kPa  in  barrel 

40  ms 

Total  Temperatures  and  Reynolds  Numbers  (estimates) 

Tt  (K)  Re  (per  meter) 


200  kPa  in  barrel 

1220 

23x1 06 

400  kPa  in  barrel 

970 

3.378  x  1()7 

600  kPa  in  barrel 

890 

39x106 

800  kPa  in  barrel 

830 

44xl o6 

;ih« 


Fig.  t  Schematic  diagram  of  the  Hypersonic  Gun  Tunnel. 


t.  High  pressure  reservoir  (driver) 

2.  Remote  controlled  isolating  ball  valve 

3.  Double-diaphragm  station  breech  lock 

4.  6.1m  gun  barrel 

5.  Nozzle  throat  station  breech  lock 


6.  Convergent-divergent  nozzle 

7.  Test  section 

8.  Diffuser 

9.  Dump  tank 


Fig  2  Tflxal  barret  pressure  history  m  the  Hypersonic  Gun  Tunnel 
Initial  barrel  pressure  o*  400  kPa 
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Experimental  and  Computational  Comparisons  of  Mach  6  High 
Reynolds  Number  Heat  Transfer  and  Skin  Friction 
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USA 


Summary 

Wind  tunnel  measurements  on  a  flat  plate,  ogive 
cylinder  and  a  compression  ramp  at  zero  angle-of-at tack 
are  compared  to  CFD  predictions  of  tile  flow  parame¬ 
ters.  These  models  provide  a  zero-pressure  gradient, 
favorable-pressure  gradient,  and  an  adverse-pressure 
gradient  flow  condition,  respectively.  Results  are  pre¬ 
sented  for  surface  pressure  and  temperature  distribu¬ 
tions,  boundary  layer  surveys,  heat  transfer  rates,  and 
local  skin  friction  coefficients.  Test  conditions  were  var¬ 
ied  over  a  free-stream  Reynolds  number  range  of  0.15- 
9.1  (10')  per  meter,  at  a  nominal  Mach  number  of  6. 
Wind  tunnel  measurements  on  the  three  models  were 
made  using  static  pressure  ports,  embedded  thermo¬ 
couples,  coaxial  heat  transfer  gauges,  slug  calorimeters, 
Preston  tube  skin  friction  devices,  and  skin  friction  force 
balances.  Boundary  layer  profiles  were  measured  with 
total  temperature  and  pitot  pressure  probes  and  with 
laser  floppier  velocimetry.  Parabolized  Navier-Stokes 
and  Rill  Navier-Stokes  code  predictions  of  the  mea¬ 
sured  parameters  are  compared  to  experimental  mea¬ 
surements. 

Results  indicate  surface  pressure  distributions  are 
easily  predicted  by  the  CFD  codes  used  in  this  study 
and  for  the  simple  geometries  modeled.  For  CFD  codes 
which  predict  the  surface  heat  transfer  rate  accurately, 
the  local  skin  friction  coefficient  agrees  to  within  7- 
10  percent  of  the  measured  data  for  favorable-pressure 
gradient  and  zero-pressure  gradient  configurations  For 
ad  verse- pressure  gradients,  the  code  used  in  this  study 
did  not  predict  skin  friction  values  accurately,  although 
heat  transfer  predictions  matched  the  data.  Large  gra¬ 
dients  in  the  hypersonic  boundary  layer  require  dense 
grids  near  the  model  surface  in  order  for  CFD  codes  to 
accurately  predict  the  surface  heat  transfer  rate  and  the 
local  skin  friction  coefficient.  Additionally,  dense  grids 
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in  the  streamwise  direction  are  necessary  to  properly  re¬ 
solve  the  boundary  layer  for  adverse-pressure  gradients. 

List  of  Symbols 

Cj  Skin  friction  coefficient 

Cp  Specific  heat  at  constant  pressure 

d  Tube  diameter  (mm) 

h  Convection  heat  transfer  coefficient  (-tt) 

M  Mach  number 

P  Surface  static  pressure  ( kPa ) 

P,->  Probe  stagnation  pressure  (hP<i) 

Pr  Free-stream  Prandtl  number 

q  Total  heat  flux  (ll'/nr) 

qCOnd  Heat  conduction  (W/m2) 

‘/com-  Heat  convection  (H’/m2) 

ijraJ  Heat  radiation  (U/m2) 

R  Universal  gas  constant  (8.314  k  z^oTk  ) 

Rer  Reynolds  number  based  on  length 

rc  Reference  temperature  recovery  factor 

i-p  Temperature  probe  recovery  factor 

5/  Stanton  number 

7„  Local  total  temperature  (A) 

I)  Measured  total  temperature  (A‘) 

U’cc-  Free-stream  velocity  (y) 

u  X-coinponent  velocity  (y) 

x  Distance  along  the  reference  X-axis  (mm) 

y  Distance  along  the  reference  Y-axis  (mm) 

z  Distance  along  the  reference  Z-axiz  (mm) 

6  Boundary  layer  thickness  (mm) 

f>°  Displacement  thickness  (mm) 

7  Ratio  of  specific  heats  (1.4) 

;i  Dynamic  viscosity  coefficient  ( ) 

i'  Local  kinematic  viscosity  (v^~) 

p  Static  fluid  density  (^)) 

0  Momentum  thickness  (mm) 

I.  Introduction 

The  prediction  of  aerodynamic  performance  of 
hypersonic  configurations  will  be  accomplished,  to  a 
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great  extent,  through  utilization  of  various  computa¬ 
tional  fluid  dynamics  (CFD)  methods.  In  order  to  val¬ 
idate  these  CFD  codes,  their  numerical  predictions  of 
the  flight  conditions  must  be  evaluated  at  the  conditions 
produced  in  ground  test  conditions  and/or  at  conditions 
generated  in  flight  test  programs.  There  are  three  pri¬ 
mary  parameters  that  must  be  generated  in  flight  test 
programs,  namely,  external  surface  pressure  distribu¬ 
tions,  surface  heat  transfer  rate  distributions  and  local 
skin  friction  distributions.  Measured  values  of  these  pa¬ 
rameters  are  required  for  proper  validation  of  a  CFD 
code  parameter  predictions.  Surface  pressure  distribu¬ 
tions  can  be  readily  measured  through  ground  tests  or 
flight  tests.  Heat  transfer  rate  distributions,  although 
routinely  measured  during  ground  tests,  are  not  so  eas¬ 
ily  measured  in  flight  tests.  However,  the  measurement 
of  skin  friction  coefficients  on  simple  hypersonic  config¬ 
urations  is  not  readily  done  during  either  ground  tests 
or  during  flight  tests.  Complex  hypersonic  vehicle  con- 
fiqurations  pose  even  greater  challenges  for  experimental 
measurement  of  the  flow  parameters  A  procedure  for 
the  eliniation  or  reduction  of  skin  friction  measurements 
is  highly  desirable. 

This  experimental  and  numerical  investigation 
tested  the  hypothesis  of  using  CFD  codes  to  accurately 
predict  heat  transfer  and  other  state  variables  of  the  hy¬ 
personic  flow  around  a  body  and  extend  the  prediction 
to  include  skin  friction  for  like  conditions. 

Three  body  configurations  were  tested  at  a  nomi¬ 
nal  Mach  number  of  6  in  a  high-Reynolds  number  facil¬ 
ity.  Several  numerical  models  were  computed  for  com¬ 
parison  to  experimental  results.  The  numerical  models 
include  a  flat  plate,  ogive  cylinder,  and  an  isentropic 
compression  ramp,  representing  a  zero,  favorable  and 
adverse  pressure  gradient,  respectively. 

II.  Apparatus 

Mach  6  High  Hey nohls  Facility 

The  Mach  6  high  Reynolds  number  test  facility  is 
an  intermittent  blowdown-type  wind  tunnel  with  an  ax- 
isymmetric  31.-1  cm  exit  diameter  nozzle.  Nozzle  wall 
boundary  layer  effects  reduce  the  actual  diameter  of  the 
test  core  to  approximately  25.-1  cm.  The  test  section 
is  an  open  jet  which  can  be  adjusted  from  43.2  to  71.1 
cm.  The  air  supply  to  the  tunnel  is  heated  to  500  (111 
K  in  order  to  prevent  liquefaction  of  the  air  in  the  area 
of  the  test  section.  The  tunnel  reservoir  pressure  can 
he  varied  from  0  (52  13.8  MPa,  which  produces  a  free¬ 
st  ream  Reynolds  number  of  0.-15  9.8  (107)  per  meter. 

1  lie  tunnel  is  exhausted  into  a  large  vacuum  sphere,  be¬ 
low  tunnel  reservoir  pressures  of -1.2  MPa,  otherwise,  the 
flow  is  exhausted  directly  to  the  atmosphere.  Laminar 
through  fully-developed  turbulent  boundary  layers  can 


be  produced  on  the  models  The  tunnel  simulates  flight 
conditions  at  Mach  6  from  15.24-36.58  kilometer  alti¬ 
tude.  A  more  complete  description  of  this  tunnel  and 
its  capabilities  have  been  reported  by  Fiore 

Test  models  are  injected  into  the  open  jet  with 
a  hydraulic  model  support  system.  Total  temperature 
and  stagnation  pressure  probes  are  moved  throughout 
the  tunnel  test  section  on  an  x-y-z  probe  drive  system. 
Side  windows  on  each  door  of  the  tunnel  test  section  are 
of  schlieren  quality,  allowing  visualization  of  the  shock 
waves  and  boundary  layers.  Additionally,  laser  dopier 
velocimetry  (LDV)  is  permissible  through  the  windows. 

Experimental  Models 

A  photograph  of  the  flat  plate  test  model  mounted 
in  the  wind  tunnel  is  shown  in  Figure  1.  The  model  is 
constructed  of  17-4  PH  stainless  steel  and  is  47.0  cm 
long  and  39.4  cm  wide.  There  are  29  static  pressure 
ports  spaced  2.54  cm  midspan  along  the  chord  of  the 
model.  The  first  pressure  port  is  located  15.86  cm  be¬ 
hind  the  model  leading  edge.  Additionally,  there  are 
nine  chromel-constantan  (Type  E)  coaxial  heat  trans¬ 
fer  gauges  and  seven  Type-E  thermocouples  embedded 
within  the  model.  Type-E  heat  transfer  gauges  and 
thermocouples  were  chosen  in  order  to  maintain  electri¬ 
cal  compatibility  with  the  17-4  PH  stainless  steel.  A  slug 
calorimeter,  skin  friction  force  balance,  or  Preston  tube 
skin  friction  device  may  be  mounted  in  a  milled  port 
midspan,  centered  43.82  cm  behind  the  leading  edge. 

Figure  2  shows  the  ogive  cylinder  test  model.  The 
model  is  7.62  cm  in  diameter  and  38.10  cm  long  and 
constructed  of  17-4  P1I  stainless  steel.  There  are  23 
static  pressure  ports,  6  chromel-constantan  coaxial  heat 
transfer  gauges,  and  11  Type-E  thermocouples  within 
the  model.  Two  ports  were  milled  into  the  model  cen¬ 
tered  x  =  20.32  cm  and  x  =  29.85  cm  behind  the  model 
tip  for  mounting  a  slug  calorimeter,  skin  friction  force 
balance,  or  the  Preston  tube  friction  device. 

Figure  3  shows  the  isentropic  compression  ramp 
test  model.  The  model  is  constructed  of  17-4  PH  stain¬ 
less  steel  and  is  47.0  cm  long,  39.37  cm  wide,  and  has 
a  compressive  surface  cut  on  a  349.3  cm  radius.  Two 
flow-directing  fences  are  shown  on  either  side  of  the  com¬ 
pressive  surface.  The  model  is  equipped  with  29  static 
pressure  ports,  9  chromel-constantan  coaxial  heat  trans¬ 
fer  gauges,  and  7  Type-E  thermocouples  distributed 
midspan  along  the  model's  chord.  A  single  port  was 
milled  43.82  cm  behind  the  leading  edge  of  the  model, 
midspan,  in  order  to  accept  a  slug  calorimeter,  skin  fric¬ 
tion  force  balance,  or  a  Preston  tube  friction  device. 

Instrumental  ion 

A  schematic  of  the  skin  friction  force  balance  is 
shown  in  Figure  4.  The  skin  friction  force  balance  is  a 
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self-contained  unit  with  a  model-mating  surface  to  per¬ 
mit  flush  mounting  with  the  model  surface.  The  bal¬ 
ance  has  a  0.9-1  cm  diameter  floating  element  and  is 
self-nulling  to  the  center  with  a  0.070  mm  circumfer¬ 
ential  gap.  The  center  element  is  statically  balanced 
about  the  center  of  the  support  housing.  Surface  shear 
force  is  measured  directly  with  the  center  element.  The 
gauge  was  calibrated  against  known  weights  to  within 
0.3  percent  of  full-scale  readings  prior  to  each  test. 

A  Preston  tube  skin  friction  device  was  used  to 
measure  local  skin  friction.  The  Preston  tube  is  a  pitot 
tube  resting  on  the  model  surface  and  inline  to  the  on¬ 
coming  flow.  The  Preston  tube  unit  was  designed  to 
fit  into  t he  milled  port  of  each  model.  A  #304  an¬ 
nealed  stainless  steel  tube,  1.57  mm  and  1.19  mm  out¬ 
side  and  inside  diameter,  respectively,  was  used  to  mea¬ 
sure  the  local  stagnation  pressure.  Local  static  pressure 
was  measured  using  two  static  pressure  ports.  The  local 
shear  stress  is  determined  from  the  measurement  of  the 
local  stagnation  pressure  near  the  surface  of  the  model, 
the  surface  static  pressure  and  the  model  surface  tem¬ 
perature  in  the  region  of  the  Preston  tube  device.  The 
reader  is  referred  to  Preston’s  2  work  for  an  in-depth 
study  of  this  skin  friction  device. 

Probe  stagnation  pressure  profiles  in  the  boundary 
layer  were  measured  using  a  pitot  pressure  probe.  A  to¬ 
tal  temperature  probe  similar  to  that  designed  by  Win¬ 
kler  3  was  used  to  measure  total  temperature  bound¬ 
ary  layer  profiles.  On  the  compression  ramp,  a  com¬ 
bined  boundary  layer  probe  was  used.  The  combined 
probe  used  a  Winkler  probe  with  stagnation  piessure 
probes  attached  to  either  side  of  the  Winkler  probe. 
A  schematic  of  this  probe  is  shown  in  Figure  5.  Al¬ 
though  this  probe  created  a  larger  probe-  model  surface 
interference,  the  benefits  of  simultaneous  pressure  and 
temperature  measurements  at  the  same  location  were 
desirable. 


III.  Procedures 


Experimental  Procedures 

'Flic  measured  tunnel  parameters  were  reservoir 
pressure  and  temperature,  model  surface  pressures, 
model  surface  temperatures  and  model  surface  beat 
transfer  rates.  Corresponding  surface  shear  forces  were 
also  measured,  fn  the  boundary  layer,  the  total  tem¬ 
perature  and  stagnation  pressure  were  measured  with 
total  temperature  and  stagnation  probes,  respectively. 
Loral  velocities  were  measured  using  LDV.  Throughout 
data  reduction,  the  static  pressure  through  the  bound¬ 
ary  layer  was  assumed  to  be  constant  in  a  direction  nor¬ 
mal  to  the  model  surface. 

In  the  boundary  layer,  the  Mach  number  profile 


was  determined  from  the  Rayleigh  Pitot  formula 


P,2  is  the  flow  stagnation  pressure  measured  behind  two 
shocks;  a  weak  oblique  shock  generated  by  the  finite 
leading  edge  of  the  model  and  a  normal  shock  generated 
at  the  entrance  to  the  pitot  probe.  The  Mach  number 
is  solved  for  iteratively. 

The  ratio  of  the  local  total  tempearture  to  static 
temperature  is  given  by 

|  =  1  +  1 (2) 

A  temperature  probe  recovery  factor  is  defined  as 


which  is  dependent  on  the  design  of  the  temperature 
probe.  The  total  temperature  probe  was  calibrated  for 
all  tunnel  flow  conditions  in  the  free-stream.  Probe  re¬ 
covery  factors  were  measured  as  0.94,  0.97,  0.98,  0.98 
and  0.99  for  0.69  MPa,  2.07  MPa,  4.83  MPa,  9.65  MPa, 
and  13.65  MPa  free-stream  stagnation  conditions,  re¬ 
spectively. 

With  Equations  2  and  3  and  the  Mach  number 
profile  determined  from  Equation  1,  the  local  total  tem¬ 
perature  through  the  boundary  layer  is  formulated  as 
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The  static  temperature  distribution  (T)  is  computed  us¬ 
ing  Equation  2.  The  velocity  profile  is  determined  from 
the  Mach  number  profile  and  the  speed  of  sound  profile 
which  is  based  on  the  static  temperature  profile.  Den¬ 
sity  profiles  are  determined  from  the  ideal  gas  equation 
of  state  and  static  temperature  profile. 

Fhe  boundary  layer  momentum  thickness  is  de¬ 
fined  as 


(5) 


In  discrete  form  Equation  5  becomes 


6  =  Z 


Pi  U. 
Pe^oo 


(6) 


In  Equations  5  and  6,  ue  is  the  streamwise  compo¬ 
nent  of  velocity  at  the  boundary  layer  edge  and  pt ,  the 
corresponding  fluid  density.  The  boundary  layer  thick¬ 
ness  (#)  is  arbitrarily  assigned  as  that  height  above  the 
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model  surface  where  a  negative  normal  pressure  gradi- 
ent  ( =jf- )  is  detected. 

The  displacement  thickness  (6‘)  is  calculated  in 
a  similar  method  as  the  calculation  of  the  momentum 
thickness 

(?) 

Jo  V  PtH'J 

which  becomes  in  discrete  form 


Skin  friction  (Cj )  was  measured  using  two  types 
of  instrumentation.  The  first  method  uses  the  pressure 
measurements  from  the  Preston  tube  device.  Skin  fric¬ 
tion  is  computed  as  the  root-mean-square  (mis)  value 
of  thrie  methods  of  calulation  using  the  Preston  tube 
data.  The  first  method  of  calulation  uses  the  Yanta  4 
equation. 
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where  p‘  corresponds  to  the  fluid  density  at  the  refer¬ 
ence  temperature,  Afp  is  the  Preston  tube  Mach  num¬ 
ber.  Me  the  edge  Mach  number,  ami  d  the  inside  diam¬ 
eter  of  the  Preston  tube. 

The  second  method  of  computing  the  skin  friction 
was  developed  by  Hopkins  and  Keener  5  and  is  similar 
to  Equation  9. 
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The  last  method  uses  Allen’s  semi-empirical  rela¬ 
tionship  6 
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where  the  value  of  the  constants  a,  b.  and  r  have  been 
determined  as  0  01059,  0.70(55,  0.4081 ,  respectively  The 
function  F\  is  written  as 

_  _ef’r 1 1  + 
v'H'M'  \/  1  + 

The  reference  value  of  viscosities  and  density  were 
computed  from  the  reference  temperature  method  em¬ 
ployed  by  Sommer  and  Short  7 . 


T*  =  Te  0.55  +  0.035jW;  +  0.45- 


The  corresponding  density  was  computed  as 


where  Pw  is  the  static  wall  pressure.  The  coefficient  of 
viscosity  is  computed  using  Keyes’  viscosity  relationship 
s 

i.ii3  x  io-Vi.sr 

P  —  122  22 

1  "C  Tl  ltW7") 

The  reference  value  of  viscosity  (p“ )  is  computed  by  sub¬ 
stituting  the  reference  temperature  (7”)  for  the  static 
temperature  (T)  in  Equation  15.  Equation  15  is  in  the 
form  where  T  is  in  degrees  Kelvin.  The  Preston  Mach 
number  used  throughout  Equations  9-12  is  computed 
by  substitution  of  the  total  pressure  measured  by  the 
Preston  tube  device  for  the  probe  total  pressure  (Pl2) 
in  Equation  1 

The  rms  value  of  skin  friction  coefficient  is  defined 


C'  =  V  i(cl+ci» 


*cl) 


A  second  method  of  skin  friction  measurement  was 
obtained  using  a  floating  element  force  balance  device 
where  the  shear  force  was  measured  directly.  Using  the 
measured  shear  force,  the  shear  stress  (7^  )  is  computed 
by  dividing  by  t he  surface  area  of  the  force  balance  sen¬ 
sor.  The  skin  friction  coefficient  is  computed  as 


Surface  heat  transfer  distributions  were  measured 
using  coaxial  heat  transfer  gauges.  The  surface  and  sub¬ 
surface  temperatures  were  measured  over  a  finite  time 
interval.  The  heat  transfer  rate  ( q )  into  the  surface  was 
computed  using  a  one-dimensional  finite  element  model 
developed  by  Hayes  9  for  beat  transfer  measurements 
using  coaxial  beat  transfer  gauges.  The  energy  balance 
on  the  surface  is  presented  as  follows. 

—  ffcond  T  +  </rad  {  f  8 ) 

Radiation  losses  were  computed  to  be  on  the  order  of 
less  than  one  percent,  of  the  combined  heat  losses,  hence, 
neglected  in  the  calculation  of  t he  total  heat  flux. 

From  Equation  18,  a  non-dimensional  heat  trans¬ 
fer  coefficient  is  presented  as  the  Stanton  number  (St), 


SI  = - 9 - 

(Tau? 
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In  Equation  19,  Taw  is  the  adiabatic  wall  temperature, 
Tw  is  the  surface  temperature,  and  Cp  is  the  specific 
heat  of  the  air  at  constant  pressure.  The  adiabatic  wall 
temperature,  Tau  is  computed  as 

Taw  =  7k  +  rc  — k  (-20) 

In  Equation  20,  re  is  the  recovery  factor  and  is  computed 
as  rt  =  Pr*  for  laminar  boundary  layers  and  as  rc  — 
Pri  for  turbulent  boundary  layers. 

Typical  measured  and  experimental  uncertainties 
are  given  in  Table  1  for  a  tunnel  stagnation  pressure  of 
4.83  MPa.  In  general,  the  uncertainties  increased  for 
lower  stagnation  pressures. 

Table  1.  Calculated  and  Measured  Uncertainties 


Po  = 

4.83  MPa 

parameter 

uncertainty  (  %  ) 

ttex 

1.7 

C't 

1.5 

St 

10.0 

fk 

1.0 

\t 

0.9 

p 

5.8 

p 

5.8 

T 

0.3 

C'ED  Codes 

Experimental  results  were  compared  to  CFD  nu¬ 
merical  predictions.  The  flat  plate  and  the  compres¬ 
sion  ramp  were  modelled  using  a  two-dimensional  full- 
Navier-Stokes  code.  This  code  (FDF2D)  was  developed 
in-house  by  Sliang  10,  and  has  a  wide  range  of  appli¬ 
cability  to  hypersonic  flows.  FDL2D  uses  a  MacC'or- 
mack  predictor-corrector  numerical  scheme  and  forms 
an  explicit  set  of  equations  which  tire  solved  for  using  a 
tridiagonal  block  solver,  [loth  the  flat  plate  and  com¬ 
pression  ramp  models  included  a  finite  leading  edge  in 
the  numerical  grid  in  order  to  more  accurately  mode! 
the  finite  thickness  of  the  experimental  models’  leading 
edge. 

The  ogive  cylinder  was  modelled  by  Byers  11  using 
a  vectorizing  version  of  the  parabolized  Navier-Stokes 
( PNS)  numerical  code  developed  by  Stalnaker,  et  a!.,  12 . 
The  PNS  code  uses  an  implicit  solver  to  generate  a  con¬ 
ical  starting  solution  at  the  nose  of  the  ogive  cylinder 
prior  to  marching  an  explicit  solution  along  the  body. 
An  implicit  conical  starting  solution  was  applied  at  j-  = 
0.016;  thereafter,  an  explicit  Beam- Warming  scheme 
was  used  to  solve  for  the  flow  parameters  along  the  body. 
Both  FDL2D  and  PNS  codes  use  a  Baldwin- Lomax  nu¬ 
merical  scheme  to  model  fully-developed  turbulence. 


IV.  Results  and  Discussion 

Flat  Plate  Tests  and  CFD  Comparisons 

A  typical  static  pressure  distribution  on  the  flat 
plate  is  presented  in  Figure  6  for  a  tunnel  stagnation 
pressure  of  4.83  MPa.  The  corresponding  CFD  pre¬ 
diction  of  static  pressure  on  the  flat  plate  is  shown  for 
comparison.  As  indicated  by  the  error  bar,  the  numer¬ 
ical  prediction  lies  within  the  uncertainty  of  the  data. 
Although  not  shown,  there  was  favorable  agreement  be¬ 
tween  CFD  predictions  of  the  static  pressure  distribu¬ 
tion  and  measurements  for  all  tunnel  stagnation  pres¬ 
sures  tested.  Surface  pressure  was  not  measured  near 
the  leading  edge  of  the  model  (f  =0),  however,  the 
CFD  code  does  predict  a  finite  leading  edge  effect  and 
the  static  pressure  near  the  weak  oblique  shock  increases 
noticeably.  In  general,  agreement  between  data  and 
measurement  improved  as  the  tunnel  stagnation  pres¬ 
sure  increased. 

Figure  7  shows  the  non-dimensional  boundary 
layer  (j)  measured  midspan  along  the  chord  of  the  flat 
plate  for  three  free-stream  stagnation  pressures.  2.07, 
•1.83,  and  9.65  MPa.  Numerical  predictions  are  included 
for  comparison  to  data.  As  seen,  the  boundary  layer 
growth  is  nearly  linear  along  the  length  of  the  plate,  and 
the  overall  thickness  decreases  as  the  free-stream  stagna¬ 
tion  pressure,  hence.  Reynolds  number  increases.  CFD 
predictions  of  boundary  layer  growth  exhibit  the  same 
linear  growth  trend,  however,  the  CFD  models  tended  to 
underpredict  the  growth  of  the  boundary  layer  along  the 
chord  length  of  the  plate.  This  difference  between  data 
and  CFD  prediction  is  attributed  to  the  difference  ill  cri¬ 
teria  used  by  the  code  and  measurements  to  determine 
the  boundary  layer  edge.  For  experimental  measure¬ 
ments,  the  boundary  layer  edge  was  determined  as  the 
location  in  the  boundary  layer  where  a  negative  gradi¬ 
ent  in  the  probe  stagnation  pressure  (  -jj-)  was  detected. 
Oil  the  other  hand,  the  code  used  an  integral  method 
to  measure  the  increase  of  axial  momentum  ( - (-£— )  in 
order  to  locate  the  boundary  layer  edge.  The  boundary 
layer  edge  was  determined  by  the  code  as  the  position 
in  the  boundary  layer  where 

i 

d(pu)<0.0l£>  (21) 

2-0 

Boundary  iayer  measurements  for  the  flat  plate  are  given 
in  Table  2. 

Velocity  profiles  determined  from  total  pressure 
and  temperature  profiles  and  LDV  measurements  on  the 
flat  plate  are  shown  in  Figure  8  for  three  tunnel  stagna¬ 
tion  pressures.  The  increased  deviation  of  LDV'  velocity 
measurements  from  velocity  profiles  derived  from  mea¬ 
sured  stagnation  pressure  and  total  temperature  probe 


n-6 


Table  2:  Flat  Plate:  Boundary  Layer  Parameters 
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Rex  1  Res 
(107)  | 

6 

(min) 

6* 

(mm) 

e 

( 10~2  mm) 

P0  =  2.07  MPa,  =  5.71 

0.34 

0.13473 

238.49 

3.94 

1.13 

1.82 

0.61 

0.25395 

224.60 

7.49 

1.91 

1.64 

0.82 

0.33204 

1249.02 

9.53 

2.87 

9.45 

0.93 

0.38845 

2020.66 

10.54 

3.50 

14.78 

P0  =  4.83  MDa,  Mcc  =  5  77 

0.34 

0.30456 

503.73 

3  43 

0.89 

1.70 

0.61 

0.59880 

2868.63 

5.97 

1.98 

8.88 

0.82 

0.67924 

4382.77 

6.99 

2.91 

16  21 

0.93 

0.84464 

4835.04 

8.00 

3.19 

16.27 

Pa  =  9.65  MPa,  A/„,  =  5  78 

0.34 

0.66757 

2050.59 

3.43 

0.97 

3.16 

0.61 

1.16635 

67o3.99 

4.95 

2.11 

10.73 

10003.23 

6.53 

2.84 

15.47 

0.93 

1.79959 

9798.99 

7.49 

3.07 

15.47 

near  the  wall  are  attributed  to  the  error  introduced  by  a 
probe-surface  effect  in  a  thin  (4-6  nun)  boundary  layer. 
Correlation  of  the  two  methods  of  measuring  velocity 
improve  as  the  distance  from  the  wall  increases.  The 
stagnation  pressure  and  total  temperature  derived  ve¬ 
locity  profiles  indicate  an  overshoot  of  the  velocity  near 
TO  percent  of  the  boundary  layer  thickness  which  was 
not  observed  with  LDV  measurements  This  velocity 
overshoot  is  not  physical,  but  results  from  calculation  of 
velocity  from  the  probe  total  temperature  and  stagna¬ 
tion  pressure  data.  Total  temperature  profiles  exhibited 
a  similar  overshoot.  Although  not  shown,  velocity  pro¬ 
files  were  compared  to  1/7  power  laws  and  Van  Driest 
velocity  transformations  and  found  to  compare  favor¬ 
ably  to  data  for  cases  where  the  boundary  layer  was 
fully  turbulent. 

Figure  9  shows  the  non-dimensional  heat  transfer 
rate  on  the  fiat  plate  over  a  range  of  Reynolds  numbers 
and  free-strearn  stagnation  pressures.  Code  predictions 
are  shown  for  comparison  with  the  data.  The  data  cor¬ 
responding  to  a  0.(59  MPa  stagnation  pressure  indicates 
the  boundary  layer  transitioned  from  laminar  to  a  fully- 
developed  turbulent  boundary  layer.  Additionally,  the 
first  datum  for  P0  =  2.07  MPa,  (x  =  15.875  cm  from 
the  leading  edge)  suggests  the  boundary  layer  was  tran¬ 
sitional  All  remaining  data  shown  in  Figure  9  corre¬ 
sponds  to  a  fully-developed  turbulent  boundary  layer. 

An  attempt  was  made  to  obtain  the  best  match  of 
test  conditions  with  the  CFD  boundary  conditions  cor¬ 
responding  to  the  location  of  the  skin  friction  gauge.  As 
seen  in  Figure  9,  boundary  layer  transition  was  not  pre¬ 


dicted  by  the  code  (FDL2D).  The  code  employs  either 
all  laminar  or  all  turbulent  boundary  layer  models,  but 
boundary  layer  transition  is  not  modelled.  In  the  regions 
corresponding  to  a  fully-developed  turbulent  boundary 
layer,  the  agreement  between  data  and  numerical  pre¬ 
dictions  was  acceptable.  Although  agreement  between 
the  CFD  heat  transfer  predictions  and  the  measured 
heat  transfer  rates  decreases  as  Reynolds  number  in¬ 
creases,  a  general  trend  of  decreasing  Stanton  number 
for  increasing  Reynolds  number  was  maintained. 

Figure  10  shows  the  skin  friction  measured  at 
x  -=  43.8  cm  over  a  range  of  length  Reynolds  numbers 
and  free-stream  stagnation  pressures.  The  open  sym¬ 
bols  represent  skin  friction  force  balance  measurement- 
The  solid  symbols  represent  measurements  at  the  same 
location  and  test  conditions  Using  a  Preston  tube  de¬ 
vice.  Numerical  predictions  are  shown  for  comparison 
with  the  data.  Generally,  there  is  satisfactory  agreement 
between  data  and  the  code  skin  friction  predictions 
Larger  sc:  :  r  in  the  data  is  exhibited  at  lower  Reynolds 
numbers.  This  scatter  in  data  at  lower  Reynolds  num¬ 
bers  may  be  attributed  to  the  transitional  nature  of  the 
boundary  layer,  as  demonstrated  by  the  heat  transfer 
rates  shown  in  Figure  9.  Numerical  predictions  com¬ 
pare  favorably  with  the  Preston  tube  data,  but  tend  to 
overpredict  the  force  balance  data  by  about  7-10  per¬ 
cent  In  one  case  (Pa  —  2.07  MPa),  the  CFD  code  un¬ 
derpredicted  the  data  by  about  3  percent.  At  higher 
Reynolds  numbers,  the  increase  in  error  between  nu¬ 
merical  prediction  and  data  suggests  the  code  exhibits 
some  limitations  to  accurately  predict  skin  friction  at 
higher  Reynolds  numbers. 

Ogive  Cylinder  Tests  and  CFD  Comparisons 

A  typical  static  pressure  distribution  along  the 
length  of  an  ogive  cylinder  is  shown  in  Figure  11  for 
a  tunnel  stagnation  pressure  of  4.83  MPa.  As  evidenced 
by  the  heat  transfer  results  shown  later,  this  free-stream 
stagnation  pressure  produced  a  transitional  boundary- 
layer  along  the  entire  length  of  the  ogive  cylinder.  The 
datum  at  j-  =  0.(5  seems  to  be  an  anomaly  and  is  at¬ 
tributed  to  instrumentation  error. 

Comparison  to  the  l  arabolized  Navier  Stokes 
(PNS)  numerical  prediction  is  indicated  with  a  solid 
line.  Along  the  forebody  of  the  ogive  cylinder,  the  PNS 
code  over-predicted  the  static  surface  pressure  distribu¬ 
tion.  This  trend  continued  throughout  all  static  pres¬ 
sure  distributions  on  the  ogive  cylinder.  The  PNS  code 
over-predicts  the  initial  static  pressure  because  a  conical 
starting  solution  was  used  to  start  the  space-marching 
solution  over  the  remainder  of  the  body.  Since  cones 
experience  higher  surface  pressures  tor  a  given  flow  con¬ 
dition  than  ogive  cylinders,  the  initial  solution  o.er- 
predicts  the  measured  pressure.  The  error  may  have 
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Ixvn  further  compounded  with  the  use  of  a  Vigneron 
Mihl.s'  or  mo,!el  in  the  I’NS  code.  The  Vigneron  snldayer 
model  uses  a  split  pressure  term  in  its  formulation  and 
any  numerical  error  introduced  is  not  easily  dissipated 
with  the  Beam- Warming  solver  used  in  the  PNS  code. 
As  seen,  error  in  the  pressure  distribution  does  not  dis¬ 
sipate  until  reaching  the  shoulder  of  the  ogive  cylinder. 
Thereafter,  correlation  of  CF1)  predictions  with  data  is 
excellent . 

Figure  12  presents  the  non-dimensional  boundary 
layer  thickness  measured  at  two  positions  on  the  ogive 
cylinder  for  two  tunnel  stagnation  pressures.  No  CFD 
comparisons  are  shown.  At  P0  =  -I .S3  MPa,  the  bound¬ 
ary  layer  exhibited  very  little  growth  which  suggests  a 
laminar  boundary  layer  existed  over  much  of  the  ogive 
cylinder  surface.  At  /’„  =  9.65  MPa,  and  f  =  0.53,  the 
boundary  layer  was  turbulent  and  is  fifty  percent  thicker 
than  the  laminar  boundary  layer  present  at  P0  =  -1.83 
MPa. 

Velocity  profiles  on  the  ogive  cylinder  at  two  posi¬ 
tions  were  calculated  from  stagnation  pressure  and  total 
temperature  profiles  and  hy  assuming  a  constant  static 
pressure  through  the  boundary  layer.  Figure  13  shows 
the  velocity  profiles  for  both  tunnel  stagnation  pressures 
of  I. S3  and  9. 65  MPa.  Similar  to  the  velocity  profiles 
shown  for  the  fiat  plate,  the  velocity  overshoots  the  edge 
value  hy  '  out  seven  percent  due  to  the  influence  of 
the  measi  ul  total  temperature  overshoot.  U)V  mea- 
siir  'merits  vere  attempted  on  the  model,  however,  the 
seeded  flow  was  not  able  to  negotiate  the  relatively  large 
cur.ature  of  the  ogive  section  of  the  model,  thus,  pre¬ 
vented  effective  U)V  measurements.  An  investigation 
on  tin-  seed  particle  dynamics  for  this  model  was  con¬ 
ducted  by  Maurice  ia.  Particle  dynamics  were  combined 
with  <  'PI)  predicted  flow  fields  in  order  to  study  the  flow 
path  of  the  seed  at  hypersonic  conditions.  Bo.su!  Is  of  the 
study  are  indicated  in  Figure  Id.  The  majority  of  the 
seed  is  deflected  by  the  ogive  nose  outside  of  the  bound¬ 
ary  layer  while  the  few  remaining  seed  p, articles  within 
the  boundary  layer  impacted  the  surface  of  the  ogive 
section.  Analysis  by  Maurice  l'1  into  seed  velocity  bi¬ 
asing  as  seed  passes  through  an  oblique  shock  confirms 
velocity  biasing  occurs  with  silicon  oil  seed.  From  Fig¬ 
ure  15,  silicon  oil  seed  on  the  order  of  5.0  microns  (the 
average  size  of  the  seed  used  during  the  ogive  cylinder 
I.DV  tests),  experiences  significant  biasing.  In  Figure 
15,  -shock  and  Xn-s hock  are  components  of  the 
velocity  and  distance  normal  to  the  shock.  In  order  to 
obtain  l.DV  measurements  in  the  boundary  layer  of  the 
ogive  cylinder,  a  seed  material  on  the  order  of  1.0  mi¬ 
cron  would  be  required  to  negotiate  the  curvature  of  the 
ogive  section  and  eliminate  seed  particle  velocity  bins  as 
the  seed  material  passes  through  the  oblique  shock  and 
into  th"  boundary  layer. 


Figure  16  presents  the  non-dimensional  heat  trans¬ 
fer  rate,  the  Stanton  number,  for  the  ogive  cylinder  sur¬ 
face  over  a  range  of  tunnel  free-stream  stagnation  pres¬ 
sures  from  0.69-13.79  MPa  and  length  Reynolds  num¬ 
bers.  Heat  transfer  measurements  were  conducted  only 
along  the  cylinder  section  of  the  ogive  cyliuderv-Hoth  , 
Stanton  numbers  and  Reynolds  numbers  are  shown  in 
Figure  16  plotted  on  tog-log  axes.  Similarly,  PNS  nu¬ 
merical  solutions  are  shown  for  comparison  to  the  mea¬ 
surements. 

Two  distinct  levels  of  heating  rate  are  indicated 
by  the  data  in  Figure  16.  The  lower  Stanton  numbers 
correspond  to  a  laminar  boundary  layer  present  for  tun¬ 
nel  free-stream  stagnation  pressures  of  0.69-2.07  MPa. 
A  transition  from  laminar  to  a  turbulent  boundary  layer 
is  clearly  indicated  by  heat  transfer  measurements  corre¬ 
sponding  to  a  4.83  MPa  free-stream  stagnation  pressure 
and  a  length  Reynolds  number  of  8(106).  The  boundary 
layer  remained  turbulent  for  the  higher  stagnation  pres¬ 
sures,  9.65  and  13.79  MPa,  as  indicated  by  the  higher 
heat  transfer  rates.  Compared  to  previous  data  shown 
for  the  fiat  plate,  the  favorable  pressure  gradient  along 
the  ogive  cylinder  surface  significantly  delayed  boundary 
layer  transition  from  laminar  to  turbulent  until  higher 
tunnel  reservoir  pressures  were  reached. 

PNS  numerical  predictions  of  (he  Stanton  num¬ 
ber  indicate  the  code  undcr-predicts  the  heat  transfer 
rate  near  the  intersection  of  the  ogive  and  cylinder  por¬ 
tion  of  the  model.  In  the  area  near  the  shoulder  of  the 
ogive  cylinder,  code  predictions  of  a  large  drop  in  heat 
transfer  rate  suggest  boundary  layer  separation,  how¬ 
ever,  no  separation  was  delected  during  the  actual  wind 
tunnel  tests.  Conversely,  the  code  over-predicted  the 
static  pressure  near  the  shoulder  of  the  ogive  cylinder 
as  seen  in  Figure  1 1. 

The  PNS  code  under-predicted  the  heat  transfer 
rate  measurements  made  at  9.65  MPa.  This  under- 
prediction  was  due  to  a  ten  degree  (Kelvin)  mismatch  of 
wall  temperature  boundary  conditions  for  the  PNS  code 
with  the  measurements.  'Phis  indicates  the  overall  sensi¬ 
tivity  of  life  code  to  the  wall  temperature  boundary  con¬ 
dition.  Heat  transfer  measurements  made  at  13.79  MPa 
compare  favorably  to  the  PNS  code  predictions.  In  the 
area  where  skin  friction  was  measured,  the  heat  transfer 
rate  matched  the  code  predictions  well.  In  all  cases,  nu¬ 
merous  iterations  were  required  in  order  to  nia.tchvwjdl 
boundary  conditions  and  grid  spacing  for  the  PNS  code 
prior  to  obtaining  a  satisfactory  solution.  An  in-depth 
explanation  of  the  application  of  the  PNS  code  is  given 
by  Byers  11 . 

From  the  PNS  solutions  used  to  predict  experi¬ 
mental  heat  transfer  rates,  the  skin  friction  coefficient 
is  compared  for  both  the  data  and  PNS  code  predic¬ 
tion  in  Figure  17.  Similar  to  Figure  16,  this  figure  is 


shown  with  log-log  axes,  over  the  same  range  of  free- 
stream  stagnation  pressures  and  for  the  same  range  of 
length  Reynolds  numbers.  The  overall  variation  of  skin 
friction  with  Reynolds  number  is  predicted  by  the  PNS 
code,  however,  in  general,  the  code  predicted  the  skin 
friction  only  to  within  10  percent  of  the  measured  val¬ 
ues.  The  very  large  velocity  and  temperature  gradients 
present,  in  a  hypersonic  boundary  layer  pose  a  challeng¬ 
ing  problem  for  CFD  models.  The  actual  application 
of  tiie  PNS  code  required  refinement  of  numerous  grids 
prior  to  obtaining  a  converged  solution.  General  trends 
were  predicted  by  the  PNS  code,  including  transition  of 
the  boundary  layer  from  laminar  to  turbulent  and  the 
associated  rise  in  skin  friction  values.  Due  to  the  limited 
amount  of  experimental  data,  further  speculation  as  to 
the  overall  agreement  of  predictions  with  data  is  with¬ 
held  until  further  experimental  testing  is  completed. 

Compression  Ramp  Tests  and  CFD  Comparisons 

The  static  pressure  distribution  on  the  compres¬ 
sion  ramp  is  shown  in  Figure  18  for  a  9.(35  MPa  free- 
stream  stagnation  pressure  along  with  the  correspond¬ 
ing  CFf.  prediction  of  static;  surface  pressure  distribu¬ 
tion.  Although  not  shown,  for  all  test  conditions,  there 
was  excellent  agreement  between  data  and  CFD  predic¬ 
tions  of  the  tatic  pressure  distributions. 

Figure  19  shows  the  measured  boundary  layer 
thickness  as  determined  from  stagnation  pressure  and 
total  temperature  profiles  as  compared  to  the  numer¬ 
ical  predictions  for  2.07,  4.8,1,  and  9. 05  MPa  stagna¬ 
tion  pressures.  Measurements  indicate  a  relatively  con¬ 
stant  growth  of  the  boundary  layer  was  present  for 
all  free-stream  stagnation  pressures  tested,  independent 
of  Reynolds  number.  The  compressive  nature  of  the 
boundary  layer  tended  to  control  the  boundary  layer 
growth  to  a  greater  extent  than  that  observed  with  a 
zero  pressure  gradient  (flat  plate)  boundary  layer;  this 
suggests  a  more  complete  energy  exchange  existed  be¬ 
tween  the  fluid  entrained  in  the  boundary  layer  and  the 
free-stream.  CFD  results  predict  a  thinner  boundary 
layer  over  the  compression  ramp  surface  than  what  was 
measured.  However,  due  to  the  intrusive  effects  as¬ 
sociated  with  probe  measurements  in  thin  hypersonic 
boundary  layers,  close  agreement  between  the  probe 
measured  boundary  layer  thickness  and  the  CFD  pre¬ 
dictions  is  not  expected. 

Boundary  layer  profiles  were  measured  on  the 
compression  ramp  at  four  stations  along  the  upper  sur¬ 
face  using  stagnation  pressure  and  total  temperature 
probes  and  LDV  techniques.  For  the  sake  of  clarity, 
only  velocity  profiles  at  a  single  location  (%  —  0.03), 
mid-span  and  for  three  free-stream  stagnation  pressures 
arc  shown  u  Figure  20.  Velocity  profiles  deduced  from 
the  boundary  layer  probe  measurements  are  represented 


by  the  solid  symbols.  LDV  data  is  shown  as  open  sym¬ 
bols  connected  by  the  solid  line.  Figure  20  indicates 
there  is  poor  agreement  between  the  two  methods  of 
measurement,  except  at  the  boundary  layer  edge.  The 
poor  agreement  between  LDV  measured  velocities  and 
deduced  velocities  from  probe  data  is  attributed  to  the 
probe  measured  total  temperature  profiles.  For  the 
ramp,  the  total  temperature  overshoot  was  on  the  or¬ 
der  of  10-20  percent.  Thus,  a  large  velocity  overshoot, 
up  to  10  percent  or  more  of  the  edge  velocity,  results 
from  calculations  using  the  total  temperature  profile, 
assuming  a  constant  static  pressure  profile  through  the 
boundary  layer.  The  actual  velocity  profile  is  more  ac¬ 
curately  indicated  by  the  LDV  measurements,  however, 
some  seed  particle  velocity  biasing  has  been  measured 
and  uncertainties  in  the  LDV  data  increase  near  the 
wall.  Although  not  shown,  CFD  velocity  profiles  more 
closely  resemhle  the  LDV  velocity  profiles  without  any 
velocity  overshoot. 

The  total  temperature  overshoot  measured  on  the 
compression  ramp  was  3  -4  times  that  measured  on  the 
fiat  plate  or  ogive  cylinder.  Several  total  temperature 
probes  were  used,  each  carefully  calibrated.  The  re¬ 
sults  from  each  probe  indicate  the  same  level  oftSTWpeF'^ 
ature  overshoot.  This  large  overshoot  is  attributed  to 
increased  viscous  interaction  that  occurs  between  a  com¬ 
pressive  boundary  layer  and  the  free-steam.  Nonethe¬ 
less,  the  extent  of  the  total  temperature  overshoot  was 
unexpected  and  bares  further  examination.  Unfortu¬ 
nately,  very  little  data  on  a  hypersonic  compressive 
boundary  layer  exists  for  a  similar  model  configuration, 
hence,  no  comparisons  are  made. 

Heat  transfer  results  are  shown  for  the  compres¬ 
sion  ramp  in  Figure  21  over  a  range  of  free-stream  stag¬ 
nation  pressures  (0.69-13.79  MPa).  Surface  heat  trans¬ 
fer  measurements  are  indicated  by  the  open  symbols  and 
CFD  predictions  are  shown  as  a  solid  line  for  each  range 
of  free-stream  stagnation  pressures.  Several  trends  are 
noted.  First,  at  0.69  MPa,  the  heat  transfer  results  in¬ 
dicate  the  boundary  layer  was  not  fully  turbulent  until 
near  the  aft  section  of  the  compression  ramp.  All  other 
heat  transfer  measurements,  except  for  one  datum  at 
P„  =  2.07  MPa,  indicate  the  boundary  layer  was  fully 
turbulent.  Second,  the  shape  of  the  isentropic  com¬ 
pression  surface  increased  the  heat  transfer  rate  from 
the  leading  edge  to  the  tr  filing  edge  of  the  compres¬ 
sion  ramp.  Increased  heat  transfer  along  the  surface 
of  the  compression  ramp  supports  the  earlier  discus¬ 
sion  of  a  more  complete  energy  exchange  for  compressive 
boundary  layers  than  for  favorable  or  even  zero-pressure 
gradient  boundary  layers.  This  increase  in  heat  trans¬ 
fer  is  seen  in  Figure  21  as  a  rapid  rise  in  the  Stanton 
number  for  each  data  set  at  each  free-stream  stagnation 
pressure.  Lastly,  CFD  predictions  agree  very  well  with 
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t  he  measurements,  except  where  tlie  boundary  layer  was 
not  fully  turbulent.  CFD  predictions  were  ntade  using 
FDL2D,  and  on  the  average,  35,000-10,000  iterations 
wi  re  completed  for  a  solution  at  each  pressure. 

Skin  friction  measurements  and  CFD  predictions 
using  FDL2D  corresponding  to  the  flow  conditions 
•shown  in  Figure  21  are  shown  in  Figure  22.  Skin  friction 
measurements  (solid  symbols)  were  made  using  the  skin 
friction  force  balance  at  j-  =  0.93,  for  0. 09-13.79  MPa 
free-stream  stagnation  pressures.  Skin  friction  measure¬ 
ments  were  repeatable,  except  for  measurements  made 
at  /■*„  =  0.09  MPa  where  the  boundary  layer  may  have 
been  transitional  and  the  uncertainty  of  static  pressure 
measurements  is  increased  due  to  instrumentation  lim¬ 
itations.  CFD  predictions  are  indicated  by  the  solid 
line.  Although  the  FDL2D  code  predicts  the  proper 
trends  for  skin  friction,  generally,  the  CFD  predictions 
do  not  agree  with  the  skin  friction  force  balance  mea¬ 
surements.  At  0.09  MPa.  CFD  predictions  of  Cj  are  ac¬ 
ceptable,  however,  for  increased  Reynolds  numbers,  the 
agreement  between  CFD  solutions  and  data  degrades, 
similar  to  CFD  predictions  of  skin  friction  for  the  flat 
plate  shown  in  Figure  9.  Much  of  the  CFD  error  is 
attributed  tb  the  inability  to  properly  model  boundary 
layer  transition.  Additionally,  since  gradients  in  the  ax¬ 
ial  direction  may  not  he  considered  negligible  for  adverse 
pressure  gradients,  much  larger  axial  grids  than  the  250 
axial  grid  points  used  for  this  study  may  be  necessary. 
Such  large  grids  will  increase  the  overall  time  needed 
per  iteration  of  the  solution.  With  over  -10,000  itera¬ 
tions  required  per  solution,  a  fully-implicit  code  may  be 
preferred  over  the  fully-cxplicit  FDL2D  code. 

V.  Conclusions 

Tlti  study  provided  an  assessment  of  the  ability  of 
two  CFD  codes  to  predict  heat  transfer  and  skin  friction 
for  three  generic  shapes;  a  flat  plate,  an  ogive  cylinder, 
and  an  is  ntroplc  compression  ramp  in  Mach  6  flow  con¬ 
ditions. 

Static  pressure  distributions  were  easily  predicted 
by  the  codes  for  all  configurations  tested,  although  the 
PNS  code  over-predicted  the  static  pressure  over  the 
ogive  section  of  the  ogive  cylinder.  The  discrepency 
between  the  data  and  the  PNS  code  predictions  is  at¬ 
tributed  to  the  conical  starting  solution  used  by  the 
code  to  model  the  ogive  nose.  An  ogive  starting  so¬ 
lution  would  be  more  appropriate  for  favorable  pressure 
gradient  configurations. 

As  a  result  of  the  probe-surface  interactions,  com¬ 
parisons  of  probe-measured  boundary  layer  profiles  to 
LDV  measurements  and  CFD  numerical  predictions  in¬ 
volves  a  large  uncertainly  in  the  probe  data.  Round¬ 
ary  layer  probes  are  relatively  Inrge  compared  to  2-3 
mm  thick  hypersonic  boundary  layer.  Boundary  layer 


measurements  were  found  to  be  further  complicated  by 
LV  seed  particle  biasing,  large  viscous  interactions  at 
the  boundary  layer  edge,  and  limited  probe  capabilities. 
For  example,  on  the  compression  ramp  the  total  tem¬ 
perature  profile  measured  through  the  boundary  layer 
exceeded  the  free-stream  stagnation  temperature  by  as 
much  as  20  percent.  This  suggests  a  very  large  viscous 
interaction  occurs  near  the  boundary  layer  edge.  More 
investigation  is  needed  into  this  phenomena.  A  com¬ 
bined  temperature-pressure  probe,  reduced  in  scale  from 
the  probe  size  used  in  this  investigation  is  recommended 
for  more  accurate  probe  measurements.  Likewise,  very 
low  density  seed  material  is  needed  (o  overcome  seed 
particle  velocity  biasing  if  LDV  measurements  are  to 
be  used  to  measure  hypersonic  (low  conditions  in  the 
presence  of  large  velocity  gradients  within  hypersonic 
boundary  layers. 

Heat  transfer  predictions  are  possible  using  either 
code,  altlvougb-a  large  number  of  iterations  (time  steps) 
and  dense  numerical  grids  are  required  to  accurately 
resolve  the  temperature  gradients  and  velocity  gradi¬ 
ents  in  the  boundary  layer.  For  those  CFD  solutions 
where  the  heat  transfer  was  carefully  matched  to  data, 
skin  friction  predictions  were  marginal  at  best.  General 
trends  were  predicted,  but  the  discrepancy  beTween'p re- 
diction  and  measurement  increased  as  Reynolds  number 
increased.  This  error  is  attributed  to  the  inability  to 
model  boundary  layer  transition  from  laminar  to  tur¬ 
bulent.  The  Baldwin-Lomax  turbulence  model  proved 
insufficient  in  this  respect.  The  authors  recommend  the 
use  of  a  turbulence  model  which  models  boundary  layer 
transition,  such  as  the  k  —  (  model. 
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▲  “  A  A 

a  or*  * 


Re,  HO7) 

Figure  10:  Skin  friction  measurements  on  a  Hat  plate 
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Figure  8:  Velocity  profiles  on  a  flat  plate 
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Figure  11:  Static  pressure  distribution  on  an  ogive  cylin¬ 
der 
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Figure  1).  I/eat  transfer  measurements  on  a  Jlat  plate 
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Figure  12:  Boundary  layer  thickness  on  an  ogive  cylin¬ 
der 
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Figure  13.  Boundary  layer  velocity  profiles  on  an  ogive 
cylinder 
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Figure  16:  Heat  transfer  rate  on  an  ogive  cylinder 


Figure  11:  Velocity  Biasing  of  FDV  seed  part  ides  on  an 
ogive  r  linder  (Maurice13) 
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Figure  17  Skin  friction  on  an  ogive  cylinder 
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Figuie  15:  Velocity  biasing  of  silicon  oil  seed  through 
an  oblique  shock  (Maurice14) 


Figure  18:  Static  surface  pressure  distribution  on  a  coni 
pression  ramp 
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Figure  19:  Boundary  layer  thickness  on  tin;  compression 
ramp 
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Figure  20:  Compression  liainp:  Measured  velocity  pro¬ 
files 


Figure  22:  Skiu  friction  for  the  compression  ramp 
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Figure  21;  Heat  transfer  for  the  compression  ramp 
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SUMMARY 

Experimental  data  on  fully  laminar  and  transitional 
shock  wave  boundary  layer  interactions  in  two  -  di¬ 
mensional  compression  corners  are  provided  and  used 
for  the  validation  of  two  full  Navier-Stokes  solvers, 
as  well  as  for  checking  the  capabilities  and  limita¬ 
tions  of  simple  analytical  prediction  methods.  Vis¬ 
cous  pressure  interaction,  free  interaction  and  invis- 
cid  oblique  shock  theory  are  found  to  predict  well 
the  pressure  levels  on  the  flat  plate  upstream  of  the 
interaction,  within  the  separated  region  and  down¬ 
stream  of  the  interaction  respectively.  The  reference 
temperature  theory  is  found  to  perform  well  in  at¬ 
tached  flow  regimes  both  upstream  and  downstream 
of  the  interaction  region,  and  to  provide  the  basis 
for  a  universal  peak  heating  correlation  law.  Full 
Navier-Stokes  computations  are  necessary,  however, 
to  predict  the  extent  of  the  interaction  region  and 
the  associated  influence  upon  the  pressure  distribu¬ 
tion  (control  effectiveness)  as  well  as  the  detailed 
heat  transfer  distribution.  To  achieve  this,  very  fine 
gridding  coupled  with  the  use  of  strict  convergence 
criteria  (based  on  the  evolution  of  the  location  of 
the  separation  point  rather  than  on  standard  den¬ 
sity  residuals)  is  shown  to  be  necessary.  It  is  finally 
shown  that,  although  sophisticated  turbulence  mod¬ 
els  need  to  be  further  developed  before  the  detailed 
characteristics  of  fully  turbulent  shock  wave  bound¬ 
ary  layer  interactions  may  be  predicted,  transitional 
interactions  (where  transition  typically  occurs  in  the 
neighbourhood  of  reattachment)  may  be  adequately 
handled  by  algebraic  turbulence  models  "switched 
on”  just  downstream  of  reattachment. 

LIST  OF  SYMBOLS 

C  Chapman- Rubesin  linear  viscosity 

law  constant 

Cf  skin  friction  coefficient  (eq.  2.2) 

ch  heat  transfer  coefficient  (eq.  2.3) 

Cf  specific  heat  at  constant  pressure 

Kp  pressure  coefficient  (eq.  2.1) 

L  distance  of  hinge  line  from  leading  edge 

Lph  growth  length  of  reattaching  boundary 

layer  to  location  of  peak  heating 
M  Mach  number 


p  pressure 

q,  heat  transfer  rate  into  model  surface 

Re  Reynolds  number 

Re* nit  unit  Reynolds  number  (per  meter) 

T  temperature 

u  velocity 

x  distance  from  leading  edge 

a  ramp  deflection  angle 

а ,  deflection  angle  of  dividing  streamline 

7  ratio  of  specific  heats 

б,  shear  layer  thickness  at  reattachment 

p  density 

t„  wall  shear  stress 

Subscripts 

0  reservoir  (total) 

oo  freestream 

e  at  edge  of  boundary  layer 

pk  at  peak  heating 

r  recovery  (adiabatic  wall) 

re  at  at  reattachment 

ref  reference  boundary  layer 

sep  at  separation 

tu  wall 

Superscript 

*  at  Eckert’s  reference  temperature 

1.  INTRODUCTION 

Recent  years  have  seen  the  development  of  a  number 
of  concepts  for  novel  space  transportation  systems 
with  widely  varying  mission  requirements  which,  how¬ 
ever,  all  aim  to  the  optimisation  of  the  performance 
of  such  systems  and  the  provision  of  easy  and  cost- 
effective  access  to  space.  Many  of  the  proposed  sys¬ 
tems  rely  upon  the  concept  of  reusability  which,  ef¬ 
fectively,  translates  to  lifting  reentry  spaceplanes  sim¬ 
ilar  to  the  operational  U.S.  Space  Shuttle  Orbiter. 
Others  aim  at  a  lifting  ascent  as  well,  with  the  aid 
of  airbreathing  or  rocket  propulsion,  and  to  an  over¬ 
all  operational  performance  and  simplicity  similar  to 
that  of  current  commercial  airliners. 

Among  the  most  critical  areas  in  the  design  of  hy¬ 
personic  aircraft  lies  the  design  of  control  surfaces 


[1,2],  where  it  is  well  known  that  strong  shock  wave 
boundary  layer  interactions  occur  upon  their  deflec¬ 
tion,  giving  rise  to  a  loss  of  control  effectiveness  and 
high  heating  rates  [3-5].  As  a  consequence,  a  signif¬ 
icant  worldwide  research  effort  has  been  undertaken 
to  provide  a  better  understanding  of  the  relevant  flow 
processes  and  reliable  prediction  techniques,  with  par¬ 
ticular  emphasis  placed  upon  the  development  and 
validation  of  Computational  Fluid  Dynamics  (CFD) 
methods  [2,5-8]. 

Two  categories  of  hypersonic  spaceplanes  may  be  dis¬ 
tinguished  in  the  modern  trends.  First,  there  are  lift¬ 
ing  reentry  vehicles,  such  as  the  European  Hermes 
spaceplane  and  the  U.S.  HL-2Q  Personnel  Launch 
System,  which  are  very  similar  to  the  Space  Shut¬ 
tle  Orbiter,  although  their  small  scale  poses  severe 
heating  problems  in  nose  and  leading  edge  areas, 
and  gives  rise  to  significant  uncertainties  in  the  de¬ 
sign  of  control  surfaces  as  the  laminar  (due  to  the 
small  scale)  oncoming  boundary  layers  are  by  far 
more  prone  to  separation  in  regions  of  shock  wave 
boundary  layer  interaction  than  turbulent  boundary 
layers.  Furthermore,  transition  is  often  promoted  by 
the  process  of  shock  wave  laminar  boundary  layer 
interaction,  a  phenomenon  that  has  so  far  received 
limited  attention  (because  of  its  inherent  difficulties) 
despite  its  relevance  to  efficient  control  surface  de¬ 
sign. 

The  second  category  of  hypersonic  spaceplanes  in¬ 
cludes  lifting  ascent/reentry  vehicles,  such  as  the  U.S. 
National  Aerospace  Plane  and  the  German  Sanger. 
The  associated  high  Reynolds  numbers  encountered 
during  the  lifting  ascent  of  such  vehicles  are  expected 
to  yield  turbulent  flows  over  many  of  their  wetted 
surfaces,  so  that  the  accurate  modelling  of  turbu¬ 
lence  [9]  becomes  very  important  in  the  efficiency  of 
the  design. 

The  present  paper  addresses  the  deflected  control 
surface  problem,  as  simulated  by  flat  plate/  two- 
dimensional  compression  ramp  configurations  (Fig.l), 
at  Mach  numbers  of  6  and  14  with  Reynolds  numbers 
to  the  hinge  line  in  the  range  0.3  x  106  —  2.5  x  106 
and  wall-to- total  temperature  ratios  between  0.1  and 
0.85.  The  test  cases  considered  involve  ramp  de¬ 
flection  angles  between  7.5°  and  25°  approached  by 
laminar  boundary  layers  which,  in  the  laboratory, 
give  rise  to  two-dimensional  fully  laminar  or  transi¬ 
tional  shock  wave  boundary  layer  interactions  includ¬ 
ing  cases  with  extensive  separation.  Fully  turbulent 
interactions,  with  the  inherent  need  for  turbulence 
modelling  within  separated  flow  regions,  are  not  con¬ 
sidered. 

In  what  follows,  examples  of  experimental,  analytical 
and  computational  results  are  discussed,  emphasis¬ 
ing  validation  issues.  A  synthesis  that  may  provide 
useful  hints  to  the  designer  of  control  surfaces  is  also 


presented. 

2.  DESCRIPTION  OF  EXPERIMENTS 

Experimentally,  the  problem  has  been  treated  in  the 
two  hypersonic  wind  tunnels  of  the  von  Karman  In¬ 
stitute  (VKI),  namely  the  Mach  6  H-3  blowdown  and 
the  Mach  14  Longshot  heavy  piston  gun  tunnels  [10]. 
Surface  pressure  and  heat  transfer  distributions  have 
been  measured  by  a  variety  of  measurement  tech¬ 
niques  [10]  and  the  data  have  been  complemented  by 
schlieren  and  surface  oil  flow  and  sublimation  visu¬ 
alizations.  Repeatability  and  flow  establishment  (in 
the  Lonpshot  intermittent  tunnel)  have  been  demon¬ 
strated.  Two-dimensionality  (in  the  region  of  the 
model  centerline)  has  been  checked  for  the  cases  cho¬ 
sen  for  code  validation  purposes.  The  uncertainties 
in  the  measurements  and  in  the  definition  of  the  test 
conditions  have  been  determined  to  reflect  the  cur¬ 
rent  state-of-the-art  in  hypersonic  testing  [10-15]. 

Three  test  cases  are  considered  for  the  purposes  of 
code  validation,  all  involving  flat  plate/  two-  dimen¬ 
sional  ramp  configurations  with  the  flat  plate  at  zero 
incidence,  and  a  nominally  sharp  leading  edge  tested 
in  perfect  gas  flow  conditions.  First,  a  Mach  6  fully 
laminar  test  case  with  a  ramp  deflected  to  7.5°  and 
the  hinge  line  located  at  40  mm  downstream  of  the 
leading  edge  is  considered.  The  unit  Reynolds  num¬ 
ber  is  10xl06/m,  the  total  temperature  of  the  flow 
470  K  and  the  model  surface  temperature  equal  to 
the  adiabatic  wall  temperature.  Details  of  the  exper¬ 
iment  may  be  found  in  [16]. 

The  second  and  third  test  cases  involve  flat  plate  / 
15°  ramp  configurations  at  Mach  14  (±  1.5%  un¬ 
certainty/  non-repeatability),  with  a  unit  Reynolds 
number  of  6.5 x  106/m  (±  13%  uncertainty/  non-  re¬ 
peatability),  an  equivalent  perfect  gas  total  tempera¬ 
ture  of  2385  K  (±  9%  uncertainty/  non-repeatability) 
and  a  model  surface  temperature  of  295  K.  In  the 
second  test  case  the  hinge  line  is  located  at  70  mm 
downstream  of  the  model  leading  edge  giving  rise  to 
a  fully  laminar  shock  wave  boundary  layer  interac¬ 
tion.  In  the  third  test  case  the  hinge  line  is  located 
at  200  mm  downstream  of  the  model  leading  edge 
and  laminar-turbulent  transition  is  exhibited  in  the 
close  vicinity  of  reattachment.  Details  of  these  exper¬ 
iments  may  be  found  in  [11-14].  The  measurements 
are  characterized  by  uncertainty  levels  of  ±  15%  on 
the  pressure  coefficient  on  the  low  pressure  fiat  piate 
part  of  the  model,  ±  3%  on  the  pressure  coefficient 
on  the  ramp,  and  ±  13%  on  the  heat  transfer  coeffi¬ 
cient  over  the  entire  measurement  domain. 

Three  criteria  have  been  employed  to  detect  the  oc¬ 
currence  of  laminar-turbulent  transition.'the  presence 
of  a  granular  structure  within  the  boundary  or  shear 
layer  in  schlieren  photographs;  the  noise  pattern  in 
24  kHs  surface  temperature  time  traces;  and  the 
comparison  of  the  measured  heat  transfer  data  down- 


stream  of  the  interaction  region  to  the  reference  tem¬ 
perature  predictions  discussed  in  section  3. 


For  the  comparisons  that  follow,  the  data  are  pre¬ 
sented  in  coefficient  form.  The  pressure  coefficient  is 
defined  as: 
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The  skin  friction  coefficient  is  defined  as: 
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The  heat  transfer  coefficient  is  defined  as  a  modified 
Stanton  number  of  the  form: 
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Finally,  it  is  noted  that  a  much  larger  number  of 
experiments,  reported  in  detail  in  [13-15],  has  been 
conducted  at  Mach  numbers  of  6  and  14,  and  the 
results  have  been  successfully  compared  to  the  ana¬ 
lytical  predictions  discussed  in  section  3.  Although 
the  bulk  of  this  database  involves  transitional  shock 
wave  boundary  layer  interactions,  which  are  not  suit¬ 
able  for  code  validation  purposes  for  the  moment,  the 
data  have  served  the  development  and  validation  of  a 
peak  heating  correlation  that  is  discussed  below.  In 
addition,  they  have  provided  evidence  on  the  level  of 
striation  heating  that  is  often  observed  in  reattach¬ 
ing  flows,  and  have  allowed  for  the  determination  of 
an  upper  limit  on  the  heat  transfer  rate  that  is  briefly 
addressed  in  section  5  [14,15]. 

3.  DESCRIPTION  OF  THE  ANALYTICAL 
PREDICTIONS 

Analytically,  it  has  been  found  that  viscous  pressure 
interaction  theory  [17],  combined  with  the  blast  wave 
theory  prediction  for  the  pressure  induced  by  the 
small  leading  edge  bluntness  [18]  perform  satisfacto¬ 
rily  in  predicting  the  pressure  distribution  over  the 
flat  plate  part  of  the  models  upstream  of  the  onset  of 
the  interaction.  Free  interaction  theory  [4]  has  also 
been  found  to  predict  well  the  plateau  pressure  level 
within  the  separated  flow  region. 

The  reference  temperature  method  [19,  20]  has  been 
successfully  employed  to  predict  the  heat  transfer 
distributions  over  attached  flow  regions,  that  is  up¬ 
stream  and  downstream  of  the  interaction  region,  in¬ 
cluding  the  high  heating  rates  on  the  deflected  ramp 
downstream  of  reattachment  for  both  laminar  and 
turbulent  reattachment  cases.  The  general  reference 
temperature  result  is  given  by: 
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where  n  =  0.5,  A  =  0.332  and  s  =  Pr2^3  for  a  laminar 
boundary  layer,  and  n  =  0.2,  A  =  0.0296  and  s  =  1  for 
a  turbulent  boundary  layer  at  high  Mach  numbers. 

Now,  application  of  eq.  (3.1)  to  a  reference  boundary 
layer  (typically  taken  as  one  over  a  flat  plate  at  zero 
incidence  with  freestream  edge  conditions)  with  the 
origin  of  the  boundary  layer  at  the  leading  edge  of  the 
flat  plate,  gives  a  reference  value  for  the  heat  transfer 
rate  (or  coefficient)  at  the  location  of  peak  heating  on 
the  respective  deflected  ramp  that  would  occur  in  the 
absence  of  an  interaction.  An  estimate  for  the  heat 
transfer  coefficient  at  the  location  of  peak  heating, 
corresponding  to  the  peak  ramp  pressure  and  with 
the  origin  of  the  ramp  boundary  layer  also  taken  at 
the  leading  edge  of  the  flat  plate,  may  be  similarly 
obtained  from  eq.  (3.1).  Finally,  if  the  thinning  of 
the  reattaching  ramp  boundary  layer,  caused  by  the 
reattachment  compression,  is  accounted  for  by  taking 
its  virtual  origin  in  the  vicinity  of  the  reattachment 
point  rather  than  at  the  leading  edge  of  the  flat  plate, 
then  the  growth  length  at  the  location  of  peak  heat¬ 
ing  used  in  the  Reynolds  number  term  of  eq.  (3.1)  is 
Lpjt  rather  than  xp*. 

Taking  the  ratio  of  the  two  results  yields  a  theoreti¬ 
cally  based  correlation  for  peak  heating: 
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with 

a=0,  B=1  and  n=0  5  for  fully  laminar  interactions 
with  a  laminar  reference  level, 

a=0,  B=1  and  n=0.2  for  fully  turbulent  interactions 
with  a  turbulent  reference  level,  and 
a=0.3,  B=0.072  and  n=0.2  for  turbulent  peak  heat¬ 
ing  with  a  laminar  reference  level. 

The  length  scale  Lp*,  that  is  the  effective  growth 
length  of  the  reattaching  boundary  layer,  has  been 
found  [14,15]  to  be  well  approximated  by  the  method 
proposed  in  [22]  as: 


Lpk  = 


(3.3) 


where  the  thickness  of  the  shear  layer  at  the  reattach¬ 
ment  point  may  be  computed  by  the  compressible 
Blasius  result  and  the  deflection  angle  of  the  sepa¬ 
rated  she  ar  layer  from  free  interaction  theory.  The 
velocity  ratio  upk/uref  may  often  be  neglected  in¬ 
ducing  an  error  typically  of  the  order  of  10%,  and 
the  pressure  ratio  ppk  /p,*/  may  be  approximated  by 
the  inviscid  pressure  ratio  through  a  single  inviscid 
shock  or  a  two-shock  system  (separation  shock  plus 
reattachment  shock)  or  as  the  pressure  ratio  through 
an  isentropic  compression.  The  use  of  a  reference 
Reynolds  number  to  correlate  turbulent  ramp  data 
to  a  laminar  flat  plate  reference  heating  level  is  also 
noted.  Details  of  the  development  of  this  correlation 
law  may  be  found  in  [14,21]. 
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It  is  also  interesting  to  note  that,  for  fully  laminar 
or  fully  turbulent  interactions  (that  is  when  the  ref¬ 
erence  and  ramp  boundary  layers  are  both  laminar 
or  both  turbulent),  and  neglecting  the  velocity  ratio, 
eq.  (3.2)  reduces  to: 


which  is  equivalent  to  the  numerous  pressure  inter¬ 
action  semi-empirical  peak  heating  correlations  sum¬ 
marized  in  [23],  but  includes  an  additional  term  that 
represents  the  relative  growth  lengths  of  the  reference 
and  ramp  boundary  layers.  It  is  recalled  that  such 
semi-empirical  correlations  have  been,  after  [23],  very 
successful  for  fully  turbulent  interactions  with  an  ex¬ 
ponent  (1  —  n)  of  close  to  0.8  (that  is  the  theoretical 
reference  temperature  value),  but  a  complete  fail¬ 
ure  for  fully  laminar  interactions  where  exponents 
(1  —  n)  in  the  range  0.7-1. 9  have  been  determined  as 
opposed  to  the  theoretical  value  of  0.5.  In  addition, 
correlations  for  peak  heating  in  transitional  interac¬ 
tions  (with  a  turbulent  ramp  peak  heating  level  and 
a  laminar  reference  level),  such  as  the  one  proposed 
in  [24],  have  also  presented  severe  limitations  in  their 
performance  [15].  Accounting  for  the  thinning  of  the 
reattaching  boundary  layer  caused  by  the  interaction 
process  in  the  form  of  eq.  (3.2)  or  eq.  (3.4),  on  the 
other  hand,  has  been  found  in  [14,15,21]  to  provide 
the  grounds  for  a  universal  peak  heating  correlation 
in  regions  of  both  two-  and  three-  dimensional  shock 
wave  boundary  layer  interactions.  The  results  of  this 
improved  correlation  are  presented  in  section  5. 

Finally,  what  is  currently  not  possible  with  simple 
semi-empirical  and/or  analytical  methods  is  the  ac¬ 
curate  prediction  of  the  extent  of  the  separated  re¬ 
gion  and  the  location  of  the  separation  point,  since 
a  universal  correlation  law  has  yet  to  be  developed. 
This,  in  turn,  makes  the  incorporation  of  CFD  meth¬ 
ods  in  the  design  process  necessary,  particularly  in¬ 
sofar  as  the  prediction  of  control  effectiveness,  which 
strongly  depends  on  the  geometric  characteristics  of 
the  interaction  as  opposed  to  peak  heating,  is  con¬ 
cerned.  Clearly,  full  Navier-Stokes  solvers  need  to  be 
critically  validated  prior  to  being  relied  upon  by  the 
designer,  and  this  forms  one  of  the  primary  objec¬ 
tives  of  this  paper. 

4.  DESCRIPTION  OF  COMPUTATIONS 

Computationally,  the  problem  of  shock  wave  bound¬ 
ary  layer  interaction  in  compression  corners  has  been 
treated  by  two  Navier-Stokes  solvers,  one  developed 
at  Dornier  and  one  at  the  VKI.  Details  on  the  de¬ 
velopment  of  the  Dornier  code  and  its  performance 
over  a  wide  range  of  Mach  numbers  may  be  found  in 
[25-29].  The  Euler  solver  on  which  the  currently  de¬ 
veloped  VKI  Navier-Stokes  code  is  based  is  described 
in  [30-32]. 

In  both  codes,  the  two  -  dimensional  unsteady  full 
Navier-Stokes  equations  are  integrated  by  means  of 


time  marching  finite  volume  shock  capturing  meth¬ 
ods  based  on  cell-centered  unknowns.  The  discretiza¬ 
tion  of  the  convective  terms  is  based  on  either  a  cen¬ 
tral  (for  the  Dornier  code)  or  an  upwind  (for  the  VKI 
code)  evaluation  of  the  cell  face  fluxes.  A  standard 
nonlinear  blend  of  second  and  fourth  order  artificial 
dissipation  terms  is  employed  to  stabilize  the  central 
discretizations  in  the  Dornier  code.  The  VKI  solver 
makeB  use  of  the  flux  difference  splitting  technique 
to  evaluate  the  cell  face  fluxes;  higher  order  schemes 
coupled  with  TVD  properties  are  implemented  on 
the  basis  of  the  MUSCL  approach.  Both  codes  em¬ 
ploy  multi-stage  Runge-Kutta  integration  schemes 
for  the  time  discretization.  The  Cebeci-Smith  tur¬ 
bulence  model  [33]  is  implemented  in  the  Dornier 
code  together  with  a  transition  "switch”  and/or  an 
intermittency  function. 

The  time  evolution  of  the  numerical  solutions  is,  in 
both  codes,  monitored  by  means  of  an  Lj  norm  of 
the  normalized  density  residuals.  An  overall  decay  of 
the  residuals  by  approximately  four  orders  of  mag¬ 
nitude  U  generally  considered  to  yield  a  satisfactory 
steady  state  solution.  However,  the  extent  of  the  sep¬ 
arated  region  and  the  location  of  the  separation  point 
have  exhibited  a  considerable  sensitivity  to  further 
reduction  in  the  residuals.  Therefore,  the  establish¬ 
ment  of  the  steady  state  location  of  the  separated 
point  is  believed  to  be  a  more  appropriate  conver¬ 
gence  criterion,  as  will  be  discussed  below.  Still,  it  is 
noted  that  such  an  approach  is  likely  to  yield  signif¬ 
icant  increases  in  computational  time  when  noting 
the  asymptotic  behaviour  of  convergence  histories. 

The  Mach  6,  7.5°  ramp  test  case  has  been  com¬ 
puted  by  both  codes.  The  Dornier  computations 
have  been  conducted  on  a  series  of  four  meshes  in 
order  to  check  that  the  solution  is  independent  of 
further  grid  refinement.  The  four  mesh  levels,  em¬ 
ployed  with  two  multigrid  (V-)  cycles,  involve  a  to¬ 
tal  number  of  points  of  62x  12,  124x24,  248x48  and 
496x96;  in  the  finer  mesh,  the  normal  mesh  size  at 
the  wall  was  5xl0~6m.  The  VKI  computation  has 
been  performed  on  190x60  mesh  points,  with  the 
normal  mesh  size  at  the  wall  set  to  6.7xl0_5m.  It  is 
noted  that  the  computational  domain  in  the  Dornier 
computations  extended  to  120  mm  downstream  of 
the  leading  edge  as  opposed  to  80  mm  in  the  VKI 
computations. 

The  fully  laminar  Mach  14,  15°  ramp  test  case  has 
also  been  computed  with  both  codes.  The  Dornier 
computations  again  include  an  extensive  grid  depen¬ 
dence  study  with  computations  performed  on  meshes 
with  44x20,  88x40,  176x80  and  352x160  points. 
The  wall  normal  stepsize  in  the  finer  mesh  was  again 
5xl0_6m.  The  VKI  computations  have  been  per¬ 
formed  at  two  mesh  levels,  namely  with  84x30  and 
190x60  nesh  points.  The  first  normal  stepsize  at  the 
wall  in  the  case  of  the  finer  grid  was  3xl0~sm.  In- 


dicatively,  there  were  approximately  30  mesh  points 
in  the  boundary  layer  at  the  onset  of  the  interaction 
(at  50  mm  downstream  of  the  leading  edge)  in  the 
fine  VKI  mesh  and  only  15  points  in  the  coarse  VK1 
mesh.  The  computational  domain  in  the  Dornier 
computations  and  in  the  coarse  grid  VKI  computa¬ 
tions  extended  to  250  mm  downstream  of  the  model 
leading  edge.  The  fine  grid  VKI  computations  were 
performed  over  a  length  of  210  mm  from  the  model 
leading  edge. 

Lastly,  the  transitional  Mach  14  test  case,  with  the 
hinge  line  of  the  15°  ramp  located  at  200  mm  down¬ 
stream  of  the  model  leading  edge,  has  been  computed 
only  by  the  Dornier  code.  Fully  laminar  compu¬ 
tations  have  been  performed  in  a  mesh  series  with 
61x31,  124x62  and  248x124  mesh  points.  An  ad¬ 
ditional  mesh  of  248x64  points  has  been  employed 
to  perform  fully  laminar  and  fully  turbulent  compu¬ 
tations,  as  well  as  to  check  the  influence  of  switch¬ 
ing  on  the  turbulence  model  just  downstream  of  the 
laminar  reattachment  (note  that  transition  in  this 
experiment  was  detected  to  occur  in  the  close  vicin¬ 
ity  of  reattachment).  In  the  latter  case,  the  first  wall 
normal  stepsize  was  5xl0~sm.  The  computational 
domain  for  this  test  case  extended  to  400  mm  down¬ 
stream  of  the  model  leading  edge. 

The  Dornier  meshes  were  generated  by  an  algebraic 
grid  generation  technique  in  which  the  outer  bound¬ 
ary  of  the  meshes  was  fitted  close  to  the  shock  shape 
in  order  to  optimize  the  mesh  point  distribution,  in 
the  computational  domain.  The  meshes  were  geo¬ 
metrically  stretched.  The  VKI  grids  were  generated 
by  an  analytic  technique  based  on  potential  theory. 
In  this  case,  orthogonal  and  smooth  meshes  are  war¬ 
ranted,  but  a  constant  normal  mesh  size  is  imposed 
throughout  the  computational  domain.  The  meshes 
were  exponentially  stretched  in  the  wall  normal  di¬ 
rection.  The  grids  employed  in  the  present  study  are 
illustrated  in  Figs. 2  and  3.  Figure  2  shows  a  coars¬ 
ened  version  of  the  fine  190x60  VKI  grid  employed 
in  the  second  test  case  with  the  Mach  14  forward 
15°  ramp.  Figure  3  shows  a  coarsened  version  of  the 
248x64  Dornier  mesh  employed  in  the  third  test  case 
with  the  Mach  14  rear  15°  ramp. 

5.  DISCUSSION  OF  RESULTS 

5.1  Experiments  vs.  analytical  predictions 
Typical  pressure  distributions  measured  along  the 
centerline  of  the  flat  plate  and  flat  plate/  15°  and  25° 
ramp  configurations  at  Mach  14  are  shown  in  Fig. 4. 
The  flat  plate  data  are  compared  to  the  combined 
viscous  pressure  interaction  and  blast  wave  blunt¬ 
ness  predictions  of  (17]  and  [18],  respectively.  Also 
shown  are  the  free  interaction  predictions  for  the 
plateau  pressure  level  of  [4]  and  the  inviscid  ramp 
pressure  level  obtained  from  oblique  shock  theory. 
The  "peak*  ramp  pressure  levels,  too,  have  been  es¬ 


timated  from  oblique  shock  theory  on  the  assump¬ 
tion  of  a  two-shock  system,  where  the  strength  of  the 
separation  shock  gives  the  predicted  plateau  pressure 
level.  Clearly,  all  predictions  are  in  good  agreement 
with  the  measurements. 

Typical  measured  heat  transfer  distributions  along 
the  centerline  of  the  flat  plate  and  flat  plate/  15° 
and  25°  ramp  configurations  at  Mach  14  are  shown 
in  Fig. 5.  Data  with  the  15°  ramp  configuration  are 
shown  for  two  locations  of  the  hinge  line.  The  mea¬ 
surements  are  compared  to  the  reference  tempera¬ 
ture  predictions  of  eq.  (3.1).  The  flat  plate  data, 
which  remain  laminar  over  the  entire  measurement 
domain,  compare  well  with  the  predicted  laminar  dis¬ 
tribution.  On  the  forward  15°  ramp,  the  measure¬ 
ments  initially  compare  well  with  the  laminar  refer¬ 
ence  temperature  predictions,  but  at  approximately 
1 20  mm  from  the  leading  edge  laminar-turbulent  tran¬ 
sition  is  occurring  and  the  heat  transfer  distribution 
rises  from  the  laminar  predictions  to  the  turbulent 
predictions.  The  importance  of  accounting  for  the 
thinning  of  the  reattaching  boundary  layer,  caused 
by  the  interaction  process,  by  shifting  its  virtual  ori¬ 
gin  to  the  vicinity  of  reattachment  is  again  stressed. 

In  the  rear  ramp  experiments,  laminar-turbulent  tran¬ 
sition  has  been  detected  in  the  close  vicinity  of  reat¬ 
tachment  [14];  hence,  the  measured  data  on  the  ramp 
compare  well  with  the  respective  turbulent  reference 
temperature  predictions.  It  is  noted  that  the  solid 
line  reference  temperature  ramp  predictions  assume 
the  inviscid  pressure  level  on  the  ramp.  However, 
a  pressure  overshoot  has  been  measured  just  down¬ 
stream  of  reattachment  (Fig. 4)  which,  in  the  case 
of  the  25°  ramp  is  significant.  Evidently,  account¬ 
ing  for  the  actual  pressure  distribution  in  the  25° 
ramp  prediction  of  Fig. 5  yields  an  improvement  in 
the  comparison  to  the  measured  heat  transfer  data. 

With  reference  to  Fig. 5,  it  is  also  noted  that  the  pre¬ 
dictions  of  eq.  (3.3)  for  Lpk  are  in  good  agreement 
with  the  measured  distance  of  the  location  of  peak 
heating  from  the  reattachment  point.  The  latter  has 
been  found  (from  the  comparison  of  the  reference 
temperature  predictions  to  the  ramp  heat  transfer 
data)  to  closely  represent  the  location  of  the  virtual 
origin  of  the  reattaching  boundary  layer.  In  other 
words,  eq.  (3.3)  is  seen  to  provide  a  good  approxima¬ 
tion  to  the  effective  growth  length  of  the  reattaching 
boundary  layer  to  the  location  of  peak  heating. 

Furthermore,  high  resolution  spanwise  measurements 
on  the  rear  15°  ramp  are  shown  in  Fig. 5  to  illustrate 
that  significant  spanwise  heat  transfer  variations  may 
occur  in  reattaching  flow  regions  and  downstream. 
These  variations  have  been  attributed  to  the  Gortler 
instability  and  the  associated  formation  of  contra¬ 
rotating  vortices  [34].  However,  an  extensive  para¬ 
metric  study  of  the  resulting  heat  transfer  variations 


performed  in  [14,15]  has  shown  that,  even  in  the  pres¬ 
ence  of  important  steady  spanwise  heat  transfer  vari¬ 
ations,  the  local  turbulent  heating  level  on  the  ramp 
is  not  significantly  exceeded  and  that,  when  a  fully 
turbulent  boundary  layer  develops  over  the  entire 
span  of  the  ramp,  the  spanwise  variations  reduce  to 
zero.  The  conclusion  of  the  work  reported  in  [14,15] 
has,  therefore,  been  that  the  local  turbulent  heating 
level  on  the  ramp,  as  given  by  the  reference  temper¬ 
ature  theory  (accounting  for  the  actual  conditions  at 
the  edge  of  the  ramp  boundary  layer  and  for  the  loca¬ 
tion  of  its  virtual  origin),  may  provide  an  adequate 
estimate  for  an  upper  limit  of  the  (time-averaged) 
heat  transfer  distribution  on  the  ramp  downstream 
of  the  region  of  interaction. 

Notin„  the  successful  application  of  the  reference  tem¬ 
perature  method  to  predicting  the  heat  transfer  dis¬ 
tribution  (in  attached  flow  regions)  over  a  wide  vari¬ 
ety  of  geometries  [14,15],  eq.  (3.2)  has  been  employed 
to  correlate  laminar  and  turbulent  peak  heating  data 
measured  in  regions  of  two-  and  three-dimensional 
shock  wave  boundary  layer  interactions.  The  result  is 
illustrated  in  Fig. 6,  where  more  than  200  data  points 
from  23  references  have  been  assembled  [21],  covering 
a  Mach  number  range  of  5-20  and  five  orders  of  mag¬ 
nitude  variation  in  Reynolds  number,  which  implies 
a  range  of  shock  wave  boundary  layer  interactions 
from  fully  laminar  cases  in  the  strong  viscous  inter¬ 
action  regime  to  transitional  to  fully  turbulent  cases. 
The  geometries  considered  include  two-  and  three- 
dimensional  flat  plate/ramp  configurations,  flat  plates 
with  swept  or  unswept  impinging  shocks,  regions  of 
glancing  shock  interaction  (flat  plates  with  vertical 
fins)  and  a  double  ellipsoid  configuration.  A  lami¬ 
nar  boundary  layer  developing  over  a  flat  plate  at 
freestream  conditions  has  been  chosen  as  the  refer¬ 
ence  case  in  this  correlation. 

5.2  Experiments  vs.  computations 

5.2.1  The  Mach  6,  7.5°  ramp  laminar  lest  case 
The  computed  pressure  distributions  for  the  first  test 
case  (section  2)  are  compared  to  the  measured  data 
in  Fig.7.  The  Dornier  computations  demonstrate 
that  a  grid-independent  solution  has  been  attained 
by  the  two  finest  meshes  which  is  in  close  overall 
agreement  with  the  measurements.  Noting  that  the 
experimental  data  for  this  test  case  have  been  taken 
in  the  early  1970’s  without  the  strict  code  valida¬ 
tion  requirements  in  mind,  the  discrepancy  observed 
between  the  CFD  predictions  and  the  measured  pres¬ 
sure  distribution  for  a  short  distance  downstream  of 
reattachment  remains  inexplicable.  The  VK1  compu¬ 
tations,  performed  on  a  similar  mesh  to  the  second 
finest  Dornier  mesh  (noting  the  different  computa¬ 
tional  domains  and  grid  stretching),  also  show  good 
agreement  with  the  measured  data  as  well  as  with 
the  grid-independent  Dornier  solution  (on  the  two 
finer  meshes). 


The  corresponding  computed  skin  friction  distribu¬ 
tions  are  shown  in  Fig. 8.  Clearly,  the  coarser  Dornier 
mesh  performs  well  in  predicting  the  skin  friction  dis¬ 
tribution  over  the  attached  flow  region  upstream  of 
the  onset  of  the  interaction,  indicating  that  the  flat 
plate  boundary  layer  is  adequately  resolved  and  the 
velocity  profile  and  its  gradient  at  the  wall  are  cor¬ 
rectly  computed.  The  correct  prediction  of  the  lo¬ 
cation  of  the  separation  point  and  the  extent  of  the 
separated  region,  however,  requires  the  UBe  of  highly 
refined  grids. 

This  is  better  illustrated  in  Fig. 9,  where  the  evolu¬ 
tion  of  the  predicted  location  of  the  separation  point 
with  mesh  refinement  and  increasing  number  of  it¬ 
erations  is  shown.  Concerning  time  convergence,  it 
is  noted  that  the  standard  engineering  convergence 
criterion  of  an  L2  norm  reduction  in  the  normal¬ 
ized  density  residuals  by  four  or  even  five  orders  of 
magnitude  (on  the  single  VKI  mesh  level)  yields  an 
underpredicted  extent  of  the  separated  region,  and 
convergence  of  the  location  of  the  separation  point 
(Fig. 9)  may  form  a  more  appropriate  criterion  in 
separated  flow  situations.  It  is  also  interesting  to 
note  that  the  multigrid  approach  employed  in  the 
Dornier  computations  allows  to  take  profit  of  the 
coarse  grid  solutions  to  accelerate  convergence.  In- 
dicatively,  the  normalized  density  residuals  at  the 
end  of  the  Dornier  fine  grid  computation  have  de¬ 
creased  by  three  orders  of  magnitude  relative  to  the 
initial  (coarser  grid)  solution  used  to  start  this  fine 
mesh  computation. 

5.2.2  The  Mach  1J,  forward  15°  -amp  laminar  test 
case 

The  computed  pressure  distributions  for  the  second 
test  case  outlined  in  section  2  are  presented  in  Fig.  10. 
The  corresponding  comparison  between  the  measured 
and  computed  heat  transfer  distributions  is  shown  in 
Fig.  1 1 .  With  reference  to  the  Dornier  computations, 
it  is  noted  that  a  grid-independent  solution  has  again 
been  attained  with  the  two  finer  meshes  of  Dornier, 
which  predicts  well  the  location  of  the  separation 
point  (as  measured  from  the  schlieren  photograph, 
Fig.  12)  and  is  in  reasonable  agreement  with  the  heat 
transfer  measurements  on  the  ramp  up  to  approxi¬ 
mately  0.12  m  downstream  of  the  leading  edge. 

The  subsequent  discrepancy  in  Fig. 11  is  due  to  the 
occurrence  of  laminar-turbulent  transition  detected 
in  the  experiment  [14],  whereas  laminar  flow  has  been 
assumed  throughout  the  computational  domain  (see 
also  the  comparison  of  the  measured  heat  transfer 
data  to  the  reference  temperature  theory,  Fig.5).  It  is 
noted  that  transition  in  this  case  is  occurring  a  sub¬ 
stantial  distance  downstream  of  reattachment  and, 
hence,  it  is  insignificant  to  the  characteristics  of  the 
interaction.  In  addition,  the  process  is  taking  place 
in  an  almost  zero  pressure  gradient  region  where,  at 
high  Mach  numbers,  it  requires  a  significant  length 


to  be  completed. 

The  VKI  fine  grid  computation  (190x60  mesh  points) 
is  seen  to  underpredict  the  extent  of  the  interaction 
and  to  be  in  close  agreement  with  the  Dornier  so¬ 
lution  on  the  88x40  mesh.  As  with  the  Mach  6 
test  case  dincussed  in  section  5.2.1,  it  is  recalled  that 
the  normal  mesh  resolution  of  the  VKI  fine  mesh  is 
very  similar  to  the  40  point  resolution  of  the  88x40 
Dornier  mesh,  due  to  the  different  normal  extents  of 
the  computational  domain  and  the  different  stretch¬ 
ing  employed  in  the  two  cases.  Consequently,  there 
are  strong  indications  that  normal  mesh  resolution  is 
significantly  more  important  than  streamwise  mesh 
resolution.  To  be  sure,  for  a  computational  domain 
characterized  by  a  length-to-height  ratio  of  about  4, 
the  VKI  meshes  involved  a  ratio  of  number  of  points 
in  the  streamwise  direction  to  the  number  of  points 
in  the  wall  normal  direction  of  the  order  of  3,  whereas 
the  Dornier  meshes  involved  a  ratio  of  only  2.  It  fol¬ 
lows  from  Figs.  10  and  11  that  a  mesh  point  ratio  of 
the  order  of  one  half  of  the  length-to-height  ratio  of 
the  computational  domain  may  be  more  appropriate 
for  this  type  of  computations.  It  may  also  be  ,  ostu- 
lated  that  the  quality  of  the  VKI  computations  (in 
terms  of  the  prediction  of  the  extent  of  the  interac¬ 
tion)  may  be  justifiably  enhanced  if  the  number  of 
mesh  points  in  the  wall  normal  direction  is  increased 
to  the  detriment  of  resolution  in  the  streamwise  di¬ 
rection. 

The  importance  of  grid  resolution  in  the  wall  nor¬ 
mal  direction  is  further  manifested  by  the  coarse 
grid  VKI  results.  Although  the  pressure  distribu¬ 
tion  in  the  attached  low  pressure  gradient  regions  is 
well  predicted  by  both  codes  on  all  meshes,  includ¬ 
ing  the  84x30  VKI  mesh  (Fig. 10),  clearly  the  heat 
transfer  distribution  in  the  latter  case  is  underpre¬ 
dicted  relative  to  the  finer  VKI  mesh  computation 
and  the  Dornier  computations  (Fig.  11).  It  is  also 
noted  that  all  results  but  the  VKI  coarse  mesh  one 
are  in  good  agreement  with  the  reference  tempera¬ 
ture  predictions  shown  in  Fig. 5.  This  phenomenon 
has  been  encountered  in  many  of  the  computations 
in  [7,8]  and  is  attributed  to  an  insufficient  resolution 
of  the  very  strong  normal  temperature  gradients  in 
the  near  wall  part  of  the  attached  boundary  layer. 

Finally,  a  surprising  aspect  (at  first  glance)  of  the 
comparison  between  the  coarse  and  fine  grid  compu¬ 
tations  of  VKI  may  be  that  the  predicted  extent  of 
the  interaction  is  not  significantly  altered  with  mesh 
refinement.  This,  however,  should  not  be  viewed 
aa  a  grid-independent  prediction  of  the  location  of 
the  separation  point,  and  the  poor  performance  of 
the  coarse  grid  computation  in  the  attached  flow  re¬ 
gions  (the  flow  over  which  is  due  to  strongly  influence 
the  interaction/separation  characteristics)  should  be 
kept  in  mind. 


5.2.3  The  Mack  1J,  rear  1!P  ramp  transitional  test 
case 

The  measured  and  computed  laminar  pressure  and 
heat  transfer  distributions  for  the  third  t«st  cas» 
section  2  are  shown  in  Figs.  13  and  14.  In  this  case,  . 
grid-independent  solution  has  not  been  demonstrated, 
although,  on  f.h"  basis  of  the  Dornier  grid  dependence 
study  described  in  section  5.2.2,  the  finer  grid  solu¬ 
tion  (on  the  248x124  mesh)  is  believed  to  closely 
represent  the  grid-independent  solution. 

In  addition,  it  is  recalled  that  the  shock  wave  bound¬ 
ary  layer  interaction  in  this  case  io  transitional,  in  the 
sense  that  the  boundary  layer  is  laminar  at  separa¬ 
tion  but  transition  has  been  detected  to  occur  in  the 
close  vicinity  of  reattachment  (11,14],  Consequently, 
the  finer  grid  laminar  computation  is  seen  to  over¬ 
predict  the  measured  extent  of  the  separated  region, 
however  only  by  a  modest  amount.  This  may  be  jus¬ 
tified  as  transition  is  occurring  at  the  very  end  of 
the  interaction  and,  hence,  it  should  have  a  small 
influence  upon  its  characteristics. 

Still,  the  most  significant  discrepancy  between  the 
laminar  computations  and  the  transitional  experi¬ 
mental  data  is  that  the  former  strongly  underp'-e- 
dict  the  measured  turbulent  heat  transfer  distribu¬ 
tion  on  the  ramp.  However,  with  reference  to  Fig.H, 
good  agreement  between  experiment  and  computa¬ 
tion  on  the  248x64  mesh  (as  well  as  with  the  tur¬ 
bulent  reference  temperature  theory,  Fig. 5)  is  found 
when  switching  on  the  turbulence  model  in  the  com¬ 
putations  just  downstream  of  the  predicted  laminar 
reattachment  point. 

In  fact,  it  follows  from  Figs. 13-15  that,  for  cases 
with  laminar  oncoming  boundary  layers,  where  the 
interaction  process  is  expected  to  promote  laminar- 
turbulent  transition  (most  likely  in  the  highly  desta¬ 
bilizing  reattachment  region),  ,,he  approach  adopted 
herein,  of  a  laminar  computation  to  the  reattach¬ 
ment  point  and  switching  to  a  turbulent  computa¬ 
tion  thereafter,  may  provide  an  estimate  of  the  most 
adverse  effects  of  the  interaction.  Specifically,  a  grid 
independent,  fully  converged  laminar  computation  k 
bound  to  yield  the  largest  possible  extent  of  the  inter¬ 
action  and  the  associated  most  adverse  effect  on  con¬ 
trol  effectiveness.  Such  a  laminar  computation  will 
also  yield  the  minimum  boundary  l?rei  thickness  in 
the  ’’neck”  (peak  heating)  region  ust  downstream 
of  the  reattachment  compression.  This  minimum 
boundary  layer  thickness  combined  with  a  turbulent 
computation  (starting  from  the  laminar  solution  at 
reattachment)  will,  in  turn,  yield  an  upper  limit  in 
heat  transfer  which,  on  the  basis  rf  the  experimental 
evidence  of  [14,15],  may  not  be  significantly  exceeded 
even  in  the  presence  of  significant  striation  heating. 

Finally,  it  is  noted  that  the  1°  nose-down  angle  of 
attack  of  the  configuration  has  been  employed  in 
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the  ’’transitional”  computation  of  Fig.15  only  as  a 
crude  modelling  of  the  modest  (50pm)  bluntness  of 
the  model  leading  edge  in  the  experiment.  This  angle 
of  attack  has  been  chosen  because  it  yields  a  pressure 
rise  on  the  flat  plate  upstream  of  the  interaction  sim¬ 
ilar  to  the  one  induced  by  the  leading  edge  bluntness. 

6.  CONCLUSIONS 

A  compression  ramp  database  has  been  assembled 
from  an  extensive  series  of  experiments  with  lami¬ 
nar  boundary  layers  approaching  the  deflected  ramps 
in  the  VKI  Mach  6  and  14  hypersonic  wind  tun¬ 
nels.  Among  these  experiments,  only  the  Mach  6, 
7.5°  ramp  experiments  of  (16)  and  one  Mach  14,  15° 
ramp  case  [14]  have  exhibited  fully  laminar  interac¬ 
tions  and  are,  therefore,  particularly  suitable  for  code 
validation  purposes.  The  remaining  cases  have  also 
demonstrated  that  the  laminar  oncoming  boundary 
layers  are  especially  prone  to  separation,  and  that 
laminar-turbulent  transition  is  promoted  by  the  in¬ 
teraction  process,  notably  by  the  strong  destabilizing 
effects  of  adverse  pressure  gradient  and  concave  flow 
curvature  that  characterize  the  reattachment  com¬ 
pression.  Furthermore,  these  experiments  have  pro¬ 
vided  a  profound  insight  on  the  phenomenon  of  stria- 
tion  heating  and  have  demonstrated,  as  discussed  in 
[14,15],  that  the  time-averaged  local  turbulent  heat¬ 
ing  level  is  not  significantly  exceeded  by  peaks  in 
the  resulting  steady  spanwise  heat  transfer  variations 
even  when  these  are  of  the  order  of  ±50%. 

Analytically,  viscous  pressure  interaction  combined 
with  blast  wave  theory  has  been  found  to  adequately 
predict  the  pressure  distribution  along  flat  plates  (up¬ 
stream  of  the  onset  of  the  interaction)  induced  by  the 
growth  of  the  boundary  layer  and  the  finite  leading 
edge  bluntness.  Free  interaction  theory  performs  well 
in  predicting  the  plateau  pressure  level  within  the 
separated  flow  region,  and  inviscid  oblique  shock  the¬ 
ory  gives  satisfactory  predictions  for  the  downstream 
ramp  pressure  level,  as  well  as  for  the  peak  pressure 
attained  at  the  end  of  the  reattachment  compression, 
provided  that  the  type  of  flow  compression  is  qualita¬ 
tively  known  (isentropic,  two-ahock  or  single  inviscid 
shock  compression). 

The  reference  temperature  method  has  been  shown 
to  be  very  successful  in  predicting  the  heat  trans¬ 
fer  distribution  over  attached  flow  regions,  both  up¬ 
stream  and  downstream  of  the  interaction,  on  the 
condition  that  the  effective  boundary  layer  growth 
length  from  its  virtual  origin  and  the  correct  flow 
conditions  at  the  edge  of  the  boundary  layer  are 
employed.  As  a  result,  a  universal  correlation  law 
has  been  developed  where,  on  the  basis  of  the  ref¬ 
erence  temperature  theory,  more  than  200  laminar 
and  turbulent  peak  heating  data,  taken  over  two- 
^m.Mional  and  swept  compression  ramp  and  im- 


Mach  numbers  between  5  and  20  and  over  a  wide 
range  of  Reynolds  numbers,  have  been  successfully 
correlated. 

What  is  currently  not  possible  by  analytical  or  semi- 
empirical  means  is  the  prediction  of  the  location  of 
the  separation  point  and/or  the  extent  of  the  sepa¬ 
rated  region.  This  is  largely  due  to  the  promotion  of 
laminar-turbulent  transition  by  the  interaction  pro¬ 
cess,  which  implies  that  the  development  of  a  corre¬ 
lation  law  should  account  for  the  parameters  relevant 
to  the  transition  process  that  are  currently  not  well 
understood. 

Finally,  on  the  computational  side  it  has  been  demon¬ 
strated  that,  in  fully  laminar  interaction  cases,  full 
Navier-Stokes  solvers  are  performing  very  well  and 
may  be  safely  incorporated  in  the  design  process, 
provided  that  grid-independent  solutions  are  obtained 
and  attention  is  given  to  convergence  criteria.  It  has 
been  shown  that  monitoring  of  the  evolution  of  the 
location  of  the  separation  point  with  computational 
cycles  forms  a  more  appropriate  (and  strict)  con¬ 
vergence  criterion  than  the  standard  monitoring  of 
normalized  density  residuals.  Although  turbulence 
modelling  within  separated  flow  regions  is  not  yet 
sufficiently  mature  to  be  safely  incorporated  in  the 
design  process  and  moreover  so  transition  modelling, 
CFD  methods  may  be  employed  to  provide  extreme 
limits  for  realistic  cases  where  laminar-turbulent  tran¬ 
sition  is  promoted  by  the  reattachment  process. 

Specifically,  a  fully  laminar  computation  may  pro¬ 
vide  a  maximum  extent  of  the  interaction  and  yield 
the  most  detrimental  effects  on  control  effectiveness. 
Thereafter,  "switching-on”  a  standard,  proven  tur¬ 
bulence  model  in  the  attached  flow  region  just  down¬ 
stream  of  reattachment  will  give  an  upper  limit  for 
the  heat  transfer  distribution  on  the  ramp.  It  is 
noted  that  the  (computed)  boundary  layer  thickness 
in  the  "neck”  region,  that  occurs  at  the  end  of  the 
reattachment  compression,  will  be  smaller  in  the  case 
of  a  laminar  development  of  the  boundary /shear  layer 
to  the  reattachment  point  than  would  be  if  the  flow 
was  already  turbulent  upstream  of  the  interaction. 
Consequently,  the  resulting  turbulent  peak  heating 
level  will  again  represent  an  upper  limit,  as  it  will 
correspond  to  the  minimum  possible  thickness  of  the 
reattaching  boundary  layer  in  the  "neck”  region. 
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Fig.  1  -  Flat  plate  /  two-dimensional  ramp  geometry 


Fig.  2  -  Coarsened  version  of  the  VKI  190x60  grid 
employed  in  the  Mach  14  forward  ramp  computation 


Fig.  3  -  Coarsened  version  of  Dornier  248x64  grid 
employed  in  the  Mach  14  rear  ramp  computation 


Fig.  4  -  Measured  pressure  distributions  over  flat 
plate  and  flat  plate/2D  ramp  configurations  at  Mach 
14  and  Reuni,  =  6.5  x  10a/m,  and  comparison  with 
analytical  predictions 
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Fig.  5  -  Measured  heat  transfer  distributions  over  flat  plate  and  flat  plate/2D 
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Fig.  6  -  Correlation  of  laminar  and  turbulent  peak 
heating  data  referenced  to  laminar  flat  plate  heating 
level 
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Fig.  7  -  Comparison  of  measured  and  computed  pres¬ 
sure  distributions  over  the  flat  plate  /  7.5°  ramp  con¬ 
figuration  at  Mach  6  with  Reuni(  =  10  x  108/m  and 
adiabatic  wall  temperature 


Fig.  8  -  Computed  skin  friction  distributions  over  the 
flat  plate  /  7.5°  ramp  configuration  at  Mach  6  with 
Re«n«t  =  10  x  10e/m  and  adiabatic  wall  temperature 
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Fig.  9  -  Evolution  of  the  computed  location  of  the 
separation  point  with  number  of  iterations  and  grid 
refinement  for  the  Mach  6,  7.5°  ramp  test  case 


Fig.  10  -  Computed  (laminar)  pressure  distributions 
over  the  flat  plate  /  forward  15°  ramp  configura¬ 
tion  at  Mach  14  with  Revn>t  =  6-5  x  108/m  and 
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Circulation  -  Mesh  Level  190x60  VKI 

Fig.  12-  Comparison  of  computed  (laminar)  density  contours  with  the  schlieren 
photograph  for  the  Mach  14  forward  15°  ramp  test  case 
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Fig.  13  -  Comparison  of  measured  and  computed 
(laminar)  pressure  distributions  over  the  flat  plate  / 
rear  15°  ramp  configuration  at  Mach  14  with  Re«nt<  = 
6.5  x  10Vm  *n£l  T„/To=0.12 
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Fig-  15  -  Comparison  of  measured  and  computed 
heat  transfer  distributions  over  the  flat  plate  /  rear 


15°  ramp  configuration  at  Mach  14  with  Re,nii  = 
6.5 x  10#/m  and  T„/To=0.12,  with  turbulence  model 
"switched-on”  at  reattachment 


Fig-  14  -  Comparison  of  measured  and  computed 
(laminar)  heat  transfer  distributions  over  the  flat 
plate  /  rear  15°  ramp  configuration  at  Mach  14  with 
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SUMMARY 

A  closely  coupled  computational  and  experimental 
aerodynamics  research  program  was  conducted  on  a 
hypersonic  vehicle  configuration  at  Mach  8.  Aerodynamic 
force  and  moment  measurements  and  flow  visualization 
results  were  obtained  in  the  Sandia  National  Laboratories 
hypersonic  wind  tunnel  for  laminar  boundary  layer 
conditions.  Parabolized  and  iterative  Navier-Stokes 
simulations  were  used  to  predict  flow  fields  and  forces  and 
moments  on  the  hypersonic  configuration.  The  basic 
vehicle  configuration  is  a  spherically  blunted  10°  cone 
with  a  slice  parallel  with  the  axis  of  the  vehicle.  On  the 
slice  portion  of  the  vehicle,  a  flap  can  be  attached;  for  this 
study,  flap  deflection  angles  of  10°,  20°,  and  30°  were 
used.  Comparisons  are  made  between  experimental  and 
computational  results  to  evaluate  the  quality  of  each  and  to 
identify  areas  where  improvements  are  needed.  This 
extensive  set  of  high-quality  experimental  force  and 
moment  measurements  is  recommended  for  use  in  the 
calibration  and  validation  of  computational  aerodynamics 
codes. 

LIST  OF  SYMBOLS 

Ca  Forebody  axial  force  coefficient,  A/fq^S) 

Cm  Pilch  moment  coefficient,  M/(q«,  S  Dj,), 
referenced  about  x/L  =  0.5 
Cn  Normal  force  coefficient,  N/Cq^  S) 

Dj,  Diameter  of  the  base 

L  Body  length 

M^  Freestream  Mach  number 

p0  Total  pressure 

q^  Freestream  dynamic  pressure 

Rl  Freestream  Reynolds  number  based  on  body 

length 

S  Reference  area,  1 1 .525  in2  (7435.9  mm2) 

TQ  Total  temperature 

Tw  Model  wall  temperature 

x_  Axial  center  of  pressure  measured  from  the  nose 
a  v  Angle  of  attack,  positive  when  slice  on  windward 

side 

5  Flap  deflection  angle 


*  This  work  performed  at  Sandia  National  Laboratories 
supported  by  the  U.  S.  Department  of  Energy  under 
contract  No.  DE-AC04-76DP00789. 

*  Senior  Member  Technical  Staff. 

^ 'Distinguished  Member  Technical  Staff. 


<j)  Model  roll  angle,  =  0°  for  slice  on  windward 
side  at  positive  a 

1.  INTRODUCTION 

Although  in  recent  years  the  design  of  flight  vehicles  has 
been  based  increasingly  upon  computational  aerodynamics 
simulation,  wind  tunnel  experimentation  continues  to  play 
the  major  role  in  aerodynamic  analysis  and  design.  This 
role,  however,  is  changing  because  of  significant 
improvements  in  the  capability  of,  and  confidence  in, 
numerical  simulations.  For  a  small  class  of  supersonic  and 
hypersonic  flow  problems,  high-quality  numerical 
solutions  are  now  believed  to  represent  the  physics  of  the 
problem  more  accurately  than  a  wind  tunnel  experiment  can 
simulate  the  free  flight  conditions.  An  example  of  this  is 
the  supersonic  or  hypersonic,  laminar,  perfect  gas  flow 
over  a  simple  geometry  at  low  angle  of  attack. 

The  realization  that  certain  flow  fields  can  be  computed 
more  accurately  than  they  can  be  measured  experimentally 
must  begin  to  change  the  relationship  between 
computational  and  experimental  aerodynamics.  This  paper 
addresses  this  changing  relationship  and  seeks  to  improve 
the  synergism  between  computational  aerodynamics  and 
wind  tunnel  experimentation.  The  physical  and  numerical 
approaches  can  each  gain  by  using  the  strengths  of  one 
approach  to  offset  the  weaknesses  of  the  other,  and  vice 
versa.  In  this  project,  experiments  and  computations  were 
jointly  conducted  for  hypersonic,  perfect  gas,  laminar  flow 
over  a  hypersonic  vehicle  geometry.  The  model  geometry 
was  designed  so  that  it  could  easily  be  modified  to  produce 
a  range  of  flow  characteristics.  For  the  simplest 
configuration,  we  developed  higher  confidence  in  the 
quality  of  the  computational  fluid  dynamic  (CFD) 
solutions  than  the  experiment.  For  the  more  complex 
configurations,  however,  the  reverse  was  true. 

In  experiments  designed  to  validate  CFD  codes, 
experimentalists  must  develop  a  better  understanding  of  the 
assumptions  made  in  the  numerical  simulation  so  that 
experiments  can  be  designed  that  match  these  assumptions. 
For  example,  in  choosing  a  body  geometry  with  which  to 
validate  a  CFD  code,  a  configuration  should  be  chosen  that 
eliminates  unnecessary  numerical  difficulties.  In  the 
present  experiment,  this  is  achieved  by  requiring  the  body 
flap  to  extend  to  the  base  plane  of  the  body  for  all  flap 
deflections.  Although  this  would  be  unrealistic  in  actual 
flight  vehicle  hardware,  it  allows  a  great  simplification  in 
body  geometry  description  and  outflow  boundary  conditions 
in  the  numerical  simulation. 
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In  this  paper,  computational  and  experimental  results  are 
presented  for  a  hypersonic  vehicle  configuration  at  Mach  8. 
All  of  the  results  were  obtained  in  the  Sandia  Mach  8  long- 
duration,  blowdown,  hypersonic  wind  tunnel.  The  basic 
vehicle  configuration  is  a  spherically  blunted  cone  with  a 
slice  parallel  with  the  axis  of  the  vehicle.  The  half-angle 
of  the  cone  is  10°,  and  the  ratio  of  spherical  nose  radius  to 
base  radius  is  10%.  Flaps  of  various  deflection  angles  can 
be  attached  to  the  slice  portion  of  the  vehicle;  here, 
deflection  angles  of  10°,  20°,  and  30°  were  utilized.  An 
extensive  uncertainty  analysis  was  conducted  to  estimate 
quantitatively  the  accuracy  of  the  experimental 
measurement  The  Sandia  parabolized  Navier-Stokes  code 
is  used  to  generate  solutions  for  the  sliced  vehicle.  For  the 
geometry  with  the  flap  deflected,  reversed  flow  occurs,  and 
a  time  iterative  Navier-Stokes  code  is  used  to  provide 
comparisons  with  the  data.  A  detailed  study  of  grid 
convergence  is  presented  to  determine  quantitatively  the 
accuracy  of  the  numerical  solutions.  A  comparison  of 
experimental  and  numerical  results  for  aerodynamic  forces 
and  moments  is  discussed. 

2.  EXPERIMENTAL  INVESTIGATION 

2,1  Wind  Tunnel  and  Model  Geometry 

The  Sandia  National  Laboratories  blowdown-to-vacuum 
hypersonic  wind  tunnel  consists  of  three  contoured 
axisymmetric  nozzles,  arranged  like  a  Gatling  gun  around  a 
common  hub.  The  test  section  Mach  numbers  are 
nominally  5,  8,  and  14,  respectively.  Each  nozzle  is 
provided  with  its  own  electric  resistance  heater.  Dry 
nitrogen  is  used  as  the  test  gas  for  Mach  8  operation,  for 
which  the  available  ranges  of  pQ  and  TQ  provide  a  unit 
Reynolds  number  range  of  0.8  to  6.2  mil!ion/ft  (2.6  to 
20.3  million/m).  The  test  section  has  a  diameter  of  14  in. 
(355  mm)  and  is  provided  with  8x15  in.  (203x381  mm) 
schlieren-grade  windows  on  the  top,  bottom,  and  sides. 
Usable  run  times  are  typically  30-60  seconds,  depending  on 
flow  Reynolds  number,  and  turnaround  time  between  tuns 
is  one  hour  or  less. 

A  vehicle  geometry  was  carefully  chosen  for  this  project 
that  would  allow  exploration  of  the  strengths  and 
weaknesses  of  both  numerical  simulation  and  physical 
experiments.  The  selected  geometry  is  a  10%  spherically 
blunted  cone  with  a  slice  on  the  windward  side  (see  Fig.  1). 
The  geometry  has  two  nose  tips,  a  spherically  blunted  tip 
and  a  sharp  conical  tip,  to  provide  additional  flexibility  in 
altering  the  boundary  layer  transition  point  on  the  model. 
The  slice  begins  at  0.7  of  the  length  of  the  body,  measured 
from  the  spherical  nose.  The  model  was  designed  so  that 
different  flaps  can  be  attached  to  the  aft  portion  of  the  slice, 
as  noted  above.  The  trailing  edge  of  each  flap  extended 
completely  to  the  base  of  the  body. 

^instrumentation 

Forces  and  moments  on  the  model  arc  derived  from  a  six- 
component,  temperature-compensated  strain  gage  balance 
mounted  internal  to  the  model.  The  axial  location  of  the 
balance  was  chosen  so  that  the  center  of  pressure  normally 
lay  between  the  balance  gages.  A  careful  calibration  of  the 
balance  was  performed  before  the  start  of  the  experimental 


Figure  1:  Wind  Tunnel  Model 

program;  the  resulting  matrix  of  second-order  interaction 
coefficients  was  then  used  in  all  data  reduction.  Check 
weights  were  hung  periodically  throughout  the  test  series 
to  ensure  absence  of  zero  shift  or  linearity  change. 

It  was  essential  to  determine  base  pressure  accurately 
because  of  the  relatively  large  contribution  of  the  base 
pressure  to  the  axial  force  coefficient.  Base  pressure  was 
measured  at  five  locations  at  varying  radial  and 
circumferential  positions  on  a  base  plate  attached  to  the 
sting  just  aft  of  the  model.  The  base  plate  was  a  sharp- 
edged  plate  set  aft  0.065  in.  (1.65  mm)  from,  and  parallel 
to,  the  model  base.  The  circumferential  contour  of  the 
plate  was  0.2  in.  (5.08  mm)  radially  inward  from  the  edge 
of  the  base  of  the  model.  Care  was  taken  to  ensure  it  did 
not  contact  the  model  at  any  point  for  any  flow  condition 
or  angle  of  attack.  The  five  base  pressure  orifices  were 
located  on  the  base  plate  so  that  the  pressure  measured  was 
actually  the  pressure  in  the  gap  between  the  model  and  the 
base  plate.  The  local  pressure  on  the  base  plate  was 
assumed  to  exist  at  the  adjacent  point  on  the  base  of  the 
model. 

To  provide  thermal  boundary  conditions  of  the  model 
surface  for  the  CFD  simulations,  thermocouples  were 
mounted  in  the  inner  surface  of  the  0.1  in.  (2.54  mm)  wall, 
stainless  steel,  model.  Two  thermocouples  were  mounted 
in  the  plane  of  symmetry  on  the  slice  side  of  the  model, 
and  two  were  mounted  180°  circumferentially  around  the 
model.  One  pair  was  located  6  in.  (152.4  mm)  from  the 
nose,  and  the  other  was  7  in.  (177.8  mm)  from  the  nose. 
The  wall  temperature  during  a  run  at  these  locations  varied 
from  535  to  590  R  (297  to  328  K).  Because  of  the  very 
high  heat  transfer  rate  near  the  nose,  it  is  certain  that  the 
surface  temperature  farther  forward  was  higher  than 
temperatures  measured  with  the  thermocouples. 

Shear-stress-sensitive,  temperature-insensitive  liquid 
crystals  [1,2]  were  used  in  an  attempt  to  help  determine  the 
state  of  the  boundary  layer  (laminar,  turbulent,  or 
transitional)  and  also  to  visualize  surface  flow  phenomena. 
Given  the  proper  sensitivity  to  shear  stress,  these 
temperature-insensitive  liquid  crystals  (LCs)  change  the 
color  of  reflected  while  light  as  the  level  of  shear  stress 
changes.  Quantitative  calibration  of  the  reflected  colors  in 
terms  of  shear  stress  has  not  been  successful;  therefore,  the 
technique  is  entirely  qualitative. 
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2.3  Experimental  Conditions  and  Data  Acquisition 

As  this  experiment  was  designed  to  be  jointly  conducted 
with  a  numerical  simulation,  it  was  important  that  the 
state  of  the  boundary  layer  was  known  with  confidence. 
Liquid  crystals  were  applied  to  the  surface  of  the  model  to 
determine  whether  the  boundary  layer  was  laminar  or 
turbulent.  A  Reynolds  number  of  1.80xl06,  based  on 
model  length,  was  chosen  so  that  laminar  flow  was  assured 
over  the  length  of  the  vehicle  for  all  angles  of  attack  (see 
Section  4.1).  The  average  stagnation  conditions  were  T0  = 
1106  R  (614  K)  and  p0  =  340  psia  (2.34xl06  Pa),  and 
freestream  Mach  number  and  dynamic  pressure  were  7.84 
and  1.727  psi  (1.191X104  Pa),  respectively.  Although  the 
measured  wall  temperature  varied  during  a  run,  as 
mentioned  earlier,  the  numerical  simulations  used  an 
average  wall  temperature  of  570  R  (317  K). 

The  angle  of  attack  was  varied  from  -10  to  18°.  The 
nominal  angles  of  attack  at  which  forces  and  moments  were 
measured  were  -10,  -7,  -4,  -1,  0.,  2,  5,  8,  11,  14,  16,  and 
18°.  The  roll  angle  was  set  at  0  (slice  on  the  windward 
side),  90,  180,  and  270°.  The  primary  purpose  for  the  four 
roll  angles  was  to  quantify  the  effect  on  aerodynamic  forces 
and  moments  of  any  possible  flow  field  nonuniformities  in 
the  wind  tunnel.  These  multiple  roll  angles  were  necessary 
in  estimating  the  uncertainty  bounds  on  the  force  and 
moment  measurements. 

Listed  in  Table  1  is  a  run  schedule  for  the  experiment.  As 
can  be  seen  from  the  table,  several  body  geometry  and  roll 
angles  have  multiple  runs.  This  was  done  to  aid  in  the 
quantitative  uncertainty  analysis  discussed  in  the  next 
section.  In  addition,  two  different  axial  locations  in  the 
test  section  were  used.  This  was  done  so  that  uncertainly 
due  to  possible  flow  field  variations  from  one  tunnel 
station  to  another  could  be  evaluated.  It  is  well  known  that 
axisymmetric  nozzles  can  be  subject  to  significant 
variations  in  flow  conditions  along  the  nozzle  axis. 

During  preliminary  runs,  all  five  base  pressures  were 
recorded  at  a  high  data  rate  and  subsequently  displayed  on  a 
strip  chart  recorder  to  assess  the  pressure  lags  in  the 
system.  The  pressure  stabilization  times  required  were 
significant,  up  to  4  s  after  a  continuous  10°  change  in 
angle  of  attack.  These  data  were  then  used  to  pre-set  the 

Table  1:  Run  Number  Summary 


Tunnel  Station  7.6  inches 


<!>  (deg.) 

8=0° 

&=10° 

5=20° 

5=30° 

0 

34,36,37,73 

63,72 

64,71 

65,70 

90 

39 

66,67 

69 

68 

180 

40 

55 

56,57 

58 

270 

41 

62 

61 

59,60 

Tunnel  Station  4.1  inches 

0 

74,75 

83 

82 

81 

180 

76,77 

78 

79 

80 

pitch  mechanism  pause  time  between  a  changes  to  ensure 
that  all  base  pressures  were  stable  before  data  acquisition. 
(See  Ref.  3  for  more  details.) 

2.4  Uncertainty  of  Measurements 

In  surveying  the  literature  documenting  a  wide  variety  of 
wind  tunnel  experiments,  one  rarely  finds  an  analysis 
conducted  to  quantify  the  uncertainty  of  the  measurements. 
Many  times  this  lack  is  justified  because  of  the  press  of 
time  or  budget  constraints.  In  experiments  designed  to 
validate  CFD  codes,  however,  this  is  strongly  believed  to 
be  unacceptable.  In  experiments  of  this  type,  special 
attention  should  be  given  to  constructing  the  run  schedule 
to  maximize  information  for  an  uncertainty  analysis  and 
then  to  quantitatively  analyze  measurement  uncertainty. 
Typical  uncertainty  analyses  consider  the  repeatability  of 
individual  instrumentation  components  such  as  freestream 
conditions  in  the  test  section,  strain  gages,  and  pressure 
transducers  [4],  It  is  clear  from  using  this  type  of  procedure 
that  certain  factors  contributing  to  measurement  uncertainty 
are  not  included:  for  example,  uncertainty  due  to  freestream 
flow  nonuniformities  and  the  interaction  of  various 
instrumentation  components.  An  innovative  procedure  was 
devised  in  the  current  effort  that  is  able  to  quantify  the  total 
uncertainty  of  force  and  moment  measurements.  Further, 
this  procedure  is  able  to  delineate  the  uncertainty  into  two 
components;  instrumentation  uncertainty  and  test  section 
flow  field  nonuniformity.  This  analysis  is  an 
experimentally  based  statistical  estimate  of  variance 
components  of  forces  and  moments. 

The  instrumentation  uncertainty  is  that  uncertainty  in  body 
forces  and  moments  caused  by  all  of  the  following:  strain 
gage  hysteresis,  nonlinearity,  thermal  sensitivity  shift,  and 
thermal  zero  shift;  the  analog  data  acquisition  system;  the 
data  reduction  software;  model  pitch,  roll,  and  yaw 
alignment;  run-to-run  variations  in  setting  freestream 
conditions  in  the  test  section;  and  hase  pressure  transducers 
and  instrumentation  for  eliminating  base  drag.  That  is,  the 
instrumentation  uncertainty  combines  all  uncertainty 
components  in  the  entire  experiment  except  those  due  to 
test  section  flow  field  nonuniformity.  To  calculate  the 
instrumentation  uncertainty,  one  compares  body  force  and 
moment  measurements  for  the  same  physical  location  in 
the  test  section.  By  examining  the  run  schedule.  Table  1, 
one  can  choose  run  pairs  that  have  the  same  pitch  and  roll 
angles  and  the  same  location  in  the  test  section,  and  then 
make  comparisons  between  the  measured  body  force  and 
moment  coefficients.  Typical  run  pairs  that  can  be  formed 
are  [34,36],  [37,73],  [56,57],  and  [74,75].  The  total 
number  of  run  pairs  that  can  be  formed  for  quantifying  the 
instrumentation  uncertainty  is  14. 

Let  the  difference  between  an  individual  force  and  moment 
measurement  and  the  average  measurement  at  each  angle  of 
attack  be  defined  as  the  local  residual,  A.  For  example, 

(ACnJbiMCnki-^j 

where  (~)  is  the  average  value  for  each  run  pair  at  each 
angle  of  attack  and  I  is  the  maximum  number  of  angles  of 
attack  that  are  in  common  for  the  run  pairs  formed.  The 
total  number  of  instrumentation  residuals,  i.e., 
meas^rementr  at  each  pitch  angle,  is  320  for  each  quantity: 
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normal  force,  pitch  moment,  center  of  pressure,  and  axial 
force.  (See  Ref.  3  for  more  detail.) 

The  uncertainty  in  body  forces  and  moments  due  to  a 
combination  of  instrumentation  uncertainty  and  test  section 
flow  field  nonuniformity  can  be  computed  by  comparison 
of  certain  runs.  The  uncertainty  due  solely  to  test  section 
flow  field  nonuniformity,  hereafter  referred  to  as  flow 
nonuniformily,  can  be  calculated  by  statistical  methods. 
This  will  be  discussed  later.  Combined  instrumentation 
and  flow  nonuniformity  uncertainty  are  calculated  by 
comparing  force  and  moment  measurements  when  the 
model  is  at  physically  different  locations  in  the  test 
section.  By  examining  the  run  schedule,  Table  1,  one  finds 
two  different  ways  of  attaining  different  locations  in  the 
test  section.  The  first  method  forms  run  pairs  that  have  the 
same  roll  angle  and  flap  angle,  but  are  at  different  axial 
stations  in  the  test  section.  Typical  run  pairs  that  can  be 
formed  are  [34,74],  [37,75],  [64,82],  and  [58,80],  The 
total  number  of  run  pairs  that  can  be  formed  in  this  way  is 
20. 

The  second  method  forms  run  pairs  based  on  mirror 
symmetry  between  the  model  at  a  roll  angle  of  0°  and 
pitched  to  a  positive  angle  of  attack,  and  the  model  at  a  roll 
angle  of  180°  and  pitched  to  the  same  negative  angle  of 
attack.  The  mirror  symmetry  pairs  are  formed  for  both 
runs  at  the  same  axial  station.  As  the  maximum  negative 
angle  of  attack  was  -  10P,  the  residuals  for  individual  angles 
of  attack  can  only  be  calculated  over  the  range  -10  to  +10°. 
Typical  run  pairs  that  can  be  formed  are  [34,40],  [64,56], 
[74,76],  and  [81,80],  The  total  number  of  run  pairs  that 
can  be  formed  in  this  way  is  19.  The  total  number  of 
residuals,  from  both  types  of  run  pairs,  that  combine 
instrumentation  and  flow  nonuniformity  is  740  for  each 
quantity:  normal  force,  pitch  moment,  center  of  pressure, 
and  axial  force. 

Table  2  gives  the  estimated  standard  deviation,  o,  (square 
root  of  the  variance  estimate)  due  to  instrumentation,  flow 
nonuniformity,  and  the  total  for  each  quantity  measured  in 
the  experiment.  Also  shown  in  the  table  is  the  percent 
contribution  due  to  each  of  the  components  identified.  In 
the  calculation  for  the  standard  deviation  for  xcJ L,  all 
residuals  for  angles  of  attack  of  -1,  0,  and  +1®  were 
excluded.  This  was  done  because  it  is  well  known  that  the 
uncertainty  in  x  becomes  infinite  as  the  normal  force  and 
pitch  moment  abroach  zero.  From  Table  2  it  can  be  seen 
that  the  uncertainty  in  Cn,  Cm,  and  x  due  to  the  entire 
wind  tunnel  system  instrumentation  ranges  from  9  to  20%, 
whereas  that  due  to  flow  nonuniformity  is  80  to  91%. 


Although  this  type  of  uncertainty  analysis  is  new  to  wind 
tunnel  data  analysis,  it  is  suspected  that  most  wind  tunnel 
experiments  are  dominated  by  flow  field  uncertainty  and  not 
instrumentation  uncertainty.  Table  2  shows  that  the 
uncertainty  in  forebody  axial  force  coefficient  is  63%  due  to 
instrumentation  and  37%  due  to  flow.  This  reversal  of 
uncertainty  contributions  compared  to  the  other  quantities 
is  believed  due  to  instrumentation  inaccuracies  in  removing 
base  drag  from  the  total  axial  force. 

3.  COMPUTATIONAL  INVESTIGATION 

Two  types  of  numerical  approaches  were  used  for 
comparison  with,  and  evaluation  of,  the  experimental 
measurements:  a  parabolized  Navier-Stokes  (PNS)  approach 
and  a  time  iterative  Navier-Stokes  approach.  The  PNS 
approach  is  able  to  tightly  couple  the  viscous  and  inviscid 
flows  and  accurately  simulate  cross-flow  separation.  The 
PNS  approach  can  be  used  for  all  supersonic  flows  as  long 
as  the  axial  flow  remains  in  the  streamwise  direction. 
Time  iterative  Navier-Stokes  solutions  were  computed  only 
in  regions  where  the  flow  is  subsonic  or  axially  separated. 
A  summary  of  the  two  solution  techniques  follows. 

3.1  Blunt  Nose  Solution  for  PNS  Calculations 

To  obtain  parabolized  Navier-Stokes  solutions  over  a  blunt 
nosed  vehicle,  the  three-dimensional,  subsonic  and 
supersonic  flow  over  the  spherical  nose  is  calculated  first 
by  using  the  thin  layer,  time  iterative,  Navier-Stokes 
equations.  The  three-dimensional  Navier-Stokes  (NS3D) 
code  [5,6]  is  used  to  compute  the  flow  field  around  the 
nose.  The  NS3D  code  provides  a  starting  solution  for  the 
parabolized  Navier-Stokes  code,  which  is  used  to  advance 
the  flow  field  solution  along  the  body.  The  NS3D 
equations  are  obtained  from  the  unsteady  Navier-Stokes 
equations  by  neglecting  the  viscous  derivatives  in  the 
streamwise  and  circumferential  directions.  The  viscous 
derivatives  are  retained  only  in  the  normal  direction.  This 
is  referred  to  as  the  thin  layer  model.  The  same  viscous 
terms  that  are  dropped  in  boundary  layer  theory  are  also 
dropped  in  the  Unn  layer  model.  However,  the  vertical 
momentum  equation  is  retained,  and  a  constant  pressure  is 
not  imposed  through  the  viscous  layer.  Unlike  boundary 
layer  theory,  the  thin  layer  model  avoids  the  difficulty  of 
matching  an  inviscid  layer  with  a  viscous  layer. 

NS3D  solves  the  continuity,  momentum,  and  energy 
equations  in  a  body-fitted,  shock-fitted  transformed  space. 
The  equations  are  solved  by  approximating  all  partial 
derivatives  by  finite  difference  expressions.  The  difference 


Table  2:  Summary  of  Results  for  Uncertainty  Analysis 
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equations  are  solved  by  an  unsteady,  implicit  algorithm. 
Block  tridiagonai  systems  are  inverted  in  each  space 
coordinate  at  each  time  step.  The  solution  is  advanced  in 
time  until  a  steady-state,  i.e.,  converged,  solution  is 
reached. 

3.2  Parabolized  Navicr-Stokes  Solution 

The  PNS  equations  are  thin  layer  Navier-Stokes  equations 
with  an  approximation  for  the  convective  flux  vector. 
These  assumptions  permit  stable  time-like  marching  of  the 
equations  downstream  from  initial  data.  The  latter 
assumption  does  not  permit  calculation  of  flows  that  have 
separation  in  the  axial  direction.  Three-dimensional  cross- 
flow  separation,  however,  is  permitted.  The  stated 
approximations  are  physically  justified  for  high  to 
moderate  Reynolds  number  flow  past  bodies  with  mild 
axial  geometry  changes. 

The  PNS  equations  are  also  solved  in  a  body-rated,  shock- 
fitted  transformed  space.  The  finite  difference  form  of  the 
PNS  equations  are  formulated  into  an  approximately 
factored,  locally  linearized  form.  The  numerical  solution  is 
a  noniterative,  implicit,  finite-difference  algorithm.  The 
difference  equations  arc  treated  in  vector  form,  and  their 
solution  requires  a  factored  sequence  of  block-tridiagonal 
equations.  The  equations  are  solved  by  inverting  the 
block-tridiagonal  systems  in  the  two  cross  flow  plane 
coordinates  at  each  location  of  the  marching  coordinate. 
The  flow  is  solved  by  marching  the  finite  difference 
equations  ;n  planes  normal  to  the  axis  of  the  vehicle.  Two 
initial  planes  of  supersonic  flow  data  to  start  the  PNS  code 
arc  provided  by  the  NS3D  code.  The  afterbody  portion  is 
then  solved  by  marching  the  PNS  equations  along  the  oody 
up  to  the  base  of  the  vehicle. 

The  Sandia  PaRabolized  Improved  Navier-Stokes  Technique 
(SPRINT)  code  [7|,  currently  in  use  at  Sandia,  is  an 
extensively  modified  version  of  the  Air  Force  Wright 
Aeronautical  Laboratory  parabolized  Navicr-Stokcs  code 
[8|.  It  is  based  upon  the  work  of  Schiff  and  Stcgcr  [91  and 
others  [10-12|.  Sandia  has  spent  several  years  developing 
and  verifying  the  SPRINT  ^odc  by  comparing  it  with 
experimental  data.  The  code  has  predicted  forces  and 
moments,  surface  pressure,  and  heat  transfer  for  different 
reentry  vehicles  and  flow  conditions  1 13-16|. 

3.3  Continuation  Navier-Stokes  Solution 

It  was  anticipated  that  the  sliced  vehicle  with  a  large  flap 
deflection  would  generate  a  reversed  flow  region  upstream 
of  the  flap.  To  calculate  the  flow  in  this  region,  the 
SPRINT  code  was  marched  to  a  point  ahead  of  the  reversed 
flow  region,  and  a  time  iterative  Navier-Stokes  solution 
was  used  to  provide  the  solution  over  the  separated  region. 
The  separated  region  was  solved  using  the  F3D  code,  which 
was  developed  by  Steger  [17]  and  others  [18,19].  It  solves 
the  same  set  of  thin  layer  Navicr-Stokcs  equations  described 
for  NS3D,  but  using  a  different  numerical  scheme.  The 
F3D  code  uses  an  implicit  approximately  factored  scheme 
that  uses  central  differences  in  the  circumferential  and 
normal  directions  and  upwinding  in  the  streamwise 
direction.  The  streamwise  flux  vector  has  been  eigen  split, 
allowing  the  use  of  backward  and  forward  difference 
operators. 


The  F3D  code  was  used  to  obtain  the  flow  field  solutions 
for  the  10°,  20°,  and  30°  flap  deflections.  The  F3D  code 
was  used  in  the  continuation  mode  with  an  ideal  gas 
assumed.  The  flow  field  grid  was  provided  using  the 
parabolic  grid  generator  in  the  SPRINT  code.  The 
SPRINT  solution  just  ahead  of  the  start  of  the  vehicle  slice 
was  imposed  over  the  entire  flow  field  grid  to  be  used  as  a 
starting  condition  for  F3D.  The  F3D  code  was  then 
marched  in  time  until  a  steady-stale  solution  was  reached. 
Convergence  was  assumed  when  the  normalized  residuals 
reached  values  of  10'6  or  less. 

3.4  Evaluation  of  Accuracy  of  Numerical  Simulation 

To  verify  quantitatively  the  accuracy  of  the  computational 
results,  a  detailed  grid  refinement  study  was  performed. 
Since  the  force  and  moment  coefficients  were  compared 
with  experimental  data,  they  were  used  as  the  representative 
parameters  in  the  study.  In  addition,  smoothing  and 
stabilizing  parameters  were  kept  to  a  minimum  (zero  in 
some  cases)  during  the  grid  refinement  studies.  The  grid 
refinement  study  presented  in  this  paper  is  an  extension  of 
the  work  presented  by  Blottncr  [20],  The  grid  is  refined  in 
each  direction  of  the  three  dimensions  while  holding  the 
other  two  dimensions  fixed.  Richardson  extrapolation  [21] 
is  used  to  obtain  an  estimated  "exact"  solution  as  the 
number  of  grid  points  approaches  infinity.  When  the 
parameter  of  interest,  for  example  axial  force  coefficient,  is 
less  than  1%  in  error  from  the  estimated  exact  solution,  the 
grid  is  considered  to  be  adequately  refined  for  accurate 
predictions  of  the  given  parameter. 

The  grid  study  was  performed  for  three  cases.  First,  for  the 
forccone  of  the  sliced  vehicle  (forward  of  x/L  =  0.7)  at  a  - 
0°;  second,  for  the  forccone  of  the  sliced  vehicle  at  a  = 
16°;  and  third,  for  the  sliced  portion  of  the  vehicle  (aft  of 
x/L  =  0.7)  at  a  =  16°.  The  forccone  solutions  were  refined 
separately  from  the  aft  portion  of  the  vehicle.  This  was 
done  because  the  two  portions  of  the  SPRINT  solutions 
were  obtained  separately.  The  sliced  portion  of  the  vehicle 
solution  was  obtained  by  restarting  the  SPRINT  code  just 
ahead  of  the  slice  and  rcspacing  the  flow  field  grid  to  march 
on  the  slice.  (See  Ref.  22  for  details  on  error  analysis.) 

Table  3:  Grid  Convergence  Study 
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J  x  K  x  L 

a  =  0° 

769 

3 

97 

Forccone 

385 

3 

49 

385  x  3  x  49 

193 

3 

25 

a  =  16° 

769 

97 

97 

Forccone 

385 

49 

49 

385  x  49  x  49 

193 

25 

25 

% 

ii 

a 

769 

193 

97 

Sliced 

385 

97 

49 

193  x  49  x  49 

Portion 

193 

49 

25 

Table  3  shows  the  selected  values  f~:  JMAX.  KMAX,  and 
LMAX  for  the  grid  study.  Solutions  were  obtained  for  all 
three  values  of  JMAX  while  using  fixed  values  of  KMAX 
and  LMAX.  Solutions  were  obtained  while  varying 
KMAX  and  LMAX  in  a  similar  manner.  As  shown  in 
Figs.  2-4,  the  fixed  values  were  always  twice  tr.e  converged 
grid  values  shown  in  Table  3  for  each  Ca  .  The  value  for 
KMAX  was  held  constant  at  3  for  •*  -  a  =  0°  solutions 
because  the  solution  is  axisymmetric  and  the  SPRINT  code 
uses  cylindrical  coordinates. 

3.5  Grid  Refinemert  Results 

The  percent  euors  for  each  case  and  force  and  moment 
coefficient  are  ploucd  in  Figs.  2  through  4.  The  validity  of 
Richardson  extrapolation  for  the  grid  sizes  used  is 
demonstrated  by  noting  that  the  slope  of  the  lines  in  the 
figures  should  be  the  same  as  the  order  of  the  solution. 
For  the  lines  shown  in  Fig.  2,  the  slope  should  be  -1.  For 
the  lines  shown  in  Figs.  3  and  4,  the  slope  should  be  -2. 
The  points  shown  in  Fig.  2  exhibit  the  expected  behavior 
except  for  the  normal  force  and  pitch  moment  curves  for 
the  forecone  at  a  =  16°.  It  is  felt  that  any  nonlinearity  is 
probably  due  to  required  values  of  smoothing  and 
stabilizing  parameters  in  the  SPRINT  solutions.  Similar 
results  are  shown  in  Figs.  3  and  4  for  the  refinement  in 
KMAX  and  LMAX.  The  accepted  values  for  JMAX, 
KMAX,  and  LMAX  for  each  portion  of  the  body  are  shown 
in  the  last  column  of  Table  3. 

In  addition  to  computing  the  exact  solution  in  each 
direction  as  if  it  were  a  one -dimensional  problem,  the  exact 
solution  was  computed  using  Richardson  extrapolation. 
The  percent  error  from  the  three-dimensional  "exact" 
solution  was  computed  to  determine  if  the  selected  grid 
parameters  produced  answers  that  fell  within  the  accepted 
error.  For  all  three  cases,  the  solutions  using  the  selected 
grid  sizes  shown  in  Table  3  fell  within  the  1%  bound  for 
the  fully  three-dimensional  error  estimate. 

To  anticipate  the  more  complex  flow  when  the  flap  was 
deflected,  the  number  of  c;rcumfcrcntial  grid  points  was 
arbitrarily  increased  from  49  to  91  (in  the  half-plane). 
Figure  5  shows  the  vehicle  surface  grid  used  for  the  8  = 
30°  SPRINT/F3D  solutions.  It  was  felt  that  91 
circumferential  grid  points  would  adequately  resolve  the 
flow  in  the  region  of  the  flap,  but,  as  opposed  to  the 
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Figure  2:  Error  in  Numerical  Force  and  Moment 
Coefficients  vs.  JMAX 
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Figure  3:  Error  in  Numerical  Force  and  Moment 
Coefficients  vs.  KMAX 
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Figure  4:  Error  in  Numerical  Force  and  Moment 
Coefficients  vs.  LMAX 


Figure  5:  Surface  Grid  for  30°  Rap  Deflection, 
KMAX  =  91  in  half-plane 


previous  quantitative  error  analysis,  this  was  purely 
intuitive.  Grid  refinement  studies  were  not  performed 
using  the  F3D  code  due  to  the  large  computing  costs.  The 
number  of  axial  points  was  thinned  (SPRINT  used  193) 
because  of  computer  memory  limitations.  The  number  of 
points  selected  for  the  axial  direction  for  F3D  was  93  (from 
the  start  of  the  slice  to  the  end  of  the  flap).  To  capture  the 
outer  bow  shock  in  F3D,  10  additional  radial  grid  points 
were  added,  yielding  59. 


4.  DISCUSSION  OF  RESULTS 
4.1  Laminar  Flow  Determination 

As  this  experiment  was  designed  to  be  a  CFD  validation 
experiment  for  laminar  flow,  it  was  crucial  to  choose  the 
proper  Reynolds  number.  It  was  hoped  that  the  liquid 
crystal  color  change  diagnostic  technique  would  provide 
this  information,  but  a  satisfactory  color  change  due  to 
shear  stress  alone  was  not  achieved.  The  two  most 
sensitive  liquid  crystals  available  were  used,  but  they  did 
not  produce  the  color  range  desired  because  of  the  low 
surface  shear  stress  at  the  test  conditions.  They  were, 
however,  still  very  useful  in  determining  laminar  and 
turbulent  flow  because  of  their  surface  flow  visualization 
capability. 

Initial  boundary  layer  determination  runs  were  made  with  a 
freestream  Reynolds  number  (based  on  model  length)  of 
5. Ox  1 06.  Boundary  layer  studies  were  made  at  both  0  and 
1 5°  angle  of  attack  as  it  is  known  that  transition  can  be 
triggered  by  crossflow  [23  J.  At  this  Reynolds  number  the 
surface  flow  pattern  of  the  liquid  crystals  showed  a  distinct 
surface  flow  wave  pattern  at  a  =  15°.  These  waves  were 
first  distinguishable  at  about  x/L  =  0.45  and  extended  to  the 
base  of  the  model.  They  were  standing  waves  at  an  angle 
of  roughly  35°  to  the  local  surface  shear  stress.  These 


waves  have  been  observed  previously  by  McDcvitt  and 
Mcllcnthin  [241  and  Adams  [251  in  transition  studies  on 
hypersonic  cones.  They  are  actually  stationary  vortices 
near  the  model  surface  that  occur  during  the  initial 
instability  of  the  boundary  layer  before  transition.  This 
inflectional  instability  has  been  analyzed  by  Tobak  [26J  and 
others.  At  a  Reynolds  number  of  3.5xl06,  these  waves 
again  appeared,  but  they  began  at  x/L  =  0.6  and  continued 
to  the  base  of  the  body.  To  attain  fully  laminar  flow,  even 
at  the  highest  angle  of  attack,  the  Reynolds  number  was 
again  reduced,  this  time  to  1.8xl06.  At  this  condition, 
these  stationary  vortices  could  be  only  faintly  seen  near  the 
base  of  ^.le  body  at  a  =  15°.  Therefore,  this  Reynolds 
number  was  used  for  all  force  and  moment  measurements. 

4.2  Slice-Onlv  Configuration 

As  discussed  earlier,  the  slice-only  configuration  represents 
a  sufficiently  simple  geometry,  with  a  laminar  boundary 
layer  and  only  attached  flow  at  low  angle  of  attack.  This 
allows  the  CFD  solution  to  be  computed  more  accurately 
than  the  complete  wind  tunnel  instrumentation  system  can 
measure  the  forces  and  moments.  Therefore,  this  case 
actually  represents  a  validation  of  the  physical  experiment. 
For  the  slice-only  configuration,  the  numerical  simulations 
were  shown  to  contain  an  absolute  error  of  less  than  1  %  for 
all  force  and  momcm  quantities  for  this  configuration. 


a)  Normal  Force  Coefficient 


Figure  6:  Force  and  Moment  Coefficients  for  Slice-Only  Configuration 
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Figure  6  shows  the  comparisons  between  the  experimental 
and  numerical  results  for  the  slice-only  configuration. 
Figure  6,  and  every  figure  showing  force  and  moment 
measurements,  shows  data  from  every  run  having  the  same 
model  configuration  (see  Table  1).  That  is,  plotted  in  each 
figure  are  data  from  runs  that  have  the  same  configuration, 
but  at  both  tunnel  axial  stations  and  at  a  roll  angle  of 
180°.  The  <j>  =  180°  are  referred  to  as  mirror  symmetry 
(MS)  runs  in  the  figures.  For  example,  runs  40,  76,  and 
77  in  Fig.  6  aro  plotted  with  the  4>  =  0  runs  by  setting  a  = 

-  a,  Cn  =  -  C  ,  and  C  =  -  C  .  The  slice  was  located  on 
the  windward  side  of  the  venicle  for  positive  angles  of 
attack  and  on  the  leeward  side  of  the  vehicle  for  negative 
angles  of  attack.  The  solid  line  in  the  figures  is  a 
parabolized  Navier-Slokcs  (PNS)  calculation  using  the 
Sandia  code  SPRINT.  Figure  6a  shows  excellent 
agreement  between  computations  and  experiment  for  the 
normal  force  coefficient  over  the  entire  range  of  angle  of 
attack. 

Figures  6b  and  6c  show  computations  and  experiment  for 
the  pilch  moment  coefficient  and  center  of  pressure, 
respectively.*  It  is  noted  from  Fig.  6b  that  the  PNS 
solution  is  in  excellent  agreement  with  the  measurements 
for  low  angle  of  attack,  but  at  large  angle  of  attack,  the 
computations  are  up  to  8%  larger  (negatively)  than  the 
measurements.  This  disagreement  could  be  due  to  either 
slight  flow  nonuniformitics  across  the  test  section  or 
inaccuracies  in  the  computations  for  separated  flow  on  the 
lecside  of  the  body.  If  the  disagreement  is  due  to 
nonuniformities  in  the  test  section  flow  field,  this  could  be 
verified,  and  eliminated,  by  inserting  the  actual  measured 
flow  field  from  the  wind  tunnel  into  the  compulations. 
Future  plans  for  this  joint  computational/expcrimcntal 
program  call  for  a  detailed  recalibration  of  the  test  section 
which  will  include  accurate  measurements  of  the  Mach 
number,  pressure,  and  flow  angularity.  The  actual  flow 
field  of  the  wind  tunnel  could  then  be  used  as  nonuniform 
shock  boundary  conditions  in  the  computational 
simulations. 

Figure  6d  shows  computational  and  experimental  results 
for  the  forcbody  (p},ase  =  P<»)  a*ial  force  coefficient. 
Theory  and  experiment  are  in  very  good  agreement  over  the 
entire  angle  of  attack  range.  Note  that  the  ±2o  uncertainty 
bound  calculated  from  the  uncertainty  analysis  is  larger  for 
C  than  for  the  other  aerodynamic  parameters.  This  is 
believed  to  be  primarily  due  to  uncertainty  in  measuring 
base  pressure.  In  preliminary  experimental  work,  not 
allowing  adequate  time  for  all  the  base  pressure  readings  to 
stabilize  during  the  pitch  sweep  was  found  to  be  the 
dominant  contributor  to  axial  force  measurement 
uncertainty.  The  model  pitch  timing  sequence  was  then 
adjusted  to  minimize  this  source  of  error.  For  hypersonic 
wind  tunnels  that  use  a  continuous  pitch  sweep  technique 
or  have  very  short  run  times,  base  pressure  stabilization 
through  any  tubing  length  may  not  be  possible.  This  may 
require  miniature,  fast  response,  surface  mounted,  base 
pressure  transducers  with  very  high  sensitivity  for 
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The  sliced  vehicle  with  a  10°  flap  deflection  represents  a 
geometry  where  the  SPRINT  solutions  begin  to  come  into 
question.  For  a  10°  flap  deflection,  the  laminar  boundary 
layer  may  axially  separate  ahead  of  the  flap,  and  there  will 
certainly  be  cross-flow  separation  in  the  comer  formed  by 
the  side  of  the  flap  and  the  slice.  For  this  reason,  the  F3D 
code  was  also  used  to  obtain  the  flow  field  solutions  over 
the  deflected  flaps. 

Figures  7  and  8  show  the  comparisons  between  the 
experiment  and  the  NS3D/SPRINT  and  NS3D/SPRINT/ 
F3D  codes  for  the  body  with  10°  flap  deflection.  In  these 
figures  the  NS3D/SPRINT  combination  is  referred  to  ac 
SPRINT,  and  the  NS3D/SPRINT/F3D  is  referred  to  as 
F3D.  Agreement  between  the  SPRINT  and  F3D  codes  and 
the  experimental  data  for  normal  force  is  quite  good  and 
similar  to  that  for  the  vehicle  with  no  flap.  For  the  axial 
force  coefficient.  Fig.  8,  the  F3D  code  shows  noticeably 
better  agreement  with  the  data  than  SPRINT.  This  is 
expected  because  of  the  reversed  flow  region  ahead  of  the 
flap.  The  SPRINT  code  overpredicts  the  pressure  on  the 
flap,  which  results  in  a  high  prediction  for  axial  force 
coefficient  The  SPRINT  solutions  were  harder  to  obtain 
with  the  flap  deflection  as  compared  to  the  sliced  body  and 
required  additional  numerical  damping  and  stabilizing 
parameters.  SPRINT  obviously  could  not  predict  the 
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axially  separated  flow  in  from  of  the  flap,  but  it  did  predict 
an  attached  flow.  Users  of  PNS  codes  are  cautioned  that  a 
solution  may  be  attainable  even  though  physically  there  is 
a  thin  reversed  flow  region. 

Figure  9  shows  a  comparison  of  the  experimental  oil  flow 
and  particle  trace  lines  predicted  by  the  F3D  code  for  zero 
angle  of  attack  and  a  10°  flap  deflection.  The  experimental 
surface  flow  visualization  shows  an  axially  separated  flow 
region  ahead  of  and  onto  the  flap.  Comparing  the 
experimental  oil  flow  and  the  computational  traces,  it  is 
seen  that  the  code  accurately  predicts  the  forward  extent  of 
the  separated  flow  region,  but  the  lateral  (spanwise)  extent 
is  under  predicted.  The  F3D  code  predicts  a  thin  layer  of 
negative  axial  velocities  at  the  last  axial  solution  plane. 
This  implies  that  the  flow  never  reattaches  onto  the  flap 
and  flow  is  moving  onto  the  flap  from  the  base  of  the 
vehicle.  The  F3D  code  does  not  solve  the  region  on  the 
base  and,  therefore,  the  solutions  become  questionable. 
The  code  uses  an  outflow  boundary  condition  which 
dictates  that  the  last  plane  of  data  be  the  same  as  the  next 
to  last  plane.  This  is  a  first  order  boundary  condition  that 
could  be  improved. 


a)  Experimental  Surface  Row 


4,4  Flap  Deflections  of  20°  and  30° 

Figure  10  presents  computational  and  experimental  results 
for  axial  force  coefficient  for  a  flap  deflection  of  8  =  20°. 
The  comparisons  at  positive  angles  of  attack  disagree  by  as 
much  as  10%.  The  axial  force  comparisons  are  in  good 
agreement  for  the  negative  angles  of  attack.  This  is  only 
fortuitous,  however,  because  the  low  pressure  on  the 
leeward  side  of  the  vehicle  causes  a  loss  in  effectiveness  of 
the  flap.  The  F3D  solutions  have  been  carefully  examined, 
and  shortcomings  in  neither  the  numerical  approximations 
nor  the  grid  structure  can  be  found.  It  is  possible  tha,  the 
flow  from  the  base  needs  to  be  coupled  with  the  solution 
over  the  rest  of  the  vehicle.  If  this  is  true,  this  could 
significantly  increase  the  complexity  and  cost  of  CFD 
solutions  that  have  this  type  of  flow. 

Figures  11  and  12  show  results  for  the  center  of  pressure 
and  axial  force  coefficient  for  the  30°  flap  deflection.  It  is 
seen  from  Fig.  1 1  that  the  computational  results  for  the 
center  of  pressure  are  in  error  up  to  0.071  for  positive 
angles  of  attack.  The  F3D  code  also  disagrees  with  the 
axial  force  coefficient  measurements.  Fig.  12,  by  as  much 
as  20%  at  positive  angles  of  attack.  The  F3D  surface  grid 
definition  used  91  points  in  the  circumferential  half-plane, 
but  this  may  not  be  sufficient  to  accurately  compute  the 
three-dimensional  flow  off  the  sides  of  the  slice  and  flap. 
The  spanwise  pressure  variation  was  inspected  in  the  region 
of  the  flap,  and  it  appears  reasonable  for  this  type  of  flow. 
The  magnitude  of  the  pressure  is  seriously  questioned, 
however,  because  the  computational  results  for  axial  force 
are  much  larger  than  the  experiment.  Another  factor  that 
may  enter  into  the  disagreement  between  computations  and 
experiment  is  that  reattachment  of  the  free-shcar  layer  onto 
the  flap  is  probably  turbulent.  Transition  and  turbulent 
flow  are  not  in  the  present  numerical  simulation. 

In  an  attempt  to  identify  the  computational  shortcomings, 
two  additional  computations  were  made.  First,  the  F3D 
solution  at  a  =  8°  and  8  =  30°  was  allowed  to  converge  an 
additional  800  time  steps  beyond  the  typical  800  time  steps 
required  to  achieve  the  previously  slated  convergence.  This 
had  no  appreciable  effect  on  center  of  pressure  or  axial  force 
coefficient  predictions.  An  additional  calculation  was  made 
with  151  grid  points  circumferentially  in  the  half-plane  for 
a  =  8°  and  8  =  30°,  but  this  did  not  significantly  affect  the 
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Figure  1 1 :  Center  of  Pressure  for  30°  Flap  Deflection 
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Figure  12:  Axial  Force  Coefficient  for  30°  Flap  Deflection 

center  of  pressure  or  axial  force.  The  20°  and  30°  flap 
deflection  cases  present  complex,  massively  separated  flows 
that  other  researchers  should  attempt  to  compute. 

To  assist  in  the  validation  of  CFD  codes,  this  complete  set 
of  aerodynamic  force  and  moment  data  can  be  obtained  in 
magnetic  media  form  from  the  authors  upon  request. 

5.  CONCLUSIONS  AND 
RECOMMENDATIONS 

Very  good  agreement  between  experimental  and 
computational  results  were  obtained  for  the  slice-only 
model  geometry  for  all  force  and  moment  coefficients.  The 
high  accuracy  of  the  numerical  solutions  for  flow  over  this 
simple  geometry  suggest  areas  where  the  experimental 
measurements  might  be  improved.  The  PNS  code  attained 
only  fair  agreement  with  the  measurements  for  the  10°  flap 
deflection.  For  this  case,  the  F3D  code  agreed  very  well 
with  the  experimental  data  and  it  also  predicted  a  small 
axially  separated  region  ahead  of  the  flap.  For  flap 
deflections  of  20°  and  30°,  F3D  solutions  were  seriously 
in  error.  Although  different  numerical  improvements  were 
invalidated  for  the  20°  and  30°  flap  deflections,  none  were 


shock/boundary  layer/separaled  flow  interaction.  Other 
CFD  researchers  are  encouraged  to  predict  these  flow  fields 
and  compare  with  the  experimental  data. 

Experimental  investigators  should  take  a  more 
constructively  critical  view  toward  their  measurements, 
particularly  for  CFD  validation  experiments.  They  should 
identify  and  quantify  components  of  uncertainty  through 
detailed  uncertainty  analyses.  Likewise,  numerical 
simulations  should  routinely  include  error  analyses.  With 
the  strengths  and  weaknesses  of  each  approach  openly 
discussed,  a  more  beneficial  and  productive  relationship  can 
be  developed  in  the  future. 
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1.  SUMMARY 

Critical  issues  concerning  the  modeling  of  low  density 
hypervelocity  flows  where  lhermochemical  nonequilibrium 
effects  are  pronounced  are  discussed.  Emphasis  is  on  the 
development  of  validated  analysis  toots,  and  the  activity  in 
the  NASA  Ames  Research  Center's  Aerothermodynamics 
Branch  is  described.  Inherent  in  the  process  is  a  strong 
synergism  between  ground  test  and  real  gas  CFD.  Approaches 
to  develop  and/or  enhance  phenomenological  models  and 
incorporate  them  into  computational  flow  field  simulation 
codes  are  discussed.  These  models  have  been  partially 
validated  with  experimental  data  for  flows  where  the  gas 
temperature  is  raised  (compressive  flows).  Expanding  flows, 
where  temperatures  drop,  however,  exhibit  somewhat 
different  behavior.  Experimental  data  for  these  expanding 
flow  conditions  is  sparse  and  reliance  must  be  made  on 
intuition  and  guidance  from  computational  chemistry  to 
model  transport  processes  under  these  conditions.  Ground 
based  experimental  studies  used  to  provide  necessary  data  for 
model  development  and  validation  are  described.  Included  are 
the  performance  characteristics  of  high  enthalpy  flow 
facilities,  such  as  shock  tubes,  ballistic  ranges 

2.  INTRODUCTION 

The  development  of  validated  analysis  tools  for  hypersonic 
flows  involves  a  process  in  which  real-gas  CFD  development 
and  application  and  experimental  testing  are  performed  hand- 
in-hand,  synergistically,  until  the  validation  is  complete. 
Hypersonic  flows  inherently  involve  real  gas  phenomena. 
The  validation  of  CFD  tools  requires  considerations 
associated  with  perfect  gas  CFD  validation  plus  consideration 
of  additional  complexities  associated  with  real  gas 
phenomena.  These  complexities  include  thermal  and 
chemical  time  scales,  multiple  gas  species,  internal  energy 
flow  variables  and  properties,  and  coupled  fluid/chemical 
processes. 

That  it  is  not  possible  to  fully  simulate  real  gas  hypersonic 
flight  conditions  in  ground  test  facilities  is  axiomatic. 
Ground  test  experiments  must  be  carefully  selected  to  validate 
basic  principles  and  concepts  in  CFD  codes.  It  is  necessary 
to  use  CFD  in  the  design  of  experiments,  in  the  definition  of 
the  test  environment,  in  the  development,  application  and 
interpretation  of  diagnostics,  and  in  the  analysis  of  the  test 
results  as  a  whole.  The  resulting  test  data  will  then  form  a 
basis  for  validating  the  process  and  the  CFD  tools.  The  CFD 
codes  can  be  used  to  extrapolate  to  flight  conditions.  And, 
finally,  flight  experiments  are  required  to  confirm  the  process 
as  a  whole. 

These  concepts  will  be  developed,  in  part,  in  this  paper  and 
illustrative  examples  will  be  presented.  First,  the  problem 
will  be  characterized  in  terms  of  aspects  of  real  gas  behavior 
and  features  associated  with  high  enthalpy,  hypervelocity 
ground  test  facilities.  Next,  the  importance  of  real  gas 
ohenomena  will  be  discussed  as  it  relates  to  both  aerodynamic 


Finally,  the  process  of  developing  validated  analysis  tools 
will  be  described  as  represented  by  selected  examples  of  the 
ongoing  research  program  in  the  Aerothermodynamics 
Branch  of  the  NASA  Ames  Research  Center. 


3.  CHARACTERISTICS  OF  REAL  GAS 
The  character  of  a  real  gas  is  described  by  the  internal  degrees 
of  freedom  and  state  of  constituent  molecules;  nitrogen  and 
oxygen  for  air.  The  internal  energy  states,  rotation, 
vibration  and  electronic,  of  the  molecules  are  excited  and,  in 
the  limit,  the  molecular  bonds  are  exceeded  and  the  gas 
dissociated  into  atomic  and,  possibly,  ionic  constituents. 
The  process  of  energy  transfer  causing  excitation, 
dissociation  and  recombination  is  a  rate  process  controlled 
by  particle  collisions.  Binary,  two-body,  collisions  are 
sufficient  to  cause  internal  excitation,  dissociation  and 
ionization  while  three-body  collisions  are  required  to 
recombine  the  particles  into  molecular  constituents.  If  the 
rates  of  energy  transfer  are  fast  with  respect  to  the  local  fluid 
dynamic  time  scale  the  gas  is  in,  or  nearly  in,  equilibrium.  If 
the  energy  transfer  rates  are  very  slow  the  gas  can  be 
described  as  frozen.  In  all  other  instances,  wherein  any  of  the 
energy  exchange  rates  are  comparable  to  the  local  fluid  time 
scale,  the  gas  will  be  thermally  or  chemically  reacting  and  out 
of  equilibrium. 

Each  of  these  definitive  states  of  a  real  gas,  equilibrium, 
frozen,  reacting,  can  be  applied  to  a  gas  undergoihg 
compression  and  heating,  such  as  the  gas  flowing  through  a 
strong  shock  ahead  of  a  bluff  body,  or  to  an  expanding  and 
cooling  gas,  such  as  a  gas  flowing  away  from  a  stagnation 
region  of  a  bluff  body  or  a  gas  expanding  into  a  base  region. 
In  the  first  case  the  gas  will  be  thermally  excited  and 
dissociate  and  ionize;  in  the  second,  the  atomic  constituents 
will  recombine  and  internal  energy  states  will  relax  to  lower 
energy  levels. 

A  real  gas  implies  the  existence  of  any,  or  all,  of  the  above 
states.  This  includes  the  possibility  that  a  real  gas  can  look 
identical  to  a  perfect  gas  or  a  chemically  frozen  gas.  In  a  real 
gas  flow  the  model  scale  is  a  primary  test  variable.  The 
possibility  exists  to  generate  a  spectrum  of  "real  gas"  test 
conditions  at  a  single  geometrically  similar  test  point.  These 
flows  can  vary  from  frozen  to  equilibrium  flow. 

For  chemically  frozen  flow  there  is  little  value  to  "real  gas" 
experimentation  on  the  nose  region;  if  the  flow  is  frozen  at 
the  stagnation  point  it  will  remain  frozen  as  it  expands  about 
the  blunt  nose  and  over  the  afterbody  where  it  may 
equilibrate.  Nose  region  information  for  such  a  flow  will  be 
identical  to  perfect  gas  wind  tunnel  results  and  can  be 
predicted  reliably  within  the  limits  of  our  knowledge  of 
thermodynamic  and  transport  properties.  Afterbody  data, 
however,  may  be  of  somewhat  greater  interest,  particularly 
data  describing  flow  over  secondary  surfaces  which  may 
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Similarly  for  chemical  equilibrium  flow,  "real  gas" 
experiments  are  not  required.  In  this  case,  the  extrapolation 
from  a  perfect  gas  to  a  real  gas  is  straightforward,  involving 
appropriate  thermodynamic  and  transport  properties  for  the 
reacting  gas  species. 

Between  the  two  limits,  in  the  region  of  reacting  gas  flows,  is 
the  greatest  uncertainty  and  the  greatest  need  for  test  data. 
Facilities  required  for  CFD  validation  of  high  enthalpy  flows 
are  devices  capable  of  generating  a  reacting  gas  flow  over 
configurations  of  interest  and  must  have  sufficient 
diagnostics  to  describe  the  character  and  behavior  of  the  flow. 


4.  REAL  GAS  TEST  FACILITIES 
In  principle,  there  are  two  ways  to  create  relative  motion 
between  the  test  article  and  the  air;  accelerate  the  air  as  in  a 
shock  tunnel  or  accelerate  the  model  as  in  a  ballistic  range. 
Both  techniques  are  being  employed  at  present  and  both  are 
needed  to  give  insight  into  real  gas  phenomena.  The  two 
concepts  have  also  been  combined  to  create  even  higher 
relative  speeds  as  in  the  NASA  Ames  Hypersonic  Free  Flight 
Aerodynamic  Facility  (HFFAF)  wherein  a  large  shock  tunnel 
is  utilized  to  provide  counterflow  to  an  aeroballistic  range. 

Ballistic  ranges  represent  a  unique  capability  for  real  gas 
testing  of  configurations.  They  present  the  only 
experimental  technique  by  which  real  gas  viscous  interaction 
effects  can  be  observed.  Shock  tunnels,  because  of  the  nature 
of  their  expansion  process,  do  not  generate  sufficiently  high 
test  Mach  numbers  where  viscous  interaction  phenomena 
would  be  important. 

To  date,  most  data  presented  from  ballistic  range  facilities 
have  been  integrated  aerodynamic  data  on  simple  geometric 
configurations  Early  efforts  by  Welch1  demonstrated  a 
significant  real  gas  effect  on  the  centcr-of-pressure  and 
moment  data.  More  recent  data  by  Straws^"'1  continue  these 
studies.  Validation  requires  not  only  such  overall 
aerodynamic  data  but  also  distributions  of  local  flow  field 
quantities  within  the  shock  and  boundary  layer  of  the  tested 
configuration.  Aerodynamic  coefficient  data  are  determined 
through  the  motions  of  the  model  down  the  length  of  the 
tube.  Drag  and  static  moment  can  be  determined  in  about  half 
a  period  of  motion,  lift  coefficient  requires  1.5  to  2  cycles, 
and  damping  coefficients  require  even  more.  Recent  advances 
(Yales5)  in  automated  data  taking  and  data  reduction 
techniques  have  resulted  in  significant  improvements  in  the 
accuracy  of  aerodynamics  coefficients  and  in  the  efficiency 
through  which  they  are  determined. 

In-stream  flow  field  data  can  be  determined  from  in-flight 
shadowgraphs  and  laser  holographic  interferometry^. 
These  data  provide  quantitative  information  on  shock  shape 
and  position,  turbulence  onset,  and  instream  density 
distribution  and  provide  complementary  data  to  the  integrated 
aerodynamics  coefficients  to  provide  data  for  CFD  validation 
purposes.  An  obvious  advantage  of  ballistic  range  testing  is 
that  the  free  stream  is  accurately  characterized  and  can 
precisely  simulate  the  flight  environment. 

Shock  tunnels  currently  offer  the  only  means  of  producing 
both  the  total  enthalpy  and  pressure  levels  representative  of 
flight  beyond  Mach  10.  Shock  tubes  and  shock  tunnels  do 
not  precisely  simulate  flight  environment,  however,  and  flow 
accelerated  test  facilities  require  the  frees tream  to  be  defined. 
In  supersonic  test  facilities  this  has  been  accomplished 
through  the  use  of  isentropic  flow  expansion  models.  Real 


gas  accelerations  are  not  isentropic.  Realistic  CFD  models  of 
the  expansion  process  must  be  used  in  conjunction  with 
critical  (but  not  exhaustive)  instrumentation  to  fully  define 
the  free  stream.  The  fluid-dynamic  and  thermodynamic  state 
of  chemically  reacting  air  (including  the  species  N,  O,  N2, 
O2.  and  NO)  in  the  HFFAF  16-inch  shock  tunnel  were 
characterized  accounting  for  viscous  effects  in  an 
axisymmetric  nozzle.  These  results  are  compared  in  fig.  1 
with  conventional  quasi  one-dimensional  real  gas 
simulations  to  identify  the  magnitude  of  viscous  and 
geometric  effects  in  a  real-gas  environment.  Complete 
calibration  of  a  real  gas  nozzle  expansion  process  can  only 
be  achieved  through  this  collaboration  between  incileful, 
limited  measurements  and  increasingly  accurate  CFD  models 
of  the  expansion  process.  Complex  real  gas  flows  require  the 
use  of  full  test  section  calibrations  with  the  key 
measurements  being  the  free  stream  density  and  static 
temperature.  CFD  validation  must  include  facility  simulation; 
we  must  not  pretend  to  simulate  flight  with  flow  accelerated 
ground  tests. 


5.  REAL  GAS  EFFECTS 

5,1  Aerodynamic  Performance 

Real  gas  effects  are  important  in  the  determination  of  vehicle 
aerodynamic  performance,  e.g.  aerodynamics  coefficients, 
control  surface  behavior,  onset  of  transition  and 
relaminarization.  One  example  that  illustrates  this  is  the 
aerodynamic  performance  of  the  Space  Shuttle  during  entry. 

The  Space  Shuttle  orbiter  flight  test  program  has  required  the 
aerodynamicist  to  lake  a  new  approach  in  determining  flight 
characteristics.  The  initial  series  of  flights  of  the  orbiter 
were  heavily  instrumented  for  the  purpose  of  obtaining 
accurate  aerodynamic  data.  The  flight  data  derived  from  the 
entry  Mach  range  provided  for  comparisons  between  flight 
and  wind  tunnel  derived  predicted  data  in  the  areas  of  both 
aerodynamic  performance  and  longitudinal  trim.  Romere  and 
Whitnah*  examined  these  data  and  showed  that,  in  the 
continuum  flight  regime  (altitudes  below  about  85  km),  lift 
and  drag  were  smaller  during  the  orbiter  flights  than 
predictions  based  on  ground  test  in  perfect  gas  wind  tunnels. 
The  center  of  pressure  (CP)  is  displaced  forward  by  as  much  as 
0.7%  of  the  overall  fuselage  length  compared  with 
predictions  based  on  perfect  gas  observations.  This  result, 
which  is  attributed  to  real  gas  effects,  is  quite  large 
considering  the  fact  that  the  full  deflection  of  the  control 
surfaces  were  expected  to  produce  a  CP  shift  of,  at  most,  about 
1%  of  the  overall  length.  A  plot  showing  the  comparison  of 
CP  location  determined  from  flight  data  with  preflight 
predictions  is  shown  in  fig.  2.  Griffith  and  Maus^  show  that 
the  observed  discrepancy  is  due,  at  least  in  pan,  to  the  high 
temperature  real  gas  effects. 

Rakich  et  al1®  explain  this  phenomenon  by  performing  a 
computational  study  of  real  gas  flows  over  simple  wedges  and 
cones  and  the  flow  over  the  orbiter  forebody.  The 
nonequilibrium  flow  behavior  over  a  pointed  cone  at  zero 
incidence  is  described  in  a  qualitative  manner  as  shown  in  fig. 
3  which  illustrates  the  variation  in  bow  shock  shape  and  a 
typical  species,  i.e.  atomic  oxygen,  distribution  over  the 
conical  forebody.  Even  though  the  body  is  conical,  the  flow 
has  a  scale  that  depends  on  the  time  constant  for  pertinent 
species  reactions.  Near  the  apex  of  the  cone  there  is  a  region 
where  time  is  insufficient  for  reactions  to  occur.  Here  the 
flow  is  conical  and  the  species  concentrations  are  nearly 
frozen  at  their  free  stream  values.  As  the  fluid  moves 
downstream  of  the  apex  the  species  begin  to  thermalize  and 
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the  flow  is  out  of  equilibrium.  Far  downstream  all  of  the 
reactions  have  equilibrated,  and  even  those  reactions  induced 
locally  by  the  bow  shock  equilibrate  in  a  short  distance 
relative  to  the  larger  shock  standoff  distance.  A  quantitative 
description  is  shown  in  fig.  4  where  the  computed  variation 
of  bow  shock  angle  is  shown  for  a  30  degree  half  angle  wedge 
at  conditions  corresponding  to  an  altitude  of  65.5  km  and  a 
flight  speed  of  6.7  km/s.  These  conditions  are  typical  of  the 
high  laminar  heating  portion  of  the  orbiter  entry  trajectory. 
And  finally,  in  fig.  5  is  shown  the  computed  shock  shapes  for 
the  orbiter  forebody  for  both  a  perfect  gas  and  reacting  gas. 
These  computations  correspond  to  a  flight  speed  of  6.7  km/s, 
and  altitude  of  65.5  km,  and  an  angle  of  incidence  of  30 
degrees. 

Recently,  Park  and  Yoon1 1  performed  a  computational  study 
of  real-gas  effects  on  airfoil  aerodynamic  characteristics.  The 
results  of  this  study  showed  that  the  aerodynamic  lift  and  drag 
coefficients  are  consistently  reduced  by  thermochemical  real 
gas  phenomena,  and  that,  for  air,  the  behavior  can  be 
represented  by  a  value  of  g  less  than  the  perfect  gas  value  of 
1 .4.  The  computed  center  of  pressures  were  observed  to  shift 
forward  due  to  the  thermochemical  phenomena,  but  the  extent 
of  the  shift  is  also  sensitive  to  geometry  and  angle  of  attack, 
and  cannot  be  represented  by  a  fixed  value  for  g.  The 
calculated  results  are  illustrated  in  fig.  6  for  an  airfoil  of  chord 
length  10  m,  at  an  altitude  of  74  km/  a  speed  of  7  km.s,  and  an 
angle  of  incidence  of  40  degrees.  These  results  are  in 
qualitative  agreement  with  the  data  obtained  during  the  entry 
flights  of  the  Space  Shuttle  orbiter.  Included  are  results  for  a 
reacting  air  gas,  and  results  for  perfect  gas  at  constant  g 
values  of  1.4  and  1.2.  It  can  be  seen  that  the  constant  g  of 

1 .2  solution  agrees  well  with  real  gas  predictions  for  lift  and 
drag  but  fails  to  adequately  represent  the  CP  shift  between  a 
real  gas  solution  and  g  of  1.4  solution. 

5.2  Aerothermal  Heating 

Real  gas  thermochemical  nonequilibrium  processes  are  also 
important  in  the  determination  of  aerodynamic  heating;  both 
convective  (including  wall  catalytic  effects)  and  radiative 
heating.  To  illustrate  this  we  consider  the  hypervelocity  flow 
over  a  bluff  body  typical  of  an  atmospheric  entry  vehicle  or 
an  aerospace  transfer  vehicle  (ASTV.) 

The  qualitative  aspects  of  a  hypersonic  flowfield  over  a  bluff 
body  are  discussed  in  two  parts,  forebody  and  afterbody,  with 
attention  to  which  particular  physical  effects  must  be  included 
in  an  analysis.  This  will  indicate  what  type  of  numerical 
modeling  will  be  adequate  in  each  region  of  the  flow. 

5.2.1  Forcbody  Flowfield 

A  bluff  forebody  flowfield,  illustrated  schematically  in  Fig.  7, 
is  donvnated  by  the  presence  of  the  strong  bow  shock  wave 
and  the  consequent  heating,  and  chemical  reaction  of  the  gas. 
At  high  altitude  hypersonic  flight  conditions  the  thermal 
excitation  and  chemical  reaction  of  the  gas  occur  slowly 
enough  that  a  significant  portion  of  the  flowfield  is  in  a  state 
of  thermo-chemical  nonequilibrium.  A  second  important 
effect  is  the  presence  of  the  thick  boundary  layer  along  the 
forebody  surface.  In  this  region  there  are  large  thermal  and 
chemical  species  gradients  due  to  the  interaction  of  the  gas 
with  the  wall.  Also  at  high  altitudes  the  shock  wave  and  the 
boundary  layer  may  become  so  thick  that  they  merge;  in  this 
case  the  entire  shock  layer  is  dominated  by  viscous  effects. 

A  gas  is  in  thermal  nonequilibrium  if,  for  a  given  density  and 
internal  energy,  it  is  in  a  thermodynamic  state  where  the 
internal  energy  modes  cannot  be  characterized  by  a  unique 
temperature,  and  is  in  chemical  nonequilibrium  if  its  chemical 
state  does  not  satisfy  chemical  equilibrium  conditions.  As 


was  asserted  above,  a  portion  of  the  forebody  flowfield  is  in 
thermo-chemical  nonequilibrium.  This  can  be  seen  by 
considering  the  trajectory  of  a  control  volume  of  air  that 
enters  the  shock  layer.  The  translational  modes  of  this 
volume  of  gas  are  heated  strongly  as  it  passes  through  the 
bow  shock  wave.  The  translational  modes  transfer  their 
energy  to  the  other  internal  energy  modes  of  the  molecules 
through  inter-molecular  collisions.  Also  chemical  reaction  of 
the  gas  species  occur  such  as  dissociation  and  ionization. 
These  processes  require  a  series  of  intermolecular  collisions 
for  equilibrium  to  be  reached.  Thus  as  the  volume  element  of 
gas  is  convected  through  the  shock  layer,  these  energy 
exchanges  and  chemical  reactions  occur  at  a  finite  rate  until, 
at  some  point  on  the  streamline,  equilibrium  is  achieved. 
Therefore,  there  will  be  significant  thermo-chemical 
nonequilibrium  near  the  bow  shock  wave  and  equilibrium  will 
be  approached  a  large  distance  along  the  fluid  element's 
streamline.  The  rale  at  which  equilibration  is  realized  is 
dependent  on  the  free-stream  density  and  speed,  or  altitude  and 
Mach  number.  A  parameter  that  quantifies  the  degree  of 
chemical  nonequilibrium  for  a  particular  condition  is  the 
Damkohler  number,  the  ratio  of  the  fluid  time  scale  to  the 
chemical  time  scale;  a  similar  parameter  may  be  derived  for 
the  relaxation  of  energy  modes. 

The  second  important  effect  in  the  forebody  region  is  the 
interaction  of  the  wall  with  the  thermally  excited  and  reacted 
gas  in  the  boundary  layer.  At  the  high  altitudes  the  Reynolds 
number  is  relatively  small  (typically  on  the  order  of  KH 
based  on  free-stream  conditions  and  nose  radius).  Thus  the 
boundary  layer  will  be  thick  and  viscous  effects  will  dominate 
much  of  the  flowfield.  Also,  as  the  boundary  layer  is 
influenced  by  the  cool  wall,  chemical  reactions  can  be  slowed 
or  halted  in  the  vicinity  of  the  wall.  The  wall  can  also  interact 
chemically  with  the  flowfield  due  to  catalytic  effects  that 
promote  the  recombination  of  reacted  species  at  the  wall. 
Thus  the  inclusion  of  viscous  effects  for  hypersonic  bluff 
forebody  flowfield  analyses  is  mandatory.  At  high  altitudes, 
the  usual  assumption  of  perfect  thermal  accommodation  and 
no-slip  at  the  wall  breaks  down.  Therefore,  for  some 
conditions,  temperature  and  velocity  slip  effects  must  also  be 
included. 

Another  effect  related  to  the  low  density  regime  in  which 
ASTV’s  would  operate  is  the  thickening  of  the  bow  shock 
wave  to  encompass  a  large  volume  of  the  flowfield.  The  bow 
shock  wave  is  several  mean-free-paths  thick  and  at  high 
altitudes,  this  implies  that  the  bow  shock  thickness  is  an 
appreciable  fraction  of  the  shock  standoff  distance  and  can 
merge  with  the  thick  boundary  layer.  For  these  thick  shock 
waves,  relaxation  of  internal  modes  occurs  within  the  shock 
wave;  this  effect  must  be  included  in  any  analysis  where 
rarefaction  occurs.  Also  it  has  been  shown  that  the  Navier- 
Stokes  equations  under-predict  the  shock  thickness  and 
misrepresent  the  separation  between  the  density  and 
temperature  profiles  within  a  shock  wave  (Fiscko  and 
Chapman '2).  Thus  for  some  regimes  the  predicted  shock 
thickness  using  Navier-Stokes  solvers  is  suspect. 

5. 2.2  Afterbody  Flowfield 

The  flow  about  an  afterbody,  illustrated  in  Fig.  8,  is 
dominated  by  two  phenomena;  the  presence  of  the  rapid 
expansion  as  the  highly  compressed  gas  flows  around  the 
shoulder  of  the  vehicle  and  the  related  initiation  of  separation 
of  the  gas  near  the  vehicle  comer.  These  two  effects  require 
specific  modeling  approaches  and  capabilities. 

The  expansion,  which  is  dominated  by  inviscid  effects,  has 
the  effect  of  rapidly  lowering  the  translational  temperature. 
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density  and  pressure  of  the  gas.  However,  the  chemical  state 
of  the  gas  and  the  temperatures  that  characterize  the  energy  in 
the  internal  modes  will  tend  to  remain  constant,  or  frozen. 
This  results  in  a  flow  where  the  vibrational  and  electronic 
temperatures  of  the  gas  are  far  higher  than  the  translational 
temperature  and  where  the  gas  is  more  dissociated  and  excited 
than  predicted  by  equilibrium  conditions.  As  the  gas  flows 
downstream,  recombination  occurs  slowly  and  the  vibrational 
temperature  rises  still  higher;  a  result  of  a  portion  of  the 
chemical  energy  of  recombination  being  put  into  the 
vibrational  modes  of  the  gas.  This  can  cause  the  gas  to  radiate 
significantly  in  the  afterbody  region.  Another  important 
effect  present  in  the  inviscid,  expanded  region  is  the  presence 
of  species  gradients  across  the  wake.  This  is  caused  by  some 
portion  of  the  gas  having  passed  through  a  relatively  weak 
oblique  shock  wave  where  reactions  are  weak,  and  another 
part  of  the  gas  having  passed  through  the  strong  forebody 
shock  where  reactions  are  strong.  Thus  the  gas  near  the  center 
of  the  wake  tends  to  be  more  dissociated  than  that  in  its 
extremities  and  consequently  g,  the  ratio  of  specific  heats, 
varies  across  the  wake. 

A  second  inviscid  effect  associated  with  the  wake  structure  is 
the  presence  of  a  wake  shock.  As  the  flow  expands  around  the 
shoulder  of  the  vehicle,  some  of  it  is  directed  toward  the 
centerline  of  the  body.  However,  this  supersonic  flow  must 
change  direction  and  a  reflecting  shock  and  an  oblique  shock 
wave  is  formed.  The  gas  becomes  compressed  in  this  region, 
yet  the  vibrational  and  electronic  temperatures  remain  high 
due  to  freezing,  and  the  gas  may  radiate  significantly. 

The  location  of  the  separation  on  the  back  face  of  the  bluff 
body  is  affected  by:  the  state  of  the  boundary  layer  on  the 
shoulder,  the  Reynolds  number,  whether  the  flow  is  turbulent 
or  laminar,  the  ratio  of  specific  heats,  and  the  body  geometry. 
For  many  cases  of  interest,  particularly  at  high  altitude,  the 
flow  can  remain  attached  over  a  significant  portion  of  the 
vehicle's  afterbody.  The  location  of  separation  influences  the 
dimension  of  the  recirculation  zone  and  the  strength  of  the 
shear-layer  that  forms  between  the  recirculating  gas  and  the 
external,  rapidly  expanding,  supersonic  flow.  The 
recirculation  zone  entrains  gas  that  was  in  the  forebody 
boundary  layer  which  is  relatively  cool  but  highly 
dissociated.  This  recirculation  zone  will  be  unsteady,  the 
magnitude  of  which  depending  on  how  the  shear-layer 
behaves  and  the  feedback  between  the  body  motion  and  the 
state  of  the  gas  in  the  separated  region. 

The  modeling  of  the  free  shear-layer  must  account  for  large 
gradients  of  velocity,  temperature,  density  and  species 
concentration  across  it,  and  for  the  possibility  that  the  flow 
may  be  turbulent  and  unsteady.  The  numerical  treatment  of  the 
problem  is  particularly  difficult  because  of  these  effects  and 
also  due  to  the  uncertain  location  of  this  structure. 

The  afterbody  flowfield  is  characterized  by  the  presence  of 
thermo-chemical  nonequilibrium,  large  gradients  in 
thermodynamic  quantities  and  chemical  state,  and  a  large 
separated  region.  The  combination  of  these  factors  stretches 
computational  fluid  dynamics  beyond  it  current  capabilities. 

6.  ILLUSTRATIVE  EXAMPLES 
6.1  Aerodynamic  Trim 

To  acquire  data  necessary  to  validate  and/or  calibrate  real  gas 
code  capability  to  predict  aerodynamic  performance,  the 
aeroballistic  range  is  proposed.  Ballistic  range  data  will 
include  visual  flowfield  data  indicating  shock  shape  and 
location  relative  to  the  body  (i.e.  by  way  of  shadowgraphs) 


and  density  distribution  (i.e.  by  holographic  interferograms) 
as  well  as  quantitative  information  in  the  form  of 
aerodynamic  coefficients  including  lift,  drag  and  pitching 
moment.  The  use  of  a  combination  of  CFD  with  experiment 
has  proven  most  effective  in  the  interpretation  of  free-flight 
data.  For  example,  in  a  recent  study  on  trim  angle  for  the 
NASA  Aeroassist  Flight  Experiment  (AFE)  vehicle^,  there 
was  insufficient  free-flight  data  for  determining  high  order 
terms  for  series  expansion  representation  of  aerodynamic 
coefficients  .  In  order  to  extract  information  from  the 
experimental  data,  the  curvature  of  the  function  describing  the 
moment  coefficient  was  required.  This  curvature  was 
developed  using  CFD.  For  the  analysis  of  data  from  the  NASA 
Ames  HFFAF  aeroballistic  range  the  higher  order  terms  in  the 
aerodynamic  coefficient  expansion  were  determined  from  CFD 
simulations;  only  the  lower  order  terms  were  found  using  a 
six-degree-of-freedom,  weighted,  least  squares  procedure.  The 
resulting  experimental  aerodynamic  coefficients  and  trim 
angles  agree  with  those  computed  by  CFD.  The  effective 
specific  heat  ratio  for  the  HFFAF  was  determined  by  matching 
the  bow  shock  shape  and  stand-off  distance  with  CFD  perfect 
gas,  constant  effective  y,  flowfield  simulations  at  the  HFFAF 
test  conditions.  Results  of  these  comparisons  are  shown  in 
fig.  9  in  which  the  CFD  simulation  bow  shock  is  identified  by 
a  coalescence  of  isobars. 

AFE  model  moment  coefficient  data  from  the  HFFAF  are 
compared  with  data  from  two  NASA  Langley  hypersonic  cold 
flow  facilities,  the  31 -inch  Mach  10  tunnel  and  the  CF4 
tunnel  ,  in  fig.  10.  Each  of  the  three  facilities  can  be 
identified  by  an  effective  y.  1.2  for  HFFAF,  1.34  fr*  the  Mach 
10  tunnel,  and  1,11  for  the  CF4  tunnel.  The  measured  trim 
angles  are  14.7,  17  and  12  degrees,  respectively. 

By  minimizing  the  uncertainty  in  trim  angle,  design 
tolerances  can  be  tightened  and  vehicle  configurations  can  be 
optimized  for  specific  mission  requirements.  By  using  a 
combination  of  CFD  analysis  and  ground-based  experiments, 
the  real-gas  effects  can  be  simulated,  analysis  tools  validated, 
and  flight  conditions  can  be  estimated  with  some  confidence. 
In  many  cases  the  aeroballistic  range  can  be  used  to  simulate 
actual  flight  conditions  and  reasonable  estimates  of 
aerodynamic  trim  angle  and  pitching  moment  for  flight  can 
be  determined  directly.  The  agreement  shown  herein  between 
experimental  and  computed  results  for  the  blunt  AFE 
configuration  at  the  ground  test  conditions  indicate  that,  at 
these  test  conditions,  the  moment  coefficients  and  trim 
angles  can  be  computed  using  efficient  ideal  gas  solvers  with 
an  appropriate  choice  for  g;  the  appropriate  value  of  this 
parameter  can  be  determined  by  shock  shape  comparison. 
This  is  not  necessarily  the  case,  however,  for  slender  or  high 
lift  vehicles.  In  cases  where  actual  flight  conditions  cannot 
be  replicated  in  ground  test  facilities,  real  gas  solvers  must  be 
used  to  determine  if  constant  effective  g  approximations  are 
appropriate.  As  mentioned  previously,  the  variations  in  g  at 
flight  conditions  can  have  a  sizable  influence  on  aerodynamic 
moment  coefficient  and  trim  angle. 


6.2  Aerothermodynamic  Heating 
6.2.1  Compressive  flows 

To  study  the  nonequilibrium  processes  in  compressing  flow 
typical  of  the  stagnation  region  of  a  bluff  forebody,  we  are 
looking  in  some  detail  at  a  gas  relaxing  after  being  heated  bv 
an  incident  shock  wave.  By  acquiring  normal  shock  in  a 
spectrally  clean  facility,  we  are  able  to  quantify  the  thermo- 
chemical  state  of  the  gas  as  a  function  of  time  or  position. 
By  this  means,  we  can  study  such  processes  as  vibration- 
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dissociation  coupling,  vibration-translation  exchange, 
vibration-rotation  coupling,  etc.  13-15 

The  dominant  real  gas  phenomena  is  the  relaxation  process 
occurring  in  the  flow  around  hypersonic  vehicles. 
Considerable  effort  has  been  expended  in  recent  years  to 
model  and  numerically  compute  this  behavior  (e.g.  refs,  lb- 
19).  The  accuracy  of  such  calculations  needs  further 
improvement  and  there  are  still  many  physical  parameters 
that  are  unknown  for  high  temperature  real  gases.  Three  types 
of  experimental  data  are  needed  in  this  model  development 
process:  1)  data  which  will  enhance  our  phenomenological 
understanding  of  the  relaxation  process,  2)  data  on  rates  for 
the  relevant  reactions,  and  3)  data  on  bulk  properties,  such  as 
spectral  radiation  emitted  by  the  gas,  for  a  given  set  of 
aerodynamic  conditions.  We  are  in  a  process  of  collecting 
such  data  by  simulating  the  required  aerothermochemical 
conditions  in  an  electric  arc  driven  shock  tube^'21  NASA 
Ames'  electric  arc  driven  shock  tube  facility  is  powered  by  a 
0.6  MJ  40  kV  capacitor  bank  and  is  capable  of  producing 
shock  velocities  in  the  range  of  2-50  km/sec.  The  radiation 
diagnostic  system  available  at  the  facility,  consists  of  1)  a 
linear  intensified  700  element  diode  array  and  a  2-D 
intensified  CCD  array  with  576  x  384  active  elements,  both 
gateable  within  a  time  range  of  30  ns  -  2.5  ms  and  both  with  a 
2000-8000  A  spectral  response.  A  photomuliplier  tube  (PMT) 
is  used  to  record  the  total  radiation  from  the  test  gas  as  well  as 
from  the  driver  gas  as  they  pass  through  the  test  section.  The 
signal  from  the  PMT  is  used  to  estimate  the  test  lime  and  to 
trigger  the  diode  array  system  at  a  given  moment  during  the 
test  history.  A  NTd:Y.'.C  las  r  based,  double  exposure,  single 
plate  interferometer  is  also  available  at  the  facility.  A 
schematic  of  the  experimental  test  setup  is  shown  in  fig.  11. 

A  one-dimensional  real-gas  flow  code  for  thermo-chemical 
nonequilibrium  (Park^2-23)  used  to  pre(jjct  the 
thermochemical  state  of  the  shock  heated  gas  behind  the 
incident  shock.  This  code  uses  a  multiple  temperature 
description  to  model  the  nonequilibrium  behavior  of  the 
internal  state  of  the  gas  and  to  describe  the  rate  processes. 
From  the  predicted  thermochemical  state  of  the  gas  synthetic 
emission  spectra  can  be  generated.  For  this  we  use  the 
computer  code  NEQAIR^*’^.  Several  modeling  steps  are 
involved  in  this  process.  First  are  the  chemical  rate 
expressions  themselves  in  which  there  is  always  some 
uncertainty  in  the  Arrenius  rate  constants,  second  is  the 
multiple  temperature  model  used  to  describe  both  the  internal 
energy  slates  of  the  gas  and  the  reaction  rates,  and  third  is  the 
quasi-steady  state  model  and  peripheral  approximations  used 
to  generate  the  synthetic  spectra  in  the  NEQAIR  code.  By 
maintaining  a  coordinated  effort  between  the  modeling 
activity  and  the  experimental  effort  it  is  possible  both  to 
improve  and  refine  the  phenomenological  models  as  well  as 
validate  them.  These  models  will  then,  in  tum,  be  used  in 
multidimensional  flow  codes  to  predict  and  analyze  real  gas 
behavior  in  more  complex  flow  environments. 

To  data  two  sets  of  experiments  have  been  conducted:  1) 
measurements  at  a  shock  velocity  of  6.20  km/sec  in  1  Torr 
nitrogen^  and  2)  measurements  at  a  shock  velocity  of  10.2 
km/sec  in  0.1  Ton  air^.  In  both  the  sets,  using  the  linear 
diode  array,  the  equilibrium  and  nonequilibrium  spectra 
covering  the  3050-5500  A  range  were  recorded. 

Measurements  in  Nitrogen  (6.2  km7sec.l.Q  Ton):  For  the 
nitrogen  case,  the  equilibrium  temperature  of  the  test  gas 
based  on  N2(2+)  band  system  was  found  to  be  6500  K.  The 
rotational  temperature  at  the  point  of  peak  radiation  in  the 


nonequilibrium  region,  based  on  the  intensities  at  3143.7  A 
and  3159.1  A,  was  found  to  be  about  8800  K.  The 
vibrational  temperature,  based  on  the  first  vibrational  level 
and  the  ground  state  of  the  N2(2+)  band  system  was  found  to 
be  about  6900  K.  The  vibrational  temperatures  of  higher 
vibrational  levels  were  lower  than  this  value. 

The  equilibrium  temperature  of  the  test  gas  based  on  the 
N2+(l")  band  system  was  found  to  be  7200  K.  The  rotational 
temperature  at  the  point  of  peak  radiation  in  the 
nonequilibrium  region  was  deduced  to  be  about  8800  K,  which 
is  consistent  with  the  value  found  by  using  the  N2(2+)  band 
system.  Comparisons  of  rotational  temperature  with 
prediction  and  with  earlier  data  from  Allen  et  al^®  are  shown 
in  fig.  12  The  vibrational  temperature  as  measured  based  on 
the  v(l,2)/v(l,0)  levels  of  the  N2+(l')  band  system  was  found 
to  be  about  9500  K,  with  the  value  decreasing  for  higher 
vibrational  levels.  The  temperature  based  on  the  v(7,8) 
vibrational  level  was  about  8500  K.  Comparisons  of 
vibrational  temperature  with  prediction  and  with  earlier  data 
are  shown  in  fig.  13. 

Measurements  in  AirilO.2  km/sec.  0.1  Torr):  For  shock 
heated  air  the  equilibrium  temperature  was  estimated  to  be 
9620  K.  The  equilibrium  emission  spectra  observed  is  shown 
in  fig.  14.  By  using  two  different  sets  of  points  on  the 
rotational  envelope  of  the  N2(2+)  band  system,  the  rotational 
temperature,  corresponding  to  the  point  of  peak  radiation, 
was  estimated  to  be  about  4400  K  and  3990  K  respectively, 
making  a  mean  rotational  temperature  of  4195  K.  Such  a  low 
value  of  rotational  temperature  was  a  surprise.  The  overshoot 
observed  in  the  nitrogen  tests  at  6.2  km/sec  was  absent  here. 
The  rotational  temperature  seems  to  rise  very  slowly  to  reach 
the  equilibrium  value.  The  emission  spectra  observed  at  the 
point  of  peak  radiation  is  shown  in  fig.  15. 

The  vibrational  temperature  at  the  point  of  peak  radiation  was 
deduced  using  the  (2,1)  and  (3,2)  bands  of  N2+(1‘)  system  at 
3564.1  and  3548.2  A  respectively  and  was  found  to  be  about 
9465  K.  There  were  no  other  vibrational  temperature  data 
available  for  these  conditions  The  measured  vibrational 
temperatures  based  on  N2+(l')  as  well  as  based  on  N2(2+) 
band  systems  are  in  line  with  the  theoretical  values  as 
predicted  by  Park's  model  Sharma^O  shows  further  details 
and  analysis  of  the  experimental  data  and  comparisons  with 
theory. 

6.2.2  Expanding  flows 

To  study  the  nonequilibrium  processes  in  an  expanding  flow 
as  typified  by  the  flow  over  the  shoulder  of  a  bluff  body  and 
into  the  base,  or  near  wake,  region,  we  look  at  a  gas  that  has 
been  shock  heated  to  high  temperature  and  pressure  and 
allowed  to  expand  rapidly  in  a  two-dimensional  nozzle.  By 
using  optical  diagnostics  such  as  laser  holographic 
interferometry  and  Raman  scattering^,  we  can  quantify  the 
thermo-chemical  state  of  the  gas  during  the  expansion 
process.  We  are  planning  to  measure  the  nonequilibrium 
vibrational  populations  for  levels  up  to  v=13,  in  an 
expanding  flow,  using  spontaneous  Raman  scattering 
technique.  A  nozzle  insert  has  been  installed  in  the  driven 
section  operating  in  a  reflected  shock  mode.  However,  at  first 
the  density  flow  field  is  being  mapped  by  laser  based 
holography.  The  results  of  this  initial  test  are  shown  in  fig. 
1 6  where  good  agreement  can  be  observed  between  computer 
simulated  and  experimental  fringe  interferograms. 
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[n  addition  to  characterizing  the  thermochemical  process  in 
an  expanding  flow  a  blunt  body  base  flow  lest  configuration 
is  being  developed.  Two  models  will  be  considered:  (1)  an 
uninstrumented  free  flying  model  to  be  used  for  flow 
visualization  studies  without  the  presence  f  a  sting  support, 
and  (2)  an  instrumented  sting  mounted  model  for  which  both 
the  model  and  the  sting  support  are  instrumented  with 
pressure  and  heat  flux  gauges  and  flow  visualization  can  be 
realized  for  comparison  with  the  free  flight  model.  As  part  of 
the  AGARD  FDP  WG18  activity  it  is  proposed  to  test  the  two 
configurations  in  both  the  NASA  Ames  16"  combustion 
driven  shock  tunnel  and  the  DLR  free  piston  shock  tunnel, 
HEG,  at  the  same  enthalpy  and  the  same  Mach  and  Reynolds 
numbers. 

The  purpose  of  the  experiment  would  be  to  quantify  the  shear 
layer  separation  point,  turning  angle  and  wake  closure  in  the 
presence  of  flows  exhibiting  real  gas  and/or  low  density 
behavior.  The  unsteady  character  of  the  near  wake  will  also 
be  characterized,  if  possible.  Body  surface  instruments  will 
provide  data  for  CFD  simulation  and  calibration/validation. 
Both  sting  mounted  and  free  flight  models  will  be  necessary 
to  assess  and  quantify  the  influence  of  the  sting  on  the 
instrumented  model. 


7.  CONCLUDING  REMARKS 

In  summary  it  has  been  pointed  out  that  real  gas  effects  are 
important  in  hypersonic  flows  both  in  terms  of  their 
influence  on  aerodynamic  performance  and  their  effect  on 
aerothermdynamic  heating.  Further,  it  was  pointed  out  that 
high  enthalpy  ground  based  test  facilities  cannot  fully 
simulate  flight  conditions  and  that  they  exhibit  unique  real- 
gas  behavior  themselves.  Hence,  the  process  for  developing 
validated  analysis  tools  is  one  where  real  gas  CFD  is  involved 
in  all  aspects  of  a  real-gas  ground  test  program.  Only  in  this 
manner  can  sufficient  confidence  be  gained  and  real  gas 
analysis  tools  be  validated. 
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Fig.  1.  Ames  16-Inch  Shock  Tunnel  nozzle  exit  profiles 
from  real-gas  CFD  prediction:  a)  Temperature,  b)  Axial 
velocity,  c)  Static  pressure,  d)  Atomic  oxygen  mole 
fraction. 


Fig.  2.  Hypersonic  longitudinal  aerodynamic  center  of 
pressure  correlation  of  flight  with  predicted  data  for 
pullup/pushover  maneuvers:  STS-2,  M-21 . 
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Fig.  3.  Schematic  profiles  of  atomic  oxygen  between 
body  and  shock  of  a  pointed  cone. 


Fig.  4.  Shock  angle  for  nonequilibrium  flow  over  a  30 
deg.  wedge. 
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Fig.  6.  Lift  and  drag  coefficients  and  CP  shift  for  airfoil: 
chord=10  m,  alt. =74  km,  V=7  k/s.a=40  deg 


Fig.  7.  Schematic  of  hypervelocity  bluff  forebody 
flowfield. 
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Fig.  5.  Shock  shape  for  Shuttle  147  body,  a=30  deg, 
V=6. 7  km/s,  altitude  »  65.5  km:  a)  side  view;  b)  plan  view 


Fig.  8.  Schematic  of  hypervelocity  bluffbody  near-wake 
flowfield. 
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y  -  14.  coarse  grid  solution  y  -  1.2,  coarse  grid  solution  y  -  1.2.  adapted  grid  solution 


Fig.  9  Experimental  and  computed  AFE  bow  shock 
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Fig.  10.  AFE  moment  coefficient  comparison 


Fig.  1 1  Schematic  of  shock  tube  emission  spectra 
collection  optics  for  diode  array  system. 
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Fig.  12.  Rotational  temperature  behind  normal  shock  in 
nitrogen:  Us«6.2  k/s,  pi-1.0  torr 
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Fig.  13.  Vibrational  temperature  behind  normal  shock  in 
nitrogen:  Us=6.2  k/s,  pi=1.0  torr. 


Fig.  16.  CFD  generated  synthetic  interferogram  compared 
with  experimental  observation:  Pg=1530  PSI,  Tq=7200  K. 
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Fig.  14.  Equilibrium  emission  spectra  behind  normal  shock  in  air:  Us-10.2  k/s,  pi«0.1  torr,  gate-1.0  ps.  slit«60pm 
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1 .  Summary 

A  coordinated  computational  and  experimental 
study  has  been  made  of  blunt-body  flows  with  non- 
equilibrium  chemistry.  The  temperature  range  was 
such  that  significant  dissociation  of  oxygen  was 
expected  but  very  little  dissociation  of  nitrogen. 
Both  pure  oxygen,  0:  and  O,  and  air,  treated 
computationally  using  a  five  species  (0;,  N:,  NO, 
N,  O)  model,  were  studied. 

Results  obtained  using  different  published  values  of 
the  chemical  rate  coefficients  were  compared  and 
assessed  for  a  model  problem.  The  effects  of  size 
(i.e.  Damkdhler  number)  and  freestream  velocity 
were  also  investigated. 

The  How  computations  used  an  explicit  time- 
marching  method  based  on  a  TVD  version  of  the 
MacCormack  predictor-corrector  scheme.  A  point 
implicit  TVD  method  was  developed  to  deal  with 
the  stiffness  problems  introduced  by  the  finite  rate 
chemistry. 

Jnterferograms  of  the  flow  obtained  in  a  shock 
tunnel  are  compared  with  the  computational  results. 
The  bow  shock  wave  shape  and  the  shock 
detachment  which  are  dependent  on  the  degree  of 
chemical  reaction  and  thermal  excitation  of  the  gas 
show  that  the  calculation  method  is  promising, 

2.  Nomenclature 

a  Speed  of  sound 

Cbf  Pre-exponential  term  used  in  evaluating 

backward  reaction  rate  coefficient 
Cf,  Pre-exponential  term  used  in  evaluating 

forward  reaction  rate  coefficient 


Cp  Pressure  coefficient 

Da  Damkohler  number 

E,F,G  Vector  tluxes  given  by  equation  (4.2) 
e  Internal  energy  per  unit  mass 
e  Total  energy  per  unit  volume 
G;1  TVD  flux  "corrector",  given  by  equation 
(8.5) 

H  "Source  type"  vector  flux 

h.  Enthalpy  per  unit  mass  of  species,  s.  J /kg 

K  Gladstone-Dale  constant 

K,  Equilibrium  constant  for  species  i 

Kb,  Backward  reaction  rate  for  reaction  r, 

em6/(mol:.s) 

Kr,  Forward  reaction  rate  for  reaction  r, 

cmV(mol.s) 

(  Geometrical  path 

M  Mach  number 

Ms  Molecular  weight  of  species  s.  kg/kmol 
m  Mass 

n,  Number  density 

n  Refractive  index 

p  Pressure 

9?  Gas  constant 

R\ia\  Maximum  radial  distance  in  the  mesh 
r  R.u! m!  d ,  ’.ince 

T  U  -  iture  (translational-rotational) 

T,  V-  temperature 

t 

U„  I  i  ce  a  i  earn  velocity 

u,,u*.u.  Velocity  components  in  cylindrical  system 

A,  V  Forward  and  backward  operators 

y  Ratio  of  specific  heats 

d  Angle  measured  in  circumferential  direction 

X  Wave  length 

p,  p.  Complete  density,  partial  density  of  species 

r  Relaxation  time 

<p  TVD  flux  limiter 

w.  Mass  rate  of  production  or  depletion  of 
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3.  Introduction 

Current  interest  in  a  vehicle  tor  transatmospheric 
flight  has  been  the  catalyst  for  renewed  research  in 
hypersonic  flight.  There  is  also  military  interest  in 
high  kinetic  energy  missiles  which  must  of 
necessity  travel  at  hypersonic  speeds. 

One  of  the  major  problems  in  the  laboratory 
investigation  of  hypersonic  flow  is  that  it  is  not 
possible  to  simulate  all  the  important  parameters, 
such  as  Reynolds  number,  stagnation  temperature, 
Mach  number  and  Damkohler  number,  which  are 
significant  during  the  re-entry  phase  of  a 
hypersonic  flight.  It  is  important,  therefore,  to 
choose  which  parameters  are  most  important,  to 
compare  experiment  and  theory,  and  then  to  extend 
the  theory  to  flight  conditions.  Since,  the  real  gas 
effects  are  essentially  dependent  on  temperature, 
simulation  of  high  temperature  is  prob.ibly  the  most 
important. 

It  is  possible  to  obtain  high  temperature  flows  in  a 
shock  tube  and  work,  complementary  to  the  present 
computations,  is  in  progress  in  a  shock  tube  at  the 
Goldstein  Aeronautical  Research  Laboratory  at  the 
University  of  Manchester.  For  temperatures  up  to 
about  4000K,  the  predominant  real  gas  effect  is 
due  to  the  dissociation  of  oxygen  whereas  nitrogen 
dissociation  is  extremely  small.  Although  high 
temperatures  are  attainable  in  the  experiments,  the 
corresponding  Mach  numbers  are  relatively  low. 
the  maximum  shock  Mach  number  attainable  to 
date  being  about  7.  The  computations  that  were 
carried  out  were  designed  to  complement  the 
experimental  work  and.  in  particular,  after 
validation  at  the  conditions  attainable  in  the 
experiments,  to  predict  flows  at  higher  Mach 
numbers.  Test  cases  include  typical  conditions 
which  can  be  simulated  in  the  shock  tube  and 
typical  earth  re-entry  condition.  Two  different 
configurations  are  being  investigated 
experimentally,  a  hemi-sphere  cylinder  and  a  two- 
dimensional  flat  plate  with  a  finite  radius  leading 
edge.  This  leading  edge  can  be  modelled  by  a 
"circular"  cylinder  and  because  of  its  simplicity,  is 
chosen  here  as  the  test  model. 

Two  sets  of  chemical  models  were  considered:  in 
one  the  gas  is  made  up  of  pure  oxygen  (0:  and  0) 
and  in  the  other  the  gas  is  made  of  5  species  (N,, 


(L,  NO,  N  and  0)  and  is  subject  to  17  chemical 
reactions.  The  species  convection  equations  are 
coupled  with  the  Euler  equations.  The  vibrational 
and  electronic  degrees  of  freedom  are  assumed  to 
remain  in  thermodynamic  equilibrium  while  the 
chemical  reactions  are  assumed  to  proceed  at  finite 
reaction  rates.  The  numerical  method  is  explicit 
for  the  time  integration  and  is  also  Total  Variation 
Diminishing.  While  the  basic  program  computes 
the  high  speed  chemical  reacting  flows  past  a 
circular  cylinder,  simple  modifications  of  the 
program  can  be  made  to  permit  computing  other 
blunt  body  shapes.  The  codes  were  run  either  on 
an  Amdahl  vector  processor  VP  1100  or  on  a  HP 
workstation  at  the  University  of  Manchester. 

4.  The  Euler  Equations 

The  basic  equations  of  inviscid  gas  dynamics,  the 
Euler  equations,  are  written  in  terms  of  four 
independent  variables,  the  time  and  the  three  space 
dimensions.  Under  the  assumptions  of  an  inviscid. 
non-heat-conducting  gas  in  local  thermochemical 
equilibrium,  these  equations  can  be  written  in 
divergence  form: 

^  -  v.(E(U),F(U),G(U))  (4.1) 


With  finite  rate  chemistry  and  in  cylindrical  co¬ 
ordinates  the  three-dimensional  Euler  equations  are 
as  follows: 


<3U  dE  dF  aG  u  „ 

A  A  3Q  dZ 


(4.2) 


where 
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’  rpux 
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The  derivation  of  the  reaction  rate  for  oxygen 
atoms  was  given  in  ref  ( 1],  The  rate  of  production 
w0  is 


(5.3) 


where  <a0  has  the  units  of  kg/Im’s). 
and. 


cfjTItf-r  exp 


HVkT) 


where  r  is  the  radial  direction  and  d  is  in  the 
tangential  direction.  The  velocities  u„  uv  and  uz 
are  kept  in  the  original  cartesian  form.  The  partial 
densities  of  species,  s,  is  denoted  by  p,  and  because 
ionization  phenomena  are  neglected  there  are  only 
5  species,  N;,  0;.  NO,  O  and  N,  to  be  considered. 
Identifying  these  five  species  by  the  subscripts  I 
through  5  the  global  mass  conservation  condition 
dictates 

P  -  i;  P,  0.3) 


5.  Chemistry  Modelling:  Oxviien 

The  constants  in  the  reaction  rate  equation  are  not 
universally  accepted.  The  effects  of  using  different 
authors’  models  have  been  investigated  and  the 
results  are  included  in  the  discussion  section  of  this 
paper.  The  reaction  rates  used  are  tabulated  in 
Table  (1). 

The  main  chemical  reactions  for  the  dissociation  of 
a  gas  consisting  of  oxygen  only  are: 

R(l):  0,  ♦  0  3cL20  ♦  0  (5.1) 

Kx 


=  cbj  Tnb'  exp('^OT  <5-4) 

where  the  constant  are  given  in  table  (1). 

Most  of  the  data  in  the  literature  for  reaction  rate 
coefficients  are  in  cgs  units,  so  the  same  units  are 
used  here.  The  units  for  lq  are  cm  V(mol.s)  and  for 
kb  cm6/(moi\s),  hence  these  coefficients  must  be 
multiplied  by  10 3  and  10fr  respectively  to  change 
them  to  SI  units. 

Given  the  forward  rate  and  the  equilibrium  constant 
kcr,  for  each  reaction  the  backward  reaction  rate 
constant,  kh  r.  can  be  found  from 


The  backward  reaction  rates  for  oxygen 
associations  are  given  in  table  (2)  for  the  model  of 
Dunn  and  Kang. 

From  the  above  relations  the  equilibrium  constant 
is 

K  =  Ka  =  K.2  =  12x10’  T0  '  exp(-59500/T) 


R(2):  02 


♦  0, 


ii-20  +  0. 


(5.2) 


(5.6) 

The  above  expression  for  the  equilibrium  constant 
was  also  used  for  both  Wray’s  and  Gardiner’s 

models. 
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According  to  Park  (5],  the  equilibrium  constant  at 
temperatures  of  1000,  2000,  4000,  8000  and 
16000K  has  been  obtained  from  spectroscopic  data. 
The  (natural)  logarithms  of  these  lq.  r  values  are 
fitted  by  a  fourth-order  polynomial  in  z=  10000/T, 
so  that  kc  r  is  expressed  in  the  form 

kc ,  =  exp(B/  +  B/  z+  B/  z 2  +  B/  z3  +  B/  z4) 

(5.7) 

where,  z  =  (10000/T) 

The  coefficients  in  equation  (5.7)  for  oxygen 
dissociation  given  by  Park  [5]  in  1985  are  tabulated 
as  model  I  in  table  (3).  A  complete  list  of 
reactions  for  air  is  given  in  appendix  C. 

Later,  in  1988,  Park  [6  and  7]  reinterpreted  the 
experimental  data  and  assumed  that  certain  classes 
of  reactions  can  be  described  by  a  single  rate¬ 
controlling  temperature  which  is  an  "average"  of 
the  local  translational  and  vibrational  temperatures. 
In  Park’s  two-temperature  model  the  effect  of 
nonequilibrium  vibrational  temperature  on  the  rate 
coefficient  is  accounted  for  by  introducing  a 
"geometric"  average  temperature,  Ta,  in  the  form 

Ta  =  JtTv  (5.8) 

The  equilibrium  constant  is  given  in  the  form 

kc r(Ta)  =  exp(B,'  +  B/  In  z  +  B,'  z  +  B/  z:  +  B/z3) 

The  coefficients  for  the  above  expression  are 
tabulated  in  table  (2)  as  model  II. 

More  recently,  (in  1990  and  1991),  Park  (8  to  10] 
has  employed  a  different  curve  fit  for  the 
equilibrium  constant  of  the  form: 

kc>I(TJ  =  exp(B,r  +  B//z+B/  In  z  +  B/  z  +  B/  z?) 

(5.9) 

If  the  density  is  low  the  reaction  rate  could  also 
depend  on  the  particulate  nature  of  the  media. 
Park  gives  different  coefficients  for  the  above 
curve  fit  for  different  number  densities  n,  and  these 
are  tabulated  in  table  (4).  The  number  density  of 
species,  n,  is  given  by 


where  p  is  the  gas  density  in  g/cm3  and  y*  is  the 
concentration  of  species  i  expressed  in  the  units  of 
moles  per  gram  of  mixture.  In  reference  [9]  the 
coefficients  in  equation  (5.9)  are  taken  for  a 
number  density  of  1017  although  this  is  not 
mentioned  in  the  paper. 

6.  Chemistry  Modelling:  Air 

For  modelling  air  flows  without  ionisation  effects 
five  species,  CL,  N:>  NO,  O  and  N,  are  commonly 
used.  The  chemical  reactions  considered  are 

kf, 

R(l):  N;  +  2N  +  M 

kb.i 

k,2 

R(2):  O,  +  M  — 20  +  M 


kf  3 

R(3):  NO  +  M-*-^N  +  O  +  M 

Ki 

kf  4 

R(4):  N,  +  O-^NO  +  N 

Ka 

kf  j 

R(5):  N0  +  0*-^0-  +  N  (6.1) 

Ks 

The  first  three  reactions  are  dissociation- 
recombination  reactions  with  M  denoting  a  third 
body  given  by  any  of  the  reactants  present.  The 
remaining  two  reactions  are  rearrangement 
reactions  involving  NO.  Thus  the  total  number  of 
elementary  reactions  is  seventeen.  Note  that 
reactions  are  written  so  that  the  forward  reactions 
are  endothermic  which  results  in  a  decrease  in 
temperature  as  the  radicals  are  produced. 

The  above  set  of  reactions  can  be  complemented  by 
the  direct  bimolecular  reaction 

kj  6 

R(6):  N,  +  O,— ^-2NO  (6.2) 

V* 


n,  =  6.0222  x  10:1  p  y 


(5.10) 
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Although  reaction  R(6)  can  be  obtained  by  adding 
reactions  R(4)  and  R(5),  for  a  non-equilibrium 
reaction  the  chemical  processes  can  be 
independent.  However,  this  reaction  is  not 
included  in  the  Dunn  and  Kang  air  model  and  was 
not  considered  in  the  present  modelling  either. 


The  corresponding  forward-backward  reaction  rate 
equations  are 

R1  =  £  -  k,, 

ti  '  M,  Mm  M4  M4  Mn 


R2  =  E  -  V  —  — 

M2  Mm 


Ps  Pj  P<a 
h'2«  M,  M,  M_ 

5  5m 


R3 


R4 


V  -  k,3  ^ 

if,  -  M3  Mro  %-5-  m4 


-  ^  it  il  ♦  ^  ±1  ii 

M,  Mj  M3  M4 


in 

Ms  Mn 


R5  = 


il  il 

M,  M, 


v  il  ii 

H’5  Mj  M4 


(6.3) 


temperature  model".  The  curve  tits  for  Cp(T),  a 
fourth-order  polynomial  in  temperature,  given  by 
Prabhu  and  Erikson  [22]  were  used  for  special  air 
model,  i.e. 

Cp/*  =  £  **  Tj"  (7-D 

j-i 


and  hence  H;,  enthalpy  per  unit  mass  is 

Hi  =  ^  E  aij  (Tj-'/j)  +  ^  ai6 
j=i 


(7.2) 


where  i  refers  to  species  1  to  5  and  a^  are  given 
for  five  different  temperature  ranges  (j  index).  An 
iterative  approach  is  needed  to  evaluate  the 
temperature  for  a  given  internal  energy,  e,  which 
is  related  to  the  specific  enthalpies  by: 


e  *  E 

i  =  l 


Ci 

-2-  H  -SftT 
M,  * 


(7.3) 


where  the  kf  r’s  and  kbr’s  are  the  forward  and 
backward  reaction  rate  coefficients  determined  as 
functions  of  temperature  (see  appendix  A  for  the 
kinetic  model  of  Dunn  and  Kang  [2],  appendix  B 
for  the  model  of  Wray  [3J  and  appendix  C  for  the 
model  of  Park  [5]). 

The  source  terms  that  represent  the  inter-species 
mass  transfer  rates  may  be  constructed  as 


oj,  =  M,  (  R,  +  R4  ) 

u>2  =  M;  (  R;  -  R>  ) 

co 3  =  M3  (  R,  -  R4  +  R,  ) 

W4  =  M4  (-2R,  -  Rj  -  R4  -  R,  ) 

co,  =  M,  (-2Rj  -  Rj  +  R4  +  Rs  ) 

(6.4) 


7,  Thermodynamic  Model 

In  the  present  computation,  chemical  non¬ 
equilibrium  is  the  only  rate  process  considered. 
Vibrational  energy  is  assumed  to  be  in  equilibrium 
with  the  translational  and  rotational  energies  at  the 
local  gas  temperature,  T,.  Hence,  for  simplicity, 
no  attempt  is  made  to  account  for  coupling  between 
vibrational  and  disassociation  so  it  is  a  "one 


where  C,  is  the  mass  fraction  of  the  species  i  (C,  = 
pJp)- 

In  order  to  minimise  the  number  of  iterations,  and 
thus  the  cost  of  computing,  the  temperature  is 
saved  and  used  as  the  initial  guess  for  the  next 
time-step.  As  the  solution  converges  to  the  steady 
state,  the  number  of  iterations  required  per  time- 
step  should  decrease  and  possibly  reduce  to  one. 

8.  Numerical  Method 

As  a  sequel  to  Harten’s  work  [11],  Davis  [12] 
showed  that  it  is  possible  to  put  any  second-order 
classical  scheme,  such  as  the  Lax-Wendroff 
scheme,  in  TVD  form.  This  is  accomplished  by 
adding  to  the  basic  scheme  a  non-linear  term  which 
gives  precisely  the  correct  amount  of  artificial 
viscosity  needed  at  each  mesh  point  to  limit  over¬ 
shoots  and  under-shoots.  Following  the 
formulations  of  Davis  [12]  and  Causon  [13],  the 
classical  MacCormack  scheme  is  modified  for  the 
one-dimensional  Euler  equations  as  shown  below: 

u;  -  u,"  -  (f,;,  -  f,")  (8.D 

Ax  '  ' 
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U“"  -  V*  fu“  *  U,-  -  (F,'  '  F|-i) 

Ax  v  ' 

(8.2) 

Schemes  (8.1)  and  (8.2)  can  be  updated  to  become 
total  variation  diminishing  by  adding  to  the  right 
hand  side  of  the  "corrector"  step  (8.2)  the  term: 


[a;  *  gm].au“*  -  [G,:,  *  g, -J.au,**  (8.3) 

where, 

AU,!*  =  U(*.  -  U*.  AU(“*  =  U*  ♦  U*.  (8.4) 

G,*  =  G[r(*J  =  0.5C(v).{l  -  ipjr,']}  (8.5) 

!v(l  -v),  V  s0.5 

(8.6) 

0.25,  v  >0.5 

v  =  u;  =  max  |  A.  |  —  (8.7) 


max  |X |  =  u  +  a  (8.8) 


where  u  and  a  are  local  flow  speed  and  sound 
speed  respectively,  and 

r  Jau^,  au^I  r._[AU,V  A 

au*h]  ’  '  [au"*,  au,!* 

(8.9) 

where,  [  .  ,  .  )  denotes  the  inner  (i.e.  scalar) 
product  of  the  components  of  AU. 

Finally, 

(  min(2r,l),  r>0 

V>(r)  =  \  (8.10) 

f  0,  rsO 


Following  the  approach  of  Li  [14),  the  chemical 
time  for  a  species  i  is  defined  by 


(9.1) 


Changes  in  this  relaxation  time  are  given  by 

.  JL  (9.2) 


since  w,  remains  nearly  constant  over  a  time  step. 
For  stability,  the  chemical  time  step  is  chosen  such 
that  no  change  in  species  density  greater  than  T 
occurs  over  the  time  step.  For  some  of  the 
computations  that  follow  T  has  to  be  as  low  as 
0.002.  The  fluid  dynamic  relaxation  time  step, 
Atn,  must  satisfy  the  CFL  stability  criterion.  The 
internal  physical-chemical  relaxation  time,  Archem, 
which  involves  the  finite  rate  processes  of 
vibrational  energy  and  chemical  composition 
changes  also  imposes  a  time  step  limit.  The 
computational  time  step.  At.  is  therefore  taken  as 
the  minimum  of  the  fluid  and  chemical  time  steps, 
i.e. 

At  =  min  (Atn,  Archem)  (9.3) 

If  the  chemical  time  steps  are  much  smaller  than 
the  fluid  times,  as  occurs  near  equilibrium,  the 
equations  are  said  to  be  stiff.  This  is  well 
characterised  by  the  non-dimensional  number 
known  as  Damkohler’s  number: 


Da 


_ flow  time _ 

chemical  relaxation  time 


for  small  Da  the  flow  is  essentially  frozen  and  the 
reaction  rates,  k,  and  k(,  are  very  small  of  order 
zero.  For  large  Da,  where  both  k,  and  Iq,  tend  to 
infinity  and  rchtm  tends  to  zero,  the  flow  tends 
towards  its  equilibrium  state.  Significant  non¬ 
equilibrium  processes  will  occur  in  a  flow  in  which 
Da  is  of  order  one. 


10.  Point  Implicit  Scheme: 


n 


For  stiff  problems,  implicit  schemes  offer  large 
advantages  over  fully  explicit  schemes  which  tend 
to  become  unstable  as  Da  tends  to  large  values. 
However,  for  multiple  space  dimensions,  the 
efficiency  of  this  technique  can  be  severely 
degraded  due  to  the  difficulties  associated  with 
inversion  of  large  coefficient  matrices.  Unlike 
fully  implicit  methods,  point  implicit  methods  do 
not  require  the  inversion  of  large  matrices.  The 
point  implicit  MacCormack  scheme  is,  therefore, 
chosen  to  integrate  the  equations  when  the  chemical 
source  terms  are  stiff.  The  scheme  is  mainly 
adapted  from  the  work  of  Bussing  and  Murman 
[15]  and  Eklund  et  al  [16]  on  hydrogen-air 
combustion  problems.  Bussing  and  Murman  have 
shown  that  if  only  the  steady-state  solution  is 
desired,  the  time  history  can  be  modified  to 
remove  the  stiffness  associated  with  the  chemical 
time  scales.  The  governing  equations  for  one¬ 
dimensional  flow,  equation  (4.2),  are  modified  to: 


3H 


au; 


(10.5) 


Putting  equation  (10.4)  into  equation  (10.2), 
simplifying  the  resulting  equation  and  then 
rewriting  in  delta  form  gives: 


AtK^J  AU**1 


SM  AU**1 


where 


AU"*1  =  UP  -  U, 


n  +  l 


(10.6) 


and  1  is  the  unit  vector. 

Then  the  point  implicit  method  becomes: 


faU'l  _  3E 

at  J  "  '  as 


+  H 


(10.1) 


where  SM  is  a  scaling  matrix  with  the  purpose  of 
normalising  the  various  time  scales  to  the  same 
order  so  that  the  fast  processes  which  usually 
require  small  time  steps  do  not  hold  up  the  slower 
processes  which  can  be  marched  at  larger  time 
steps. 


!  —  n  t,  n  ^ 


U/  =  U,n-At.  SM'1 


e,:,  -  h; 

l 


-  H: 


(10.7) 


Uf-V^U'+U,')  -ViAt.SM -1 


l  A?  ‘J 


(10.8) 


The  point  implicit  method  can  be  written  as: 


The  pre-conditioner  submatrix,  SM,  for  air 
dissociation  is  detailed  in  reference  |1). 


u 


o*l 

i 


=  u; 


♦  0(At)2 


(10.2) 


where,  n  is  the  old  time  level  and  n+1  the  new 
time  level.  The  vector  Hn”  is  then  expanded  by  a 
Taylor  series. 


H**1  =  H*  *  A.(i«r  *  0(At)J  (10.3) 

\  di  j 

H,**1  »  H  *  «•  K(*  (U**‘  -  U,°)  -  0(At)1  (10.4) 


1 1 .  Free  Stream  Flow  Conditions  used  for 
Test  Cases 


Test  cases  include  typical  conditions  which  can  be 
simulated  in  the  shock  tube  and  typical  re-entry 
conditions.  In  order  to  investigate  the  effects  of 
using  different  chemical  models  on  the  non¬ 
equilibrium  flow  solutions,  the  following  flow 
conditions  were  used: 


where.  Ip  is  the  Jacobian  of  H' 
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Test  Case  I:  Test  case  II: 


T 

1  OD 

=  2577.6  K 

T 

1  cc 

=  2497.0  K 

Ps» 

=  8904.3  Pa 

p« 

=  0.01 1  kg/m5 

P» 

=  0.0128  kg/m5 

(p- 

=  8088.4  Pa) 

u„ 

=  4.0  km/s 

U„ 

=  2075.0  m/s 

=  0.00556  m 

Xref 

=  0.00556  m 

c„ 

=  0.0366 

Cn2 

=  0.7560 

(77.02%  by  volume) 

f-02 

=  0.2082 

(18.56%  by  volume) 

Table  (5): 

Free  Stream  Flow  Conditions  for 

Cno 

=  0.2349E-1 

(2.2336%  by  volume) 

Test  Case  I. 

Co 

=  0. 1226E-1 

(2.186%  by  volume) 

CN 

=  0.4339E-6 

(0.884IE-6%  by  volume) 

The  above  conditions  but  with  the  free  stream 
velocity  of  about  2320  m/s  closely  represent  the 
conditions  that  exist  in  the  shock  tube  experiment. 
Here  u*  is  taken  to  be  4  km/s  in  order  to  have  a 
high  enough  temperature  to  result  in  more 
chemically  active  flows  behind  the  bow  shock  wave 
and  therefore  to  be  better  able  to  examine  the 
effects  of  using  different  chemical  models. 


Table  (6):  Free  Stream  Flow  Conditions  for 

Test  Case  II. 

Test  case  III  is  similar  to  test  case  II  but  for  u„  =4 
km/s,  as  it  was  found  that  the  flows  obtained  by 
using  test  case  II  conditions  was  virtually  frozen; 
see  the  discussion  section  for  more  details. 


The  second  set  of  free  stream  conditions  simulate 
the  flows  that  exist  in  the  shock  tube  behind  the 
moving  shock  wave  when  the  driven  gas  is  air 
rather  than  pure  oxygen,  where  the  air  is  assumed 
to  consist  of  21  %  0;  and  79%  N,  by  volume.  The 
flow  equations  in  the  shock  tube,  assuming 
chemical  equilibrium  conditions,  were  solved 
(using  the  program  given  in  (I7|)  and  the 
conditions  behind  the  shock  wave  are  given  below 
in  test  case  II.  The  shock  tube  program  requires 
the  input  of  the  temperature  behind  the  moving 
shock  wave.  From  that  and  the  initial  conditions 
in  the  shock  tube  it  calculates  everything  else 
including  mole  fractions  of  the  species.  A 
temperature  of  2497  K  gives  a  shock  Mach  number 
of  7.03  which  is  close  to  the  conditions  presently 
attainable  in  the  shock-tube  experiments. 


Test  case  IV  simulates  the  conditions  that  exist  for 
a  typical  re-entry  flight  at  an  altitude  of  75  km. 
These  conditions  have  also  been  used  by  Desideri 
in  ref  118): 


Test  case  IV: 

Tw  =  205.3  K 

p„  =  0.43E-4  kg/m5 

(P.  =  2.5  Pa) 

u»  =  5152.59  m/s 

(M„  =  17.9) 

x„.f  =  1 .000  m 

CN7  =  0.7670  (79%  by  volume) 

=  0.2330  (21%  by  volume) 

CNo  =  0. 1 E-7 

CN  =0.1  E-7 

C()  =  O.IE-7 

Table  (7):  Free  Stream  Flow  Conditions  for 

Test  Case  IV. 

12,  Convergence  Assessments 


In  order  to  assess  the  history  of  convergence,  after 
a  set  number  of  iterations  the  following  variables 
are  monitored  and  saved  in  output  files  for  post¬ 
processing: 
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I)  The  maximum  change  in  the  density  in  the  whole 
flow  field  between  successive  iterations  and  also 
the  location  of  this  maximum  change  in  the  grid  is 
recorded  after  a  certain  fixed  number  of  iterations, 
say  every  10  iterations. 

II)  The  value  of  the  stagnation  temperature,  is 
recorded  every  100  iterations. 

III)  Using  the  surface  pressure  distribution,  the 
drag  coefficient,  Cd,  is  calculated: 

Cd  =  — f9'"2  (P-pjdy  (12.’ 

, ,  2  Jn 

'/2p_U_ 

The  integral  is  evaluated  in  the  program  using 
Simpson’s  rule. 

In  a  hypersonic  flow  a  good  estimate  of  the  drag 
coefficient  is  available.  According  to  Newtonian 
theory  the  pressure  coefficient  is 

Cp  =  — - -  =  2  sin2ipb  =  2  cos2  0  (12.2) 

Vap.U  l 

giving 

Cd  =  (2/3).CplugMlion  (12.3) 

13.  The  Experimental  Facility 
13.1  The  Shock  Tube 

The  shock  tube  at  the  University  of  Manchester 
Goldstein  Aeronautical  Engineering  Laboratories  is 
divided  into  three  sections;  the  driver  section,  the 
diaphragm  section  and  the  test  section.  The  driver 
section  consists  of  a  1.27m  long  tube  with  70mm 
internal  diameter.  The  diaphragm  section  is 
0.127m  long  and  is  clamped  between  the  driver 
and  test  sections.  It  allows  up  to  two  diaphragms 
to  be  used  and  the  overall  diaphragm  pressure  ratio 
to  be  doubled.  The  test  section  is  60mm  square 
and  6. 15m  long  to  the  working  section  where  there 
are  windows,  also  60mm  square.  Immediately 
after  the  working  section  there  is  a  large  dump  tank 
which  is  used  both  to  stop  the  main  shock  being 
reflected  upstream  over  the  model  and  to  reduce 
the  final  ambient  pressure  within  the  shock  tube 
after  each  run. 


The  downstream  end  of  the  shock  tube  is  shown  as 
figure  1.1.  The  square  test  section  can  be  seen 
running  from  left  to  right.  The  larger  cylindrical 
sections  are  the  test  stations  where  the  timing 
instrumentation  is  situated.  The  large  frame  either 
side  of  the  test  section,  just  before  the  large 
diameter  dump  tank,  supports  the  Mach  Zehnder 
interferometer  which  was  used  to  produce  the 
infinite  fringe  interferograms  shown  in  this  paper. 
Below  the  test  section  is  the  timing  apparatus, 
amplifiers,  triggers  and  the  timer  itself,  looking 
from  right  to  left. 

The  shock  tube  is  used  with  helium  as  the  driver 
gas  and  air,  nitrogen,  oxygen  and  (occasionally) 
nitrous  oxide  as  the  test  gases.  The  diaphragms 
used  are  either  melinex,  bursting  at  1000  kPa  or 
2000  kPa  with  two  diaphragms,  or  aluminium. 
The  aluminium  diaphragms  are  0.7mm  thick  and 
scored  to  help  them  petal  on  bursting.  The  scoring 
depth  determines  the  burst  pressure  and  typical 
pressures  are  1340  kPa  with  a  scoring  depth  of 
0.16mm  and  1680  kPa  with  0.1mm.  The 
diaphragms  are  annealed  after  scoring  since  it  was 
found  that  the  scoring  process  work  hardened  them 
and  caused  erratic  bursting. 

When  used  with  two  diaphragms  the  shock  tube  is 
set  to  the  desired  gas  pressures,  e.g.  ImmHg  test 
pressure.  1680  kPa  between  the  diaphragms  and 
3360  kPa  in  the  driver  section.  The  gas  between 
the  diaphragms  is  released  and  this  overpressures 
the  upstream  diaphragm  which  bursts  and  the  flow 
then  bursts  the  downstream  one.  This  procedure 
gives  generally  highly  repeatable  experiments.  The 
current  shock  tube  generates  shock  waves  with  a 
maximum  Mach  number  of  around  7.0  which 
produce  temperatures  in  the  free  stream  ahead  of  a 
model  in  the  working  section  of  around  3000K. 

Two  timing  stations.  300mm  apart,  immediately 
ahead  of  the  working  section  are  used  to  measure 
the  speed  of  the  shock  wave  and  hence  its  Mach 
number.  The  time  is  used,  through  a  delay 
generator,  to  trigger  an  argon  spark  when  flow 
visualisation  is  done. 

Interferometry  is  the  most  useful  visualisation 
technique  for  obtaining  data  about  the  flow  and  the 
methods  of  analysing  the  interferograms  are 
relatively  simple.  When  used  in  the  in  the  infinite 
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fringe  mode  the  interferometer  produces  fringes 
which  are  constant  density  contours  and  is, 
therefore,  both  a  quick  and  valuable  means  of 
analysing  a  flow  and  producing  data  suitable  for 
CFD  code  validation. 

13.2  The  Heated-Driver  Shock  Tube 


There  are  a  number  of  ways  to  improve  the 
performance  of  a  shock  tube.  The  Mach  number 
of  the  generated  shock  depends  on  the  diaphragm 
pressure  ratio  and  the  respective  speeds  of  sound  of 
the  driver  and  test  gases.  There  is  an  upper  limit 
to  the  shock  Mach  number  that  can  be  obtained  by 
increasing  the  pressure  ratio,  but  this  can  be 
improved  by  having  a  hot  light  driver  gas  and  a 
heavy  test  gas.  Given  its  situation  in  a  large 
laboratory,  it  was  felt  that  it  would  be  unsafe  to 
use  hydrogen  -  the  lightest  gas  -  as  a  driver  gas  in 
the  shock  tube  so  it  was  decided  to  use  heated 
helium.  Calculations  showed  that  a  shock  Mach 
number  of  10  would  be  needed  to  generate 
temperatures  of  above  5000K  behind  the  bow 
shock,  as  shown  in  figure  1.2,  and  this  could  be 
obtained  by  heating  the  helium  to  300"C  using  a 
diaphragm  pressure  ratio  of  26000.  Figures  1.3 
show  the  variations,  using  Horton  and  Menard’s 
[  1 7 1  program,  of  the  freestream  species 
concentrations  varying  with  main  shock  Mach 
number. 

Because  the  driver  gas  was  being  heated  it  was 
decided  to  replace  the  current  driver  tube  with  a 
longer  one  (length  3m)  and  have  insulating  liners 
inside.  The  extra  length  was  necessary  to  eliminate 
the  effect  of  heating  the  gas  on  the  expansion 
wave,  which  would  travel  faster.  The  new  driver 
tube  has  an  internal  diameter  of  130mm  and 
accepts  cylindrical  liners  with  outside  diameter 
130mm  and  internal  diameter  70mm.  Each  liner  is 
200mm  long  made  from  slip  cast  fused  silica. 
Each  one  is  grooved  along  the  outside  and  along 
some  of  the  end  faces  to  allow  the  passage  of 
thermocouple  wires. 

The  driver  section  was  not  ready  for  testing  at  the 
time  this  paper  was  written. 


14.  Fringe  Patterns 

Recent  research  has  shown  that  experimental  data 
for  shock  shape  and  shock  positions  are  very  useful 
for  code  validation  in  chemically  reacting  air. 
Prediction  of  macroscopic  quantities  such  as  shock 
shape  and  stand-off  distance  suggests  that  the 
chemical  and  vibrational  non-equilibrium  kinetics 
are  correctly  modelled.  However,  a  better 
demonstration  of  the  code’s  validation  can  be  made 
by  a  flow  field  comparison.  The  density  field  can 
be  observed  using  an  interferometer  and  the  fringe 
pattern  can  be  compared  with  the  fringe  pattern 
predicted  from  the  computed  density  field. 

The  refractive  index,  n.  of  a  dissociating  biatomic 
gas  is  given  by 

n-1  =  p  [Km(1-CJ  +  Ka  C,1  (14.1) 

where,  Q  is  the  mass  fraction  of  the  atoms  in  the 
mixture  and  KM  and  KA  are  the  Gladstone-Dale 
constants  of  the  molecular  and  atomic  gases 
respectively.  They  are  generally  believed  to  be 
independent  of  the  dissociation  rate  C,.  With  this 
assumption,  the  ratio  of  KM/KA  for  oxygen  and 
nitrogen  have  been  determined  by  Alpher  and 
White  [19]  from  shock  tube  experiments  and  are 
tabulated  in  table  (8). 


For  temperatures  up  to  5000K.  there  can  be 
considerable  oxygen  dissociation  but  the  ratio  of 
Km/Ka  remains  close  to  one.  On  the  other  hand, 
nitrogen  has  a  value  of  KM/KA  appreciably  different 
from  1,  although  only  a  small  degree  of  nitrogen 
dissociation  occurs  in  this  temperature  range. 
Therefore,  the  Gladstone-Dale  constant  for  air  can 
be  assumed  to  be  constant  and  its  value  at  room 
temperature  can  be  used  in  order  to  determine  the 
density  for  temperatures  less  than  5000K. 
However,  to  minimise  the  uncertainty  of  the 
results,  the  following  expressions  were  used  to 
relate  the  density  change  Ap,  to  the  fringe  pattern. 


For  oxygen,  when  X  =  440  nm 


APo 


5263,0  F 
(1  -0.0566 


am 


(14.2) 
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Ap^  =  4361.93  F  OJt)  (14.3) 

where  F  is  the  fringe  number,  X  is  the  wave  length 
and  (  is  the  experimental  geometrical  path. 

In  the  present  experiments  an  argon  spark  source 
with  a  green  (monochromatic)  filter  was  used  with 
a  wave  length  of  X  =  440  nm.  The  geometrical 
path  is  the  width  of  the  working  section  which  is 
60  mm.  The  fringe  definition  is  best  when  the 
density  is  greatest.  For  the  strongest  shock  wave, 
M,=7,  the  attainable  free  stream  density  behind  the 
moving  shock  in  the  supersonic  stream  for  either 
oxygen  or  air  is  about  0.012  kg/m5.  Computations 
show  that  the  maximum  density,  near  the 
stagnation  point,  is  about  5  times  the  pre-shock 
value.  Re-arranging  equation  (14.2)  for  this  flow 
gives: 

F=  (p/p. -1.0)/(0. 0386/p.)  =1.24 

>f  P.ug/Po.  =  5.0  (14.4) 

This  value  has  been  verified  experimentally  as  only 
one  fringe  was  visible  when  the  shock  Mach 
number  is  about  7.  However,  in  order  to  increase 
the  number  of  fringes  the  initial  pressure  (and 
therefore  density)  of  the  driver  gas  was  increased 
to  about  5  mmHg  giving  a  lower  shock  Mach 
number  of  about  6.  The  free  stream  conditions 
used  for  these  computations  aie: 

Test  Case  V: 

M.  =  6.01 

p„  =  0.048  kg/m3 

T.  =  2060  K 

u„  =  1734.2  m/s 

CN2  =  0.7624  (0.7850  by  volume) 

C02  =  0.2273  (0.2048  by  volume) 

CN0  =  9.7681  x  10 3  (0.9387  x  102  by  volume) 

CQ  =  4.9394  x  104  (0.8900  x  103  by  volume) 

Cv  =  1.6904  x  109  (0.3481  x  10 8  by  volume) 

Table  (9):  Free  Stream  Flow  Conditions  for 
Test  Case  V 

An  independent  validation  can  be  made  using 
result*  obtained  by  Hornung  {20]  for  partially 
dissociated  nitrogen  flow  around  a  two-dimensional 
circular  cylinder.  The  free  stream  flow  conditions 


for  this  test  case  are: 

Test  Case  VI: 

The  radius  of  cylinder  is  2.54  cm 
Nitrogen  mass  fraction  =  0.073 
Free  stream  temperature  =  1833  K 
Free  stream  pressure  =  2910  Pa 
Corresponding  to  the  free  stream  density  of 
4.983  x  10'3  kg/m3 
The  flow  Mach  number  is  6. 14 

Table  (10):  Free  Stream  Flow  Conditions  for 
Test  Case  VI 

The  interferometric  fringes  for  this  flow  have  been 
computed  using  the  following  formula 

F  =  0.24  x  103  Ap  (1  +  0.28  C N)(f/X) 

(14.5) 

where,  the  wave  length,  X,  is  533  x  109  m  and  f 
is  taken  as  0.1524  m  which  is  the  useful  diameter 
of  the  flow  out  of  the  shock  tunnel  120). 


15,  Numerical  Results  for  the  Test  Cases 

15.1  Equilibrium  Constant,  k. 

Figure  (1.4)  shows  graphically  the  differences 
between  some  of  the  published  values  for  the 
oxygen  dissociation  equilibrium  constant.  The 
models  compared  are  Dunn  and  Kang’s,  given  in 
table  (1),  and  Park’s,  outlined  in  table  (3). 

Generally,  there  is  little  difference  between  various 
models  for  temperatures  at  less  than  6000  K. 
Above  this  discrepancies  start  to  show  and  rise  to 
a  maximum  of  about  23%  difference  in  ke  at  a 
temperature  of  10000  K. 

Surprisingly,  the  effect  of  different  number 
densities,  i>„  on  Park’s  model  Ill  is  negligible, 
although  there  are  differences  between  Park’s 
models  I,  II,  and  III  in  the  high  temperature 
region.  The  Dunn  and  Kang  model  is  similar  to 
Park’s  model  III  with  a  difference  of  less  than  3% 
in  k.  at  10000  K.  It  should  be  noted  that  the 
existence  of  only  one  single  exponent  term  in  the 
Dunn  and  Kang  model  make  it  simpler  and  cheaper 
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to  use  compared  with  the  five-term  polynomial 
curve  fits  of  Park’s  model. 

15.2  The  Effects  of  Using  Different  Chemical 
Models 

The  effects  of  using  the  different  chemical  models 
outlined  in  section  (5)  on  the  computational  results 
are  discussed  in  this  section.  The  test  problem  is 
the  non-equilibrium  flow  of  partially  dissociated 
oxygen  over  a  circular  cylinder  with  its  axis 
perpendicular  to  the  flow  direction.  The  free 
stream  conditions  are  given  in  table  (5).  The 
computational  mesh  consists  of  100  radial  and  40 
tangential  grid  points  and  the  results  are  compared 
after  3101  time-iterations.  Note  that  the 
equilibrium  constants  for  Park’s  model  I  and  11  are 
listed  in  table  (3). 

Although  the  curves  ohtained  using  different 
models  are  not  identical,  the  differences  between 
them  are  fairly  small  and  probably  not  significant 
relative  to  the  numerical  uncertainties.  However, 
in  the  light  of  the  results  obtained,  the  following 
comments  are  made. 

Figures  (2.1)  and  (2.2)  show  respectively  the 
pressure  and  Mach  number  distribution  along  the 
stagnation  streamline.  As  mentioned  above  the 
curves  are  similar,  but  it  is  noticeable  that  the 
fastest  reaction  rate,  i.e.  nearest  to  the  equilibrium 
condition,  occurs  using  Park’s  model  I.  This  is  not 
surprising  as  it  was  already  clear  from  figure  (2.2) 
that  Park’s  model  I  had  the  highest  ke.  The  fastest 
reaction  model  produces  the  smallest  shock  stand¬ 
off  distance  and  vice  versa.  The  slowest  reaction 
rates,  corresponding  to  results  nearest  to  the  frozen 
flow  conditions,  was  obtained  using  the  Wray’s 
model.  The  curve  obtained  using  Dunn  and 
Kang’s  model  is  almost  identical  to  the  one 
obtained  by  using  Park’s  model  II. 

Figure  (2.3)  shows  the  mass  fraction  distribution 
along  the  stagnation  streamline,  it  can  be  seen  that 
the  results  are  almost  identical  at  the  stagnation 
point,  although  Park’s  model  II  has  produced 
slightly  higher  oxygen  atom  mass  fraction  and 
stagnation  pressure  than  the  other  models.  Figures 
(2.4)  and  (2.5)  show  the  surface  distribution  of 
pressure  and  temperature  respectively.  Although 
the  pressure  distribution  is  very  similar  for  all 


models,  there  are  distinct  differences  in  the  wall 
temperature  distribution.  Not  surprisingly,  the 
highest  temperatures  are  obtained  with  Wray’s 
model  which  is  the  nearest  to  the  frozen  flow 
conditions  and  the  lowest  temperatures  were 
obtained  by  Gardiner’s  model  and  by  Park’s  model 
II  which  were  closest  to  the  equilibrium  conditions. 
It  is  interesting  to  see  that  the  highest  temperature 
does  not  mean  the  most  oxygen  dissociation  near 
the  stagnation  point.  It  should  also  be  noted  that 
the  differences  between  various  temperature  curves 
are  quite  small  near  the  stagnation  point  (about 
5%)  but  become  larger  as  the  flow  expands  »nd 
cools  round  the  body  (about  10%  difference,  it 
can  be  concluded  that  the  choice  of  a  chemical 
model  is  more  critical  for  expanding  flows  rather 
than  for  compressive  ones. 


15.3  Computations  of  Non-Equilibrium  Air  Flows 
in  a  Shock-Tube 

The  first  set  of  non-equilibrium  air  test  cases  were 
done  for  a  flow  that  exists  in  a  shock  tube,  behind 
the  moving  shock  wave  when  the  shock  Mach 
number  is  about  7.  The  free  stream  flow 
conditions  are  given  in  table  (6).  The 

computational  mesh  consists  of  100  radial  and  40 
tangential  grid  points.  RMAX  for  the  flow  was  set 
to  be  5.0  and  the  CFL  number  for  the  computation 
was  fixed  to  be  0.8. 

The  pressure  and  Mach  number  'heights',  shown  in 
figures  (3.1)  and  (3.2)  indicate  that  there  are  no 
numerical  under-  or  over-shoots  anywhere  in  the 
flow  domain.  Figure  (3.3)  shows  the  pressure 
contours  which  indicate  the  shock  stand-off 
distance  is  about  2.  Contours  of  partial  density  for 
N:,  shown  in  figure  (3.4),  is  similar  to  0:  which 
indicates  that  not  much  chemical  reactions  are 
going  on  in  the  flow.  However,  figures  (3.5)  and 
(3.6)  which  are  the  contour  maps  of  partial  density 
for  NO  molecules  and  O  atoms  indicate  that  just 
behind  the  shock  wave  there  is  some  0: 
dissociation  which  in  turn  feeds  the  production 
mechanism  of  NO  and  O  with  the  maximum 
dissociation  occurring  near  the  stagnation  point. 
As  the  flow  expands  and  cools  round  the  body,  NO 
re  shuffles,  N  and  O  atoms  re-combine  to  produce 
N;  and  0:  again. 


r 
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Temperature  distributions  along  the  stagnation  line 
and  around  the  body  indicate  that  there  is  very 
little  variation  in  the  temperature  behind  the  shock- 
wave  and  the  post-shock  temperature  value  reaches 
the  stagnation  point  virtually  unchanged.  This 
behaviour  suggests  that  there  is  little  chemical 
reaction  occurring  in  the  flow.  This  is  confirmed 
further  by  viewing  the  mass  fractions  of  different 
species  along  the  stagnation  streamline,  in  figure 
(3.7),  which  shows  that  they  are  all  constant. 
Although  the  contours  of  partial  densities  of 
different  species  change  across  the  how  shock  wave 
and  in  the  flow  field,  the  ratios  of  different  partial 
densities  to  the  total  density  are  constant.  This 
suggests  that  the  flow  is  virtually  frozen  which  is 
due  to  the  small  size  of  the  body  and  also  to  the 
relatively  low  free  stream  Mach  number  giving 
correspondingly  low  temperatures  behind  the  bow 
shock  wave. 

In  order  to  produce  non-equilibrium  flows  with  the 
free  stream  conditions  given  in  table  (6),  the  free 
stream  velocity  was  increased  to  4  km/s,  keeping 
all  other  parameters  the  same.  RvtAX  was  taken  to 
be  3  and  the  CFL  number  was  chosen  to  be  0.8  as 
before.  During  the  first  hundred  time-iterations  the 
drag  coefficient,  Cd,  drops  to  a  minimum  and  then 
rises  very  slowly  to  a  value  of  1.253.  In  a  similar 
way.  but  more  slowly,  the  stagnation  temperature 
asymptotes  to  5500  K  but  after  about  1500 
iterations  some  oscillations  develop  which  could 
also  be  seen  in  the  maximum  density  change  for 
successive  iterations.  The  location  of  the 
oscillations  was  identified  to  be  behind  the  bow 
shock  wave.  However,  the  residuals  have  dropped 
three  orders  of  magnitude  in  the  course  of  the 
calculations. 

Contour  maps  of  pressure,  partial  density  of  N,,  0; 
and  NO  are  shown  in  figures  (3.8)  to  (3.1 1 ).  They 
indicate  that  the  shock  stand-off  distance  is  about 
1.32  radii  and  also  that  there  are  significant 
chemical  reactions  occurring  in  the  flow  field. 
This  is  best  seen  in  the  contour  map  of  partial 
density  of  0:  and  NO  in  figures  (3.10)  and  (3.1 1) 
respectively,  which  indicate  a  strong  reaction  front 
just  behind  the  bow  shock  wave.  The  existence  of 
non-equilibrium  chemistry  is  also  evident  from  the 
temperature  contour  maps  and  distribution  along 
the  stagnation  streamline,  (not  shown  here).  The 
temperature  drops  immediately  behind  the  shock 


wave  from  a  high  value  of  7000  K  to  5500  K.  The 
mass  fraction  profiles  along  the  stagnation 
streamline  indicate  that  almost  all  of  0;  has  been 
dissociated  while  NO  peaks  to  a  maximum  just 
behind  the  shock  wave  where  the  minimum  value 
of  N-  mass  fractions  occurs  but  then  drops  back 
towards  zero,  therefore  the  N:  mass  fraction 
increases  back  towards  its  peak  pre-shock  value. 

15.4  Computations  of  Non-Equilibrium  Air  Flows 
for  Re-Entry  Flight  Conditions 

In  order  to  validate  the  computational  codes, 
especially  for  high  Mach  number  flows,  and  since 
the  experimental  results  were  not  fully  available 
yet,  the  test  conditions  previously  used  by  Desideri 
[18j  were  used  here.  The  free  stream  conditions 
closely  simulate  a  re-entry  flight  of  Mach  number 
17.9  at  an  altitude  of  75  km.  The  flow  conditions 
are  tabulated  in  table  (7). 

Since  the  code  had  not  been  run  before  for  such  a 
high  free  stream  Mach  number,  the  computations 
were  carried  out  with  a  CFL  number  of  0.5.  The 
temperature  range  and  chemical  reactions  were 
little  different  from  those  tried  before,  but  high 
Mach  numbers  result  in  very  low  pressures  in  real 
life  as  well  as  in  the  non-dimensional  computer's 
world.  In  this  situation  an  under-shoot  in  the 
pressure,  e.g.  due  to  the  existence  of  very  strong 
shock  waves,  could  make  the  pressure  become 
negative  leading  to  unstable  computations. 

The  first  set  of  computations  were  carried  out 
using  the  Dunn  and  Kang  air  model  and  on  a  mesh 
consisting  of  120  radial  and  40  tangential  grid 
points.  RN1AX  was  set  to  be  2.3.  Figure  (4.1) 
shows  the  history  of  convergence  which  is  very 
similar  to  test  cases  II  and  III.  The  drag 
coefficients  given  by  the  equation  (12.3)  is  also 
shown  in  figure  (4.1).  It  can  be  seen  that  initially, 
up  to  about  1000  time-iterations,  the  drag  is  the 
same  as  the  perfect  gas  case  but  as  the  real  gas 
chemistry  starts  to  show  its  effect,  the  curve 
asymptotes  to  a  higher  Cd  value.  This  is  not  only 
due  to  the  face  that  the  stagnation  pressure  is 
different  from  that  in  the  perfect  gas  case  but  also 
that  in  the  real  gas  case  the  pressure  variation 
around  the  body  is  different  from  that  predicted  for 
a  perfect  gas  using  the  hypersonic.  Newtonian 
theory.  This  difference  in  pressure  distribution  is 
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the  major  reason  why  the  pitching  moment  on  a 
blunt  body  is  so  much  different  from  the  perfect 
gas  calculations. 

Figures  (4.2)  to  (4.4)  show  the  partial  densities  of 
different  species  in  the  flow  field.  They  all 
indicate  that  the  shock  stand-off  distance  is  about 
1.26.  The  maximum  density  is  about  1 1.56  which 
suggests  that  there  is  significant  dissociation 
occurring  in  the  flow  field.  The  contour  maps  of 
0:,  in  figure  (4.3),  indicate  that  almost  all  of  the 
oxygen  molecules  have  been  dissociated  behind  the 
bow  shock  wave.  Figure  (4.4),  which  is  the 
contour  map  of  NO,  indicates  that  the  maximum 
NO  production  occurs  just  behind  the  shock  wave. 
Temperature  contours  in  figure  (4.5)  show  the 
reaction  front  very  clearly  and  how  the  temperature 
is  reduced  behind  the  shock  wave  due  to  the 
endothermic  chemical  reactions. 

In  figure  (4.6),  the  temperature  distributin'1  along 
the  stagnation  line  and  around  the  body,  obtained 
by  the  present  method  using  the  Dunn  and  Kang  air 
model  and  by  Desideri  who  used  Park’s  air  model. 
Although  it  is  difficult  to  read  the  data  from  the 
Desideri’s  figures,  the  following  comparisons  can 
be  made. 

The  present  computational  results  produce  a  shock 
stand-off  distance  which  is  about  3.5%  larger  than 
Desideri’s  value  of  1.22.  The  peak  temperature, 
just  behind  the  shock  wave,  is  about  8200  K  which 
is  roughly  1.5%  smaller  than  the  Desideri’s  (8310 
K).  The  stagnation  temperature  was  computed  here 
to  be  5950  K  while  Desideri’s  results  indicate  a 
value  close  to  6450  K  (about  8%  larger). 
However,  the  main  discrepancy  arises  further 
downstream  where  the  flow  is  expanded  and 
cooled,  eg  at  6  =  irl2  on  the  body  the  temperature 
has  been  predicted  to  be  3050  K  while  Desideri’s 
results  suggests  a  temperature  of  about  3700  K,  a 
difference  of  21%.  Initially,  it  was  thought  that 
this  was  due  to  using  a  different  chemical  model, 
but  similar  results  were  obtained  when  using  Park’s 
air  model.  The  real  explanation  is  actually 
suggested  by  Desideri  who  computed  the  flow- 
using  three  different  schemes,  based  on  the  van 
Leer  M.U.S.C.L.  approach,  namely 

(a)  the  first-order  scheme, 

(b)  the  quasi-second-order  method  with  slope- 
limiters,  and 


(c)  the  quasi-second-order  method  based  on 
the  upwind  triangle  and  TVD-averaging. 

Obviously,  scheme  (b)  is  very  similar  if  not 
identical  to  the  present  results.  Desideri  concludes 
that  the  "quasi-second-order  method  with  slope 
limiters  is  more  robust  than  the  quasi-second-order 
method  based  on  the  upwind  triangle,  but  the  latter 
is  more  accurate".  This  shows  the  effect  of  using 
a  symmetric  rather  than  an  upwind  TVD  scheme 
for  computations  of  very  high  Mach  number 
hypersonic  flows.  However,  the  reader  should  not 
conclude  that  the  present  code  is  only  first-order 
accurate,  as  the  resolution  of  the  shock  wave 
indicates  that  the  system  is  not  diffusive  like  a 
typical  first-order  scheme. 

It  should  also  be  noted  that  Desideri  has  u.>ed 
Park’s  model  I  (1985)  for  his  computation  which  is 
a  single-temperature  model  similar  to  Dunn  and 
Kang’s  air  model.  According  to  the  altitude- 
velocity  map  given  by  Park  |2I)  this  may  not  be 
justified  as  me  dominant  thermochemical 
phenomena  occur  in  the  region  where  a  two- 
temperature  model  may  be  more  applicable. 

15.5  Frinee  Pattern  Comparisons 

The  results  of  the  present  calculations  are 
compared  w  ith  the  experimental  interierograms  in 
figures  (5.1)  and  (5.2).  In  figure  (5.1),  the  results 
are  presented  for  the  supersonic  flow  of  hot  air, 
test  case  V.  The  calculated  stand-off  distance 
(=1.0)  and  the  shock  shape  is  in  good  agreement 
with  the  experiment  but  the  fringe  pattern  is 
slightly  different  from  the  experimental  pattern. 
The  computational  results  suggest  a  sharp  rise  in 
density  behind  the  shock  wave  and  very  gradual 
increase,  shown  by  the  2nd  fringe,  towards  the 
surface,  hut  the  experimental  results  indicate  a 
much  slower  rise  through  the  shock  wave  and  more 
gradual  increase  towards  the  body.  The 
disagreement  between  the  computation  and 
experiment  is  presently  not  explained.  Possible 
causes  of  discrepancies  are  uncertainties  in  the 
experimental  results  or  the  limitations  of  inviscid 
flow  or  the  one-temperature  model  used  in  the 
computation. 

The  second  interferogram  pictures  are  obtained  by 
Hornung  |20]  tor  partially  dissociated  nitrogen 
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flow  in  a  shock  tunnel,  given  as  test  case  VI. 
Viscous  computations  have  been  carried  out  tor 
this  flow  by  Candler  [23],  as  well  as  more  recently 
by  Park  et  al  [101.  Both  authors  have  used  both 
one-temperaure  and  multi-temperature  non¬ 
equilibrium  model.  Althougn  Park  has  made  a 
detailed  study  and  comparisons  of  his  results  with 
Candler,  their  free  stream  conditions  are  not 
identical  as  Park  has  used  a  free  stream  density  of 
5.35  x  10°  kg/m3  which  would  give  the  same  free 
stre.m  pressure  (given  in  table  (10))  if  no 
dissociation  was  present  in  the  free  stream.  This 
might  explain  the  disagreement  between  their 
calculations  using  the  one-temperature  model. 

The  present  calculation  of  fringes  for  this  How 
using  one-temperature  model  is  shown  in  figure 
(5.2).  The  nitrogen  flow  is  calculated  using  the  5- 
species  air  model  by  setting  the  mass  fractions  of 
0;.  O  and  NO  to  be  10'.  As  seen  in  the  figure, 
the  calculation  reproduces  both  the  shock  stand-off 
distance  (0.25)  and  shock  shape.  It  is  also 
interesting  to  note  that  near  the  body  the  present 
inviscid  computation  appears  to  be  closer  n>  the 
experimental  fringe  pattern  than  the  viscous 
computation.  In  pi  act  ice.  ihe  uotindars  laser  is 
extremely  thin  and  two  pos;  ihilities  are  that  the 
viscous  computations  over  e-  irnate  the  boundary 
layer  and  that  the  expoiuental  resolution  is 
insufficient  to  detect  it. 

16.  Conclusion 

The  nigh  speed  chemical  non-equilibrium 
calculations  were  performed  using  the  computer 
codes  CYL02  and  CYLAIR.  The  computations 
were  made  using  a  VP- 1100  computer.  The 
present  computational  results  suggest  that  the  (low 
solutions  were  not  very  sensitive  to  the  choice  of  a 
chemical  model.  However,  Dunn  and  Kang's 
model  is  preferred,  because  it  was  the  easiest  to 
program  and  the  cheapest  to  run. 

Ihe  computational  results  show  that  the  present 
TVD  scheme  is  satisfactory  for  simulation  of  low 
hypersonic  flows  with  real  gas  effects,  but  there  is 
an  uncertainty  of  about  8%  in  the  stagnation 
temperature  for  free  stream  Mach  numbers  of  the 
order  of  20  when  compared  with  previous 


Two  further  non-equilibrium  cases  were  compared 
with  experimental  interferograms.  good  agreement 
with  shock  shapes  and  general  fringe  patterns  vxere 
obtained  for  the  low  hypersonic,  partially 
dissociated  flow  of  nitrogen.  Although,  the  shock 
stand-off  distance  and  shock  shape  are  given  in 
good  agreement  with  the  experimental  results  for 
supersonic  flow  of  hot  air  in  a  shock-tube,  there 
are  some  differences  in  the  fringe  pattern  that  are 
unexplained  at  this  stage.  The  present  study  has 
demonstrated  the  valuable  information  that  CFD 
codes  can  provide  when  co-ordinated  with  suitable 
experimental  work. 
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No 

References 

n,A 

E„/k 

.: 

Ef.;/k 

m 

Dunn  &  Kang  [2] 

9. Ox  1019 

-1.0 

59500 

3.24xl019 

-1.0 

59500 

2 

Wray 

(31 

6.40x10-’ 

-2.0 

59960 

1 .9xl0-‘ 

-1.5 

59960 

3 

Gardiner 

[41 

4.56xl019 

-1.0 

59400 

1.64xl0'9 

-1.0 

59400 

EB 

Park  I 

[51 

8.25xl019 

-1.0 

59500 

2.75xl019 

-1.0 

59500 

5 

Park  II 

[61 

2.9x10-’ 

-2.0 

59750 

9.68x10- 

-2.0 

59750 

6 

Park  III 

[71 

1 .0x10- 

-1.5 

59500 

2.0xl0:i 

-1.5 

59500 

Table  (1):  Comparison  of  Reaction  Rates  tor  CX  Given  by  Different  Authors 


Reaction 

Cf.r 

0:  +  0  —*20  +  0 

9.00x1  O'9 

0:  +  0;  — *  20  +  0; 

3.24xl0:) 

E,r/k 

*Kc 

Hi 

E„,/k 

5.950x  10J 

7.5x10" 

-0.5 

0.0 

5.950.x  10J 

2.7x10" 

-0.5 

0.0 

Table  (2):  The  Kinetic  Morlel  of  Dunn  and  Kane. 


No 

Model  No 

Bjr 

B;' 

b; 

b; 

tv 

D 

Model  I 

1.335 

-4.127 

-0.616 

0.093 

-0.005 

n 

Model  II 

2.855 

0.988 

-6.181 

-0.023 

-0.001 

!  2 

*  Model  III 

2.460 

0.55388 

1.7763 

-6.572 

0.031445 

Table  (3):  Different  Curve  Fits  for  the  Equilibrium  Constant  for  Oxygen 

Dissociation  According  to  Park 
*  For  n,=  1  O' 7;  see  table  (4)  below. 
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No 

Number 
Density  n 

B,r 

B;r 

b3' 

B/ 

B/ 

m 

101J 

1 .9607 

1.8103 

3.5716 

-7.3623 

0.083861 

2 

10'5 

2.3160 

0.91354 

2.2885 

-6.7969 

0.046338 

3 

1016 

2.4253 

0.64183 

1 .9026 

-6.6277 

0.035151 

n 

IQ17 

2.4600 

0.55388 

1 .7763 

-6.5720 

0.031445 

5 

10" 

2.4715 

0.52455 

1 .7342 

-6.5534 

0.030209 

6 

I0‘g 

2.4773 

0.50989 

1.7132 

-6.5441 

0.029591 

Table  (4):  The  Coefficients  B,r  in  the  Expression  for  Equilibrium  Constant  k,  according  to  Park 

(Model  III)  for  Oxygen  Dissociation. 


X  =  4800  A 

X  =  5890  A 

X  -  5000  A 

Willi 

Species 

km/ka 

KA/(cm7gr) 

KM/(cm-/gr) 

KM/(cmVgr) 

KM/(cm’/gr) 

KM/(cm’/gr) 

Oxygen 

1.06 

0.18 

0.191 

0.190 

- 

- 

Nitrogen 

0.79 

0.31 

0.245 

0.238 

- 

- 

Air 

- 

- 

0.2281 

0.2262 

0.2276 

0.2293 

Table  (8):  Gladstone-Dale  Constants  for  Different  Species  for  Different  Wave  Length  X. 
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Appendix  A:  Chemical  Reactions  and  Rate  Coefficients  given  by  Dunn  and  Kang: 


No 

Reaction 

Forward  Rate  Coefficient,  Kf 
cm3  mole'1  sec-1 

Backward  Rate 
Coefficient,  Kb 
cm3  mole-1  sec'1  1*1 
or 

cm6  mole-2  sec-1 

Third 
Body,  M 

1 

N2  +  N2  2N  +  N2 

4.700x10,7T-0-5  exp(-1.13xl05/T) 

2.72xl0*6  T"°-5 

- 

2 

N2  +  M  <-»  2N  +  M 

1 .900x10* 7  T'0-5  exp(-1.13xl()4/T) 

3 

N2  +  Ne-^N  +  N  +  N 

4.085x1022T-*-5  exp(-1.13xl05/T) 

2.27xl02* 

- 

U 

O2  +  N2  <-»  20  +  N2 

7.200xl018T-lO  exp(-5.95xl04/T) 

6-OOxlO15  T°-5 

- 

5 

O2  +  O2  <->  20  +  O2 

3.240xl0*9T-*-°  exp(-5.95xl()4/T) 

2.70x10i6T-0-5 

- 

6 

O2  +  O  20  +  0 

9-OOOxlO19  T-10  exp(-5.95xl()4/r) 

7.50x1016T-°-5 

- 

7 

O2  +  M  <-4  20  +  M 

3.600xl058  T-]  0  exp(-5.95xl04/T) 

3.00x10* 5  T-0-5 

NO,  N 

8 

NO  +  MhN  +  0  +  M 

3.900x1020T-15  exp(-7.55xl04/T) 

l.OOxlO20  T'0-5 

N2,  O2 

9 

NO  +  M^N+O  +  M 

7.800xl02()T-l-5  exp(-7.55xl04/T) 

2.00x1020  T-*  5 

NO,  N,  O 

10 

N2  +  O  4-»  N  +  NO 

7.000xl013  exp(-3.80xl04/T) 

1.56x10*3  1*1 

- 

11 

NO  +  O  N  +  O2 

3.200xl09T>°  exp(~1.97xl04/T) 

1.30x10*°  T*  ° 
exp(-3.6xl03/T)  [*] 

“ 

Appendix  B:  Chemical  Reactions  and  Rate  Coefficients  given  by  Wray: 


No 

Reaction 

Foward  Rate  Coefficient,  Kf 
cm3  mole-*  sec  * 

Catalyst,  M 

■ 

N2  +  M  <->  2N  +  M 

4. 20x  1 0  * 2  T°-5  ( 1 . 1 33  x  I  OVD  exp(-  1.133x1 05/T) 

n2 

1 ,70x  1 0* 2  T°-5  ( 1 . 1 33x  105/T)  exp(- 1 . 1 33x  105/T) 

Ar,  O,  O2,  NO 

3.20x  10* 2  T«  5  ( 1 . 1 33x  lOS/T')2  exp(- 1 . 1 33x  105/T) 

N 

2 

O2  +  M  <->  20  +  M 

5.00x10* 1  T«-5  (5.942xl04/T)*-5  exp(-5.942xl()4/T) 

n2 

2.25xlO'2  TO .5  (5.942x1  (H/T)*-5  exp(-5.942xl04/T) 

02 

2.50x10"  T°-5  (5.942xl04/T)*-5  exp(-5.942xl04/T) 

6.25xl0*2  T9-5  (5.942xl04/T)*  5  exp(-5.942xl04/T) 

0 

3 

NO  +  M<->N+0  +  M 

7.00x10*°  T°-5  (7.553x1 04/^)2  exp(-7.553xl04/T) 

Ar,  02,  N2 

1.40xl0'2  T°-5  (7.553x104/T)2  exp(-7.553xl()4/T) 

BBaacaai 

4  1 

N2  +  O  <-4  NO  +  N 

• 

5 

NO  +  O  «-*  02  +  N 

3.20xl09  T  exp(-1.969xl()4/T) 

* 

N2  +  02  2N0 

9.  lOxlO24  T‘2-5  exp(-6.471xl04/T) 

- 

mm 

N  +  O  <->  NO+  +  e 

6.4x1 09  T°  5  exp(-3.187xl04/RT) 

- 
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Appendix  C:  Chemical  Reactions  and  Rate  Coefficients  given  by  Park: 


No 

Reaction 

Forward  Rate  Coefficient,  Kf 
cm3  mole*1  sec*1 

Catalyst,  M 

1 

N2  +  M  2N  +  M 

3.70xl021  T*1-6  exp(1.132xlOVr) 

n2,o2,  NO 

1.1  lxlO22  T'1-**  exp(1.132xl05/T) 

N,  O 

2 

C>2  +  M  20  +  M 

2.75xl019T*10  expfS^xl^/T) 

N2,02 

8.25xl019T*10  expfS^SxlOVT) 

N,  O 

3 

NO  +  M<->N  +  0  +  M 

2.30xl017  T'0-5  exp(7.55xl04/T) 

n2,  o2,  NO 

4.60x1 017  T*®-5  exp(7.55xl04/T) 

N,  O 

4 

O  +  N2  <-»  N  +  NO 

3.18xl013  T^1  exp(3.77xl04/T) 

- 

5 

NO  +  O  N  +  02 

2.16x10s  T1-29  exp(1.92xlOVT) 

- 

No 

Reaction 

Equilibrium  Constant  Coefficient ,  A(i  j) 

i=l 

i=2 

i=3 

_ Iff _ 

i=5 

1 

N2  +  M  2N  +  M 

3.898 

-12.611 

0.683 

yy 

0.006 

2 

O2  +  M  20  +  M 

1.335 

0.093 

3 

NO  +  M0N  +  O  +  M 

1.549 

-7.784 

0.228 

-0.043 

0.002 

4 

0  +  N2  «-»  N  +  NO 

2.349 

jjjgjl 

0.455 

0.004 

5 

NO  +  OhN  +  02 

0.215 

-3.657 

0.843 

mam 

0.007 

Fig.  1 


Fig.  1.2 


.1  :  Shock-tube  facility  at  Goldstein  Laboratory. 


:  Attainable  Temperatures  in  a  He-Air  Shock-tube. 
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f  ig.  1.3  :  Variation  of  Species  Mole  Fractions  with  Shock  Mach  Number 
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X  SUMMARY 

A  them '’dynamic  model  of  air  in  chemical  equilibrium  is 
described.  The  model  includes  13  chemical  components, 
namely  N,  O,  At,  e",  NO,  N2,  02,  N* ,  O*,  Ar* ,  NO*, 
Nj  ,  O*,  and  is  treated  as  a  mixture  of  perfect  gases. 

The  constant  pressure  specific  heats  of  the  components 
constitute  the  basic  information  to  be  provided  and  they 
are  assumed  to  be  specified  in  the  form  of  interpolating 
polynomials  valid  in  assigned  subranges  of  a  given  tem¬ 
perature  range;  the  polynomial  expressions  have  been 
structured  to  preserve  generality  and  flexibility  with  re¬ 
spect  to  temperature  range  subdivisions  and  polynomial 
coefficient  data  published  by  various  sources. 

The  set  of  the  chemical  reactions  includes  47  reactions, 
of  which  only  9  are  independent.  The  equilibrium  com¬ 
position  is  solved,  in  terms  either  of  mass  fractions  or 
molar  fractions,  according  to  the  method  of  the  equilib¬ 
rium  constants  and  numerically  computed  by  am  iterative 
scheme  which  proves  fast  and  accurate. 

A  FORTRAN  program  has  been  written  to  perform  the 
numerical  calculations  of  the  thermodynamic  properties 
and  of  the  equilibrium  composition. 

Temperature  range  subdivisions  and  polynomial  coeffi¬ 
cient  data  can  be  implemented  at  will.  Presently,  the 
program  includes  data  from  3  US  sources  and  1  Soviet 
source.  Discrepancies  in  the  constant  pressure  specific 
heats  of  the  components  deriving  from  the  choice  of  dif¬ 
ferent  data  sources  are  put  in  evidence. 

The  process  to  validate  the  program  is  described  and 
validation  evidence  is  given  in  the  relevant  diagrams. 

2  CONVENTIONS 

The  following  summation  convention  is  adopted: 

.  the  presence  of  two  or  more  latin  subscripts  implies 
summation 

T~(c,d,  e.)  = 

»i 

^•(cjdi  +  ei)  +  ^-(cada  +  ej)  +  •  •  - 

.  the  presence  of  one  latin  subscript  or  any  number  of 
greek  subscripts  implies  no  summation 

a«6i,(c„  +  dj)  “ 

ot&s(ca  +  d2)  or  <nbi(ct  +  dj)  or 


The  summation  symbol  is  explicitly  indicated  when  it  is 
not  possible  to  use  the  above  convention. 

Superscripts  never  imply  summation  but  label  the  sym¬ 
bols  for  identification  purposes. 


3  LIST  OF  SYMBOLS 

3.1  Remarks 

The  mixture  enthalpy,  entropy,  internal  energy, 
Helmholtz  potential,  Gibbs  potential,  specific  heats  are 
intended  per  unit  total  mass  of  the  mixture. 

The  component  enthalpy,  formation  enthalpy,  entropy 
and  its  T-dependent  part,  chemical  potential  and  its  T- 
dependent  part,  constant  pressure  specific  heat  are  in¬ 
tended  per  unit  mass  of  that  component. 

Running  subscripts  start  from  1;  the  second  column  in 
their  list  indicates  the  upper  values  they  can  reach. 

3.2  Symbols  without  running  subscripts 

at,e  equilibrium  Laplace  characteristic  velocity 

Or.,/  frozen  Laplace  characteristic  velocity 

as,c  equilibrium  Newton  characteristic  velocity 

a kj  frozen  Newton  characteristic  velocity 

Cp,t  equilibrium  constant  pressure  specific  heat 

cr,j  frozen  constant  pressure  specific  heat 

C,r,c  equilibrium  constant  volume  specific  heat 

cv,t  frozen  constant  volume  specific  heat 

/  mixture  Helmholtz  potential 

g  mixture  Gibbs  potential 

h  mixture  enthalpy 

h'  reference  level  of  h 

h"  calculable  part  of  h 

Ad  mixture  average  molar  mass 

m,  total  mass 

N,  total  mole  number 

nna>  number  of  A  coefficients 

p  pressure 

Po  reference  pressure 

Ra  universal  gas  constant,  8.31441  J/moU°K 

s  mixture  entropy 

T  temperature 

T0,T'„  reference  temperatures 

u  mixture  internal  energy 

v  specific  v. 'ume 

7e  equilibrium  specific  heat  ratio 

7/  frozen  specific  heat  ratio 

^ma*  number  of  temperature  subranges 

d  dummy  integration  variable 

v  stoichiometric  coefficient  matrix 

v*  stoichiometric  coefficient  matrix  (indep.  reac. 

<r  formation  matrix 

r  dummy  integration  variable 


3.3  Symbols  with  running  subscripts 

A,  B  polynomial  coefficients 

A  chemical  affinity 

cp,  component  constant  pressure  specific  heat 

h  component  enthalpy 

(Ah) formation  enthalpy  at  T* 


The  product  of  v  and  a  gives  identically  the  null  matrix 


(AA)To  r/ 

H‘ 

K” 

K 1 

Ka 

M 

Ma 

Na 

P 

R 


T 


x 

a 

a“ 

A 


ft 

M* 


v 

Av 

v* 


c,e 


a 


augmented  formation  enthalpy  at  To,  T> 

stable  element  molar  enthalpy 

equilibrium  ct  ustant,  partial  pressures 

equilibrium  constant,  molar  fractions 

equilibrium  constant,  mass  fractions 

component  molar  mass 

atomic  species  molar  mass 

atomic  species  mole  number 

partial  pressure 

component  gas  constant 

component  entropy 

T-dependent  part  of  s 

subrange  low-bounding  temperature 

component  molar  fraction 

component  mass  fraction 

atomic  species  mass  fraction 

stable  element  stoichiometric  coefficient 

chemical  potential 

T-dependent  part  of  p 

stoichiometric  coefficient 

mole  number  variation  across  a  reaction 

stoichiometric  coefficient,  indep.  reac. 

equilibrium  derivatives 

formation  coefficient 


3.4  Running  subscripts 


Vri  0,1  =  0 


(1) 


The  conditions  (1)  with  j  =  1,2,3  ensure  the  mass  con¬ 
servation  across  the  generic  reaction;  with  }  —  i  they 
ensure  the  conservation  of  the  electric  charge. 


5  FUNDAMENTAL  RELATION 
The  thermodynamic  description  [2,  3]  is  accomplished 
in  terms  of  the  fundamental  relation  h(s,p,a i,...,aru) 
which,  for  the  case  of  a  mixture  of  perfect  gases,  assumes 
the  parametric  form 

h  =  anhi  (2) 

s  =  a,3i  (3) 


with 


ht  =  ht(To)  +[  cPl,(T)dr 
Jt •„ 

[T\ 

LrCrC 


Sc  =  St(To,Po)  + 


(r)cfr  —  Rt  In  — 
Po 


—  Rc  In 


Mac 

Me 


(5) 


i,v 

4 

atomic  species 

l,  k,  t 

13 

components 

r,P 

47 

chemical  reactions 

1 

9 

independent  chemical  reactions 

n 

Umax 

polynomial  coefficients 

e 

&max 

temperature  subranges 

4  STOICHIOMETRY 

The  air  model  includes  the  13  components  listed  at  the 
beginning  of  sec.  1.  Consistently,  there  are  4  atomic 
species  to  be  taken  in  account  and  they  are  listed  in 
table  1.  The  formation  matrix  a  (13  x  4)  corresponding 
to  that  combination  of  atomic  species  and  components 
is  shown,  between  the  double  lines,  in  table  2. 

The  set  of  the  chemical  reactions  is  shown  in  table  3 
and  was  generated  by  processing  a  according  to  the 
method  exposed  in  [1).  It  corresponds  to  the  cri- 
terium  of  excluding  the  reactions  involving  more  than 
2  bodies,  exception  made  for  the  3-body  reactions 
which  describe  the  ionization  of  the  neutral  components 
(reac.  4,5,6,12,28,34)  and  the  dissociation  of  the  diatomic 
components  (reac.  1,2,3,41,42,46,47).  If  this  criterium  is 
relaxed  and  any  3-body  reaction  is  admitted  to  have  non 
negligible  probability  of  occurrence  then  the  number  of 
the  chemical  reactions  jumps  to  the  order  of  100.  How¬ 
ever,  this  argument  acquires  importance  when  dealing 
with  nonequilibrium  circumstances  and  becomes  irrele¬ 
vant  in  a  chemical  equilibrium  context,  where  it  suffices 
to  know  only  the  independent  chemical  reactions.  In  the 
present  case,  there  are  13  —  4  =  9  independent  chemical 
reactions  and  the  mark  *  in  table  3  indicates  those  which 
are  conferred  such  a  role.  The  symbol  X  stands  for  any 
possible  catalyst. 

The  stoichiometric  coefficient  matrix  v  (47  \  13)  corre¬ 
sponding  to  the  set  of  the  chemical  reactions  is  shown  in 
table  4.  The  rows  relative  to  the  independent  chemical 
reactions  are  extracted  to  compose  the  matrix  v*  (9x13), 
shown  in  table  5. 


The  average  molar  mass  of  the  mixture  is  defined  in 
terms  of  the  a*  as 


The  last  term  in  the  right  hand  side  of  (5)  represents  the 
part  ot  st  due  to  mixing;  the  argument  of  the  logarithm 
coincides  with  zt ,  i.e. 


Mac 


The  functions  cp,«(T)  are  supposed  to  be  assigned. 

The  terms  h,(T0)  cannot  be  calculated1;  they  must, 
therefore,  be  adapted  to  allow  appearance  of  the  for¬ 
mation  enthalpies. 

The  terms  j<(T>,Po)  are  not  affected  by  any  indetermi¬ 
nateness  and  are  available  in  tabulated  form. 

5.1  Constant  pressure  specific  heats  of  the  com¬ 
ponents 

Various  publications  [4,  5,  6,  7,  8,  9,  10,  11,  12,  13]  are 
available  in  the  literature  which  provide  interpolating 
polynomials  for  the  cPl,  in  assigned  subranges  of  a  given 
temperature  range  relatively  to  air  components.  Some 
references  among  those  cited  do  not  consider  all  the  com¬ 
ponents  included  in  the  model;  therefore,  when  these 
references  are  chosen  as  data  source,  some  of  the  com¬ 
ponents  listed  in  table  2  must  be  excluded.  Accordingly, 
the  corresponding  reactions  must  be  excluded  from  the 
set  in  table  3.  The  polynomials  are  obtained  by  curve 

1  This  statement  is  the  standard  declaration  encountered  in  the 
literature.  It  is  the  authors’  opinion  that  it  may  require  a  careful 
rethinking  However,  we  conform  to  the  standard  view  here  and 
refrain  to  go  deeply  into  the  matter  because  a  discussion  about 
this  argument  is  irrelevant  in  the  context  of  the  present  paper  for 
the  reasons  explained  in  what  follows 
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fitting  data  listed  in  tables  of  thermodynamic  properties 
of  individual  substances  [4,  5,  14,  15,  16]. 

A  general  expression  for  the  interpolating  polynomial  of 
cPl(  consistent  with  T  falling  in  the  9-th  subrange,  i.e. 
T  6  [7s,7s+i],  can  be  assumed  as 

<>.«  =  AtneJ  -1  +  (6) 

All  the  expressions  proposed  in  the  cited  references  are 
embedded  in  the  form  (6).  The  summation  on  n  runs 
from  1  up  to  a  maximum  nmaz  which  varies  according 
to  the  author  who  operates  the  curve  fitting.  Readers  are 
referred  to  [4,  5,  6,  7,  8,  9,  10,  11,  12,  13]  for  informa¬ 
tion  concerning  list  of  components,  temperature  range, 
subrange  allocation,  A,B  coefficients3  and  nma, . 

With  (6)  in  hand,  integrals  involving  the  cPi,  can  be  per¬ 
formed  analytically  and  readily  evaluated. 

5.2  Formation  enthalpies 

There  is  an  arbitrariness  in  the  choice  of  the  reference 
elements  from  which  a  given  component  is  intended  to  be 
formed;  for  example,  NO  can  be  thought  formed  either 
from  the  atomic  species 


side;  the  reason  for  that  will  appear  evident  in  sec.  5.3.2. 
The  inconvenience  is  avoided  by  introducing  a  second 
arbitrary  reference  temperature  Ti  and  rearranging  (7) 
to  read 

i.(T.)-(/u.)£  +  1  K;cr.)  -  Kimi] 

+  jgpcro  (*) 

Differences  like  those  in  square  brackets  can  be  read  from 
the  tables  and,  therefore,  the  sum  of  the  first  two  terms 
in  the  right  hand  side  of  (8)  can  be  calculated  without 
problems.  Defining,  for  short,  an  augmented  formation 
enthalpy  as 

Ww;  « 

the  (8)  can  be  written  m  tne  final  form 

MTo)  =  (iMw;  +  (9) 

5.3  Adaptation  of  the  expression  for  A 
The  substitution  of  (9)  into  (4)  and  of  the  resulting  ex¬ 
pression  into  (2)  leads  to  the  following 


W+O-  NO 

or  from  the  stable  elements  associated  to  the  atomic 
speces 


A  ~ 


+ 


(Ah,) 


■/.«  ,[T 

r.,r;  +/  cp 

J  To 


,{r)dr 


(10) 


~/V3  +  io3  -  NO 

Generally,  preference  is  assigned  to  the  stable  elements 
and,  therefore,  the  corresponding  formation  enthalpies 
are  used  in  numerical  calculations3. 

If  the  components  are  meant  formed  from  the  stab'  •  ele¬ 
ments  then  the  corresponding  formation  enthalpies  come 
in  play  via  the  following  expressions 

h.(T9)  =  (Ah,)';  +  (7) 

The  stoichiometric  coefficients  X,  for  the  stable  elements 
associated  to  the  atomic  species  of  the  model  are  shown 
i".  table  1. 

Values  of  Af,  (AA,)',e  for  various  substances  can  be 
found  either  tabulated  [4,  16]  or  specified  (5,  6,  7,  8,  9, 
10,  13,  14,  15]  at  a  given  temperature,  usually  0  °h’  or 
298.15°A'. 

The  terms  WJ(To)  follow  the  same  fate  of  the  terms 
A, (To),  i  e.  they  cannot  be  calculated  (see  footnote  1). 

In  (7)  it  is  not  convenient  to  have  the  WJ  evaluated  at 
the  same  temperature  which  appears  in  the  left  hand 

3The  polynomial  coefficient*  given  in  the  cited  reference* 
might  require  *ome  minor  adaptation  and  conversion  of  unit*  be¬ 
fore  being  u*ed  in  (6)  In  (5),  interpolating  expre*aion*  are  given 

■*  ''  uv—  ----*tv  •VT!  in  the 


In  (10)  use  has  been  made  of  the  definition 


There  are  two  main  issues  to  discuss  concerning  re  pec- 
tively  the  contributions  h'  and  h"  in  (10).  The  .ormer 
relates  to  the  reference  level  of  A;  the  latter  to  thi  choice 
of  T.. 

5.5.1  Enthalpy  reference  level 

Whatever  Tf,  may  be,  the  terms  H‘(TP)  cannot  be  calcu¬ 
lated  and,  consequently,  the  same  applies  to  A';  instead, 
the  calculation  of  h"  —  h  —  A'  does  not  present  any  re¬ 
striction  whatsoever.  The  lack  of  information  about  A' 
becomes  irrelevant  in  the  following  circumstances. 

1.  in  conditions  of  chemical  equilibrium, 

2.  in  conditions  of  chemical  nonequilibrium  when  ef¬ 
fects  of  mass  diffusion  are  absent  or,  better,  negligi¬ 
ble. 

In  fact,  under  those  circumstances  the  o°  remain  con¬ 
stant  and,  therefore,  such  is  also  A',  though  it  is  un¬ 
known;  consequently,  the  variations  of  A  and  A"  coincide 
and  the  term  A'  can  be  assumed  to  play  the  role  of  ref¬ 
erence  level. 

When  the  conditions  of  chemical  nonequilibrium  with 
non  negligible  effects  of  mass  diffusion  prevail,  the  o* 
vary  and  A'  is  not  constant  anymore  The  (10)  is  st’ll 
valid  but  loses  the  capability  to  aw-v*  (fie  variations  of  A. 
The  implications  deriving  >m  the  pr<  vrnce  of  a  variable 


5.S.2  Choice  of  To 

The  reference  temperature  To  appears  only  in  the  quan¬ 
tity  between  square  brackets  in  (10);  this  fact  implies 
the  invariance  of  that  quantity  with  respect  to  Tt  and 
explains  the  reason  of  the  adaptation  of  (7)  to  (9). 
Given  the  arbitrariness  of  T«  and  consistently  with  the 
viewpoint4  that  interpolating  polynomials  for  the  cp,«  are 
assigned  over  the  temperature  subranges,  when  T  falls 
in  the  0-th  subrange  it  is  possible  to  set  T0  =  7i  so  that 
(10)  b  ?comrs 


5,4  Adaptation  of  the  expression  for  s 

In  line  with  the  choice  made  in  sec.  5.3.2,  when  T  falls 

in  the  0-th  subrange  (5)  becomes 


s. 


— cp,,(r)dr  —  R,  in  — 
r  po 


-R.1  n 


Mat 

M, 


(15) 


The  substitution  of  (15)  into  (3)  yields 


h  = 


+  o.  (AM 


(Ahi)Tt,T^  +J  Cp,i(r)dr| 


(11) 


In  (11)  the  invariance  of  the  quantity  between  square 
brackets  with  respect  to  Te  implies”the  independence  of 
the  same  quantity  from  the  particular  subrange  alloca¬ 
tion  in  use,  i.e.  from  the  chosen  data  source. 


5.3.S  Operative  expression  of  h 

Keeping  in  mind  the  discussion  of  sec.  5.3.1  and  adhering 
to  the  choice  made  in  sec.  5.3.2,  the  contribution 


h"  =  o, 


(12) 


from  (11)  is  taken  as  the  operative  expression  of  h  used 
to  perform  the  numerical  calculations  for  the  model.  It 
applies  when  T  belongs  to  the  0-th  subrange  and  returns 
values  of  the  mixture  enthalpy  with  respect  to  the  refer¬ 
ence  level 


(13) 


The  reference  temperature  T,  can  still  be  arbitrarily  cho- 


When  tabulated  values  of  M«(AAt)^"  are  available,  the 
augmented  formation  enthalpies  in  (12)  are  evaluated 
from  their  definition 

=  (**«>£  +  l«;w  -  nm} 


When  the  M,  (AA«),'e  are  specified  only  at  a  given  tem¬ 
perature  Ti  one  has  to  calculate  first 


(AM 


/.« 

Tt,Ti 


=  (am£  + 


[w;(7',)-**(t:)] 


and  then 

(am't;,t,  =  (aMt",t;  +  IM*>  -  Mr. )]  (u) 

The  difference  between  square  brackets  in  the  right  hand 
side  of  (14)  must  be  read  from  the  tables. 


4The  approprieteneu  of  the  choice  of  T,  made  here  loeee  its 
validity,  when  interpolating  polynomial*  are  u*ed  directly  for  the 
integral*  appearing  in  (10).  Neverthete**,  the  concept  of  aug¬ 
mented  formation  enthalpy  (till  retain*  it*  u*efuln*H. 


The  (16). is  tha  operative  expression  of  s  used  to  perform 
the  numerical  calculations  for  the  model. 


In  (16)  the  mixing  part  is  separated  and  presented  in  a 
form  particularly  suitable  for  FORTRAN  coding5. 

Values  of  Mtst(Te,p0 )  can  be  read  from  the  tables. 
The  vast  majority  of  the  tables  [4,  14,  15, _JL6]  assumes 
p0  =  1.01325  ■  105fV/ma  but  there  are  also  instances  [5] 
which  assume  p„  =  105Af/m3. 


6  STATE  EQUATIONS 

The  temperature  appears  as  a  parameter  in  (4), (5).  The 
specific  volume  and  the  chemical  potentials  are  found 
from  the  standard  definitions  [2,  3]  and  read 
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"'MV.) 

M'\} 


+  (AMt,,t1 


Ts'{%,Pa) 
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v  Po 
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Mat 
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(17) 


In  (17)  use  has  been  made  of  (9);  it  applies  when  T 
belongs  to  the  0-th  subrange. 

The  p,  are  involved  mainly  in  the  calculation  of  the 
equilibrium  constants  and,  for  that  purpose,  they  are 
rephrased  in  the  form 


„  *<wn) 

M.Xi 
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(18) 


with 


P,(T)  —  (AMt>  ,t*  —  Tst(T»,po) 


,(#)« 


P*  =*  P 


Mat, 

M, 


The  indeteuninateness  carried  by  the  p<,  due  to  the  pres¬ 
ence  of  the  terms  disappears  when  the  linear 

6fn  fact,  the  argument  of  the  logarithm  tende  to  1  when  a, 
tend*  to  0  and  thi*  can  be  obtained  numerically  by  replacing  the 
argument  with  (M(at  +  10-&o)/Af,)“‘.  The  form  o.R,  ln(- -  •) 
muat  b<  avoided  becauae  It  cannot  b*  numerically  driven  to  the 
correct  limit.  ... - -  -  — .  , 
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combinations  of  the  chemical  affinities  are  performed; 
the  affinity  of  a  generic  reaction  is 

•'dr  “  fri  f i  / 1 1 


0.1  Assignment  of  T,  e 

In  this  case  the  equilibrium  composition  is  solved  directly 
in  terms  of  the  a*.  The  equilibrium  equations  relative  to 
the  9  independent  chemical  reactions,  marked  with  *  in 
table  3,  read 


which,  after  substitution  of  (18),  becomes 

M,°(T)  +  RiTln  £-1 
PoJ 


,  «?(!?) 

•4r  —  Vrt&tj - 7 - h^riA/i 


The  contribution  containing  the  terms  W*(T«)  vanishes 
identically  because  of  the  conservation  conditions  (1)  and 
the  affinity  is  completely  determined  by  the  remaining 
contribution. 


at /as  =  K?(T,v) 

(22) 

alfar  =  K?(T,v) 

(23) 

a>a«/ai  =  Kf(T,v) 

(24) 

a# 04/03  =  K£(T,  v) 

(25) 

01004/03  =  Ke(T,v) 

(26) 

aiiOi/oj  =  K^X,v) 

(27) 

al/as  a,  =  /f“«(T) 

(28) 

01204/0*  =  A“g(T,v) 

(29) 

01304/07  =  K?t(T,v) 

(30) 

7  INTERNAL  ENERGY,  HELMHOLTZ  AND 
GIBBS  POTENTIALS 

The  mixture  internal  energy,  Helmholtz  potential  and 
Gibbs  potential  are  calculated  from  their  relations  of  def¬ 
inition  [2.  3] 


TBe  conservation  equations  relative  to  the  4  atomic^ 
species  read6 
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The  (19), (20), (21)  return  values  for  u,/,j  referred  to  the 
level  (13)  when  values  from  (12)  are  used  for  h. 

8  EQUILIBRIUM  CONSTANTS 
Equilibrium  constants  in  terms  of  partial  pressures,  mass 
fractions  and  molar  fractions  have  been  considered  for 
each  chemical  reaction.  They  are  found  respectively  from 

Kl{T)  =  pf"  exp 

k;(T,v)  =  Kp(T)  (£)*■''  n,  (£)"' 
K(T,P)=K>(T)(^j 


The  a“  must  be  considered  assigned. 

The  numerical  method  to  solve  the  non  linear  sys¬ 
tem  (22),. . .  ,(34)  U  based  on  the  following  idea:  the 
unknowns  ai, 03,03, as,..., an  are  eliminated  from 
(31),...  ,(34)  by  expressing  them  in  terms  of  the  privi¬ 
leged  03,04,00,07  from  the  equations  (22),. . .  ,(30);  af¬ 
ter  the  elimination,  the  resulting  equations  (31) . (34) 

are  iterated  until  convergence  to  yield  the  privileged  a<. 
The  remaining  a*  are,  then,  found  from  the  expressions 
used  to  eliminate  them  from  (31),. . .  ,(34). 

9.2  Assignment  of  T,p 

In  this  case  the  equilibrium  composition  is  solved  in 
terms  of  the  z,  which  are,  subsequently,  converted  to 
the  Oj.  The  equilibrium  equations  relative  to  the  9  in¬ 
dependent  chemical  reactions  read  formally  exactly  the 
same  as  (22),. . .  ,(30);  they  are  obtainable  simply  replac¬ 
ing  the  symbol  a  with  the  symbol  z  and  the  dependence 
(T,  v)  with  the  dependence  (T,p). 


with 


The  conservation  equations  relative  to  the  4  atomic 
species  read 


9  EQUILIBRIUM  COMPOSITION 
The  equilibrium' composition  is  solved  according  to  the 
method  of  the  equilibrium  constants  with  the  imposition 
of  the  atomic  species  conservation  (1]. 

Allowanc  is  made  for  the  two  situations  corresponding 
to  the  a*,  ignmenl  of  cither  T,  v  or  T,p. 


™  *!+*»+  2 tt  +  z$  •+  zn  +  2zjj 


(35) 


HL 

Nt 

n; 

•j m  *7  +  *s  +  2zt  +  z#  +  zn  +  2zis  (36) 
^  *  D  +*10 


(37) 

ffS  ' 

—  m  Z«  —  t,  —  tf  —  Zio  -  zn  -  na  -  zjs  (38) 


*Th«  equations  (St) . (34)  Imply  ths  condition  o.  »  l. 


An  additional  equation  is  required  to  close  the  system 
because  of  the  presence  of  A\,  which  is  another  unknown 
of  the  problem.  It  reads7 

£,*«  =  1  (39) 

The  Nj  must  be  considered  assigned. 

The  i.umernal  method  follows  the  same  guidelines  de- 
scrib  d  in  sec.  9.1. 


with 

/T1 

3*  =  at(Te,po)  +  /  -c,,,t(r)dr 

Jr,  T 

The  system  relative  to  the  derivatives  {da,/dv)T  is  not 
affected  by  any  numerical  trouble  when  some  a.  tend  to 
0.  It  turns  out  that  the  terms 


10  SPECIFIC  HEATS  U  CHARACTERISTIC 
VELOCITIES 

Specific  heats  and  characteristic  velocities  have  been  con¬ 
sidered  relatively  to  the  definitions  “frozen”  and  “chem¬ 
ical  equilibrium”.  The  determination  of  the  frozen  prop¬ 
erties  is  rather  straightforward;  the  same  process  relative 
to  the  equilibrium  properties  requires  more  elaboration. 
For  obvious  reasons  of  space  limitations,  only  final  work¬ 
ing  formulas  are  discussed  and/or  given  here.  Readers 
interested  in  the  details  are  referred  to  (1,  2,  3]. 

10.1  Frozen  properties 

The  constant  pressure  and  constant  volume  specific  heats 
are  found  from 

Cp  J  —  OTfCp,! 

cv,f  —  cv,t  —  Ra/M 
Their  ratio  follows  at  once 

17  =  Cp.f/c«.J 

The  Newton  and  Laplace  characteristic  velocities  are 
found  from 

as,/  =  y/(Ra/M)T 
°L.f  =  \ZV  aN.t 


come  in  play  and  the  system  to  evaluate  them  reads 

WSC  =  E<  *1* 

M; 

t0. 2. 2  Working  formulas 

When  (J  and  have  been  calculated,  the  constant  vol¬ 
ume  specific  heat  and  the  Newton  characteristic  velocity 
are  found  from 

Cv.«  =  c,.,  -  R,(f,T  -  1)11(7)  ' 


-(Ri-ii)  J«itff-l)-ln^  | 


as,,  m  yJal  f  -  ao.R.T  (41) 

Then,  the  equilibrium  mixed  derivatives  follow 


10.2  Equilibrium  properties 
1 0.2.1  Equilibrium  derivatives 

The  determination  of  the  equilibrium  properties  presup¬ 
poses  that  of  the  equilibrium  composition  derivatives 
(da,/3T),  and  {da,/dv)T.  General  linear  systems  of 
equations  are  available,  in  principle,  but  they  require 
some  adaptation  when  particularized  to  the  case  of  the 
perfect  gases  [1]. 

The  system  relative  to  the  derivatives  (da,/dT)t  is  not 
the  most  appropriate  from  the  numerical  viewpoint  be¬ 
cause  it  involves  in  the  known  term  array  the  pres¬ 
ence  of  s,  which  carries  the  numerical  troublemaker 
ln(Afar«/M«);  this  term  becomes  indefinitely  Urge  when 
a,  — »  0  and  blows  unavoidably  the  calculation.  The  in¬ 
convenience  is  eliminated  if  recourse  is  made  to  the  equi¬ 
librium  derivatives  involving  the  j><  rather  then  the  or,. 
These  are  defined  as 


and  the  linear  system  to  evaluate  them  reads 

•'I*  (f  ■ 

7'fh«  squat  Ions  (3S),. . .  ,(M)  do  not  Imply  ths  squat  Ion  (39). 


a.Ri  (1  -  <?) 


+a 


atiSi  —  Ri  In 


Ri 


(42) 

(43) 


and,  finally,  the  constant  pressure  specific  heat,  the  spe¬ 
cific  heat  ratio  and  the  Laplace  characteristic  velocity 
are  found  from 


=  c»,«  +  ■ 


,  [ \dTJv,c.\  \dv) 


T.c* 


7s  —  Cj,,,/c„,« 
Or.,*  =  y/j,  Osr.s 


Again,  the  expressions  (40),. . .  ,(43)  are  given  in  a  form 
suitable  for  FORTRAN  coding  (see  footnote  5). 


11  THE  PROGRAM  ‘AIRETP* 

The  thermodynamic  relations  discussed  in  the  preced¬ 
ing  sections  have  been  coded  in  a  FORTRAN  program. 
Basically,  the  program  accepts  in  input  an  array  of  ther¬ 
modynamic  poinU  (T,  u)  or  (T,p)  and  returns  the  ther¬ 
modynamic  properties  of  interest,  in  conditions  of  chem¬ 
ical  equilibrium,  according  to  the  selected  data  source 
(see  sec.  5.1)  for  a  prescribed  composition  of  the  atomic 
species. 


26-7 


Data  sources  can  be  implemented  at  will,  provided  that 
their  interpolating  polynomials  of  the  cp,t  can  be  brought 
into  the  form  (6).  The  data  sources  presently  imple¬ 
mented  in  the  program  are  [5,  6,  9,  11].  The  components 
marked  with  ♦  in  table  2  are  those  that  cannot  be  ac¬ 
counted  for  when  the  corresponding  data-source  is  se¬ 
lected.  Consistently,  the  chemical  reactions  which  must 
be  excluded  are  marked  with  *  in  table  3. 

Values  of  A/<(AA,)^'r,  and  A/<s«(7s,p0)  relative  to  the 
subrange  allocations  oAhe  implemented  data  sources  are 
shown*  in  table  6  and  table  7.  The  former  quantities  are 
calculated  according  to  the  method  described  in  the  end 
of  sec.  5.3.3  from  the  data  tabulated  in  [14, 15]  relatively 
to  Ti  =  0  °A' ;  the  latter  quantities  are  read  directly  from 
[14,  15]  and  are  relative  to  p„  =  1.01325  •  10*JV/ms. 

11.1  Constant  pressure  specific  beats  of  the 
components 

A  sample  of  calculation  of  the  cp>(  is  given  in  fig.  1  and 
fig.  2;  they  show  the  nondimensional  constant  pressure 
specific  heat  of  0+  and  Oj,  respectively.  The  solid  lines 
refer  to  our  calculation  based  on  the  implemented  data 
sources;  values  read  directly  from  the  tables  in  [5,  6,  14, 
15]  are  also  plotted  for  comparison. 

The  fitting  of  the  tabulated  data  is  generally  satisfac¬ 
tory,  though  in  some  instances  the  interpolating  polyno¬ 
mials  do  not  meet  properly  at  the  boundaries  of  adja¬ 
cent  subranges.  The  possible  existence  of  discontinuities 
at  the  subrange  junctions  is  evidenced  by  the  jump  at 
6000  “A"  of  the  solid  line  corresponding  to  [11]  in  fig.  2. 
A  smoothing  procedure  to  eliminate  the  discontinuities 
is  described  in  [11]  and,  in  a  better  way,  in  [12].  How¬ 
ever,  in  our  opinion  smoothing  procedures  contribute  to 
make  clumsy  the  use  of  the  interpolating  polynomials. 


Figure  1;  Nondimensional  constant  pressure  specific  heat 
of  O* . 

The  situation  in  fig.  1  reveals  a  satisfactory  matching 
among  the  tabulated  data,  though  a  slight  divergence 
seems  to  begin  at  20000  *K.  The  same  situation  exists 
for  N*,Ar*  and  e~.  The  situation  in  fig.  2  reveals,  in¬ 
stead,  a  heavy  disagreement  among  the  tabulated  data 


"The  blank  portion*  In  table  S  and  table  7  occur  when  a 
subrange  low-bounding  temperature  belongs  to  a  data  eource  for 
which  the  correrponding  component  cannot  be  accounted  for. 


Figure  2;  Nondimensional  constant  pressure  specific  heat 
of  Or- 


above  6000  °A\  Similar  discrepancies  exist  at  high  tem¬ 
peratures  for  the  cp,«  of  all  the  remaining  components  in 
the  model.  They  should,  therefore,  be  expected  to  af¬ 
fect  also  other  thermodynamic  properties  usually  listed 
in  the  tables.  The  existence  of  such  a  situation  remains 
an  open  issue  and  callB  for  a  reconsideration  of  the  meth¬ 
ods  used  to  calculate  the  tables. 


■log„K°(T) 


Figure  3:  Equilibrium  constant,  relative  to  the  partial  pres¬ 
sures,  for  the  reaction  2N  *=»  Ar3+  +  e~. 


11.2  Equilibrium  constants 

The  validation  of  the  procedure  to  calculate  the  equilib¬ 
rium  constants  is  bssed  on  the  reproduction  of  tabulated 
data  from  [5,  17].  The  former  reference  lists  the  logs-  - 
rithms  to  the  base  10  of  the  equilibrium  constant  relative 
to  the  partial  pressures®,  log)0  K°(T)  in  the  notation  of 
the  reference,  for  reac.  1,. . .  ,9.  The  latter  reference  lists 
the  natural  logarithms  of  the  equilibrium  constant  rela¬ 
tive  to  the  molar  concentrations,  In  K,  in  the  notation 
of  the  reference,  for  reac.  1,..., 5, 7, ...,11,22, 23, 25, 33. 
These  data  are  understood  to  be  the  result  of  calcula¬ 
tions  from  the  partition  functions. 

®!n  [5],  that  equilibrium  constant  It  defined  In  terms  of  the  ra¬ 
tios  of  the  partial  pressures  top*  *  10®W/m*  and,  consequently, 

It  it  nondimensional. 
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■In  Kt  (moltslcm3) 


Figure  4:  Equilibrium  constant,  relative  to  the  molar  con¬ 
centrations,  for  the  reaction  Oj  +  X  s*  20  +  X . 

Our  calculations  reproduce  quite  faithfully  the  tabulated 
data  for  all  the  indicated  reactions  up  to  10000  aK\  di¬ 
vergences  exist  for  some  reactions  above  that  temper¬ 
ature.  Examples  are  shown  in  fig.  3  and  fig.  4.  The 
discrepancy  among  the  solid  lines,  which  represent  our 
calculation  based  on  the  implemented  data  sources,  is  an 
evident  consequence  of  the  disagreement  among  the  ta¬ 
bles  pointed  out  in  sec.  11.1.  In  fig.  4  it  has  to  be  noticed 
that  the  trend  of  the  solid  lines  is  appreciably  less  steep 
than  the  trend  of  the  data  from  [17]  above  20000  °K. 


log  aj  a 


Figure  S:  Equilibrium  composition  of  sir.  Case  from  [9]. 


11.3  Equilibrium  composition 
The  validation  of  the  procedure  to  calculate  the  equi¬ 
librium  composition  is  based  on  the  reproduction  of  the 
diagrams  from  [9,  18,  19,  20,  21,  22].  Two  examples  are 
described  here;  they  are  relative  to  a  (T,  v)  and  a  (T,  p) 
input,  respectively. 

The  first  example  refers  to  the  case  presented  in  [9,  fig.  2c 


TfJ0J  °JT 


Figure  6:  Equilibrium  composition  of  air.  Case  from  [20]. 

at  p.  28]  which  shows  the  logarithm  to  the  base  10  of 
the  molar  fractions,  log  <7,/<t  in  the  notation  of  the  ref¬ 
erence,  versus  T  at  v  =  0.1m3 /kg.  The  low  tempera¬ 
ture  composition  assumed  in  [9]  includes  At,  N3,  Oi  with 
molar  fractions  Z3  —  0.0093,  xg  =  0.7811,  *r  =  0.2096; 
the  corresponding  atomic  species  composition  is  o?  = 
0.75557,  of  =  0.23160,  <*|  =  0.01283,  of  =  0.00000.  Our 
calculation  is  based,  of  course,  on  the  selection  of  [9] 
among  the  implemented  data  sources.  The  results  are 
shown  in  fig.  5. 

The  second  example  refers  to  the  case  presented  in 
[20,  fig.  36.a  at  p.  288]  which  shows  the  molar  frac¬ 
tions,  tii/n  in  the  notation  of  the  reference,  versus  T 
at  p  =  0.001  atm.  The  low  temperature  composition  as¬ 
sumed  in  [20]  includes  At,  JV2,02  with  molar  fractions 
is  =  0.0097,  —  0.7808,  *r  =  0.2095;  the  correspond¬ 

ing  atomic  species  composition  is  IV, *  =  1.5616,  jVj  = 
0.4190, 1V“  =  0.0097,  7V“  =  0.0000.  Our  calculation  is 
based  ou  the  selection  of  [5]  among  the  implemented  data 
sources  because  of  the  same  Soviet  origin  as  [20],  The 
results  are  shown  in  fig.  6. 


11.4  Enthalpy  and  entropy 

The  validation  of  the  procedure  to  calculate  h ,  s  and  the 
other  thermodynamic  potentials  is  based  on  the  repro¬ 
duction  of  the  diagrams  from  [18,  20,  22}.  Two  examples 
are  described  here. 

The  first  example  refers  to  the  case  presented  in  [20, 
fig.  37b  at  p.  289,  fig.  38b  at  p.  290],  Those  figures 
show,  respectively,  the  mixture  internal  energy,  Um/m 
in  the  notation  of  the  reference,  and  the  mixture  entropy 
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of  air  versus  T  at  p  =  0.001, 0.01, 0.1,  l.Oatm.  The  low 
temperature  composition  is  the  same  as  described  in  the 
second  example  of  sec.  11.3  and,  again,  [5}  was  selected 
as  data  source  for  our  calculation.  The  results  are  shown 
in  fig.  7  and  fig.  8. 


Figure  9:  Entropy  of  dissociating  ionizing  nitrogen.  Case 
from  [22]. 

The  second  example  refers  to  the  case  presented  in  [22, 
fig.  9.3  at  p.  277,  fig.  9.7  at  p.  283].  Those  figures  show, 
respectively,  the  dimensionless  (molar)  entropy  and  the 
dimensionless  (molar)  enthalpy,  ZS/R  and  ZH/RT  in 
the  notation10  of  the  reference,  of  dissociating  ioniz¬ 
ing  nitrogen  versus  T  at  p  =  0,0001, 0.01, 1.0, 100  atm. 
The  atomic  species  composition  for  this  case  is  Nj  = 
1.0,  A?  =  Nj  =  Nf  =  0.0.  Our  calculation  is  based  on 
the  selection  of  [1 1]  among  the  implemented  data  sources 
because  of  the  same  American  origin  as  [22].  The  results 
are  shown  in  fig.  9  and  fig.  10. 


10Thi»  notation  requires  tome  clarification.  R  is  the  universal 
gas  constant  and  corresponds  to  Ra  The  compressibility  factor  Z 
is  defined  as  where  the  value  at  numerator  is  evaluated 

at  standard  T,p  conditions,  i.e.  273. lS*/f,  1  01325  10s N/m1.  S 
and  H  correspond,  respectively,  to  mit/N,  and  m,h/Ni 


Figure  10:  Enthalpy  of  dissociating  ionizing  nitrogen.  Case 
from  [22], 

11.5  Equilibrium  specific  heats  and  characteris¬ 
tic  velocities 

The  validation  of  the  procedure  to  calculate  the  specific 
heats,  their  ratios  and  the  characteristic  velocities  is 
based  on  the  reproduction  of  the  diagrams  from  [20,  22] 
and  of  the  tabulated  data  from  [23].  Two  examples  are 
described  here. 

The  first  example  refers  to  the  case  presented  in  [20, 
fig.  37a  at  p.  289],  which  shows  the  equilibrium  constant 
volume  specific  heat  of  air,  Cv  in  the  notation  of  the 
reference,  versus  T  at  p  =  0.001, 0.01, 0.1, 1.0  atm.  The 
low  temperature  composition  is  the  same  as  described 
in  the  second  example  of  sec.  11.3  and,  again,  [5]  was 
selected  as  data  source  for  our  calculation.  The  results 
are  shown  in  fig.  11. 


Figure  11:  Equilibrium  constant  volume  specific  heat  of  air. 
Case  from  [20]. 


The  second  example  refers  to  [23],  This  reference  lists, 
among  other  things,  tabulated  values  of  y«  and  the  ra¬ 
tio  of  a\  t  to  pv  versus  T  at  specified  values  of  p  for 
four  nitrogen-oxygen  mixtures.  Two  of  them  were  con¬ 
sidered  as  test  case.  The  former  has  a  low  tempera¬ 
ture  composition  constituted  by  100%  N]  (pure  nitro¬ 
gen)  and  a  corresponding  atomic  species  composition 


2ft- 10 


Figure  12:  Equilibrium  specific  heat  ratio  and  Laplace  char¬ 
acteristic  velocity  for  the  100%  Nj  mixture. 


Figure  13:  Equilibrium  specific  heat  ratio  and  Laplace  char¬ 
acteristic  velocity  for  the  80%  Nj, 20%  Oj  mixture. 


N ,°  =  1.0,  N;  =  Ar3°  =  iV4°  =  0.0  The  letter  has 
a  low  temperature  composition  constituted  by  80%  JVj 
and  20%  Oj,  and  a  corresponding  atomic  species  com¬ 
position  N\  =  1.6,  Wj  =  0.4,  N°  =  N?  =  0.0.  The 
values  p  s  0.0001, 1.0, 100  aim  were  considered  for  each 
mixture.  Our  calculation  is  based  on  the  selection  of  [11] 
among  the  implemented  data  sources  and  reproduces  the 
tabulated  data  in  a  satisfactory  manner.  A  complete 
matching  is  found  for  the  100%  Nj  mixture  regardless 
of  the  value  assumed  for  p;  instead,  slight  differences 
exist  for  the  80%  Nj,20%  Oj  mixture  between  1000  °K 
and  4000  °K  for  increasing  p.  Evidence  of  this  situa¬ 
tion  is  given  in  fig.  12  and  fig.  13,  which  are  relative  to 
p  =  l.Outm. 

12  SENSITIVITY  ANALYSIS 
An  investigation  was  performed  to  ascertain  possible 
consequences  on  the  equilibrium  composition  and  on  the 
calculated  values  of  h,  i  due  to  the  disagreement  between 
the  tables  [5]  and  [14,  15]  relatively  to  the  cPl,  of  some 
components  in  the  model.  A  mixture  with  low  temper¬ 
ature  composition  of  79%  Nj  and  21%  Ch,  and  corre- 


Figure  14:  Equilibrium  composition  of  air.  Comparison  be¬ 
tween  [5]  and  [11]. 


sponding  atomic  species  composition  Ar1“  =  1.58,  = 

0.42,  N*  =  N*  =  0.0,  was  studied  up  to  20000  °K  for 
p  =  0.0001,0.01, 1.0, 100  atm.  The  calculations  were 
performed  by  selecting  [5,  11]  among  the  implemented 
data  sources;  [11]  was  chosen  because  the  authors  of  that 
reference  operated  their  curve  fitting  on  the  data  from 
[14,  15]. 

The  results  of  the  calculation  of  the  equilibrium  compo¬ 
sition  at  p  =  1.0  aim  are  shown  in  fig.  14.  Nf  and  Oj 
are  not  included  because  ai3,au  <  10~4.  The  black 
triangles  mark  the  temperatures  above  which  an  appre¬ 
ciable  divergence  begins  to  exist  between  [5]  and  [14,  15] 
relatively  to  the  cp,t  of  the  indicated  components.  The 
results  generated  by  the  two  selected  data  sources  match 
completely.  This  leads  to  the  conclusion  that  the  in¬ 
certitudes  affecting  the  cp,t  vanish  in  the  procedure  to 
determine  the  equilibrium  composition. 


Figure  15:  Enthalpy  of  air.  Comparison  between  [5]  and 

in]. 


The  results  of  the  calculation  of  h,  a  generated  by  the  two 
selected  data  sources  are  shown  in  fig.  15  and  fig.  16  and, 
again,  they  match  completely.  This  unexpected  match¬ 
ing  is  explained  by  the  situation  in  fig.  14:  for  any  given 
component  appearing  on  top  of  the  diagram,  the  incer¬ 
titude  about  its  Cp,<  occurs  in  a  temperature  sone  where 
its  a,  is  vanishingly  small  and  makes  harmless  the  terms 
h,,  it  which  are  the  potential  carriers  of  the  incertitude. 
At  high  temperatures,  the  matching  of  the  results  is,  ba¬ 
sically,  a  direct  consequence  of  the  matching  in  the  cp,t 
of  the  monoatomic  ionised  components  N*  ,0*  and  e~ 
(see  fig.  1). 


:fi-i  i 


Figure  16:  Entropy  of  air.  Comparison  between  [5]  and 
[111. 
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1 

Table  1:  The  atomic  species  and  their  respective  stable  elements. 
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Table  2:  The  chemical  components  and  their  formation  matrix  <r. 
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Tabic  3:  The  act  of  the  chemical  reactions. 


Table  S:  The  stoichiometric  coefficient  matrix  v*  relative  to  the  independent  chemical  reactions 
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N* 
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Table  6:  Molar  augmented  formation  enthalpies  ( cal/mole ).  T'0  —  0  °K. 
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36.6452 
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i 

c 
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Ar 
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4 
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5 
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7 
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9 
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47  2605 
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Table  7:  Molar  entropies  ( cal/ mole  °K ).  p,  =  1.0)325  •  10sAT/mJ. 
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1.  ABSTRACT 

This  paper  is  a  summary  of  the  present  authors' 
three-dimensional  simulations  on  the  hypersonic 
rarefied  flows  in  an  effort  to  understand  the  highly 
nonequilibrinin  flows  about  space  vehicles  entering 
the  Earth's  atmosphere  for  a  realistic  estimation  of 
the  aerothermal  loads.  Calculations  are  performed 
using  the  direct  simulation  Monte  Carlo  method 
with  a  five-species  reacting  gas  model,  which 
accounts  for  rotational  and  vibrational  internal 
energies.  Results  are  obtained  for  the  external 
flows  about  various  bodies  in  the  transitional  flow 
regime.  For  the  cases  considered,  convective 
heating,  flowfield  structure  and  overall 
aerodynamic  coefficients  are  presented  and 
comparisons  are  made  with  the  available 
experimental  data.  The  agreement  between  the 
calculated  and  measured  results  are  very  good. 

2.  NOMENCLATURE 

Ar(,f  =  reference  area 

( ’t  =  mass  fraction  of  species  i,  pj p 

C|j  =  drag  coefficient 

(  'll  =  overall  heat-transfer  coefficient 

(’l  =  lift  coefficient 

d  =  diameter 

Kti  =  Knudsen  number 

M  =  Mach  number 

p  =  pressure 

<1  -  heat  flux 

R  =  radius 

Sj  =  longitudinal  coordinate  along  the  surface 
(measured  at  the  symmetry  plane) 

T  =  temperature 
Tint  =  internal  temperature 
Tlr  =:  translational  temperature 
U  =  velocity  in  x  direction 
V  =  speed 

X  =  mole  fraction  of  species  i 


x,y,z  =  Cartesian  coordinates 
o  =  incidence  angle 

"  =  specific  heat  ratio 

t;  =  disv  nee  along  the  stagnation  streamline 

(measured  from  the  body) 

A  =  mean  free  path 

p  =  density 

T  —  shear  stress  parallel  to  the  grid  line  in 
stream  wise  direction 

Subscripts 
l  =  i  th  species 

s  =  stagnation 

vv  =  wall 

ref  =  reference 

oc  =  freestream 

3.  INTRODUCTION 

With  the  development  of  revitalized  interest  in 
hypersonics  after  1980's,  much  interest  at  the 
international  level  has  been  created  for  the  des’gn 
of  more  efficient  spacecrafts  with  improved 
capabilities.  To  achieve  this  goal,  new  ideas  and 
concepts  from  the  recent  technological 
developments  have  been  introduced  to  these  new 
generation  space  vehicles.  For  instance,  today  it 
has  been  widely  accepted  that  during  the 
deceleration  and/or  maneuvering  of  a  spacecraft 
which  passes  through  a  planet’s  atmosphere,  the 
fuel  consumption  may  be  substantially  reduced  by 
making  use  of  the  aerodynamic  forces  rather  than 
utilizing  an  all-propulsive  system.  For  aerocapture 
and  orbital  transfer  applications,  aerodynamic  drag 
is  the  key  factor;  whereas  for  synergetic  plane 
change  applications,  high  lift-t.o-drag  becomes 
important.  In  other  words,  aerodynamics  can  play 
a  major  role  in  today’s  spare  technology.  Thus, 
extended  knowledge  of  the  aerodynamic 
characteristics  is  necessary  for  proper  design. 


A  -  p.n  rrraf  t  flies  at  Inf'll  altitudes  where  the  gas 
may  lie  quite  rarefied,  i.e.,  the  mean  free  path  of 
the  gas  molecules  are  comparable  with  the  size  of 
tin-  vehicle.  For  instance,  the  mean  free  path  of  the 
molecules  at  1  l.'i-km  altitude  is  about  1  in,  and  this 
approaches  the  value  of  200  in  around  200-kin 
altitude.  Therefore,  estimation  of  the  aerodynamic 
characteristics  in  the  transitional  flow  regime,  i.e.. 
How  that  is  hound  by  continuum  and  free-molecule 
limits,  is  very  important.  Unfortunately,  the 
present  ground-based  low-enthalpy  facilities  cannot 
simulate  the  highly  nonequilibriurn  flows  about 
these  vehicles  and  it  is  necessary  to  perform  these 
experiments  during  the  (light.  Many  experiments 
have  already  been  conducted  on  the  Space  Shuttle 
and  also  new  ones  are  underway,  but  this  whole 
process  can  prove  to  be  rpiite  expensive. 
Consequently,  estimation  of  aerothcrmal  loads  in 
flic  transitional  regime  primarily  relies  on  computer 
simulations,  and  the  available  experimental  data 
■  ire  used  for  code  validation. 

I  lie  (lows  in  tin-  rarefied  regime  cannot  be 
simulated  usin.;  the  Navier-Stokcs  equations 
because  the  continuum  assumptions  are  violated. 

On  the  other  hand,  application  of  the  Holtzmann 
equation  to  such  problems  appear  to  have  some 
serious  difficulties.  For  instance,  the  Boltzmann 
equation  is  too  cumber.-.ame  to  apply  to  relatively 
complicat-  d  two-  and  three-dimensional  flow 
problems  md,  more  importantly,  several  important 
physical  phenomena  observed  in  flight  (such  as 
chemical  reactions,  thermal  radiation,  three-body 
collisions,  etc.)  have  not  yet  been  formulated  in  the 
Boltzmann  equation.  Hence,  as  an  alternative  to 
directly  solving  the  Boltzmann  equation,  several 
particle  schemes  have  I.  -en  introduced  after 
1%0's.1’2  Tin  •se  models  simulate  the  rarefied  gases 
at  the  molecular  level  by  considering  the  dynamics 
of  the  molecules.  Among  these  schemes,  the  direct 
simulation  Monte  Carlo  (DSMC)  method  of  Bird' 
lias  evolved  i  .  a  powerful  physical  model. and  has 
been  applied  to  a  variety  of  engineering  problems 
many  of  which  are  impossible  to  calculate  with 
other  methods.  Experimental  measurements 
obtained  both  in  ground-based  facilities’*’'1’''  and 
also  in  dig’  t"  a’re  found  to  be  in  very  good 
agreement  with  the  DSMC  results.  In  the  past,  the 
DSMC  t.e  unique  ivas  applied  primarily  to  one-  and 
tvvo-diiiu  sional  flow  problems  due  to  their  smaller 
reqiiirem  it  for  computational  time  and  memory. 
Applicat  in  to  three-dimensional  problems  began  in 
earnest  i'  the  late  l!)8(Fs  in  parallel  with  the 
availahi!  y  of  advanced  computers,  and  today 
capahili’  exists  for  full-scale  flight  simulations/’’7 

At  the  NASA  Langley  Research  Center,  the  DSMC 
method  has  been  applied  to  a  wide  range  of  rarefied 
flow  problems,  and  this  paper  is  a  summary  of  the 
present  an  '  ors’  three-dimensional  simulation 
efforts  on  i  .is  subject. 


4.  IMPLEMENTATION  OF  DSMC  METHOD 

The  DSMC  inothod-is-a  technique  that  simulates 
rarefied  flows  by  keeping  track  of  the  positions, 
velocities  and  internal  energies  of  some  thousands 
of  representative  molecules  in  the  flew  field.  The 
motion  of  the  molecules  is  computed  with  small 
time  intervals  and  after  each  time  step  the 
positions  of  the  molecules  are  updated  considering  " 
the  possible  interactions  with  the  domain 
boundaries.  Interinolecular  collisions  are  assumed 
to  be  uncoupled  from  the  molecular  motion  over 
each  time  step,  and  after  the  collisions  the 
velocities  and  internal  energies  of  the  colliding 
molecules  are  updated.  Once  a  stationary-state  is 
achieved  in  the  simulations,  computations  are 
carried  out  and  samples  are  taken  to  arrive  at  the 
time-averaged  results. 

In  this  study,  the  molecular  collisions  are  calculated 
using  the  variable-hard-sphere  (VILS)  model8  which 
treats  the  molecules  as  hard  spheres  as  far  as  the 
scattering  angle  distribution  is  concerned,  blit  the 
collision  cross  section  depend  on  the  relative  speed 
of  the  colliding  partners.  The  Larsen- Borgriakke 
phenomenological  model'1  is  used  to  control  the 
energy  exchange  between  translational  and  internal 
modes.  Full  thermal  accommodation  and  diffuse 
reflection  are  assumed  for  the  gas-surface 
interaction.  The  chemical  reactions  are  simulated 
using  a  five-species  (02,  N2,  O,  N,  and  NO) 
nonequilibriurn  chemical  kinetics  modci.  For  the 
conditions  investigated,  radiation  and  ionization 
are  negligible  and  are  not  considered. 

In  the  present  application,  the  three-dimensional 
domain  is  gridded  using  a  body-fitted  mesh  which 
is  divided  into  a  network  of  deformed  hexahedral 
(six-faced)  cells.  The  four  corners  of  a  cell  face 
may  not  be  coplanar  and  this  makes  the  generation 
of  body-fitted  grills  possible  on  doubly  curved 
surfaces.  Each  cell  is  further  subdivided  into  six 
tetrahedral  snhcells  (which  have  four  well-defined 
triangular  faces)  to  enable  tracking  the  molecules 
moving  from  one  cell  to  another.  Also,  because  it 
is  desirable  to  choose  the  collision  partners  from  the 
nearest  candidates  (in  order  to  improve  the  results 
with  regard  to  the  conservation  of  angular 
momentum),2  these  partners  arc  selected 
probabilistically  from  the  same  subcells.  For  all 
flow  problems  considered,  the  adjacent  cells  and 
subcells  are  exactly  matched  in  'be  whole  domain. 

The  DSMC  method  is  relatively  easy  to  use, 
flexible  and  has  no  stability  problems.  It  is  very 
well  suited  for  the  calculations  in  the  transitional 
flow  regime.  It  should  be  noted  that  the 
computational  requirements,  in  terms  of  computing 
time,  for  the  DSMC  method  increase  substantially 
with  increasing  gas  density.  Hence,  it  can  be  stated 
that  for  a  given  flow  problem  there  is  a  lower  limit 
for  the  selection  of  the  altitude  depending  on  the 


computing  rcsoiir  cs.  Also,  it  is  necessary  to  select 
i(s  computational  parameters  properly,  and  only 
then  meaningful  results  are  obtained.  (Experience 
rati  play  an  important  role  in  choosing  these 
parameters,  in  a  short  time.)  For  the  problems 
considered  in  this  study,  the  cell  sizes  in  the  hotly 
normal  direction  are  less  than  the  local  mean  free 
path  of  the  molecules,  anti  the  cell  lengths  in  the 
other  two  directions  are  selected  such  that  the 
change  in  flow  properties  across  each  cell  is  small. 
The  ti  ue  increment  is  less  than  the  mean  collision 
time  fi  "  a  molecule,  and  the  number  of  simulated 
molecules  in  each  cel!  is  at  least  on  the  order  of  10. 

5.  COMPUTED  FLOW  PROBLEMS 

In  this  section,  computed  results  are  presented  for 
three  flow  problems. 

,r>.l  Flow  About  Intersecting  Blunt  Wedges 
Flow  around  two  identical  blunt  wedges  that 
inter  ret  at  a  °0-deg  angle  is  investigated  in  Ref.  10 
and  t  he  results  are  summarized  in  this  section. 
Figure  1  shows  the  schematic  of  the  body.  In  the 
flowfield,  there  exists  four  symmetric  quadrants 
around  the  intersecting  wedges,  and  there  is  a  plane 
of  symmetry  within  each  quadrant,  hence,  only  half 
of  a  quadrant  needs  to  be  considered  in  the 
simulations.  Computations  are  performed  for  flows 
encountered  at  85-  and  100-km  altitudes  during 
entry.  Naturally,  as  the  altitude  increases,  the 
density  decreases  and  the  disturbance  field  in  front 
of  the  body  becomes  larger.  Therefore,  a  bigger 
computational  domain  with  larger  cells  is  used  for 
the  100-km  calculations.  The  domain  lies  between 
x=  —  0. 1 -0.2  m,  y =0-0.2  tri,  and  z=0-0.3  rti  for  the 
85-km  altitude  case,  and  between  x=  -0.3-0. 2  in, 
y=0-0.35  m,  and  z=0-0.5  m  for  the  100-km  altitude 
case.  For  the  85-km  altitude  calculations,  16  cells 
in  the  streamvvise  direction,  20  cells  in  the  normal 
direction,  and  1G  cells  in  the  spanwise  direction  are 
used.  For  the  100-km  case,  the  domain  is  divided 
into  10  cells  iti  the  streamwise  direction,  1 1  cells  in 
the  normal  direction,  and  8  cells  in  the  spanwise 
direction.  A  total  of  82200  simulated  molecules  are 
used  for  the  85-km  calculations,  whereas  this 
number  for  the  100-km  case  is  20800. 

At  the  freestream  boundaries  of  the  computational 
domain,  atmospheric  conditions”  (for  exospheric 
temperature  of  1200  K)  listed  in  Table  1  are  used. 
The  freestream  velocity  is  7.5  ktn/s.  A  symmetry 
boundary  condition  is  imposed  at  the  far  end  of  the 
span,  assuming  the  end  of  the  span  is  sufficiently 
far  from  the  intersection  and  the  spanwise  gradients 
are  negligible.  (The  results  verify  this  assumption). 
Again,  for  the  x-z  plane  at  y=0  a  symmetry 
boundary  condition  is  used.  The  body  surface 
temperature  is  at  a  uniform  1000  K.  A  vacuum 
boundary  condition  is  stipulated  at  the  downstream 
exit  plane,  considering  the  fact  that  supersonic 
velocities  prevail  in  most  of  the  exit  section. 


Table  1  Freestream  Conditions 


Altitude, 

km 

/WO9, 

kg/m3 

K 

xo2 

xn2 

xo 

200 

0.3 

102G 

0.031 

0.455 

0.5  M- 

170 

0.9 

892 

0.044 

0.548 

0.408 

150 

2.1 

733 

0.055 

0.616 

0.330 

MO 

3.9 

G25 

0.062 

0.652 

0.286 

130 

8.2 

500 

0.071 

0.691 

0.238 

120 

22.6 

3G8 

0.085 

0.733 

0.183 

110 

96. 1 

247 

0.123 

0.770 

0.106 

100 

558.2 

194 

0.177 

0.784 

0.039 

85 

7955.0 

181 

0.237 

0.763 

0.000 

Figures  2-5  show  the  surface  pressure,  heat  transfer 
rate,  and  shear  stress  (parallel  to  the  grid  line  in 
the  streamwise  direction)  distributions  for  the  85- 
and  100-km  altitude  cases.  In  Figs.  3-5,  the  results 
are  plotted  by  perpendicular  distances  from  the 
body  surface;  and  the  streamwise  surface  strips 
closest  to  and  farthest  from  the  wedge  intersection 
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arc  denoted  as  ’’inner”  and  "outer”  strips, 
respectively,  figures  G  and  7  present  the  flowfield 
density,  translational  temperature  and  mass 
fraction  distributions  along  the  stagnation 
streamlines  for  85-  and  100-km  altitude  cases.  In 
these  figures,  the  inner  and  outer  stagnation  lines 
represent  the  ones  closest  to  and  farthest  from  the 
wedge  intersection,  respectively. 

In  Figs.  the  two-dimensional  wedge  flow 
results  are  plotted  for  comparison  with  the  three- 
dimensional  outer  strip  results.  The  good 
agreement  between  them  verifies  the  assumption 
that  the  computational  domain  is  extended  far 
enough  in  the  spanwise  direction. 


•  Inner  slrip  {intersection) 

O  Outer  strip 

- 2  0  results 


•  • 


L - I - L_ _ I _ L 

>70  ><00  300  200  100  0 

o 

y,  N/m 

n  >  All  =  85  km 


•  Inner  strip  (intersection) 

O  Outer  strip 

- 2-0  results 


L. 

40 


b)  Alt  =  100  km 

Fig.  3  Surface  pressure  distributions. 
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Fig.  5  Surface  shear  stress  distributions. 
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Fig.  A  S  irface  heat-transfer  rate  distributions. 


Fig.  6  Properties  along  the  stagnation  streamline. 
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u)  Inner  slugnuttnn  streamline 


x,  m 

b)  Outer  stagnation  streamline 

Fig.  7  Mass  fraction  distributions  along 

stagnation  streamlines  (alt=85  km). 


5.2  Flow  About  the  AFE  Vehicle 
In  this  section,  results  from  References  7  anti  12  are 
summarized.  The  Aeroassist  Flight  Experiment 
(AFE)  vehicle  (sketched  in  Fig.  8)  is  a  snhscalc 
model  vehicle  consisting  of  a  forebody  aerobrake,  a 
hexagonal  experimental  carrier,  and  a  solid  rocket 
motor,  which  is  ejected  prior  to  the  atmospheric 
entry.  The  vehicle’s  forcbody  is  generated  by  an 
elliptic  cone  that  is  clliptically  blunted  in  the  nose 
and  is  raked  by  a  citcular  skirt  at  the  aft  end  such 
that  the  base  length  is  4.25  m.  The  shape  of  the 
forebody  has  been  described  mathematically  in 
Reference  ! 3.  The  freestream  velocity  vector  is 
parallel  to  the  x-axis  and  makes  an  angle  of  17-dog 
with  the  solid  rocket  motor  axis.  The  origin  of  the 
coordinate  system  is  located  at  the  geometric 
stagnation  point,  and  the  x-y  plane  at  z=0  is  a 
plane  of  symmetry. 


Fig.  9  Computational  grid  (alt=120  km). 


The  length  of  the  computational  domain  in  front  of 
the  body  is  chosen  as  1  m,  2.7  in,  5  m,  10.6  m, 

18.3  m  for  the  100-,  110-,  120-,  140-,  150-km-  and 
higher-altitude  cases,  respectively.  For  the  100- 
and  1 1 0-kiri-al titude  cases,  calculations  are 
performed  in  the  forebody  portion  of  the  domain 
and  the  surface  is  divided  into  200  distorted 
rectangles  with  20  divisions  in  the  longitudinal 
direction  and  10  divisions  in  the  spauwisc  direction. 
For  the  120-  and  130-km-altitude  cases  both  the 
forcbody  and  afterbody  are  considered  but  the 
calculations  show  that  the  afterbody  does  not  affect 
the  results;  hence,  for  the  higher  altitudes  only  the 
forebody  domain  is  used.  In  the  120-  and  higher- 
altitude  calculations,  the  forebody  surface  consists 
of  50  distorted  rectangles  with  10  divisions  in  the 
longitudinal  direction  and  5  divisions  in  the 
spanwise  direction.  The  100-,  110-,  120-,  140-km- 
and  higher-altitude  cases  are  simulated  using  5400, 
2400,  1820,  COO  cells  and  68000,  30000,  55000, 

20000  molecules,  respectively.  The  computational 
grid  used  in  the  120-km-altitude  calculations  is 
presented  in  Fig.  9,  in  which  both  the  cells  and  the 
8ubcclls  are  drawn  on  the  outer  freestream 
boundary,  but  only  the  cells  are  show  n  on  the  plane 
of  symmetry  for  clarity. 


At  the  freestream  boundaries,  atmospheric 
conditions  listed  in  Table  1  arc  used.  The  entsy 
velocity  is  9.9  km/s.  The  forebody  surface 
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temperature  (listed  in  Table  2)  is  assumed  to  be 
uniform  and  is  based  on  free- molecule  radiative 
equilibrium  heat  transfer  to  the  stagnation  point. 
For  the  calculations  in  which  the  afterbody  is 
considered,  the  afterbody  wall  temperature  is 
assumed  to  be  at  a  uniform  300  K  because  the 
vehicle  is  insulated  with  very  low  conductivity 
materials. 

Table  2  Stagnation  Properties  and 


Wall  Temperatures  for  the  AFE 


Altitude, 

km 

W/m2 

ps- 

N/m2 

T 

i  w, 

K 

FM 

162 

0.033 

230 

200 

161 

0.033 

230 

170 

414 

0.086 

300 

150 

1000 

0.211 

370 

140 

1780 

0.381 

425 

130 

3720 

0.819 

500 

120 

9420 

2.220 

650 

110 

31100 

9.360 

950 

100 

77300 

52.800 

1500 

Fig.  11  Surface  pressure  contours  (alts:  100  km). 
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Fig.  10  Surface  pressure  distributions  Fig.  12  Surface  heat-transfer  rate  distributions 

(the  small  sketch  is  a  perspective  ( the  small  sketch  is  a  perspective 

view  of  the  forebody  surface  grid).  view  of  the  forebody  surface  grid). 
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Fig.  13  Surface  heat-transfer-rate 
contours  (alt— 100  km). 

The  results  presented  for  this  flow  problem  are 
based  on  the  samples  taken  over  the  8000  time 
steps  computed  after  the  stationary  state.  Figures 
10- 13  show  pressure  and  heat-transfer-rate 
di  iributions  on  the  forebody  surface.  These  figures 
she  v  that  both  pressure  and  surface  heating  have 
their  maxima  slightly  below  the  geometric 
sta  'nation  point,  are  fairly  uniformly  distributed 
along  the  conical  portion  of  the  forebody  surface 
(as  per  design),  and  drop  rapidly  along  the  skirt. 
The  stagnation  pressure  and  heat-transfer  rate 
results  are  listed  in  Table  2  (in  which  the  free- 
moleeiile  limit  is  denoted  by  FM). 

Figures  M  and  15  show  the  density  and 
translational  temperature  contours  in  the  flowficld. 
Clearly,  the  flowficld  density  increases  continuously 
as  the  flow  approaches  the  body  surface,  whereas 
the  translational  temperature  has  its  peak  value 
somewhere  away  from  the  surface  in  the  upstream 
direction,  and  then  start  decreasing  because  of  the 
effect  of  the  relatively  cooler  body  surface. 
Calculations  indicate  that  maximum  internal 
energy  occurs  further  downstream  in  the  lower 
portion  of  the  computational  domain.  This  is  due 
to  the  fact  that  as  the  molecules  move  further 
downstream  they  experience  more  molecular 
collisions  during  which  their  high  kinetic  energies 
.re  converted  into  internal  modes.  Results  show 
hat  dissociation  is  negligible  for  altitudes  of  120 
1  tri  and  higher.  But,  as  the  altitude  decreases  these 
effects  become  appreciable.  Figure  10  shows  the 
mass  fraction  distributions  along  the  stagnation 
streamline  for  100-km  altitude. 


P/Pcn  =2 


a)  Alt=120  km 


Temperature  In 
1000  K 


b)  Alt=100  km 

Fig.  15  Flowfield  translational  temperature  contours. 
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Fig.  16  Mass  fraction  distributions  along  the 
stagnation  streamline  (alt— 100  km). 


fig.  17  Drag  coefficient  variation  with  altitude. 


l  lii'  overall  aerodynamic  coefficients  (  (  jj=  drag 
coeffirienl,  awl  (  |  =  lift  coefficient)  are  shown  in 
f  igures  17  and  18.  The  forces  are  normalized  with 
respect  to  1/2  l>^  Vj  Arrf  where  and  U^  are 
the  freest  ream  density  and  velocity,  respectively; 
and  Ar,,f,  the  reference  area,  equals  14.1  in2.  Also 
shown  in  these  figures  are  the  calculated  free- 
molecule  (denoted  hy  FM)  and  modified  Newtonian 
results,  and  experimental  wind-tunnel  data.  These 
experiments  were  conducted  in  the  NASA  Langley 


Research  Center  Mach  10  air  and  Mach  6  CF4 
(Freon)  wind  tunnels  and  are  documented  in  the 
AFE  Aerodynamics  Data  Base  Update  11  (May 
1989).  The  CF4  results  are  believed  to  be  more 
appropriate  as  the  limiting  continuum  values 
because  the  specific  heat  ratio  7  for  air  in  flight  is 
more  closely  approximated  in  wind-tunnel  tests  by 
CF4  (7=1.2)  rather  than  by  low-enthalpy  air 
(7=1.4).  Calculations  show  that  the  DSMC  results 
approach  the  free-moleeule  limit  very  slowly  as  the 
altitude  increases  but  even  at  200-km  altitude  the 
flow  is  not  completely  collisionless.  The  results  of 
the  Lockheed  bridging  formula,  which  empirically 
connects  the  axial  and  normal  aerodynamic  force 
coefficients  using  a  sine-square  function  are  also 
shown  in  Figs.  17  and  18.  This  bridging  formula 
relies  on  the  assumption  that  continuum  and  free- 
molecule  flows  are  established  at  Knudsen  numbers 
of  0.01  and  10,  respectively  (which  corresponds  to 
95-  and  155-km  altitudes  for  the  present 
calculations).  These  figures  also  show  effects  of 
pressure  and  shear  contributions  on  the 
aerodynamic  coefficients. 

5.3  Flow  About  a  Delta  Wing 

In  this  section,  results  obtained  in  Reference  5,  for 
the  study  of  a  rarefied  flow  about  a  delta  wing  at 
incidence,  are  summarized.  The  aim  of  this 
investigation  is  to  compare  the  computed  results 
with  recent  experimental  measurements  of 
Reference  14.  The  delta  wing  considered  in  this 
study  is  highly-swept  and  is  sketched  in  Fig.  19.  It 
has  a  flat  top.  V-shaped  bottom,  and  its  edges  are 
rounded  with  a  constant  radius.  The  nose  looks 
elliptical  from  the  side  view  although  it  appears 
sharp  from  the  top  view.  The  origin  of  the 
coordinate  system  is  located  at  the  tip  of  the  nose. 
The  x  axis  is  parallel  to  the  top  surface  and  is 
normal  to  the  base  plane.  The  x-y  plane  at  z=0  is 
a  symmetry  plane.  The  body-fitted  grid  consists  of 
a  total  of  7810  cells,  and  Fig.  20  shows  a 
perspective  view  for  this  three-dimensional  cell 
structure. 

The  flow  simulated  in  this  study  is  a  nitrogen 
wind-tunnel  experiment  conducted  at  the  DLR  in 
Gottingen,  Germany. 14  In  this  experiment,  the 
flow  is  produced  by  a  freejet  expansion,  and 
gradients  exist  in  the  flow.  However,  the  model  is 
very  small  (4.86  mm)  and  the  experimental  data 
reduction  procedures  attempted  to  minimize  the 
effects  of  the  departure  from  parallel  flow  on  the 
measured  coefficients  by  using  undisturbed 
freestream  properties  at  the  model  2/3-rhord 
location.  The  freestream  conditions  used  in  the 
calculations  are  assumed  to  be  uniform  and 
correspond  to  the  undisturbed  flow  quantities  at 
the  2/3  chord  location  specified  for  the 
experiments.  The  freestream  velocity  and 
temperature  are  Voc=  756  m/s  and  Tot)=  17.4  K, 
respectively.  The  body  surface  temperature  is 
assumed  to  be  at  a  uniform  293  K.  The  range  of 
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Maximum 
q  *  30$  W/m' 


Fig.  19  Schematic  of  the  delta  wing 
(dimensions  in  mm). 


Fig.  20  Perspective  view  of  three- 

dimensional  computational  grid. 

conditions  considered  in  the  present  study  are  such 
that  most  of  the  transitional  flow  regime  is  covered 
(0.016  <  Kn^  <  3.505).  Also,  an  angle-of- 
inridencc,  r*,  variation  is  considered  for 
KnOCi=0.jf>y.  The  freesuiam  im.M  free  path  (used 
in  the  definition  of  the  overall  Knudsen  number)  is 
evaluated  using  the  VHS  model  with  Tref=300  K, 
dref=4. 07x10' l0m,  and  the  temperature  exponent  of 
the  viscosity  coefficient  of  0.75.  For  this  problem, 
a  rionreacting  gas  model  with  one  chemical  species 
( N 2 )  is  used  in  the  simulations  and  energy 
exchange  between  translational  and  internal  modes 
is  considered. 


/ 

'  Symmetry  Plane 


Fig.  22  Flowficld  density  contours  near 

the  symmetry  plane  (Kn^—0.389). 


V,  m/s 
p/p.  T,  K 


Fig.  23  Flowfield  quantities  along 
stagnation  streamline. 


Figures  21-28  show  some  of  the  time-averaged 
results  obtained  in  this  study.  Figure  21  shows  the 
surface  heat-transfer-rate  contours  on  the  windward 
side.  It  should  be  noted  that  for  this  problem,  the 
sharp  V-shaped  bottom  and  the  two  sides  are 
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Fig.  24  Drag  coefficient  (a  =30‘). 
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Fig.  25  Lift  coefficient  ( Or  =30 '). 


Fig.  26  Heat  transfer  coefficient  (at =30'). 


leading  edges,  and  the  high  values  for  heat-transfer 
rate  (and  also  pressure)  are  due  to  the  leading  edge 
effects.  Figures  22  and  23  present  the  flowfield 
density  contours  and  the  distribution  of  some  of  the 
flowfield  quantities  along  the  stagnation  streamline, 
respectively.  These  figures  clearly  show  the 
characteristic  features  of  rarefied  flows,  namely,  a 
significant  degree  of  thermal  nonequilibrium, 
velocity  slip,  temperature  jump,  and  no  distinct 
shock  wave  structure  with  abrupt  changes  in  the 
flowfield  properties.  The  stagnation  streamline  in 
this  figure  is  an  approximate  one  in  that  it  is 
generated  by  a  straight  line  parallel  to  the 
freestream  velocity  vector  passing  through  the 
point  on  the  surface  where  the  pressure  and  heat- 
transfer  rate  are  maximum. 

Figures  24-26  present  the  effects  of  the  rarefaction 
on  the  aerodynamic  coefficients.  These  calculations 
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are  performed  by  varying  the  freestream  density 
and  keeping  the  other  freestream  conditions 
constant.  The  drag  and  the  lift  coefficients  are 
normalized  with  respect  to  1/2  p ^  U^2  Aref  and 
the  heat-transfer  coefficient  is  normalized  by 
1/2  px  U^3  Aref  where  Aref  is  the  planview  area 
of  the  wing  with  a  value  of  8.6  mm2  .  In  this 
study,  calculations  have  been  performed  for  various 
angles  of  incidence,  too.  Figures  27  and  28  present 
some  of  these  results. 

6.  DISCUSSION 

This  paper  concentrates  on  the  simulation  of  the 
transitional  flows,  and  is  a  part  of  ongoing  research 
efforts  for  the  application  of  the  DSMC  method  to 
complicated  three-dimensional  configurations.  The 
present  computations  have  been  performed  using  a 
general  three-dimensional  DSMC  computer 
program  written  by  G.  A.  Bird. 

The  first  problem  considered  in  this  study,  i.e.  the 
flow  about  intersecting  wedges,  represents  the  first 
application  of  a  general  three-dimensional  DSMC 
program  at  the  NASA  Langley  Research  Center. 
Therefore,  in  order  to  build  confidence  in  the 
computational  results,  initially  several  test  cases 
(explained  in  Reference  10),  for  which  solutions  are 
already  known,  have  been  investigated.  After 
verifying  the  program  using  these  test  cases,  the 
program  has  been  applied  to  the  intersecting-wedge 
problem.  This  study  shows  several  interesting 
three-dimensional  flow  features  when  comparisons 
are  made  with  the  two-dimensional  results.  The 
flowfield  structure  and  surface  quantities  resulting 
from  the  interaction  of  two  wedges  (inner 
st  Teamwise  strip)  as  compared  to  that  well  removed 
from  the  intersection  (outer  streamwise  strip)  have 
an  analogous  behavior  similar  to  that  observed 
between  the  two-dimensional  wedge  and 
axisymmetric  cone  results;  i.e.,  the  surface  pressures 
and  flow  densities  are  higher,  but  the  surface  heat 
transfer  and  shear  stresses  are  lower  for  the  inner 
strip  than  those  calculated  for  the  outer  strip. 
Similarly,  the  presence  of  the  second  wedge 
effectively  increases  the  overall  bluutness  of  the 
body,  and  hence,  the  disturbance  field  in  front  of 
the  intersecting  wedges  is  larger  than  that  in  front 
of  a  two-dimensional  wedge.  The  calculations 
indicate  that  the  three-dimensional  results 
approach  monotonically  the  two-dimensional  wedge 
flow  results  in  the  spanwise  direction.  Also, 
dissociation  increases  as  the  altitude  decreases  and 
(),  N,  and  NO  concentrations  are  significant  near 
the  wedge  intersection. 

In  the  second  problem,  the  three-dimensional  flow 
about  the  AFE  vehicle  has  been  investigated.  The 
results  show  that  at  high  altitudes,  distinct  classes 
of  molecules  are  present  in  the  flowfield,  namely, 
freestream  molecules,  surface-reflected  molecules, 
and  the  ones  that  have  undergone  molecular 
collisions.  Mixing  these  classes  of  molecules 


produces  a  highly  nonequilibrium  flow  structure. 
Therefore,  it  is  not  possible  to  interpret  properly 
the  kinetic  temperatures  from  the  viewpoint  of 
classical  thermodynamics  because  these 
macroscopic  properties  are  obtained  by  averaging 
over  various  classes  of  molecules  whose  distribution 
functions  are  separated  widely  in  velocity  space. 

As  the  altitude  decreases,  the  intermolecular 
collisions  begin  to  dominate  and  the 
nonequilibrium  among  the  energy  modes  decreases. 
For  example,  for  the  120-km  case  the  maximum 
translational  temperature  is  about  10  times  the 
maximum  internal  temperature  in  the  forebody 
portion  of  the  domain,  and  this  factor  reduces  to  3 
for  the  iOO-km  case.  Also,  dissociation  becomes 
important  at  1 10-km  and  lower  altitudes. 

In  the  third  problem,  the  calculated  results  show 
that,  for  the  range  of  conditions  considered,  the 
flow  is  quite  rarefied  and  there  is  no  evidence  of 
flow  separation.  The  maximum  density  occurs 
downstream  of  the  tip  of  the  wing  rather  than  at 
the  tip.  For  the  flow  in  the  leeside,  one  finds  no 
evidence  of  a  shock  along  the  symmetry  plane  for 
Knudsen  numbers  greater  than  0.045.  The  density 
monotonically  decreases  from  the  value  at  the 
freestream  to  that  adjacent  to  the  top  surface.  For 
the  cases  where  Knudsen  numbers  are  less  than 
0.045,  the  results  show  signs  of  a  shock  which 
become  stronger  with  decreasing  Knudsen  number. 
The  aerodynamic  coefficients  presented  in  Figs.  24- 
26  show  some  interesting  results.  For  an  angle  of 
incidence  of  30-deg,  the  lift  coefficient  is  quite 
insensitive  to  Knudsen  number.  This  is  due  to  the 
fact  that  the  changes  in  the  pressure  and  shear 
contributions  are  comparable  in  magnitude  but 
opposite  in  sign.  The  impact  on  the  drag 
coefficient  is  different,  since  the  two  contributions 
are  additive.  The  overall  heat  transfer  coefficient 
decreases  with  decreasing  Knudsen  number,  and 
becomes  negative  for  the  smallest  Knudsen  number 
case.  These  results  indicate  that,  as  the  freestream 
density  increases,  the  fraction  of  energy  content  of 
the  flow  that  reaches  the  wing  surface  decreases  due 
to  the  collisions  in  the  shock  layer  that  divert 
molecules  away  from  the  body.  Figures  27  and  28 
indicate  that,  as  the  angle  of  attack  decreases,  he 
effective  bluntness  of  the  model  is  reduced  (i.e.  the 
flow  is  actually  more  rarefied  for  the  lower 
incidence  angles)  and  the  DSMC  results  become 
closer  to  the  free-molecular  limits.  The 
experimental  data  for  this  problem  include  two- 
component  forces,  overall  heat-transfer  rate  and 
recovery  temperature.  For  the  range  of  conditions 
for  which  comparisons  have  been  made,  all  the 
calculated  results  are  within  the  estimated14  overall 
experimental  uncertainty  of  ±  8  percent.  It  is 
appropriate  to  note  that  these  calculations  were 
made  and  presented  without  prior  knowledge  of  the 
experimental  data  as  a  part  of  Workshop  on 
Hypersonic  Flows  for  Reentry  Problems,  Part  II, 
held  in  Antibes,  France,  in  April  1991. 
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Finally,  it  should  be  mentioned  that  Bird6  has 
recently  developed  a  new  set  of  "fast”  general 
programs  for  the  application  of  the  DSMC  method 
to  rarefied  flows  with  complex  three-dimensional 
boundaries.  His  new  programs  are  efficient  in 
terms  of  the  computational  load  and  also  in  terms 
of  the  effort  required  to  set  up  particular  cases. 

The  power  of  this  new  scheme  has  been  illustrated 
by  calculating  the  flow  about  the  Shuttle  Orbiter 
using  a  personal  computer.6  Recently  further 
improvements  have  been  implemented  into  this 
new  scheme  and  it  has  been  applied  to  a  variety  of 
flow  problems.15 

7.  SUMMARY 

This  paper  is  a  summary  of  present  authors’  work 
presented  in  more  detail  in  References  5,  7.  10,  12 
and  references  cited  in  them.  The  problems 
investigated  in  those  studies  focus  on  the 
simulation  of  three-dimensional  rarefied  flows  using 
the  direct  simulation  Monte  Carlo  method.  The 
results  obtained  indicate  the  applicability  of  the 
DSMC  method  to  complicated  three-dimensional 
problems.  The  attempt  here  has  been  to  provide 
an  overview  and  hope  that  the  reader  will  turn  to 
those  references  for  more  detail. 
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Abstract 

A  numerical  method  has  been  developed  to  compute 
the  axisymmetric  (low  over  blunt  slender  bodies  with 
high  accuracy  to  enable  reliable  analysis  of  the  sta¬ 
bility  properties.  The  flow  field  is  obtained  using 
the  Beam- Warming  method  to  solve  the  thin-layer 
Navier-Stokcs  equations.  The  code  has  been  thor¬ 
oughly  validated  and  applied  to  compute  the  lami¬ 
nar  flow  over  a  long  blunt  cone  with  7°  half-angle 
at  Mno  =  8.  The  linear  stability  of  this  flow  has 
been  analyzed  with  highly  accurate  finite-difference 
and  spectral  methods.  The  results  are  compared 
with  previous  numerical  studies  and  the  experimen¬ 
tal  data  of  Stetson  et  al.  [1]. 

1  Introduction 

l  he  projected  design  of  vehicles  for  flight  at  hyper¬ 
sonic  speeds  has  revived  the  interest  in  stability  and 
transition  in  compressible  boundary  layers  and  shear 
layers.  The  stability  of  boundary  layers  at  high  su¬ 
personic  Mach  numbers  previously  has  been  studied 
for  easily  accessible  prototype  flows  such  as  similar¬ 
ity  solutions  of  the  boundary-layer  equations  for  the 
(low  over  a  flat  plate  [2].  Detailed  stability  exper¬ 
iments  have  been  performed  by  Stetson  et  al.  [1,3] 
on  sharp  and  blunt  cones  with  different  nose  radii. 
Some  of  the  observations  on  the  effect  of  bluntness 
arid  the  associated  entropy  layer  are  consistent  with 
theoretical  analysis  such  as  the  amplification  rates 
of  first-mode  and  second-mode  disturbances  for  the 
sharp  cone  [4]  and  the  qualitative  effect  of  the  en¬ 
tropy  layer  on  the  critical  Reynolds  number  pre¬ 
dicted  by  Khan  k  Reshotko  [5].  Other  features, 
however,  such  as  the  broader  band  of  second-mode 
instability  and  the  general  amplification  characteris¬ 
tics  in  the  blunt-cone  flow  at  nose  radius  R/v  =  0.15 
in  have  not  been  explained  by  theoretical  study. 

‘President,  DynaFlow,  fnr. 


The  stability  analysis  of  the  flow  over  blunt,  slen¬ 
der  bodies  at  high  Mach  numbers  faces  three  major 
problems: 

•  the  computation  of  the  basic  flow  field  and  the 
derivatives  of  the  flow  variables  with  sufficient 
accuracy, 

•  the  formulation  of  the  stability  problem  with 
proper  account  for  the  flow  physics,  and 

•  the  accurate  solution  of  the  stability  equations. 

Traditionally,  the  flow  over  an  "almost  sharp" 
cone  of  small  nose  radius  Rx  is  computed  in  two 
parts.  The  bow  shock  and  the  flow  field  around 
the  nose  are  computed  using  the  Navier-Stokes  equa¬ 
tions  (NS)  or  the  thin-layer  approximation  (TLNS). 
The  computational  domain  typically  extends  to  an 
arc  length  up  to  five  times  the  nose  radius,  s  = 
S/Rff  <  5.  The  field  downstream  of  this  position 
is  obtained  by  solving  the  parabolized  Navier-Stokes 
equations  (PNS).  One  rationale  Tor  this  split  is  the 
high  efficiency  and  lo'»  memory  demand  of  marching 
schemes  for  parahrlized  equations.  Another  reason 
is  the  failure  of  NS  and  TLNS  solvers  to  converge  for 
larger  domains. 

Most  numerical  techniques  and  flow  solvers  for 
realistic  configurations  have  been  evaluated  on  the 
quality  of  the  pressure  and  shear  stress  dist  ributions 
along  the  body  surface.  However,  the  stability  char¬ 
acteristics  are  governed  by  the  overall  flow  field,  in 
particular  in  the  neighborhood  of  critical  layers  well 
inside  or  toward  the  edge  of  the  boundary  layer 
PNS  codes  commonly  used  have  the  tendency  to  pro¬ 
duce  solutions  with  slow  streamwise  oscillations  and 
“wiggles"  normal  to  the  surface.  The  wiggles  orig¬ 
inate  from  the  need  to  suppress  the  negative  char¬ 
acteristic  speed  in  the  subsonic  region  adjacent  to 
the  wall  and  are  most  pronounced  in  the  pressure 
[6].  Considered  that  instability  and  transition  oc¬ 
cur  far  downstream,  say  for  s  >  100,  the  question 
immediately  arises  whether  the  computed  solutions 
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are  accurate  enough  to  obtain  conclusive  stability 
results.  This  concern  has  been  emphasized  by  the 
U  S.  Transition  Study  Group  especially  in  context 
with  the  observed  discrepancies  between  experimen¬ 
tal  and  theoretical  results  for  sharp  and  blunt  cones 
at  AT*,  =  8  [3, 1,4, 6]  and  the  potential  effects  of  the 
entropy  layer  on  the  critical  Reynolds  number  and 
the  transition  point  [5], 

Another  important  aspect  at  high  Mach  numbers 
is  the  large  displacement  thickness  of  the  boundary 
layer  which  is  O (A/g,)  larger  than  in  incompressible 
flow  and  hence  may  extend  over  a  significant  part  of 
the  shock  layer.  It  may  be  necessary  to  incorporate 
the  boundary  conditions  at  the  shock  instead  of  the 
usual  asymptotic  conditions  at  infinity  (i.e.  far  out¬ 
side  the  boundary  layer)  into  the  stability  analysis. 

Probably  best,  developed  are  accurate  solvers  for 
the  stability  equations  based  on  Runge-Kutta  meth¬ 
ods  in  combination  with  shooting  techniques  [7]  or 
direct  solution  of  the  boundary-value  problem  with 
Ith-order  compact  finite  difference  [8)  or  spectral 
methods. 

We  have  conducted  an  intense  effort  to  clarify 
some  of  the  open  questions.  Ironically,  the  devel¬ 
opment  of  an  accurate  TLNS  rode  and  the  compu¬ 
tation  of  the  basic  flow  field  have  consumed  an  over¬ 
whelming  share  of  the  total  resources,  both  human 
labor  and  computer  time.  In  the  following,  we  give 
an  overview  over  selected  topics. 

2  The  Benchmark  Case 

The  goal  of  this  study  is  the  accurate  computation 
and  stability  analysis  of  the  flow  over  one  of  the 
sphere-cone  coinbinat  ions  experimentally  studied  by 
Stetson  et  al.  [1]  with  the  following  characteristics: 

spherical  nose  of  radius  R\  =  0.15  in. 
cone  with  half-angle  0r  —  7° 
maximum  arc  length  s  =  ,S'//?,v  <  250 
adiabatic  wall 

free-st ream  Mach  number  A/  „  =  8.0 
free-st ream  temperature  /  ,  =  51.3  K 
Reynolds  number  H< =  K  Ik/I.v/is  =31250 
ratio  of  specific  beats*-  =  11 
Sutherland’s  law  of  viscosity 
We  refer  to  these  conditions  as  the  STDS  case 
for  comparison  we  have  also  analyzed  the  flow  over 
a  sharp  cone  by  solving  the  Taylor- Mac  coll  equa¬ 
tions  with  a  fourth-order  Runge-Kutta  method  for 
the  same  conditions  with  the  following  results: 

A,  =  10.29649®  Mr  =  6.8369 
/*,//',.  =  2  0025  T,/7T  =  1  3335 

,,///>..  =  I  0510  (Sr  -  S..  )/R  -  0.050804 

Ur/i i,  =  0.97953  Vr/u..  =  0.12027 


where  the  index  c  indicates  conical  conditions,  u,  v 
are  the  velocities  along  and  normal  to  the  axis  of 
the  body,  respectively,  and  R  is  the  gas  constant. 
Recently,  Simen  A  Dallrnann  [9]  have  presented  a 
TLNS  solution  for  the  sharp  cone  and  results  on  the 
stability  of  the  flow. 

At  first  glance,  one  would  not  expect  any  signif¬ 
icant  effect,  of  the  small  bluntness  on  the  flow  field 
far  downstream.  However,  the  detached  bow  shock 
of  a  priori  unknown  shape  makes  not  only  the  flow- 
field  computation  a  more  intricate  task  but  causes 
the  shock  angle  and  the  strength  of  the  shock  to 
vary  from  the  normal-shock  state  at  the  tip  to  some 
asymptotic  state  far  downstream.  Streamlines  that 
pass  through  the  curved  shock  in  the  nose  region 
form  a  layer  of  relatively  high  vorticity.  the  entropy 
layer ,  that  envelops  the  body.  The  viscous  bound¬ 
ary  layer  develops  inside  this  entropy  layer  which 
causes  a  continuous  streamwise  change  of  the  edge 
conditions  for  the  boundary  layer.  Moreover,  th" 
gradients  ( dp/dy)e  of  the  pressure  and  ( du/dy)t  of 
the  velocity  component  along  the  wall  do  not  van¬ 
ish  at  the  boundary  edge  (index  r)  and  violate  the 
assumptions  of  the  classical  boundary-layer  theory 
The  thickness  of  the  entropy  layer  increases  with  the 
nose  radius  but  decreases  along  the  body  as  shown 
in  figure  i.  Even  for  small  bluntness,  the  streamlines 
near  the  body  “remember"  the  bow  shock  Eventu¬ 
ally,  the  entropy  layer  is  swallowed  by  the  boundary 
at  some  .swallowing  distance  far  downstream 

Another  important  interaction  in  hypersonic  flows 
is  the  displacement  effect  of  the  boundary  layer  since 
the  displacement  thickness  is  of  the  order  8/s  = 
OWi/s/m)  which  is  by  a  factor  of  Af/,  larger 
than  its  low-speed  counterpart.  The  relatively  large 
outward  deflection  of  the  streamlines  causes  a  given 
body  shape  to  appear  much  thicker.  This  new  “ef¬ 
fective”  body  shape  changes  the  outer  inviscid  flow 
which  in  turn  feeds  back  on  the  growth  of  the  bound¬ 
ary  layer.  This  Much  wave  interaction  or  pressure 
inti  rarhon  has  been  analyzed  by  Burggrnf  [it!]  based 
on  matched  asymptotic  expansions 

To  obtain  quantitative  information  on  I  he  vari¬ 
ous  flow  feature's  and  detailed  flow  quantities  of  the 
benchmark  case  for  a  stability  analysis,  we  have  em¬ 
ployed  computational  methods. 

2.1  Numerical  Method  for  the  Basic 
Flow 

The  numerical  solution  of  the  Navier-Stokes  equa¬ 
tions  at  high  Reynolds  numbers  requires  a  large 
number  of  gud  points  near,  as  well  as  along,  t he  body 
surface  to  resolve  the  viscous  terms  in  the  boundary 
layer  For  the  long  body  considered  here,  the  narrow 
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sparing  along  the  surface  proves  to  he  computation¬ 
ally  unnecessarily  expensive.  At  the  Reynolds  num¬ 
bers  of  concern,  one  can  use  the  thin-layer  (TLNS) 
approximation,  i.e.  neglect  all  viscous  derivatives  in 
the  (-direction  along  the  body  based  on  the  ar¬ 
guments  of  the  bound  ary- layer  theory.  The  thin- 
laver  approximation  requires  high  Reynolds  number 
and  grid  lines  to  conform  to  the  body.  Yet  unlike 
boundary-layer  theory,  it  allows  for  a  normal  pres¬ 
sure  gradient  and  requires  no  matching  conditions 
Unlike  the  parabolized  Navier-Stokes  (PNS)  approx¬ 
imation,  the  thin-layer  approximation  allows  for  up¬ 
stream  influence  in  the  subsonic  region  through  the 
pressure  term  and  does  not  require  suppressing  the 
negative  characteristic  speed  in  (his  region  as  the 
PNS  approximation.  As  a  further  advantage  over 
the  PNS  approach  for  blunt-hody  applications,  nu¬ 
merical  solutions  based  on  the  thin-layer  concept  are 
self-starting.  A  disadvantage  of  the  thin-layer  model 
is  the  higher  computational  demand  that  appears  ac¬ 
ceptable  for  a  small  set  of  benchmark  computations. 

The  implicit  factored  finite-difference  scheme  of 
Beam  Warming  [11]  is  employed  to  solve  the  thin- 
layer  Navier-Stokes  equations.  The  detailed  deriva¬ 
tions  of  the  equations  and  the  numerical  algorithms 
are  given  in  [12,13,14].  A  shock  fitting  procedure  is 
used  to  obtain  an  accurate  solution  in  the  vicinity  of 
the  shock  wave.  The  shock  and  wall  boundary  con¬ 
ditions  are  treated  explicitly  while  the  plane  of  sym¬ 
metry  and  outflow  conditions  are  treated  implicitly. 
Billig's  correlation  [15]  is  used  for  an  initial  shock 
shape  to  start  the  computation. 

2.2  Geometry  and  Grid 

With  fty  as  the  reference  length,  the  tangency 
point  of  spherical  nose  and  cone  frustrum  is  given 
by  r,  =  1  —  sin0c,  y,  =  cos  0r.  The  Cartesian 
body  coordinates  ( j-j, ,  i/& )  are  for  xb  <  j-(  given  by 
—  I  —  cos(s),  yb  =  siu(.v),  and  for  xb  >  x,  by 
=  x,  +(.v-  ’f/2+d,.)  cos  tC,  yb  =  +  X|)  tan  0C. 

where  ,s  is  the  nondimensiona!  arc  length  along  the 
body.  An  algebraic  grid  m  the  (,?/  plane  is  used 
to  compute  the  flow’  field.  The  lines  of  constant  ( 
are  straight  lines  orthogonal  to  the  body  and  dis¬ 
tributed  nearly  uniformly  along  the  body  surface. 
The  orthogonality  is  convenient  because  the  solution 
will  be  used  for  the  stability  analysis.  Some  adjust¬ 
ment.  of  the  grid  points  in  (  was  necessary  to  match 
the  stations  used  in  the  experiments  of  Stetson  et  al. 
For  viscous  computations,  the  lines  of  constant  r/  are 
clustered  near  the  body  surface  according  to  [16,17] 

r  -  xb  y  -  ?/(, 

-  =  -  -  a 

•Tj  -  Tb  y ,  -  yb 


where  (r,,ys)  are  the  Cartesian  coordinates  of  the 
shock,  and 

1  -„(> -"/'».«.*>  _  3  -f  1 

+  1  +  a< 1  >  '  a  ~  3-1 

where  3  is  the  clustering  parameter. 

In  general  the  (-direction  is  neither  aligned  with 
the  streamline  direction  nor  with  the  body  surface. 
For  a  flat  plate  with  Cartesian  computational  grid  it 
can  be  shown  that  the  thin-layer  equations  contain 
the  boundary-layer  equations.  Blottner  [18]  pur¬ 
sued  this  issue  for  an  axisymmetric  body  with  or¬ 
thogonal  surface  coordinates.  He  concluded  that  the 
thin-layer  Navier-Stokes  equations  neglect  longitudi¬ 
nal  curvature  terms  that  occur  in  the  second-order 
boundary-la^er  theory.  In  addition,  the  thin-layer 
equations  include  terms  involving  the  second  coef¬ 
ficient  of  viscosity  that  are  of  higher  order  in  the 
boundary-layer  theory  and  usually  unimportant. 

2.3  Optimization  and  Verification 

The  code  has  been  thoroughly  verified  by  compari¬ 
son  with  the  Navier-Stokes  solution  for  the  How  over 
a  hemisphere-cylinder  at  Af-^  =  2.9-4  by  Viviand  k 
Ghazzi  [19],  a  standard  case  for  code  verification 
[12,20,21]  This  test  case  was  utilized  to  analyze 
the  sensitivity  of  the  solution  to  the  number  of  grid 
points,  the  choice  of  the  clustering  parameter  3  at 
fixed  CFL,  and  the  explicit  numerical  dissipation  <£ 
which  was  usually  set  equal  to  the  time  step  Ar.  re¬ 
tails  of  this  comparison  have  been  reported  elsewhere 
[1-1,22].  Small  deviations  from  the  Navier-Stokes  so¬ 
lution  were  observed  at  the  nose  and  in  the  immedi¬ 
ate  neighborhood  of  the  junction  where  longitudinal 
curvature  terms  are  important  .  No  undesirable  os¬ 
cillations  of  the  flow  field  could  be  detected  by  use 
of  sensitive  visualization  techniques. 

Comparative  studies  were  also  performed  for  the 
nose  region  s  <  12  of  the  benchmark  case.  Tl.e  cases 
analyzed  are  listed  in  table  1  The  benchmark  case 
is  considerably  less  sensitive  to  grid  resolution  and 
clustering  parameter  than  the  hemisphere-cylinder 
at  lower  A/«,  even  near  the  sphere-cone  junction,  as 
shown  by  the  temperature  distributions  for  cases  III 
and  V  in  figure  2.  At  s  =  12,  between  45  and  105 
grid  points  are  located  inside  the  boundary  layer. 

The  code  is  fully  vectorized  for  high  performance 
on  the  Cray  Y-MP.  Vectorization,  however,  increases 
the  memory  demand  considerably.  Since  large  runs 
require  all  the  available  64Mwords  of  memory  which 
are  normally  shared  by  eight  processors,  an  au to- 
tasking  version  was  produced  to  exploit  parallel  pro¬ 
cessors.  In  comparison  to  the  single-processor  ver¬ 
sion,  the  use  of  four  and  eight  processors  reduced  the 
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wall  rlui  k  f iiit*-  l.o  G2%  and  50%,  respectively. 

2.4  Results  and  Comparisons  with 
Experiment 

1’wo  major  eases  art-  considered  for  t  he  Stetson  et  al. 
experiment  [1],  ten’  with  1300x  100  grid  points  (grid 
I)  and  the  her  with  1300x200  grid  points  (grid  II). 
For  both  gr.ds,  (lie  clustering  parameter  fl  is  equal 
to  1 .01.  The  run  histories  for  these  two  cases  arc 
given  in  Ref  [H],  The  total  computation  time  on  a 
single  proc<  ssor  is  about  00  hours  for  Grid  I  and  260 
hours  for  Grid  II  on  the  CRAY  Y-MP  of  the  Ohio 
Supercomputer  (’enter. 

Figure  3  shows  the  sonic  line  near  the  nose  re¬ 
gion  for  the  benchmark  case.  The  shape  of  the  sonic 
line  is  very  important  in  blunt-body  problems.  It 
is  evident  from  the  figure  that  in  the  absence  of 
a  boundary  layer  the  sonic-line  slope  is  in  the  up¬ 
stream  direction  at  the  body  surface.  In  general, 
its  slope  can  be  in  either  direction  depending  on 
the  free-stream  Mach  number  (23,25].  For  large 
Mach  numbers,  tin-  slope  is  upstream  which  implies 
that  left-running  characteristics  emanating  from  the 
body  surface  downstream  of  the  sonic  point  cannot 
intersect  the  sonic  line,  and  therefore,  cannot  influ¬ 
ence  the  upstream  flow.  Physically,  this  means  for 
a  given  large  A/r.^,  the  forebody  pressure  cannot  be 
influenced  by  body  changes  downstream  of  the  sonic 
point. 

The  comparison  of  the  surface  pressure  with  ex¬ 
perimental  data  and  the  Taylor- Maccoll  solution  for 
an  equivalent  sharp  cone  is  shown  in  Figure  4.  The 
blunt-cone  wall  pressure  is  slightly  higher  than  that 
of  the  inviscid  sharp  cone  because  of  the  displace¬ 
ment  effect  of  the  boundary  layer.  It  is  .important  to 
notice  that  the  pressure  initially  overexpands  with 
respect  to  the  asymptotic  afterbody  pressure  and 
very  slowly  approaches  the  pressure  of  the  conical 
How  from  below. 

Figure  5  shows  the  comparison  of  the  wall  temper¬ 
ature  with  the  experiment.  The  maximum  discrep¬ 
ancy  between  the  computed  absolute  wall  tempera¬ 
ture  and  the  measured  one  is  about  15%.  Ft  seems 
the  adiabatic  wall  condition  is  not  a  good  approxi¬ 
mation  to  the  experimental  wall  condition.  Stetson 
described  the  wall  to  be  in  equilibrium  conditions 
and  close  to  adiabatic  *.  Taking  the  actual  wall  tem¬ 
perature  to  be  85%  of  the  adiabatic  wall  tempera¬ 
ture  as  a  boundary  condition  appears  more  realistic. 
In  general,  surface  pressure,  shock  shape,  and  veloc¬ 
ity  profile  are  not  very  sensitive  to  wall  temperature 
conditions.  However,  this  may  not  be  true  for  the 
stability  characteristics  of  these  profiles. 


Velocity  profiles  at  station  22K  are  given  in  Fig¬ 
ures  G.  The  solid  lines  correspond  to  the  component 
of  velocity  parallel  to  the  wall.  The  comparison  +5“ 
fairly  good,  especially  near  the  edge  of  the  boundary 
layer.  The  probe  for  measuring  the  velocities  in  the 
experiment  was  relatively  large  and  caused  signifi¬ 
cant  interference  near  the  surface1. 

The  variation  of  pressure,  velocity,  temperature, 
and  Mach  number  profiles  at  different  stations  have 
been  investigated  in  detail  (see  Ref.  [14]).  We  found 
that  at  stations  upstream  of  s  =  74  the  velocity  and 
temperature  profiles  are  not  typical  supersonic  pro¬ 
files  even  though  the  Mach  number  outside  of  the 
boundary  layer  exceeds  5.  The  entropy  layer  pro¬ 
duced  by  the  curved  shock  is  still  thick  enough  to 
envelop  the  boundary  layer,  as  shown  by  the  pressure 
profiles  in  figures  7  and  8.  Downstream  of  station  74 
all  the  profiles  arc  similar  to  the  corresponding  sharp 
cone  profiles,  though  not  the  same. 

Figure  9  shows  the  computed  shock  shape  to  com¬ 
pare  very  well  with  the  experimental  shock  shape 
which  was  obtained  from  a  schlicren  picture  provided 
by  K.  F.  Stetson.  Also  shown  is  Rillig’s  correlation 
which  compares  well  only  near  the  nose  of  the  body 
and  diverges  widely  far  downstream  from  both  com¬ 
puted  and  measured  values.  Although  Rillig’s  cor¬ 
relation  requires  the  shock  to  approach  the  correct 
slope  far  downstream,  this  requirement  does  not  nec¬ 
essarily  place  the  shock  wave  at  the  correct  distance 
from  the  wall.  The  poor  quality  of  this  correlation 
as  an  initial  guess  for  computations  s  is  in  fact  one 
of  the  reasons  for  the  failure  of  TLNS  codes  at  larger 
s. 

The  efTect  of  grid  refinement  on  the  Mach  number 
profile  at  station  «  =  175  is  illustrated  in  Figure  10. 
At  these  far-downstream  stations  where  the  shock- 
layer  thickness  is  relatively  large,  the  solutions  for 
the  two  grids  1  and  11  are  basically  the  same  except 
the  coarse  grid  (Grid  I)  produces  an  overshoot  in 
most  of  the  profiles  at  the  boundary-layer  edge  for 
the  stations  above  s  >  121.  The  overshoot  at  the 
boundary-layer  edge  seems  to  be  caused  by  a  striStF 
numerical  shock  oscillation  due  to  the  lack  of  grid 
resolution  near  the  shock.  In  addition,  the  sharp 
changes  of  the  flow  properties  at  the  boundary-layer 
edge  which  are  typical  of  hypersonic  boundary  lay¬ 
ers,  require  a  fine  grid  near  the  edge.  The  computa¬ 
tional  results  suggest  that  a  clustering  parameter  of 
1.015  or  1.02  may  be  a  better  choice  for  both  grids. 

2.5  Shock-Shape  Inflection 

A  significant  difference  between  the  shock  wave  on 
sharp  and  blunt  cones,  aside  from  the  expected  de¬ 
tached  shock  wave  at  the  nose  of  the  blunt  cone,  is 
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I  he  inflection  in  the  shock  shape  which  occurs  several 
tip  diameters  downstream  from  the  blunted  nose. 
Bertram  [24]  has  shown  the  inflection  in  the  shock 
siiape  for  a  truncated  cone  experimentally.  Because 
of  the  existence  of  compression  waves  arising  from 
the  o  erexpanded  type  of  pressure  distribution  one 
won!*1,  expect  to  find  inflection  points  in  the  main 
shock  over  a  blunted  cone  [25].  Figure  11  shows  the 
shoci  angle  versus  s  together  with  the  correspond¬ 
ing  inviscid  sharp-cone  shock  angle.  The  inflection 
point  in  the  shock  shape  is  at  station  66.  The  shock 
angle  at  this  station  is  9.43 13® . 

2.6  Derivatives 

Since  the  stability  characteristics  of  a  flow  are  not 
only  governed  by  the  natural  flow  variables  but  also 
th'cir  derivatives,  especially  in  the  neighborhood  of 
critical  layers,  we  have  verified  that  the  derivatives 
appearing  in  the  stability  equations  are  accurately 
resolved.  The  fourth-order  compact  finite-difference 
method  suggested  by  Malik  [8]  introduces  additional 
different  iation.  Therefore,  derivatives  up  to  the  third 
have  been  checked  and  found  satisfactory  as  shown 
in  figures  12  for  M .  An  exception  is  the  pressure 
which  shows  some  inaccuracy  of  the  second  and 
higher  derivatives  near  the  wall  and  the  edge  of  the 
boundary-layer,  as  shown  in  figure  13.  These  deriva¬ 
tives  arc  originally  absent  from  the  stability  equa¬ 
tions  that  are  directly  solved  by  spectral  methods 
but  are  introduced  by  the  compact  finite-difTercnce 
formulation. 

3  Linear  Stability  Analysis 

The  linear  stability  equations  were  developed  in  the 
traditional  way  referring  to  the  same  coordinate  sys¬ 
tem  as  the  basic-flow  computation.  In  contrast  to 
previous  work,  we  maintained  all  terms,  including 
those  arising  from  longitudinal  and  transverse  cur¬ 
vature.  Careful  attention  has  been  paid  to  the  slight 
difference  of  the  coordinate  system  and  associated 
velocity  components  from  the  usual  streamwise  co- 
ordinate  parallel  to  the  wall.  The  flow  angularity, 
the  orientation  of  the  velocity  vector  with  respect  to 
the  cone,  is  less  than  4®,  and  its  maximum  occurs 
near  the  shock.  The  flow  angularity  is  negative  near 
the  wall  on  the  cone  frustrum.  The  streamwise  vari¬ 
ation  of  the  basic  flow  has  been  neglected  under  the 
parallel-flow  assumption. 

3.1  Outer  Boundary  Conditions 

We  have  considered  three  types  of  boundary  condi¬ 
tions 


•  homogeneous  boundary  conditions  as  >/  — »  oo, 

•  asymptotic  boundary  conditions  at  some  finite 
distance  from  the  wall,  and 

•  boundary  conditions  at  the  shock  based  on  the 
linearized  Rankine-llugoniot  conditions. 

Detailed  studies  on  the  implementation  of  shock 
boundary  conditions  into  the  traditional  local  sta¬ 
bility  analysis  have  been  conducted  for  the  flow  over 
a  5°  wedge  (similarity  solution).  A  typical  result 
for  the  temporal  growth  rate  is  shown  in  figure  14. 
The  effect  of  different  boundary  conditions  has  been 
found  to  be  small,  except  at  very  small  wave  num¬ 
bers.  In  the  region  of  significant  amplification,  the 
growth  rates  of  both  oblique  first  modes  and  two- 
dimensional  second  modes  is  unaffected  by  the  choice 
of  the  outer  boundary  conditions.  Similar  results 
have  been  obtained  for  the  flow  over  the  blunt  cone. 
It  is  clear,  however,  that  the  local  stability  analy¬ 
sis  cannot  accommodate  the  disturbance  propaga¬ 
tion  along  characteristics  and  hence  may  not  capture 
the  correct  physics. 

3.2  Numerical  Stability  Analysis 

The  stability  equations  have  been  solved  with  both 
spectral  and  compact  methods  for  prototype  flows  to 
validate  the  stability  codes.  For  the  spectral  method, 
the  physical  domain  tj  £  [0,q,]  is  mapped  to  the 
spectral  domain  z  £  [1,-1]  by  the  transformation 
z  —  (a  —  bi))/(a  +  brj)  while  various  grid-point  distri¬ 
butions  have  been  applied  with  the  finite-difference 
method.  The  programs  provide  for  analysis  of  tem¬ 
poral  or  spatial  growth.  Some  of  our  conclusions  as 
to  the  utility  of  various  methods  at  high  Mach  num¬ 
bers  disagree  with  those  of  Malik  [8].  We  have  re¬ 
peated  his  spatial  eigenvalue  calculation  for  an  adia¬ 
batic  flat  plate  at  A/«  =  4.5,  Re  =  1500,  Tt  —  121#K 
with  w  =  0.23  and  /?  =  0.  The  results  in  table  2 
show  excellent  convergence  of  our  spectral  method. 

3.3  Stability  Results 

The  systematic  stability  analysis  of  the  benchmark 
flow  is  at  this  time  still  incomplete,  especially  the 
critical  Reynolds  number  has  not  yet  been  calcu¬ 
lated.  We  restrict  the  discussion  to  the  results  for 
the  second  mode  at  station  175  where  Re  =  2338.53, 
rj,  =  152.3.  The  basic-flow  conditions  before  and  af¬ 
ter  the  shock  are  obtained  from  the  numerical  solu¬ 
tion.  The  results  for  the  spatial  amplification  rate 
versus  the  frequency  of  the  second  mode  is  shown  in 
figure  15  together  with  the  experimental  results  [1] 
and  numerical  results  of  Malik  et  al.  [6].  The  wave 


iiumln  r  n>  —  0.21  at.  tin;  frequency  of  maximum  ain- 
plifieat  ion  corresponds  to  a  wavelength  twice  that  of 
t  he  boundary-layer  thickness,  A  «  26,  as  observed  by 
Stetson  et  nl.  The  maximum  growth  rate,  however, 
is  significant  ly  different  from  the  observed  value,  and 
the  band  width  of  instability  is  much  narrower,  sim¬ 
ilar  to  that  observed  in  the  sharp-cone  experiments 
[:»]■ 

The  discrepancy  between  our  numerical  results 
and  those  of  Ref.  [8]  is  significant  and  of  the  same 
order  as  the  difference  to  sharp-cone  results  [4].  The 
disagreement  is  both  in  the  maximum  amplification 
and  the  associated  frequency.  It  is  unclear  whether 
the  discrepancy  arises  from  inaccuracies  of  the  PNS 
approach  in  providing  the  basic  flow  or  in  the  trun¬ 
cated  stability  equations  .  Traditional  transition  cri¬ 
teria  like  the  eN  method  integrate  these  amplifica¬ 
tion  rate's  to  arrive  at  a  transition  Reynolds  number 
[26].  The  accumulation  of  differences  leads  to  re¬ 
sults  unacceptable  for  the  design  of  advanced  flight 
vehicles. 

4  Conclusions 

The  thin-layer  Navier-Stokes  equations  were  numer¬ 
ically  solved  for  flow  at  Mach  8  past  a  7°  half-angle 
blunted  cone.  Some  conclusions  regarding  these 
computations  are  as  follows: 

•  In  the  current  state,  CFD  is  capable  of  pro¬ 
ducing  numerical  solutions  of  the  Navier-Stokes 
equations  suitable  as  basic  flow  for  stability 
analysis. 

•  The  present  method  of  solution  for  the  basic 
flow  is  not  feasible  for  practical  use  in  engineer¬ 
ing,  because  of  the  computational  resources  re¬ 
quired.  Our  computations  establish  a  bench¬ 
mark  solution  to  measure  the  quality  of  codes 
currently  in  use  or  in  development  with  regard 
to  flow  field  and  stability  analysis.  Such  a  code 
comparison  has  been  proposed  as  a  high  priority 
task  by  the  U.S.  Transition  Study  Group. 

•  The  computational  demand  is  caused  by  the 
large  number  of  grid  points  required  for  accu¬ 
rate  results  in  combination  with  slow  conver¬ 
gence  which  arises  from  two  main  sources.  First, 
the  shock  shape  is  not  known  prior  to  the  com¬ 
putation,  requiring  that  one  of  the  boundary 
c  onditions  be  found  as  part  of  the  computation. 
This  can  be  improved  by  solving  the  shock  wave 
boundary  conditions  implicitly  rather  than  ex¬ 
plicitly.  Second,  we  noticed  that  after  the  shock 
wave  reaches  a  “reasonable  shape”,  the  max¬ 
imum  error  occurs  at  the  outflow  boundary 


where  linear  extrapolation  was  used.  Linear 
extrapolation  is  not  valid  below  the  sonic  line 
where  the  flow  is  subsonic.  Improved  conver¬ 
gence  might  result  if  the  pressure  is  assumed 
constant  in  the  subsonic  region  of  the  boundary 
layer  at  the  outflow  boundary  and  is  equal  to 
the  pressure  where  the  flow  is  sonic.  This  as¬ 
sumption  is  consistent  with  boundary-layer  and 
characteristic  theory. 

•  Computational  results  indicate  that  the  flow 
field  becomes  qualitatively  similar  to  that  of  the 
sharp  cone  after  station  s  =  74.  The  quanti¬ 
tative  differences  may  afTect  the  flow  stability 
characteristic. 

•  For  routine  calculations,  it  appears  necessary  to 
replace  the  low-order  methods  currently  in  use 
by  higher-order,  e.g.  Hermitean,  methods  that 
would  improve  both  the  approximation  to  the 
flow  field  as  well  as  the  derivatives  needed. 

•  The  methods  of  stability  analysis  (^undet-tlie.  ^ 
parallel-flow  assumption)  seem  to  converge  to 

a  picture  that  is  different  from  that  experimen¬ 
tally  observed.  It  is  highly  desirable  to  compare 
in  detail  the  high-accuracy  studies  for  blunt  and 
sharp  cones  with  respect  to  basic  flow  and  dis¬ 
turbance  properties  to  establish  a  sound  base  of 
stability  results. 

•  In  spite  of  the  improved  accuracy  of  the  basic 
flow,  stability  formulation,  and  solution  of  the 
stability  problem,  we  have  not  yet  found  the 
key  to  the  observed  differences  in  the  stability 
characteristics  of  the  flow  over  sharp  and  blunt 
cones. 

It  appears  all  to  easy  to  blame  the  disagreement 
on  experimental  conditions  such  as  the  wind  tunnel 
noise  (which  was  present  in  both  sharp  and  blunt 
cone  experiments).  The  deviation  of  the  thermo¬ 
dynamic  properties  in  the  experiment  from  those 
assumed  in  the  computation  may  contribute  some 
differences.  The  receptivity  of  the  flow  in  the  two 
geometries  may  be  drastically  different  yet  is  com¬ 
pletely  ignored  in  the  stability  analysis.  Moreover, 
the  locally  parallel  stability  theory  does  not  properly 
account  for  the  propagation  of  information  at  high 
supersonic  speeds  where  the  boundary  layer  occu¬ 
pies  a  significant  part  of  the  shock  layer.  Since  the 
physical  mechanism  of  the  second-mode  instability 
is  insufficiently  known,  the  effect  of  approximations 
is  difficult  to  estimate. 

Independent  experiments  on  the  same  configura¬ 
tion,  perhaps  in  a  “quiet”  wind  tunnel,  would  be 
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valuable.  On  the  analytical  side,  we  are  in  the  pro- 
cess  of  applying  the  parabolized  stability  equations 
(PSE)  [27,28,29,30]  to  model  flows  at  high  Mach 
number.  The  PSE  approach  accounts  correctly  for 
I  he  propagation  of  information  in  conveclively  un¬ 
stable  flows  and  permits  studies  of  linear  stabil¬ 
ity  chara  .eristics,  secondary  instabilities,  nonlin¬ 
ear  mode  interaction,  and  breakdown  in  streamwise 
varying  flows.  Even  if  the  mystery  of  the  blunt-cone 
results  of  Stetson  et  al.  may  be  hidden  in  the  ex¬ 
perimental  procedures  or  in  some  unknown  receptiv¬ 
ity  phenomenon  associated  with  the  detached  shock, 
the  highly  accurate  basic  flow  in  combination  with 
the  PSE  analysis  of  stability  will  provide  a  measure 
for  our  capabilities  to  cpiantitatively  analyze  stabil¬ 
ity  and  transition  at  high  Mach  numbers. 
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Table  1.  Case  descriptions.  Table  2.  Eigenvalues  a  obtained  with  different 

numbers  J  -f  1  of  collocation  points. 
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1.  SUMMARY 

Tile  effects  of  nonequilibrium  chemistry  and  three- 
dimensionality  on  die  stability  characteristics  of  hypersonic 
flows  are  discussed.  In  two-dimensional  (2-D)  and 
axisymmetric  Hows,  the  inclusion  of  chemistry  causes  a  shift 
of  the  second  mode  of  Mack  to  lower  frequencies.  This  is 
found  to  be  due  to  die  increase  in  size  of  the  region  of  relative 
supersonic  flow  because  of  die  lower  speeds  of  sound  in  the 
relatively  cooler  boundary  layers.  Although  this  shift  in 
frequency  is  present  in  bodt  the  equilibrium  and 
nonequililrrium  air  results,  die  equilibrium  approximation 
predicts  modes  which  are  not  observed  in  die  nonequilibrium 
calculations  (for  die  flight  conditions  considered).  These 
modes  are  superpositions  of  incoming  and  outgoing  unstable 
disturbances  which  travel  supersonically  relative  to  the 
I'oundury -layer  edge  velocity.  Such  solutions  are  possible 
because  of  the  finite  shock  stand-off  distance.  Their 
corresponding  wall-normal  profiles  exhibit  an  oscillatory 
behavior  in  die  inviscid  region  between  the  boundary-layer 
edge  and  the  (sow  shock. 

[•or  the  examination  of  three-dimensional  (3-D)  effects,  a 
rotating  cone  is  used  as  a  model  of  a  swept  wing.  An  increase 
of  stagnation  temperature  is  found  to  be  only  slightly 
stabilizing.  The  correlation  of  transition  location  (N  =  9)  with 
parameters  describing  the  crossflow  profile  is  discussed. 
Transition  location  docs  not  correlate  with  the  traditional 
crossflow  Reynolds  number.  A  new  parameter  that  appears  to 
correlate  for  boundary-layer  flow  has  been  found.  A 
verification  with  experiments  on  a  yawed  cone  is  provided. 

2.  LIST  OK  SYMBOLS 

A  =  Pr1/2(y- 1)  Me2/2 

C*  Chapman-Rubcsin  parameter  based  on  T* 

C‘ad  Chapman-Rubcsin  parameter  based  on  T*ld 

E,  total  energy  of  mixture  per  unit  volume 

hj  =1  +  tcy 

h3  =(r  +  ycosO)m 

H  factor  in  Rcf(ncw)  including  compressibility 

Hcf  =  8,0  /  ym„;  crossflow  shape  factor 
i  square  root  of  -1 

Jl  molar  flux  of  species  i 

L  factor  in  Rcj(ncw)  including  cooling 

m  =0  for  2-D  flow;  =1  for  axisymmetric  flow 
M  frccstrcam  Mach  number 

Mc  local  edge  Mach  number  with  respect  to  a  reference 
frame  fixed  to  surface  of  rotating  cone 
Mr  local  Mach  number  of  basic  state  relative  to  velocity 
at  generalized  inflection  points 
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pre-shock  Mach  number 
amplification  factor 
pressure;  mixture  pressure 
l'randil  number  at  reference  temperature  T* 
general  basic-stale  quantity 
heat  flux 

general  disturbance- amplitude  distribution 
general  disturbance  quantity 
distance  from  body  axis  to  surface 
=  Two/  ra0 

Reynolds  number  based  on  local  edge  conditions 
and  reference  boundary-layer  thickness 
Rcf  =  WmlsR10/v;  crossflow  Reynolds  number 

Rc)(new)  new  crossflow  Reynolds  number,  Eq.  (1) 

Re,  Reynolds  number  based  on  a  reference  length 

R,  R  at  transition  according  to  linear  stability  theory 

R0  R  at  x0 

S,  Sjj  stress  tensor 

t  time 

T  temperature 

T, d  local  adiabatic  wall  temperature 

T,o  adiabatic  wall  temperature  at  upstream  point  x0 
Te  edge  temperature 

Tw()  specified  wall  temperature  at  upstream  point  x„ 

Tw  local  wall  temperature 

T*  -  -reference  temperature 
T*,j  reference  temperature  for  adiabatic  wall 

u,v,w  strcamwisc,  normal-to-wall,  spanwisc  velocity 

Ue  local  inviscid  flow  speed;  for  rotating  cone, 
reference  frame  is  fixed  to  the  surface 
Wmlll  maximum  crossflow  velocity,  that  is.jzelocity  in 
direction  perpendicular  to  local  inviscid  flow;  for 
rotating  cone,  reference  frame  is  fixed  to  surface 

x, y,z  strcamwisc,  normal-to-wall,  spanwise  coordinates 

x0  initial  strcamwisc  position  for  calculation  of  N;  or 

upstream  position  for  marching 

ym„  height  of  Wm„  above  wall 

y,  height  of  relative  sonic  point  above  wall 

a  strcamwisc  component  of  wavenumber 

-a,  negative  of  imaginary  part  of  a;  spatial  growth  rate 
P  spanwise  component  of  wavenumber 

P,  imaginary  part  of  p 

5  boundary-layer  thickness 

8.d  boundary-layer  thickness  for  adiabatic  wall 

Scoot  boundary-layer  thickness  for  cooled  wall 

Smccoip  boundary-layer  thickness  for  incompressible 
constant-temperature  flow 

5r  =  (pex/peUe)'^;  reference  boundary-layer  thickness 

5,o  height  above  ymn  where  crossflow  is  10%  Wmtx 
7  edge  ratio  of  specific  heats 

Y„  pre-shock  ratio  of  frozen  speci  fic  heats 

T)  either  a  similarity  or  computational  variable  in 


N 

P 

Pr 

q 

Rx-qy-fiz 

q<> 

qi 

r 

r 

R 


ip-i 


norinal-to-wall  direction 
K  --  -dO  /  dx 

Uc  edge  dynamic  viscosity 

ve  edge  kinematic  viscosity 

0  angle  between  body  surface  and  body  axis 

p  mixture  mass  density 

pe  edge  deasily 

nl  species  i  concentration  to  mixture  mass  density 

x  time  variable  in  computational  domain 

CO  frequency  of  disturbance 

Si  cone  rotational  speed 

q,T),£  slrcamwise.  normal-lo-wall,  spanwise 

computational  coordinates 

3.  INTRODUCTION 

The  skin-friction  drag  tend  heat-traasfer  rates  of  hypersonic 
vehicles  can  be  reduced  by  delaying  transition  from  laminar 
to  turbulent  flow.  But  the  characteristics  of  transition  at  these 
speeds  are  not  well  known.  Transition  is  known,  however,  to 
be  highly  dependent  on  the  details  of  the  flowficld. 

Hypersonic  flows  are  more  complicated  than  incompressible 
flows  for  some  of  llie  following  reasons.  1)  At  hypersonic 
speeds,  the  gas  often  cannot  be  modeled  as  perfect  because 
the  molecular  species  begin  to  dissociate  due  to  aerodynamic 
healing.  In  fact,  sometimes  there  arc  not  enough 
inter  molecular  collisions  to  support  local  chemical 
equilibrium  and  a  noncquilibrium-chcmistry  model  must  be 
used.  2)  The  bow  shock  is  very  close  to  the  edge  of  the 
boundary  layer  and  must  be  included  in  the  calculatioas.  3) 
The  wings  are  highly  swept  at  hypersonic  speeds  in  order  to 
reduce  wave  drag.  The  boundary  layers  on  these  wings  arc 
consequently  highly  3-D.  All  of  these  effects  must  be 
included  in  studies  of  transition. 

Linear  stability  theory  proves  useful  in  determining  the 
important  effects  and  their  trends.  Here,  the  resultant  growth 
or  dc  ay  of  small  disturbances  in  the  boundary  layer  which 
lead  to  transition  is  the  measure  of  transition  enhancement  or 
delay.  This  paper  reports  the  results  of  linear  stability  theory 
applied  to  chemically  reacting  flows  with  finite  shock  stand¬ 
off  distance  in  Section  4  and  3-D  flows  in  Section  5. 

4.  CHEMICALLY  REACTING  TWO-DIMENSIONAL 
BOUNDARY  LAYERS  (STUCKERT  AND  REED) 

-,'.1  Numerical  Approach 

Qualitative  as  well  as  quantitative  differences  in  the  linear 
stability  of  the  shock  layer  on  a  sharp  cone  can  be  observed 
when  die  effects  of  finite-rate  chemical  reactions  arc  included. 
Here  a  five-component  model  for  dissociated  air  is  used:  02, 
N2,  NO,  N,  and  O.  Only  the  effects  of  dissociation  arc 
considered;  those  of  ionization  arc  not.  The  mixture  is  also 
assumed  to  be  one  of  ideal  gases  in  thermal  equilibrium. 

The  equations  governing  the  flow  of  this  reading-gas  mixture 
arc  originally  expressed  in  the  body- intrinsic  coordinate 
system  (i.c.,  Anderson  el  a!.,  1984).  However,  since  the 
boundary  layer  occupies  a  substantial  fraction  of  the  shock 
layer  at  hypersonic  speeds,  these  equations  arc  transformed 
into  a  coordinate  system  where  the  basic-state  bow  shock  is  a 


boundary  of  the  computational  domain: 

f>(yriQ)l<n  +  3(y^E)/^4  +  ^(-yTQ  -  yjF  +  f  -y^G)/(")r|  + 

3(ynG)/^  +  yi,H-ynR  =  0 

where 

Q  =  h|hj  (p,  pu,  pv,  pw,  E,,  po.) 

E  =  E|  -  Ev 

E,  =  h3  (pu,  pu2+p/y^M„2,  puv,  puw,  (E,+p)u,  po,u) 

Ev  =  (hj/Re, )  (0,  S,,,  Syl.S„, 

Y-M-2  <uS„  +  vSy,  +  wSzx)  -  q„  -jix) 

F  =  Er-Fv 

F]  =  h,h3  {pv,  puv,  pvT+p/y^M^2,  pvw,  (E,+p)v,  po,v) 

Fv  =  (hjhj/Re^)  {0,  Sxy,  Syy,  Szy, 

Y_M_2  (uS,y  +  vSn  +  wSzy)  -  qy,  -j,y) 

G  =  G|  -  Gv 

G|  =  h,  (pw,  puw,  pvw,  pw2+pAy„M^,2,  (E,+p)w,  po,w) 

Gv  =  (hj/RC[  )  (0,  Sxz,  Sy2,  Syz, 

- (uS„  +  vSyz  +  wS„)  -  qz.  -jj 

H  =  H,-HV 

III  =  (0,  Khjpuv  -  mh,  (pw2  +  p/y_M_2)  sinO, 

-K‘h3  (pu2  +  p/y_M„2)  ■  mh,  (pw2  +  p/y„M_2)  cost), 
mhtpw  (usinO  +  vcosO),  0,  0) 

Hv  =  (0,  KhjSly  -  nih,S/zsin0,  -KhjS,,,  -  mh,Szzcos0, 
mhj  (SjjSinO  +  Syzcos0),  0,  0) 

R  =  h,hj  (0, 0.  0. 0,  0,  Molar  rate  of  production  of  species  t  ) 

(Note:  E,  F,  G,  H,  Q.  R  arc  not  in  the  List  of  Symbols.)  The 
viscosity  user!  to  determine  the  viscous  stress  tensor  S  is 
computed  using  the  mixture  laws  of  Brokaw  (1958).  The 
translational  thermal  conductivity  is  computed  similarly, 
whereas  the  internal  thermal  conductivity  is  determined  as 
described  in  Hirschfcldcr  (1957).  The  molar  fluxes  j|  are 
computed  using  the  multicomponent  diffusion  model 
described  by  Curtiss  &  Hirschfcldcr  (1949),  but  only 
diffusion  due  to  concentration  gradients  is  included  -  diffusion 
due  to  pressure  and  temperature  gradients  and  body  forces  is 
not.  Finally,  the  law  of  mass  action  is  used  to  compute  the 
molar  rate  of  production  of  each  species  assuming  that  they 
participate  in  the  elementary  reactions; 

02+Mh0  +  0+M 

n2  +  m«-»n  +  n  +  m 
n2+o«->no+n 
o+no«-»n+o2 

where  M  is  a  collision  partner  (any  of  the  species  present  in 
the  mixture)  which  transfers  energy  in  a  reaction. 

The  thermophysical  data  needed  for  the  analysis  have  been 
taken  from  a  variety  of  sources.  Collision  cross  section  data 
for  the  transport  properties  can  be  found  in  Biolsi  &  Biolsi 
(1983),  Biolsi  (1988),  Capitclli  &  Devoto  (1973),  Capitclli  & 


f-icoa-iii  ( i ' '  < l.'uK.-y  M;is,m  (1975).  Levin  et  .il.  (1987. 
1988).  Monehick  (1959).  end  Yim  &  Mason  (1962). 
TIiL-nitoilynJinie  (lain  have  bed.  taken  from  Blotfner  et  al. 
(1971)  and  Jaffe  (1987).  Reaction -rate  data  can  be  found  in 
Cumae  &  Vaughan  (1961).  Wray  (1962).  Thielcn  &  Roth 
(1986),  Mortal  et  al.  (1978),  and  Hanson  &  Salirnian  (1984). 
Reverse  reaction  rate  constants  are  computed  using  llie  law  of 
detailed  balance  to  express  them  in  terms  of  the  forward-rate 
and  ei|isilibriuni  constants.  For  a  complete  description  of  the 
cons’  thrive  equations  as  well  as  detailed  references  for  tne 
ihciTtiophysical  data,  refer  to  Stuckcrl  (1991). 

4.1.1  Bas  e  State 

The  basic  state  is  computed  using  ’he  Parabolized  Navicr- 
Stokes  equations,  which  are  obtained  from  those  given  above 
by  neglecting  viscous  terms  involving  derivatives  tangent  to 
the  Ixxly.  fro  simplify  the  analysis,  this  approximation  is 
made  in  the  body-intriasic  coordinate  system  before  the 
equations  arc  transformed  into  the  shock-fit  coordinate 
system.)  The  Beam-Warming  algorithm  (Ream  &  Warming, 
1978)  is  used  in  conjunction  with  a  shock-fitting  scheme  and 
the  Vignvron  technique  (to  suppress  drfmrture  solutions)  to 
solve  these  equations.  This  is  an  efficient  implicit  algorithm 
used  to  inarch  the  solution  downstream  from  initial  conditions 
generated  here  by  assuming  that  the  flow  is  approximately 
conical  near. the  apex  of  a  sharply  pointed  body.  A  stretching 
function  is  used  to  cluster  grid  points  near  the  edge  of  the 
Ixiundary  layer  -  a  location  where  the  basic  state  varies 
rapidly  and  which  also  lies  in  the  vicinity  of  the  critical  point 
of  die  disturbance  state  at  hypersonic  Mach  numlxirs.  No 
artificial  dissipation  is  required  for  the  simple  geometry 
investigated  here  because  there  are  no  discontinuities 
embedded  in  die  shock  layer. 

4.1.2  Linear  Stability  Theory 

1 .  e  linear  stability  analysis  is  performed  by  linearizing  the 
complete  Navicr-Stokcs  equations  about  die  basic  state.  The 
same  basic-state  shock-fit  coordinate  system  is  used  (which  is 
almost  conical)  and  linearized  inviscid  shock  jump  conditions 
are  imposed  at  the  basic-state  shock  location.  For  a  cone,  K  = 
0,  and  so  h]  =  I.  Normal  modes  are  assumed  for  die 
disturbance  state  variables  qjt 

9l  =  RoW  cxp(  i(«4  +  -  WT)| 

and  die  basic-state  flow  is  assumed  to  satisfy  Dq/3!;  =  0. 
(Note  that  die  basic-state  normal-velocity  component  is  not 
set  to  zer  ■>;  it  is  not  zero  in  a  conical  flow.)  The  disturbances 
ii  veloc  .y  and  temperature  as  well  as  species  mass  fluxes 
(i.c.,  noucatalytic  wall)  are  zero  at  the  surface.  (For 
equilibrium  air  analyses,  the  disturbances  arc  assumed  to  be  in 
chemical  equilibrium  at  the  surface.)  These  homogeneous 
equations  and  boundary  conditions  represent  an  eigenvalue 
problem  for  the  eigenvector  q^T)).  When  a  and  P  are 
specified,  the  eigenvalue  is  ©(temporal  problem),  and  when  P 
and  to  are  specified,  the  eigenvalue  is  a  (spatial  problem).  In 
cither  case,  the  governing  equations  arc  first  discretized  using 
second-order  central  differences.  The  temporal  problem  is 
easy  to  analyze  because  it  is  linear  in  (0  and  hence  can  be 
sol  veil  using  a  globally  convergent  scheme  sttch  as  the  QZ 


algorithm  (c.g.,  flolub  &.  Vanl-oan,  1985).  Inverse  iteration 
and  the  Ncwton-Raphson  method  can  be  used  to  compute  die 
eigenvector  and  solve  the  spatial  eigenvalue  problem. 

4.2  Results 

The  particular  case  investigated  is  dial  of  a  10°  half-angle 
cone  flying  at  8100  m/s  and  zero  angle  of  attack  at  an  altitude 
of  60.96  km  where  the  ambient  temperature  and  pressure  are 
252. 6K  and  2.008X1  O'4  atmospheres,  respectively.  The 
Reynolds  number  based  upon  a  reference  length  of  lnt  and 
dresc  freestream  conditions  is  139,900.  The  atmosphere  is 
considered  to  be  21%  O,  and  79%  Ns  by  volume,  and  the 
noncatalylic  surface  of  die  cone  is  kept  at  a  constant 
temperature  of  1200K.  This  is  essentially  the  case  considered 
by  Prabhu  et  al.  (1988)  except  that  they  assumed  a  different 
freestream  composition  of  air.  Also,  there  is  no  crossflow. 

Due  to  the  lack  of  space,  only  a  couple  of  basic-state  results 
pertinent  to  the  stability  analysis  are  presented  here,  h  should 
be  mentioned,  though,  dial  die  boundary-layer  edge  Mach 
number  is  approximately  10  for  the  given  pre-shock 
conditions.  It  is  slightly  lower  for  the  perfect-gas  analysis, 
and  slightly  higher  for  die  equilibrium-  and  nonequilibrium 
air  analyses  because  the  hotter  perfect-gas  boundary  layer  is 
more  rarefied  and  hence  diicker,  displacing  and  compressing 
the  external  flow  the  greatest.  For  the  same  reason,  the 
perfect-gas  edge  temperature  is  approximately  6.5  times  the 
freestream  temperature,  whereas  the  equilibrium”"  and 
nonequilibrium-air  edge  temperatures  are  6  times  the 
freestream  value. 

One  feature  of  the  boundary  layer  important  to  linear  stability 
is  die  size  of  the  region  where  the  disturbance  is  supersonic 
relative  to  the  local  basic  state.  A  measure  of  this  is 
r 

y\ 

(Mr2-l)1/2dy 

J  0 

where  Mr  is  die  local  Mach  number  of  llie  basic  state  relative 
to  the  velocity  at  the  generalized  inflection  points  (those 
points  where  r)(pi)u/t)y)/i)y  =  0).  This  integral  is  shown  in 
Figure  1  (where  x  is  measured  in  meters).  Corresponding 
results  from  a  perfect-gas  boundary-layer  similarity  solution 
arc  shown  for  comparison.  One  can  see  from  this  figure  that 
the  perfect-gas  similarity  and  PNS  solutions  yield  very 
comparable  results  and  that  in  both  cases  die  values  of  the 
integrals  arc  substantially  less  than  the  corresponding  values 
for  the  equilibrium-  and  nonequilibrium-air  boundary  layers. 
As  Mack  (1969)  has  shown,  this  integral  is  closely  related  to 
the  spacing  between  his  higher  inviscid  modes;  as  an 
approximation,  it  is  inversely  proportional  to  it.  The  shift  to 
lower  frequencies  of  the  most  unstable  second-mode 
disturbance,  when  the  effects  of  equilibrium-air  chemistry  are 
included  has  been  seen  by  both  Malik  (1989)  and  Stuckert 
(1991).  Sec  Figure  2.  The  same  shift  in  frequency  is 
observed  in  the  nonequilibrium  case  for  precisely  the  same 
reason:  the  local  relative  Mach  number  is  in  general  higher 
for  the  rcacting-gas  cases  because  the  local  velocity  is  atmost 
the  same,  but  the  local  speed  of  sound  is  lower  in  the  colder 
boundary  layers.  These  reacling-gas  boundary  layers  arc 


colder  because  some  of  the  heal  generated  by  viscous 
dissipation  is  used  to  dissociate  the  molecular  oxygen  and 
nitrogen. 

The  equilibrium  air  boundary  layer  also  exhibits  a  feature 
which  is  not  seen  in  the  perfect  gas  or  the  nonequilibrium-air 
boundary  layer  (at  least  for  the  present  flight  conditions).  In 
particular,  an  equilibrium-air  mode  exists  which  is  supersonic 
relative  to  the  inviscid  region  of  the  shock  layer.  The 
eigenfunction  for  this  disturbance  is  shown  in  Figure  3.  The 
oscillatory  behavior  of  the  magnitude  of  the  disturbance  is 
due  in  part  to  die  fact  that  the  character  of  the  disturbance- 
state  equations  changes  when  the  Mach  number  of  the 
disturbance  is  supersonic  relative  to  the  boundary-layer  edge. 
It  is  also  due  to  the  Tact  that  the  shock  stand-off  distance  is 
finite,  so  that  solutions  to  the  disturbance-state  equations  in 
die  inviscid  region  of  the  shock  layer  arc  possible  which  do 
not  decay  as  y  becomes  large.  This  is  discussed  in  greater 
detail  by  Stuekert  &  Reed  (1992). 

5.  TURKIC  -  DIMENSIONAL  HIGH  -  SPEED 
BOUNDARY  LAYERS  (REED  AND  HAYNES) 

5.1  L'se  of  Simple  Geometries  to  Model  Three-Dimensional 
Boundary  Layers 

At  hypersonic  speeds,  the  wings  of  the  vehicles  arc  highly 
swept  and  the  flow  is  highly  3-D.  When  a  boundary-layer 
flow  is  fully  3-D.  the  stability  and  transition  behavior  is  quite 
different  front  2-D  flows.  Of  particular  interest  arc  the 
stability  characteristics  of  these  3-D  flows  where  inviscid 
criteria  may  produce  a  stronger  instability  (crossflow 
instability)  than  the  usual  Tollmien-Schlichting  waves.  For  a 
recent  review  of  dtis  subject,  sec  Reed  &  Saric  (1989). 

Examples  of  other  3-D  flows  of  practical  interest  include 
rotating  cores,  yawed  cylinders  and  cones,  comers,  inlets,  and 
rotating  di-  ks.  It  appears  that  all  of  these  flows  (including 
swept  wings)  exhibit  the  same  rich  variety  of  stability 
behavior  dial  is  generic  to  3-D  boundary  layers.  A  consistent 
characteristic  of  the  instabilities  is  the  presence  of  sircamwisc 
vorticity  within  die  shear  layer. 

In  fact,  in  incompressible  flow,  for  example,  the  experimental 
and  analytical  results  of  Kobayashi  ct  al.  (1983)  on  rotating 
cones  have  demonstrated  that  one  can  even  model  a  swept 
wing  or  odicr  more  complicated  geometry  exhibiting 
cros'  flow  instability  by  a  simpler  geometry  and  study  the 
stability  characteristics.  Results  obtained  can  thus  be  directly 
appl.ed  to  other  3-D  boundary  layers.  From  simpler 
geometries  such  as  the  rotating  cone,  much  of  what  is  known 
about  die  flow  over  the  swept  wing  has  been  learned. 

5.2  Numerical  Approach 

To  evaluate  parameters  quantifying  stability  characteristics, 
the  lnear  stability  of  the  flow  over  a  rotating  cone  at  zero 
incide: ice  is  examined  (Figure  4).  As  mentioned  above,  this  is 
a  sin-  ,c  geometry  that  is  often  used  very  successfully  in 
incompressible  flow  as  a  model  for  a  swept  wing.  Al  very 
high  speeds,  where  even  the  basic-state  calculations  are  a 
problem,  the  simple  geometry  of  the  routing  cone  becomes  a 
suitable  and  valuable  model  to  study  the  crossflow  instability 


(Balakurnar  &  Reed,  1991). 

The  governing  boundary-layer  equations  for  a  compressible 
ideal-gas  flow  arc  solved  in  a  body-oriented  coordinate 
system.  By  varying  die  freestream  Mach  number,  rotational 
speed,  cone  angle,  and  position  on  the  cone,  a  wide  parameter 
range  of  possible  3-D  boundary  layers  can  be  studied  and  the 
various  non-dimensional  parameters  associated  with  the 
crossflow  profile  are  easily  fixed  (R,  Rcf,  Hcf,  .  .  .).  The 
details  of  the  basic-state  formulation  and  linear  stability 
analysis  arc  available  in  Balakurnar  &  Reed  (1991). 

5-3  Previous  Linear  Stability  Theory  Results 

Calculations  were  completed  at  different  edge  Mach  numbers 
M  =  5.0  and  8.0  and  Reynolds  numbers  R  =  600,  1000,  2000, 
3000  for  a  cone  of  half  angle  15°  at  a  non-dimensional 
rotational  speed  of  0,375  by  Balakurnar  &  Reed  (1991).  To 
summarize,  they-find-at  all  Mach  numbers  that  the  maximum 
amplified  crossflow  is  nonstationary.  There  exist  neutral  and 
unstable  stationary  waves  but  the  amplification  rate  is  very 
small  compared  to  the  positive  frequency. 

At  M  =  5.0,  for  which  the  2-D  second  mode  has  been 
observed  to  clearly  dominate  die  first  mode  in  lire  flat-plate¬ 
boundary  layer,  they  find  a  competition  between  the 
crossflow  and  second  mode.  At  R  =  600,  the  maximum 
amplification  rate  of  the  crossflow  is  higher  than  the 
maximum  amplification  rate  of  the  2-D  second  mode;  see 
Figure  5  (from  Balakurnar  &  Reed,  1991).  As  Reynolds 
number  increases,  even  though  the  amplification  rate  of  the 
crossflow  increases,  it  is  eventually  less  than  the  maximum 
amplification  of  the  second  mode.  As  Mach  number  is 
increased,  the  second  mode  dominates  earlier. 

Further  results  show  that  the  most  unstable  second  mode  in  a 
3-D  boundary  layer  is  actually  oblique  whereas  the  second 
mode  in  a  2-D  boundary  layer  is  2-D;  this  is  also  shown  in 
Figure  5  where  the  2-D  direction  is  -16.2°.  The  most  unstable 
second  mode  is  inclined  at  5°  to  the  inviscid  flow  direction  at 
M  =  5  and  is  inclined  al  9°  at  M  =  8.  However,  the  difference 
between  the  amplification  tates  in  die  most  amplified 
direction  and  in  the  inviscid  flow  direction  is  small,  on  the 
order  of  2%. 

Cooling  the  wall  docs  not  affect  the  crossflow  instability.  For 
M  =  5,  Figure  6  (from  Balakurnar  &  Reed,  1991)  shows  the 
variation  of  the  critical  Reynolds  number  (at  which  an 
instability  first  appears)  versus  crossflow  Reynolds  number 
(achieved  by  varying  rotational  speed,  a  larger  value 
corresponds  to  stronger  three-dimensionality)  for  different 
wall  conditions  r  =  Two/Tl0  =  1.0,  0.8,  and  0.5.  As  expected, 
the  critical  Reynolds  number  of  the  first  mode  increases  and 
the  critical  Reynolds  number  of  the  second  mode  decreases 
with  wall  cooling  and  confirms  the  result  that  wall  cooling 
stabilizes  the  first  mode  and  destabilizes  the  second  mode. 
However,  for  the  first  mode,  it  is  seen  that  the  critical 
Reynolds  number  decreases  with  increasing  crossflow 
Reynolds  number  and  at  large  crossflow  Reynolds  number, 
the  critical  Reynolds  numbers  all  approach  the  same  value 
regardless  of  the  status  of  the  be  >ndary  layer.  This  is 
observed  for  all  Mach  numbers  and  Reynolds  numbers  tested. 
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'c-nhs  h.'.w  Nvn  sivn  h_v  Lekoudis  (1980).  Mack 

.  >;.Mb,  ai:\i  tiu-d.iu-li  ,'i  Malik  ( 1987) 

5.1  l'l.msilum  Prediction  and  Correlation  Parameters 

I  he  '..ilc -ot  -the -art  transition-prediction  method  still  involves 
k.v.ir  stability  theory  coupled  with  art  eN  transition -prediction 
stlteme  (Mack,  1‘>S  );  Poll.  1084)  and  is  applied  at  all  speeds 
;  iito  htvil  et  al„  1080).  N  is  the  result  of  the  integration  of  the 
hits'  t  growth  rate  from  the  first  neutral-stability  point  to  a 
locution  somewhere  downstream  on  the  body.  Titus  cN  is  the 
ratio  of  the  amplitudes  at  the  two  points  and  the  method 
correlates  the  transition  Reynolds  number  with  N. 

Aside  from  lire  eN  method  along  with  various  modifications 
ie.g..  Ccbeci  et  al.,  1988),  several  past  investigators  have 
identified  non-dimensional  parameters  quantifying  the 
characteristics  of  the  crossflow  instability  for  boundary-layer 
profiles  ;ind,  in  some  cases,  attempted  to  correlate  these 
numbers  with  transition  location.  Some  examples  follow. 

In  subsonic  flow.  Owen  &  Randall  (1952)  introduced  a 
ctovsflow  Reynolds  number  Rcf  =  Wml,5|()/vc  as  the 
r.  vemin.  parameter  and  suggested  that  transition  occurs 
when  die  t  rossfiow  Reynolds  number  becomes  equal  to  175. 
PI,  rmirrge-  ( 1977)  used  crossflow  shape  factor  Htf  =  ym„/8|o 
and  crossflow  Reynolds  number  in  the  design  of  supercritical 
airfoils.  Dagenhart  (1981)  then  considered  stationary 
crossflow  vortices  and,  instead  of  solving  the  linear-stability 
equations  each  time,  he  used  a  table  lookup  of  growth  rates 
based  on  the  [rrofile  characteristics:  crossflow  shape  factor 
and  crossflow  Reynolds  number.  Me  reported  that  he  could 
adequately  reproduce  the  results  of  the  more  complicated 
stability  codes  while  using  less  than  2%  of  the  computer  lime. 
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To  evaluate  transition  location,  all  possible  frequencies  ,u,- 
sampled  to  determine  where  each  individual  disturbance 
achieves  N  =  9.  The  most  upstream  of  this  locus  ol 
slreamwise  locations  is  deemed  the  estimated  transition 
location.  The  values  of  other  parameters  characterizing 
crossflow  may  then  be  evaluated  against  the  results  of  N  -  9. 


5.4.2  Compressibility  Effects 


White  (1974)  points  out  that  to  estimate  the  houndary-layer 
thickness  for  a  flat  plate,  one  should  consider  the  similarity 
variable  so  that 


5  R  /  x  = 


n(5) 

(T/Tc)  dq 

0 


Extending  this  to  a  more  general  situation,  a  3-D  compressible 
boundary  layer,  8,  should  thicken  with  respect  to  the 
corresponding  incompressible  layer,  8inconl[),  as 


5  I  5incomp  — 


11(5) 

(T/Te)  dt)  /  T| 


J  0 


The  quantity,  5,ncamp,  is  a  constant-temperature 
incompressible  value.  The  estimated  thickness  then  of  a 
coolcd-wall  boundary  layer,  SCl)ol,  to  that  of  an  adiabatic  wall, 
Sad.  is  (White  1974,  Reed  &  Haynes  1992). 

5cnot/8.d  =  (C*/C*.d)>/2 (3.279  +  1.721  |TW/Tad|  |1  +  A| 

+  0.66-1  A)/ (5 +  2.385  A) 


In  supersonic  llow,  Chapman  (1961)  and  Pale  (1978)  made 
si:  filar  >  .inclusions  that  crossflow  Reynolds  number 
correlates  well  with  transition  location.  On  a  yawed  cone. 
King  (199!)  found  that  there  was  no  correlation  with  the 
traditional  crossflow  Reynolds  number.  However,  when  he 
reformulated  this  parameter  to  include  both  compressibility 
and  yawcd-conc  geometry  effects,  he  found  a  good 
correlation  for  both  his  and  Stetson's  (1982)  data. 

5.4.1  Numerical  Approach 

With  the  current  interest  in  high-speed  flight,  there  is  also  a 
keen  desire  to  determine  correlating  parameters,  based  purely 
on  basic  state  profiles,  that  can  be  easily  incorporated  into 
ex  ting  basic-state  codes  and  will  accurately  predict 
transition  location  (or  trends)  for  crossflow-dominated 
pro  items.  To  evaluate  parameters  quantifying  stability 
characteristics,  the  linear  stability  of  the  flow  over  a  rotating 
cone  at  zero  incidence  is  again  examined.  Results  arc  then 
applied  hi  available  experimental  data  on  other  geometries. 

Locally,  for  a  given  frequency,  the  maximum  growth  rale  -a] 
is  found  and  P,=0.  Then,  the  amplification  factor  N  is 
determined  by  integrating  the  growth  rale  in  the  strcamwisc 
direction  x  from  the  Branch  I  location  Xq.  With  the  Reynolds 
numbers  at  x0  and  x  b-.ng  Rn  and  R,  respectively, 


where 


A  =  Pr1'2  (y-  1 )  Me2  /2 

C*  =  (T*  /  Te)'«  ( 1  +  1 1 0.4  /  T^  /  (|T*  /  Tc|  +  11 0.4  /  TJ 

c*.d  =  (T*.d  nyn  (i  +  i  io-4  /tj  /  ar,d  /tc]  + 1  io.4  rrc) 
T*  /  Ts  =  0.5  +  0.5  Tw  /  Te  +  A  /  6 
T\d / T«  =  0.5  t-0.5  (1  +A)  +  A/6 


and  the  Chapman-Rubesin  parameter  is  approximated  as  a 
constant  C*  across  line  boundary  layer.  Because  the 
incompressible  crossflow  Reynolds  number  correlates 
reasonably  well  for  incompressible  flows,  a  new  general 
definition  for  Rcfl  then,  is 


Rd<new)  =  HLRcf=HLWm„  5I0/ve 


where 


H  =  ti(8|o)/ 


Btfio) 

(T/Te)dti 


0 


(1) 


L  =  (C*  /  C *,d)W  (3.279  +  1 .721  [Tw  /  T J  [  1^+AJ,„  _ 
+  0.664  A)/ (5 +2.385  A) 

and  all  temperatures  are  in  K  and  ti(510)  is  the  value  of  i)  at 
510.  The  quantity  8t0  has  been  scaled  back  to  an 
incompressible  value  with  the  inclusion  of  the  new  factor  H. 
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To  compensate  for  a  cooled  wall,  then,  the  factor  L  is  used. 
Note  that,  because  one  is  taking  the  ratio  of  two  normal-to- 
the-wall  lengths,  the  new  factor  H  is  easily  computed  no 
matter  what  the  scaling  is  for  the  normal-to-the-wall 
coordinate.  Note  also  that  Rc((new)  reduces  to  Rcf  for 
incompressible,  adiabatic-wall  flows. 

5.4.3  Results 

Using  the  traditional  crossflow  Reynolds  number  and  shape 
factor 

Rcf=Wm„810/v  (2) 

Hcf  =  yman  /  810, 

Figure  7  shows  the  attempt  at  transition  correlations  for  an 
upstream  Mach  number  of  M  =  3  and  various  cone  angles  0. 
rotational  speeds  Cl,  and  wall  and  frecstream  temperatures  Tw 
and  Te.  The  various  flow  conditions  represented  are 
documented  in  Table  1.  The  spread  in  Rcf  is  on  the  order  of 
200%  and  is  therefore  not  useful  for  design.  Figure  8  shows 
the  same  data  plotted  considering  transition  Reynolds  number 
R,  versus  rotational  speed  Cl  (with  increasing  Cl  implying 
increasing  3-D  effects).  Cooling  is  only  slightly  stabilizing 
(see  also  Lekoudis  1980,  Mack  1980,  Bushnell  &  Malik  1987, 
and  Balakumar  &  Reed  1991 )  and  an  increase  of  stagnation 
temperature  has  an  even  smaller  stabilizing  effect.  Even  so, 
these  temperature  effects  produce  large  changes  in  Rcf. 


Table  1  Rotating-cone  configurations  for  M  =  3 


Set 

Fixed 

Varied  Parameters 

Parameters 

and  Range 

1 

1,1=0.375 
T,.=70K 
adiabatic  wall 

0  from  10°  to  35° 

11 

0=0.25 
Te=70K 
adiabatic  wall 

0  from  10°  to  20° 

III 

0=15° 
Te=70K 
adiabatic  wall 

Cl  from  0.1  to  0.8 

IV 

0=15° 
Te=260K 
adiabatic  wall 

Cl  from  0.1  to  0.8 

V 

0=0.375 
Te=260K 
adiabatic  wall 

0  from  10°  to  35° 

VI 

0=15° 
Te-70K 
cooled  wall 

Q  from  0.1  to  0,8 

VII 

0=15° 
Te=260K 
cooled  wall 

Cl  from  0.4  to  0.8 

Table  2  shows  comparative  results  for  upstream  frecstream 
Mach  numbers  of  M  =  0.01,  3,  and  6  for  different  frccstrcam- 
temperaturc  (Tg)  and  surface-temperature  (Tw/Te)  conditions 
and  a  wide  variety  ol  rotating-cone  geometries.  The  Mach  3 


(M  =  3)  conditions  correspond  to  those  in  Figure  7  and  Table 
1.  The  results  of  the  new  definition  for  crossflow  Reynolds 
number  with  compressibility  effects  included,  Rcf(new)  lEq 
(1)],  are  contrasted  with  those  obtained  from  the  traditional 
definition,  Rcf  [Eq.  (2)].  Also  included  is  the  maximum 
crossflow  velocity  in  %Ue;  the  significance  of  this  should 
become  apparent  in  the  subsequent  discussion. 

Figure  9  shows  all  the  rotating-cone  data  from  Table  2  for  M 
=  0  and  3  plotted.  There  appears  to  be  a  relationship  between 
maximum  crossflow  velocity  and  the  new  crossflow  Reynolds 
number,  Eq.  (1),  proposed  above.  Also,  the  new  compressible 
values  are  consistent  with  the  incompressible  value. 


Table  2 


M 

Me 

Te(K) 

Tw/T* 

Rcf 

Rcffnew) 

Wm„/Uc(% 

.01 

.01 

300 

1 

165 

165 

5.9 

3 

3.1 

70 

2.6 

241 

119 

3.2 

3 

3.2 

70 

2.7 

311 

149 

4.5 

3 

3.4 

70 

2.9 

373 

170 

5.7 

3 

3.6 

70 

3.2 

409 

175 

6.1 

3 

3.8 

70 

3.5 

428 

171 

6.1 

3 

3.1 

260 

2.5 

210 

107 

2.6 

3 

3.1 

260 

2.6 

263 

132 

3.6 

3 

3.2 

260 

2.7 

316 

154 

4.8 

3 

3.4 

260 

2.9 

366 

168 

5.9 

3 

3.7 

260 

3.2 

388 

166 

6.1 

3 

3.9 

260 

3.5 

400 

161 

6.0 

3 

3.2 

70 

1.5 

339 

177 

4.6 

3 

3.3 

70 

1.5 

354 

179 

5.5 

3 

3.6 

70 

1.5 

354 

168 

6.1 

3 

3.8 

70 

1.5 

344 

155 

6.1 

3 

4.1 

70 

1.5 

332 

140 

5.8 

3 

4.2 

260 

1.5 

448 

201 

5.6 

3 

3.8 

260 

1.5 

323 

156 

6.0 

3 

4.1 

260 

1.5 

310 

142 

5.7 

6 

9.2 

70 

14.8 

2483 

255 

5.0 

6 

9.2 

260 

17.1 

2176 

217 

5.0 

6 

7.4 

70 

9.7 

2101 

309 

6.1 

6 

7.3 

70 

4.4 

1442 

247 

6.1 

Because  linear  stability  theory  with  N  =  9  applied  to  a  rotating 
cone  was  used  to  find  this  trend,  it  is  important  to  verify  n 
against  experimental  data.  The  most  reliable,  available,  high 
speed  3-D  transition  data  to  these  authors'  knowledge  is  that 
of  King  (1991)  on  the  yawed  cone  in  the  Mach  3.5  Quiet 
Tunnel  at  NASA/Langley.  The  King  experiment  was  on  a  5 
half-angle  cone  yawed  at  0.6°,  2”,  and  4°.  The  data  of 
transition  locations  for  various  frecstream  conditions,  both 
quiet  and  noisy,  arc  documented  in  King  (1991). 

Later,  King  provided  the  present  authors  with  the 
computational  mean-flow  profiles  he  used  in  the  analysis  of 
his  experimental  results.  Applying  the  traditional  crossflow 
Reynolds  number,  Eq.  (2),  gives  values  ranging  from  80  to 
640  for  quiet  conditions  and  60  to  560  for  noisy  conditions 
King  found  a  correlation  for  his  data  when  both  a  geometry 
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and  compressibility  correction  were  applied.  The  new 
parameter  proposed  in  the  present  paper  contains  no  geometry 
factor  explicitly.  Applying  the  new  crossflow  Reynolds 
number,  Eq.  (1).  to  these  same  profiles  results  in  Figure  10. 

King  (1991)  also  considered  the  M  =  5.9  experiments  of 
Stetson  (1982)  on  a  83  half-angle  cone  yawed  at  1°,  2°,  and  4° 
and  again  provided  the  present  authors  with  lire  mean-flow 
profiles  he  used  in  the  evaluation  of  this  experiment. 
Considering  what  Stetson  terms  as  the  beginning  of  transition 
and  applying  Eq.  (2)  gives  values  ranging  from  140  to  780. 
The  results,  then,  of  applying  the  new  crossflow  Reynolds 
number,  Eq.  (1),  to  these  profiles  are  also  found  in  Figure  10. 
The  surface  of  Stetson's  cone  was  cooled,  the  wall  of  King's 
cone  was  adiabatic.  The  Stetson  data  were  taken  with  a  noisy 
frees  tream. 

The  trends  of  the  three  sets  of  data  in  Figure  10  suggest  a  least 
squares  fit  for  the  correlation  of  Rcf(new)  and  Wmax: 

Quiet  (M=3.5) 

Rcf(ncw)  =  26.7  +  38.0  Wmax/Ue 
Noisy  (M=3.5) 

Refine w)  =  14.7  +  33.9  Wmal/Ue 
Noisy  (M=5.9) 

Rcf(new)  =  26.5  +  25.2  Wm„/Ue 

where  Wmax/U,.  js  ;n  %  The  three  curves  are  plotted  in 
Figure  11.  Below  the  curves,  the  flow  has  not  undergone 
transition.  The  values  of  Rcf(ncw)  arc  consistent  with  the 
incompressible  values  found  in  the  literature.  It  is  also 
surprising  that  the  Stetson  data  agrees  so  well  with  the  King 
noisy  data. 

6.  CONCLUSIONS 

The  effects  of  nonequilibrium  chemistry  and  three- 
dimensionality  on  the  stability  characteristics  of  hypersonic 
flows  have  been  discussed. 

In  2-D  and  axisymmctric  flows,  the  inclusion  of  chemistry 
causes  a  shift  of  the  second  mode  of  Mack  to  lower 
frequencies.  This  is  found  to  be  due  to  the  increase  in  size  of 
the  region  of  relative  supersonic  flow  because  of  the  lower 
speeds  of  sound  in  the  relatively  cooler  boundary  layers. 

It  is  also  found  that  equilibrium  and  nonequilibrium  solutions 
can  be  very  different  depending  on  the  rales  of  the  reactions 
relative  to  the  time  scales  of  convection  and  diffusion.  In 
particular,  in  equilibrium-air  calculations,  modes  which  travel 
supersonically  relative  to  the  inviscid  region  are  shown  to 
exist.  These  modes  arc  a  superposition  of  incoming  and 
outgoing  disturbances  which  exhibit  oscillatory  behavior 
because  of  the  finite  shock  stand-off  distance. 

For  the  examination  of  3-D  effects,  a  rotating  cone  is 
successfully  used  as  a  model  of  a  swept  wing.  A  large 
parameter  range  of  flow  conditions  can  be  studied  and  trends 
observed.  The  value  of  this  should  become  more  apparent 
from  the  next  two  paragraphs. 


temperature  only  slightly  stabilizes  lire  crossflow  instability. 

For  the  rotating  cone,  transition  location  (N  =  9)  docs  not 
correlate  with  the  traditional  crossflow  Reynolds  number. 
When  compressibility  and  cooling  effects  are  included,  Eq. 
(1),  a  relationship  exists  between  the  new  crossflow  Reynolds 
number  and  the  maximum  crossflow  velocity  at  transition. 
This  result  has  been  verified  with  the  yawed-cone  data  of 
King  (1991)  and  Stetson  (1982).  The  new  crossflow 
Reynolds  number  is  calculated  solely  from  the  basic-state 
profiles  and,  as  such,  it  can  aid  in  transition  prediction  and 
design  for  3-D  boundary  layers.  This  formula  contains  no 
geometry  explicitly  and  applies  for  flows  with  Prandtl  number 
different  from  unity. 
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Figure  7.  Traditional  crossflow  Reynolds  number  vs. 
shape  factor  at  transition  for  various  wall-  and 
freestrearn-  temperature  conditions  at  M  =  3. 
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Figure  9.  New  definition  of  crossflow  Reynolds  number 
(including  compressibility  effects)  versus  maximum 
crossflow  velocity  for  computational  rotating  conc 
data  assuming  a  transition  location  of  N=9.  Various 
freestrearn-  and  wall-temperature  conditions  as  well  as 
cone  geometries  are  represented. 


definition  of  crossflow  Reynolds  number  (including 
compressibility  effects)  as  a  function  of  maximum 
crossflow  velocity  for  experimental  yawed  cone  data  of 
King  (1991)  at  M=3.5  and  Stetson  (1982)  at  M=5.9. 


R, 

Figure  8.  Transition  Reynolds  number  vs.  cone 
rotational  speed  for  various  wall-  and  freestrearn  - 
temperature  conditions  at  M  =  3. 


Figure  10.  New  definition  of  crossflow  Reynolds 
number  (  including  compressibility  effects  )  versus 
maximum  crossflow  velocity  for  experimental  yawed- 
cone  data  of  King  (1991)  at  M=3.5  and  Stetson  (1982) 
at  M=5.9. 


.'1 1-1 


REAL  GAS  AND  SURFACE  TRANSPIRATION  EFFECTS 
UPON  SWEPT  LEADING  EDGE  HIGH  SPEED  FLOW  INCLUDING  TRANSITION 
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1.  Abstract 


This  paper  considers  the  extension  of  simple 
methods  for  the  prediction  of  skin  friction  and 
heat  transfer  at  an  infinite-swept  attachment  line 
to  cover  the  hypervelocity  flight  regime  including 
the  effects  of  surface  transpiration.  The  analysis 
is  limited  to  the  situation  where  the  flow  is  in 
thermochemical  equilibrium  everywhere.  Real  gas 
effects  are  identified  and  their  influence  is 
quantified.  The  importance  of  freestream 
conditions  and  attachment-line  inclination  are 
assessed.  Consideration  is  also  given  to  the  issue 
of  boundary  layer  transition. 

2.  Notation 


a  local  sound  speed 

b  blowing  parameter  -  see  equations  (12a) 

and  (12b) 

C  reference  length 

CA  mass  concentration  of  atoms 

C,  skin  friction  coefficient 

Cp  specific  heat  at  constant  pressure 

D  leading  edge  diameter  or  binary  diffusion 

coefficient 

f  blowing  function  -  sec  equation  (13) 

H  local  total  enthalpy 

h  local  static  enthalpy 

K  leading  edge  parameter  (2\/2  (C/D)) 

k  thermal  conductivity 

Le  Lewis  number  (p  ^~PP) 

M  Mach  number 


Pr 


Prandtl  number 


p  pressure 

Q  freestream  velocity 

q  local  heat  transfer  rate  per  unit  area 


R  gas  constant 

R  attachment-line  Reynolds  number 

r  recovery  factor 

St  Stanton  number 

s  constant  in  Sutherlands  viscosity  law 

(110  K) 

T  temperature 

U,V  velocity  components  in  x  and  y  directions 
outside  the  boundary  layer 
U,  non-dimensional  chordwise  velocity 


gradient 


C 

U. 


dU. 


dx 


lx=0 


u,v,w  velocity  components  in  x,  y  and  z 

directions  in  the  boundary  layer 
x,y,z  orthogonal,  curvilinear  coordinate  system 
with  origin  at  the  attachment  line  -  see 
figure  1 

Z  compressibility  factor  in  equation  of  state 
y  ratio  of  specific  heats 

t)  real  gas  factor  in  Sutherlands  viscosity  law 
p  dynamic  viscosity 

v  kinematic  viscosity 

p  density 

c f>  leading  edge  sweepback  or  inclination 

angle 

vPe  real  gas  parameter 


n 


atmospheric  constant 


Prcf 

ref 


Subscripts 
A  of  atoms 

c  at  the  edge  of  the  boundary  layer 
f  frozen  value 

m  of  molecules 

r  recovery  value 

r  at  transition  onset 

w  at  the  wall 

oo  in  the  undisturbed  freestream 

*  evaluated  at  the  reference  enthalpy 


3.  Introduction 


All  winged  vehicles  have  leading  edges  and,  in  a 
high  speed  flight  environment,  there  can  be  a 
problem  with  heat  transfer.  This  is  particularly 
true  for  transatmospheric  vehicles  since,  in  order 
to  have  good  lift  generating  characteristics,  the 
wings  must  have  small  leading  edge  radii  and  they 
must  operate  at  relatively  low  angles  of  attack. 
Under  these  conditions  the  leading  edge 
temperatures  may  be  the  highest  experienced 
anywhere  on  the  airframe. 

For  an  unswept  leading  edge  the  flow  in  the 
immediate  vicinity  of  the  attachment  line  is 
laminar  and  the  local  heating  rates  are  given  by 
solutions  of  the  two-dimensional  stagnation  point 
problem.  However,  at  zero  sweep  the  heating 
rates  are  very  large  and  the  classical  method  for 
reducing  them  is  to  employ  sweep.  Provided  that 
the  attachment-line  flow  remains  laminar,  sweep 
has  a  dr  matic,  beneficial  effect  upon  leading  edge 
heating.  However,  it  is  now  well  established  thr.t 
a  swept  leading-edge,  boundary  layer  can  undergo 
a  transition  to  turbulence  by  turbulent 
contamination  of  the  attachment-line  flow  -  see 
Poll1-2.  Therefore,  there  is  the  possibility  that 
sweep  may  result  in  a  transition  process  which 
produces  heating  rates  which  are  greater  than 
those  experienced  in  the  unswept  laminar  case. 

A  second  mechanism  which  has  been  proposed  for 
the  alleviation  of  severe  leading  edge  heating  is 
surface  transpiration.  Once  again  it  is  well  known 
that  blowing  can  reduce  the  thermal  loading. 
However,  if,  as  is  often  the  case,  a  combination  of 
surface  blowing  and  sweep  is  to  be  used  then  it  is 
necessary  to  take  into  account  the  possibility  of 
transition.  Here,  not  only  are  the  effects  of  sweep 
likely  to  produce  transition  but  blowing  also 
reduces  the  free-stream  Reynolds  numbers  for 
transition.  Once  again  the  proposed ‘remedy’ may 
well  produce  a  situation  which  is  actually  worse! 

In  order  to  assess  the  implications  of  these 
conflicting  effects  it  is  useful  to  have  accurate,  yet 
simple,  relations  for  heat  transfer  rate  and  skin 
friction  in  terms  of  ‘primitive’  variables  such  as 
free-stream  speed,  leading  edge  radius  and  leading 
edge  sweep  angle.  They  must  also  include  the 
effects  of  surface  transpiration.  In  addition,  the 


conditions  under  which  transition  could  occur 
must  also  be  expressed  in  terms  of  the  same 
parameters  in  order  that  critical  boundaries  can  be 
readily  identified.  The  objective  of  this  paper  is  to 
provide  these  relations. 

4.  Basic  Concepts 

In  order  to  simplify  the  arguments,  we  begin  by 
assuming  that,  because  the  atomic  weights  and 
transport  properties  of  nitrogen  and  oxygen  are 
similar,  we  may,  to  a  sufficiently  accurate 
approximation,  treat  high  temperature  air  as  a 
binary  mixture  of  ‘air  molecules’  and  ‘air  atoms'  - 
see  Lees3.  The  effects  of  ionisation  are  not 
considered.  Furthermore,  it  is  assumed  that,  at  all 
points  in  the  flow,  including  the  boundary  layer, 
the  mixture  is  in  complete  thermal  equilibrium  i.e 
the  local  gas  properties  and  the  concentrations  of 
atoms  and  molecules  are  determined  by  the  local 
static  enthalpy  and  pressure  only.  This  implies 
that  the  chemical  reaction  rates  are  very  much 
faster  than  rates  of  convection  along  streamlines 
and  rates  of  diffusion  across  streamlines 


Under  these  conditions  tie  boundary  layer 
equations  for  steady,  laminar  flow  over  an  infinite- 
swept  cylinder,  as  shown  in  figure  1,  have  been 
given  by  Cohen4  - 


continuity 
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z-momentum 
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dz 


=  0 


energy  (total  enthalpy  form) 


mass  diffusion  of  the  reacting  species.  According 
to  Cohen4  the  total  heat  flux  becomes  - 
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where 


F(pdO  =  (Le  -  l)(h.  -  hj 


act 


ah 


lp3constiot 


Prf  =  frozen  Prandtl  number  = 


and 


Le  =  Lewis  number 


pDCp 


The  boundary  conditions  for  the  current  problem 
are 

z  =  0  u  =  v  =  0 

w  =  ww  =  constant 
H  =  H.  =  constant 
Z  — *  00  U  — ►  Uc(x) 

v  — ►  Ve  =  constant 
H  -*  Ht 


For  the  special  case  of  unit  Prandtl  number  and 
unit  Lewis  number  we  note  the  existence  of  a 
"Crocco  relation"  between  the  total  enthalpy  and 
the  spanwise  velocity  profile  (attachment-line 
velocity  profile)  i.e.if  Pr,  =  1  and  Le  =  1 
then 


H  ~HW  _y_ 
He  -  Hw  Ve 


(2) 


If  the  gas  consists  of  a  single  species  then  the  heat 
transfer  rate  in  the  z  direction  at  any  point  in  the 
flow  is  determined  by  the  local  temperature 
gradient  and  the  thermal  conductivity  i.c. 


However,  when  chemical  reactions  are  taking 
place  within  the  flow,  heat  is  also  transferred  by 
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3h 


JpKCMl 


q  =  -  +  F(p,h)) 

Prf  dz 

Therefore,  at  the  wall,  it  follows  that  if  Le  =  1 
(F  =  0) then  - 
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JL  fk] 


JL 

PTfJ.  '  &  U 


(3) 


If,  in  addition,  the  frozen  Prandtl  number  is  unity, 
we  may  combine  the  results  from  equations  (2) 
and  (3)  to  give  - 


St. 


(-<U 

PW  -  HJ 


(4) 


This  result  is  identical  to  the  simple  Reynolds 
analogy  used  in  reference  2  for  the  thermally 
perfect  gas,  except  that  total  enthalpy  has  replaced 
the  product  of  total  temperature  and  the 
(invariant)  specific  heat  at  constant  pressure. 
Therefore,  the  problem  of  determining  the  heat 
transfer  rate  at  the  wall  is  reduced  to  one  of 
finding  the  surface  shear  stress.  If  an  accurate 
approximate  method  exists  for  the  determination 
of  skin  friction  then  this  can  be  extended,  via 
equation  (4),  to  give  correspondingly  accurate 
estimates  for  surface  heating. 


In  the  less  complex  case  of  the  zero  pressure- 
gradient,  flat-plate  boundary  layer  with  no  wall 
transpiration,  Van  Driest5  and  Eckert6  have 
ptoposed  that  for  hypervclocity  flows  the  surface 
shear  stress  n  ay  be  obtained  from  the 
incompressible  skin  friction-Reynolds  number 
relation  by  using  values  for  density  and  viscosity 
which  are  appropriate  for  the  local  static  pressure 
and  a  ‘reference’  enthalpy  within  the  boundary 
layer  i.e. 


0.664 


'>n-4 


where  p.  =  p.(pe,  h.) 

P.  =  P.(Pe.  b.) 

The  reference  enthalpy,  h„  corresponds  to  some 
average  condition  occurring  within  the  boundary 
layer  and  its  value  depends  upon  conditions  at  the 
wall  and  at  the  boundary  layer  edge.  According  to 
Eckert6 

b,  =  he  ♦  0.50(Hw  -  hj  *  0.22  (Hr  - 


The  surface  heat  transfer  rate  is  then  obtained  by 
applying  a  modified  Reynolds  analogy  i.e. 


St  ,  — 

P  Ue(Hr  -  Hw) 


=  [*.]/2/3  •  ^ 


(5) 


where 


H  -h 


He  -he 


r 


(Pr.) 


V4 

f 


(6) 


This  is  the  same  as  the  Colburn7  form  of  the 
Reynolds  analogy  except  that  the  Prandtl  number 
is  taken  to  be  the  frozen  (no-chemical  reaction 
effects)  value  appropriate  to  p,  and  h..  In  the 
case  of  a  flow  in  local  thermodynamic  equilibrium 
and  unit  Lewis  number,  Cohen4  has  compared 
exact  boundary  layer  solutions  with  the 
corresponding  predictions  from  the  reference 
enthalpy  method.  For  the  wide  range  of 
conditions  considered  the  simple  method  is  always 
within  10%  of  the  exact  solution  for  both  skin 
friction  and  heat  transfer  rate. 


In  view  of  the  strong  similarity  between  the 
infinite-swept,  attachment-line  boundary  layer  and 
the  zero  pressure-gradient,  flat  plate  boundary 
layer,  we  might  expect  that  the  adoption  of 
reference  enthalpy  and  a  Reynolds  analogy  of  the 
form  given  in  equation  (5)  could  provide  a 
satisfactory  means  of  extending  the  relations 
developed  in  references  1  and  2  to  hypervelocity 
flow  conditions. 

5.  Laminar  Flow  over  an  Impervious  Surface 

For  incompressible  flow  with  no  heat  transfer  - 
see  Poll2. 


C,  =  — — 

f  7. 

vipVe2 

Therefore,  in  a  general  compressible  flow,  we  have 


T*  -  1  HI 

[veu_u,y 

T  p,p*] 

—  1 .  X  l 

V*P  V2 

i  Ve2C  J 

According  to  Poll2,  the  reference  temperature  for 
the  laminar  attachment-line  flow  is  equal  to  the 
temperature  at  the  edge  of  the  boundary  layer  and 
so  for  the  reference  enthalpy  approach  - 

h.  =he 

It  follows  that 


1,141 
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1.141 


fvUJJiV* 

vie 


Cf  =  1.141 


/  vJJJJ,  Y* 


vie 


1.141 

R 


(?) 


This  is  identical  to  the  thermally  perfect  gas  result 
given  in  reference  2  and  the  validity  for  the  case 
of  a  flow  in  chemical  equilibrium  with  unit  Lewis 
number  is  demonstrated  in  figure  2  where 
predictions  from  equation  (7)  are  compared  with 
Cohen’s  solutions  for  the  laminar  boundary  layer 
equations  for  a  wide  range  of  freestream 
conditions  and  sweep  angles.  In  all  cases  the 
agreement  is  better  than  ±  8%. 


Having  obtained  a  relation  for  skin  friction  the 
corresponding  expression  for  the  heat  transfer  rate 
may  be  obtained  directly  from  equations  (5)  and 
(6)  i.e. 

Ste  =  0.57 1  (Pr^f  ^(R)  1  <K) 


Predictions  from  equation  (8)  may  also  be 
compared  with  Cohen’s  exact  solutions  and  the 
results  are  presented  in  figure  3.  Once  again  the 
agreement  is  better  than  ±  8%.  Moreover,  we 
note  that  equation  (8)  gives  a  fit  which  is  as  good 
as  the  two  correlating  functions  which  Cohen 
proposes.  In  fact,  if  the  constant  (1.141)  of 
equation  (7)  is  increased  to  1.175  then  the 
modified  equation  (8)  is  much  better  than  Cohen’s 
functions  since  the  single  relation  fits  ail  the  data 
to  better  than  ±  6%. 


4+r 
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6.  Turbulent  Flow  over  an  Impervious  Surface 

The  turbulent  flow  situation  is  much  more  difficult 
to  treat  than  that  for  laminar  flow.  For  ’steady' 
conditions,  the  usual  approach  begins  with  the 
assumption  that  the  Navier-Stokes  equations 
provide  an  adequate  description  at  any  instant  in 
time.  The  instantaneous  values  for  the  velocities, 
temperature,  density  and  pressure  are  then  split 
into  a  'mean-  component  and  a  fluctuating 
component  whose  long  time  average  is,  by 
definition,  zero.  Having  separated  the  mean  and 
fluctuating  components  the  equations  of  motion 
are  time  averaged  and  the  boundary  layer 
approximations  are  applied.  A  set  of  equations 
for  the  mean  flow  then  emerge  which  can  only  be 
solved  if  appropriate  closure  relations  (turbulence 
models)  are  introduced.  For  a  hypersonic 
boundary  layer  flow  the  above  process  is  complex 
and  some  of  the  approximations  which  are 
available  in  subsonic  and  even  supersonic  flows 
cannot  be  readily  justified.  A  more  complete 
description  of  the  problem  is  provided  by  the 
review  paper  by  Bradshaw*. 

Despite  the  problems,  it  is  a  matter  of 
experimental  observation  that,  for  the  two- 
dimensional,  zero  pressure -gradient,  turbulent 
boundary  layer,  the  Reynolds  analogy  between 
heat  transfer  rate  and  wall  shear  stress  (equation 
5)  still  holds  -  at  least  to  a  first  approximation. 
Moreover,  Eckert  and  many  others  have 
repeatedly  demonstrated  that  the  reference 
enthalpy  concept  also  works  reasonably  well  for 
flat  plate  flow.  Therefore,  in  view  of  this,  and,  in 
view  of  the  fact  that  the  perfect  gas  relations  for 
the  laminar  attachment-line  flow  have  been 
successfully  extended  to  cover  the  high  speed  flow 
of  a  real  gas  in  chemical  dissociation  equilibrium, 
it  will  be  assumed  that  a  similar  technique  will 
suffice  for  the  turbulent  flow  situation. 


It  follows  from  reference'  that,  for  fully  turbulent 
flow,  the  skin  friction  is  given  by 


where 


P.  =  P.(Pe.  h.) 

P.  =  P.(P*>  h.)  0°) 


and  h.  =  he  +  0.10(H„  -  hj  +  0.60(H,  -  h,) 

For  the  surface  heat  transfer  rate  we  combine 
equations  (9)  and  (10)  with  equation  (5)  i.e. 


7.  The  effect  of  wall  transpiration 

In  the  past  it  was  universally  assumed  that  the 
attachment-line  boundary  layer  could  only  exist  in 
the  laminar  state  and  that  blowing  was  the 
"natural"  means  for  reducing  heat  transfer.  A 
limited  number  of  solutions  for  laminar  flows  of  a 
perfect  gas  with  a  Sutherland  viscosity 
temperature  law  are  presented  by  Beckwith9  and 
an  asymptotic  solution  for  massive  blowing  has 
been  provided  by  Libby  and  Kassoy10. 
Unfortunately,  neither  of  these  sources  presents 
sufficient  information  to  enable  approximate 
relations  to  be  deduced,  neither  considers  the 
issue  of  suction  and  no  one  has  considered  the 
problem  of  transpiration  under  a  turbulent  flow. 

To  rectify  this  situation  a  series  of  computations 
was  performed  using  a  modified  version  of  the 
fully  compressible  attachment  line  boundary  layer 
code  given  by  Adams  and  Martindale".  The 
principal  modification  was  to  change  the  wall 
boundary  condition  so  that  transpiration  could  be 
considered.  This  proved  to  be  a  trivial  task  and 
no  significant  numerical  problems  were 
encountered.  Preliminary  checks  were  carried  out 
by  re-calculating  all  the  cases  considered  by 
Beckwith. 

In  order  to  present  the  results  in  a  compact  form 
wc  introduce  a  blowing  parameter,  b,  where 
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when  effects  on  wall  shear  are  being  considered 
and 
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when  heat  transfer  is  the  issue.  Figure  4  shows 
oata  covering  a  very  wide  range  of  conditions 
presented  in  the  form 
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and 
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versus 
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We  note  that  all  the  data  effectively  collapses  onto 
a  single  line  which  is  well  represented  by  the 
relation 


(exp(b)  -1) 


(13) 


This  remarkable  result  allows  us  to  estimate  the 
effects  of  transpiration  directly  from  the 
predictions  for  zero  transpiration  under  identical 
free  stream  and  wall  conditions. 

8,  The  Effect  of  Sweep  Angle  and  Frccstrcam 
Conditions  upon  Heating  Rates 


St.  = 


Apr.]; 
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(14) 


where  A  =  0.571,  B  =  1  and  *  =  e  for  laminar 
flow 

and  A  =  0.0345  and  B  =  0.42  for  turbulent 
flow. 


Recalling  that 
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V.2  C 
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and  that  for  an  infinite  inclined  cylinder 
U.  =  Q„cos  0,Ve  =  =  CL  sin  0 

equation  (14)  may  be  rearranged  to  give 
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If  we  now  introduce  a  real  gas  equation  of  state 

p  =  p(ZR)T  (Z  =  Z  (T,p)) 

where  Z  is  the  compressibility  factor  and  a 
modified  Sutherlands  Law  for  viscosity  i.e. 


Having  obtained  expressions  for  heat  transfer 
rates  in  terms  of  conditions  at  the  wall  and  at  the 
edge  of  the  boundary  layer,  it  is  possible  to 
investigate  the  influence  of  sweep  angle  and 
frccstrcam  conditions.  In  addition,  it  is  possible 
to  assess  the  direct  effect  of  thermal  imperfections 
in  the  gas. 
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(1  »  f/Pcf) 
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cn  =  t)  (t,p)) 


then,  after  some  manipulation 


Hj 

(1  -  HJH.) 


We  begin  by  noting  that  the  relations  for  laminar 
and  turbulent  heating  rates  (equations  (8)  and 
(11))  arc  very  similar  in  form  i.e. 


C(1  *  s/TJ 
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Some  additional  simplification  can  be  achieved 
through  consideration  of  the  atmospheric 
characteristics,  since 


where 
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Moreover,  since  the  reference  enthalpy  is  equal  to 
the  enthalpy  at  the  edge  of  the  boundary  layer, 
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Furthermore,  if  we  let 


'WiVt) 
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=  Y. 


where  Ye  =  T^.p^ 

(N.B.  'I*  also  depends  upon  the  state  of  the 
boundary  layer)  then  equation  (15)  becomes 
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x  =  0.571  (Pre)t_2/3 

and,  for  flight  in  the  Earth’s  atmosphere17, 

0  =  7.273  x  10~8  kg/m2  and  y  =  1.4 

Finally,  a  major  simplification  is  provided  by 
Topham’s  observation  (ref.  18)  that  for  air  in 
thermochemical  equilibrium, 

pe  U,  1  +  M_cos0^2 

P-  ‘  K  1  2 

where  Kf  is  a  constant  which  depends  upon  the 
leading  edge  geometry.  Topham  suggests  that  this 

expression  is  accurate  to  within  8%  provided  that 
2  <  M.cosd  <  18 
and  6  km  <  altitude  <  60  km 


B 

.(sm$)a"B,.(cos4>)2 


The  term  in  {  }  brackets  has  been  evaluated  for  a 
real  gas  in  chemical  equilibrium.  It  should  also  be 
noted  that  this  term  has  some  sweep  dependence. 
The  relevant  real  gas  information  may  be  obtained 
from  references  (9)-(13). 

Laminar  Flow 
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In  the  case  of  laminar  flow,  the  constant  B  is 
equal  to  unity  and  a  considerable  simplification 
occurs  i.c. 


This  result  is  shown  in  figure  5  where  it  can  be 
seen  that  at  the  higher  altitudes  and  higher  Mach 
numbers  a  better  fit  is  produced  by 

P  U, 

—  .  —  =  0.322  (1  +  M.coso)2 
P»  K 

for  6  <  M.cosp  <  24 

and  37  km  <  altitude  <  76  km 

However,  the  difference  between  these  two 
relations  is  only  6.5%. 


tlf  the  attachment  line  is  established  on  a  circular 
cylinder  of  diameter  D  then 

K  =  iJl- 
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Under  the  above  circumstances 
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or,  if/)„  has  dimensions  (kg/m3),  a.  is  in  (m/sec) 
and  C  is  in  (m)  then 
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The  only  remaining  unknown  in  the  above  relation 
is  the  real  gas  parameter  (vPe)L-  For  air  in 
thermodynamic  equilibrium,  this  quantity  may  be 
obtained  from  a  Mollier  diagram  (reference  19)  or 
from  Feldman’s  charts  (reference  13).  However, 
for  altitudes  in  the  range  36km  to  80km  and 
normal-to-leading  edge  speeds  below  about  8000 
m/sec,  it  can  be  seen  from  figure  6  that  (*Vt)L 
exhibits  very  little  dependence  upon  altitude.  In 
fact,  for  normal-to-leading-edge  speeds  between 
1200  m/sec  and  8000  m/sec, 
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where  Q„cos0  is  in  (m/scc). 


A  final  simplification  may  be  made  by  considering 
the  flow  at  very  high  Mach  number  i.e.  M„cos0  > 
10.  In  this  case 
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This  may  be  simplified  by  introducing  a  pressure 
ratio  P  which  is  the  value  of  p^p^  which  would  be 
achieved  in  the  ideal  gas  case  (y  =  constant  = 
1.4)  i.e. 


P  =  [  (Y  *  1XM.COS0)1  Y^t/  y  *  i  \TTi 

l  2  J  (2y(Mcos4>)2  -  (y  -  1) j 

the  familiar  Rayleigh  Pitot  formula.  If,  in 
addition,  we  define  (*PC)T  to  be 


(^T  =  *e 


P«/P. 
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and  introduce  Tcpham’s  approximation,  then,  for 
the  flight  through  the  earth’s  atmosphere. 
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where  the  edge  Prandtl  number  has  been  assumed 
constant  with  a  value  of  0.72. 

Turbulent  Flow 
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or,  if  pm  is  in  (kg/m3),  a.  in  (m/sec)  and  C  is  in 
(m)  then 


For  turbulent  flow  B  is  equal  to  0.42  and 
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In  this  final  relation  there  are  three  unknown 
quantities 

(Y ^  =  Fj(Q.cos0,  altitude) 


-  FA.  »,  PJ 


and  |y|  *  FjO*..  he>  Pe)> 

where  h,  =  h.(he,  Hw,  Ht). 

The  first  is  a  real  gas  parameter  which  can  be 
obtained  from  a  Mollier  chart  or  Feldman’s 
charts.  However,  as  in  the  case  of  laminar  flow, 
the  real  gas  parameter  is  much  more  sensitive  to 
speed  than  it  is  to  changes  in  altitude.  This  is 
clearly  demonstrated  in  figure  7  which  has  been 
obtained  from  the  data  presented  in  reference  13. 
To  a  reasonably  good  approximation. 
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for  1200  m/sec  <  Q^coso  <  8000  m/sec 

We  note,  in  passing,  that  (V>c)t  exhibits  a  much 
greater  dependence  upon  speed  than  did  (V'.)l- 
The  second  and  third  relations  are  also  available 
from  the  Mollier  chart.  However,  various  authors, 
for  example  Cohen12  and  Viegas  and  Howe20,  have 
attempted  to  find  correlating  formulae  for  F2  and 
Fj.  The  simplest  are  probably  those  proposed  by 
Cohen12  i.e. 
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In  these  expressions 

hE  is 

a  referen 

defined  as 


hE  =  250  R 

where  R  is  the  gas  constant  for  undissociated  air, 
i.e.  287  Joules/kg/K,  and  Trct  is  273.16  K.  The 
correlations  are  valid  for  enthalpy  ratios  (h/hE)  in 
the  range  0.015  to  2. 


As  in  the  case  of  laminar  flow,  considerable 
simplification  occurs  if  we  consider  the  high  Mach 
number  limit  (M„cos0  >  10)  i.e. 
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9.  Transition 


In  the  case  of  the  infinite-swept,  attachment  line 
it  is  firmly  established  that,  when  transition  is 
caused  by  a  large  source  of  disturbance  e.g. 
surface  roughness  or  turbulence  converting  out  of 
a  wing  body  junction,  the  conditions  necessary  for 
the  first  appearance  of  turbulent  bursts  on  a 
surface  without  transpiration  is 
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turbulent  flow  at  an  attachment  line  -  see 
Spalart21.  This  study  indicates  that  to  a  first 
approximation  the  value  of  the  laminar 
momentum  thickness  Reynolds  number  at 
transition  onset  is  constant  i.e.  not  affected  by  the 
transpiration.  Therefore,  in  the  absence  of  any 
evidence  to  the  contrary,  it  is  proposed  that  the 
criterion  given  in  equation  (18)  is  valid  for  flows 
with  transpiration.  In  terms  of  the  R.  criterion 
this  becomes 


This  can  be  translated  into  a  boundary  layer 
Reynolds  number  by  noting  that  the  laminar 
momentum  thickness  Reynolds  number  is  given  by 
the  relation 


where  I  is  a  weak  function  of  the  edge  Mach 
number  and  the  wall-to-total  temperature  ratio. 
For  the  present  purposes  we  note  that  for 

0  <  Me  <  6 


Moreover,  when  surface  suction  is  applied  R,  is 
affected  directly  and  we  may  represent  this  by  a 
simple  linear  correction  i.e. 
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It  follows  that,  for  a  surface  without  transpiration, 
the  value  of  the  laminar  momentum  thickness 
Reynolds  number  at  the  onset  of  transition  by 
gross  contamination  is  - 
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In  the  case  of  transition  in  the  presence  of  surface 
transpiration,  there  is  no  direct  evidence  to 
suggest  what  the  role  of  transpiration  might  be. 
However,  there  is  indirect  evidence  in  the  form  of 
a  direct  numerical  simulation  of  incompressible 
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This  has  an  approximate  solution 
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which  is  valid  over  a  slightly  reduced  range 


-  0.5  < 


DR  <  1.0 


It  is  clear  from  equation  (20)  that  blowing  reduces 
the  critical  value  whilst  suction  increases  it. 
However,  the  effect  of  the  transpiration  is  not 
particularly  strong. 


In  the  high  speed  limit  the  dynamic  viscosity  ratio 
tends  to  the  following  limit,  in  the  case  of  the 
perfect  gas  - 

—  -  (0.90  +  0.60r  tan20)3/2 
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It  follows  that  equation  (20)  reduces  to 
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The  interesting  feature  of  this  relation  is  that,  in 
the  case  of  no  transpiration,  it  does  not  depend 
upon  the  free-stream  velocity.  Q.,  (although  this 
quantity  must  be  high).  A  plot  of  the  variation  of 
Dp.  with  sweep  angle  for  zero  transpiration,  one 
value  of  blowing  and  one  value  of  suction  are 
given  in  figure  8. 

It  is  evident  that  sweep  angle  is  an  important 
parameter  and  that  transition  occurs  at  the  highest 
altitude  (minimum  density)  when  the  sweep  angle 
is  about  60°.  In  the  case  with  no  transpiration,  the 
earliest  possible  transition  occurs  when 

p_  =  4.2  x  l0*fD  (kg/m3) 

We  may  also  note  that,  at  the  high  sweep  angles, 
transpiration  has  little  effect  upon  transition 
altitude.  However,  the  influence  of  both  sweep 
and  transpiration  becomes  stronger  as  the  sweep 
angle  decreases. 

10.  Summary  and  Conclusions 

A  series  of  very  simple  relationships  has  been 
developed  for  heat  transfer  at  an  inclined 
attachment  line  in  the  hypervelocity  flight  regime. 

The  results  may  be  summaried  as  follows 
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b.  turbulent  flow 
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for  1200  m/sec  <  Q„cos®  <  8000  m/sec 
and,  with  surface  transpiration, 
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Finally,  as  an  illustrative  example,  the  effects  of 
sweep  angle  upon  attachment-line  heat  transfer 
rate  for  a  leading  edge  of  diameter  0.2m,  flying  at 
6  km/sec  at  an  altitude  of  about  30  kins  (density  = 

I. 2  x  10'2  kg/m3)  are  demonstrated  in  figure  9.  It 
is  apparent  that,  for  laminar  flow,  the  real  gas 
effects  are  modest  and  that  increasing  the  sweep 
angle  produces  the  expected  monotonic  decrease 
in  heating  rate.  In  the  case  of  turbulent  flow  the 
situation  is  very  different.  Firstly  the  real  gas 
effects  are  large  and  amount  to  an  increase  of 
over  60%  in  the  heating  rate.  Secondly,  the 
heating  rate  itself  exhibits  a  very  severe  peak,  with 
a  maximum  value  which  is  three  times  the  laminar 
level  for  the  same  sweep  angle,  and,  thirdly,  the 
transition  criterion  indicates  that  the  turbulent 
flow  is  to  be  expected  under  these  conditions. 
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Figure  2.  Comparison  between  the  approximate  relation  for  skin 
friction  and  Cohen’s  "exact"  solutions,  (ref.4) 
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Figure  5.  Attachment-line  velocity  gradient  as  a  function  of  40 
Mach  number  and  altitude  for  air  in  thermochemical 
equilibrium,  after  Feldman,  (ref.  13) 
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SUMMARY 

In  view  of  the  prevailing  discrepancies  between  exper¬ 
iment  and  theory  with  regard  to  instabilities  in  hyper¬ 
sonic  flow  an  extended  theoretical  approach  is  studied 
For  hypersonic  flow  past  a  pointed  cone  Thin  Layer 
Navier  Stokes  solutions  are  compared  to  similarity  soi 
utions  with  different  modelling  of  viscosity-tempeiature 
laws  The  formulation  of  the  stability  equations  in  cur¬ 
vilinear  coordinates  allows  a  discussion  of  various 
representations  of  the  local  body  metric.  A  systematic 
sensitivity  study  of  basic  state  profiles  and  spatial 
amplification  lates  is  performed  It  is  found  that  the 
improved  agreement  with  the  experiment  in  the  viscous 
first  mode  region  is  equally  due  to  the  extended  stabil¬ 
ity  analysis,  where  cone  metric  is  specified,  and  the 
extended  mean  flow  solution  as  well  In  the  second 
mode  region  the  major  improvement  results  from  the 
more  complete  basic  state  formulation,  however,  the 
close  agreement  with  measured  growth  rates  is  only 
achieved  when  the  stability  analysis  is  based  on  conicai 
metric 

1.  INTRODUCTION 

For  a  physical  understanding  of  the  initial  stages  of 
laminar-turbulent  transition  of  hypersonic  flow  il  is  now 
generally  agreed  that  the  best  approach  is  to  measure 
characteristics  of  instability  waves  experimentally  and 
to  compare  these  directly  to  results  from  stability  theo¬ 
ry  Effects  considered  to  be  relevant  for  the  flow  type 
and  configuration  under  investigation  which  might 
influence  stability  results  are  taken  into  account  by 
successive  generalizations  of  the  rlassical.  local,  linear 
stability  theory 

This  approach  allows  direct  comparison  of  exper¬ 
imental  and  theoretical  data  As  opposed  to  transition 
experiments,  where  only  mean  quantities  like  wall  heat 
transfer  rates  are  measured,  in  the  so-called  instability 
experiments  hot  wire  anemometer  signals  are  recorded 
at  selected  locations  within  the  boundary  layer  in  the 
form  of  time  series  and  transformed  into  power  spectra 
via  standard  data  reduction  techniques  The  hot  wire 
probe  is  moved  downstream  and  e  g  placed  at  a  dis¬ 
tance  trom  the  wall  where  the  disturbance  enr  rgy  sig¬ 
nal  reaches  a  maximum.  Amplification  rates  are 
obtained  from  the  power  spectra  by  determining  the 
change  in  amplitude  in  streamwise  direction  at  a  cer¬ 
tain  (requency.  Thereby  direct  comparison  to  spatial 
amplification  rates  from  linear  stability  theory  is  possi 
ble  Such  experiments  were  carried  out  on  flat  plates 


at  supersonic  Mach  numbers  by  l.aufer  A  Vrebalovich 
J 1 7 J .  Demetriades  f 6 J,  Kendall  [  1 3 1.  |14j,  Kosinov. 
Maslov  &  Shevelkov  [15]  and  for  pointed  cones  at 
hypersonic  Mach  numbers  by  Kendall  |14|.  Deme 
triades  |  7  ]  and  Stetson  [30  |. 

Kendall's  experiments  [13]  for  the  first  time  confirmed 
the  existence  and  dominance  of  second  mode  disturb 
ances  in  a  high  Mach  number  boundary  layer  flow  The 
largest  and  most  detailed  data  base  which  allows  direct 
comparison  between  theory  and  experiment  was  given 
by  Stetson  [30]  [31  ],  [32]  This  was  the  main  reason 
for  taking  his  results  as  a  reference  for  our  computa¬ 
tions  The  pointed  cone  as  a  generic  body  was  also 
chosen  because  of  its  closer  geometrical  similarity  to 
practical  configurations  than  the  flat  plate  'n  addition 
il  is  a  major  outcome  of  our  present  work  that  for 
improved  agreement  between  theory  and  experiment 
the  formulation  of  both  the  basic  state  and  the  stability 
equations  for  cone  flow  should  be  carried  out  different 
ly  than  for  flow  along  a  flat  plate  Hence,  results 
obtained  for  a  flat  plate  should  not  directly  be  trans¬ 
ferred  to  those  for  a  cone  as  for  example  by  employing 
Mangier  transformation  The  blunt  cone  case  is  not 
considered  in  the  present  study  because  of  the  addi¬ 
tional  difficulties  associated  with  the  modelling  of  'he 
nose  tip  flow  region  Our  intention  is  to  resolve  some 
discrepancies  between  theory  and  experiment  for  the 
most  simple  case  where  they  have  been  prominent  We 
analyze  a  generic  hypersonic  flow  field  along  a  pointed 
cone.  Also  this  investigation  is  aimed  at  clarifying  fea¬ 
tures  of  linear  instability  wave  propagation  Extension 
to  the  non-linear  regime  should  only  be  performed  after 
generic  discrepancies  between  theoretical  and  exper¬ 
imental  results  hav'  been  identified 

Stetson's  measurements  [30]  were  carried  out  for  a 
pointed  cone  of  7  degree  half  angle,  placed  in  a  free 
stream  flow  of  Mach  number  eight,  stagnation  point 
temperature  T0  =  728 °K  and  a  un:*  Reynolds  number 
Re/ft  =  1  •  10*  1/ff.  A  comprehensive  representation  of 
data  obtained  by  Stetson  is  given  in  fiq.  1.  The  figure 
shows  the  fluctuation  spectra  of  p^  jk  disturbance 
energy  in  wall  normal  direction,  obtained  at  different 
streamwise  lorafions.  The  frequencies  at  which  these 
curves  have  a  maximum  are  in  the  range  where  second 
mode  disturbances  are  dominant,  as  demonstrated  by 
Mack  119]. 

The  change  in  amplitude  distribution  in  streamwise 
direction  tor  individual  frequencies  yields  spatial 
amplification  rates,  directly  comparable  to  stability  the¬ 
ory  Such  a  comparison  was  carried  out  by  Mack  [  19). 
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1 20]  based  on  compressible,  linear  stability  equations 
formulated  in  Cartesian  coordinates  and  using  Mangier 
transformation  to  obtain  cone  boundary  layer  flow  pro¬ 
files  from  flat  plate  similarity  solutions  A  typical  result 
is  given  in  fig.  2.  Only  qualitative  agreement  could  be 
achieved  between  stability  calculations  and  measure¬ 
ments.  whereas  experimental  data  from  three  different 
authors  (Kendall  [14],  Demetriades  [ 7 j  and  Stetson 
[30  ])  obtained  in  different  wind  tunnels  with  similar  free 
stream  conditions  show  close  quantitative  agreement. 
Fig.  2  therefore  can  be  considered  as  a  benchmark  for 
stability  calculations  since  a  narrow  experimental  error 
bar  is  given  The  quantitative  disagreement  with  the 
results  obtained  by  Mack  [20  |  has  led  him  to  some  cri¬ 
ticism  towards  the  experimental  set  up  His  main  point 
is  that  the  free  stream  disturbance  field,  triggering 
instability  waves  within  the  boundary  layer,  is  not  con¬ 
trolled  In  fact,  the  only  experiments  in  supersonic  flow 
using  controlled  disturbances  of  specified  frequency 
and  amplitude  are  those  of  Kendall  1 13]  and  Kosinov. 
Maslov  &  Shevelkov  (15).  In  both,  at  a  line  or  point 
source,  periodic  fluctuations  were  produced  within  the 
boundary  layer  by  means  of  electric  glow-discharge  In 
Kendall's  case  plane  waves  were  produced  by  placing 
electrode  pairs  within  the  plate  surface  at  various 
obliqueness  angles  In  Kosinovs  case  poin'ed  elec¬ 
trodes  were  placed  inside  the  plate  in  contact  with  the 
flow  through  a  small  hole  The  pulsating  flow-discharge 
here  generated  wave  packets  Mack  argued  that  in  an 
uncontrolled  disturbance  environment  the  fluctuation 
spectra  oblained  may  not  necessarily  be  due  to  insta¬ 
bility  waves  but  may  also  represent  effects  of  contin¬ 
uous  receptivity,  secondary  instabilities  and  non-linear 
processes  The  latter  is  indicated  by  the  appearance  of 
another  amplified  frequency  range  at  approximately 
twice  the  second  mode  frequency  as  shown  in  fig.  1. 
Also,  according  to  Mack,  amplification  *-3105  obtained 
from  the  spectra  at  the  wall  normal  locations  of  the 
peak  wideband  response  are  not  neccessarily  the 
locations  of  the  peaks  of  the  individual  frequency  com¬ 
ponents'  For  uncontrolled  disturbances  the  wave 
motion  is  determined  by  a  superposition  of  normal 
modes  of  unknown  spanwise  wave  number  spectrum. 
On  the  other  hand  the  theory  considers  only  single 
normal  modes  of  specified  spanwise  wave  numbers 
Finally,  for  the  wind  tunnel  used  the  unknown  initial 
disturbance  amplitude  at  the  location  of  neutral  growth 
may  be  at  such  a  level  that  already  after  a  short  region 
of  linear  amplification  non-linear  amplification  and 
finally  non-linear  saturation  phenomei  a  may  take 
place 

On  the  other  hand,  one  can  argue  that  the  assumptions 
under  which  Mack  s  stability  analysis  has  been  per¬ 
formed  do  not  capture  some  relevant  flow  features 
present  in  the  experiment  as  discussed  in  the  following: 
The  interaction  between  an  oscillating  shock  wave  and 
an  instability  wave  originating  from  the  bounda-y  layer 
was  studied  by  Chang  &  Malik  [3]  using  linearized 
Rankine  Hugoniot  conditions  as  outer  boundary  condi¬ 
tions  of  the  stability  problem  However,  it  was  found 
that  only  in  the  hypersonic  limit  not  for  the  flow  condi¬ 
tions  of  Stetson's  experiment,  first  and  second  mode 
disturbances  were  noticably  stabilized  In  the  same 
paper  by  Chang  &  Malik  it  was  also  checked  whether  a 
very  small  nose  bluntness  as  is  always  present  on  a 
real,  pointed  cone  would  have  an  impact  on  the  growth 
rate,  as  it  was  known  from  both  experiments  by  Stetson 


et  al.  [31  ]  and  computations  by  Malik  [22],  Reshotko  & 
Khan  [27]  that  small  nose  bluntness  signilicantly  stabi¬ 
lizes  the  flow  However,  no  effect  was  found  for  the  case 
of  very  small  nose  radius. 

It  can  be  well  assumed  that  under  the  experimental 
condhion  of  free  stream  Mach  number  eight  and  wall 
temperature  of  611  "K  the  perfect  gas  assumption  is  still 
valid.  A  typical  case  where  chemical  reactions  appear 
in  the  flow  would  be  at  a  Mach  number  of  25  and  a  wall 
temperature  of  1200 °K.  as  considered  by  Stuckert  & 
Reed  [35], 

Instead  we  believe  that  results  from  stability  theory 
concerning  the  growth  rates  of  instability  waves  in  the 
flow  past  a  pointed  cone,  under  the  conditions  of 
Stetson's  experiment  1 30  ].  are  mainly  sensitive  towards 

•  non-parallel  flow  effects 

According  to  Bertolotti  [2],  El  Hady  [9]  these  effects 
become  pronounced  with  increasing  Mach  number  and 
wave  obliqueness  and  closer  agreement  w.  the  flat 
plate  experiment  of  Kendall  [13]  is  found  when  terms 
due  to  nonparallelism  of  the  flow  are  included  in  the 
analysis.  The  same  trend  is  observed  when  comparing 
measurements  of  Kosino/.  Maslov  &  Shevelkov  [15]  to 
results  from  non-parallel  theory  as  pointed  out  by 
Maslov  [24], 

•  temperature  distribution 

Both  the  stagnation  temperature  and  the  wall  temper¬ 
ature  (cooling)  have  a  strong  influence  on  growth  rates 
for  high  Mach  numbers  as  demonstrated  by  Mack 
[20],  [2t]  and  therefore  should  be  specified  according 
to  the  experiment  The  stabilizing  influence  of  wall 
cooling  on  first  mode  disturbances  and  the  destabiliz¬ 
ing  influence  on  second  mode  disturbances  has  been 
confirmed  experimentally  by  Lysenko  &  Maslov  [18J  In 
addition  the  form  in  which  the  temperature  dependence 
of  the  thermodynamic  properties  is  specified  can  mark¬ 
edly  alter  stability  results  (see  Bertolotti  [2]).  In  this 
investigation  we  will  discuss  the  effect  of  different  vis¬ 
cosity-temperature  laws  on  spatial  amplification  rates 

•  viscous  I  in  viscid  interaction 

Several  attempts  (Gasperas  |  10],  Mack  |20j.  Chang  & 
Malik  [3])  have  been  made  to  obtain  basic  state  sol¬ 
utions  that  account  for  viscous/inviscid  interaction 
which  can  be  expected  to  be  present  under  the  given 
flow  conditions,  as  the  shock  distance  from  the  wali,  in 
a  range  where  instability  vaves  grow,  is  only  about 
three  to  seven  times  the  boundary  layer  edge  distance 
from  the  wall  All  of  these  authors  computed  solutions 
of  parabolized  Navier  Stokes  equations  (PNS)  and 
experienced  ditficulties  to  obtain  a  converged  solution. 
However  Chang  &  Malik  [3]  reported  enhanced  agree¬ 
ment  with  Stetson's  experimentally  obtained  growth 
rales  in  flfl.  2,  when  about  200  grid  points  from  the  wall 
to  the  shock  were  used  in  the  PNS  computations 

•  surfa  ;e  curvatures 

The  etiect  ut  transverse  m.rvature  on  'he  instability  of 
axisymmetric  supersonic  oundary  layer  flow  nas  been 
studied  by  Malik  &  Spall  |z3]  They  found  that  axisym¬ 
metric  first  and  second  mode  disturbances  were  sta! 
lized  but  oblique  first  mode  waves  were  destabilized 
Gasperas  (11]  included  cone  divergence  terms  in  the 
stability  analysis  by  introducing  body-oriented  coordi¬ 
nates  and  found  the  effect  on  axisymmetric  disturb¬ 
ances  to  be  stabilizing  Enhanced  agreement  to 
Stetson  s  experimental  results  in  fig.  2  was  obtained 
Kosinov  &  Maslov  [16]  found  in  an  experiment  with 


controlled  disturbances  .it  free  stream  Mach  number 
two  that  cone  amplification  rates  were  smaller  than 
those  of  a  flat  plate  after  Mangier  transformation 

In  this  paper  we  discuss  in  how  far  a  more  complete 
formulation  of  botti  ftie  basic  state  equations  and  the 
stability  equations,  accounting  for  viscous/inviscid 
interaction  and  complete  body  geometry,  leads  to  an 
improved  agreement  between  spatial  growth  rates  of 
Instability  waves  obtained  from  linear  stability  theory 
and  stability  experiment  For  that  purpose  we  investi 
gate  various  basic  state  computation  methods  Thin 
Layer  Navier  Stokes  solutions  are  compared  to  similar¬ 
ity  solutions  with  different  modelling  o(  viscosity-temp¬ 
erature  properties  A  systematic  sensitivity  study  of 
these  approaches  towards  both  basic  stale  profiles  and 
spatial  amplification  rates  of  two-  and  three-dimension¬ 
al  instability  waves  is  performed.  Special  emphasis  is 
layed  on  identifying  relevant  parameters  that  influence 
the  convergence  of  t tie  numerical  solutions  of  the  Thin 
Layer  Navier  Stokes  equations  The  foi  mutation  o(  the 
stability  equations  in  curvilinear  coordinates  allows  a 
discussion  of  various  representations  of  the  local  body 
metric  loviscid  stability  features  of  the  cone  flow  sol¬ 
utions  are  investigated  The  present  study  concentrates 
on  local  stability  investigations  However,  our  formu¬ 
lation  of  the  stability  equations  allows  us  to  i  utline  that 
non  local  stability  equations  can  tie  derived  by  gener¬ 
alizing  our  approach  in  a  straight  forward  manner 

2.  PROBLEM  FORMULATION 

2.1  Basic  State  Solutions 

2.1.1  Similarity  Solutions  of  the  Boundary  Layer 
Equations 

The  similarity  solutions  are  obtained  Irom  the  classical 
boundary  layer  equations  of  compressible,  zero  pres 
sure  gradient.  Iwo  dimensional,  planar  boundary  layer 
(low  (or  conservation  of  mass,  momentum  and  energy 
All  flow  and  material  quantities  are  non-dimensionai- 
ized  by  their  corresponding  (local)  inviscid  free  stream 
values  The  material  quantities  are  treated  such  that  the 
specific  heats  c‘„  c'  at  constant  pressure  and  volume, 
are  assumed  constant  along  with  the  Prandtl  number 
Pr  c'p'/x'.  (*:  dimensional  quantity.  //":  dynamic  vis 
cosity.  h':  thermal  conductivity)  according  to  the  results 
which  will  be  discussed  in  chapter  3  2?  Dynamic  vis 
cosity  is  assumed  to  be  a  (unction  o(  temperature  T 
only,  given  as  a  linear  function  for  the  Chapman  Rube- 
sin  similarity  solution  (see  [4||  and  given  by 
Sutherland  s  formula  (or  similarity  solutions  as 
obtained  by  Mack  (20]  After  introduction  of  appropri¬ 
ate  similarity  transformations  (see  Sfewarfson  [ 34 1. 
p  35)  the  ordinary  differential  equations  obtained  are 
solved  by  a  fourth  order  Runge  Kutta  IMSL  routine  for 
the  formulation  provided  by  ChnpmanRubesin  (4]  and 
by  a  variable  order  Adams  Moulton  integration  sub¬ 
routine  tor  the  formulation  by  Mack  |  20  |  The  pointed 
cone  boundary  layer  flow  solutions  are  obtained  by 
introducing  Mangier  Stepanov  transformation  (see  Ste 
wartson  [34],  p  1 05)  which  yields  (c:  cone,  fp  (tat  plate 
*'■  wall  tangential  coordinate,  x\  wall-normal  coordi 
nate.  covariant  derivative  in  direction  i) 

x'r  3x,J,  .  x’  x^,/,3 

and 

fix,1).,  fix, 3 


The  function  fix')  represents  either  the  velocity  or  tern 
perature  profile.  We  note  that  cone  similarity  profiles 
obtained  trom  Mangier  Stepanov  transformation  of  the 
axisymmelric  boundary  layer  equations  are  identical  to 
flat  plate  profiles  obtained  from  planar  boundary  layer 
equations  apart  from  the  constants  given  above  Cone 
similarity  solutions  are  obtained  only  if  transverse  cur¬ 
vature  is  neglected  in  the  momentum  equations  A  uis- 
cussion  of  this  can  be  found  in  Malik  &  Spall  [23]  and 
Mack  |20  ]. 

2.1.2  Solution  of  the  Thin  Layer  Navier  Stokes 
Equations 

The  Tnin  Layer  approximation  to  the  Navier  Stokes 
equations  (TLNS)  stems  from  the  observation  that  in 
high  Reynolds  number  flows  the  viscous  derivatives  in 
the  streamwise  and  circumferential  directions  are  in 
general  numerically  not  resolved,  because  they  are 
usually  of  order  of  magnitude  0(Re  )  as  opposed  to 
the  viscous  derivatives  in  the  wall  normal  direction, 
which  are  usually  of  Oil)  (Reynolds  number  based  on 
free  stream  quantities  and  characteristic  streamwise 
length).  The  latter  are  in  general  resolved  by  clustering 
grid  lines  in  the  boundary  layer.  Thus  the  approxi 
mation  is  employed  by  neglecting  the  viscous  stream- 
wise  and  circumferential  derivatives  while  retaining 
those  in  wall  normal  direction  As  opposed  to  the  Par¬ 
abolized  Navier  Stokes  (PNS)  equations  the  basic  state 
flow  field  is  obtained  by  iterating  the  TLNS  solution  in 
time  to  a  steady  state  As  opposed  to  PNS  computations 
it  is  therefore  possible  to  iterate  the  residual  to  arbi¬ 
trary  low  levels  without  a  constraint  on  the  step  size  in 
stieamwise  direction  Both  the  PNS  and  our  TLNS  are 
space  marching  methods,  i  e  the  mixed  hyperbolic- 
parabolic  character  ol  the  equations  allows  that  the 
solution  is  marched  downstream  starting  from  specilied 
initial  conditions  In  Ihe  TLNS  space  marching  method 
the  upstream  influence  in  ttie  subsonic  part  ot  the 
boundary  layer  is  suppressed  Both  methods  produce 
departure  solutions  if  the  inviscid  flow  field  becomes 
locally  subsonic  For  the  PNS  such  exponentially  grow 
ing  solutions  additionally  can  occur  tor  small  marching 
step  sizes  through  the  elliptic  character  introduced  into 
the  steady  equations  if  a  streamwise  pressure  gradient 
is  present  wi'hin  the  subsonic  part  of  the  boundary 
layer  Hence,  the  TLNS  space  marching  method  is  more 
accurate  and  more  robust  but  less  efficient  -  due  to  the 
additional  iteration  in  time  -  than  conventional  implicit 
parabolized  Navier  Stokes  methods 

Within  the  Thin  Layer  Approximation  the  equations  for 
conservation  of  mass,  momentum  and  energy  are  non- 
dimensionalized  with  their  corresponding  free  stream 
values,  pressure  with  twice  the  tree  stream  dynamic 
pressure  and  coordinates  with  a  characteristic  length  L 
in  streamwise  direction  The  Prandt!  number  is 
assumed  constant  (see  chapter  3  2  2)  along  with  the 
specific  heats.  Dynam  ay  is  described  by 

Sutherland's  law  Co"  ,  tn  'he  boundary  layer 

equations  the  cone  (low  described  by  addi¬ 
tionally  taking  into  a.  •■•  •.  re  gradients  via  p„ 

and  surface  curvature  ’  equations  include  the 

Euler  equations  for  invr  .  .■>  w  Hence,  the  computa¬ 
tion  can  be  extended  beyond  Ihe  shock  into  the  inviscid 
free  stream  (low  field  Also,  complete  inviscid  flow  field 
solutions  can  be  obtained  by  neglecting  the  terms  con¬ 
taining  Reynolds  number 

The  computer  program  utilized  to  solve  the  TLNS 
equations  has  been  written  by  Muller  |?6]  Therein  the 
tarfield  boundary  conditions  are  Ihe  tree  stream  condi- 


31-4 


tions  (shock  capturing).  At  the  surface  no-slip  condi¬ 
tions  for  the  velocities  and  isothermal  or  adiabatic 
boundary  conditions  for  the  wall  temperature  are  spec¬ 
ified  and  zero  wall-normal  pressure  gradient  is 
assumed.  Conical  conditions  are  assumed  at  the  sin¬ 
gularity  for  pointed  bodies  and  at  the  outflow  surface 
the  slope  of  the  conservative  variables  in  streamwise 
direction  is  assumed  constant.  The  computational  mesh 
is  set  up  such  that  the  grid  points  are  distributed  at 
equal  increments  in  the  streamwise  direction  and  clus¬ 
tered  near  the  body  in  wall  normal  direction  by  the 
function 


0  <  A  <  1  .  b  >  1 

where  A  -  {k  —  1  ;  h  =  1(1)/<max  and  b  —  1  001  typi¬ 

cally.  The  governing  equations  in  conservation  law  form 
are  discretized  by  approximating  the  time  derivative  by 
the  first-order  Euler  implicit  formula,  the  inviscid  spatial 
derivatives  by  (he  second  order  accurate  upwind 
method  of  Harten  and  Yee  [12]  which  has  total  vari¬ 
ation  diminishing  (TVD)  properties  by  flux  modification, 
and  by  second  order  finite  differences  for  the  viscous 
terms.  Numerical  damping  of  linear  waves  is  intro¬ 
duced  through  an  entropy  function  [12],  [26]  controlled 
by  an  entropy  parameter  E  usually  of  0(10  ').The 
obtained  linear  system  is  solved  by  the  diagonally 
dominant  alternating  direction  implicit  (DD-ADI)  method 
using  underrelaxation. 

2.2  Solution  of  the  Linear  Stability  Equations 
2.2.1  Linear  Stability  Equations 

In  linear  stability  theory  the  total  flow  is  decomposed 
into  a  steady  basic  flow,  whose  instability  is  investi¬ 
gated.  plus  an  unsteady  perturbation  flow  with  infini¬ 
tesimally  small  amplitudes  so  that  the  resulting  pertur¬ 
bation  equations  can  be  linearized,  meaning  that  no 
interaction  between  fluctuation  quantities  is  considered 

The  total  flow  is  supposed  to  satisfy  the  equations  of 
conservation  of  mass,  momentum  and  energy  in  the 
case  considered  here  of  compressible  flow  along 
curved  surfaces,  given  in  tensor  notation  as 
ti.  j.k.m.n  1,(1).  3) 


~~  I  <pv')„  0 

f’f 


<2)a 


plus  the  equation  of  state 

PT 


g'1,  gv  are  the  contravariant,  covariant  metric  tensors 
The  dependent  variables  p.v'.p.T  stand  for  density, 
contravariant  velocity  component  in  direction  i,  pres¬ 
sure  and  temperature.  The  independent  variables  are 
the  curvilinear  coordinates  x'  and  time  t  M.  Re.  Pr 
stands  for  Mach  number,  Reynolds  number,  Prandtl 
number  A,  y  for  second  viscosity  coefficient  and  ratio  of 
specific  heats.  All  flow  and  material  quantities  are  non- 
dimensionalized  in  the  same  way  as  for  the  Thin  Layer 
Navier  Stokes  equations  discussed  in  chapter  2.1.2 
Also  Prandtl  number  and  specific  heats  are  again 
assumed  constant.  All  flow-  and  non-constant  materi¬ 
al-quantities  are  now  decomposed  into  a  steady  basic 
and  an  unsteady  perturbation  flow  quantity. 

q  =  q(x')  +  q(x',  f)  .  (3) 


The  covariant  derivatives  are  evaluated  by 


<v 


(4) 


H,,  is  the  Christoffel-symbol.  as  defined  e  g  in  Aris  [1], 
p  165.  Orthogonal,  curvilinear  coordinates  are  intro¬ 
duced  so  that  only  diagonal  metric  tensor  elements 
g".  g„  remain.  In  addition  the  assumption  of  so-called 
locally  parallel  flow*)  is  imposed,  i.e 

q  =  q(* 3)  ■ 

(5) 

v1  =  (v\  v2,  o)  ,  p(x3)  =  const 


Hence,  with  this  formulation  non-parallel  flow  effects  on 
flow  instability  are  a  priori  not  taken  into  account.  In  (5) 
the  indices  1,  2  represent  coordinate  directions  locally 
tangent  and  3  locally  normal  to  the  body  surface.  For 
the  perturbation  flow  quantities,  we  seek  particular  sol¬ 
utions  of  the  form 

q'  —  q{x3)e'(>  +  c.c.  ,  0  -  k'x'g,,  -  <nf  (6| 

where  q'  is  the  complex  amplitude  function.  <■>  the  fre¬ 
quency  and  K  the  wave  number  vector 

k' ^-L{k{t).k{2).0)^jr('xlhvlllh2.0)  .  (7) 


"(  7T  '  vV  ') 

-  P-iQ1'  1 

1  )/'(g"V.m 

*  g'V.j}.,  | 

"( f  4  *-) 

(y  i)M2( 

>'p  ,  .  \ 

~Pt  *  vp") 

RePr 

(v  DM2 

Re 

9,k 

[  /v"'.„,g‘'  .  y.(g‘"V,m  I  g"’v\„)  )v'./ 


We  also  define 


kw(i)  :  -  (a./I.O) 

and  hence  obtain 

4t  =  MO  (8) 

fix 

The  particular  solutions  (6)  physically  represent  indi¬ 
vidual  instability  waves  also  termed  normal  mode  sol- 


)  The  so-called  focet  parallel  flow  assumption  has  the  usual 
meaning  that  one  neglects  wall-normal  velocity  compo¬ 
nents  v1.  Nevertheless,  divergence  or  convergence  of 
stream  lines  in  planes  x5  -  const  may  still  or.air  (e  g  on 
a  rone). 
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utions.  We  now  introduce  the  ratio  of  characteristic 
lengths  in  wall-normal  and  streamwise  direction 
IjL  —  1  jjRe  ,  where  /  stands  for  the  Blasius  length 
I  =  (v^L/L/,**,)'12.  based  on  freestream  conditions  and 
streamwise  characteristic  length.  With  this  ratio  we 
assume  the  following  orders  of  magnitude  for  a  defined 
norm  of  the  basic  and  perturbation  flow  quantities,  the 
coordinates  x',  the  frequency  w,  the  wave  number 
components  the  Lame-parameters  h,  (see  Aris 

[1],  p.  (43)  and  the  metric  gradients: 


lid II  ~  0(1)  ,  llgll  =  a  -0(1)  . 

(9)a 

l|x’|Mlx2||  =  0(1)  .  ||x3||  =  0(Re-''2)  . 

(9)0 

i|«>||  =  0(Re’/2)  , 

(9)c 

ii*w(0H  =  0(Re112)  . 

(9)d 

Ilh,ll  =  0(1)  ,  ||  ~  1!  =  0(Re~  1/2)  . 

(9)e 

Ox' 


where  for  the  perturbation  amplitude  A<?1  is  assumed. 
We  note  that  dimensionless  wave  number  and  frequen¬ 
cy  based  on  Blasius  length  is  typically  of  0(1).  Then 
eqs  (9c,  9d)  follow  from  l/L  =  Re  'l!.  In  addition  eq.  (9) 
restricts  metric  gradients  to  be  of  0(Re  ,i!)  in  all  coor¬ 
dinate  directions. 

We  insert  eqs.(3)-(8)  into  the  total  flow  equations  (2)  and 
rewrite  each  non-constant  quantity  as  product  of  norm 
times  normalized  form.  Considering  (9)  we  keep  only 
terms  that  are  linear  in  A  and  among  these  neglect  all 
terms  of  0(Re  ')  and  smaller.  By  this  procedure  we 
obtain  the  linear,  local  stability  equations  of  compres¬ 
sible,  three-dimensional,  parallel  flow  along  curved 
surfaces,  given  in  Simen  &  Dallmann  [29]. 

We  note  that  all  dependent  variables  q1.  q1  are  functions 
of  the  wall  normal  coordinate  x3  only.  However,  we 
allow  for  small  metric  gradients  ilh./dx’  in  all  three 
directions.  Therefore  we  have  to  point  out  that  by 
applying  for  stability  analysis  of  flows  where  flow 
divergence  in  wall-parallel  and  wall-normal  directions 
or  stream  line  curvature  provides  terms  of  0(Re  ,,J)  (or 
even  larger  terms),  so-called  non-parallel  flow  effects 
on  flow  instability  are  not  taken  into  account.  To  include 
such  effects  a  non-local  theory  (briefly  discussed 
below)  would  be  required.  Supposedly  small  wall  tan¬ 
gential  gradients  in  q',  q\  h, ,  k(i),  which  result  in  a  sys¬ 
tem  of  partial  differential  equations  to  be  solved,  can 
be  treated  e  g.  by  the  method  of  multiple  scales  or  by 
a  marching  scheme  as  in  Bertolotti  [2], 

Let  us  briefly  describe  how  the  local  approach  dis¬ 
cussed  above  can  be  extended  to  a  non-local  theory  in 
a  straight  forward  manner.  We  replace  equations  (5)  by 

q  -  g(x')  ,  vV)  =  (v\v2.v3)  ,  p=p(V) 

and  equations  (6),  (7)  by 

q '  -  gy(x')e,fl  +  c.c.  .  0  —  Jk'dx'g^  -  o>f , 

*'(*’.  X2)  =  -f-  («<*',  x2)/b,,  /?(x\  x2)/bj.  0)  , 

ni 

and  we  add  to  equations  (9) 

||v3||  =  0(Re“  m)  , 

llpll  ~  A  ■  0(Re_  ')  . 


||p||  =  A  •  0 (Re  ')  is  introduced  to  suppress  wall  tangen¬ 
tial  gradients  of  pressure  fluctuations,  similar  to  the 
procedure  taken  for  solving  the  TLNS  equations,  (see 
Muller  [26],  With  the  same  procedure  as  described 
above,  we  now  obtain  an  eighth  order  system  of  stabil¬ 
ity  equations,  which  are  parabolic  in  the  wall  tangential 
directions.  Equations  of  this  type  can  then  be  solved  via 
a  marching  procedure  as  outlined  e  g.  in  Bertolotti  [2], 
The  benefit  of  this  non-local  theory  is  that  the  effect  of 
body  surface  curvature,  stream  line  curvature  and  cur¬ 
vilinear  wave  propagation  can  be  studied  simultane¬ 
ously  in  a  consistent  way.  Terms  in  the  non-local  sta¬ 
bility  equations  containing  metric  gradients  fihjdx' 
appear  because  of  body  surface  curvature  Terms  with 
dv73x'  (/  =  1,2)  are  due  to  flow  divergence  with  or  with¬ 
out  stream  line  curvature  (apart  from  the  body  curva¬ 
ture  effect).  Terms  with  wave  vector  derivatives  da /3x', 
dp/dx1  appear  for  curvilinear  wave  propagation.  Details 
of  such  a  non-local  stability  theory  in  general  tensor 
notation  will  be  given  in  a  different  paper.  In  this  paper 
we  concentrate  on  results  obtainable  from  a  local  sta¬ 
bility  theory. 

2.2.2  Numerical  Method 

Due  to  space  limitations  the  reader  is  referred  to  Simen 
[28],  Simen  &  Dallmann  [29]  for  a  detailed  description 
of  the  numerical  method.  The  local  stability  equations 
are  discretized  by  spectral-collocation.  The  obtained 
linear  system  is  formulated  as  a  boundary-value  prob¬ 
lem.  As  freestream  boundary  condition  we  prescribe 
exponential  decay  for  the  eigenfunctions  at  about  1.5 
times  the  boundary  layer  thickness.  Spatial  or  temporal 
stability  theory  is  employed  by  iterating  on  the  accord¬ 
ing  eigenvalue  until  all  boundary  conditions  are  satis¬ 
fied  to  a  specified  numerical  limit.  Also  local  inviscid 
flow  quantities  at  the  wall  (index  e)  and  local  Blasius 
length  /  =  (v*x7</«)vs  are  introduced  for  nondimension- 
alization. 

3.  RESULTS 

As  pointed  out  in  the  introductory  chapter  we  base  our 
comparison  between  theoretical  and  experimental 
results  on  the  stability  experiments  carried  out  by  Stet¬ 
son  [30],  The  test  facility  was  a  closed  circuit  hyper¬ 
sonic  windtunnel  operated  at  a  free  stream  Mach  num¬ 
ber  =  8  in  the  test  section,  a  stagnation  temperature 
T0  =  728 °K  and  a  free  stream  unit  Reynolds  number 
Re /ft  =  10s  /  ft  =  3.2808  ■  10  6/m.  The  teat  article  was  a  7 
degree  half  angle  pointed  cone  with  a  nose  radius  of 
3.81-10  5m  which  was  considered  small  enough  for 
inviscid  entropy  layer  effects  not  to  play  any  role. 
Under  these  conditions  the  Mach  number  of  inviscid 
flow  at  the  wall  is  6.83  and  the  angle  between  the  shock 
and  the  cone  axis  is  approximately  1 1  degrees  as  given 
by  a  solution  of  the  Taylor-Maccoll  equation.  According 
to  Stetson  the  flow  field  surveys  were  obtained  only 
after  the  model  had  reached  equilibrium  temperature, 
i.e.  adiabatic  wall  conditions  had  been  obtained. 

3.1  Sensitivity  Study  of  Basic  State  Solutions 

For  the  flow  conditions  given  by  the  experiment  we 
investigate  parametric  effects  on  flow  field  solutions 
obtained  from  the  Thin  Layer  Navier  Stokes  (TLNS) 
equations  and  from  similarity  transformed  boundary 
layer  (SBL)  equations.  The  main  parameters  affecting 
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the  TLNS  solutions  are  identified  as  number  of  grid 
points,  grid  point  distribution  and  amount  of  numerical 
damping.  The  convergence  behaviour  of  the  solution  is 
discussed  The  SBL  solutions  are  shown  to  be  sensitive 
towards  the  form  of  the  viscosity-temperature  law  spe¬ 
cified. 

For  the  TLNS  computations  the  following  flow  parame¬ 
ters  are  held  constant:  M„-8.0,  —  52.75°K, 

Pr  =  0.72,  Rex  =  6.525  •  106.  The  free  stream  temper¬ 
ature  is  obtained  from 

=  V( 1  . 

To  determine  the  free  stream  Reynolds  number  Re„  we 
proceed  as  follows:  We  fix  the  local  Reynolds  number 
Re  =  Uel/ve  at  which  according  to  the  experiment  tur¬ 
bulent  flow  is  fully  developed,  Re™*  =  3000  Re,„a,  yields 
the  characteristic  length  in  streamwise  direction  via 
L  =  Re*,,  .  v,/L/e  .  From  Re,„  =  U,„L/v,„  we  then  obtain 

(v./*\J/(Ue/tU  ■ 

where  dimensionless  kinematic  viscosity  and  velocity 
is  given  by  the  inviscid  flow  solution  at  the  wall  together 
with  the  dimensionless  form  of  Sutherland's  law  Ad!a- 
batic  wall  boundary  conditions  are  chosen.  The 
streamwise  grid  point  distribution  was  equidistant  with 
101  grid  points  resulting  in  a  quadratic  increase  of  the 
local  Reynolds  number  a'^ng  streamwise  grid  points. 
Fig.  3  schematically  shows  the  computational  mesh 
used  for  the  TLNS  computation  and  a  surface  oriented 
coordinate  system,  whose  coordinate  lines  x!,x!  in 
transverse  and  wall  normal  direction  are  shown  at  a 
typical  location  x'(Re  —  1731)  in  longitudinal  direction. 
The  angle  between  cone  axes  and  far  field  boundary  is 
chosen  to  be  14  degrees  to  capture  the  shock  located 
at  an  angle  of  12  degrees. 

The  grid  points  are  clustered  towards  the  cone  surface 
which  is  shown  in  more  detail  in  fig.  4.  Here  the  grid 
point  distribution  in  the  near  wall  region  (approximately 
1.5  boundary  layer  thicknesses)  is  represented 
dependent  on  the  total  number  points  N  between  the 
surface  and  the  outer  boundary  or  dependent  on  the 
parameter  b  in  the  clustering  function  of  eq  (1).  If  not 
specified  otherwise  the  stability  analysis  presented  in 
the  following  chapter  is  based  on  profiles  obtained  from 
N  —  97,  b-  1001.  Hence,  these  were  resolved 
approximately  60  grid  points  in  the  wall  near  region. 

For  stability  analysis  the  quality  of  the  basic  state  sol¬ 
ution  cannot  be  evaluated  from  global  flow  field  data 
like  Mach  number  or  pressure  contours.  Instead  local 
mean  flow  profiles  near  the  surface  and  their  first  and 
second  derivatives  are  relevant  as  they  appear  as 
coefficients  in  the  stability  equations.  Figs.  5,  6  there¬ 
fore  show  velocity  and  temperature  profiles  on  which 
the  stability  analysis  in  the  following  chapter  is  based. 
In  flg.  5  with  increasing  number  of  grid  points  the  Thin 
Layer  Navler  Stokes  solutions  converge  to  the  case  of 
highest  resolution,  however,  the  overall  agreement  is 
already  close  even  between  the  case  N  -  97  and 
N  -  49  where  the  latter  has  only  half  the  resolution  (see 
fig.  4)  For  example  the  location  of  the  inflection  point 
in  the  velocity  profile  remains  almost  fixed  for  all  three 
cases  The  derivatives  of  the  Thin  Layer  Navler  Stokes 
solution  were  obtained  from  piecewise  third  order 
Lagrange  polynomial  fits  to  the  original  basic  flow  pro¬ 
files  No  oscillations  were  observed.  We  take  this, 
together  with  the  insensitivity  of  the  results  with  regard 


to  the  number  of  grid  points  specified  as  a  hint  towards 
the  good  quality  of  our  TLNS  solutions 

In  fig.  6  it  can  be  seen  that  numerical  damping,  cont¬ 
rolled  via  the  entropy  parameter  E  as  introduced  in 
chapter  2.1.2,  has  a  noticeable  impact  on  both  velocity 
and  temperature  profiles  E  =  0  3  represents  a  case  of 
high  numerical  damping  For  axisymmetric  flow  around 
a  pointed  cone,  to  obtain  a  numerically  stable  solution, 
practically  zero  numerical  damping  is  required  This 
case  is  represented  by  E  =  0.025.  A  further  decrease  of 
E  had  no  more  substantial  effect  on  the  profile  shapes 
Also  in  fig.  6  the  profiles  obtained  from  Thin  Layer 
Navier  Stokes  solutions  are  compared  to  those  from 
boundary  layer  similarity  solutions.  It  is  interesting  to 
note  that  deviations  among  the  similarity  solutions  can 
be  larger  than  those  between  similarity  profiles  based 
on  Sutherland  law  and  Thin  Layer  Navier  Stokes  pro¬ 
files. 

A  rough  expectation  with  respect  to  the  stability  char¬ 
acteristics  of  the  various  profiles  can  be  formulated 
from  fig.  6  The  velocity  profile  of  the  Chapman-Rubesin 
solution  is  the  least  convex,  with  the  inflection  point 
farthest  away  from  the  wall,  and  can  therefore  be 
expected  to  be  the  least  unstable  to  so-called  first  mode 
waves  whereas  the  high  resolution,  low  numerical 
damping  Thin  Layer  Navier  Stokes  profile  is  the  most 
convex  with  the  inflection  point  closest  to  the  wall  and 
therefore  can  be  expected  to  be  the  most  stable. 

In  fig.  7  basic  state  profiles  obtained  from  similarity 
solutions  based  on  Sutherland's  law  and  from  TLNS 
solutions  (N  =  97,  E  ~  0.025,  b  —  1  001)  are  compared  to 
velocity  and  temperature  profiles  measured  by  Stetson 
[30]  at  two  different  local  Reynolds  numbers  As  dis¬ 
cussed  in  Stetson  [30]  due  to  probe  interference  with 
the  wall  the  measurements  can  only  be  assumed  to  be 
accurate  in  the  outer  region  of  the  boundary  layer,  i.e 
for  x’*//  >  8.  In  this  region  however  it  can  be  seen  that 
the  more  complete  basic  state  solution  yields  closer 
agreement  to  the  experimentally  obtained  values  As 
this  improved  agreement,  in  the  region  less  affected  by 
interference  of  the  probe  and  the  wall,  can  be  observed 
tor  both  velocity  and  temperature  profiles  at  different 
Reynolds  numbers  we  take  this  as  a  confirmation 
towards  the  accuracy  of  the  measured  and  computed 
values.  Only  for  high  local  Reynolds  numbers  the  simi¬ 
larity  solution  based  on  Sutherland  s  law  can  be 
expected  to  approach  the  TLNS  solution  as  the  former 
does  not  lake  into  account  both  transverse  curvature  in 
the  momentum  equation  (see  chapter  2.1.1)  and 
viscous/inviscid  interaction  which  can  be  present  in 
hypersonic  flow  at  finite  Reynolds  number.  Fig.  9  shows 
pressure  distributions  between  the  wall  and  the  free 
stream  at  several  locations  along  the  cone  The  inviscid 
Euler  solution  is  compared  to  the  viscous  Thin  Layer 
Navier  Stokes  solution  The  inviscid  solution  shows 
conical  behaviour,  i.e.  the  wall  pressure  is  constant  in 
streamwise  direction  This  is  not  the  case  for  the  vis¬ 
cous  solutions.  There  is  a  negative  pressure  gradient  in 
streamwise  direction  with  the  viscous  pressure  distrib¬ 
ution  approaching  the  inviscid  with  increasing  local 
Reynolds  number.  Also  the  increased  distance  of  the 
shock  from  the  wall  for  viscous  flow,  due  to  the  dis¬ 
placement  of  fluid  within  the  boundary  layer,  decreases 
in  this  direction.  This  displacement  for  a  cone  flow  field 
solution,  accounting  for  the  full  cone  metric  is  smaller 
than  for  a  Mangler-transformed  flat  plate  solution  as  the 
effect  of  transverse  surface  curvature  is  not  included  in 
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the  Mangler-transformed  boundary  layer  equations. 
Both  the  negative  pressure  gradient  due  to  interaction 
and  the  reduced  fluid  displacement  when  full  cone 
metric  is  taken  into  account  is  responsible  for  the  more 
convex  velocity  profile  of  the  TLNS  solution  as  com¬ 
pared  to  the  similarity  solutions.  A  first  order,  marching 
boundary  layer  scheme  to  compute  cone  flow  profiles 
also  would  not  take  into  account  the  streamwise  pres¬ 
sure  gradient.  It  therefore  should  not  be  expected  that 
the  Navier  Stokes  solutions  reproduce  first  order 
boundary  layer  solutions  at  finite  Reynolds  numbers 

3.2  Stability  Analysis 


cj  cos  1 p  =  l/(x3)  (generalized  inflection  point)  . 

cs  -  c0  was  0.1254  for  the  Chapman-Rubesin,  0  1249  for 
the  Mack  and  0.1074  for  the  TLNS  profile,  again  indi¬ 
cating  that  the  latter  is  the  least  inviscidly  unstable  (see 
Mack  [21]).  xj  for  the  planar  generalized  inflection  point 
condition  was  only  slightly  different  (Ax3x;1).  The 
additional  condition  that  the  relative  Mach  number  be 
subsonic  throughout  the  boundary  layer  was  verified 
by  computation  for  all  three  profiles  A  second  gener¬ 
alized  inflection  point  appears  for  the  TLNS  profile 
However,  with  c52  =  U(x32)  <  c0  this  mode  is  not 
expected  to  be  unstable 


3.2.1  Invlscid  Stability  Characteristics 

We  apply  compressible  inviscid  theory  characteristics 
(see  e  g.  Mack  [21])  to  the  basic  state  solutions  to 
obtain  a  priori  information  on  which  profile  can  be 
expected  to  be  the  least  unstable  to  first  and  second 
mode  disturbances.  The  theorems  from  inviscid  theory 
are  also  used  ot  check  if  phase  velocities'  conditions 
for  unstable  modes  are  met  by  selected  instability 
waves.  To  do  so  we  introduce  the  following  definitions: 

The  relative  Mach  number 

(a(3  +  fiW  -  o>)Me 


represents  the  difference  between  the  local  mean  flow 
velocity  in  direction  of  the  wave  and  the  phase  velocity, 
over  the  local  speed  of  sound. 


The  generalized  inflection  point  x3  is  a  point  in  the 
boundary  layer  of  two-dimensional,  planar  flow  where 


holds.  Duck  [8]  found  that  for  axisymmetric  boundary 
layer  flow  past  a  pointed  cone  the  so-called  "triply 
generalized  inflection  point"  is  relevant,  given  by 


dr 


dU/dr 

Tr(  1  -+  //2/(«2r2)) 


where  r  -  rc  t  x3  cos  0C .  For  large  radiuses  r,rr  the 
planar  inflection  point  condition  is  recovered. 


The  theorems  of  Lees  and  Lin  which  give  conditions  for 
neutral  stability  or  instability  of  first  mode  waves  can 
be  interpreted  such  that  the  profile  with  the  generalized 
inflection  point  closest  to  the  wall  will  be  the  least 
unstable  to  first  modes  waves  From  fig.  10  this  is  the 
case  for  the  TLNS  mean  flow  profile.  The  wave  consid¬ 
ered  has  a  wave  number  |k„  |  -  0.14893,  a  wave  angle 
ip  -  58,88°  and  a  reduced  frequency  F  —  0  4  ■  10  \  the 
local  Reynolds  number  is  again  Re  =  1731.  Fig.  10  also 
shows  that  the  phase  velocity  condition  for  unstable, 
first  mode  waves 

c0<c<c,  or  x3(c£)  <  x3(c)  <  xs3 

is  satisfied,  x3(cj),  x’(c),  x,3  are  locations  where 

c0/  cos  ip  -  1  -  1/(MP  cos  ip) , 

cl  cos  ip  -  U  (critical  point)  , 


It  was  shown  by  Mack  [21]  that  for  unstable  second 
mode  waves  there  exists  are  region  of  supersonic  rela¬ 
tive  Mach  number  in  the  boundary  layer  Fig.  11  shows 
that  this  is  the  case  for  all  three  mean  flow  solutions  at 
Re  —  1731  with  respect  to  a  two-dimensional  wave  with 
|fcj  =  0.1839,  F  =  1  -10  4.  For  the  TLNS  profile  this 
region  is  extended  the  least  into  the  boundary  layer 
Hence  this  profile  can  be  expected  to  be  the  least 
unstable  to  second  mode  waves.  Fig.  11  also  shows 
that  the  phase  velocity  condition  (see  Mack  [21])  for 
unstable  second  mode  waves 

c  <  U(x3  =  S/l)  =  1 

is  satisfied. 

3.2.2  Sensitivity  Study  Based  on  Stability  Analysis 

Stetson  [30]  presented  the  results  of  his  stability 
experiments  in  the  form  of  frequency  spectra  of  the 
spatial  amplification  rate  at  a  specified  Reynolds  num¬ 
ber  and  in  the  form  of  spatial  amplification  rates  versus 
Reynolds  number  for  specified  frequencies.  In  the  fol¬ 
lowing  we  adopt  the  same  form  of  representation.  The 
specified  Reynolds  number  is  again  Re  =  1731  and  the 
specified  frequency  is  F  =  1  ■  10  *.  The  sensitivity  study 
is  carried  out  for  two-dimensional  waves  of  the  second 
mode,  which  are  dominant  under  the  given  flow  condi¬ 
tions,  using  spatial  theory 

Fig.  12,  13  show  results  concerning  parameters  that 
affect  the  TLNS  solution.  In  fig.  12  with  increasing  num¬ 
ber  of  grid  points  the  amplification  rates  obtained  con¬ 
verge  to  the  case  of  highest  resolution,  however,  the 
results  are  less  sensitive  than  may  be  expected  to  this 
parameter.  Another  indication  of  the  good  quality  of  the 
TLNS  solutions  is  the  independance  of  amplification 
rates  with  respect  to  the  grid  point  clustering  parameter 
b  as  shown  in  fig.  13.  Numerical  damping,  however,  as 
seen  from  fig.  14  is  a  spoiler  of  stability  results  and 
therefore  must  be  set  to  an  as  low  value  as  possible. 
The  amplification  rates  obtained  from  the  TLNS  sol¬ 
utions  do  not  converge  to  those  obtained  from  the  sim¬ 
ilarity  solutions  but  to  those  from  the  experiment  For 
the  similarity  solutions  the  stability  equations  with 
Cartesian  metric  were  solved 

We  note  that  Mack's  similarity  profiles  based  on 
Sutherland's  law  and  constant  Prandl  number  yield 
very  similar  amplification  rates  compared  to  those 
obtained  for  variable  Prandtl  number  which  are  given 
in  [20].  For  the  latter  heat  conductivity  was  additionally 
specified  as  a  function  of  temperature.  Hence,  it  is  con¬ 
cluded  that  the  assumption  of  constant  Prandtl  number 
is  appropriate  under  the  given  flow  conditions,  where 
the  temperature  at  the  boundary  layer  edge  T,  =  70 °K 
The  effect  of  variable  Prandtl  number  becomes  notica- 
ble  only  for  Tr  •  100°K  as  discussed  in  Bertolotti  [2] 


and 
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3.2.3  Comparison  between  Theoretical  and 
Experimental  Results 

In  this  paper  we  intend  to  provide  some  answers  to  the 
following  problem:  Can  the  prevailing  quantitative  des- 
crepancy  between  experimental  and  theoretical  results 
on  the  instability  of  hypersonic  flow  be  resolved  by  a 
more  complete  formulation  of  both  the  equations  gov- 
erning  the  steady  mean  flow  and  the  evolution  of  insta¬ 
bility  waves?  Fig.  15  shows  that  if  we  do  so  the  descre- 
pancy  is  quite  markedly  reduced  We  investigate  spatial 
growth  rates  of  three-dimensional  waves.  At  each  fre¬ 
quency  the  wave  angle  is  determined  which  yields  the 
maximum  growth  rateo  These  angles  vary  from  about 
70  degree  at  the  lowest  frequency  to  about  40  degree 
at  the  frequency  where  the  second  mode  instability 
begins  to  dominate.  In  this  region  two-dimensional 
waves  are  most  amplified  This  search  lor  locally  maxi¬ 
mum  growth  rates  is  based  on  the  assumption  that  in 
an  uncontrolled  experiment  instability  waves  travelling 
in  various  directions  are  present  and  for  a  certain  fre¬ 
quency  the  wave  travelling  in  the  direction  where  dis¬ 
turbances  yield  maximum  amplification  rates  will 
determine  the  measured  growth  rate  In  fig.  15  two 
effects  are  discussed: 

a)  The  effect  of  different  approximations  to 
the  basic  state  solution 

In  the  stability  equations  for  this  discussion  in  all  cases 
Cartesian  metric  is  specified  The  growth  rates  based 
on  Chapman-Rubesin  similarity  solutions  with  linear 
viscosity-temperature  law  specified  in  both  boundary 
layer  and  stability  equations,  strongly  overpredict  the 
measured  values  Results  based  on  Mack's  similarity 
profiles  with  Sutherland's  law  specified  in  both  bound¬ 
ary  layer  and  stability  equations  also  are  only  in  qual¬ 
itative  agreement  to  the  experiment.  Closer  agreement 
is  found  if  the  stability  calculations  are  based  on  mean 
flow  solutions  obtained  from  the  Thin  Layer  Navier 
Stokes  equations,  where  viscous/inviscid  interaction 
and  the  complete  cone  geometry  is  taken  into  account. 
Here  Sutherland  s  viscosity  temperature  law  is  speci¬ 
fied  for  both  the  basic  state  and  the  stability  computa¬ 
tions. 


b)  The  effect  of  surface  curvature  and  flow 
divergence  on  c one  flow  instability 
A  theoretical  value  that  almost  exactly  matches  the 
measured  maximum  growth  rate  along  with  a  close 
overall  agreement  in  the  second  mode  region  and 
markedly  improved  agreement  in  the  first  mode  region 
is  obtained  when  together  with  the  more  complete  basic 
state  solution  conical  geometry  is  specified  in  the  sta¬ 
bility  equations  Cone  metric  is  given  by 
(m,  i'h  li'x'lh./h,) 


hj  1  i  x 1  cos  0rJrr 


cos  0.  (  cos  (I,.*1  \ 

. c  ! 


sin  0  /  cos  0rx 


Mu  - 


m2t  ~T 

'  r. 

A,  fi3  1  .  m,,  m,.,  0 


'12  "'13 


Introducing  cone  metric  leads  to  a  40  %  reduction  in 
the  maximum  growth  rale  of  the  first  mode  and  a 
13  %  reduction  of  this  quantity  for  the  second  mode 


Conical  metric  can  further  be  split  up  into  the  cylindri¬ 
cal  metric  of  the  local  osculating  cylinder  with  radius 
rc,  =  rcj  cos  (lc  and  the  conical  divergence  Specifying 
cylindrical  metric  in  the  stability  equations  allows  to 
study  the  effect  of  transverse  curvature  Fig.  16  shows 
the  effect  to  be  slightly  destabilizing  oblique  first  mode 
and  stabilizing  for  the  second  mode  with  respect  to  the 
solution  where  no  surface  curvature  is  •  specified 
{Cartesian  metric).  This  behaviour  can  be  observed  for 
basic  state  solutions  with  transverse  curvature  included 
(TLNS)  as  well  as  for  those  without  (Mack  s  similarity 
solution)  and  is  in  agreement  with  the  results  from  a 
parametric  study  carried  out  by  Malik  &  Spall  [23]  for 
a  different  tree  stream  Mach  number,  temperature  and 
cone  half  angle. 

In  fig.  18  we  finally  compare  computed  spatial  amplifi¬ 
cation  rates  of  two-dimensional  instability  waves,  based 
on  the  solution  of  the  Thin  Layer  Navier  Stokes 
equations  and  stability  equations  with  cone  metric,  to 
experimental  values  at  three  different  reduced  fre¬ 
quencies.  Compared  to  Mack's  results  in  [20]  and  the 
results  based  on  Chapman-Rubesin  similarity  profiles 
in  fig.  17,  agreement  is  markedly  improved  for  all  three 
frequencies.  Especially  close  agreement  is  found  for 
F  =  1.16  -  10  \  whereas  for  the  highest  frequency  the 
experiment  predicts  somewhat  higher  spatial  amplifi¬ 
cation  rates. 

3.3  Inclined  Cone  Flow  Instability  and 
Non-Local  Stability  Analysis 

In  this  paper  we  concentrate  on  describing  extended 
methods  for  stability  analysis  of  axisymmetric  hyper¬ 
sonic  flow  past  a  pointed  cone  The  procedure  for  ana¬ 
lyzing  the  instability  of  hypersonic  flow  past  a  pointed 
cone  at  angle  of  attack  as  well  as  our  non-local  method 
of  stability  analysis  will  be  described  in  a  future  paper 
In  the  following  we  will  only  discuss  some  major 
results  Following  Stetson  [32]  the  cone  is  inclined  by 
or  -  2°  and  placed  into  a  freestream  of  Much  number 
M.„  =  8  and  temperature  T.  -  52.75°K.  At  a  local  Rey¬ 
nolds  number  of  Re  =  1817  sensitivity  studies  of  the 
basic  flow  profiles  in  the  wall  near  region  were  per¬ 
formed.  One  result  concerning  second  derivatives  of 
the  velocity  profile  is  shown  in  fig.  19.  Monotonic  con¬ 
vergence  to  the  case  of  highest  resolution  in  wall  nor¬ 
mal  direction  can  be  observed  For  both  the  attachment 
(windward  symmetry)  and  separation  (leeward  symme¬ 
try)  line  profile  K  =  97  grid  points  in  wall-normal  direc¬ 
tion  yields  close  agreement  to  the  case  of  highest 
resolution.  However,  for  the  case  K  -  49  major  dis¬ 
crepancies  can  be  observed  at  the  separation  line  pro¬ 
file.  Hence,  for  basic  flow  computations  51x53x97  grid 
points  were  specified  in  longitudinal,  transverse  (half¬ 
cone)  and  wall  normal  direction  Grid  points  were  dis¬ 
tributed  at  constant  length  increments  in  longitudinal 
and  at  constant  angle  increments  in  transverse  direc¬ 
tion  The  wall  normal  clustering  parameter  was  chosen 
as  b  =  1.001  and  low  numerical  damping  was  specified 
by  setting  the  entropy  parameter  E  -  0  01. 

A  comparison  of  amplification  rate  spectra  obtained 
from  our  extended  methods  tor  basic  flow  computation 
and  stability  analysis  with  experimental  results  for 
attachment  line  flow  at  a  local  Reynolds  number 
Re  -  1817  is  presented  in  fig.  20.  The  results  resemble 
those  for  axisymmetric  cone  flow.  i.e.  close  agreement 
is  found  in  the  frequency  band  of  second  mode  insta¬ 
bility.  and  better  but  still  unsatisfactory  agreement  is 
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found  in  the  first  mode  region.  As  can  be  inferred  from 
fig.  19,  the  basic  flow  characteristics  are  qualitatively 
different  for  attachment  and  separation  line  profiles.  It 
therefore  is  of  great  interest  to  investigate  the  local 
stability  characteristics  of  the  latter.  This  is  presented 
in  fig.  21  for  a  local  Reynolds  number  Re  =  1049.  Sur¬ 
prisingly  close  agreement  with  experimental  results  by 
Stetson  [32]  for  both  amplification  rate  and  unstable 
frequency  band  is  obtained.  Also  the  effect  of  conical 
divergence  and  streamline  curvature  becomes  even 
more  pronounced. 

To  our  knowledge,  in  the  literature  instability  charac¬ 
teristics  of  three-dimensional  hypersonic  flow  on  an 
inclined  cone  have  so  far  not  been  investigated.  This, 
however,  is  an  interesting  subject  as  in  this  flow  two 
different  instability  modes  can  be  expected  having 
comparably  large  amplification  rates.  In  fig.  22  for  both 
first  and  second  mode  instability,  three-dimensional 
waves  are  the  most  amplified  with  growth  rates  that  are 
of  the  same  order  of  magnitude.  It  therefore  cannot  be 
determined  which  mode  will  dominate  the  transition 
process,  as  opposed  to  axisymmetric  cone  flow,  where 
second  mode  instability  clearly  yields  the  highest 
growth  rates. 

The  wave  number  vector  components  a,,  /(,  are  defined 
in  direction  and  perpendicular  to  the  local  streamline 
of  inviscid  flow  at  the  wall.  The  stationary  vortex  line 
(line  perpendicular  to  the  zero  frequency  line),  as  can 
be  seen  from  fig.  22,  is  approximately  parallel  to  this 
streamline  This  is  in  agreement  with  experimental 
measurements  by  Me  Devitt  &  Mellenthin  [25],  Apply¬ 
ing  oil-film  techniques  they  found  that  in  a  transitional 
boundary  layer  on  a  inclined,  ten  degree  half  angle 
cone  in  M.„  =  7.4  flow,  the  vortex  path  at  the  wall,  on 
the  cone  side  meridian,  is  approximately  along  the 
direction  of  the  inviscid  stream  line. 

We  conclude  our  investigation  by  a  very  brief  discus¬ 
sion  of  non-local  effects  on  amplification  rate  spectra. 
By  non-local  effects  we  mean  that  the  streamwise  evo¬ 
lution  of  basic  flow  and  disturbance  flow  is  included  in 
the  stability  analysis.  We  intend  to  clarify  in  how  far  a 
non-local  stability  theory  can  resolve  the  remaining 
discrepancies  between  amplification  rates  obtained 
from  theory  and  experiment  in  the  first  mode  region  of 
cone  flow  instability.  Fig.  23  shows  non-local  amplifi¬ 
cation  rates  obtained  from  cone  flow  similarity  profiles. 
The  destabilizing  effect  in  the  low  frequency  region 
does  not  correspond  to  the  experimental  observation 
(see  fig.  15).  The  stabilizing  effect  for  reduced  frequen¬ 
cies  greater  than  0.5  ■  10  4  however  shifts  theoretical 
values  in  direction  of  experimental  data.  Further  details 
on  comparison  between  local  and  non-local  theory  will 
be  given  elsewhere. 

4.  CONCLUSIONS 

1.  An  attempt  has  been  made  to  resolve  decrepancies 
between  experiment  and  theory  wilh  regard  to 
instabilities  in  hypersonic  flow.  Markedly  improved 
agreement  between  linear  stability  theory  and 
experiment,  especially  in  the  second  mode  region, 
’s  found  via 

a)  a  more  complete  formulation  of  the  basic-state 
equations  accounting  for  viscous/inviscid  inter¬ 
action  and  complete  configuration  geometry 

b)  a  more  complete  formulation  of  the  local  stability 
equations  in  surface-oriented,  generalized  coor¬ 
dinates 


The  improved  agreement  to  experiment  in  the  first 
mode  region  is  equally  due  to  the  extended  stability 
analysis  and  the  more  complete  basic  state  compu¬ 
tation.  In  the  second  mode  region  the  major 
improvement  results  from  the  more  complete  basic 
state  formulation,  however,  the  close  agreement  to 
measured  values  is  only  achieved  when  the  stability 
analysis  is  based  on  conical  metric. 

2.  A  sensitivity  study  was  performed  for  basic  state 
solutions  obtained  from  Thin  Layer  Navier  Stokes 
equations.  This  was  based  on  both  mean  flow  pro¬ 
files  and  stability  analysis.  The  results  are  shown  to 
converge  and  to  be  quite  insensitive  to  the  resol¬ 
ution  of  the  profiles  but  sensitive  towards  the 
amount  of  numerical  damping  specified  to  maintain 
numerical  stability. 

3.  It  was  found  that  for  the  given  flow  conditions,  due 
to  the  presence  of  viscous/inviscid  interaction, 
which  causes  a  negative  pressure  gradient  in 
streamwise  direction,  and  due  to  the  effect  of  trans¬ 
verse  curvature,  which  leads  to  reduced  fluid  dis¬ 
placement  within  the  boundary  layer,  converged 
Thin  Layer  Navier  Stokes  solutions  yield  basic  flow 
modeling  superior  to  first  order  boundary  layer  or 
similarity  solutions. 

In  addition,  both  mean  flow  profiles  and  spatial 
growth  rates  from  stability  analysis  based  on  simi¬ 
larity  solutions  are  sensitive  towards  the  viscosity- 
temperature  law  specified 

4.  Inviscid  instability  criteria  extended  to  the  flow  past 
a  pointed  cone  were  found  to  explain  qualitatively 
why  the  mean  flow  profile  obtained  from  the  Thin 
Layer  Navier  Stokes  solution  should  be  the  least 
unstable  to  first  and  second  mode  waves. 

5.  The  effect  of  transverse  curvature  is  shown  to  be 
weakly  destabilizing  to  oblique  first  mode  waves 
whereas  such  waves  are  markedly  stabilized  by 
conical  divergence  For  a  smaller  cone  angle  the 
orders  may  be  reverse.  The  two-dimensional  sec¬ 
ond  mode  is  stabilized  by  both  transverse  curvature 
and  conical  divergence. 

6.  For  the  case  of  an  a  =  2°  inclined  cone,  stability 
analysis  via  extended  formulation  of  basic  flow  and 
local  stability  equations  yields  close  agreement 
between  experimental  and  theoretical  values  of 
amplification  rate  spectra  in  the  second  mode 
region  for  both  hypersonic  attachment  and  sepa¬ 
ration  line  flow.  For  the  latter  very  close  agreement 
is  also  found  in  the  first  mode  region.  Three-dimen¬ 
sional,  hypersonic  cone  flow  is  shown  to  be  equally 
unstable  to  three-dimensional  first  and  second 
mode  waves.  Stationary  vortices  are  found  to  align 
themselves  in  direction  of  the  streamline  of  inviscid 
flow  at  the  surface. 

7.  Non-local  effects  on  amplification  rate  spectra, 
based  on  axisymmetric  cone  flow  similarity  profiles, 
are  shown  to  be  destabilizing  in  the  lower  frequency 
band  of  first  mode  waves  and  stabilizing  at  higher 
frequencies.  However,  final  conclusions  about  the 
non-local  effects  should  be  based  on  Thin  Layer 
Navier  Stokes  rather  than  similarity  boundary  layer 
profiles. 

8.  There  are  still  differences  between  growth  rates 
obtained  from  theory  and  experiment  in  the  first 
mode  region.  This  may  be  a  reflection  of  what  was 
pointed  out  by  Stetson  [33]  that  "a  conventional. 
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hypersonic  wind  tunnel  can  be  quiet  for  second 
mode  disturbances  and  noisy  for  first  mode  dis¬ 
turbances".  Measurements  show  that  freestream 
disturbance  energy  amplitudes,  as  a  source  for 
exciting  instability  waves,  are  high  in  the  low,  first 
mode  frequency  band  and  low  in  the  high,  second 
mode  frequency  band.  Large  amplitude  freestream 
noise,  however,  is  known  to  lead  lo  early  non-linear 
saturation  and  thus  reduced  measured  growth  rates 
of  instability  waves.  Hence,  our  results  may  add 
some  confidence  that  at  least  the  second  mode 
amplification  rates  measured  by  Stetson  can  be 
described  by  primary,  linear  instability  theory.  Nev¬ 
ertheless,  we  agree  to  Mack  [20]  that  the  best  way 

to  verify  spatial  normal-mode  calculations,  . is  by 

introducing  controlled  disturbances  into  the  bound¬ 
ary  layer"  in  a  controlled,  low  disturbance  wind 
tunnel  environment.  This,  however,  is  a  task  for  the 
experimentalist. 
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Fig.  1  Amplitude  spectra  of  peak  energy  fluctuations  as  a 
function  of  local  Reynolds  number  (Stetson  [30]). 
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Fig.  12  Effect  of  total  number  of  grid  points  N  in  wall- 
normal  direction  of  the  TLNS-solution  on  the 
spatial  amplification  rate. 
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Fig.  17  Comparison  of  spatial  amplification  rates  from  clas¬ 
sical  stability  theory  (two-  and  three-dimensional 
waves)  and  experiment. 
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Fig.  18  Comparison  of  spatial  amplification  rates  obtained 
from  theory  and  experiment  for  various  reduced 
frequencies. 
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Fig.  20  Comparison  of  theoretical  and  experimental  spatial 
amplification  rates  of  most  amplified  waves  in 
hypersonic,  attachment  line  flow  on  a  cone. 
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Fig.  19  Second  derivatives  of  velocity  profiles  as  a  function 
of  number  of  grid  points  K  between  the  cone  sur¬ 
face  and  the  free  stream  boundary. 
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amplification  rates  of  most  amplified  waves  in 
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Fig.  22  Three-dimensional  first  and  second  mode  instability 
waves  in  three  dimensional  hypersonic  flow  along 
cone  side  meridian;  comparison  of  temporal  ampli¬ 
fication  rates 


Fig.  23  Non-local  effects  on  hypersonic,  axisymmetric  cone 
flow  instabilily;  similarity  solutions  based  on 
Sutherland's  law  and  stability  equations  with  cone 
metric. 
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SUMMARY 

This  paper  presents  results  from  current  studies  on 
slender  bodies  of  revolution  tested  at  a  nominal 
Mach  number  of  9.  It  concentrates  on  the  case  of  a 
spherically-blunted  cone,  providing  kinetic  heating 
data  for  laminar,  turbulent  and  transitional  flow 
regimes.  Nose  blunting  exerts  a  powerful  control 
on  the  location  of  transition,  and  the  quantitative 
measurements  of  this  location  using  thin  film  gauge 
techniques  are  supported  by  How  visualisation 
using  liquid  crystal  thermography.  Wealsodiscuss 
work  ^nd  plans  for  two  other  studies  which  are  in 
their  early  stages:  these  are  a  cavity-induced 
separation  and  the  development  of  turbulent 
boundary  layers  under  conuolled  pressure  gradients. 
Preliminary  computations  using  a  high  resolution 
Navier-Stokes  code  are  also  presented. 

INTRODUCTION 

Hypersonic  Rows  present  particularly  difficult 
problems  both  for  experimentation  and 
computation,  so  that  there  is  a  clear  need  for  well 
defined  experiments  which  will  simultaneously 
explore  the  Row  physics  and  provide  suitable  cases 
forCFD  validation/evaluation.  Our  work  has  been 
directed  tothese  objectives,  with  a  particular •interest 
in  providing  experimental  and  computational  data 
on  kinetic  heating.  Forsimplicity,  in  both  experiment 
and  computation,  we  attempt  to  establish  two- 
dimensional  flow  fields,  and  we  consider  that  this 
is  best  achieved  by  use  of  bodies  of  revolution  (i.e. 
two-dimensional  axisymmetric  flows)  rather  than 
by  planar  configurations,  since  the  latter  will  be 
subjected  to  three-dimensional  or  side-wall  effects 
of  uncertain  magnitude,  particularly  for  separated 
flows.  An  additional  reason  is  that  the  main  flow 
non-uniformities  with  an  axisymmetric  nozzlelsuch 
as  axial  Mach  number  gradients)  will  also  be 
axisymmetric  so  that  two-dimensionality  can  be 
preserved  with  the  body  of  revolution  whereas  it 
would  induce  secondary  Rows  in  the  boundary 
layer  of  a  planar  configuration. 


The  three  configurations  of  interest  to  us  at  present 
(all  axisymmetric)  are  shown  schematically  in 
Figure  1.  Configuration  A,  a  spherically  blunted 
cone,  is  used  for  a  study  of  the  effect  of  nose 
blunting  on  the  boundary  layer  development, 
particularly  on  transition.  Configuration  B  is 
designed  to  provide  a  test  configuration  for  an 
extensive  study  of  the  behaviour  of  turbulent 
boundary  layers  in  pressure  gradients  of  controlled 
but  variable  severity.  The  main  experimental  surface 
is  the  central  hollow  cylinder,  sochosen  that  pressure 
gradient  effects  can  be  investigated  without  (in  the 
first  instance)  the  additional  effects  of  dilatation 
(e.g.  for  cone  flows)  and  streamline  curvature  (as 
with  use  of  a  profiled  flare).  The  pressure  gradient 
is  generated  by  the  concentric  cowl.  Although  the 
initial  design  and  manufacture  of  this  model  is 
difficult,  it  provides  enormous  flexibility  and  scope 
for  future  developments.  The  third  configuration 
C,  is  a  recently  commenced  project  on  flow 
separation.  It  was  intended  to  investigate  a  new 
class  of  separation  which  had  received  relatively 
little  attention  at  hypersonic  speeds,  and  exhibits 
some  simplifying  features  so  that  it  can  provide  a 
hierarchy  of  increasingly  severe  problems  forCFD 
code  evaluation.  Thus  separation  is  fixed  at  the 
leading  lip  (at  least  initially),  and  the  first  stage  of 
the  work  is  a  low  Reynolds  number  laminar 
separation  leading  finally  to  a  fully  turbulent 
separated  flow. 

EXPERIMENTAL  APPARATUS  AND 
MODELS 

The  experiments  are  performed  in  the  Imperial 
College  Aeronautics  Department  Gun  Tunnel.  The 
facility  operates  with  a  total  run  time  of  25  ms  and 
a  steady  flow  window  of  about  5  ms.  The  operating 
conditionsgiveninTable  1  represent  the  maximum 
achievable. 
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M  AM  /m  p  (N/m2)  Re  /m  T  (K)  T  (K) 

oo  oo  1  ooo  oo  oo  W 

9.16  0.14  6.67  x  107  5.5  x  107  59.8  290 

Table  1.  Typical  operating  conditions 


Slender  models  of  up  to  0.9  m  chord  can  be 
accommodated  in  the  test  section  providing  total 
Reynolds  numbers  of  order  40  mi  1 1  ion  to  50  mill  ion. 
The  axisymmetric  nozzle  is  contoured,  but  with  a 
slight  axial  Mach  number  variation  along  the 
centreline.  Here  we  approximate  it  at  present  with 
the  linear  gradient  given  in  the  Table.  This  could  be 
readily  incorporated  into  any  CFD  simulation  by 
setting  inflow  boundary  conditions  appropriate  to  a 
weak  source  flow.  Experimental  techniquesavailable 
include  schlieren  visualisation,  surface  pressure 
with  the  possibility  of  resolving  fluctuations  up  to 
50-100  kHz  (sufficient  for  gross  movement  of 
separated  regions  for  example  but  still  an  order  of 
magnitude  less  than  the  highest  frequencies  in  a 
turbulent  boundary  layer);  pitot  profiles  using  rapid 
response  pitot  probes  with  fine  entry  heights  of 
order  0.2  mm.  and  fine  wire  thermocouple  probes 
for  total  temperature  measurements.  Heat  transfer 
measurements  tire  made  using  thin  film  platinum 
sensors  hand-painted  onto  machinable  glass  ceramic 
(MACOR)  substrates.  Figure  2  shows  a  typical 
module  of  15  gauges,  mountable  in  the 
instrumentation  slot  of  the  blunt  cone  model.  The 
temperature-time  traces  for  the  sensors  are  integrated 
digitally  with  the  Cook-Felderman  (Ref.  1)  method 
to  give  heat  transfer  rates.  The  combination  of 
random  and  consistent  errors  give  an  expected 
variation  of  the  "true"  value  in  the  range  -5%  to 
+  15%  about  that  measured.  Thermal  visualisation 
of  the  models  is  made  using  micro-encapsulated 
liquid  crystal  paints  (on  a  black  model)  and 
illuminated  during  the  run  by  a  30  (is  white  light 
strobe  flash  unit.  Several  paints  are  used,  the  main 
having  a  lower  transition  (red)  temperature  of  25”C 
and  an  upper  transition  (green-blue  to  colourless)  at 
35“C 


intention  of  providing  flexibility  in  both  use  and 
positioning  of  instrumentation  and  adaptability  to 
potential  future  projects. 


All  models  have  (at  least)  three  pressure  tappings 
around  the  circumference  at  one  or  more  specified 
chordwise  locations;  these  are  used  for  alignment 

andgenerally  this  is  achieved  within  an  accuracy  of  Figure  1  Model  Configurations 

±1%  in  pressure.  As  a  final  observation  the  models 
are  all  constructed  on  a  modular  basis,  with  the 
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THE  COMPUTATIONAL  ME'1'1  jOD 

The  numerical  method  is  a  two-dimensional 
axisymmetric  time-marching  scheme,  with  the 
calculation  time-split  between  separate  inviscid  and 
viscous  solvers.  The  inviscid  solver  is  based  upon  a 
second-order  Godunov-type  algorithm  which 
evaluates  cell  interface  fluxes  using  a  generalised 
Riemann  problem!  GRP)  based  on  the  method  of 
Pen-Artzi  and  Falcovitz  (Ref.2).  In  turn  the  inviscid 
calculation  is  split  into  separate  sweeps  in  the  1-  and 
J-  directions.  In  this  GRP  approach,  the  initial  How 
properties  in  cells  (at  the  commencement  of  a  time 
step)  are  established  as  pieceudse  linear 
distributions(in  I-  or  J-),  so  that  at  cell  interfaces 
there  are  possible  discontinuities  in  both  the  flow 
variables  and  their  spatial  gradients,  and  the  GRP 
produces  a  time-dependent  flux  consistent  w  ith  this 
distribution.  This  requires  a  ’first- order'  Riemann 
solver  to  compute  the  effect  of  the  discontinuity  in 
variables,  and  a  second  ordercorrection  which  takes 
accountof  the  initial  gradients.  Exact  solution  of  this 
latter  part  is  expensive,  but  also  unnecessary,  and 
here  we  use  a  very  simple  acoustic  correction.  In 
turn  the  strategy  for  solving  the  basic  Riemann 
problem  is  firstly  to  solve  the  initial  value  problem 
acoustically,  which  is  trivial,  and  only  if  the 
subsequent  'contact  su.  face'  pressure  differs  by  more 
than  a  certain  margin  (typically  1  %)  from  the  initial 
left'  and  'right'  values  is  the  full  iterative  solver 
entered.  Typically,  for  the  calculations  presented 
here,  this  occurs  for  only  5%  of  the  inviscid  dux 
calculations.  The  viscous  solver  utilises  a  thin  layer 
Navier  Stokes  formulation,  either  with  a  laminar 
viscosity  model  or  the  simple  two  layer  algebraic 
eddy  viscosity  model  of  Bald  win- Lomax  (Ref.3) 
(assuming  Prandtl  numbers  of  0.72  and  0.9  in  the 
laminar  and  turblent  regions  respectively);  in  the 
transition  region  a  simpk  linear  (with  distance) 
variation  front  laminar  to  turbulent  viscosity  is  used. 
The  Sutherland  law  is  used  for  the  molecular  viscosity 
and  the  Nitrogen  gas  is  treated  as  perfect  with  a 
specific  heat  ratio  of  1.4. 

The  present  code  isexplicit,  but  the  splitting  between 
I-  and  J-inviscid  sweeps,  and  the  separate  viscous 
solver,  provides  tin  efficient  formulation.  Two  further 
features  have  been  added  which  greatly  enhance  the 
usefulness  of  the  code.  Firstly,  consistent  with  the 
high  Mach  number,  the  calculation  is  advanced  in  a 
'block-marching'  procedure,  whereby  a  restricted 


window  oi  ,.  .us  in  the  I-  (effective  flow)  direction 
are  time-iterated  to  convergence,  the  block  then 
shifting  one  cell  in  the  flow  direction  and  the 
process  repeated.  Secondly,  in  parallel  with  the 
block  marching,  the  mesh  required  is  constructed  as 
the  calculation  proceeds.  In  particular  for  the  cone 
calculations  w'e  could  specify  (say)  that  w'e  maintain 
60cells  between  the  body  and  the  shock  and  35  (say) 
between  the  body  and  some  appropriately  defined 
boundary  layer  edge.  The  advantages  of  this  are  self 
evident  and  are  an  essential  requirement  in  any 
systematic  study  of  mesh  convergence. 


b 


Figure  2.  (a)  Modular  construction  of 
blunt  cone  model,  (b)  platinum  thin  film 
gauges  on  machinable  ceramic. 

THE  SHARP  AND  BLUNTED  CONE 
Genera!  Comments 

Nose  blunting  of  hypersonic  vehicles  causes 
substantial  perturbation  of  the  downstream  flow 
field  and  boundary  layer,  both  through  the ;  Iteration 
in  pressure  field  (Stetson,  Ref.  4)  but  more 
particularly  through  the  entropy  layer  associated 
with  the  highly  curved  portion  of  the  bow  shock 


Figure  3.  Flow  field  schematic. - 

shock;  ,  entropy  layer,  —  ,  boundary  layer 

wave  (Dolling  and  Gray,  (Ref.5);  Sofiley.  Graber 
and  Zempel,(Ref.6);  Stetson  and  Rushton,(Ref.7); 
Ericsson,  (Ref.8);  Morkovin,  Ref.9)).  The  effect  is 
illustrated  in  Figure  3,  where  a  schematic  for  the 
blunted  cone  is  shown.  In  this  sketch  the  initial 
entropy  layer  is  thicker  than  the  viscous  layer,  and 
the  downstream  development  of  the  interaction 
between  the  two  is  complex,  since  the  'inviscid' 
parts  of  the  flow  field,  which  include  the  entropy 
layer  and  the  surface  pressure  distribution,  scale 
upon  X/R  (distance  normalised  by  the  nose  radius, 
say),  whereas  the  boundary  'aver  development  is 
Reynolds  number  dependent.  Given  enough 
streamwise  development  the  boundary'  layer  will 
always  grow'  to  swallow'  the  entropy  layer,  so  that 
the  boundary  layer  will  eventually  asymptote  to 
some  equivalent  sharp  cone  structure.  Before  this 
occurs  the  boundary  layer  development  w  ill  have 
been  controlled  by  radically  different  edge 
conditions.  For  example,  in  our  study  the  surface 
pressure  asymptotes  to  the  sharp  cone  value  by 
some  100  nose  radii  (see  Figure  4).  If,  at  this  stage, 
the  boundary  layer  thickness  is  still  very  much  less 
than  that  of  the  entropy  layer,  then  the  edge  Mach 
number  and  unit  Reynolds  number  would  lx-  about 

3.2  and  5.25x  1  ()6/m  respectively  compared  with  the 
aerodynamically  sharp  cone  values  of  8.0.3  and 
74. 5x  K/’/m.  In  addition,  the  entropy  layer  provides 
a  rotational  edge  condition  to  the  boundary  layer. 

Thus  boundary  layerdevelopnient  under  an  entropy 
layer  is  of  great  practical  interest,  lx-  it  laminar. 


transitional  or  turbulent,  and  the  present  study 
encompasses  this  full  range.  One  interest  here  is  in 
transition,  as  it  is  well  known  (for  example  Stetson. 
(Ref.4);  Ericsson,  (Ref.8))  that  nose  blunting  has  a 
profound  influence,  initial  slight  blunting  delaying 
transition  until  a  trend  reversal  occurs. 

Pressure  and  Heat  Transfer  Data 

A  composite  set  of  pressure  data  (normalised  by  the 
sharp  cone  value)  for  a  wide  range  of  nose  radius 
Reynolds  numbers  is  shown  in  Figure  4.  For  high 
Reynolds  numberfiow'sw  eexpect  only  weak  viscous 
interaction  effects  and  the  main  cause  of  scatter  in 
the  data  is  random  experimental  errors.  The  data 
show  a  pressure  undershoot,  with  a  minimum  at 
about  25  nose  radii,  after  which  there  is  a  monotonic 
recovery  to  the  sharp  cone  value.  In  boundary  layer 
terms  this  recovery  is  only  a  weak  adverse  pressure 
gradient,  and  is  not  expected  to  have  a  significant 
effect  upon  transition  (Stetson  (Ref.4)).  The  figure 
includes  the  CFD  modelling  of  the  pressure 
distribution. 

A  large  amount  of  heat  transfer  data  have  been 
collected  and  there  is  space  to  present  only  a  small 
part  of  this  here.  Before  discussing  them  a  few 
points  should  be  noted.  Firstly  some  figures  reference 
models  1  and  2.  Tliis  simply  refers  to  the  fact  that  on 
occasion  it  was  necessary  to  use  two  models  to 
provide  as  extensive  a  data  coverage  as  possible, 
and  the  generally  small  mismatch  between  them 
emphasises  the  high  quality  of  model  and 
instrumentation  manufacture.  Secondly  there  are  a 
range  of  options  in  defining  appropriate  Stanton 
numbers  and  Reynolds  numbers.  For  the  latter  w’e 

alwavs  will  use  here  Re  which  is  based  upon  free 

v  °°S  * 

stream  conditions  and  the  wetted  length  of  model. 
For  the  Stanton  number  we  define  both 


the  fonner  bjsed  purely  upon  free  stream  conditions 
and  total  temperature  and  tire  latter  upon  'asymptotic 
sharp  cone'  edge  conditions  with  a  recovery  factor  r  set 
to  the  laminar  value  of  Pr1/2. 
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Figure  4.  Surface  Pressure  on  blunt  cone, 
normalised  by  sharp  cone  value.  A  range  of  nose 
radii  tire  shown,  computations. - 

Figure  5  presents  data  for  the  basic  sharp  cone  with 
transition,  which  is  upstream  of  the  first  measurement 
location,  expected  to  occur  in  the  range 

approximately  3.2  x  1  O'1  <Re  < 5.0.x  10''.  We  have 
no  measure  of  the  basic  tunnel  background 
disturbance  field.  The  figure  also  includes  our 
initial  computational  modelling  ofthe  flow  (laminar 
and  turbulent  Prandtl  numbers  of  0.72  and  0.9 
respectively).  The  computations  were  performed 
with  120  cells  in  the  laminar  zone  from  the  cone 
apex  up  to  the  onset  of  transition,  22  cells  through 
transition  and  a  further  68  cells  in  the  turbulent  zone 
up  to  the  cone  trailing  edge.  With  the  adaptive  mesh 
routine  employed,  62  cells  were  mainttiined  between 
the  body  surface  and  the  shock  wave  ttnd,  in  the 
boundttry  layer,  38  cells  between  the  body  surface  and 
aboundary  layer  "edge"defined  as  the  location  of 0.5% 
of  the  wall  vorticity.  A  mesh  stretching  was  employed 
in  both  the  chordwise  and  normal  direction,  the  latter 
providing  a  value  y*  at  the  first  cell  centre  from  the  body 
of  order  1 .0. 

The  agreement  withexperimentappearstobegood,  but 
it  should  be  recollected  that  the  tolerance  on  the 
experimental  data  is  expected  to  be  in  the  range  -5%  to 
+15%.  A  full  mesh  convergence  assessment  of  the 
computations  has  not  yet  been  completed,  but  doubling 
of  the  cell  sizes  in  the  critical  wall  region  (where  the 
temperature  peak  is  located)  reduces  the  predicted 
levels  of  heat  transfer  by  only  2%.  Probably  the  most 


sensitive  CFD  factor  (other  than  the  appropriateness  or 
otherwise  of  the  turbulence  model)  is  the  simulation 
and  location  of  the  transition  process.  It  should  also  be 
noted  that  the  computations  do  not  include  the  axial 
(low  gradients,  which  we  anticipate  would  cause  a 
depression  in  predicted  v;tl  ues  by  the  cone  base  of  about 
47c.  As  a  final  observation  we  should  note  that  in  data 
for  a  7  degree  semi-angle  cone  presented  at  the  Antibes 
Workshop  on  Hypersonic  Re-entry  Flows  (Denman, 
Harvey  turd  Hiller,  (Ref.  10))  experimental  values  for 
the  turbulent  boundary'  layer  were  some  25%  below 
predictions,  by  other  workers,  using  the  same  algebraic 
turbulence  model .  The  resolution  of  these  discrepancies 
has  to  be  a  combination  of  reducing  the  error  band  on 
the  experimental  data,  and  a  better  understanding  of  the 
CFD  modelling  of  transition  and  turbulent  flow. 

In  total  9different  nose  radii  have  been  tested,  each 
at  two  unit  Reynolds  numberoperatingconditions, 
and  provide  nose  radius  Reynolds  numbers  ReN 

(=  p  U  RJn  ),  based  upon  nose  radius  and  free 
stream  conditions,  ranging  from  15.5xl03  to 
1 . 375.x  1 0".  The  precise  range  is  tabulated  in  Table  2. 
A  limited  selection  of  these  (as  asterisked) 
arepresented  in  Figures  6a  to  6e.  as  typical  of  a  range 
of  interesting  conditions  based  upon  St,  versus 

Re  .  In  some  cases  the  data  coverage  is  more 
modest  than  others,  and  it  should  be  noted  that  the 
chordwise  Reynolds  numbers  tire  limited  to9million 
and  30  million  for  the  low  and  high  unit  Reynolds 
number  operating  conditions  respectively.  Figure 
6a  shows  the  lowest  nose  Reynolds  number  case. 


Figure  5.  1  letit  transfer  data  for  sharp  cone,  o, 
experiment: — computations. 


(d) 


Figure  6  Heat  transfer  data  for  the  blunt  cone,  (a)  1 
mm  radius  cone,  Re  =  1 .55  x  107/m,  Re  =  1 5,500; 

(b)  1  mm  cone,  Re^  =  5.5  x  l07/m,  ReN  =  55,000; 

(c)  3  mm  cone,  Re^  =  5.5  x  107/m,  ReN  =  165,000; 

(d)  6.25  mm  cone,  Re^  =  5.5  x  !07/m,  ReN  = 

343,750;  (e)  25  mm  cone,  Re^  =  5.5  x  107/m,  Rev 

=  1,375,000.  o,  model  1;  A,  model  2. - 

Prediction  by  method  of  Fay  and  Riddell  (Ref  1 1) 
and  Lees  (Ref.  1 2) 
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Radius  (mm) 

Re.,  for  low-  Re 

>  oo 

Rev  for  high  Re 

1  mm 

1 5,5(X1* 

55, (XX)* 

1.25  mm 

19,375 

68,750 

1.5  mm 

23,250 

82,500 

1 .75  mm 

27,125 

96.5(X) 

2.0  mm 

31, (XX) 

1 1(),(XX) 

3  mm 

46,5(X) 

165, (XXL 

6.25  mm 

96,875  (L) 

343,750*  (L) 

12.5  mm 

193,250  (L) 

687,500  (L?) 

25.4  mm 

387,5(X)  (L) 

1,375, (XX)* 

Table  2.  Blunted  Cone  Test  Conditions  (L)  refers  to  fully  laminar  flow  over  model 


indicating  a  classical  laminar-transitional- turbulent 
heat  transfer  distribution,  with  a  very  satisfactory 
agreement  between  models  1  and  2  in  what  is  a 
particularly  difficult  region  of  measurement.  Figure 
6b  likewise  shows  a  typical  transitional  distribution, 
with  a  pronounced  rearwards  shifting  of  transition 
already  evident.  In  Figure  6c  transition  has  been 


Figure  7.  Transition  Reynolds  number  versus  nose 
radius  Reynolds  number.  Onset  of  transition,  o;  end 
of  transition,  □ .  Open  symbols  for  Re^  =  1 .55  x 

107/m;  closed  for  Re  =  5.5  x  l()7/m.  Estimate  from 

oo 

the.mochromic  liquid  crystal  visualisation.  A 
Maximum  chord  Reynolds  number  available. - 

.  Re  =  5.5  x  l()7/m.  -  -  Re  =  1.55  x  107/m. 

oo 


delayed  to  a  chordwise  Reynolds  number  of  20 
million  and  probably  is  only  completed  by  the 
rearmost  measurement  station.  Figure  6d  is 
considered  to  be  fully  laminar.  In  Figure  6e,with  the 
highest  nose  Reynolds  number,  the  position  is  less 
clear.  On  first  inspection  the  data  appear  almost 
constant  with  distance,  though  close  inspection 
showsa  very  slight  increase  between  chord  Reynolds 
numbers  of  5.5  million  and  11.5  million.  More 
significantly,  the  temperature  time  traces  in  this 
region  show  the  large  fluctuations  which  we  associate 
with  transition  so  that  we  regard  this,  possibly,  as  a 
reversal  of  the  previous  transition  trend.  Figures  6a 
to  6e  include  laminar  predictions  using  the  theories 
due  to  Fay  and  Riddell  (Ref.  1 1 )  for  the  stagnation 
point  heating  rates  and  Lees  (Ref.  12)  for  the 
remaining  distribution,  showing  very  close 
agreement  with  the  measurements  on  the  frustrum. 

Ourtrunsitiondataforallconfigurationsarecollected 
in  Figure  7,  and  tire  generally  unambiguous  apart 
from  the  interpretation  of  Figure  6e.  Figure  7  shows 
the  'onset'  and  ‘completion’  of  transition,  and 
demarcates  between  ihe  high  and  low  unit  Reynolds 
number  conditions.  For  some  cases  it  was  only 
possible  to  define  an  onset  or  completion  value, 
because  of  model  or  instrumentation  constraints, 
and  in  some  the  flow  appeared  to  be  laminarover  the 
whole  model  chord  (indicated  as  'L'  in  Table  2).  For 
the  nose  Reynolds  numbers  of  343750  and  687000 we 

consider  that  the  onset  of  transition  is  for  Re^  greater 
than  28  million,  delayed  by  more  than  a  factor  of  nine 
compared  with  the  sharp  cone  data.  One  question 
that  concerned  us  considerably  was  whether  the 
transition  front  was  axi symmetric  or  not.  since  the 
heat  transfer  measurements  were  made  along  a 


V 
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single  chordwise  line  along  the  model  surface.  We 
did  find  that  rotating  the  model  about  its  axis  produced 
little  noticeable  effect  on  the  data  (which  is  a  valid 
exercise  since  we  know  from  the  use  of  two  models 
that  transition  does  not  appear  to  be  provoked  by 
model  surface  imperfections).  We  also  made  some 
surface  thermal  visualisations  using  thennochromic 
liquid  crystal  paints.  Although  these  coloured 
photographs  are  not  good  enough  quality  to 
reproduce  here  the  conclusions  can  be  stated  quite 
precisely.  Three  tests  were  performed.  At  the  low 
unit  Reynolds  number  condition  for  the  sharp  cone, 
and  at  high  Reynolds  number  for  the  1  mm  cone 
(ReN  =55, (XX)),  visual estimatesof transition  agreed 
closely  with  the  surface  heat  flux  data  (these  points 
are  included  in  Figure  7),  with  only  slight 
circumferential  variations  in  the  location  of  the 
front.  For  the  25.4  mm.  nose  at  the  highest  unit 
Reynolds  number  (ReN  =1,375,000)  the 
visualisations  were  different  showing  high 
temperature  streaks  trailing  downstream  from  the 
hemispherical  nose,  initially  parallel  but  forming  a 
wedge-like  spread  at  a  chord  Reynolds  number  of  5 
million.  This  is  close  to  our  heat  transfer  estimates 
for  transition  onset  and  clearly  supports  our 
observations  on  transition  reversal. 


Various  workers  have  demonstrated  the  importance 
of  the  entropy  swallowing  length,  x^,  in  controlling 
transition.  From  Stetson  ( Ref.  1 3)  and  Rotta  (Ref.  14) 
we  have  fora  5  degree  cone  at  a  Mach  iiumberof9.0 
that  v 


26  (ReN) 


1/3 


which  very  approximately  defines  a  location  where 
the  boundttry  layeredge  condition  has  recovered  to 
the  appropriate  sharp  cone  value.  To  relate  this  to 
our  data  we  can  take  as  an  example  the  3  mm.  nose 
at  the  highest  unit  Reynolds  number  (ReN 
=  165, (XX)).  In  this  case  the  ratio  of  the  measured 
transition  location  to  the  swallowing  distance 
calculated  above  is  approximately  0.1,  that  is 
transition  expected  before  full  swallowing  of  the 
entropy  layer.  Figure  8  shows  a  measured  Mach 

number  profile  for  this  case  (at  Re  =  24  million, 
roughly  80%  of  the  way  through  transition).  We 
believe  that  the  boundary  layer  edge  lies  at  the 
location  indicated,  giving  an  edge  Mach  number  of 
6.0  compared  with  a  fully  swallowed  value  of  7.8, 


consistent  therefore  u'ith  the  above  suggestion.  For 
conditions  close  toours  (7  degree  half  angle  cone  at 

Mach  9.3)  Stetson  (Ref.  1 3)showed  that  when 

x^  was  of  the  order  1 0 ,  there  w-as  a  maximum  delay 
in  transition  relative  to  the  sharp  cone  case,  by  a 
factor  between  7.0  and  9.0.  This  again  compares 
very  favourably  with  our  observations  for  the  3  mm 
radius  data.  For  nose  radius  Reynolds  numbers 
greater  than  this  value  of  1 65,(XX)  transition  should 
then  occur  well  before  entropy  swallowing.  Indeed, 
for  the  'transition  reversal' case  the  viscous  layer  will 
be  so  thin  compared  with  the  entropy  layer  that  the 
boundary  layer  edge  conditions  will  be  virtually 
identical  to  the  appropriate  inviscid  flow  local  wall 
conditions.  Conversely,  with  ReN.  less  than  160,000 
we  can  assume  that  transition  has  occurred  with 
entropy  layer  swallow-ing  more-or-less  complete. 

1 IQLLOW  CYLINDER  MODF.I .  AND  CAVITY 
SEPARATION 


Both  projects  are  at  a  relatively  early  stage  and  this 
section  serves  as  a  progress  report.  Considering  the 
hollow  cylinder  model  first  the  general  design  is 
illustrated  in  Figure  1  and  Figure  9  shows  a 
photograph  of  the  model  separated  into  sections, 
including  pressure  and  heat  transfer  inserts.  The 
pressure  field  is  to  be  radiated  onto  the  centrebody, 
which  is  the  instrumented  surface,  from  the  outer 
concentrically  aligned  cowl.  The  model  design 
has  been  controlled  by  some  challenging  design 


Figure  8.  Mach  number  profile  for  transitional 
boundary  layer  and  entropy  layer.  3  mm  ntdius  cone. 

Re  =  5.5  x  107m,  Rev  =  165,000,  Re  =  24  x  Iff. 
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Figure  9  Main  cylindrical  model  including  extension  pieces 
and  pressure  and  heat  transfer  inserts 


constraints  such  as:  fitting  the  total  assembly  into 
the  uniform  test  'diamond';  structural  rigidity; 
flexibility  in  interchangeofinstrumentation  modules; 
provision  to  add  a  pressure  gradient  generating  flare 
to  the  centrebody  in  addition  to  the  use  of  the  cowl; 
avoiding  chokingof  the  flow  through  the  centrebody 
whilst  maintaining  sufficient  wall  thickness  for 
instrumentation  and  strength.  The  initial  design 
problem  of  avoiding  choking  was  assessed  at  the 
beginning  by  testing  a  9 (X)  mm  chord  section  of 
stock  tubing  of  50  mm  inner  diameter,  provided 
with  a  sharp  leading  edge  intake  with  various  outer 
diameters.  Figures  10a  and  10b  respectively  show 
a  stalled  flow  case  and  the  final  design  case  of  a  ratio 
of  inner  to  outer  diameter  of  0.67.  The  final  model 
provides  a  measurement  length  of  800mm,  or 
maximum  chordwise  Reynolds  number  of  44  x  106, 
and  is  constructed  from  several  cylindrical  portions 
which  are  interchangeable.  Only  one  of  these  is 
machined  with  an  instrumentation  slot,  and  the  final 
arrangement  provides  the  possibility  of 
measurements  of  pressure  or  heat  transfer  at  a 


minimum  pitch  of  1  mm  if  required.  Figure  1 1 
presents  measured  pressure  data  on  the  centrebody 
(no  cowl)  and  shows  the  low  scatter  of  data 
produced,and  also  indicates  the  effect  of  the  weak 
background  tunnel  pressure  gradient.  The  first  cowl 
design,  which  is  under  manufacture,  is  intended  to 
impose  a  5: 1  linear  pressure  rise  over  a  distance  of 
HX)  mm  commencing  at  the  chord  location  of 
5(X)mm.  This  interaction  distance  is  of  order  several 
hundred  initial  momentum  thicknesses.  Inviscid 
calculations,  using  the  method  of  characteristics 
and  the  Euler  code,  are  in  close  agreement  and  the 
resultant  prediction  of  surface  (inviscid)  pressure 
distribution  is  given  in  Figure  12. 

The  cavity  induced  separation  project  has  only  just 
commenced  and  we  are  currently  considering 
configuration  options.  One  requirement,  however, 
is  a  fully  laminar  study,  which  requires  both  a 
reduction  in  our  usual  tunnel  operating  conditions 
and  careful  consideration  of  the  likely  behaviour  of 
the  separated  shear  layer. 
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Figure  10  Schlieren  photo  for  hollow  cylinder 
model  (a)  Choked  inlet  conditions,  (bj  design 
conditions. 

CONCLUDING  REMARKS 

This  paper  presents  results,  some  preliminary',  for 
current  experiments  on  hypersonic  viscous  flows. 
Our  general  objective  is  to  utilise  simple  two- 
dimensional  configurations  to  produce  a  series  of 
flows  which  are  both  of  practical  interest  and  also 
will  provide  reliable  data  for  CFD  code  validation. 
The  intention  behind  the  use  of  axisymmetric 
configurations  is  to  eliminate  the  end-effect  errors 
which  can  contaminate  2-D  planar  experiments. 
Our  immediate  and  future  plans  include: 
concentration  mainly  on  the  pressure  gradient  and 
cavity  separation  model;  improvement  in  the 
calibration  of  the  test  section  flow  conditions;  further 
development  in  parallel  with  the  experiments  of  our 
CFD  capability. 
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Figure  12  CFDmodellingofcowl-inducedpressure 
gradient  on  centrebody. 
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CALCULS  D’ECOULEMENTS  VISQUEUX  EN  DESEQU1L1BRE  DANS  DES  TUYERES 
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Resume 

Une  methode  implicite  de  volumes  lints  pcrmettant  de 
determiner  les  ecoulemcnts  visqueux  en  desequilihre 
ehiinique  et  vihrationnel  duns  des  tuyeres  est  presentee. 

1  es  termes  de  flux  de  fluide  parfait  sont  calculus  par  un 
schema  deecnlre  de  type  Roe  du  deuxieme  ordre  en  espaee 
et  les  flux  visqueux  sont  determines  a  I'aide  d’un  schema 
centre.  Les  flux  numeriques  et  les  termes  source  sont 
toialement  couples  a  l’etape  implicite. 

Afin  d’illustrer  la  methode  numerique.  deux  configurations 
d'ecoulements  out  etc  calculees.  I  a  premiere  configuration 
a  etc  proposee  en  tant  que  cas  test  lors  du  dormer 
Workshop  d’ Antibes  sur  les  ecoulemcnts  hypers*  miques 
(deuxieme  partie).  La  deuxieme  configuration  correspond 
au  calcul  dans  une  tuyere  de  la  soufflerie  F4  de  l’ONERA. 

1  Introduction 

Dans  le  cadre  du  programme  Hermes,  plusieurs  souffleries 
specifiques  sont  developpees  en  Europe,  notamment  la 
soufflerie  a  arc  E4  de  l'ONKRA  .  Ccs  souffleries  doivent 
simuler  des  conditions  d'ecoulements  hypersoniques  afin 
ti'effectuer  lies  mesurcs  autour  de  maquettes  de  formes 
realisms,  ces  mesurcs  ctant  par  la  suite  extrapolees  aux 
conditions  de  vol  reel.  Ces  outils  sont  aussi  d’un  gram! 
inteiel  pour  validcr  les  codes. 

bn  regime  hyperetithalpiquc,  un  ensemble  eomplet  de 
parametres  de  similitude  lets  que  le  nombre  de  Reynolds  et 
le  nombre  de  Mach  pour  les  ga/  parfaits  n’existe  pas. 
Memo  si  les  ecoulemcnts  internes  verilient  le  parametre  p/. 
qui  est  le  plus  approprie  pour  les  ccoulements  dissocies.  les 
rcsultats  tl’cxperieiices  ne  peuvent  reproduire  les  conditions 
dc  vol  reel.  I.’ccoulement  dans  une  tuyere 
hypcrc  thalpiquc  peut  se  decomposer  en  trots  parties:  une 
/one  d'ecoulemenl  a  I’cquilihre  dans  le  convergent  suivic 
d  ime  /one  cn  desequilihre  chimique  el  vihrationnel  pres  du 
col  et  d  ime  region  d’ecoulement  ftg'i  dans  le  divergent. 
1  ecoulement  en  sortie  de  tuyere  sera  done  fige  avee  des 
temperatures  dc  vibration  plus  grandcs  que  la  temperature 
de  translation. 

Memc  si  les  conditions  dc  vol  reel  ne  peuvent  etre 
reproduces,  la  prediction  des  ctats  thermodynamiques  ct 
chimtques  en  amont  de  la  maquettc  est  neccssatre  a  la 
comparaison  des  rcsultats  experimentaux  et  numeriques  sur 
cette  maquettc.  Par  la  suite,  les  calculs  permettront  la 
simulation  de  Ldcoulement  dans  les  conditions  dc  vol  reel. 
Dans  ce  papier,  nous  rappclons  les  principalcs 
laractcristiqucs  d’unc  methode  dejit  appiiqudc  au  calcul 
d'ecoulements  bidimensionncls  externes.  Cette  methode 
result!  les  equations  de  bilan  dccrivant  les  ccoulements 
visqueux  cn  desequilihre  chimique  ct  vihrationnel.  Des 
applications  it  des  tuyeres  utilistScs  it  Marseille  ct  a 
I’ONHKA  sont  presentees. 


2  Equations  de  hilan 

2.1  Hypotheses  de  base  ct  modelisation  physique 

Pour  les  conditions  generatrices  considerees,  f  ionisation 
est  negligee  et  Pair  peut  etre  modelise  par  un  melange  ideal 
de  ga/  parfaits  comprenant  les  cinq  cspeces  principales.  a 
savoir  N2.  02.  NO,  N  et  O.  La  pression  du  ga/  est  alors 
donnee  par  la  loi  de  Dalton 

Pn 

<•)  n=  Z~V- 

a  1  '*■ 

oil  R  designe  la  consume  universelle  des  ga/.  parfaits  et 
M „  est  la  masse  atomique  de  Lespece  a. 

Les  modes  de  translation  et  de  rotation,  et  le  mode 
clcctronique  sont  toujours  considercs  a  I'cquilihre  et  sont 
done  caractcrises  par  une  temperature  unique  T  alors  que 
les  modes  de  vibration  peuvent  s’ecarter  de  I'cquilihre, 
Chacune  des  especes  diatomiques  N2,  02  et 

eventucllcmcnt  NO  est  supposec  avoir  une  temperature  de 
vibration  parltculiere,  distmete  de  la  temperature  du 
melange  .  Dans  ce  papier,  le  mode  de  vibration  pour  le 
monoxyde  d’a/ole  NO  est  suppose  etre  a  I'cquilihre  avee  le 
mode  de  translation. 

La  temperature  du  melange  veritic  : 

(2)  /•=<£ P„D 'I  p h  -  ''pE: 

-  z  p-'w  -  z  Pit*',  .it  -  z  m;;  1 

oil  I.  est  I’cnergie  totale  du  melange  par  unite  de  masse  el 
if  la  vitesse  barycentrique  du  melange.  <\  ,,  „  est  la  chaleur 
specifique  de  Lespece  n  par  unite  de  masse.  Pour  Lespece 
P,  e,  p,  e,.#,  ?,i  p,  «\  p  dexignent  rcspectivcment  les  energies 
de  translation,  de  rotation,  electronique  et  dc  vibration  par 
unite  de  masse  et  est  la  chaleur  tie  formation  de  Lespece 
ti  par  unite  de  masse.  I.’cnorgie  <\  a  comprend  les  modes 
de  vibration  harmottiques  ct  anharmoniques,  ainst  que  le 
couplage  rotation-vibration.  La  temperature  de  vibration 
7,  p  de  Lespece  molcculaire  P  est  donnee  par  la  relation 
implicite  suivantc  :  <\.  p(’fv  p)  =  Ppe,  ypB. 

Dans  les  calculs  presentes  ici,  aucun  couplage  Vibration- 
Vibration  (V-V)  ou  Vibration-Dissociation  iV-D)  n’a  etc 
pris  cn  compte.  Les  equations  pour  les  Energies  de 
vibration  nc  comprennent  que  les  echangcs  d  encrgte 
Translation-Vibration  (T-V)  Le  taux  d  echange  d  encrgte 
Translation-Vibration  /.,  v  pest  modelisiS  par  : 


UiS.fl 

ou  c,  p (7  )  representc  l’dnergie  dc  vibration  par  unite  de 
masse  dc  Lespece  P  evaluce  pour  la  temperature  locale  du 
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melange.  Tllk  3  est  le  temps  dc  relaxation  donne  par  : 


Twf..B  y  Tv.p.r 

oil  Xy  est  la  concentration  molaire  de  1’espece  y.  Les  temps 
de  relaxation  entre  especes  Xv.p.T  sont  donues  par  la  regie 
semi-empirique  de  Millikan  et  White  (2). 

Le  modcle  de  chimie  choisi  est  celui  de  Gardiner  [3],  II  met 
en  oeuvre  dix-sept  reactions  comprenant  quinze  reactions 
de  dissociation  et  deux  reactions  d’echange. 

2.2  liquations  de  bilan 

l.a  forme  integrale  dcs  equations  de  bilan  instationnaires 
pour  des  ecoulements  visqueux  cn  descquilibre  peut 
s'ecrirc  dans  des  coordonuces  cylindriques  de  la  maniere 
suivante  : 

<5a)Jj[.v:W, -(//-/*)]  d5+j[jt,(F1-Fv,)-GIl  N,Jl  = 

s'  BS 

=  Jjjt/uv 

s 

oil  S  designe  un  domaine  de  controlc  fixe  dans  un  plan 
tneridien  quelconque.  85  sa  frontiere  et  A/  =  (/V,),(s  =  1,2) 
la  normale  unite  extericure  a  85 .  Nous  avons  : 


(5b) 

W  = 

[ipctl.  P«I.  p«:.  pF,  |pp<>v;gj] 

(5c) 

H 

(  0,t  |,  0,  p  -  1 2(1  +  X)  0. 1  Op  lj 

(5d) 

Hs  = 

X  [l  0„  |.  0,  divl] ,  0.  |0p  |] 

(5c) 

/•',  =  It,  W  +  p  [lOJ,  8,,.  8;,.  [O^l] 

( 5  f) 

Fv,  = 

[l  -paV'.u  ].  X,  t ,  Xj:,  M,X,,  +«2X2, 

- 

‘h  -SPa/!«V'o!.  1  ~P|)<',  pV'p,-(?,  p,  ! 

(5g) 

a,  = 

Xu 2  ( 1  0„  1,  6,, ,  52, .  |  Op  ]j 

(5h) 

1  iA„  ].  0, 0.  0, 1  E, ,  p  +  nlpf-.  p  +  Ed  t 

oil  11=  1,2, 3, 4, 5  se  rapporte  aux  especes  N2,  02,  NO,  N  et 
O,  p=  1,2,3  aux  especes  diatomiques  N2,  02  et  NO, 
r  =  1 ,2  aux  directions  d’cspacc.  u,  et  u2  dcsignenl  les  deux 
composantes  de  la  vitesse  barycentrique  0 .  X  ct  p  sont  les 
coefficients  de  viscosity  du  melange,  est  la  vitesse  de 
diffusion  de  l’espece  tt  dans  la  direction  x,,  xu  ,  sont 
les  composantes  du  tcnscur  dcs  contraintes  visqueuses,  <fs 
est  le  vccteur  de  (lux  de  chalcur  du  melange  dans  la 
direction  x, ,  ha  est  I’enthalpie  par  unite  de  masse  de 
l’espece  rx,  <f,  p,  est  le  vecteur  de  flux  de  cbaleur  de 
vibration  dans  la  direction  x,  pour  l’espece  diatomique  P, 
est  la  production  de  masse  de  I’cspbce  a  par  unite  de 
volume, 

2.3  Coefficients  de  transport 

Le  tcnscur  dcs  contraintes  visqueuses  x,y  s'ecrit: 

dll,  rlu/ 

(h)  X„  =  X  JivO  S.y  +  P  ( -  +  - —  ). 

r)xJ  rh 


On  fait  1’hypothese  de  Stokes  pour  les  coefficients  de 
2 

viscosite  du  melange  :  X  +  —  |X  =  0  .  Chaque  viscosite  ll, 
3 

d’une  espece  est  determinee  par  la  relation  de  Blottner  |4), 
la  viscosite  du  melange  p.  est  alors  calculce  au  moyen  du 
modele  d’Armaly  et  Sutton  |5): 


(7a)  p  =  £ 


4a 


M „ 


Xy  Ma  5  ... 

1  +  £  dV,  (  —  +  ) 

Xn  ^(Ma  +  My)  3-V  M„ 


(7b)  <t>aT  =  (- 


My 


8(Ma  +  My) 


'ay 

to.  Ml* 

4.1, _ 

)  (r  gcy+(  Oay) 


4x 


oil  les  coefficients  Aay,  et  verifient  les  relations 
suivantes  : 


(7c)  Au y  =  =Aya=  1.25 

n,'2-2’’ 

(7d)  FICI  =  ( )2  =  FyU=  1 .00 
fit2-2)’ 

(7e)  «-,=  (— ^7 =  =  0.78 

designe  une  integrale  de  collision  pour  les  collisions 
entre  les  molecules  a  et  y. 


La  vitesse  de  diffusion  est  supposee  verifier  les  lois  de 
Hick  suivantes  : 

(8)  Va--Dp'$Ya/Yn  avec  Ya  =  p„/p. 

I)p  est  calcule  en  supposant  un  nombre  de  Lewis  constant. 


Les  vecteurs  dc  flux  de  chalcur  du  melange  et  de  vibration 
cf  et  if,  3  sont  supposes  suivre  les  lots  dc  Fourier  : 

(9a)  +  #r,+*rw)Vr  +  £*v* 

P 

avec 

(9b)  = 

Le  coefficient  de  conductivity  thermique  de  translation  K, 
est  calculy  &  partir  de  la  relation  d’ Armaly  et  Sutton  [6): 


(10a)  K,  = 


*1^  MJHy  |  ^  15  Mg 
+  ri24(M„+MT)2  A^  My 


My 

+  5  -  +  M'"y) 

Mn 


Les  coefficients  de  conductivity  thermiques  de  rotation  et 
clcctroniqucs  Km  ( im  =  r  ,el )  et  les  coefficients  de 
conductivity  thermiques  de  vibration  Kv  3  dans  le  mdlange 
sont  donn8s  par  l’approche  de  Monchick.  Yun  et  Mason 
[7|. 


(10b)  = 


y  X*  < 


(im  =  r.e/.v) 


(10c)  (im=r,W). 

a 


Kn  utilisant  I’hypothfcse  d’ Armaly  ct  Sutton,  les  coefficients 
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de  diffusion  binatre  L>cut  et  I>Z,  verifient  la  relation: 


(lOd) 

Le  coefficient  de  couductivite  klma  ( im  =  t  ,r  ,el  ,c  )  pour 
chaque  espece  fit  est  obtenu  par  une  relation  d’Eucken  [8|: 

6 

( 10e)  k,„  u=  —  A  „  avec  im  *  translation 


(10f)  k.  „  =  -p(,r,  ,,, 
2 


nit  i\  im ,,  dans  (lOe)  designe  la  chaleur  specifique  de 
I’espece  u  par  unite  de  masse  correspondant  au  mode 
interne  im . 


3  Methode  numerique 

l.es  equations  de  hilan  (5 )  soul  residues  par  une  methode  de 
volumes  finis  implicite  ecrite  pour  des  maillages 
iiirvilignes  structures.  Les  flux  de  fluide  visqueux  sont 
discretises  au  moyen  d  un  schema  aux  differences  centrees 
de  type  Crank-Nicolson  alors  que  les  flux  de  fluide  parfait 
sont  approches  par  une  methode  decentree  de  type  Roe,  le 
second  ordre  d'approxiinalion  en  espace  etant  obtenu  en 
adoplant  I'approche  de  (lux  moditie  due  a  Harteri  (9|. 

A  chaque  dale  /„  =  n  At  oil  At  designe  le  pas  de  temps,  la 
methode  de  volumes  finis  permet  de  construire  une  solution 
approcheo  dont  la  valeur  constante  sur  chaque  cellule  de 
calcul  ,V  est  notee  IV"  l.a  solution  est  avancee  en  temps 
scion  1’algorilhme  suivant  : 


| ,  :i  f\  -/  V,  )-<•;,  f  ’ ' ,V,  ,il  -  (H"  AS'  l,  ,  +  (a  ,n"  ' '  AS' ),  j 

on  AS',  ,  designe  la  surface  de  la  cellule  consideree, 
1’integrale  curviligne  le  long  de  la  frontiere  5 .S',  ,  pouvant 
alors  elre  decomposer  en  une  soinme  de  quatre  flux 
respcctiveinent  associes  aux  aretes  i±\/2,j  et  i,j±l/2. 
Dans  la  formule  (II),  X",  represente  une  valeur  moyenne 
de  X  sur  .S',  choisie  de  sortc  que  I’integrale  portant  sur  Hs 
dans  (5d)  puissc  etre  exprimee  en  terme  de  flux  : 

(12)  dLV  =X,J  |  U,N,dl 

v 

f/,A,  =  (|0,J,0.  u,  .O.IOpI)'. 


proposee  par  Abgrall  |10|  pour  les  equations  d’Eulet 
multi-especes  et  multi-temperatures. 

Soit  A,, 1/2j  une  linearisee  de  Roc  [10]  associee  au  flux 
aw  (m=l,...ll)  les  valeurs  propres 
correspondantes  et  AS  ,  ?  une  matrice  de  vecteurs  propres 
a  droite  associes.  Le  flux  numerique  h\  A,  s’ecrit: 

)....,  1 

(14  UF,Ns),.i/2j=— - (A,  ),.,*., +  -(#<!>),.  i,2j 

oil  le  demier  terme  du  membre  de  droite  designe 
l’operateur  de  correction  de  flux.  Alin  de  simplifier 
l’implementation  de  cet  operateur  dans  la  methode  de 
volumes  finis,  nous  supposerons  quo  la  direction  normale  a 
V  arete  i  +  1/2. j  reste  parallele  a  une  ligne  de  maillage 
j=Cste.  ce  qui  permet  en  consequence  d’ecrire 
d  , .  n,,  =(<11,  .\,ij  1  (m  i  ,  i  1 1  sous  la  forme  : 

„  1  m 
( 1 5a)  <t>  .  ^  =  —VI  u, .,  j  +  .if, . , ) 

_  aP.t C.i  +  Y."  l,1j  )  <J(, .  l  ,2j 

(15b)  <Ci.i.i=(^J),.U2l(w't),.ic  -O'D.J, 

oil  x™  est  un  limitcur  operant  sur  les  variables 
caractenstiques  fit;  ,17  ,  Dans  cettc  etude,  nous  avons  utilise 
le  limiteur  classique  suivant  1 1 1 1: 

(lb)  .v,"1,  =  minmod t  tt.’Vij  ;  ?,,•  ) 

Le  terme  ussocie  y™,  ;  ,  est  defini  par  : 

(17) 

V(  )(.v"u  -A’"  V(2d,' si  st() 

1 1  'i  <l”  ;  -  ,  =0 

Dans  (17).  \)»  represente  une  application,  qualifier  de 
correction  d  entropie  d’apres  Harten,  definie  par  : 

si  I.’  I  >  5, 

■+•  S f )/^ S ,  si  l;l<8| 

ou  5,  est  un  parametre  devant  elre  choisi  nul  dans  les 
couches  limitcs. 


(IK)  >g(j  )  = 


O' 


Discretisation  de  s  flux  de  fluide  visqueux 

La  linearisation  des  flux  de  fluide  visqueux  a  la  date 

(«  +  l)At  conduit  aux  expressions  suivantes  : 


(19a) 


U.+ 


dL', 

- -AW 

dll’ 


3.1  Discretisation  en  espace  des  termes  de  flux 

1’ar  souci  tie  simplicite,  nous  limiterons  le  present  expose  a 
la  presentation  de  la  methode  d’ approximation  associee  aux 
tertnes  de  flux  sur  I’arele  i  +  \/2.j: 

115)  A,  A/ ),.„,, 

tf.'xr.,  =  [ U A,  A/ 

J  i  •  1/2  j 


Approximation  lies  flux  de  fluide  parfait 
Dans  la  relation  (1.3),  /  ,  A,  designe  une  approximation  du 
(lux  de  fluide  parfait  f,A,  j.iaj  obtenue  en  adoptant 
I’approche  de  flux  modific  due  a  Harten  [9|.  Ce  flux 
numerique  est  construit  ii  partir  de  la  mdthode  de  Roe 


(19b)  (;"''  =  (i"  + 

(19c) 


dO,  1 

- AH’ 

dW 


k,+ 


rl/\, 

dW 


d:/'„ 


d</,r)A, 


n 

d 

d  /■;, 

AW 

All’ 

+Ar - 

d.v,. 

dq, 

A; 

oil  r/,  =  dW/d.r,  .  (f  -  1 ,2)  En  utilisant  (19a).  la 
discretisation  en  espace  de  (1.3)  conduit  ii  : 


(20a)  rz'r.., = r.l/2j + 


|  (d(/,/dW ), . 


KAW),,  +(AW),.1;r 


l^.l 


i(  A,  M  ),„.,.,  . 
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(20b)  =  -UU,)^  +W,Uj)m{N,61)i.iaj, 

ou  la  matrice  Jacobienne  associee  a  Us  cst  evaluee  a  larete 
1+1/2 ,7 .  Des  expressions  similaires  a  (20)  sont  utilises 
pour  le  traitement  dc  la  contribution  de  Gs  a  la 
discretisation  en  espace  de  (13). 

La  di  tisation  en  espace  de  Fvs  a  la  date  nAr  demande 
1’eva,  .on  des  derivees  en  espace  apparaissant  dans  le 
tenseur  des  contraintes  amsi  que  dans  les  termes  de  flux  de 
chalcur  Les  derivees  en  espace  sont  directement 
approchees  dans  le  domaine  physique  par  une  methode  aux 
differences  centrees  mettant  en  oeuvre  la  mctrique  et  la 
solution  approchee  W"  aux  six  harycentres  (i,y) ,  (i  +  1,7) , 
(t  ,/  +  l)  .  (<\/-l)  .  (i+lj  +  l)  et  (i+lj-l).  Plus 
precisement,  soit  une  grandeur  definie  aux  quatres 
noeuds  E  ,W  ,N  et  .S',  dont  le  barycentrc  est  M  \  son  gradient 
au  point  M  est  alors  donne  par  : 

(21)  V<J\,  =  (ddvdx,  ,  2)^ 

[(sty  -  <1%  )sn  -  (<t»,v  -  <l\,  )wt  ixt 

(Wkxsti)r 

ou  2’=;v’xy>.  Par  exemple,  si  M  correspond  au  centre  de 
I’arete  referencee  par  ((+1/2, 7),  la  formule  (21)  utilise  les 
points  E  ((  +  1,7),  W  (1,7).  .Y  (i  +  l/2,y'-l/2)  et 
N  (1 +I/2.7  + 1/2). 

De  plus,  la  discretisation  en  espace  du  dernier  terme  de  (5f) 
demande  revaluation  des  derivees  en  espace  de  Linconnuc 
AH'  Cette  evaluation  est  mcnec  par  une  methode  aux 
differences  centrees  semhlahle  ii  la  preccdentc,  excepte  que 
scutes  les  contributions  de  AH'  aux  noeuds  u,j)  et  (i  +  1,7’) 
sont  utilisecs. 

3.2  Discretisation  en  temps 

I  ’implicitation  des  flux  numeriques  subit  une  linearisation 
conservative,  les  termes  source  recoivent  egalement  une 
implicitation  par  linearisation  obtenue  a  laide  de 
dcveloppements  de  Taylot.  Toutefois,  alin  d'eviter  une 
complexite  inutile  dans  lexpression  de  I’opcrateur 
implicite  la  linearisation  du  flux  numerique  de  fluide 
parfait  suit  la  demarche  proposec  par  Yee  [ll(  selon 
laquelle  la  matrice  de  Roe  fait  office  de  linearises-  du  flux 
numerique.  De  memo,  les  termes  de  derivees  croisdes  sont 
negligees  dans  1’etapc  de  linearisation  des  flux  de  fluide 
visqueux. 

l.  etape  implicite  couple  totalement  les  termes  source  et  les 
flux  numeriques  de  manierc  a  pouvoir  trader  la  raidcur  du 
probleme. 

I  'opcrateur  implicite  ainsi  obtenu  est  lineaire  et  pout  etre 
inverse  de  plusicurs  facons.  Une  premiere  facon  repose  sur 
une  factorisation  AD!  de  I'opcrateur  implicite,  la  matrice 
Jacobienne  des  termes  source  intervenant  pour  une  raoitie 
dans  chacune  des  deux  directions  du  maillagc.  Le  systime 
resultant  cst  de  structure  tridiagonalc  par  blocs  de  taille 
11x11  dans  chaque  direction  du  maillage  et  est  inversd  a 
I’aide  d  une  decomposition  LU  classique.  Une  autre  facon 
est  de  rdsoudre  I’opcrateur  implicite  par  une  methode 
iterative.  Cette  technique  prdsente  1’avantage  d’etre  bien 
moins  sensible  au  choix  du  pas  de  temps  que  ne  le  sont  les 
mfithodes  par  factorisation  approchees.  Bile  permet 
egalement  d’eviter  la  decomposition  parfois  inadequate  dc 
la  matrice  Jacobienne  des  termes  source.  La  methode 


iterative  mise  en  oeuvre  est  basee  sur  une  strategic  de 
minimisation  des  residue  telle  que  la  methode  GMRHS 
preconditionnee  par  un  operatcur  de  factorisation 
incomplete  [12], 

3-3  Conditions  aux  limites 

3.3. 1  Erunliere  paroi 

Les  conditions  a  la  limite  pour  la  paroi  dependent  du 
comportement  de  cette  meme  paroi.  Dans  ce  travail,  une 
condition  de  non  glissement  est  appliquee  : 

(22)  (us  )w  =  0. 

Nous  supposons  egalement  que  le  gradient  de  pression 
normal  a  la  paroi  est  nul  : 

(23)  (dp/dc,2)w  =0. 

La  valeur  de  la  temperature  de  paroi  est  imposee 
(7')b-  =  Twilll  et  les  temperatures  de  vibration  sont  supposees 
etre  a  l'equilibre  avec  la  temperature  de  paroi 
(7\.p)tV  =  T’koI/- 

Dans  cet  article,  la  paroi  est  supposee  etre  soit  non 
catalytique  soit  completemcnt  catalytique.  Cette  demiere 
condition  favorise  les  reactions  chimiques  et  le  gaz  atteint 
rapidement  une  composition  d’equilibre  correspondant  aux 
conditions  locales  de  pression  et  dc  temperature. 

3.3.2  Frontiere  J' entree 

(.'utilisation  d’une  methode  de  volumes  finis  conduit  a 
trader  la  condition  d’entree  en  terme  de  flux  numerique. 
Par  souci  de  simplicite,  I’analyse  que  nous  donnons  ici  est 
mence  pour  un  probleme  monodimensionnel  mais  el  le  pent 
etre  aisement  etondue  a  des  problemes  multidimensionnels 
en  considerant  leur  projection  sur  la  normale  a  la  frontiere. 
Considerons  une  condition  d'entree  subsonique. 

A  gauche  de  cette  frontiere.  Ic  gaz  est  decrit  par  ses 
proprietes  thermodynamiques  statiques  que  sont  l  enthalpie 
totale  du  reservoir  H„,  et  l'entropie  Srr,  sous  I’hypothese 
de  l’equilibre  chimique  et  thermique  Ces  conditions 
permettent  de  definir  une  courbe  dans  I’espaee  des  phases 
constitute  des  etats  Hj,  .  qui  peuvent  etre  connectes  du 
reservoir  a  la  gauche  de  la  frontiere  d'entiee. 

A  droite  de  cette  frontiere,  I’ecoulement  est  suppose  etre 
regulier  ainsi  qu’a  l'equilibre.  de  telle  maniere  qu'une  onde 
de  detente  peut  etre  utilisee  pour  connecter  la  droite  de  la 
frontiere  d’entree  WB  R  a  1’ccoulemcnt  dans  le  domaine  \VR 
ce  qui  definit  une  courbe  de  rarefaction  dans  I'espace  des 
phases.  Cette  courbe  est  aisement  construite  en  utilisanl  les 
invariants  de  Ricmann  associes  au  probleme 
Les  deux  courbes  preeedentes  possedent  sous  des 
hypotheses  physiques  gcneralcs  |I3(  un  unique  point 
d' intersection  dans  I’espace  des  phases  qui  definit  une 
discontinuin'  dc  contact  connectanl  I’etat  gauche  a  1'etat 
droit.  Ce  probleme  d’ intersection  conduit  au  systems' 
suivant  dont  la  resolution  necessite  la  mise  en  oeuvre  d’une 
procedure  iterative  de  type  Newton  : 

(24a)  H(  Igj.,  Yn  «  /.,  uB j  )=  H„, 

(24b)  ,Y(  TBJ  .  Y„  »-i,. Pbj. )  =  •'»,„ 

(24c)  „  i  =  K(I(  I B  L ,  pB  l  ) 

(24d)  Tv  „  K  l  ~  I B  i 

(24e)  uHg  =  ug, 
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(240  pB  ft  -Pb.i. 

(24g)  >  u  n  a  =  Y „  R 
(24h)  Tv  u  B,g  =  Tv  a  a 

2  2 

(24i)  ua  K  -  Uf  -  a# 

Y/-1  Y/~> 

r  -t, 

(24j)  Par  P b.r-Pr  Ptf 

Remarquons  que  les  relations  (24g)  a  (24 j )  sont  en  fait  des 
approximations  des  invariants  dc  Riem  inn  exacts. 

FrontiEre  de  sortie 

Une  condition  d'extrapolation  d  ordre  1  est  appliquee  au 
champ  IV. 

4  Applications 

4.1  Resiiltats  pour  la  .soufflerie  de  Marseille 

4. 1. 1  Description  de  l 'ecoulement 

Nous  presentons  un  calcul  d’ecoulement  de  tuyere 
correspondanl  au  cas  test  (problemc  8.2)  propose  au 
Workshop  on  Hypersonic  Hows  for  Reentry  Problems, 
part  II",  qui  s'est  tenu  a  Antibes  en  Avril  1991  [14j.  I! 
s'agit  d'un  ecoulement  dans  une  tuyere  axisymelrique. 

I  angle  du  convergent  est  dc  45",  celui  du  divergent  de 
10".  I.e  diametre  du  col  et  la  longueur  totale  du  divergent 
sont  respectivement  0.006  m  et  1.13  m.  I. a  paroi,  supposee 
non-calalytique,  est  maintenuc  a  une  temperature  de  6(K>^'. 
les  conditions  du  reservoir  sont  /'„  =  6500  K.  =1530 
bars. 

4  1.4  Resiiltats 

I.e  dotnaine  de  calcul  eomprend  trois  parties  Dans  une 
premiere  etape,  I' ecoulement  dans  le  convergent  et  au 
voisinage  du  col  est  calculc.  On  calcule  ensuite 
I'ecoulemeni  supersomque  en  aval  du  col,  en  utilisant  le . 
esultats  lie  la  premiere  etape.  Cette  strategic1  nous  permet 
d'utiliser  des  maillages  adaptes  dans  chacun  des  dontaines 
de  calcul.  Les  maillages  des  trois  domaines  contiennent 
respectivement  61x71,  50x71  et  5|x7l  points.  I.a  figure  I 
inontre  les  deux  premiers  domaines  aim  i  que  le  maillage  du 
second.  Retnarquons  le  recouvrement  important  des  deux 
domaines. 

I.es  champs  de  nombre  de  Mach  et  de  temperatures  dc 
vibration  de  Loxygene  et  de  l  a/.ote  sont  representes  sur  les 
figures  2  et  3  La  distribution  des  temperatures  sur  l  a\e  de 
la  tuyere  est  representec  sur  la  figure  4  Dans  le  convergent, 
les  temperatures  de  vibration  et  de  translation  sont  en 
equilibre  La  temperature  dc  vibration  de  (>2  est  "gelee"  a 
une  valeur  de  I670A'  a  partir  dc  0.13  m  en  aval  du  col.  1  a 
temperature  de  vibration  de  N:  est  "gclde"  a  une  valeur  dc 
3000K  a  partir  de  0.25  m  en  aval  du  col.  I.es  profils  des 
temperatures  au  col  (Fig. 5)  montrent  que  la  couchc  limite 
est  tres  mince.  Sur  la  figure  6,  oil  sont  represenlecs  les 
fractions  massiques  calculees  sur  I’axe,  on  constate  que 
celles-ci  sont  gcldes  pour  une  distance  au  eol  infcrieurc  a 
celles  ohservdes  pour  les  temperatures  d-  ,i. ration  Ceei 
est  dfl  aux  temps  caractcristiqucs  di,.  -rents  pour  les 
ph6nomenes  chitniques  et  vibiationncls. 

Les  figures  7  et  8  donnent  respectivement  les  profits  de 
temperatures  et  de  nombre  de  Mach  en  sortie.  La  couchc 


limi.e  represente  environ  10%  du  rayon  de  la  section  dc 
sortie. 

4.2  Resiiltats  pour  la  soufflerie  ONLRA  F4 

4.1.1  Description  de  1  ’Ecoulement 

Cette  soufflerie  peut  etre  equipee  de  quatre  tuyeres 
differentes,  chacune  permettant  de  simuler  un  regime 
d'ecoulement  different.  En  particulier,  la  tuyere  n  °  4  est 
dediee  a  la  simulation  des  effets  visqueux  et  respecte  le 
Mach 

parametre  — - .  Les  quatre  tuyeres  ont  cte  concues  grace 

^Re 

a  une  methode  numerique  utilisant  un  couplage  faible  entre 
I’ccoulement  non  visqueux  et  la  couche  ..mite  [15]. 
L'epaisseur  de  la  couche  limite  est  determinee  en  utilisant 
les  correlations  de  Edenfield  [ ! 6|. 

La  geometric  reelle  de  la  tuyere  est  ulilisee  pour  la 
simulation  de  l’ccniilpmcnt.  Le  rayon  du  col  est  0.0026  m 
et  la  longueur  totale  est  d’envuon  4.0  m.  Les  conditions 
d'arret  sont  donnees  par  une  enthalpie  totale  reduite  de  200, 
une  pression  et  une  temperature  rcsultantcs  dans  le 
reservoir  respectivement  de  1000  bars  et  8315  K.  La 
temperature  de  paroi  est  de  300  K,  et  la  paroi  est  supposee 
catalytique.  On  utilise  la  meinc  strategic  de  division  du 
dotnaine  de  calcul.  dccrite  au  paragraphe  4.1.  I  .’ensemble 
des  domaines  est  represente  sur  la  figure  9  et  eomprend 
517x79  points. 

4  2  4  Resiiltats 

Sur  la  figure  10,  qui  represente  le  champ  de  nombre  de 
Mach,  on  constate  que  la  geometric  entrame  une  legere 
•'•‘compression  de  i'ccoulement  pres  de  la  sortie,  l  a  figure 
1  1  montre  la  distribution  du  nombre  de  Mach  sur  Laxe  de 
la  tuyere.  On  note  sur  la  figure  12  les  valeurs  gelees  des 
fractions  massiques  dans  le  noyau  de  I’ccoulement  ainsi 
que  la  couche  limite  reactive.  La  figure  13  presente  les 
teinperatuies  de  translation  et  de  vibration  de  (>2  pres  de  la 
sortie  (a  une  distance  .V  =  3.78m  du  col).  Les  profils  le 
sortie  de  la  vitesse  et  du  nombre  de  Mach  pour  la  meme 
section  sont  donnes  par  les  figures  14  et  16  L'epaisseur  de 
la  couche  limite  est  superieure  a  20%  du  rayon  de  cette 
section.  Hn  fait,  la  couchc  limite  soluble  plus  mince 
qu'esc  ltnplee,  la  turbulence  n'ayant  pas  etc  prise  en 
compte  dans  cette  etude 

5ur  la  ligurc  1 1,  on  observe  l’uniformite  de  la  vitesse  dans 
le  noyau  de  I'ccoulement,  alors  quo  le  nombre  de  Mach 
presente  des  variations  importantes  dans  la  meme  section 
(Fig.  12). 

5  Conclusion 

Nous  avons  presente  une  methode  implicate  de  volumes 
finis  devcloppee  pour  le  calcul  d'ecoulemcnts  visqueux 
laminaires  en  d(:s6quilibrc  thermique  et  chilli iquc.  Cette 
methode  a  etc  appliquee  au  calcul  de  I'ccoulement  dans 
deux  tuyeres.  File  s'  est  averee  hicn  adaptce  au  calcul  de 
l’6coulemcnt  dans  la  region  du  col.  File  prend  en  compte 
une  moilelisation  physique  realistc  qui  peut  ncannmir.s  etre 
amelioree  par  la  prise  en  compte  de  couplagcs  V-D  et  V'-V 
D'aulre  part,  le  calcul  du  divergent  pourrait  etre  cffcctue  a 
I'aide  d'un  code  PNS  all n  dc  reduire  le  temps  de  calcul 
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Fig  3.  Champs  des  temperatures  de  vibration  de  02  puis  N2 
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Fig  4:  Distributions  des  temperatures  le  long  de  Fane  de  la  tuyere 


Fig  5:  Profils  des  temperatures  a  travers  le  col 


Fig.  6:  Distributions  des  fractions  massiques  le  long  de  Fane 


Fig  7.  Profils  des  temperatures  en  sortie  de  tuyere 


Fig  8:  Profil  du  nombre  de  Mach  en  sortie  de  tuyere 
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ABSTRACT 

The  interest  in  hypersonic  flow  has  been 
renewed  through  the  Hermes  European 

program.  A  better  knowledge  of  chemical  and 
thermodynamical  nonequilibrium  processes 

connected  with  aerodynamic  aspects  is  needed 
to  study  the  reentry  phase  of  the  shuttle 
Hermes.  Around  this  research  aera,  many 
numerical  approaches,  taking  into  account 
more  or  less  complicated  nonequilibrium 
models,  have  been  developpcd.  In  order  to 
validate  these  computations,  different 

hypersonic  facilities  have  been  built  or  are 
being  designed.  In  these  facilities,  the 
hypersonic  air  flow  is  obtained  at  the  exit  of 
a  convergent-divergent  nozzle  in  which  the 
reservoir  enthalpy  level  is  such  that 
dissociation  of  diatomic  molecules  occurs.  It 
is  of  upmost  importance  to  be  able  to 
compute  the  flowficld  in  these  nozzles,  in 
order  to  ascertain  the  upstream  conditions  in 
front  of  the  model  being  studied.  The  aim  of 
this  paper  is  a  numerical  study  of  hypersonic 
laminar  inviscid/viscous  flows,  taking  into 
account,  on  one  hand,  a  complete  description 
of  chemical  and  thermodynamical 
nonequilibrium  processes  in  an  inviscid  flow 
and  on  the  other  hand,  the  viscous  effects 
through  solving  the  Navicr-S tokes  equations 
for  a  real  gas  mixture  with  a  simplified 
model  for  the  vibrational  nonequilibrium 
effects  of  diatomic  species. 

INTRODUCTION 

Nowadays,  allmosl  all  experimental  work  in 
hypersonic  flow  is  performed  at  the  exit  of 
convergent-divergent  nozzles,  at  high 
enthalpy  reservoir  conditions,  produced  in  a 
free  piston  shock  tunnel.  The  development  of 
the  Hermes  project  has  reactivcd  old 
hypersonic  facilities  and  has  brought  about 
new  ones,  such  as  the  TCM2  at  the 
University  of  Provence  in  Marseille  (ref  1  ). 
The  test  section  is  located  at  the  nozzle  exit; 
in  order  to  know  the  exit  flow  values  it  is 
necessary  to  compute  the  flowficld  in  the 
nozzle  before  the  experiments,  and  this  for 
two  main  reasons  : 

First,  contrary  to  the  real  flight,  the  flow 
around  the  model  can  be  found  to  be  spatially 


non-uniform  due  to  the  shape  of  the  divergent 
part  of  the  nozzle  and  to  the  boundary-layer 
effects.  Second,  the  thermodynamical  and 
chemical  states  of  the  flow  are  typically  in 
nonequilibrium  due  to  the  freezing  resulting 
from  the  rapid  expansion  in  the  nozzle.  Thus, 
the  knowledge  of  this  upstream  flowficld  of 
the  simulation  model  is  essential. 

The  flow  regimes  in  a  convergent-divergent 
nozzle  go  successively  from  subsonic, 
transonic  and  supersonic,  to  hypersonic.  At 
the  same  time,  energy  exchanges  take  place, 
which  give  rise  to  physico-chemical 
processes,  like  the  vibrational  excitation  of 
diatomic  molecules,  dissociation  and 
ionization.  Successively,  equilibrium, 
nonequilibrium  and  frozen  zones  are  present, 
depending  on  the  local  ratio  between  the 
characteristic  relaxation  time  of  each  process 
and  the  flow  time  (ref  2  ).  The  flow 

parameters  depend  on  the  concentration  of 
each  gas  mixture  component  and  on  the 
vibrational  energy  distribution  of  diatomic 
molecules.  The  continuous  interaction 
between  the  chemical  and  thermodynamical 
processes  and  the  flow  is  taken  into  account 
by  the  coupling  between  the  equations  which 
describe  these  processes. 

The  present  work  consists  in  a  physical  and 
chemical  modelization  and  a  numerical 
simulation  of  an  inviscid/viscous  hypersonic 
flow  in  an  axisymmetric  wind  tunnel  nozzle. 
In  high  enthalpy  reservoir  conditions,  the  air 
is  dissociated  and  may  be  considered  as  a 
mixture  of  the  five  species  N2,  O2,  NO,  N 
and  O,  in  an  equilibrium  state.  In  the 
axisymmetric  nozzle,  the  hypersonic  air  flow 
is  supposed  to  be  in  a  chemical  and  thermal 
nonequilibrium  stale. The  diatomic  molecule 
NO  is  taken  to  be  in  a  thermal  equilibrium 
state.  The  chemical  kinetics  include  17 
reactions  and  the  corresponding  rate  constants 
are  those  given  by  the  Park  model  (ref  3  ). 
As  concerns  the  source  terms  in  the 
vibrational  energy  equations,  two  approaches 
have  been  used  :  a  Landau-Teller  formulation 
for  the  dissipative  flow  (ref  4  )  and  a 

complete  one  which  includes  the  Coupled 
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Vibration  Dissociation  Vibration  model 
(CVDV)  for  the  inviscid  flow  (ref  5  ).  This 
last  formulation  also  modifies  the  forward 
rate  constants  of  the  chemical  kinetics. 

The  system  of  equations,  which  describes  the 
inviscid  hypersonic  flow,  contains  the  four 
Euler  equations  completed  by  three  chemical 
equations  for  N,  O  and  NO  and  two 
vibrational  ones  for  Nt  and  02-  The  system 
is  solved  by  a  semi-implicit  finite  volume 
method,  in  which  the  convective  flux  terms 
are  treated  explicitly  and  the  source  terms 
implicitly.  The  solver  is  based  on  Van-Leer 
flux  splitting  technique  using  the  notion  of 
the  "equivalent  gamma"  (ref  6  ). 

As  concerns  the  viscous  case,  the  system  of 
equations  consists  of  the  Navier-Stokes 
equations  with,  in  addition,  mass 
conservation  equations  for  each  chemical 
species  and  two  vibrational  energy 
conservation  equations  for  N2  and  O2.  This 
system  of  ten  equations  is  solved  by  a  non¬ 
iterative  implicit  finite  difference  scheme 
with  a  flux  splitting  technique  in  the 
implicit  operator  (ref  7  ).  This  method  is 
chosen  in  order  to  overcome  two  principal 
difficulties.  The  first  one  is  the  stiffness  of 
the  problem  due  to  the  chemical  and 
vibrational  processes,  and  the  second  one  is 
the  need  for  using  fine  meshes  near  the  wall 
in  order  to  capture  correctly  the  boundary 
layer  effects.  After  discretization,  the  linear 
system  with  a  block-pcntadiagonal  matrix  is 
solved  by  the  Gauss-Scidcl  line  relaxation 
method.  This  implicit  approach  also  allows 
to  use  a  larger  integration  time  step  than 
that  imposed  by  the  CFL  condition  and  so  to 
reduce  CPU  time  for  reaching  the  steady 
state. 

These  two  numerical  methods  will  be  used  in 
order  to  describe  the  flow  in  a  hypersonic 
(45°-l()°)  convergent-divergent  nozzle,  with 
an  exit  area  ratio  equal  to  4444  over  1.12  m 
length.  The  pressure  and  temperature 
reservoir  conditions  arc,  respectively  1530 
bars  and  6500  K.Thc  results  show  : 

the  relatively  weak  influence  of  the 
coupling  between  the  chemical  and 
vibrational  processes  on  the  freezing  level,  in 
the  divergent  part  of  this  nozzle  ; 

-  the  influence  of  the  development  of  the 
boundary  layer  on  the  core  flow,  through  a 
comparison  between  the  inviscid  and  viscous 
calculations,  particularly  on  the  evolution  of 
the  vibrational  temperatures  of  the  diatomic 
species. 

GOVERNING  EQUATIONS 
In  a  cylindrical  coordinate  system,  the 
axisymmclric  conservative  equations  for  an 
air  mixture  in  a  thermal  and  chemical 


nonequilibrium  state  can  be  expressed  in 
vector  form  as: 

a,u  +  ax(Fe  +  fv)  +  ay(Ge  +  g„)  +  h,  +  h,  =  o  (i> 

The  vector  of  conservative  quantities  is  given 
by 

U  =(p„(s=l,..,5),  pu,  pv,  pE,  p,eVi(i=l  ,2))1  (2) 

where  ps  is  the  density  of  each  species,  the 
subeript  s  represents  the  five  species  N,  O, 
NO,  N2,  O2  of  the  air  mixture  and  i  =  l,  2 
refers  to  the  diatomic  species  N2,  O2  (NO  is 
supposed  to  be  in  a  thermal  equilibrium 

state),  p  is  the  density  of  the  mixture,  u  and 
v  the  components  of  the  velocity  V  and  pE  is 
the  total  energy  per  unit  volume  which 
contains  translational,  rotational  and 
vibrational  energies,  the  latent  chemical 
energy  of  the  species  and  the  kinetic  energy 
of  directed  motion;  pE  is  given  by  : 

S  2  5 

pE  =  2  PsCv.T  +2  PC',  +  PsoevNo  +2  pAr°r+  IpV2  (3) 

S=I  1=1  s=l 

In  the  equation  (1)  the  vectors  Fc  and  Ge 
represent  the  Eulcrian  convective  fluxes,  the 
viscous  terms  Fv  and  Gv  contain  the 
transport  term  expressions,  such  as  diffusion 
velocity  of  each  species,  stress  tensor  and 
heat  flux,  while  the  vector  Ha  includes  the 
axisymmetric  terms  of  the  equations.  As 
concern  the  vector  Hs=(cos,  0,  0,  0,  to;)1,  it 
contains  the  chemical  source  terms  cos  due  to 
the  net  rate  production  of  each  species  and 
the  vibrational  source  terms  to,  of  the  species 
N2  andC>2.  These  source  terms  are  the  result 
of  the  chemical  and  vibrational 

nonequilibrium  modelling  and  arc  described 
hereafter. 

Chemical  nonequilibrium  modelling 

In  the  air  mixture,  each  species  is  considered 
as  a  perfect  gas.  The  chemical  source  terms 
arc  derived  from  the  reactions  that  occur 
between  these  species  and  arc  given  by  the 
following  17  reactions  scheme  : 

N2  +  M  -  ^  2N  +  M 
O2  +  M  -,>v  20  +  M 
NO  +  M  —  N  +  O  +  M  (4) 
N2  +  O  ^  ...  ■>  NO  +  N 
NO  +  O  —  N  +  O2 

with  M=  N,  O,  NO,  N2,  O2. 

The  magnitude  of  the  mass  production  or 
removal  is  obtained  from: 

to,  =  M,  2  (v,;-v„)  jkr,  n  (£-P  -  ks,  IT  (-&-H  (5) 
r  1  ,  'M,'  s  IM»I  * 

v,r,  v,r  refer  to  the  stccchiometric 
coefficients,  kf  and  k^  are  the  forward  and 
backward  reaction  rates  and  arc  given  by  the 
Park  model  (  ref  3  ).  If  one  takes  into 
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account  the  coupling  between  chemical  and 
vibrational  processes,  the  forward  reaction 
rate  kf  of  the  dissociation  equations  is 
modified  as  following  : 

kr  =  kf  V  (6) 

where  V  represents  the  coupling  factor  which 
depends  on  the  vibrational  modelling  through 
the  ratio  of  partition  functions  Q  (  ref  8  )  : 

v_  Q(T)  0(7,,  )  (7) 

QCTv, )  Q(-U, ) 

T  is  the  translational-rotational  temperature, 
Tvj  is  the  vibrational  temperature  deduced 
from  the  vibrational  energy  of  the  diatomic 
species  i  ;  Tj.(  is  an  average  temperature 
defined  by  the  following  expression  : 


_L  =  _L .  J _ L 

Ti-  Tv,  T  U, 


(8) 


where  (-Ui)  can  be  considered  as  a 
temperature  corresponding  to  the  probability 
of  dissociation  from  a  vibrational  level  ;  its 
value  depends  on  the  model  being  considered. 
In  the  case  of  a  non-preferential  model,  the 
probability  of  dissociation  is  the  same 
whatever  the  vibrational  level  and  U,  =  “.  But 
with  the  preferential  model,  the  diatomic 
molecules  dissociate  preferentially  from  the 
upper  levels,  and  the  value  of  U;  is  of  the 
order  of  magnitude  of  the  dissociation 
characteristic  temperature  Gis,  (  ref  8  ). 


Vibrational  n  o  n -equ  i  I  i  bri  um  state 

The  coupling  between  chemical  and 
vibrational  processes  also  modifies  the  source 
terms  wj  of  vibrational  equations  of  the 
diatomic  species,  which  can  be  written  as  the 
sum  of  different  exchanges  : 

Ob  =  Mi  rr-V)  +  Mi  iv  V)  +  Mi  <c  V)  (9) 

In  this  expression  Mi<tv,  represents  the 
internal  energy  exchanges  between  the 
translational  and  vibrational  modes  and  is 
classically  described  by  the  Landau-Teller 
formulation  : 

w,  (TV)  =  +  Cv,M,=1  ( 10) 


with  (S/,  the  vibrational  energy  at  equilibrium; 
since  Mktv)  takes  into  account  all  the 
vibrational-translational  exchanges,  the 
global  relaxation  time  is  expressed  as: 
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where  is  the  molecular  fraction  of  each 
species  s,  and  is  the  relaxation  time  for 
the  exchanges  between  the  diatomic 
molecules  i  and  any  species  s  ;  tM  has  the 
following  general  form  : 


pr7 ^  =aiSTb"exp|--^-  +  diSj  (12) 

where  a;s ,  bls  c;s  and  djs  are  constants 
depending  on  the  colliding  species  and  p  is 
the  pressure  (  ref  5  ). 

Mi  (V-V)  refers  to  the  vibrational-vibrational 
modes  of  diatomic  species  : 


Mi  (v-v)  =  — X  - 


t,7  pROvj 


^  Pj  Cvj  (p.  Cv,  +  ps  Ri  0V.)  exp 


(13) 


-p,  ev,(pj  eVj  +  pj  Rj 0vj  ^ 


Ri  is  the  molar  gas  constant,  0v,  is  the  vibrational 

characteristic  temperature  and  t'jv  the 
relaxation  time  for  V-V  exchanges  (  ref  11  ). 

The  last  term,  to; (C-V).  corresponds  to  the 
dissociation-vibration  coupling  and  is  due  to 
the  fact  that  the  average  vibrational  energy  of 
the  molecule  is  partly  determined  by  the 
chemical  relaxation  :  a  recombination  or  a 
dissociation  of  a  molecule  leads  to  a  gain  or 
a  loss  ot  the  average  vibrational  energy  : 

Miic-vi  =  -  (ev,  (T i-i )  -  Cv,  (Tv; ))(—-— ) 

1  dt  I, 

+  (cv,  (-U,)  -  Cv,  (Tv;))  (^-1 
'  di  'b 


where  Cv, (TV,)  is  the  average  value  of  the 
vibrational  energy  lost  in  one  dissociation 
and  cv,(-U,)  is  the  one  gained  with  each 
recombination.  Because  of  the  equilibrium 
conditions,  ev,(-U,)  is  the  limit  of  Cv, (TV,)  when 
Tv,  lends  to  T  ;  ev.CTi-,)  can  be  written  as  : 


Cv,  OV.) = 


R,  Gy, 


N,  R,  By, 


- 1 


(15) 


where  N,  is  the  number  of  vibrational  levels 
corresponding  to  the  dissociation  energy  of 
the  molecule  i. 


COMPUTATION  PROCEDURE 

The  unsteady  governing  equations  (1)  have  to 
be  integrated  in  the  convergent  divergent 
axisymmetric  hypersonic  nozzle,  with  given 
reservoir  conditions,  from  an  initial  solution 
to  yield  a  time-evolving  solution.  The 
complete  physico-chemical  model  has  been 
used  with  an  inviscid  flow  assumption  in 
order  to  evaluate  the  influence  of  the  various 
processes  on  the  flow  parameters  and  to 
deduce  some  simplieations.  After  that  the 


* 
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viscous  effects  are  taken  into  account  so  as 
to  obtain  more  realistic  values  along  the  axis 
and  at  the  exit  section  of  the  nozzle. 


node  (i,j)  of  the  transformed  rectangular 
domain  (|,  T|)  and  at  the  time  step  (n  +  l)At 
the  system  is  written  as  : 


Inviscid  flow 

In  the  system  of  equations  (.1),  the*  mass 
mixture  conservation  equation  is  introduced 
and  only  three  species  equations  (N,  O,  NO) 
are  written  ;  the  other  species  N2  and  O2  are 
deduced  from  the  atom  conservation  law.  This 
system  is  solved  by  a  first  order  finite 
volume  method  (  ref  5  ) 


dt 


U"  dVol  4- 


(F"n,  +  G2nj)dS 


(16) 


4-  (h^1  4-  Hs"+1)dVol  =  0 


In  each  control  volume  m  of  the  grid  system, 
the  volume-average  value  of  U  is  updated  by 
the  following  numerical  scheme  : 


Hlhlf  4-  .^(Fe  4-  Fvf1  +  4-  Gvf" 

At  Dti  (18) 

4-  Han+1  +  Hsn*‘  =  0 

If  0  represents  one  of  the  vectors  of  this 
equation,  it  is  linearized  to  yield  the 
expression 

<&"*'  =  <bn+(^-f  SU"  (19) 

lau/ 

is  the  jacobian  matrix  and 

8lf  =  ir1  -Un. 

Under  these  conditions  and  after  having 

splitted  the  vector  Fe  and  Ge  in  a  positive 
and  a  negative  part,  the  system  (18)  is 

equivalent  to  : 


where 


dd> 

au 


I  4- 


3Hs 

au 


6Un  =  -  -AL  2  (Fki  4-  Gj'jhk 
Volm  k=1 

+  |Aera(m)Hn  +  Hn\At 


U 


I  Vol(m) 
n‘>1  =  Un  4-  5Un 


(17) 


On  each  cell  interface  k,  the  convective  flux 
vector  Fk  (respectively  Gk)  is  written  as  the 
sum  of  positive  F+  (resp.  G+)  and  negative 
F*  (resp.  G')  fluxes.  These  fluxes  arc  given 
by  a  Van-Leer  decomposition  where  the 
notion  of  "equivalent  gamma"  is  used  (  ref  9 
).  The  first  order  time  and  space  integration 
is  explicit  for  these  convective  fluxes  and 
implicit  for  the  chemical  and  vibrational 
source  terms.  At  each  time  step,  the 
numerical  approach  is  split  in  three  parts. 
The  first  one  concerns  the  classical  Euler 
variables  (p,  pu,  pv,  pE),  the  second  one  the 
density  of  the  species  and,  finally,  the  third 
takes  into  account  the  vibrational  energies  of 
the  diatomic  species.  After  that,  the 
translational  temperature  is  deduced  by  the 
non-linear  equation  giving  the  total  energy 
(3)  and  then  the  pressure  is  deduced  from  the 
equation  of  state  for  the  mixture.  With  this 
numerical  procedure  the  steady  state  is 
obtained  after  about  5000  iterations  with  an 
integration  time  step  equal  to  0.1  At  CFL  • 


Dissipative  flow 

To  correctly  describe  the  dissipative  effects 
in  the  wall  boundary  layer  which  develops 
along  the  nozzle,  the  mesh  distribution  must 
be  quite  stretched  and  consequently  the 
explicite  step  time  integration  is  very  small. 
To  overcome  this  difficulty  and  those  due  to 
the  stiffness  of  the  chemical  and  vibrational 
equations,  the  system  of  ten  governing 
equations  (1)  is  solved  by  a  strongly  implicit 
finite  difference  scheme  (  ref  7  ).  For  each 


j  I  4-  At  4-  ^  4- 

I  \  A$  Aq  A^: 

+  D*a  +  DJLl  +  D^Rv  4.  Cj  +  c  11  5un  =  au"  (20) 
At)  At)  Ar|2  If 

In  this  equation  ,  D,  D+,  D.  are  respectively 
central,  forward  and  backward  difference 
operators,  while  A.,  A  +  ,  Sv,  B„,  B+,  Rv,  Ca, 
Cs  are  the  jacobian  matrices  of  Fc,  Fc  ,  Fv, 
C.e.  Ge ,  Gv,  Ha,  Hs . 

After  discretization, the  system  (20)  may  be 
written  as  a  pentadiagonal  matrix  linear 
system  : 

BijSUy+i  4-  A,j8U?j  4-  C,,8U"j.i  +  Dy5U?.i0 

^  (/  I  ) 

4-  Ei.j8U7.ij  =  AU7j 

At  each  time  step,  a  predictor-corrector 
scheme  is  used  and  the  system  (21)  is  solved 
by  a  Gauss-Scidel  line  relaxation  method 
with  allcrning  sweeps  in  backward  and 
forward  ^  direction.  The  conservalcd  vector  U 
is  updated  by 

U7j 1  =  Ui.,  6U?j  (22) 

Knowledge  of  the  vector  U  allows  us  to 

obtain  the  following  variables  :  ps  (s=l _ 5), 

p,  u,  v,  Cy,  (i=l,2).  After  that  the  temperature 
and  pressure  are  deduced  in  the  same  manor  as 
the  case  of  inviscid  flow. 

Associated  to  this  algorithm,  the  boundary 
conditions  of  the  computational  domain  are 
the  following  : 

-  at  the  wall  nozzle  :  the  translational  and 
vibrational  temperatures  arc  given,  u=v=0, 
3P/dn=0  and  the  concentrations  of  monatomic 
species  are  equal  to  zero  (fully  catalytic 
wall); 

-  at  the  symmetry  axis  :  the  reflecting  image 
principle  is  used  ; 
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-  at  the  exit  boundary  :  all  flow  variables  are 
extrapolated  from  the  computed  values  ; 

-  at  the  inlet  boundary  :  a  detailed  description 
is  given  in  a  previous  paper  (  ref  10  ). 

During  the  iterative  procedure  for  obtaining 
the  steady  state,  the  integration  step  time  At 
increases  from  5  to  5.103  AtcFL- 

RESULTS  AND  DISCUSSION 
The  first  application  of  these  numerical 
approaches  has  been  made  in  order  to  obtain 
the  flow  description  in  the  convergent- 
divergent  conical  hypersonic  nozzle  of  the 
free  piston  shock  tunnel  facility  of  Marseille 
(TCM2).  This  nozzle  has  been  chosen  as  test 
case  at  the  Antibes  I  and  II  Workshops  on 
"Hypersonic  Flows  for  Reentry  Problems”. 
The  caracteristic  dimensions  of  this  nozzle 
are  respectively  (45°,  10°)  for  convergent  and 
divergent  angles,  0.3  cm  -  20  cm  for  the 
throat  and  exit  radii,  112  cm  for  the  length  of 
the  divergent  part.  The  reservoir  conditions 
are  Po  =  1530  bars  and  To  =  6500  K  and 
correspond  to  a  reduced  total  enthalpy 
Ho/RTo  equal  to  145.  With  these  reservoir 
conditions  and  assuming  equilibrium,  the 
mass  fractions  of  species  in  the  reservoir  are 
given  in  Table  I. 


Vo 

VN 

VNO 

V02 

VN2 

9.64  IQ’2 

5.46  IQ'3 

0.156 

5.35  IQ  2 

0.689 

Table  I  :  Mass  fractions  of  the 
species  in  the  reservoir 


For  a  better  understanding  of  the  physico¬ 
chemical  modelling  on  the  flow  parameters 
along  the  nozzle,  and  for  an  eventual 
simplification  of  these  models,  the  inviscid 
flow  is  first  numerically  studied,  with 
(171*16)  mesh  points  in  the  nozzle.  Fig.  1 
shows  the  temperature  evolution  along  the 
symmetry  axis  of  the  nozzle,  and  Fig.  2  its 
isovalues  in  the  nozzle.  It  can  be  noted  that 
the  CVDV  preferential  model  does  not 
sensibly  modify  theses  evolutions.  The 
discrepancy  between  the  vibrational 
temperatures  of  O2  and  N2  with  different 
models  is  about  5%  and  1%. 


(103  K ) 


x  (m) 

Fig.  1  :  Evolution  of  temperatures 
along  the  nozzle  axis. 


o 


Fig.  2  :  Distribution  of  the  vibrational  temperature  of  Og  in  the  first  part  of  the  nozzle, 
(a  :  without  coupling  ;  b  :  with  coupling  ) 
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The  same  conclusion  can  be  reached, 
regarding  the  evolutions  of  the  species 
concentrations  expected  for  the  species  N 
where  the  CVDV  approach  leads  to  a  frozen 
value  in  the  divergent  part  of  the  nozzle  but 
this  concentration  (10  ')  is  however  very  low 
as  shown  Fig.  3. 

log(YN) 


x  (m) 

Fig.  3  :  Evolution  of  the  mass  fraction  of  N 
along  the  nozzle  axis. 

From  these  results  and  due  to  the  very  fast 
freezing  of  the  physico-chemical  processes 
and  the  decrease  of  the  translational 
temperature  in  the  nozzle,  the  coupling 
between  thermal  and  chemical  nonequilibrium 
can  be  neglected  and  only  the  first  term 


(translational-vibrational  exchanges)  has  to 
be  taken  into  account  in  the  vibrational 
modelling.  These  conclusions,  which  are  not 
certainly  true  for  higher  reservoir  enthalpy 
conditions,  have  been  used  in  order  to 
simplify  the  system  of  equations  (1)  for  the 
viscous  flow. 

In  this  case,  the  computational  domain  is 
meshed  with  (64x72)  grid  points  in  x  and  y 
directions  with  a  stretching  around  the  throat 
and  the  nozzle  wall  for  capturing  the  flow 
gradients.  A  constant  wall  temperature  is 
chosen  equal  to  600  K.  The  steady  state  is 
obtained  after  about  7000  time  iterations  in 
the  whole  nozzle.  This  number  may  seem  to 
be  important  for  an  implicit  method  but  one 
can  notice  that  the  steady  state  is  reached 
after  only  700  iterations  in  the  throat  region 
and  the  difference  is  due  to  the  propagation  of 
the  steady  state  in  the  divergent  part  of  the 
nozzle  (  ref  4  ). 

Fig.  4  shows  the  development  of  the  viscous 
and  thermal  boundary  layers  from  the  chart  of 
Mach  number  and  temperature  isovalues.  At 
the  exit  section  of  the  nozzle  their  thickness 
is  about  equal  to  10%  of  the  radius. 

The  radial  evolution  of  vibrational 
temperature,  by  comparison  with  the 
temperature  T  is  drawn  accross  the  boundary 
layer  and  for  three  different  sections  of  the 
nozzle  (Fig. 5a  and  5b).  One  may  remark  a 
nonequilibrium  behavior  in  the  boundary 
layer  while  the  core  flow  is  vibrationally 
frozen  ;  also,  this  behavior  starts  later  for  O2 
than  for  N2.  At  the  section  x  =  4  cm,  O2  is 

still  in  thermal  equilibrium  TVo2  =  T. 


cy 


x  (m) 


cy 


Fig.  4  :  Isovalues  In  the  whole  nozzle. 
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T,  TVn  2  (103  K) 

Fig.  5  :  Temperature  profiles  across  different 
sections. 

(A  :  x-0.04m  ;  B  :  x-0.34m  ;  C  :  x-1.12m  ) 

The  evolution  of  the  wall  heat  flux  Q  is 
represented  on  the  Fig. 6  and  shows  a 
maximum  value  equal  to  2x10^  W/m^  at  the 
throat  section  and  a  very  fast  decrease  along 
the  divergent  part  of  the  nozzle. 

Comparisons  with  inviscid  flow  results  are 
made  through  the  evolution  of  the  flow 
parameters  along  the  symmetry  axis.  The 
Mach  number  and  translational  temperature 
evolutions  are  plotted  on  Fig. 7  and  only  the 
viscous  case  is  drawn.  This  is  due  to  the  fact 
that,  curiously,  the  Euler  and  Navier-Stokes 
calculations  give  nearly  the  same 


log(Q  (W/m2)) 


Fig.  7  :  Evolution  of  the  temperature  and  Mach 
number  along  the  nozzle  axis. 


axial  distributions  concerning  these  two 
parameters.  The  discrepancy  is  lower  than  1% 
at  the  nozzle  exit  section  ;  the  values  are 
equal  to  M=11.2  and  T=360  K. 

On  the  other  hand  the  effect  of  the  growth  of 
the  wall  boundary  layer,  which  leads  to  a 
reduction  of  the  expanding  area  ratio  in  the 
nozzle,  modifies  the  level  of  vibrational 
freezing  (Fig.  8).  This  last  one  is  lower  and 
is  established  farther  in  the  divergent  part  of 
the  nozzle  for  the  viscous  case  ;  the 
discrepancy  is  about  12%  for  Tv«  and  48%  for 
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TVoi,  with  exit  values  respectively  equal  to 
2280  K  and  800  K. 

In  the  same  way,  the  evolution  of  the  species 
mass  concentrations  along  the  symmetry  axis 
is  plotted  on  Fig.  9.  One  can  notice  a  weak 
increase  in  the  level  of  chemical  freezing  and 
therefore  a  slightly  more  important 
recombination  of  diatomic  species  O2  and  N2 
in  the  viscous  case.  The  exit  values  are 
respectively  Yn^O.73,  Yo^O.18,  Yno=0.07, 
Yo=0.02. 

tvn2-Tvo2  (103 K ) 


x  (m) 

Fig.  8  :  Evolution  of  vibrational  Temperatures 
along  the  nozzle  axis. 

(  *  ;  tVn2  ;  0  :  JV02  ) 


V02 


x  (m) 

Fig.  9  :  Evolution  of  mass  fraction  of  02 
along  the  nozzle  axis. 


YN2 


x  (m) 

Fig.  10  :  Evolution  of  mass  fraction  of  N2 
along  the  nozzle  axis. 


-0.05  0.25  0.55  0.85  1.15 


x  (m) 

Fig.  1 1  :  Evolution  of  mass  fraction  of  NO 
along  the  nozzle  axis. 

CONCLUSION 

A  numerical  simulation  of  a  hypersonic  flow 
in  the  conical  nozzle  of  the  TCM2  facility  of 
the  University  of  Provence  has  been  carried 
out  by  the  solving  of  Euler  and  Navier- 
Stokes  equations,  taking  into  account  the 
thermal  and  chemical  nonequilibrium 
processes  which  occur  in  the  flowfield. 

It  has  been  shown  that  using  a  simplified 
modelling  of  the  vibrational  nonequilibrium 
is  adequate  in  order  to  describe  this 
hypersonic  flow,  at  least  for  the  reservoir 
conditions  being  considered. 
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It  has  been  also  shown  that  the  Euler  and 
Navier-Stokes  calculations  lead  to  a  very 
slight  discrepancy  on  the  axial  distributions 
of  the  translational  temperature,  Mach 
number  and  species  mass  concentrations  on 
the  nozzle  length.  However  this  discrepancy 
is  more  important  for  the  evolution  of 
vibrational  temperatures  and  the  levels  of 
vibrational  freezing  are  sensibly  lower. 
Finally  the  Navier-Stokes  calculations  allows 
us  to  obtain  the  useful  nozzle  exit  section 
and  the  tranverse  profiles  of  the  flow 
parameters  in  this  section. 

While  this  paper  is  being  completed,  these 
numerical  codes  are  still  running  in  order  to 
describe  the  flow  in  the  same  conical  nozzle 
with  others  reservoirs  conditions  and  in  a 
contoured  nozzle  with  a  higher  reduced  total 
enthalpy. 

ACKNOWLEDGMENTS 
The  authors  would  like  to  thank  the  "Centre 
dc  Calcul  Vectoriel  de  la  Recherche"  for 
allowing  to  access  the  Cray  2. 

REFERENCES 

1.  Burstchell  Y.,  Brun  R.  and  Zeitoun  D., 

"Two  Dimensional  Numerical 

Simulation  of  the  Marseille  University 
Free  Piston  Shock  Tunnel-TCM2",  in 
18th  "Shock  Wave"  May  1992,  to  be 
published, 

2.  Bray,  B.N.C.,  "Atomic  Recotnbinaison 
in  a  hypersonic  Wind  Tunnel  Nozzle",  J. 
Fluid  Mech.,  6,  1959,  pp  1-32. 

3.  Park  C.,  "On  Convergence  of 
Computation  of  Chemically  Reacting 
Flows”,  AfAA  paper  1985-0247. 

4.  Boccaccio  E.,  Zeitoun  D.  and  Imbert  M., 
"Navier-Stokes  Computation  for  None¬ 
quilibrium  Hypersonic  Flows",  in 
"Computing  Methods  in  Applied 
Sciences  and  Eng."  e<L  by  R.  Glowinski, 
February  1992,  pp  321-330. 

5.  Druguet  M.C.,  Zeitoun  D.,  and  Brun  R., 
"Inviscid  Hypersonic  Nozzle  Flows  in 
Chemical  and  Vibrational  Nonequili¬ 
brium  State",  in  "Computing  Methods  in 
Applied  Sciences  and  Eng."  ed.  by  R. 
Glowinski,  February  1992,  pp  729-738. 

6.  Zeitoun  D.,  "Chemical  and  Vibrational 
Nonequilibrium  Flowfields",  J.  Comp. 
Methods  in  Applied  Mechanics  and  Eng., 
90,  1991,  pp  687-692. 

7.  Candler  G.  and  MacCormack  R.  W., 
"The  Computational  of  Hypersonic 
Ionized  Flows  in  Thermal  and  Chemical 
Nonequilibrium",  AIAA  paper  88-0511. 

8.  Marrone  P.  V.  and  Treanor  C.  E., 
"Chemical  Relaxation  with  Preferential 
Dissociation  from  Excited  Vibrational 
Levels",  I.  Phys.  of  Fluids,  6,  9, 
September  1963,  pp  1215-1221. 

9.  Anderson  W.  K.,  Thomas  J.  L.  and  Van- 
leer  B,,  "Comparison  of  Finite  Volume 
Flux  Splitting  for  Euler  Equations", 


AIAA  journal  24,  September  1986,  pp 
1453-1460. 

10.  Nebbache  A.  and  Zeitoun  D., 
"Application  of  an  Implicit  Numerical 
Method  to  the  Computations  of  Laminar 
and  Turbulent  Flows",  in  "Numerical 
Method  in  Laminar  and  Turbulent  Flow", 
Vol.  6,  pan  2,  Pineridge  Press,  pp 
1399-1409. 

11.  Colas.  P,"  Ecoulements  Hypersoniques 
Euleriens",  Thfese  de  Doctorat, 

University  de  Provence,  juillet  1989. 


35- : 


SOME  EXPERIMENTAL  STUDY  AND 
NUMERICAL  SIMULATION  IN  WIND  TUNNEL  FLOW 

S.Borrelli1  and  E.Hettena2 

1  Centro  Italiano  Ricerche  Aerospaziali,  Via  Maiorise,  1-81043  CAPUA  (C’E) 
2  Alenia  Aeronautica,  C.so  Marche  41,  1-10146  TORINO 


ABSTRACT 

This  paper  describes  »ome  studies  made  during  a  col¬ 
laboration  between  the  Italian  Aerospace  Research 
Center  (CIRA)  and  Alenia  D.V.D.,  whose  aim  is  to 
provide  proper  validation  of  CFD  codes  in  hypersonic 
flow  regime. 

In  fact,  in  our  opinion,  the  combination  of  numerical 
and  experimental  tools  should  give  a  better  theoret¬ 
ical  understanding  of  such  type  of  flow. 

Numerical  methods  able  to  give  accurate  prediction 
of  hypersonic  flows  in  Hypersonic  Wind  Tunnels  have 
been  developed  and  the  results  obtained  by  calcu¬ 
lations  are  compared  with  experimental  data  gath 
ered  by  CIRA.  Alenia  equilibrium  three-dimensional 
Euler  solver,  originally  developed  to  solve  transonic 
flows  and  now  extended  to  hypersonic  ones,  and  a 
non-equilibrium  two-dimensional  Euler  solver,  devel¬ 
oped  by  CIRA  for  the  Hermes  program,  have  been 
used  to  get  test  chamber  predictions. 

1.  INTRODUCTION 

Recently,  much  interest  has  been  focused  on  hyper¬ 
sonic  flows  ana  interesting  vehicle  co  icepts  have  been 
developed  which,  if  implemented,  will  further  in¬ 
crease  the  interest  in  hypersonic  aerodynamics. 

The  prediction  of  highly  energized  flow  about  a  body 
moving  at  hypersonic  speed,  for  either  design  or  de¬ 
tection  purposes,  is  a  difficult  task.  Consideration 
must  be  given  to  solving  not  only  the  equations  gov¬ 
erning  fluid  flow,  but  also  the  ones  describing  the 
chemical  reactions  of  high  temperature  gases. 

When  a  gas  composed  of  polyatomic  molecules  i: 
heated  to  high  temperatures,  its  composition  changes 
as  a  result  of  chemical  reactions.  Such  a  situation 
typically  arises  behind  the  shock  wave  which  envelops 
a  vehicle  entering  the  Earth  atmosphere  and  can  be 
simulated  in  a  high  enthalpy  facility  using  energized 
flows. 

As  a  result  of  the  change  in  chemical  composition, 
the  thermodynamic  properties  of  the  gas  also  change. 
When  the  temperature  of  air  is  raised  above  room 
temperature,  deviations  from  perfect-gas  behavior 
occur:  the  vibrational  mode  of  the  molecules  be¬ 
comes  excited,  tfun  oxygen  and  nitiogen  dissociate 
(although  at  different  temperatures),  nitric  oxide  is 
formed,  and  so  forth. 


ite  chemical  composition  of  air  for  densities  lying 
betweeu  10-2  and  10  times  normal  air  density  can  be 
approximately  subdivided  into  the  follovvi.g  regimes: 

1 .  T  <  2500  K.  The  chemical  composition  is  sub¬ 
stantially  that  at  room  temperature. 

2.  2500  <  T  <  4000  K.  Ibis  is  the  oxygen  dissocia¬ 
tion  regime;  no  significant  nitrogen  dissociation 
occurs;  some  NO  is  formed. 

3.  4000  <  T  •*.  8000  A'.  This  is  the  nitrogen  disso¬ 
ciation  regime;  oxygen  fully  dissociates. 

4.  T  >  8000  A'.  Ionization  of  the  atomic  con¬ 
stituents  occurs. 

Ground-based  simulation  facilities  such  as  wind- 
tunnels,  shock  tubes,  ballistic  ranges,  etc  •  pro- 
v  ided  in  the  past,  despite  several  large  disagreements 
with  flight  data  valuable  information  for  designing 
space  vehicles.  Main  shortcomings  of  ground  facili¬ 
ties  are  the  limited  size  of  the  test  section  and  the 
magnitude  of  total  enthalpy  that  can  be  reached. 
Moreover,  both  facility  and  test  preparation  are  very 
costly.  In  view  of  the  experience  in  shuttle  reentry 
aerodynamics,  numerical  simulations  have  the  po¬ 
tential  to  provide  design  data  that  can  complement 
those  obtained  in  wind  tunnels. 

In  Alenia  Aeronautica  and  CIRA,  models  for  2-D 
chemically  reacting  flows  has  been  previously  devel¬ 
oped  [1,2, 3, 4].  A  first  approach  of  three  dimensional 
hypersonic  flows  has  been  realized  by  Alenia  [5]  using 
a  code  based  on  equilibrium-air  modelization.  The 
present  paper  will  show  some  developments  based 
upon  an  extension  of  mrh  code,  comparing  the  re¬ 
sults  with  the  one  obtained  by  CIRA  using  2-D  non¬ 
equilibrium  chemistry. 

2.  TEST-CASES  DESCRIPTION 

CIRA  has  been  identified  as  the  appropriate  orga¬ 
nization  to  design  a  full  scale  test  facility  for  the 
Thermal  Protection  System  (T.P.S.)  of  the  European 
space  vehicle  Hermes.  E.S.A.  has  promotet,  and  refi¬ 
nanced  with  the  Italian  Research  Minis'. y  (UURST) 
its  development  and  construction.  The  design  of  this 
facility,  called  “Scirocro”,  required  deep  studies  and 
proper  testing  programs,  some  of  which  were  per¬ 
formed  at  the  French  wind  tunnel  Si  morn,  that  can 


f 


* 
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be  seen  as  a  scaled  down  Scirocco.  In  particular,  ac¬ 
cording  to  the  type  of  ik/.v  around  the  Hermes  vehi¬ 
cle,  there  are  basically  two  types  of  simulation  to  be 
performed:  stagnation  flow  and  flow  along  the  body. 
Two  representative  test-models  were  identified: 

1  Semi  sphere,  in  a  free  flow,  to  simulate  the  nose 
ar.d  the  wing  leading  edge. 

2.  Flat  plate  in  the  nozzle  boundary  layer  flow,  to 
simulate  flat  or  curved  panels  of  space  vehicles 
or  control  surfaces.  For  such  a  flow  two  different 
conditions  have  to  be  tested:  turbulent  induced 
flow  or  natural  flow. 

The  tests  at  the  Si moun  facility  had  the  following 
major  objectives: 

1.  evaluation  of  the  distribution  of  thermodynamic 
properties  over  flat  plate  as  a  function  of  pitch¬ 
ing  angle. 

2.  attempt  to  simulate  the  PWT  conditions  over 
sphere,  cylinder  and  flat,  plate. 

In  this  work,  we  have  made  the  assumption  of  in- 
viscid,  adiabatic  flow  (Eulerian  flow)  as  we  wish  to 
isolate  the  effects  of  chemical  dissociation  on  pres¬ 
sure  distribution.  We  have,  therefore,  considered 
only  tests  over  the  flat  plate,  which  provide  pressure 
measurements. 

Of  the  planned  series  of  tests  [6],  we  report  in  table 
A  those  which  we  have  selected  for  our  validation 
activity.  The  test  conditions  there  reported  are  those 
illustrated  in  Table  D. 


Test  Conditions 

Pitching  angle 

Objectives 

A,  I),  O' 

16*30' 

Pressure 

Measurement 

A,  li 

(1° 

- 

C 

0° 

- 

H 

1  1 0  to' 

•• 

'I able  A:  test-cases  comparison 


A  sketch  of  the  test  chamber  with  the  model,  and  the 
used  flat  plate  with  the  pressure  probe  distribution, 
is  shown  in  Figs.  2  T 

3.  THE  SIMOUN  WIND  TUNNEL 

In  order  to  simulate  the  severe  conditions  encoun¬ 
tered  during  Hermes  reentry,  Aerospatiale  has  de¬ 
signed  .-•iid  b  .It  the  SIMOUN  plasma- wind  tunnel 


The  major  objective  of  this  tunnel  is  to  test  mate¬ 
rials  to  be  used  for  the  T.P.S.  of  reentry  vehicle  at 
specified  levels  of  pressure  and  heat  fluxes. 

In  order  to  provide  high  temperature  air,  an  high 
pow^r  arc  heater  plasma  generator  is  used,  placed 
just  before  the  nozzle.  The  hot  gas  is  generally  mod¬ 
elled  by  two  parameters  that  characterize  the  flow: 
the  total  pressure  and  the  stagnation  enthalpy. 

Tw  type  of  nozzles  are  available  for  SIMOUN: 

•  a  circular  conical  nozzle  usually  used  for  testing 
stagnation  region  models. 

•  an  hyperelliptic  conical  nozzle  for  testing  flat 
plate  models. 

The  nozzle  ends  into  a  freejet  test  chamber  where  the 
model  is  mounted.  The  flow  into  this  test  chamber  is 
tuned  by  a  diffuser  connected  with  a  vacuum  system. 
This  vacuum  system  represents  also  a  first  level  of  a 
heat  exchanging  system,  producing  air  at  just  100°C. 

A  schematic  representation  of  this  facility  is  shown 
in  i  :g.  4.  The  hyperelliptic  nozzle,  which  was  used 
for  CIRA  test  campaign,  is  characterized  by: 


•  L  =  1.051  m 

The  throat  area  of  this  nozzle  is  off  cm2.  The  design 
criteria  on  which  SIMOUN  is  based  are  listed  in  table 
H. 


Power  Supply  System 

5  MW 

Stagnation  Pressure 

1  to  14  bar 

Stagnation  Enthalpy 

3  to  11  MJ/Kg 

Mass  Flow  Rate 

0  04  to  1  Kg/s 

Run  Duration 

1500  s 

Table  H:  SIMOUN  design  criteria 


Operating  envelop  is  shown  in  Fig. 5. 

4.  FLOW  EQUATIONS 

Since  we  are  interested  in  developing  a  procedure 
that  allows  a  correct  numerical  rapturing  of  discon¬ 
tinuities,  we  write  the  governing  equations  in  conser¬ 
vation  form. 

We  have. 


/  p.  d  Vol  +  f  p,  V  ds 

JVM  J:i  Vol 

=  f ». 

JVnl 


,  d  Vol 


1=1,  AN 


a 
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d_ 

dt 


f  pd  Vol  +  f  p  V  •  dS  =  0 
J  Vol  Jd  Vol 

—  f  pVdVol  +  f  p  VIV  dS) 
vt  J  Vol  Jd  Vol 


+  /  pds  =  0 

Jd  Vol 


(1) 


~f  e  d  Vol  +  f  (p  +  e)  V  •  dS  =  0 
dt  J  v0i  JaVoi 

4/  pEvjdVol  +  I  P  EVJ  V  ■  dS 
dt  J  Vol  Je  Vol 

=  [  p  EVj  d  Vol  j  =  NS,  NVS 

JVol 


I'he  first  equation  of  system  (1)  refer  to  the  produc¬ 
tion  of  the  species  O,  A\  NO,  ■■■  denoted  in  the 
following  respectively  by  i  ~  1,2.  ■■■.NS.  Species 
diffusion  is  neglected,  only  convection  and  produc¬ 
tion  are  considered.  Quantity  15,/p  represents  the 
species  production  rate,  and  the  partial  density  p, 
can  be  computed  from  t he  mixture  density  p  and  the 
mass  concentration  V, : 


Pi  =  pVi 

Concentrations  )'o2  and  >'v3  of  molecular  oxygen  ()-> 
and  molecular  nitrogen  No  respectively,  are  deduced 
using  t he  conservation  law  for  atomic  species 

The  second  group  of  equations  of  system  (1)  repre¬ 
sents  the  conservation  of  mass,  impulse  and  energy. 

Last  equation  of  system  (1)  evaluates  the  conserva¬ 
tion  of  vibrat  ional  energy  of  the  various  species  ( NO. 
()■>  and  No,  ■  •)  denoted  in  the  following  by  the  suf¬ 
fix  j  —  3,4..W.y.  The  quantities  represents  the 
rate  of  production  of  the  vibrational  energy  with  ob¬ 
viously  XE  =  NS  +  d  +  NVS  number  of  equations, 
where  NS  is  the  number  of  created  species,  and  ,V l's 
the  number  of  vibrating  species. 

•1.1  Equation  of  State 

In  order  to  close  system  (I),  it  is  necessary  to  model 
the  air  which  is  considered  as  a  mixture  of  perfect 
gases  [7].  T  he  equation  of  state  is  then 

y.s  .75 

v  =  T  =  pR 7  1 

i  =  i  i  =  i  '  ' 

and  the  enthalpy  of  such  a  mixt  ure  is  defined  as: 


h  =  CPT 

For  a  real  gas  in  equilibrium  conditions  Cp  and  Cv  be¬ 
come  functions  of  temperature  and  pressure.  Equa¬ 
tion  (2)  is  no  more  convenient,  consequently,  a  real 
gas  analogy  has  been  introduced: 


P  =  P( 7  ~  1) 


(3) 


and  the  equilibrium  model  will  provide  7  which  is 
defined  as  the  ratio  of  static  enthalpy  to  internal  en- 

••rgy. 

System  (1)  can  now  be  reduced  to  a  simpler  set  by 
eliminating  the  first  NS  and  the  last  NV$  equations. 
In  the  more  complex  case  of  non-equilibrium,  the 
whole  system  has  to  be  solved  and  a  thermokinetic 
model  is  required. 

Chemistry  and  gasdynamics  can  be  considered  as 
separate  systems  continuously  exchanging  informa¬ 
tion  between  them.  The  equilibrium  state  of  the  gas 
at  each  node  point  is  determined  by  solving  the  equi¬ 
librium  system  described  on  the  previous  section. 

Pressure  and  static  enthalpy,  held  constant  through 
the  chemical  process,  are  obtained  from  gasdynamics 
and  supplied  to  the  chemistry  model  which  returns 
equilibrium  values  of  temperature,  molar  mass,  den¬ 
sity  and  7. 

The  value  of  7  can  either  be  directly  looked-up  from 
a  table  ,as  in  [8],  or  analytically  computed  as  follows. 

The  equation 


-  _  » t  __  h  3 1 

f  ml 

can  be  rewritten  as 


Combining  Eq.  (5)  with  the  expression  for  internal 
energy  per  unit  volume. 

<».  =*„-£=--  I  (V2)  (6) 

P  p  1 

yields  the  equation  of  state,  Eq.  (3).  All  that  is 
needed  to  evaluate  7  from  Eq.  (4)  is  the  updated  den¬ 
sity,  which  is  obtained  from  Eq.  (2)  using  the  equi¬ 
librium  temperature  and  molar  mass.  This  approach 
relies  on  the  relation 


h„-P- 


NE  NS  NS+NVs 

h  =  £  y,cp,  t  +  Y!  Y*hl0T+  E  >■ 

»  ~  1  i  =  1  j  -  NS 

In  the  case  of  an  ideal  gas  NS=  1  and  Cp  and  Cv  are 
constants,  and  these  equations  rail  he  rewritten  as: 


< ....  =  J  cv  dT  —  J  cpdT  -  J  ~  dr  =  h„  -  P-  (7) 

The  final  step  assumes  that  the  molar  mass  is  not  a 
function  of  temperature,  which  is  the  ideal  gas  as¬ 
sumption  Alternatively,  7  could  be  evaluated  from 


e 


(2) 


(«) 


4 


V  -  p(i  -  1) 


pc  ml 
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where  the  internal  energy  is  computed  in  the  chem¬ 
istry  model  directly.  Equation  (8)  would  then  be  the 
logical  way  to  evaluate  7  using  the  updated  pressure. 

The  values  of  7  and  molar  mass  are  held  constant 
between  chemistry  updates.  This  imply  that  7  does 
not  vary  with  the  conservation  variables.  It  has  been 
shown  that  7  is  only  a  slow  function  of  internal  en¬ 
ergy,  and  for  steady  state  calculations  the  constant 
7  assumption  is  acceptable  [9], 

4.2  Thermokinetic  Models 

We  have  used  two  different  chemical  models:  I  ark 
'85  [10]  and  Evans-Huber-Schexnayder  [11]. 


where  0'j  are  the  characteristic  temperatures  of  vi¬ 
bration 


vso 

=  2740 

K 

=  2270 

I< 

O'n? 

=  3390 

K 

We  model  for  both  case  (Park  ’85  and  EHS)  only  the 
vibration  of  O2,  AA  and  NO.  The  vibration  of  NO + 
is  neglected  because  of  its  little  amount. 

The  production  of  Evj  is  given  by  the  relation 


dEvj 

dt 


j  =  NS,  ■  •  • .  NS  +  N  Vs 


4.2.1  Park  model 

This  model  is  characterized  by  17  reactions  involv¬ 
ing  5  species  (Oo,  AA,  O,  N ,  NO).  The  reaction 
constants  are 

Njr  ~  crTn<  exp  (- 

I\er  ~  exp  (.4i  +  AiZ  +  A3Z'  +  A4Z3  +  A$Z*) 


A  br  — 


r  ~  1,  ...  17 


in  which  Z  —  10000 /T,  and  the  constants  .‘1 1 ,  .do, 
.•I3.  A4,  A$,  cr  and  nj  are  given  in  ref.  [10]. 


4.2.2  Evans- Huber-Schemaydcr  model 
18  reactions  that  involve  6  species  (O AA,  O.  N , 
NO.  NO+)  characterize  this  model.  Forward,  back¬ 
ward  and  equilibrium  constants  are  given  by  the  re- 


‘2js 

kr 

A, r 

kr 


ations 

><Jr  = 

c  j  r  T" 1  ex  [ ; 

l\  ~ 

et.r7’"kexp 

I\  <  r  — 

fill 

A  t?r 

r-  1 . 18 


in  which  cjr,  ci,r,  Djr/I\.  Dbr/h\  n j.  n*  ;u 
stants  given  in  ref.  [1 1]. 

In  both  cases  the  expressions  used  for  c,„  are 


where  vibr  depends  on  the  vibrational  model- 


4.2.3  Non  equilibrium  vibrational  model 
As  a  vibrational  non  equilibrium  model  we  have  used 
the  one  of  Landau-Teller  [i2-13l.  In  this  model,  equi¬ 
librium  vibrational  energy  is  written  as 


lA, 


where 


j  =  NS,---,  NS  +  NS  +  N  Vs 


The  values  of  the  constants  Cj  and  tj  can  be  found 
in  ref.  [13].  In  this  case  obviously: 


vibr  =  0. 


4.2.4  Equilibrium  vibrational  model 
As  a  simplification,  we  can  model  vibrational  level 
of  energy  assuming  equilibrium  conditions  (as  sug¬ 
gested  in  basic  Park  '85  model)  i.e.: 


NS,  ■  •  • ,  NS  +  N  Vs 


In  t  his  case, 

vibr  —  EXj 

and  Ex.  is  computed  without  solving  a  differential 
equation. 


0.  NUMERICAL  APPROXIMATIONS 

In  order  to  discretize  the  continuous  problem,  the 
disturbed  flow  region  is  embedded  into  a  bounded 
polygonal  domain  fi  C  K3  The  domain  boundary 
will  be  denoted  by  F. 

Let  us  write  the  integral  form  of  the  equations  over 
the  computational  domain  Q. 

j(W,  +  F,(tV)  +  G„(W)  +  fl;(W))  <j>dx  dydz  =  0 
J  n 

(9) 

where  if)  is  a  test-function. 

Let  11s  consider  a  partition  of  0  into  a  given  number 
Nreit  °f  finite  volume  cells  C, 

«  =  0  Ci 

1=1 


j  =  NS,  ■■■,  NS  +  NVs 


(10) 
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and  let  take  the  following  values  for  the  test-functions 
<pi(x,y,z)  = 


normal  over  the  interface  between  two  adjacent  cells 
as 


u 

if(*.»,*)  eCj 

elsewhere  . 

'  (ID 

rtij  =  /  If  da  ~ 

( \ 

Hi  1 

(13) 

;ion  per 

part,  equation  (9) 

can  be 

JdC,ndCj 

uj 

rewritten,  for  each  finite  volume  cell  Cj,  as 
—  [  W  dx  dy  dz  + 

<“  Jc, 


Thus,  the  total  flux  passing  through  the  cell  interface 
dCi  can  be  decomposed  in  a  sum  over  the  contribu¬ 
tion  coming  from  the  set  K(t)  of  adjacent  volumes 
as  follows 


as  louows 

/ [F(W)vf  +  G{W)v*  +  H(W) v*}  da  =  0  f  [F(W)vf  +  G(W)uy{  +  H{\V)u /]  da  = 

JdC'  Jac, 


where, 


is  the  unit  outward  normal  to  the  cell. 

At  this  point,  we  have  a  set  of  equations  for  each 
finite  volume  cell  of  the  domain.  We  have  then  to 
choose  a  way  to  discretize  our  domain  and  the  time 
integration  scheme. 

5.1  Unstructured  mesh 

In  order  to  use  a  flexible  spatial  discretization, 
we  have  decided  to  use  unstructured  tetrahedrical 
meshes  for  Q.  Then,  we  have  to  partition  this  mesh 
into  finite  volumes  cells.  This  is  accomplish  by  build¬ 
ing  a  dual  mesh  as  follows.  Every  element  having 
node  i  as  a  vertex  is  subdivided  into  24  subelements 
delimited  by  the  medians  planes.  The  control  volume 
C,  is  made  up  of  the  union  of  all  the  subelements 
which  have  i  as  a  vertex.  Fig.  1  siiows  the  way  used 
to  build  the  finite  volume  mesh. 


E 


[  F(  W)  t/f  da 

Jdc,ndC, 

Jac.n 

b  f  H  ( W 

JdC.ndCj 


G  ( W )  i/jh  da 


Gj  da 


(14) 


Denoting  the  numerical  flux  function  by  <t>.  the  flux 
passing  through  the  cell  interface  is  approximate  by 


«/f  +  G(U>,y  +  H(W)vf]  da  as 


E  (15) 

;  €  A'  ( i ) 


5.2  Spatial  differencing 

For  the  computation  of  the  numerical  fluxes,  we  will 
use  the  flux  vector  splitting  technique  of  B.  van  Leer 
[14].  This  technique  splits  the  inviscid  fluxes  accord¬ 
ing  to  the  direction  of  signal  propagation.  It  is  a 
first-order  accurate  scheme  which  is  good  for  stabil¬ 
ity,  but  it  is  highly  dissipative. 


5.3  Integration  to  steady-state 
The  spatial  discretization  described  previously  leads 
to  a  semi-discrete  set  of  ordinary  differential  equa¬ 
tions  which  can  be  written  as 

dW 

Vol(Q)-jf  +  Ri(W{)  =  0  (16) 

where  ft,(VV',)  represent  the  total  flux  amount  ap¬ 
plied  to  cell  Cj. 

In  order  to  advance  in  time  we  have  used  a  four  step, 
linearized  Runge-Kutta  type  alogithm,  which  can  be 
expressed  in  the  following  manner 


Figure  1:  Control  volume:  construction  of  dC,  fl  T 

5.2  Finite  Volume  approximation 
Refering  to  equation  (12),  \.e  have  to  compute  the 
fluxes  over  the  boundary  of  each  finite  volume  cell  Cj. 
Our  finite  volume  volume  mesh  is  made  of  cells  with 
polyedric  boundaries.  We  will  note  the  integrated 


'W,(u)  =  W,n 

<  W(,k>  =  W,(0)-ot-  ^-.  R(W<k-")  k  —  1,  •  •  •  ,4 
voi(Cj) 

,  W,n+1  =  w(4) 

where  is  the  total  fluxes  at  step  k  —  1. 
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5.3  Computation  of  the  tiine-step 
We  use  a  local  time  stepping  in  order  to  increase  the 
iterative  convergence  of  our  numerical  scheme.  We 
have  to  define  a  C.F.L.  like  formula  [15]  to  compute 
local  time  step 

A  2 Vol(Ci) 

^*(l)  —  _  /  _ t  II _ »\ 

(Vor/o  +“o  I 'A;  (I) 

ieK(i) 

where  a*;  is  the  average  of  the  frozen  speed  of  sound 
between  cells  i  and  j. 


In  all  quasi  1-D  cases,  throat  inflow  conditions  are 
assumed  to  be  in  uniform  thermokinetic  equilibrium 
Reservoir  condition  corresponding  to  points  A,  B, 
and  C  of  Simoun  operating  envelop  (see  Fig. 5)  lias 
been  used  as  described  in  Table  D. 

The  small  differences  in  throat  conditions  are  mainly 
due  to  different  vibrational  model,  and  in  a  small 
part  to  differences  in  the  curve  fit  model  adopted  to 
compute  the  equilibrium  constants.  All  results  are 
listed  in  Table  E. 


Model 

P  (mb) 

Mach 

6.  NUMERICAL  EXPERIMENTS 

CASE  A 

Experimental 

5.7 

6.1  Nozzle 

Equilibrium 

5.5 

5.34 

Simoun  nozzle  has  been  compu 

ted  using  quasi  1-D 

] 

2.6 

5.76 

non  equilibrium  flow  with  three  chemical  and  two 

2 

2.6 

5.75 

vibrational  models  and  with  a 

full  3-D  equilibrium 

3 

3.4 

5.14 

code.  The  thermokinetic  models  that  has  been  used 

4 

3.2 

5.39 

are  listed  on  table  C. 

CASE  B 

Experimental 

5.5 

1 

2.4 

5.89 

Model  Dissociation 

Vibration 

2 

2.4 

5.59 

3 

2.9 

5.22 

1  E.H.S. 

non  equil. 

4 

3.? 

5.52 

2  Park  ’85 

non  equil. 

3  Park  ’85 

equil. 

CASE  C 

4  Rakich  ’83[16] 

equil  1/2 

Experimental 

12.6 

1 

6.6 

5.49 

2 

6.8 

5.45 

Table  C:  Thermokinetic  models 

3 

8.4 

4.93 

4 

7.8 

5.19 

For  3-D  calculations  only  point  A  of  the  operating 
envelop  is  available,  however  in  this  case  the  conver¬ 
gent  part  of  the  nozzle  has  been  modelled  as  shown 
in  Fig.  12. 


Model 

Pi  h 
(bar) 

V'o,, 

YN,h 

ynois 

To, 

(K) 

CASE  A 

1 

1.69 

0.137 

0.45E-3 

0.64E-1 

3918 

2 

1.69 

0.143 

0.47  E-3 

0.58E-1 

3866 

3 

1.69 

0.143 

0.47E-3 

0.58E-1 

3871 

4 

1.72 

0.145 

0.55E-3 

0.57E-1 

3964 

CASE  B 

1 

2.4 

0.211 

0.11E-1 

0.31  E- 1 

4946 

2 

2.4 

0.214 

0.11E-1 

0.27E-1 

4904 

3 

2.9 

0.214 

0.11E-1 

0.27E-1 

4911 

4 

3.2 

0.214 

0.13E-1 

0.27E-1 

5039 

CASE  C 

1 

3.77 

0.129 

0,55  E-3 

0.72E-1 

4086 

2 

3.76 

0.135 

0.57E-3 

0.66E-1 

4031 

3 

3.78 

0.135 

0.57E-3 

0.66E-1 

4031 

4 

3.84 

0.137 

0.68  E-3 

0  66E-1 

4139 

Table  D:  throat  conditions 


Table  E:  test  case  comparison 

The  use  of  the  different  non  equilibrium  chemical 
modelization  has  shown  to  have  a  small  influence  in 
the  solution.  This  is  confirmed  in  the  results  shown 
in  Table  E  and  Figs.  6  to  1 1 ,  and  has  been  illustrated 
in  a  previous  work  [17].  On  the  contrary,  larger  dif¬ 
ferences,  has  been  found  by  the  adoption  of  different 
vibrational  model.  While  the  Jiange  in  the  chemi¬ 
cal  model  causes  a  variation  in  the  solution,  which  is 
confirmed  to  a  small  fraction  (approximately  0.1  % 
in  Mach  number),  changing  the  vibrational  model 
generates  variations  up  to  30  %.  Even  more  sen¬ 
sible  variations  in  the  results  are  present  between 
the  non  equilibrium  and  equilibrium  solutions,  which 
confirms  that  a  good  modelization  is  suited  for  this 
class  of  flow  condition. 

We  always  use  as  reference  value  the  one  obtained 
with  model  l.i.  Only  results  regarding  point  A  are 
taken  into  account.  All  other  results  are  reported  on 
Table  E. 

Comparing  these  results  with  experimental  data,  a 
big  difference  between  non  equilibrium  level  of  ap¬ 
proximation  and  pressure  recorded  in  the  test  cham- 
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ber  can  be  seen.  Moreover,  the  pressure  computed 
with  the  simpler  equilibrium  model  seems  to  be  in 
good  accordance  with  experimental  data.  This  ef¬ 
fect,  that,  in  a  first  analysis  can  be  debit  to  a  bad 
evaluation  of  non  equilibrium,  can  be  explains  as  fol¬ 
lows. 

When  non  equilibrium  effect  are  not  taken  into  ac¬ 
count,  exchanges  between  internal  and  kinetic  level 
are  poorly  described.  These  are,  because  of  energy 
absorbed  in  chemical  reactions,  a  lower  exit  Mach 
number  and  an  higher  pressure.  In  fact,  due  to  the 
high  expansion  through  the  nozzle  a  large  part  of 
energy  is  serving  to  accelerate  the  flow  and  conse¬ 
quently  chemistry  cannot  develop  as  fast  as  the  flu- 
idynamics.  The  final  effect  is,  therefore,  an  higher 
exit  velocity  and  a  lower  pressure. 

One  must  still  have  in  mind  that  this  was  only  the 
eulerian  part  of  the  phenomena.  Let  us  now  take  into 
account  some  viscous  effects.  One  of  the  major  effect 
of  viscosity  in  a  nozzle  expansion  flow  is  to  reduce 
the  effective  area  ratio  of  the  nozzle.  Taking  into 
account  the  displacement  thickness,  computed  with 
a  very  simple  model,  due  to  Edenfield  [18],  the  re¬ 
duction  of  area  ratio  is  of  a  certain  small  percentual. 
This  reduction  causes  a  Mach  number  increment.  In 
such  a  way  we  can  get  an  exit  pressure  level  very- 
similar  to  experimental  data.  The  good  accordance 
between  equilibrium  model  and  experimental  data  is 
due  to  those  two  counterbalanced  errors.  Exit  values 
obtained  with  Edenfield  model  are  given  in  Table  F. 


Model 

P  (mb) 

Mach 

CASE  A 

Experimental 

5.7 

1  +  B.L. 

4.9 

5.14 

3  +  B.L. 

5.9 

4.67 

CASE  B 

Experimental 

5.5 

1  +  B.L. 

4.9 

5.16 

3  +  B.L. 

5.8 

4.68 

CASE  C 

Experimental 

12.6 

1  +  B.L. 

10.6 

5.04 

3  J  B.L. 

12.7 

4.59 

Table  F:  Boundary  layer  corrections 


6.2  Test  Chamber  +  Model 
Two  different  meshes  has  been  used  to  compute  test 
condition  A  with  two  different  flat  plate  position  as 
indicated  in  Table  G. 


Mesh 

Flat  Plate 

Elements 

Nodes 

Boundary 

Pitch,  angle 

number 

number 

Sides 

1 

0  deg 

577761 

104136 

23465 

2 

16  deg.  30 

571523 

103003 

23533 

Table  G:  3-D  mesh  characteristic 


Those  meshes  model  the  entire  nozzle  (Fig.  12)  and 
the  test  chamber  as  shown  on  Figs.  13,14,15,16.  The 
Flat  plate  region  has  been  refined  in  order  to  ensure 
a  good  capture  of  physical  phenomena. 

Reservoir  conditions  has  been  applied  to  the  noz¬ 
zle  inlet  as  given  in  Table  D.  Figure  17  shows  Iso- 
Mach  number  lines  on  the  nozzle,  the  sonic  line  has 
been  found  near  the  nozzle  throat  as  theoretically  ex¬ 
pected.  Iso  lines  are  perpendicular  to  the  flow  prop¬ 
agation  which  guarantee  a  constant  value  of  the  flow 
at  any  point  of  the  nozzle  exit. 

Comparison  with  flat  plate  experimental  data  are 
shown  on  Figs.  18,19  and  20,21  fo.  both  cases.  In 
the  first  case  (0  deg.)  a  good  agreement  with  experi¬ 
mental  data  is  found  up  to  three  quarter  of  the  plate. 
On  the  edge  opposite  to  the  nozzle,  as  well  as  along 
the  lateral  ones,  the  numerical  results  are  affected  by 
a  strong  expansion  generated  by  the  way  the  plate 
was  connected  to  the  testing  chamber  walls.  In  the 
16  deg.  30  case  we  note  that  the  shock  is  attached 
to  the  inge  line  in  the  numerical  case  while  a  gra¬ 
dient,  indicating  a  separation  bubble,  is  detectable 
on  the  experimental  iso  tines.  Around  50  %  of  the 
plate  the  pressure  rises,  but  this  phenomenon  is  not 
found  by  the  numerical  simulation.  A  closest  look  at 
the  pressure  values  (see  Fig.  22  below)  shows  both 
the  phenomena:  in  the  first  50  %  of  the  plate,  out 
of  the  separation  bubble,  the  theoretical  values  well 
agree  with  experiments,  then  a  weak  shock  is  visible 
while  the  numerical  accuracy  of  the  scheme  probably 
smeared  out  the  numerical  one.  The  expansion  fol¬ 
lowing  the  shock  is  driven  differently  in  experiments 
and  calculations,  due  to  various  exit  flow  conditions 
from  the  testing  chamber. 

CIRA  Flat  Plate 


Ift  4>|  30 


Figure  22:  Pressure  along  the  16  deg.  30  flat  plate 
symmetry  axis  for  both  experimental  data  and 
numerical  experiment. 
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7.  CONCLUSION 

Various  chemical  and  vibrational  models  has  been 
tested  for  the  simulation  of  hypersonic  nozzle  flow. 
In  order  to  have  a  good  numerical  accuracy  in  such 
kind  of  flow,  not  only  dissociation  but  also  vibration 
must  be  taken  into  account.  Viscosity  effects  cannot 
be  neglected. 
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Figure  15  3-D  Mesh,  Symmetry  plane 
(0  deg,  flat  plate) 


Figure  16:  3-D  Mesh,  Symmetry  plane 
(16  deg  30  flat  plate) 
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Iso-Mach  lines 
Nozzle  Symmetry  plane 
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Iso-Mach  lines 


Iso-Pressure  lines 
Aerospatiale  experimental  data 
Incidence  0  deg 
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Pres,  min  =  3.7  mbar ;  Pres,  max  =  5.7  mbar 
Delta  Pres.  =  0.2  .r.bar 


Figure  18 


Iso-Pressure  lines 
Aerospatiale  experimental  data 
Incidence  16  deg  30 


Pres,  min  =  9.7  mbar ;  Pres,  max  =  28.6  mbar 
Delta  Pres.  =  0.5  mbar 


Figure  20 


Iso-Pressure  lines 
3-D  Numerical  Experiment 
Incidence  0  deg 


Pres,  min  =  3.7  mbar  ;  Pres,  max  =  5.7  mbar 
Delta  Pres.  =  0.2  mbar 

Figure  19 


Iso-Pressure  lines 
3-D  Numerical  Experiment 
Incidence  16  deg  30 


Pres,  min  r  16.3  mbar  ;  Pres,  max  =  24.4  mbar 
Delta  Pres.  =  0.5  mbar 


Figure  21 
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A  CFD-BASED  AERODYNAMIC  DESIGN  PROCEDURE  EOR  HYPERSONIC  WIND-TUNNEL  NOZZLES 


JOHN  J.  KORTE 

Fluid  Mechanics  Division,  MS  156, 
NASA  Langley  Research  ('enter, 
Hampton.  Virginia  23665  USA 


SUMMARY 

A  new  procedure,  which  unities  the  best  of  current  classical 
design  practices,  computational  lluid  dynamics  (CEDI,  and 
optimization  procedures,  is  demonstrated  for  designing  the 
aerodynamic  lines  of  hypersonic  wind-tunnel  nozzles.  The 
new  procedure  can  be  used  to  design  hypersonic  wind- 
tunnel  nozzles  with  thick  boundary  layers  where  the 
classical  design  procedure  has  been  shown  to  break  down. 
An  efficient  CFO  code,  which  solves  the  parabolized 
Navier-Stokes  (PNS)  equations  using  an  explicit  upwind 
algorithm,  is  coupled  to  a  least-squares  (LS)  optimization 
procedure.  A  LS  problem  is  formulated  to  minimize  the 
difference  between  the  computed  flow  field  and  the 
objective  function,  consisting  of  the  centerline  Mach 
number  distribution  and  the  exit  Mach  number  and  How 
angle  profiles.  The  aerodynamic  lines  of  the  nozzle  are 
defined  using  a  cubic  spline,  the  slopes  of  which  are 
optimized  with  the  design  procedure.  The  advantages  of  the 
new  procedure  are  that  it  allows  full  use  of  powerful  CFD 
codes  in  the  design  process,  solves  an  optimization 
problem  to  determine  the  new  contour,  can  be  used  to 
design  new  nozzles  or  improve  sections  of  existing 
nozzles,  and  automatically  compensates  the  nozzle  contour 
for  viscous  effects  as  part  of  the  unified  design  procedure. 
The  new  procedure  is  demonstrated  by  designing  two  Mach 
15,  a  Mach  12  and  a  Mach  18  helium  nozzles.  Ihe 
flexibility  of  the  procedure  is  demonstrated  by  designing 
the  two  Mach  15  nozzles  using  different  constraints,  the 
first  nozzle  for  a  fixed  length  and  exit  diameter  and  the 
second  nozzle  for  a  fixed  length  and  throat  diameter  The 
computed  flow  field  for  the  Mach  15  least  squares- 
parabolized  Navier-Stokes  (LS/PNS)  designed  nozzle  is 
compared  with  the  classically  designed  nozzle  and 
demonstrates  a  significant  improvement  in  the  flow 
expansion  process  and  uniform  core  region 
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INTRODUCTION 

Axisymmetric  wind  tunnels  have  been  used  for  the  last  30 
to  40  years  for  simulating  the  hypersonic  flight 
enviroment.  However,  the  flow  quality  of  many  of  these 
nozzles  is  not  adequate  for  current  research  requirements, 
which  now  include  validating  computational  fluid  dynamic 
(CFD)  computer  codes.  Efforts  have  been  made  to  build  and 
update  existing  hypersonic  facilities  with  new  and 
improved  nozzle  aerodynamic  lines’ -2.  The  state  of  the  art 
in  the  aerodynamic  design  of  wind-tunnel  nozzles  is  still 
based  on  the  procedure  proposed  by  Prandtl  and  Baseman  ’ 
in  1929.  This  classical  procedure  requires  that  the  inviscid 
contour  be  designed  using  the  method  of  characteristics 
(MOC)  and  corrected  with  a  displacement  thickness 
obtained  from  a  boundary-layer  (BE)  solution  Recent 
computational  analysis'*  of  hypersonic  wind-tunnel 
nozzles  designed  with  the  method  of 
characteristic/boundary-layer  (MuC/BL)  procedure,  using 
solutions  to  the  Navier-Stokes  (NS)  equations,  have  shown 
severe  limitations  in  obtaining  the  desired  flow  quality  and 
test  conditions  when  the  boundary  layer  becomes  a  large 
percentage  of  the  nozzle's  diameter.  The  MCX.7BI.  design 
procedure  assumes  that  the  characteristics  reflect  at  the 
location  of  the  inviscid  contour.  For  large  boundary 
layers,  typical  of  hypersonic  wind-tunnel  nozzles.  Candler 
and  Perkins  ’  showed  that  the  characteristics  reflect 
between  the  wall  and  the  location  of  the  inviscid  contour. 
Therefore,  die  actual  characteristics  of  the  nozzle  lug  the 
characteristics  used  in  the  design  procedure.  In  thick 
boundary  layers,  the  actual  characteristics  are  no  longer 
properly  cancelled,  and  the  flow  quality  of  the  nozzle 
deteriorates.  In  this  paper,  we  will  present  a  design 
procedure  which  automatically  avoids  this  effect. 

The  classical  theory  used  in  the  design  procedure  of 
supersonic  wind  tunnels  can  be  found  in  a  number  of 
reports^'^-”'^' and  books’  1-12.13  |'he  basic 
assumption  made  is  that  the  boundary  layer  is  small, 
compared  to  the  characteristic  length  (nozzle  radius),  so 
that  the  nozzle  flow  field  can  be  treated  as  inviscid  for 
designing  the  aerodynamic  lines.  Once  the  aerodynamic 
lines  arc  determined,  a  correction  is  made  to  account  for  the 
displacement  thickness  of  the  boundary  layer.  This  basic 
procedure  has  been  applied  successfully  to  both  supersonic 
and  low  Mach  number  hypersonic  nozzles. 


36-2 


The  inviscid  design  procedure  requires  the  position  of  the 
sonic  line  at  the  throat,  a  prescribed  centerline  Mach 
number  or  pressure  distribution,  and  the  condition  of 
uniform  tlow  at  the  nozzle  exit.  Once  a  centerline  Mach 
number  distribution  has  been  specified,  the  MOO  can  be 
used  to  determine  an  inviscid  contour.  This  inviscid 
contour  can  be  scaled  to  any  particular  size,  llie  design 
contour  for  one  operating  condition  is  determined  by 
computing  the  displacement  thickness  using  a  boundary - 
layer  code  and  adding  it  to  the  inviscid  contour.  Modern 
implementations  of  the  MOO/BL  design  procedure  usually 
differ  only  on  how  the  sonic  line  and  centerline  Mach 
number  distribution  are  specified  and  which  numerical 
technique  is  used  to  compute  the  inviscid  flow  field  and  the 
boundary-layer  solution. 

Recent  designs  of  hypersonic  wind-tunnel  nozzles  made 
with  the  MO  ('/HI,  procedure  have  been  evaluated  using  ('ll) 
codes  solving  the  NS  equations^'9,5,  Attempts  to 
improve  the  resulting  nozzle  design  using  the  t'fl)  codes 
are  difficult  because  of  the  computational  time  required  to 
solve  the  NS  equations  and  the  trial  and  error  process  of 
changing  the  contour.  A  mathematical  procedure  for 
correcting  an  existing  contour  is  given  by  Meyer  and 
Holt15,  but  we  are  not  aware  of  any  application  of  this 
procedure  to  a  wind-tunnel  nozzle  design. 

l  or  modifying  existing  wind-tunnel  complexes,  special 
design  procedures  may  also  be  necessary  for  the  newly- 
designed  nozzle  to  mate  with  existing  components.  A 
sjiecial  (TD  procedure1  was  recently  developed  to  design  a 
Mach  4  and  a  Mach  5  nozzle  for  the  NASA  Langley  8-boot 
High  Temperature  Tunnel.  The  new  nozzles  were  designed 
in  reverse,  so  that  they  would  match  with  the  exit  portion 
of  the  existing  Mach  7  nozzle. 

from  the  discussion  above,  it  is  clear  that  a  new  procedure 
is  needed  for  designing  hypersonic  nozzles  which  will 
produce  high  quality,  uniform  flow  fields  in  the  test 
section.  To  accurately  design  the  hypersonic  nozzles  for  a 
uniform  flow  field,  the  procedure  must  include  the  effects  of 
the  thick  boundary  layer  on  the  inviscid  How  field.  In 
addition,  it  may  be  necessary  to  include  the  effects  of 
inlet  molecular  forces,  vibrational,  and  chemical 
nonequilibruim  on  the  test  gas.  These  effects  will  be 
included  if  the  design  procedure  is  based  on  the  solution  of 
the  parabolized  Navier-Stokes  (PNS)  equations  with  the 
appropriate  thermodynamic/chemical  model  for  the  gas. 

The  PNS  equations  tire  a  subset  of  the  NS  equations,  which 
can  be  integrated  using  efficient  space  marching 
procedures  lliese  equations  are  obtained  from  the  NS 
equations  by  neglecting  streantwise  ditlusion  effects  and  a 
portion  of  the  subsonic  streamwise  pressure  gradient,  l  or 
many  practical  flow  fields,  such  as  hypersonic  nozzles, 
these  approximations  are  valid  as  long  as  streamwise 
separation  does  not  occur.  To  accurately  model  the 
curvature  of  the  nozzle  contour,  a  large  number  of 
streamwise  stations  need  to  be  computed,  especially  in  the 
throat  region.  Previously,  the  cost  associated  with  using 
even  a  PNS  solver  in  a  design  procedure  would  have  been 
prohibitive.  With  the  increased  use  of  supercomputers, 
efficient  and  fast  CI  O  solvers  have  been  developed  for  the 
PNS  equations19'1^  lire  explicit  upwind  noniterative 
algorithm  for  solving  the  PNS  equations  of  Ref.  17  has 
been  modified  to  solve  internal  axisymmetric  flow  fields. 

A  typical  Mach  15  nozzle  of  130  inches  in  length  can  be 
simulated  using  over  90,000  streamwise  stations  in  under 
90  seconds  of  Cray  2  CPU  time.  A  typical  Mach  6  nozzle 
can  be  computed  in  10  seconds  of  Cray  2  CPU  time.  Using 


this  solver  for  the  PNS  equations,  it  has  become  practical 
to  consider  implementation  of  an  iterative  ( TD  hased 
design  procedure 

The  use  of  CFD  codes  in  design  has  usually  been  to  provide 
a  direct  analysis  of  the  performance  of  existing  or  proposed 
designs.  Coupling  Cbl)  codes  with  design  procedures  has 
been  done  for  a  number  of  limited  applications  Hie 
majority  of  these  applications  have  been  to  improve  a 
surface  pressure  distribution  over  a  wing  or  other  simple 
surface.  However,  these  procedures  were  not  general 
enough  to  handle  a  design  which  would  produce  a  desired 
tlow  field  away  from  the  surface.  Recently,  Huddleston11' 
developed  a  CITJ  optimization  method  which  is  flexible 
enough  to  be  used  for  designing  nozzles  and  other  tlow 
components.  Huddleston's  optimization  method  is  based 
on  minimizing  an  objective  function  by  solving  a 
nonlinear  least-squares  (IS)  problem  which  will  result  in  an 
optimal  solution  for  a  parametric  description  of  a  tlow 
surface.  He  has  applied  this  method  to  both  two-  and  three- 
dimensional  nozzles  and  airfoils,  coupled  with  both  I-.uler 
and  NS  tlow  solvers.  However,  he  did  not  apply  the  method 
to  a  How  field  which  included  a  thick  boundary-layer  region 
or  a  PNS  tlow  solver.  The  disadvantage  of  this  method  is 
the  expense  associated  with  computing  sensitivity 
derivatives  necessary  to  solve  the  l.S  minimization 
problem.  Hie  advantage  of  the  method  is  that  it  is  not 
limited  to  a  particular  configuration  or  objective  function. 

In  a  previous  paper,  we  coupled  the  l.S  optimization 
procedure  of  Huddleston  to  an  efficient  PNS  solver  and  used 
it  for  optimizing  existing  hypersonic  wind-tunnel 
contours19.  In  the  I.S/PNS  procedure,  the  aerodynamic- 
contour  was  modeled  using  a  cubic  spline  Tile  design 
parameters  were  the  radii  at  fixed  locations  along  the 
nozzle  length.  The  objective  function  was  the  error  of 
Mach  number  and  radial  velocity  in  tile  inviscid  region  of 
the  nozzle  exit.  It  was  necessary  to  define  the  initial  value 
of  the  radii  by  matching  as  closely  as  possible  the  original 
M<  K  7B1 ,  designed  contour.  Newton's  method  was  th  n  used 
to  solve  the  l.S  problem.  The  results  demonstrated  that  an 
improved  exit  plane  profile  could  be  obtained  However,  it 
was  difficult  to  obtain  good  initial  values  of  the  design 
parameters  and  to  reach  a  strong  minimum  of  the  objective 
function.  Additional  work  is  needed  to  improve  the  method 
so  that  it  can  also  be  applied  for  designing  wind-tunnel 
nozzles  with  specified  physical  characteristics 

The  I.S/PNS  procedure  has  now  been  extended  lor  use  in 
designing  complete  hypersonic  wind-tunnel  mizzles*-9  A 
new  form  of  the  objective  function  was  given  which  defines 
the  shape  of  the  nozzle  by  specifying  the  centerline  Mach 
number  distribution  and  the  uniform  flow  exit  condition 
The  design  parameters  were  modified  to  he  the  coefficients 
of  the  spline  associated  with  the  local  nozzle  wall  slope 
The  motivation  for  these  two  modifications  came  from  an 
attempt  to  he  consistent  with  the  constraints  and  design 
methodology  used  in  the  MtX'/Bf.  design  procedures. 

These  two  modifications  greatly  improved  the  convergence 
of  the  optimization  problem.  This  new  procedure  is 
presented  and  demonstrated  herein  by  designing  four 
helium  nozzles.  Hie  flexibility  of  the  procedure  is  first 
demonstrated  by  designing  two  Mach  15  nozzles  using 
different  constraints,  the  first  nozzle  for  a  fixed  length  and 
exit  diameter  and  the  second  nozzle  for  a  fixed  length  and 
throat  diameter.  The  computed  How  field  lor  the  Mach  15 
least-squares/parabolized  Navier-Stokes  (I.S/PNS)  designed 
nozzles  is  then  compared  with  a  MIX  71)1.  designed  nozzle 
The  ron  cslness  of  the  procedure  is  demonstrated  by 
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designing  a  Mach  12  and  a  Mach  18  nozzle  using  the  same 
starting  contour  used  in  the  Mach  15  designs. 

AERODYNAMIC  DESIGN  PROCEDURE  FOR 
HYPERSONIC  NOZZLES 

We  will  assume  that  the  shape  of  the  subsonic  and 
transonic  contours  of  the  nozzle  have  been  specified  and 
that  a  NS  solution  exists  for  these  sections.  A  L.S/PNS 
optimization  procedure*^  is  extended  for  designing  the 
supersonic/hypersonic  portion  of  the  nozzle.  The  details 
of  the  PNS  solver  can  be  found  in  Ref.  17.  In  this  section, 
we  will  present  a  brief  review  of  the  I.S/PNS  optimization 
procedure  used  in  Ref.  19.  emphasizing  the  changes 
developed  for  the  application  to  the  design  of  hypersonic 
nozzles. 

OBJECTIVE  FUNCTION 

A  nonlinear  optimization  problem  is  solved  for  a  set  of 
design  parameters  by  minimization  of  an  objective 
function.  We  consider  the  minimization  of  an  objective 
function.  Obj.  which  is  dependent  on  a  set  of  design 
parameters.  X.  and  is  constructed  from  a  scries  of 
functions.  //.  of  the  nonlinear  LS  form^  * 


m 

obj(X)  =  0) 

/=i 

It  is  convenient  to  define  vectors  /  and  X 

/=  \flJ2 . fm\T  (2) 

X=[X;.  X2 . Xn\T  O) 

so  that  the  objective  function  can  be  written  as 

Obj(X)  =fT(X)f(X)  (4) 


For  each  particular  minimization  problem,  there  are  a 
number  of  different  possibilities  for  the  definition  of /.  It 
is  desirable  that  /  be  selected  so  that  Obj  has  a  strong 
minimum  and  satisfies  the  design  criteria.  Recall  that  the 
MOC  design  procedure  requires  the  centerline  Mach 
number.  Maxfs.  and  the  condition  of  parallel  flow  at  the 
design  Mach  number.  Mjesi^n-  al  'he  nozzle  exit.  The 
same  requirements  ate  used  here  to  form  an  objective 
function.  The  components  of/ at  the  nozzle  exit 
associated  with  the  error  in  axial  Mach  number,  Mx.  and 
flow  angle,  ft.  are 

//  =  ft,M  ' MXjlnatj  -  Xfjeu^n)  (5) 

fl+l  ~  (°6 < ^imax.j  0}  (6) 

and  along  the  centerline 

fl  +  2  ~  MMA  1  Mx -  j  Mltxis)  (2) 

where  0>M  <<>MA ■  and  (Of)  are  weighting  functions  used  to 
adjust  the  relative  tolerances  betwcci,  the  different  types  of 
error  terms.  The  imax.j  index  identifies  one  of  the  grid 
points  used  to  evaluate  /  at  the  exit  of  the  nozzle  and  the  i,  I 
index  a  point  on  the  nozzle  centerline. 

The  selection  of  a  centerline  Mach  number  distribution 
determines  the  overall  length  of  the  nozzle  and  (he  contour 


for  the  initial  expansion,  which  is  somewhat  arbitrary. 
However,  from  a  practical  view  point,  me  initial  expansion 
should  smoothly  blend  into  the  turning  contour  If  this  i‘ 
done,  it  is  more  likely  that  the  contours  can  be  accurately 
machined.  Sivells®  specified  a  Mach  number  distribution 
which  matches  theoretical  transonic  conditions  at  the 
throat,  conical -source  flow  conditions  through  an 
intermediate  region,  and  design  flow  conditions  at  the 
nozzle  exit.  The  advantage  of  Sivells's  centerline 
distribution  is  that  it  smoothly  matches  the  dificrent  flow 
regions,  eliminating  discontinue  us  changes  in  contour 
curvature.  In  our  design  procedure,  the  centerline  Mach 
number  distribution  is  specified  using  the  method  proposed 
by  Sivells.  In  Sivells'  method,  the  centerline  distribution 
consisted  of  four  sections.  (1)  a  fourth-order  polynomial 
between  the  transonic  section  and  the  conical -source  flow 
regime,  (2)  source-flow  region.  (3)  fifth-order  polynomial 
betv  v.i  the  source-flow  region  and  the  parallel  flow 
regime,  and  (4)  the  parallel  flow  region  at  the  design  Mach 
number  (Fig.  1 ).  The  coefficients  of  the  polynomials  are 
determined  by  matching  tile  Mach  number  and  its 
derivatives  with  respect  to  nozzle  length  at  the  beginning 
and  end  of  each  section.  Sivells  gave  equations  for  the 
derivatives  of  the  source-flow  regime,  the  d.-rivatives  at  the 
nozzle  sonic  line  using  a  transonic  series  solution,  nozzle 
length,  and  expressions  for  determining  the  transition 
Mach  number  where  the  different  sections  should  start. 
Unfortunately,  these  relationships  are  limited  to  an  ideal 
gas.  We  will  use  Sivells'  equations  directly  for  the 
centerline  Mach  number  distribution  since  our  current 
nozzle  design  is  for  helium,  which  can  be  accurately 
modeled  as  an  ideal  gas  over  the  temperature  and  pressure 
ranges  used  herein.  However,  since  we  are  using  a  NS 
solution  in  the  transonic  section,  these  derivatives  could 
be  calculated  directly  from  the  numerical  results.  The 
derivatives  necessary  for  the  source-flow  region  could  also 
be  easily  computed  directly,  using  the  same  gas  model  used 
in  the  CFD  code. 

DES.GN  PARAMETERS 

Like  the  objective  function,  the  selection  of  the  design 
parameters  depends  on  the  problem  being  solved  The  ideal 
set  would  contain  the  minimum  number  of  elements  and  be 
strongly  coupled  to  the  objective  function.  The  design 
parameters  arc  usually  coefficients  used  to  define  a  wall 
boundary  or  quantities  which  define  the  flow  field 
conditions.  For  the  design  of  a  nozzle,  the  flow  conditions 
are  usually  given,  and  the  wall  contour  needs  to  be 
determined. 


WALL CONTOUR 

For  a  contoured  nozzle,  there  is  no  obvious  choice  of  a 
function  to  describe  the  geometry  which  would  minimize 
the  number  of  design  parameters.  A  contoured  nozzle  can 
have  an  arbitrary  expansion  up  to  the  inflection  point 
After  the  inflection  point,  the  nozzle  contour  is  determined 
so  that  the  proper  wave  cancellation  occurs  and  parallel 
flow  is  obtained  at  the  exit  of  the  nozzle.  Many  contoured 
nozzles  have  a  curvature  discontinuity  at  the  inflection 
point,  i.e.  the  second  derivative  is  not  continuous.  In  Ref. 
19,  we  used  a  cubic  spline  with  five  knots  to  model  the 
contoured  nozzle.  'Hie  total  number  of  knots  on  the  spline 
and  the  design  parameters  necessary  for  defining  the 
contoured  nozzle  are  dependent  on  how  accurately  the 
design  problem  is  to  be  determined.  We  will  discuss  the 
selection  of  the  number  of  knots  and  design  parameters 
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lalet  m  this  section.  1  lie  nozzle  contour  is  specified  using 
V  cubic  polynomial  equations 

r  i 

0  <  \  <  \j  I  r  i  in  •  ii/  i  sin  f  v  ii  ? »' 

2  I 

i/<is.p  1  r  -  1 14  -  (1?  1  -I  Ilf,  l  +  117  r 

>.V  /  <  '  J  'A 

I  r  =  n^v  4  *  ‘ <4X1  i  '  *  "7Ar  2  '*  ♦  «t/,V  i  <#* 

I  lie  A  cubic  equations  result  in  -/.V  coefficients.  assuming 
that  the  locutions  i/  tlnough  «v  'ire  known  Ihc 
requirement  >'i  continuity  of  the  surface,  slope,  ansi 
curvature  at  ly  through  i,\  specifics  MS  h  ol 'the 
coefficients  Hie  remaining  ,V.,f  coefficients  arc  specified 
In  using  tile  inlet  and  evil  radii  and  slopes  and  hv 
specifying  the  slope  at  A  I  locations  Once  the  above 
constants  are  defined,  a  linear  system  o'  ei|uatio;is  is  solved 
to  delennine  the  value  of  the  coetiicienls  niy-njv  I 

SI  I  lit  'lit  )N  t  >1  I  >1  5K  IN  I’Al’ANlt  II.RS 

Previously  ^ ,  we  hail  used  selected  radii  at  locations  ay  to 
oe  used  as  design  pni.tnivlcrs  Recall  that  in  the  Mot 
pioccdure.  the  wall  is  dele  milled  by  the  s/opr  necessary  to 
tun  the  How  in  the  correct  dirci  lion  l  lie  Use  of  wall 
slope  -  as  design  parameters  itiste.nl  ol  tadit  is  more 
consistent  with  the  physics  of  supersonic  llow  holds,  the 
adoption  of  a  slope  ha-ed  design  parameter  gieally 
improved  the  vonvctgencc  ot  the  design  procedure.  Idle 
design  parameters  used  ire  the  coetiicienls  in  ltq.fbi  for  tty. 
no.  a 2 \  t.  which  teprc-ciit  the  slopes  at  points  \j 
is.  i\  /  In  addition  to  these,  other  control  parameter- 
were  used  depending  on  the  constraints  necessary  for  a 
particular  no//lc  design  typical  constraints  may  he  fixed 
length.  nozzle  ihmat.  or  nozzle  ev  hamcler 

ni  Aim  k  t  -i  km  n  s  on  mi  t  t  nit  •  spi  ini 

Determining  ihc  number  ol  knots  on  the  cubic  spline  and 
the  location  o|  tile  control  points,  x  /  \.  is  an  ad  hoc 
piocc—  Hie  ptxedui  adopteil  is  that  a  preliminary  design 
is  made  using  tl  predetermined  centerline  Mach  nuinbei 
distribution  and  then  kimis  and  design  paiamelers  are  .hided 
until  a  conveiged  solution  is  obtained  which  satisfies  the 
design  requirements 

NoNl  INI  uKOI'llMI/ VIIONHYSUl.VINt;  vI  Si’KOHI  l.M 

Now  that  an  objective  limciion  and  the  dean’  parameters 
have  been  delmcil.  we  turn  to  addressing  liic  pro’-fem  of 
minimizing  l.q  (4).  Recall  that  Dh/lXl  -  'll  have  a 
minimum  value  when  its  gradient  is  zero  Newtons  method 
tor  noillmca  least  squares  c  "t  be  written  directly  as 

when  the  design  parameters  are  iiplatcd  by 

X.  ,  X.  I  .\X.  (ID) 

Ihis  is  the  -mall  r-sidnal  p.ohlem  lonn  of  Ihc  I.S  problem. 

I  or  .hldilion.il  information  on  meihoils  'or  solving  liq  (‘>1 


for  both  small  and  large  residual  problems,  see  the  text  by 
Scales-  * 

Si  NSmVHY  1  )I  RIVA  IIVI-S 

The  elements  of  the  Jacobian  matrix.  J.  are  the  sensitivity 
derivatives,  l  ucli  elenieni  ot  the  Jacobian  matrix  requires  a 
separate  llow  field  solution  The  sensitivity  derivatives 
are  approximated  using  forward  fimle-dilierences 

filj/rlX  j- if  j(X  j .  fitXn/SXj  tilt 
Hie  accuracy  ol  the  difference  approximation  i..  dependent 
on  both  the  size  of  A.Y /  and  the  llow  field  solution  lhe 
Jecohian  elemenis  m  this  study  were  computed  hv 
specilyiug  XX J  to  be  X /  'In  f)  I  lie  c. ilculat ion  ol  the 
sensitivity  derivatives  i-  the  most  expensive  par!  of  the 
optimization  procedure 

I  >AI1N<.  IHI  JAt  t  >U I ,-VN  MAIKIX 

l  he  expensive  portion  of  the  above  algorithm  is  (lie 
determination  ol  the  elements  ot  the  Jacobian  matrix  One 
evaluation  ot  the  objective  lunclion.  OhjtXi.  is  needed  tor 
each  element  ol  V  It  V  contains  n  ’leitients  then  each 
iteialioii  requires  n  *  /  Iuiiction.il  c\  duatiotis  or  flow  held 
solutions  All  alternate  method  In  explicitly  computing 
the  Jacobian  malm  i-  to  use  an  updated  formula  .>Uc!i  as 
ltroyden  s-1  Previously.  our  attempt-  lo  use  I  troy  Jen's 
ii|xlaie  .  'tniuhi  when  lhe  design  parameters  were  the  radii 
weie  unsuccessful llowevei.  alter  switching  lo  the 
slo|X’  based  de-igii  parameters.  IhroyJen's  update  lornuila 
was  siiccesslullv  used 

M’PI.K  .HION  Ol  l.S/l’NS  DKMON  I’ROCHfl  KK 

I.,  deinonsii.itc  t!ie  piocedure.  four  Ii  1  nozzle  acrolmcs 
aie  designed  Iv  •different  cases  will  he  considered  l  or 
lhe  lii'1  case,  lhe  nozzle  i-  required  have  an  exit  radius  of 
1041  inches  and  a  total  length  ol  1.25  inches  lhe  design 
contour  I-  to  lx-  compute  !  for  a  stagnation  flow  condition 
ol  1.500  p-i  .md  5 50 degrees  R  lhe  wall  temperature  can 
he  assumed  to  he  constat’*  at  550  degrees  R.  and  the  llow  to 
he  luihiilent  l  he  design  exit  conditions  tor  the  Mach  15 
flow  field  are  a  47  percent  core  flow,  with  a  goal  ol  less 
than  *2  percent  vmiaiioti  in  static  pressure,  and  lees  than 
•0  2*7  degrees  variation  in  llow  angle  lln-  pailiculat 
nozzle  was -elected  because  a  Ml  K  7151  design  had  been 
made  foi  Mach  15  which  tailed  to  meet  those  design 
requirement-  (when  eva'nated  with  a  NS  oxlei  file  s.uiie 
-tailing  cimmui  will  then  be  iiscxl  to  design  a  Mach  12  and  a 
Mach  IS  nozzle  using  the  -ame  cxinstraints  lo  demonstiale 
i1  •  robustness  ol  the  m.-llaxl  lire  second  case  will 
demonstrate  the  flexibility  of  the  procedure  by  using  the 
same  uc.  •”!’  conditions  as  the  fust  case  except  that  the 
nozzle  throat  radius.  Obi  524  inches,  will  be  held 
const  ml.  and  the  exit  i  dius  w  ill  be  determined  by  Ihc 
procedure 

The  hypersonic  |x>rlion  of  tb--  mizzle  llow  held  is 
computed  using  an  axisymmeli  ic  version  of  the  explicit 
opwiiui  I’NS  solver  ot  Ref.  17.  lire  subsono  and  tr  ansonic 
flow  field  of  lhe  no  de  is  computed  only  once  with  the 
Navier  Stoke-  equations  using  an  uxisymmctric  version  of 
NASI  RIN--  lire  flow  field  is  assumed  lo  be  turbulent  and 
is  simulated  using  the  tlaldwin  and  l.omax**  eddy  viscosity 
model  l  he  radial  direction  is  discretized  using  50  points, 
with  point  clustering  at  both  the  wall  and  i  ic  nozzle  a  -  s 
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Iht'  tola!  number  of  .sucamwisc  stations  was  approximately 
‘XUKH).  I  he  computer  runs  were  mavie  <>n  l.angleys  Cray  2 
supercomputer. 

Hie  first  iteration  of  the  design  procedure  is  started  by 
form  ins*  the  dements  of  die  Jacobian  matrix  numerically 
and  then  solving  the  nonlinear  I -S’  problem,  lor  the  second 
iteration,  the  elements  are  updated  with  Broydens  method. 
Broydeii  s  update  procedure  is  used  until  there  is  no  longer 
any  improvement  in  the  convergence  of  die  objective 
Junction  towards  a  minimum.  The  elements  are  then 
recomputed  numerically,  and  the  procedure  continues  until 
either  the  desired  design  performance  or  a  minimum  is 
obtained 


nisKiN  paramkhrs 

ilie  aerodynamic  lines  ate  modeled  using  15  knots  on  a 
cubic  spline.  The  initial  values  of  the  spline  coefficients 
are  obtained  from  evaluating  the  slope  at  the  selected 
location*  o!  the  M(x'/BI  designed  nozzle  contour  and  are 
shown  in  lahle  l  Hie  number  and  locution  of  the  knots 
w.i>  selected  so  that  changes  in  the  slope  of  the 
aerodynamic  lines  would  be  accurately  represented  (l*;g  2). 


lahle  1  Initial  values  of  cubic  spline  for  helium  nozzle 


Index 

x(in.) 

yw(in.) 

dyw/dx 

t 

0  00000 

0.613241 

000000 

2 

0.57757 

0.08062* 

3 

1.17757 

0.13214* 

4 

1.67757 

0.16226* 

5 

2.47757 

0.18155* 

6 

3.57757 

0.19470* 

7 

7  87757 

0.19810* 

8 

10.0777 

0.18444* 

9 

13.0776 

0.16740* 

1C 

19.0776 

0.14000* 

11 

31.0776 

0 10530* 

12 

55.0776 

0  06850* 

13 

80  0776 

0.04810* 

14 

102.0776 

0  03590* 

15 

125.6600 

10  44* 

0  02683* 

•.*  are  <\tse  I  design  variables. 

*1  are  <  asc  2  design  variables 

A  total  of  15  design  parameters  are  used  in  the  optimization 
pioccJure  Hie  wall  slopes  i i\w/di  at  indexes  2  15.  are  14 
o|  the  design  parameters  for  the  first  case,  the  15th 
design  parameter  is  the  inlet  radius  I  at  index  I ).  and  tor  the 
second  case,  it  is  the  exit  radius  (at  index  15 »  The 
locations  ot  the  knots  are  held  constant 

tmJhrnvi-.HlNt'HON 

Hie  objective  (unction  consists  of  an  array  of  I4K 
elements.  The  first  100  elements  are  the  centerline  Mach 
number  errors,  evenly  spaced  oveT  the  nozzle  length,  the 
next  24  elements  are  the  exit  core  Mach  number  prolile 
ermrs.  and  the  final  24  elements  are  the  exit  core  How 
angle  errors  Hie  24  elements  used  in  the  exit  tore  are  from 
the  nozzle  centerline  to  halfway  across  die  exit  radius  Hie 
weighting  factors  used  arc 

msi-l  /M us,yn-  "AfA  -  ,  "Hi  -  I  A)  2 

The  centerline  Mach  number  distribution  is  computed  using 
Si  veils'  formula  by  fixing  the  Mach  number  at  points  !•..  H 
.♦ml  (‘  *o  be  2T.  I?  .  and  1 5.  respect .*cly  Iht  big  1 1  lor 


the  Mach  15  design  cases  The  source-flow  region  is 
computed  for  a  conical  half- angle  equal  to  12  degrees  The 
i alio  of  the  radius  of  curvature  to  the  nozzle  radiu>  at  the 
throat  i.s  9  (used  in  computing  the  transonic  Mach  number 
distribution).  This  centerline  distribution  will  result  ui  a 
uniform  flow  region  of  approximately  4.9  inches  ai  the 
nozzle  exit.  Note  that  litis  is  a  cut-off  contour,  in  that  the 
nozzle  i.s  smaller  in  length  than  it  would  be  it  the  flow  tv, id 
to  he  fully  expanded  to  the  design  Mach  number  Hus  i> 
common  practice  m  hypersonic  nozzles,  where  so  much  ot 
the  profile  is  pari  of  the  boundary  layer ^  V 

DLSION  Ltxaf 

Since  the  significant  viscous  ell  eels  occur  in  the 
supersonic/hypersonic  section  of  the  nozzle,  an 
approximate  procedure  is  used  at  the  throat  lor  the  first 
case.  When  the  throat  radius  is  a  design  parameter,  the 
initial  Navier  Stokes  solution  is  scaled  to  a  new  throat 
radius  after  each  iteration.  Once  the  design  parameter*  have 
converged,  a  new  Navier- Stokes  solution  is  computed  m 
the  upstream  subsonic  and  transonic  section  Since  the 
boundary  layer  is  extremely  thin  at  the  throat,  we  would 
expect  only  small  differences  between  the  approximate 
procedure  and  the  new  NS  solution  for  the  subsonic  and 
transonic  section  in  the  inviscid  core  Hie  accuracy  of  this 
approximation  will  be  investigated  in  the  future  by 
rerunning  the  subsonic  and  transonic  section  with  the 
newly  designed  contour  and  recomputing  the 
supersonic/liy persona  region  with  the  new  initial 
conditions  In  the  second  case,  this  would  not  be  necessary 
since  the  throat  radius  is  held  constant 

I'ASlil.  HXl-m  JiNGIll  AND  KXIT  RADII'S 

In  this  case,  the  nozzle  throat  and  the  slope  at  14  points  are 
used  as  the  design  parameters  The  obiective  function  for 
the  Mach  15  design  is  reduced  two  orders  of  magnitude  (big 
4)  from  the  initial  guess  The  change  in  tiie  contour  over 
the  MtH’/Bl.  design  is  hardly  noticeable  (big.  4> 

However,  significant  differences  are  demonstrated  between 
their  flow- lie  Id  solutions  The  centerline  Mach  number 
almost  exactly  follows  the  specified  centerline  distribution 
(big.  5)  To  obtain  a  uniform  profile  with  less  than  ±2'1 
error  m  .slJiic  pressure,  the  error  in  Mach  number  should  be 
less  (ban  ±0  06  Mach  The  centerline  variation  ol  Mach 
number  for  the  MlX'/BI.  design  m  the  unitorm  core  region 
is  excessive,  greater  than  ±1.0  Mach  t±.lOrl  static  pressure 
variation).  Ihe  I.S/PNS  variation  of  centerline  Mach 
number  was  less  than  +0.06  for  most  of  the  uniform  core 
region,  with  a  small  region  almost  reaching  a  variation  of 
20.10  Mach  (±5‘/i  variation  in  static  pressure).  The 
I.S/PNS  design  exit  profiles  tor  Mach  number  (lag.  <»). 
static  pressure  (big.  7.  pressure  nondi  me  ns  ionized  by  the 
dynamic  pressure  .it  Mach  1  >.  and  flow  angle  (big.  K)  show 
very  gixnl  agreement  w  uh  the  design  conditions  and 
demonstrate  that  the  (low  is  much  better  than  the  design 
goal  at  die  nozzle  exit  Hie  advantage  of  the  I  .S/PNS 
design  tan  clearly  be  seen  in  the  Mach  number  contour  plot 
(l  ig  9)  back  contour  level  represents  an  increment  ol  0.2 
Mach  number  (± Pi  static  pressure  variation)  A  constant 
uniform  core  flow  region  and  a  smooth  expansion  region 
arc  demonstrated  by  the  I  .S/PNS  design,  which  is  not 
obtainable  with  the  MCX’/HI  design. 

I  hose  results  clearly  demonstrate  the  capability  of  the  new 
procedure.  However,  the  I.S/PNS  design  could  still  be 
improved  or.  by  using  more  design  parameters  and  knots  on 
the  cubic  spline,  a  better  distribution  ol  the  location  of  the 


# 
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knots,  or  a  different  distribution  and  weight  functions  used 
in  defining  the  objective  function. 

To  demonstrate  (lie  robustness  of  the  procedure,  Mach  12 
and  Mach  18  nozzles  were  designed  using  the  same  starting 
contour  defined  by  the  coefficients  in  Table  1 .  T  his  was 
accomplished  by  redefining  the  objective  function  for  the 
expansion  region  and  nozzle  exit  Tor  the  Mach  12  case, 
the  centerline  Mach  number  distribution  was  modified  so 
that  the  Mach  numbers  at  points  B  and  C  of  Tig.  1  were  9 
and  12.  respectively.  The  source-flow  region  for  the  Mach 
12  nozzle  design  was  generated  assuming  8°  source  flow 
The  centerline  Mach  number  distribution  and  the  exit  Mach 
number  profile  are  shown  in  Tigs.  10  and  11.  Hxcellent 
agreement  is  obtained  with  the  design  Mach  numbers.  The 
slight  drop  off  of  Mach  number  shown  in  the  Mach  number 
profile  is  because  the  uniform  core  region  only  extends  to 
y/rt=8  3  at  this  location. 

Tor  the  Mach  18  case,  only  the  centerline  Mach  number 
distribution  was  modified  so  that  the  Mach  numbers  at 
points  15  and  ('  of  Tig.  1  were  15  and  18.  respectively.  The 
centerline  Mach  number  distribution  and  the  exit  Mach 
number  profile  are  shown  in  Tigs.  12  and  13.  In  this  ease, 
the  centerline  Mach  number  distribution  has  a  slight 
oscillation  at  the  beginning  of  the  uniform  core  region. 

An  improved  solution  could  he  obtained  by  adding  or 
moving  the  location  of  the  design  parameters  or  by 
decreasing  the  angle  at  which  the  How  is  expanded  in  the 
source-flow  region.  The  uniform  core  region  extends  to 
a,  proximately  y/rj=7.2  at  the  exit  of  (lie  nozzle.  The  Maeh 
number  profile  in  this  region,  again,  agrees  with  the  design 
Maeh  number.  It  is  obvious  that  the  domain  of  the 
objective  function  could  be  extended  at  the  exit  to  include 
more  of  the  inviscid  core.  This  would  force  a  smaller  throat 
to  he  used,  resulting  in  a  larger  uniform  core  region  for  the 
same  nozzle  length. 

c  'AST  II,  I IX I  1 )  1  JiN( ;  n  I  AND  II  IR(  )AT  RA1  Ml  IS 

In  this  ease,  the  throat  radius  is  held  constant  and  the  exit 
radius  and  the  slope  at  14  points  are  the  design  parameters 
The  change  in  the  aerodynamic  lilies  over  the  MOC/BI. 
design  is  slightly  more  noticeable  than  in  the  first  case 
(Tig.  14).  A  small  oscillation  of  the  centerline  Maeh 
number  can  be  observed  in  Tig.  15.  Due  to  the  fact  that  the 
throat  region  was  not  permitted  to  change,  a  fixed  error 
always  occurs  between  the  control  centerline  Maeh  number 
distribution  and  the  computed  one  near  the  throat. 

However,  good  agreement  is.  again,  obtained  with  the  exit 
design  conditions  for  the  Mach  number  profile  (Tig  16). 
pressure  profile  (Tig  17).  and  flow  angle  (Tig  18).  The 
uniform  core  region  and  the  region  of  optimization  extends 
to  approximately  y/r(=7.5.  which  can  he  seen  in  the  drop 
in  Mach  number  in  Tig.  16 

CONCT.UIHNC;  RUMAKKS 

A  new  procedure,  which  unifies  the  best  of  current  classical 
design  practices,  computational  fluid  dynamics  (CTD).  and 
optimization  procedures,  has  been  demonstrated  lor 
designing  the  aerodynamic  lines  of  hypersonic  wind-tunnel 
nozzles.  An  efficient  CTD  code,  which  solves  the 
parabolized  Navier  Stokes  (DNS)  equations,  was  coupled  to 
a  least  squares  (I.S)  optimization  procedure.  A  I.S  problem 
was  formulated  to  minimize  the  difference  between  the 
computed  flow  field  and  the  objective  function  Die 
objective  function  consists  of  the  centerline  Maeh  number 
distribution  and  the  exit  Maeh  number  and  radial  velocity 


profiles.  The  aerodynamic  lines  of  tile  nozzle  were  defined 
using  cubic  splines,  the  slopes  of  which  were  optimized 
with  the  design  procedure.  'Hie  use  of  slopes  at  the 
specified  control  points  as  the  design  parameters  improved 
the  convergence  characteristics  of  the  design  procedure  and 
is  consistent  with  design  methods  used  with  the  MIX'  The 
new  procedure  can  be  used  to  design  hypersonic  wind- 
tunnel  nozzles  where  the  classical  procedure  has  been 
shown  to  break  down.  An  advantage  of  the  new  procedure 
is  that  it  automatically  compensates  the  nozzle  contour  for 
viscous  effects  as  part  of  the  unified  design  procedure.  Die 
new  procedure  was  demonstrated  by  designing  four  different 
helium  nozzles.  Mach  15.  Mach  12.  and  Mach  18  nozzles 
were  designed  for  a  fixed  length  and  exit  radius,  and  a 
second  Mach  15  nozzle  for  a  fixed  length  and  nozzle  throat. 
The  two  Mach  15  nozzle  designs  showed  the  flexibility  of 
the  procedure  to  easily  handle  different  types  of  design 
constraints  The  computed  flow  field  for  the  Maeh  1  5 
I  S/PNS-designed  nozzles  demonstrated  a  significant 
improvement  over  (he  classical  MlMVHI.  designed  nozzle. 
The  design  of  the  Mach  12  and  Mach  18  nozzles 
demonstrated  the  robustness  of  the  procedure  by  using  the 
same  starting  contour  as  the  Maeh  15  designs. 

The  new  design  procedure  makes  it  practical  to  design  high 
Mach  number  hypersonic  wind-tunnel  nozzles  using  Cl  l) 
codes.  The  nozzle  designer  will  have  to  specify  initial  and 
boundary  conditions,  centerline  Maeh  number  distribution, 
number  and  location  of  cubic  splines,  design  constraints, 
and  select  a  turbulence  model  for  use  in  the  calculations. 
However,  once  these  conditions  are  specified,  a  design  can 
he  made  with  this  procedure  to  satisfy  most  practical 
requirements. 
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Fig.  1  Design  centerline  Mach  number  distribution.  Fig.  4  Comparison  of  wall  contours  for  case  1. 


Fig.  2  Wall  slope  computed  using  a  cubic  spline. 


Fig.  5  Centerline  Mach  number  distribution,  case  1 
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Reduction  of  objective  function  for  case  1. 
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Distance  from  nozzle  throat,  x/rt . 

Fig.  12  Comparison  of  specified  and  computed 
centerline  Mach  number  distribution. 


Distance  form  nozzle  centerline,  y/r, . 


Fig.  13  Comparison  of  Mach  exit  profile  with 
design  Mach  number. 


Distance  from  nozzle  throat,  x/r, . 

Fig.  14  Comparison  of  wall  contours  for  case  2. 


Distance  from  nozzle  throat,  x/rt . 
Fig.  15  Centerline  Mach  number,  case  2. 


Distance  from  nozzle  centerline,  y/rt. 


Fig.  16  Exit  Mach  number  profiles,  case  2. 
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Fig.  17  Nozzle  exit  pressure  profiles  for  case  2. 
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Fig.  18  Flow  angle  for  case  2. 
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SUMMARY 

The  requirement  of  the  design  process  of  hypersonic 
vehicles  to  predict  flow  past  entire  configurations 
with  wings,  fins,  flaps  and  propulsion  system  repre¬ 
sents  one  of  the  major  challenges  for  aerothermody- 
namics.  In  this  context  computational  fluid  dynam¬ 
ics  has  come  up  as  a  powerful  tool  to  support  the 
experimental  work.  The  present  paper  describes  a 
couple  of  numerical  methods  developed  at  MRB  de¬ 
signed  to  fulfil  the  needs  of  the  design  process.  The 
governing  equations  and  fundamental  details  of  the 
the  solution  methods  are  shortly  reviewed.  Results 
are  given  for  both  geometrically  simple  test,  cases  and 
realistic  hypersonic  configurations.  Since  there  is  still 
a  considerable  lack  of  experience  for  hypersonic  flow 
calculations  an  extensive  testing  and  verification  is 
essential.  This  verification  is  done  by  comparison  of 
results  with  experimental  data  and  other  numerical 
methods.  The  results  presented  prove  that  the  meth¬ 
ods  used  are  robust,  flexible  and  accurate  enough  to 
fulfil  the  strong  needs  of  the  design  process. 

1  INTRODUCTION 

The  development  of  airbreathing  hypersonic  cruise 
vehicles  covers  a  wide  range  of  new  problems  in 
the  field  of  aerodynamics,  aerothermodynamics  and 
propulsion  integration  (Fig.  1,  [1]).  Completely 
new  aerodynamic  shapes  have  to  be  found  in  order 
to  meet  the  requirements  of  the  whole  flight  mis¬ 
sion.  'Lhe  configuration  has  to  be  stable  and  con- 
trolable  in  a  region  ranging  from  very  low  speed 
during  horizontal  take  ofT  and  landing  up  to  high 
Mach  numbers  during  cruise.  The  flow  at  cruise  con¬ 
ditions  is  mainly  dominated  by  viscous  effects  and 
the  Reynolds  numbers  are  very  high.  Due  to  the 
long  flight  times  aerodynamic  drag  and  heating  have 
to  be  minimized  in  order  to  reduce  weight  of  fuel 
and  insulation.  In  this  context  transition  laminar 
turbulent,  turbulence  and  solid  wall  radiation  play  a 
major  role.  Furthermore  a  good  integration  of  the 
propulsion  system  is  essential  in  order  to  get  a  suit¬ 
able  precompression  of  the  flow  entering  the  intake 
and  to  keep  the  drag  as  small  as  possible.  For  these 
reasons  it  is  necessary  to  predict  hypersonic  external 
ami  internal  flows  precisely  to  get  detailed  knowledge 


of  aerodynamic  coefficients,  thermal  loads,  mass  flow 
rates  and  other  physical  properties. 

With  the  advent  of  modern-high  speed  computers 
computational  fluid  dynamics  (CFD)  is  more  and 
more  applicable  for  these  investigations  and  has  be¬ 
come  an  important  tool  of  design  aerodynamics.  It 
is  commonly  used  today  to  support  the  experimental 
work.  Advantages  of  CFD  as  compared  to  experi¬ 
ments  are  lower  cost  and  lower  turn-around  times. 
This  holds  especially  in  hypersonic  since  due  to  the 
high  free-stream  enthalpy  of  the  flow  windtunnel  ex¬ 
periments  are  very  expensive.  A  tremendous  techni¬ 
cal  effort  is  necessary  to  simulate  effects  like  radia¬ 
tion,  catalytic  walls  or  chemical  reactions  correctly. 
CFD  is  in  principle  suited  to  overcome  these  prob¬ 
lems,  provided  a  proper  mathematical  modelling  for 
the  particular  effects  is  available.  The  development 
of  these  models  can,  of  course,  be  a  very  difficult 
task  and  an  extensive  testing  and  verification  of  both 
the  fundamental  numerical  method  and  the  physical 
modelling  is  necessary. 

Since  the  development  of  new  hypersonic  configura¬ 
tions  is  usually  starting  from  scratch  today,  a  variety 
of  numerical  methods  is  necessary  to  satisfy  the  re¬ 
quirements  of  the  particular  design  phases.  In  the 
predesign  phase  approximate  methods  and  inviscid 
methods  (potential  or  Euler  methods)  are  used  to  get 
a  quick  survey  of  the  aerodynamic  behaviour  of  the 
new  configuration.  For  the  subsequent  verification  of 
the  design  potential  and  Euler  methods  and  in  some 
cases  also  viscous  methods  are  employed.  The  inves¬ 
tigation  of  flow  details  (separation,  thermal  loads)  fi¬ 
nally  is  performed  by  means  of  viscous  methods  (cou¬ 
pling  of  Euler  and  boundary-layer  equations,  Navier- 
Stokcs  equations).  For  each  met  hod,  of  course,  a  flex¬ 
ible,  fast  grid  generation  procedure,  which  is  closely 
linked  to  the  CAD  system  used  for  the  geometric 
design,  is  mandatory. 

To  cope  with  these  demands  a  group  of  numerical 
methods  was  developed  at  MBD  (Fig.  2).  The  capa¬ 
bilities  of  these  methods  are  ranging  from  grid  gen¬ 
eration  via  viscous  and  inviscid  flow  calculation  to 
postprocessing.  The  present  paper  focuses  on  the 
practical  application  of  these  tools  in  the  design  cy¬ 
cle.  In  Chapter  2  a  survey  of  the  different  levels  of 
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modelling  real  How  is  given  together  with  the  partic¬ 
ular  governing  equations.  In  Chapter  3  a  description 
of  the  computational  methods  and  some  fundamen¬ 
tal  details  can  he  found  111  Chapter  1  the  numer¬ 
ical  methods  are  first  verified  hy  means  of  simple 
lest  cases  and  comparison  with  experimental  data  to 
ensure  the  quality  of  the  solutions.  Subsequently  a 
sample  of  results  is  shown  from  applications  within 
a  design  cycle. 


2.  I.KVKI.S  OF  MODULI. INC  RKAL  FLOW 

As  was  mentioned  in  Chapter  I  various  mathemat¬ 
ical  models  for  real  flow  exist,  each  of  them  having 
particular  advantages  with  regard  to  specific  design 

phases. 

File  probably  best  representation  of  real  flow  can  he 
expected  from  a  solution  of  the  N'avier  Stokes  equa¬ 
tions.  provided  problems  of  turbulence  modelling  are 
kept  apart.  The  most  important  drawback  of  solving 
the  Navier  Stokes  equations  for  project  applications 
is  t  lie  high  demand  of  computer  t  ime  and  storage  due 
to  the  fine  spatial  resolution  required  near  solid  walls. 
For  this  reason  a  solution  of  the  Navier  Stokes  equa¬ 
tions  is  usually  limited  nowadays  to  investigation  of 
detail  problems  and  simplifications  of  the  Navier 
Stokes  equations  are  to  he  used  in  the  design  process. 

One  simplification  is  to  drop  the  viscous  terms  to 
get  the  inviscid  Filler  equations.  Since  in  an  inviseid 
calculation  no  large  gradients  in  the  boundary  layer 
have  to  he  resolved  a  relatively  course  grid  can  be 
used  near  solid  walls,  resulting  iti  considerably  less 

■  I  Fort  of  computer  t  ime  and  storage  If  in  addition  ir- 
rot at  ionality  is  assumed,  the  potential  equations  are 

■  d' tained  which  can  he  solved  by  even  less  expensive 
panel  methods  The  disadvantage  of  using  inviscid 
•  •qiiatn >ns  is.  of  course,  that  it  is  not  possible  to  cal¬ 
culate  thermal  loads  and  skill  friction  This  can  he 
overcome  to  a  certain  extent  by  a  coupling  of  a  solu¬ 
tion  of  the  boundary  layer  equations  to  the  inviscid 
"■obit urn.  which  is  possible  in  regions  where  the  How 
remains  at t ached. 

For  each  design  phase  suitable  methods  have  to  be  se¬ 
lected  from  the  above  range  in  order  to  keep  cost,  and 
development  t  ime  as  small  as  possible  while  retaining 
tin  desired  ac(  uracy  It  should  be  mentioned,  how¬ 
ever.  that  even  the  solution  of  inviscid  equations  can 
be  too  expensive  for  early  stages  of  design  There¬ 
fore  approximate  methods  such  as  the  Newtonian 
like  methods  or  shock  expansion  methods  have  to 
he  available  as  well.  These  allow  to  get  a  very  quick 
and  inexpensive  coarse  survey  of  the  aerodynamic 
behaviour  of  new  configurations. 

In  the  following  the  governing  equations,  the  Navier 
Stokes,  the  Filler  and  the  boundary  layer  equations 
are  shortly  reviewed.  The  description  of  the  poten¬ 
tial  equations  is  omitted  for  sake  of  conciseness.  At 
the  end  of  the  chapter  the  modelling  of  thermody¬ 
namic  and  transport  properties  for  hypersonic  flow  is 
addressed  These  can  be  of  major  importance  for  the 
flow  field  due  to  high  temperatures  and  enthalpies 
involved. 


The  general  governing  equations  for  the  present 
investigations  are  the  time  dependent  Reynolds- 
averaged  compressible  Navier-Stokes  equations  in 
conservation  law  form.  In  terms  of  body-fitted  ar¬ 
bitrary  coordinates  £,t,X  using  Cartesian  velocity 
components  u,v,w  they  read 
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is  the  solution  vector  of  the  conservative  variables 
and 


f:  =  j 

(iXr  +  P(y  +  CX-)  ■ 

(d) 

P-j  \ 

(b  ’/r  +  ih )y  +  <'.'?/,)  . 

H) 

d  =  j 

(  /'-Sr  +  /■(,»+  f'Cr) 

(0) 

are  the  flux  vectors  normal  to  the  £  =  const  ,  r;  = 
roust  .X  -  const .  faces.  1  he  Cartesian  fluxes  therein 
are 
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Accepting  Stokes’  hypothesis  for  Newtonian  fluids. 
!IA  +  2/i  =  0,  the  stress  tensor  reads 
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dv  dw 
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For  the  lieat  flux  vector  Fourier’s  law 
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is  valid. 

The  letters  p,p,  T,  p,  <fc  denote  density,  pressure,  tem¬ 
perature,  viscosity  and  heat  conductivity,  e  is  the  to¬ 
tal  inner  energy  (inner  energy  +  kinetic  energy)  per 
unit  volume.  The  indices  (){,()<,,()<;  denote  partial 
derivatives  with  respect  to  r/,(  except  for  the  stress 
tensor  a  and  the  heat  flux  vector  q.  The  definition 
of  the  metric  can  be  found  for  example  in  [2]. 

The  boundary  conditions  at  the  wall  are  the  usual 
no-slip  and  impermeable  wall  conditions  for  the  ve¬ 
locity  and  one  condition  for  the  wall  temperature 
(e.g.  fixed  wall  heat  flux,  adiabatic  wall,  prescribed 
wall  temperature).  At  higher  Mach  numbers  it  is  im¬ 
port  tint  to  take  wall  radiation  into  account  since  it  is 
an  essential  process  for  the  reduction  of  the  wall  heat, 
fluxes  on  hypersonic  vehicles.  For  radiating  walls  the 
heat-flux  vector  at  the  surface  is  calculated  with 


<l  =  -k—  +  roT?l;,  (lti) 

where  n  is  the  wall  normal  direction.  The  sec¬ 
ond  term  in  Fq.  If)  is  the  radiation  term,  a  is 
the  Stephan- Boltzmann  constant  with  <r  =  5.07 
1  /\"* ),  r  is  the  emissivity  factor  of  t he  sur¬ 

face  material  (0  <  c  <  1)  and  Tw  is  the  temperature 
at  the  wall. 

[  he  Fuller  equations  are  obtained  from  the  Navier 
Stokes  equations  by  simply  neglecting  all  viscous 
terms.  For  the  inviscid  rase  slip  conditions  have  to  be 
prescribed  at  the  wall  and  it  is.  of  course,  impossible 
to  specify  a  boundary  condition  for  the  temperature. 


sionalized  Navier-Stokes  equations  transformed  to 
locally  monoclinic  surface  oriented  coordinates.  Us¬ 
ing  tensorial  notation  including  the  Einstein  summa¬ 
tion  convention  they  read  [5] 

{\/gpva)a  +  (t/tfpu3)  3  =  0,  (17) 

p  (t fyv*  +  va3v3  +  rj,  +  2£g3  tdV)  = 

=  ^  [(pt)^)  3  +  2rg3  pv’3  +  rg3  — 
-gafiP/>,  a=i,2,  (18) 

=  -p.3,  (19) 

pcp  (vaT„  +  v3T3)  = 

=  Ec  (t >ap,a  +  V3P.3)  +  + 

+  3).3  +  rg3^,3|.  (20) 

These  are  the  continuity  equation,  the  momentum 
equations  in  the  directions  parallel  to  the  wall,  the 
normal  momentum  equation  and  the  energy  equa¬ 
tion.  Greek  sub-  and  superscripts  take  the  value 
one  or  two  and  refer  to  the  directions  tangential 
to  the  wall.  p,va  ,v3  ,p,T  are  density,  contravari- 
ant  components  of  the  velocity  vector,  pressure 
and  temperature.  Re,  Pr,  Ec,cp,p  and  k  are  the 
Reynolds-,  Prandtl-  and  Eckert-number,  specific 
heat  at  constant  pressure,  viscosity  and  heat  con¬ 
ductivity.  y/g.  r^,gai3 ,  gap  are  metric  and  curvature 
properties  [5].  The  terms  underlined  in  the  above 
equations  are  curvature  terms  which  vanish  in  first 
order  theory. 

At  solid  walls  the  same  boundary  conditions  have  to 
be  imposed  as  for  the  Navier  Stokes  equations.  At 
the  outer  edge,  the  boundary  layer  has  'o  be  matched 
with  the  inviscid  flow  such  that,  second-order  effects 
are  included.  The  only  way  to  achieve  this  second- 
order  matching  is  to  merge  the  boundary  layer  and 
the  external  flow  at  the  boundary-layer  outer  edge, 
i.e.  the  velocity  coordinates,  the  pressure  and  the 
temperature  are  set.  equal  to  those  of  the  external 
flow  there.  This  is  in  contrast  to  first  order  theory, 
where  the  inviscid  flow  variables  are  taken  from  the 
wall. 


2 . 2  Boundary  layer  equations 

For  hypersonic  problems  classical  boundary- layer 
theory  tends  to  fail  to  properly  model  the  viscous 
flow  [3.4].  This  is  due  to  the  fact,  that  typical  hy¬ 
personic  flows  of  interest  are  in  most  cases  charac¬ 
terized  by  relatively  thick  boundary  layers  compared 
to  the  local  curvature  of  the  surface.  Furthermore, 
strong  vorticity  and  an  entropy  layer  are  generated 
by  the  curved  bow  shock  in  front  of  blunt  bodies, 
which  has  to  be  taken  into  account  in  a  boundary 
layer  calculation.  For  these  reasons  a  second  order 
boundary  layer  model  has  to  be  used 

1  he  second  order,  three  dimensional,  compressible 
boundary  layer  equations  are  derived  by  an  order  of 
magnitude  analysis  of  the  terms  of  the  nondimen- 


In  addition  to  curvature,  the  displacement  effect  of 
the  boundary  layer  is  an  important  second-order  ef¬ 
fect.  The  effective  thickening  of  the  body  due  to  the 
mass  flow  deficit  resulting  from  viscous  effects  can  be 
modelled  either  by  modifying  the  original  surface  by 
the  displacement  thickness  or  by  imposing  a  distri¬ 
bution  of  quivalent  sources  on  the  original  surface 
to  make  the  displaced  surface  a  stream  surface  of 
the  equivalent  inviscid  flow  [6].  When  the  bound¬ 
ary  layer  flow  is  known,  the  corresponding  inviscid 
sources  can  be  calculated  [5]. 

Coupling  the  inviscid  and  the  boundary  layer  cal¬ 
culation  is  thus  performed  in  the  following  sequence 
[5]: 


r 
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•  purely  inviscid  flow  calculation  with  slip  at  the 
wall 

•  boundary  layer  calculation,  including  the  effect 
of  surface  curvature 

•  calculation  of  the  inviscid  sources  distribution 

•  inviscid  flow  calculation  with  wall  outflow  con¬ 
dition 

•  second  boundary- layer  calculation  with  new- 
outer  edge  boundary  conditions  matched  with 
the  new  inviscid  flow  solution. 


2 . 3  Thermodynamic  and  transport  properties 

To  close  the  equations  presented  in  the  preceeding 
chapters  the  thermodynamic  and  transport  proper- 
tie.'  of  the  fluid  have  to  he  specified. 

for  air  at  moderate  Mach  numbers  the  equation  of 
state  for  perfect  gas  can  be  used,  fn  addition,  the 
Sutherland  law  expresses  the  viscosity  as  a  function 
of  the  temperature  and  the  assumption  of  constant 
Prandtl  number  for  the  heat  conductivity  can  be  em¬ 
ployed. 

In  many  cases  of  practical  interest,  however,  the  as¬ 
sumption  of  perfect  gas  does  not  hold  due  to  high 
temperatures  at  least  in  some  regions  of  the  flow  field 
,4j.  In  the  general  case  different  degrees  of  freedom  of 
the  molecules  can  be  excited  and  chemical  reactions 
may  occur.  These  effects  lead  to  an  energy  consump¬ 
tion  decreasing  the  temperatures  and  thus  the  heat 
loads  at  the  vehicle.  For  estimating  the  importance 
of  these  effects,  the  first  Damkohler  number  [7], 


thermodynamic  variables.  This  is  the  consequence- 
of  the  fact,  that  the  chemical  reactions  are  so  fast, 
that  typical  relaxation  times  are  orders  of  magnitude 
smaller  than  typical  residence  times.  Thus,  equilib¬ 
rium  is  reached  at  each  point  and  the  composition  is 
described  by  the  equilibrium  constants.  For  the  cal¬ 
culation  of  t  he  composition,  a  procedure  minimizing 
the  Gibbs  free  energy  is  appropriate.  To  determine 
the  thermodynamic  properties  an  interpolation  pro¬ 
cedure  is  used  for  the  state  surfaces  based  on  a  bicu¬ 
bic  polynomial  as  basis  function  [4]. 

The  piecewise  bicubic  representation  is  necessary  to 
obtain  the  required  accuracy,  because  the  state  sur¬ 
faces  in  general  show  complex  shapes.  Using  ap¬ 
propriate  boundary  conditions  at,  the  edge  of  each 
of  the  intervals,  a  smooth,  twice  differentiable  state 
surface  is  obtained  which  is  of  great  importance  es¬ 
pecially  for  the  evaluation  of  the  partial  derivatives 
needed  in  most  viscous  and  inviscid  methods.  They 
are  calculated  easily  by  the  analytic  derivative  with 
respect  to  the  parameters  chosen.  In  order  to  achieve 
a  high  vectorization  degree  the  location  points  for  the 
surfaces  to  be  build  are  spaced  equidistantly  in  the 
computational  domain.  For  several  thermodynamic 
quantities  the  coefficients  have  been  determined  for 
the  parameters  internal  energy  and  density  (e,p)  and 
temperature  and  pressure  (7 ', p),  see  [8].  The  same 
approach  is  used  for  the  interpolation  of  the  trans¬ 
port  properties.  For  the  viscosity  and  the  heat  con¬ 
ductivity,  there  are  two  sets  of  coefficients,  again  for 
the  parameters  (r,  p)  and  (T,p)  [8], 

for  turbulent  flows  the  Houssinesq  approximation 
is  used  and  effective  transport  coefficients  are  in¬ 
troduced.  l'lie  equations  are  closed  with  a  model 
for  the  turbulent  viscosity  and  the  turbulent  Prandtl 
number.  For  the  present  investigations  the  algebraic 
model  of  Baldwin  and  Lomax  [9]  is  used 

3.  NUMERICAL  METHODS 


can  be  used,  where  tjiou  is  a  typical  residence  time 
of  tile  flow  and  rrf„f  is  a  typical  relaxation  time  of 
a  process.  The  influence  of  the  reactions  on  the  flow 
can  be  classified  as  follows: 


Da  i 

— 

0 

V/Ja, 

:  frozen  flow. 

ID-'* 

< 

Da  ] 

<  I03 

:  non-equilibrium 

Du  i 

— 

X 

V  Da  | 

:  equilibrium  flow 

For  frozen  flow,  the  influence  of  chemical  reactions 
and  excitation  of  internal  degrees  of  freedom  is  van¬ 
ishing.  Thus,  a  usual  perfect  gas  method  can  be 
applied.  If  necessary,  the  t hei inodynamic  and  trans¬ 
port  properties  have  to  he  adapted  for  frozen  flow 
where  the  gas  is  not  air 


For  the  calculation  of  non  equilibrium  flow  a  variety 
of  models  exist  depending  on  the  type  of  gas  in  con¬ 
sideration,  the  chemical  reactions  involved  and  other 
parameters.  The  description  of  this  modelling  is  be¬ 
yond  the  scope  of  this  paper.  Details  and  further 
references  can  be  found  in  [4j. 

Considering  equilibrium  flow  both  the  composition 
of  the  mixture  and  the  thermodynamic  and  trans¬ 
port  properties  are  determined  by  two  independent 


To  solve  the  equations  given  in  Chapter  2  a  group  of 
numerical  methods  was  developed  at  MBB  (Fig  2). 
I  he  geometry  definition  is  received  from  the  CAD 
system  CATIA.  The  program  AKMESH  is  used  for 
the  surface  grid  generation.  The  surface  grids  gen¬ 
erated  can  be  used  as  input  for  the  panel  method 
HISSS  or  for  the  space  grid  generation  procedures 
FUG  BID  and  DOG  RID.  F.U  GRID  generates  11-type 
grids  for  the  Euler  solver  EEFLEX.  DOGBID,  de¬ 
veloped  by  Dornier  [10],  generates  multiblock  grids 
and  is  used  together  with  the  Navier  Stokes  solver 
NSFLEX.  For  postprocessing  both  a  number  of  spe¬ 
cial  purpose  routines  and  commercial  programs  are 
available. 

3. 1  Grid  generation 

Starting  point  for  the  grid  generation  process  is  the 
geometry  definition  received  from  the  CAD-system 
CATIA.  As  a  first  step  to  generate  the  surface  grid 
the  topology  of  the  space  grid  (e  g.  H-type  grid, 
multiblock  grid  etc.)  has  to  be  defined,  since  this 
influences  the  generation  of  the  surface  grid.  For 
this  purpose  singular  lines,  lost  corners,  edges  of 
block  boundaries  etc.  situated  on  the  surface  are 
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constructed  in  CATIA  They  separate  single  parts  of 
the  surface  grid  which  represent  e.g.  one  block  or 
coordinate  face  adjacent  to  a  solid  wall  and  which 
are  referred  to  further  on  as  patches. 

I  lie  surface  grid  definition  is  then  done  in  the  inter¬ 
active  program  AEMESH  (Eig.  2).  which  is  closely 
linked  to  CATIA.  It  uses  exactly  the  same  math¬ 
ematical  representation  of  surfaces  and  curves  as 
CATIA  since  the  spline  coefficients  of  the  CATIA 
surface  and  curve  representation  are  transfered  to 
AEMESH  To  generate  one  patch  the  desired  num¬ 
ber  of  points  is  distributed  along  the  four  sides  of  it 
using  a  suitable  clustering.  Note  that  a  side  of  a  grid 
patch  can  also  be  degenerated  to  a  point,  resulting 
in  a  singularity  in  the  metrics  there.  Between  the 
points  an  approximate  grid  is  generated  by  means 
of  different  techniques  (3D  interpolation.  3D  Laplace 
equations.  3D  Poisson  equations).  Since  this  grid  will 
usually  deviate  from  the  input  geometry  the  points 
are  then  projected  to  the  original  surface.  This  tech¬ 
nique  guarantees  that  the  original  CATIA  geometry 
is  used  for  the  flow  calculation.  The  single  patches  of 
the  surface  grid  are  then  stored  together  as  input  for 
EL  CHID.  DOGRID  or  for  the  panel  method  I11SSS 
i  Eig.  2). 

l  or  the  generation  of  the  space  grid  two  codes  are 
applied  at  MBB.  El'GRID  creates  11-type  grids  for 
Euler  calculations  by  solution  of  the  Poisson  equa¬ 
tions  and  supports  the  Euler  solver  KEFLEX.  Once 
the  surface  grid  is  defined  t  h*»  generation  of  the  space 
grid  is  performed  almost  automatically.  Only  few 
input  |  I'ameters  are  necessary  to  fix  the  shape  of 
the  farle  .  i  boundary  and  the  grid  spacing  near  solid 
walls.  Due  to  the  blanking  technique  applied,  see 
[ID.  even  very  complex  geometries  can  be  handled 
without  difficulties.  The  second  code,  DOGRID 
[10].  was  developed  by  Dornier.  It  is  ail  interactive 
program  for  the  generation  of  multiblock  grids  and 
is  used  together  with  the  NSFI.EX  Navier  Stokes 
solver  Further  details  can  be  found  in  [10]. 

3.2  Navier- Stokes  code  NSFLEX 

The  method  used  for  the  solution  of  the  Navier 
Stokes  equations  is  called  NSFLEX  (Javier  -  Stokes 
solver  using  characteristic  flux  extrapolation)  [12.13]. 
It  is  written  in  finite- volume  formulation  and  solves 
the  time -dependent  equations  to  reach  the  steady 
state  solution  asymtolically.  For  the  time  integration 
an  implicit  relaxation  procedure  for  the  unfactored 
equations  is  employed  which  allows  large  time  steps 
[13].  In  the  following  only  a  survey  of  the  method  is 
given.  A  detailed  description  can  he  found  for  exam¬ 
ple  in  [2,12], 

Starting  point  for  the  time  integration  is  the  first  or¬ 
der  in  time  discretized  implicit  form  of  the  Navier 
Stokes  equations.  A  Newton  method  can  be  con¬ 
structed  for  the  solution  vector  at  the  new  time  level 
by  linearizing  the  fluxes  about  the  known  time  level. 
The  resulting  system  of  equations  is  discretized  and 
solved  approximately  at  every  time  step  by  a  point 
Gauss  Seidel  relaxation,  see  [2],  The  CFL  num¬ 
ber  is  typically  about  130  to  200  for  moderate  Mach 
numbers  and  may  reduce  to  lower  ones  for  hyper¬ 
sonic  applications  The  point  Gauss  Seidel  tech¬ 


nique  is  fully  vectorized  The  speed-up  factor  on 
a  Siemens/Eujitsu  vector  computer  is  about  25  com¬ 
pared  to  a  scalar  run  on  the  same  processor. 

To  evaluate  the  inviscid  fluxes  a  linear  locally  one 
dimensional  Riemann  problem  is  solved  at  each 
finite-volume  face  up  to  third  order  accurate  in  the 
computational  space.  A  hybrid  local  characteristic 
(LC)  and  Steger-Warming  (.911')  type  scheme  is  em¬ 
ployed,  which  allows  the  code  to  work  for  a  wide 
range  of  Mach  numbers  [14].  Van  Albada  type  sen¬ 
sors  are  used  to  detect  discontinuities  in  the  solution 
Diffusive  fluxes  at  the  cell  faces  are  calculated  with 
central  differences  [13]. 

At  solid  walls  the  boundary  conditions  described  ear¬ 
lier  are  implemented.  At  the  farfield  boundaries  non- 
reflecting  boundary  conditions  are  inherent,  in  De¬ 
code  since  the  code  extracts  only  such  information 
from  the  boundary  which  is  allowed  by  the  charac¬ 
teristic  theory  At  outflow  boundaries,  as  long  as  the 
flow  is  supersonic,  the  code  does  not  need  informa¬ 
tion  from  downstream.  In  the  part  of  the  viscous 
regime  where  the  flow  is  subsonic  the  solution  vector 
is  extrapolated  constantly  No  unphysical  upstream 
effect  of  this  extrapolation  has  been  observed  up  to 
now 

A  simple  approach  to  account  for  equilibrium  real 
gas  effects  is  incorporated  which  allows  the  Riemann 
solver  and  the  left  hand  side  of  the  flow  solver  to 
stay  unchanged.  In  the  inviscid  fluxes  the  ratio  of  the 
specific  heats  appears  only  in  the  energy  equation  A 
new  total  energy  e  is  defined  with  a  reference  ratio  of 
specific  heats  7  which  is  the  freestream  7  [14]  Intro¬ 
ducing  this  definition  into  the  energy  equation  a  new 
source  term  is  obtained  If  only  steady  state  solu¬ 
tions  are  of  interest  the  time  derivative  of  the  source 
term  can  be  set  identically  to  zero.  This  means  that 
the  left-hand  side  of  the  energy  equation  is  the  per¬ 
fect  gas  equation  and  the  real  gas  influence  can  he 
formulated  as  a  source  term  on  the  right-hand  side 
Only  a  few  operations  are  necessary  to  calculate  the 
source  terms  To  account  for  equilibrium  real  gas  ef¬ 
fects  in  the  viscous  fluxes  additional  thermodynamic 
subroutines  for  the  temperature  7'  =  T(p.p)  and  the 
transport  coefficients  p  —  p(p,  p),  k  ~  k(p,  p)  are 
necessary.  The  vectorized  curve  fits  [8]  described  in 
Chapter  2  are  used  for  the  calculation  of  these  prop¬ 
erties.  For  this  reason  the  computer  time  for  real 
gas  simulations  is  only  about  20  %  higher  than  for 
perfect  gas  runs. 

NSFLEX  is  designed  to  allow  the  use  of  arbitrary 
multiblock  meshes.  All  around  each  block  two 
dummy  cell  rows  are  used.  In  these  cells  bound¬ 
ary  indicators  generated  in  the  grid  generation  sys¬ 
tem  are  stored  which  control  the  boundary  condition 
for  each  cell  of  the  block  boundaries  separately.  It 
is  possible  either  to  specify  an  adjacent  cell  in  the 
same  or  another  block  or  to  prescribe  solid  body, 
symmetry,  singular  lines  and  various  inflow  and  out¬ 
flow  conditions  by  an  identification  code.  Due  to 
this  general  treatment  of  the  block  boundaries  a  high 
amount  of  flexibility  is  achieved.  For  an  optimum  use 
of  storage  a  one-dimensional  storage  technique  is  em¬ 
ployed  including  indirect  addressing,  see  [15].  A  two- 
dimensional  and  a  quasi  two  dimensional  version  of 
the  code  are  inherent  in  the  three-dimcnsiona'  one, 
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which  is  achieved  bv  a  special  technique  described  in 

[15]. 

3.3  Euler  code  EUFLEX 

The  Euler  code  EUFLEX  provides  in  principle  simi¬ 
lar  features  for  the  Euler  equations  as  NSFLEX  does 
for  the  Navier-Stokes  equations  except  that  it  sup¬ 
ports  H-type  grids  instead  of  multiblock  grid  topol¬ 
ogy.  A  detailed  description  of  the  fundamental  nu¬ 
merical  procedure  can  be  found  in  [14,16]. 

3.4  Boundary -layer  code  SOBOL 

SOBOL  (second  order  boundary  layers)  is  a  finite- 
difference  method  for  the  solution  of  the  second- 
order  boundary-layer  equations.  It  includes  features 
specific  for  hypersonic  flows  (e  g.  air  as  equilibrium 
real  gas,  wall  radiation,  external  vorticity  and  surface 
curvature  effects  [3,17]). 

I  he  boundary-layer  equations  are  parabolic  and  can 
therefore  be  numerically  solved  by  a  space-marching 
integration  process.  The  method  is  based  on  the 
use  of  a  set  of  five  numerical  schemes  with  differ¬ 
ent  numerical  stability  properties.  At  each  sweep  in 
the  main  marching  direction,  the  sequence  of  calcu¬ 
lation  in  the  crossflow  direction  is  selected  by  choos¬ 
ing  the  most  appropriate  scheme  at  each  normal  in 
order  to  fulfil  the  local  CFL  condition  and  to  op¬ 
timize  the  crossflow  marching  process.  The  differ¬ 
ence  schemes  used  are  the  second-order  accurate  zig¬ 
zag  and  rectangular  schemes  described  in  [liSj.  f he 
"double  zig-zag”  scheme  is  employed  to  start  the  so¬ 
lution  in  a  new  plane  in  the  main  marching  direc¬ 
tion.  The  "left”  zig-zag  and  rectangular  schemes  are 
used  for  marching  in  the  positive  crossflow  direction. 
Negative  crossflow  inarching  is  performed  with  cor¬ 
responding  "right'’  schemes. 

Along  the  normals,  an  implicit  discretization  proce¬ 
dure  is  applied.  The  momentum  equations  in  the 
directions  parallel  to  the  wall  and  the  energy  equa¬ 
tion  are  solved  simultaneously.  The  discretized  non¬ 
linear  algebraic  equations  are  iteratively  solved  with 
a  Newton  method,  providing  tangential  velocity  and 
temperature  distributions  across  the  boundary  layer. 
At  each  iteration,  the  continuity  and  normal  momen¬ 
tum  equations  as  well  as  the  equations  for  the  prop¬ 
erties  of  the  gas  are  solved  to  provide  the  remaining 
flow  variables.  The  control  of  the  local  boundary 
layer  growth  is  also  part  of  the  iterative  process.  For 
more  details  about  the  solution  method  see  [3]. 

4.  VERIFICATION  AND  APPLICATIONS 
4.1  Euler  solutions 

As  a  first  verification  test  case  for  the  EUFLEX  code 
the  flow  past  the  NACA  0012  airfoil  at  free  stream 
conditions  M <*>  =  30,  a  =  20°  is  presented  (Fig.  3, 
[16]),  For  the  calculation  a  H-type  grid  was  used. 
Due  to  the  very  low  numerical  viscosity  of  the  Euler 
method  the  shock  inevitably  follows  the  grid  lines 
(Fig,  3a).  Nevertheless  the  cp- distribution  is  very 
smooth  (Fig.  3b)  and  the  total  temperature  pre¬ 
serving  feature  of  the  rode  is  very  good  (Fig.  3c). 


As  a  second  test  case  the  Euler  solution  for  the  lower 
stage  of  a  hypersonic  space  t  ransport  system  is  com¬ 
pared  with  windtiinnel  results.  Again  a  11  type  grid 
was  used  with  a  total  number  of  388  000  points  for 
the  complete  configuration  and  half  of  it  for  symmet¬ 
ric  flow  conditions.  The  surface  grid  used  is  given 
in  Fig.  4a,  [19].  Quite  good  agreement  is  achieved 
between  experimental  and  numerical  results  with  re¬ 
gard  to  the  coefficients  of  the  longitudinal  motion 
(Fig.  4b).  For  more  details  see  [lit] 

In  Fig.  5  an  Euler  solution  is  given  for  a  complete 
test  configuration  at  subsonic:  freestream  Mach  num¬ 
ber  A/ =  0.4  and  relatively  high  angle  of  attack 
a  =  13.5°.  As  can  be  seen  from  the  streamlines  given 
in  Fig.  5a  the  flow  separates  at  the  sharp  leading 
edges,  resulting  in  a  region  of  increased-! otal  pres¬ 
sure  loss  above  the  wings  (Fig.  fib).  Note  that  sepa¬ 
ration  for  the  present  case  is  not  in  contradiction  to 
the  inviseid  flow  model,  since  the  sharp  leading  edge 
provides  a  Kutta  condition  forcing  the  flow  to  leave 
the  surface. 

Two  samples  of  internal  flow  calculation  conclude  the 
presentation  of  the  Euler  results.  Fig.  6,  [20],  shows 
the  surface  grid  and  the  isobars  of  a  symmet  ry  -wall  - 
mounted  plug  nozzle.  Again  a  H  type  grid  was  used. 
The  isobars  exhibit  considerable  deviations  from  ax- 
isymmetric  flow.  The  2D-twin  nozzle  Mach  number 
isoplots  Fig.  7,  [20],  reveal  good  capturing  of  all  ma¬ 
jor  flow  phenomena.  Sliplines,  shocks  and  expansions 
are  clearly  visible, 

4.2  Navier-Siokcs  solutions 

To  assess  the  accuracy  of  the  viscous  methods  for 
hypersonic  conditions  the  flow  past  a  hyperbola  at 
free  stream  Mach  number  A/w  =  10.0  was  calcu¬ 
lated.  Both  perfect  gas  and  real  gas  assumptions 
were  used  to  verify  the  pseudo-unsteady  real  gas 
ansatz  in  NSFLEX.  In  Fig.  8a  the  upper  half  of 
the  grid  is  shown.  The  mesh  is  adapted  to  the 
solution  in  the  boundary  layer  regime  and  at  the 
bow  shock  position.  The  stagnation  temperature 
for  perfect  gas  assumption  (Tb  onaijm,,  =  4620A')  is 
recovered  quite  well  in  the  NSFLEX  computation 
[To  computed  =  46 1 8.98/C )  (Fig.  8b).  The  real  gas 
body  temperature  (adiabatic  wall)  is  about  half  the 
temperature  of  the  perfect  gas  calculation  for  this 
case.  The  Mach  contours  (Fig.  8c)  demonstrate  the 
smoothness  of  the  solution,  the  good  shock  captur¬ 
ing  feature  of  the  method  and  the  considerable  dif¬ 
ferences  in  the  shock  standoff  distance  between  the 
perfect  and  real  gas  calculation.  Fig.  8d  gives  re¬ 
sults  for  a  computation  obtained  by  a  coupling  of 
a  completely  different  shock  fitting  inviseid  method 
[21]  with  the  second  order  boundary-layer  method 
SOBOL  [17],  see  also  [22].  The  comparison  with  the 
NSFLEX  results  shows  quite  good  agreement. 

The  viscous  hypersonic  flow  past  an  analytically  de¬ 
fined  generic  cruise  vehicle  forebody  was  numerically 
analysed  in  [23,24],  On  the  grid  displayed  in  Fig. 
9a  a  laminar  three-dimensional  calculation  was  per¬ 
formed.  The  skin  friction  lines  in  Fig.  9b  indicate 
an  attachment  line  on  the  lower  side  and  a  primary 
separation  on  the  upper  side.  In  Fig.  9c  the  temper¬ 
ature  distributions  along  the  lower  side  found  from 
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I  wo  dimensional  computations  for  laminar  and  tur¬ 
bulent  (low,  perfect  and  real  gas,  adiabatic  and  ra¬ 
diation  adiabatic  wall  are  compared.  For  all  turbu¬ 
lent  cases  transition  was  fixed  at  10  per  cent  of  the 
body  length.  For  the  cases  with  radiation  the  ernis- 
sivity  factor  in  the  radiation  boundary  condition  was 
set  toe  —  0.85.  Compared  to  the  laminar  flow  the 
turbulent  case  without  real  gas  and  radiation  yields 
somewhat  higher  temperatures.  If  real  gas  effects  are 
included  a  significant  reduction  of  the  overall  wall 
temperature  is  observed.  The  application  of  radia¬ 
tion  boundary  conditions  finally  reduces  the  temper¬ 
atures  a..ain  considerably.  A  more  detailed  descrip¬ 
tion  of  the  results  including  cp~  and  ^-distributions 
can  be  found  in  [23]. 

Results  for  a  shock  impinging  on  a  circular  cylinder 
are  presented  in  Fig.  10,  [25].  This  situation  can 
In-  present  for  example  at  the  lip  of  an  intake.  Due 
to  the  shock /shock-interaction  extremely  high  heat 
and  pressure  loads  can  appear  at  the  surface.  Ac¬ 
cording  to  [20]  six  types  of  shock/shock-interaction 
can  be  classified,  where  Type  Ilf  (Fig.  10a)  and  IV 
( Fig.  10b)  result  in  the  highest  heat  and  pressure 
loads.  A  detailed  analysis  of  the  influence  of  perfect 
or  real  gas  assumption  and  beat  radiation  on  the  wall 
t-  niperat  ire  and  pressure  for  these  two  test  problems 
e  n  lie  fc  mil  in  [25]. 

An  internal  viscous  flow  result  is  presented  for  the 
NASA  P  *  intake,  see  [27],  Fig.  11a  and  b  show  a 
sketch  i .  the  geometry  and  the  computational  grid, 
which  consists  of  three  blocks.  In  the  isobars  (Fig. 
11c)  the  reflection  of  the  cowl  shock  is  clearly  vissi- 
ble.  The  pressure  distributions  along  the  centerline 
of  the  ramp  calculated  with  different  grids  and  dif¬ 
ferent  numerical  viscosity  are  compared  with  experi¬ 
mental  data  in  Fig.  lid.  For  a  more  detailed  analysis 
of  the  present  results  with  experimental  data  see  [27], 

■1 . 3  Roundary-layer  solution 

Finally  a  coupled  Euler/boundary-layer  solution  is 
presented  for  hypersonic  flow  past  the  nose  of  the 
Orbitcr  reentry  vehicle  (Fig.  12).  The  surface  grid 
for  this  calculation  is  given  in  Fig._  12a.  To  gen¬ 
erate  the  inviscid  solution  the  shock  fitting  method 
[21]  was  used.  Based  on  this  solution  both  first 
and  second- order  calculations  were  performed  using 
SOPOL.  Fig.  12b  shows  temperature  contours  of 
the  secondiorder  boundary-layer  solution.  The  wall 
temperatures  and  the  skin  friction  coefficients  of  the 
first  and  second-order  calculation  are  compared  in 
Fig.  12c  and  d.  Due  to  the  improper  coupling  of  the 
first-order  solution  to  the  inviscid  flow  considerable 
discrepancies  are  observed. 

5.  CONCLUSIONS 

A  couple  of  numerical  methods  developed  at  MBB 
were  presented,  each  of  them  having  particular  ad¬ 
vantages  with  regard  to  specific  design  phases.  The 
importance  of  a  proper  choice  of  the  numerical 
method  in  order  to  keep  cost  and  development  time 
as  !o  v  as  possible  while  retaining  the  desired  ac¬ 
curacy  wai  emphasised.  The  governing  equations 
were  shortly  reviewed  .and  the  fundamental  numer¬ 


ical  methods  were  described.  The  results  selected 
from  industrial  applications  demonstrate  the  capa¬ 
bilities  of  the  methods  with  regard  to  external  and 
internal  flow  calculations.  Verification  of  the  meth¬ 
ods  was  done  by  comparison  of  the  results  to  exper¬ 
imental  data  and  other  numerical  methods  and  by 
analyzing  the  results  with  regard  to  physical  consid¬ 
erations.  _  ^ 
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Figure  6:  Euler  solution  for  a  symmetry- 

wall-mounted  plug  nozzle;  a)  surface  grid;  b)  isobars 


Figure  7:  Euler  solution  for  a  2D-twin-nozzle,  Mach 
contours;  a)  Af^o  —  3.5;  b)  Afw  =  1.2 
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Figure  8:  Viscous  calculation,  hyperbola  flow 
(M0 o  =  10,  fle/m  =  1,600,000,  a  =  0°,  perfect 
gas);  a)  computational  grid,  Navier-Stokes  solution 
(240  x  50  cells);  b)  temperature  distribution  along 
body,  NSFLEX:  c)  isobars,  NSFLEX;  d)  isobars, 
coupled  Euler/boundary-layer  method 
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Figure  9:  Generic  hypersonic  fombodv  calculation 
[.\U,  -  6.8,  t»  =  6°.  Re  =  1.22x  10s,  7^  =  227.65/7. 
laminar)  a)  computational  grid  (75x70x64  cells);  b) 
skin  friction  lines,  lower  and  upper  side;  c)  temper¬ 
ature  distributions  (21)  calculation);  d)  skin  friction 
distributions  (2D  calculation) 
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Figure  10.  Navier -Stokes  calculation  of  hypersonic 
flow  past  a  circular  cylinder  with  impinging  shock 
(A/no  =  4.6,  Re/m  =  4  4  x  10s,  c  =  0.85  real  gas, 
laminar)  a)  interaction  type  III;  b)  interaction  type 
IV 
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Figure  11:  Navier- Stokes  calculation.  NASA  P8  in¬ 
take  (,W^  =  7.4.  Re/rn  =  8.86  x  a)  sketch 

of  geometry:  b)  computational  grid;  c)  isobars;  d) 
pressure  distribution  along  centerline  of  the  ramp 


Figure  12.  Coupled  Euler/boundary-layer  calcula¬ 
tion,  reentry  vehicle  (Moo  =  25.6,  h  =  75km)  a) 
computational  grid:  b)  temperature  contours;  c)  wall 
temperature  distribution  d)  skin  friction  distribution 
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1.  SUMMARY. 

An  international  collaboration  on  the  development  of  multi 
block  flow  solvers  using  structured  gTids  is  presented.  The 
flow  equations  are  solved  by  the  Finite  volume  method  using  a 
space  centered,  explicit  time  marching  scheme  augmented  by 
artificial  dissipation  terms.  Implicit  residual  smoothing  is  used 
to  accelerate  convergence  to  steady  state. 

The  multi  block  flow  solvers  are  written  on  top  of  the  MEM- 
COM  data  base  system  which  provides  the  data  structure,  and 
use  a  Dynamic  Memory  Manager  to  allocate  the  necessary 
storage  for  each  block.  The  Euler  solver  EULMB  can  be  used 
to  simulate  hypersonic  flows  including  equilibrium  and  non¬ 
equilibrium  air  chemistry.  Recently  the  Euler  solver  has  been 
extended  to  solve  the  Navier  Stokes  equations  for  laminar 
caloric  perfect  gas  flows  (NSMB  flow  solver). 

Calculated  results  for  the  calculation  of  the  flow  over  a  double 
ellipsoid  and  over  the  HERMES  space  shuttle  arc  presented. 
The  inviscid  calculations  around  HERMES  showed  that  if  one 
is  only  interested  in  the  aerodynamic  coefficients,  equilibrium 
air  calculations  are  sufficient. 

Parallel  computations  showed  that  the  communication 
overhead  between  blocks  is  less  than  0.5%,  showing  that  the 
multi  block  concept  is  very  promising  for  using  parallel 
computers  efficiently. 


2.  INTRODUCTION. 

Hypersonic  flows  arc  characterized  as  high  speed  flows  in 
which  physical  processes,  like  the  dissociation  of  air  and 
radiative  heat  transfer,  are  important.  These  processes  are 
triggered  by  strong  shock  waves  present  in  the  flow  field 
around  vehicles  flying  at  hypersonic  speeds. 

The  acrothermodynamics  design  of  modern  and  efficient 
space  planes  like  HERMES,  NASP  and  SANGER  must  use 
the  most  advanced  computational  and  experimental  techniques 
currently  available.  This  is  particularly  true  at  flight  conditions 
when  air  chemistry  becomes  important,  because  the  ground 
based  testing  is  difficult  and  the  designer  is  forced  to  rely  even 
more  on  his  computational  tools.  To  be  really  useful  these 
tools  must:  1)  represent  the  geometry  of  a  realistic 
configuration,  2)  predict  shock  wave  positions  and 
interactions,  vortex  phenomena,  flow  separation,  and  local 
heating  effects,  3)  model  the  air  chemistry,  either  equilibrium 
or  non-equilibrium,  and  its  effects  on  item  2,  and  4)  have 
reasonable  run  times  on  either  a  supercomputer  or  a  parallel 
computer. 

IMHEF/EPFL,  FFA  and  C2M2/KTH  cany  out  a  joint  project 
on  the  development  of  multi  block  flow  solvers  that  meets  the 


four  above  requirements.  It  is  multi  block  to  treat  complex 
geometries,  it  incorporates  equilibrium  and  non-equilibrium 
air  chemistry,  and  it  uses  efficiently  parallel  computers.  The 
principal  interest  of  IMHEF/EPFL  and  FFA  in  this  project  is 
the  simulation  of  complex  flows  around  realistic 
configurations.  The  main  interest  of  C2M2/KTH  is  to  develop 
and  explore  algorithms  for  parallel  computers. 


3.  GOVERNING  EQUATIONS. 

The  Navier  Stokes  equations  written  in  Cartesian  coordinates 
for  chemical  non-equilibrium  flows  are  written  in  conservative 
form  as 

A  W+A(|,'(W).  Kv(w)  )  +  ^-(G(w)  -  Gv(w)  )  + 
dt  dx  dy 


—  (H(w)  Hv(w)  )  =  S(w) 
dz. 


The  slate  vector  w  is  given  by 
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and  the  inviscid  flux  vectors  F,  G  and  II  arc  calculated  from 
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In  the  equations  above,  p  denotes  the  density,  u,  v  and  w  the' 
cartesian  velocity  components,  E  the  total  energy,  p  the 
pressure  and  ps  the  partial  density  of  species  s.  The  equations 


for  the  partial  densities  are  only  solved  for  inviscid  chemical 
non-equilibrium  flows. 

For  caloric  perfect  gas  flows,  the  viscous  flux  vectors  Fv,  Gy 
and  Hv  state 


e(ps,T)  =  E  -l-(u2  +  v2  +  w2) 


(6) 


and  by  the  equation  of  state,  which  relates  the  pressure  to  the 
temperature  and  partial  densities 
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where  the  components  of  the  shear  stress  tensor  t,  the  heat 
flux  vector  q  and  the  viscous  dissipation  0  equal 


p  =  r°tt£l  (7) 

s  Ms 

In  this  equation  R°  is  the  universal  gas  constant  and  Ms  the 
molar  mass  of  species  s.  Note  that  the  sum  of  the  partial 
densities  equals  the  density  p. 

4.  AIR  CHEMISTRY  MODELLING. 
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4.1.  Introduction. 

Both  equilibrium  and  non-equilibrium  air  chemistry  have  been 
implemented  in  the  Euler  solver  EULMB.  It  has  been  assumed 
that  air  consists  of  5  chemical  species,  respectively  the 
molecules  N2.  O2  and  NO  and  the  atoms  O  a./)  N.  This 
assumption  is  valid  for  temperatures  below  9000  K,  wi.e-e 
ionization  processes  have  not  become  important  yet.  A  second 
assumption  is  that  air  can  be  treated  as  a  mixture  of  perfect 
gases.  This  implies  that  inlermolecular  forces  between  the 
particles  are  neglected,  which  is  a  valid  assumption  when 
simulating  hypersonic  flows  with  a  continuum  approximation. 


9x  = 


dx  =  "'xxU  +  GyV  +  Txzw 


Cty  —  TyjjU  +  TyyV  +  TyyW 


«z  =  xzx“  +  xzyv  +  xzzw 


where  T  represents  the  temperature.  The  viscosity  p  is 
assumed  to  be  constant  or  is  calculated  from  Sutherland's  law; 
the  thermal  conductivity  k  is  in  both  cases  calculated  from  the 
Prandtl  number  Pr. 


k  =  ^ 

Pr 

where  Cp  is  the  specific  heat  at  constant  pressure. 
The  chemical  source  term  Sfw)  is  written  as 


S(w)  = 


JO 

0 

0 

0 
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(5) 


where  the  source  term  c%  represents  the  net  production  rale  of 
species  s  by  chemical  reactions,  see  Section  4. 

The  system  of  equations  is  closed  by  the  relation  between  the 
total  energy  E  and  the  internal  energy  e. 


4.2.  Equilibrium  Chemistry. 

For  flows  in  chemical  equilibrium,  no  partial  differential 
equations  for  the  partial  densities  need  to  bo  solved,  and  the 
Euler  equations  arc  the  same  as  for  caloric  perfect  gas  flows. 
The  effects  of  equilibrium  chemistry  appear  in  the  equation  of 
state,  which  relates  the  pressure  to  the  internal  energy  and  the 
density. 

There  exist  several  methods  to  account  for  the  effects  of 
equilibrium  air  chemistry,  and  in  a  previous  study  (ref.  1)  it 
was  found  that  a  method  based  on  the  calculation  of  the 
equilibrium  composition  and  equilibrium  temperature  was 
computationally  the  most  efficient. 

The  calculation  of  the  equilibrium  air  composition  for  the  five 
species  air  model  requires  Ihe  solution  of  five  algebraic 
equations.  Of  the  five  species,  two  arc  elements  (Ni  and  (>2) 
which  are  conserved  under  chemical  reactions.  This  means 
that  only  three  equilibrium  reaction  equations  need  to  be 
considered,  and  these  are  the  reactions  in  which  a  chemical 
species  (NO,  N  and  O)  is  formed  from  its  elements.  These 
equations,  often  called  the  "laws  of  mass  action"  (ref.  2)  state: 


The  equilibrium  constants  Kc  arc  in  general  exponential 
functions  of  the  temperature,  the  latter  property  related  to  the 
internal  energy  and  composition  by 
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e=l|Ipshs(T)  -  pj 


(9) 
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The  enthalpy  of  a  species,  hs,  is  a  function  of  the  temperature. 
The  equations  for  the  conservation  of  the  elements  O2  and  N2 
state  respectively 


Jlc  =  kf,k  n 

I 


kb,k  n 


PO2  +  PO  +  PNO  =  P  Z02 

1  2  Mfgo 

(10) 

PNo  +  PN  +  PNO  =  P  ZN2 
1  2  Mno  1 

where  Z  is  the  elemental  mass  fraction,  which  for  inviscid 
flows  is  a  constant,  equal  to  its  freestream  value. 

The  data  given  by  Park  (ref.  3)  are  used  to  calculate  the 
equilibrium  constants  Kc  and  the  enthalpies  of  the  five 
chemical  species. 

The  system  of  equations  (8)-(10)  can  be  solved  by  iteration  to 
yield  the  equilibrium  composition  and  temperature.  To  save 
computational  costs,  an  equivalent  gamma  has  been  defined  as 


y- 


1+  p_=  1+511  £jp£. 

pe  pe  s  Ms 


The  forward  reaction  rates  are  in  general  given  by  an 
Arrhenius  equation. 


kf,k  =  BkTak  exp(-Ek/T) 


where  Ek  is  the  activation  temperature,  and  Bk  and  ak  are 
constants.  The  backward  reaction  rates  are  often  calculated 
from  the  equilibrium  constant. 


kb,k  = 


kf,k 

Kc.k 


The  five  species,  seventeen  reaction  model  is  used  to  describe 
the  chemistry.  This  model  consists  of  three  dissociation 
reactions  (dissociation  of  O2.  N2  and  NO)  using  each  of  the 
five  chemical  species  as  third  body,  ar.d  of  two  exchange 
reactions.  Park's  data  are  used  to  compute  the  forward  reaction 
rates  and  the  equilibrium  constants  (ref.  3). 


and  in  the  computations  the  pressure  is  calculated  from 
P  =  (?•  l)pe  =  (y  l)p|E-l(u2  +  v2  +  w2)j 


5.  NUMERICAL  ME  THOD. 

Equation  (1)  is  discretized  in  space  using  the  finite  volume 
method  (ref.  5),  resulting  in  the  following  system  of  ordinary 
differential  equations. 


This  equivalent  gamma  needs  to  be  recalculated  only  once  per  , 

100  time  steps.  ~  (Vj.jjc  wi,j,k  ) +  Qi.j.k  ‘  Bi,j.k  U 1) 


4.3.  Non-Equilibrium  Chemistry. 

For  flows  in  chemical  non-equilibrium  partial  density 
equations  describing  the  mass  balance  of  the  different 
chemical  species  in  the  mixture  need  to  be  solved.  For  inviscid 
flows,  the  number  of  partial  density  equations  in  Eq.  (1) 
equals  the  number  of  species  minus  the  number  of  elements 
among  these  species.  For  the  five  species  air  model,  this  yields 
three  equations;  Eq.(10)  is  used  to  find  the  partial  densities  of 
the  molecules  O2  and  N2- 

The  net  chemical  production  rate  of  a  species  by  chemical 
reactions.  is  calculated  as  follows.  Consider  the  general 
system  of  m  reversible  reactions. 

kb.k 

Ivs‘|l  As  ♦+  £vsjk  As  k  =  1 . m 

5  5 

kfik 

where  kf  k  and  kb,k  we  respectively  the  forward  and 
backward  reaction  rates,  and  where  As  denotes  the  chemical 
symbol  of  species  s.  v,  k  is  the  stoichiometric  coefficient,  and 
the  superscripts  a  and  b  refer  to  reactants  and  products 
respectively.  In  standard  text  books  on  combustion  (ref.  4)  it 
can  be  found  that  for  this  system  of  chemical  reactions,  the 
chemical  production  rate  term  can  be  calculated  from 


where  Vjj^  is  the  volume  of  die  cell  (i.j.k).  and  Wjj  k  and 
Bi,j,k  uc  approximations  of  respectively  w  and  S  in  diis  cell. 
Qi.jjt  represents  the  residue  of  the  inviscid  and  viscous  fluxes 
leaving  or  entering  the  cell,  which  is  calculated  from 

Qi.j.k  =  hi+l/2.j.k  A-lft.j.k  +  bi.j+lfZ.k- 

hi.j-ltf.k  +  bj  j  k+i/2  -  hi,j,k-l/2  (12) 

where 


hi-l/Zj.k  =[  «  «  <lS=H;.]/2ij,k  n  dS 

Ji-lf2,j,k  Ji-l/2,j,k 

In  this  equation,  n  is  the  surface  normal,  dS  is  the  surface  area 
and  H  the  flux  tensor  H=(F-FV.  (I-Gv,  H-Hv).  The  value  of 
this  tensor  at  the  surface  i-l/2,j,k  is  calculated  from  Eqs.  (3) 
and  (4)  using  the  average  of  the  state  vectors  having  this  side 
in  common.  On  a  cartesian  grid,  this  results  in  a  scheme  that  is 
second  order  accurate  in  space. 

The  velocity  and  temperature  gradients  in  the  shear  stress 
tensor  and  the  heat  flux  vector  respectively,  arc  calculated  at  a 
surface  using  the  gradient  theorem  on  a  shifted  volume. 
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,|v^v,|dv  =  J-| 


0dS 


where  Dj.j.k  is  the  net  artificial  dissipative  flux  in  cell  (i.j.k), 
which  is  calculated  in  a  similar  way  as  Qi_j.it  by  considering 
(13)  fluxes  at  cell  boundaries. 


Figure  1  shows  the  2D  layout  of  a  part  of  the  grid  used  for  the 
calculation  of  the  gradients  at  surfaces  in  the  direction  1, 
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Figure  1 .  Layout  of  a  2D  grid  system  used  for  the 

calculation  of  the  gradients  in  the  direction  1 . 


When  integrating  Eq.  (13)  along  the  shifted  control  volume, 
the  cell  center  values  are  directly  available  for  the  direction  1, 
while  for  the  direction  2,  the  value  of  t>  at  the  comer  points  arc 
obtained  by  averaging  the  cell  center  values. 

Near  boundaries,  the  shifted  volume  is  reduced  to  a  half 
volume  along  which  Eq.  (13)  is  integrated.  In  this  way, 
Dirichlet  boundary  conditions  are  imposed  directly  when 
calculating  the  gradients. 

Second  order  accurate  schemes  permit  solutions  in  the  form  of 
a  sinus  wave,  so  called  spurious  or  odd/even  oscillations, 
which  have  to  be  suppressed  by  adding  a  highet  order 
dissipation  term.  Moreover,  second  order  accurate  schemes 
produce  oscillations  near  shock  waves.  A  second  order 
dissipation  term  is  added  to  the  scheme  in  the  regions  of  shock 
waves,  making  the  scheme  locally  first  order.  A  fourth  order 
dissipation  term  is  added  to  suppress  the  odd/even  oscillations. 
After  addition  of  the  dissipative  terms,  Eq.  (1 1 )  can  be  written 
as 


-f  (Vi,j.k  "ilk  )  +  Qi.j.k  -  Dj,j>k  -  Sj.j.it  =0  (14) 

dt 


Di.j.k  =  di+i/2,j,k-di.i/2,j,k+di,j+t/2,k- 

di,  j-l/2,k+di,  j.k-t-l  /2  -  di,j,k-l/2 

The  artificial  dissipative  flux  at  the  cell  side  (i-l/2,j,k)  can  be 
calculated  from 


di-l/2,j.k  = 


(2) 

ri-l/2.j.k£i-l/2,j,k 

(wi,j,k  wi-l,j,k)  ' 

(4) 

ri-l/2,j,kEi-]/2,j,k 

(wi+l.j,k-3wid.k  + 

3wi-l,j,k  -  wi-2,j,k) 

(15) 

In  this  equation,  r  is  a  scaling  factor  which  relates  the 
dissipative  flux  to  the  magnitude  of  the  convective  flux 
through  this  cell  side.  This  factor  is  calculated  by  evaluating 
the  spectral  radius  of  the  Jacobian  Matrix  for  the  inviscid  (lux 
across  a  cell  face  (ref.  6).  The  coefficients  and  e(d)  are 
used  to  adapt  locally  the  discipalivc  fluxes,  and  arc  calculated 
as  follows.  Regions  with  large  pressure  gradients  are  found  by 
calculating  the  normalized  second  order  pressure  gradient. 


_Pi+l.j.k  ‘  2Pi,j,k  +  Pi-!,j.k 

Vi,j,k - ~ 

Pi+l,j,k  +  ^Pi.j.k  +  Pi-l,j.k 

From  this  coefficient,  a  switch  is  calculated  at  the  surface  of 
the  finite  volume  cell  as  the  maximum  value  of  at  the 
neighboring  cell  centers. 

vi-l/2,j,k  =  max  (  Vi-1, j,k  <  Vi,j,k  > 


From  this,  the  coefficients  E  arc  calculated  as 


c<2> 

Ei-1  /2,j,k 


c(2)  vi-l/2,j,k 


f(4) 

Ei-l/2,j,k 


=  max  (  0.0  ,  c(4)  -  e* 


(2) 

i-l/2,j,k 


) 


where  c(2)  and  c^  are  constants.  Typical  values  used  in  the 
calculations  presented  here  arc  c(2)  =  2.0,  and  c(d)  =  0.05. 
Note  that  near  shock  waves  the  fourth  order  dissipation  term  is 
switched  off,  since  it  generates  oscillations  in  these  regions. 

Equation  (14)  is  integrated  in  time  using  the  explicit  Runge 
Kutta  scheme  (ref.  5).  This  class  of  multi  stage  schemes  has 
proven  to  give  good  stability  and  damping  properties.  The  four 
and  five  stage  standard  Runge  Kutta  schemes  were  used  here. 
For  the  four  stage  Runge  Kutta  scheme,  the  contributions  of 
the  viscous  and  artificial  dissipation  terms  were  frozen  after 
the  first  stage.  For  the  five  stage  scheme,  they  were  frozen 
after  the  second  stage. 

Since  the  interest  here  is  only  in  the  steady  state  solution  of 
Eq.  (10),  convergence  is  accelerated  by  using  local  lime 
stepping,  and  by  using  implicit  residual  smoothing  (ref.  7). 


Implementation  of  non-equilibrium  chemistry  in  the  Euler 
solver  was  straightforward.  Experiences  with  a  2D  Euler 
solver  (ref.  1)  have  shown  that  for  freestream  conditions 
typical  for  hypersonic  flows,  the  chemical  source  term  could 
be  treated  using  the  standard  Runge  Kutta  scheme.  The  (local) 
time  step  in  the  Runge  Kutla  time  integration  is  now  taken  as 
the  minimum  of  the  fluid  dynamics  step  and  the  chemical  time 
step  (ref.  8), 


where  n  denotes  the  partial  differential  equations  solved  for 
the  partial  densities.  For  the  calculations  discussed  in  this 
paper,  it  was  found  that  the  fluid  dynamic's  time  step  always 
was  the  smallest. 

Test  calculations  carried  out  solving  partial  differential 
equations  for  all  five  species  showed  that  in  this  case  the 
chemical  time  step  for  the  O2  molecules  was  the  smallest,  and 
smaller  than  the  fluid  dynamics  time  step.  From  this  it  was 
concluded  that  solving  partial  differential  equations  only  for 
the  species  NO,  N  and  O  and  using  the  elemental  conservation 
equations  for  the  species  O2  and  N2  reduces  the  stiffness  of 
the  system. 

The  following  boundary  conditions  were  prescribed.  At  solid 
walls,  the  no-slip  condition  for  the  velocity  Held  together  with 
an  isothermal  wall  condition  for  the  temperature  were  applied 
for  viscous  flows,  while  for  inviscid  flows,  the  tangency 
condition  was  imposed  on  the  velocity  field  and  the  pressure 
at  the  wall  was  obtained  using  linear  extrapolation.  At  out.  tow 
and  free  stream  boundaries  Ricmaun  invariants  were  used,  and 
at  symmetry  boundaries  the  flux  into  the  computational 
domain  was  set  to  zero.  For  the  block  connectivity  boundary 
condition  the  value  of  the  slate  vector  in  the  adjacent  block 
was  used. 


6.  PROGRAMME  STRUCTURE. 

6.1.  The  MKM-COM  data  base  system. 

A  flow  simulation  can  be  split  into  several  different  processes. 
First,  the  geometry  and  the  computational  domain  need  to  be 
defined,  followed  by  the  generation  of  the  surface  meshes. 
Using  these  surface  meshes,  the  mesh  generator  creates  a  grid. 
The  third  process  is  the  solution  of  the  flow  equations,  and 
firally,  the  mesh(es)  and  the  calculated  results  are  visualized 
and  analyzed. 

From  this  description,  it  is  easy  to  sec  that  output  from  one 
process  serves  as  input  for  other  processes,  for  example  the 
output  of  the  mesh  generator  is  used  as  input  for  the  flow 
solver.  Data  transfer  between  the  processes  is  in  most  CFD 
codes  done  by  means  of  files.  For  example,  there  is  a  file  with 
the  grid  system,  a  file  with  the  flow  solution,  etc..  With  the 
development  of  the  EULMB  and  NSMB  multi  block  flow 
solvers,  another  strategy  has  been  adopted  based  on  the  use  of 
the  MEM-COM  data  base  system  (ref.  9).  MEM-COM  is  a 
data  management  system  for  memory  and  memory-to-disk 
data  handling,  and  offers  an  easy  way  to  store  and  retrieve 
large  amounts  of  data.  Data  is  stored  in  MEM-COM  in  two 
different  ways.  First,  the  grid  and  calculated  results  are  stored 
block  by  block  in  the  data  base  file  as  long  vectors.  Second, 
MEM-COM  offers  the  possibility  to  store  relational  tables 
containing  entries  in  the  form  keyword  +  value.  The  multi 
block  solvers  described  here  use  this  possibility  to  describe  for 
each  block  the  mesh  and  to  describe  each  calculation  made 
(ref.  10). 


The  main  advantage  of  using  the  MEM  COM  data  base 
system  is  that  all  data  required  for  a  flow  simulation  is  stored 
in  one  single  data  base  file.  Exchange  of  data  between  the 
different  processes  in  a  flow  simulation  is  done  through  the 
data  base  file.  Accessing  or  modifying  data  and/or  relational 
tables  is  simple,  and  docs  not  require  the  need  to  access  other 
data  stored.  Owing  to  the  possibility  to  store  relational  tables, 
the  MEM-COM  database  file  can  be  saved  directly  on  an 
archival  system  since  all  information  necessary  to  describe  the 
calculation  is  stored  in  the  data  base  file. 

Finally,  MEM-COM  incorporates  a  Dynamic  Memory 
Manager  (DMM),  which  offers  the.  possibility  to  allocate 
dynamically  the  necessary  storage  of  arrays  in  Fortran 
programs,  and  to  transfer  data  from  MEM-COM  to  the  flow 
solver. 


6.2.  Multi  Block  Implementation. 

From  a  mathematical  point  of  view  and  for  the  numerical 
scheme  used  here,  there  is  no  difference  between  a  single 
block  and  a  multi  block  solver.  It  is  on  the  level  of  the 
incorporation  of  the  boundary  conditions  that  there  appears  a 
difference  due  to  the  introduction  of  a  block  connectivity 
boundary  condition.  It  should  be  remarked  that  in  the  present 
version  of  the  multi  block  solvers,  it  is  assumed  lhat  grid  lines 
are  continuous  across  a  block  interface. 

The  boundary  conditions  implementation  in  the  multi  block 
solvers  has  received  special  attention  to  combine  a  high 
flexibility  and  a  high  computational  efficiency.  To  obtain  a 
high  flexibility,  each  side  of  a  block  can  be  divided  into  an 
arbitrary  number  of  windows,  each  window  having  a  different 
boundary  condition  type.  To  obtain  a  high  computational 
efficiency,  the  implementation  of  the  boundary  conditions 
(including  the  block  connectivity  boundary  condition)  is 
uncoupled  from  the  algorithm  used  to  update  the  inleriot 
points.  The  concept  of  boundary  arrays  and  ghost  cells  (ref. 
11 )  is  used  to  transfer  the  boundary  condition  information  to 
the  algorithm  for  the  interior  points.  Two  ghost  colls  are 
required  at  each  side  or  the  computational  domain. 

The  block  connectivity  boundary  condition  is  updated  only 
once  per  time  step,  while  all  other  boundary  Ports  are 
updated  each  Runge  Kutla  stage.  In  this  way,  it  is  possible  to 
ire-.  v.aeli  block  in  a  rt.  tl'i  block  simulation  as  if  it  w  as  a 
single  block  calculation  (a  multi  block  calculation  is  seen  as 
multiple  single  block  calculations).  Moreover,  the 
communication  overhead  between  blocks  is  reduced. 

Variable  storage  is  allocated  block  by  block  using  the  DMM. 
which  is  very  suitable  for  parallel  compulations  on  local 
memory  computers,  since  a  block  can  be  directly  connected  to 
a  processor.  On  shared  memory  cuinpuioio  DMM  provides 
the  pointers  pointing  to  the  first  address  of  each  array. 

For  multi  block  calculations  using  a  single  processor,  EULMB 
and  NSMB  contain  an  option  to  allocate  workspace  for  the 
largest  block  size  only.  In  this  way  memory  is  saved  and  finer 
grids  can  be  used. 

7.  CALCULATED  RESULTS  FOR  INVISCID  FLOWS. 

7.1.  Th«  flow  around  the  double  ellipsoid. 

To  test  the  multi  block  implementation,  the  chemical  non- 
equilibrium  flow  over  a  double  ellipsoid  was  calculated  using 
a  six  block  mesh  having  in  total  315400  grid  cells.  The 
advantage  of  using  a  multi  block  mesh  for  this  type  of 
geometry  is  that  for  a  single  block  grid  the  singular  line  at  the 
nose  may  cause  numerical  problems.  This  problem  is  removed 
when  using  a  multi  block  grid.  The  calculation  was  made  with 
a  freestream  mach  number  of  25.  and  Fig.  2  shows  the  Mach 
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Figure  2.  Iso  Mach  lines  in  the  symmety  plane  (or  the 
calculation  of  the  chemical  non-equilibrium 
flow  over  a  double  ellipoid.  M,*,  =  25, 
p«,  -  2.52  Pa,  T„,  *  205  K,  a  =  30° 

number  isolines  in  the  symmetry  plane.  As  can  be  seen  in  this 
figure,  the  solver  doesn  t  have  problems  to  treat  strong  shock 
waves  crossing  block  boundaries.  At  the  nose  of  the  double 
ellipsoid,  the  shock  is  almost  aligned  with  the  block  boundary 
which  did  not  prohibit  convergence. 

7.2.  The  flow  over  the  HERMES  space  shuttle. 

Single  block  calculations  were  carried  out  for  the  flow  over 
the  HERMES  space  shuttle  with  '2'  body  flap  at  76  km. 
altitude.  The  frecstrcam  Mach  number  was  equal  to  25,  and 
calculations  were  made  for  a  caloric  perfect  gas,  for  air  at 
chemical  equilibrium,  and  for  air  at  chemical  non -equilibrium. 

Three  different  grid  systems  were  used,  and  Fig.  3  shows  the 
calculated  temperature  contours  along  the  body  in  the 
symmetry  plane  for  the  non-equilibrium  calculation  on  these 
grids.  As  can  be  seen  in  this  figure,  the  temperatures  for  the 
three  grids  are  the  same  at  the  windward  side  of  the  body, 
except  close  to  the  body  flap  where  the  jump  in  temperature 
for  the  coarsest  grid  is  smeared  out  compared  to  the  other  two 
grids.  At  the  leeward  side  of  the  body,  the  temperature  for  the 
coarsest  grid  differs  considerably  from  the  temperatures 
obtained  with  the  other  two  grids,  and  it  is  concluded  that  the 
medium  and  fine  grid  give  similar  results. 

Figure  4  shows  the  convergence  history  for  the  chemical  non- 
cquilibrium  calculation  on  the  91x75x71  grid.  This  calculation 
was  started  from  an  interpolated  solution  of  the  61x49x71 
grid.  Both  the  L2-residue  and  the  maximum  residue  are 
normalized  with  the  residue  at  the  first  step.  As  can  be  seen  in 
Fig.  c,  the  L2-residuc  drops  three  orders  of  magnitude  before 
it  reaches  an  asymptotic  value.  The  drop  in  maximum  residue 
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Figure  3.  Temperature  along  ihe  body  lin  the  symmetry 
plane  for  the  chemical  non-equilibrium 
calculation  of  the  flow  around  HERMES. 

25.  p»  =  2.14  Pa.  T«.  =  202  K.  a  =  30“ 

is  only  1.5  orders.  Maximum  residues  were  found  in  the 
outflow  plane,  and  arc  for  a  great  past  cau>ed  by  the  grid 
quality  in  'hi--  region,  see  Fig.  5.  Comparing  the  solution  afier 
1600  steps  with  that  after  2000  steps  did  nol  show  differences, 
and  it  was  concluded  dial  the  calculation  was  converged. 


Figure  4.  Convergence  history  for  the  chemical  non¬ 
equilibrium  calculation  of  the  flow  around  the 
HERMES  space  shuttle,  91x75x71  grid. 

M«, «  25,  p«  =  2.14  Pa,  T„  =  202  K,  a  =  30°. 

As  can  be  seen  in  Fig.  5,  to  mesh  the  region  between  the  body 
and  the  winglct,  grid  iincs  were  moved  down  creating  a 
gradient  in  the  mesh.  These  highly  distorted  grid  cells  arc 
rcsponsable  for  the  high  maximum  residues  in  the  outflow 
plane. 

Figures  6  and  7  show  the  temperature  iso  lines  in  the 
symmetry  plane  for  the  chemical  equilibrium  and  non- 
equilibrium  calculation  respectively.  The  maximum 
temperature  found  in  the  flow  field  was  5729  K  for  the 
equilibrium,  and  13832  K  for  the  non-equilibrium  calculaiion, 
indicating  that  non  equilibrium  effects  arc  important. 
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Figure  5  The  grid  in  the  outflow  plane  of  the  HERMES 
space  shuttle,  91x75x71  grid. 

In  the  non-equilibrium  calculation,  large  temperature  gradients 
are  present  in  the  flow  field  near  the  bow  shock.  This  is  a 
typical  non  equilibrium  effect,  caused  by  the  fact  that  the 
chemistry  needs  a  certain  time  before  it  has  an  influence  on 
the  temperature  field.  Across  the  shock  the  flow  is  frozen,  _nd 
as  soon  as  the  dissociation  process  has  started  the  temperature 
decreases  rapidly.  Note  that  for  the  non-equilibrium 
calculation,  the  maximum  temperature  was  found  close  to  the 
bow  shock,  while  for  the  for  the  equilibrium  calculation  it  was 
found  at  the  stagnation  point. 

The  canopy  shock  is  much  more  pronounced  in  the  chemical 
non-equilibrium  calculation  and  temperature  gradients  behind 
the  canopy  shock  are  large  due  to  the  recombination  of  N- 
atoms.  Across  the  shock  N-atoms  have  been  formed  which  did 
not  have  had  time  to  recombine.  Much  energy  is  stored  in 
these  N-atoms,  and  this  energy  is  liberated  at  the  canopy 
shock  creating  a  large  jump  in  temperature  here.  For  the 
equilibrium  calculation,  the  shock  at  the  canopy  forces  N2 
molecules  to  dissociate,  absorbing  the  increase  in  potential 
energy  at  the  shock,  and  only  a  small  jump  in  temperature  is 
visible. 

Table  1  lists  the  aerodynamic  coefficients  for  the  calculations 
on  the  91x91x71  grid  for  the  three  thermodynamic  models, 
together  with  the  computational  costs.  All  calculations  were 
carried  out  on  the  Cray  2/4-256  of  the  Swiss  Federal  Institute 
of  Technology  -  Lausanne. 


thermodynamic 

model 

CD 

CL 

CM 

xlOO 

costs 

CPU  s/step 

caloric  perfect  gas 

0.381 

0,468 

-1.54 

8.22 

equilibrium  air 

0.400 

0,480 

-Z.61 

8,27 

non  equilibrium  air 

0.396 

0.478 

-2.32 

36.19 

Table  1 .  Aerodynamic  coefficients  of  the  HERMES 
space  shuttle  for  different  thermodynamic 
models.  91x91x71  grid,  76  km  altitude, 

M„  -  25,  p„  -  2.14  Pa,  T„,  -  202  K,  a  -  30°. 


As  can  be  seen  from  this  Table,  the  effect  of  equilibrium  and 
non-equilibrium  chemistry  on  die  drag  and  lift  is  small.  The 
chemistry  has  a  much  larger  influence  on  die  CM  (pitch  up 
moment),  and  the  difference  in  CM  between  the  caloric 
perfect  gas  and  equilibrium  chemistry  calculation  is  about 
70%.  This  large  difference  in  pitch  up  moment  between 
caloric  perfect  gas  and  equilibrium  air  computations 
corresponds  with  experiences  with  the  American  Space 
Shuttle  (ref.  13).  It  was  found  that,  especially  at  high  Mach 
numbers,  a  large  difference  in  predicted  (using  simplified 
models)  and  measured  pilch  up  moment  was  found. 

The  aerodynamic  coefficients  for  the  non  equilibrium 
calculation  fall  in  between  those  of  the  equilibrium  and  caloric 
perfect  gas  calculation,  and  they  differ  at  maximum  13%  from 
the  equilibrium  results. 

Comparing  the  computational  costs  for  die  three  calculations 
shows  that  the  costs  per  time  step  for  die  caloric  perfect  gas 
and  equilibrium  calculation  are  almost  the  same.  The  cost  of 
the  chemical  non-equilibrium  calculation  is  about  4.4  times 
higher  than  that  of  the  other  tw  o  calculations 

8.  CALCULATED  RESULTS  EOR  VISCOl  S  FLOWS. 

8.1.  The  flow  around  a  double  ellipsoid. 

The  isothermal  flow  around  a  double  ellipsoid  »as  calculated 
using  a  two  biocl  mesh.  Two  grids  were  used,  a  coarse  grid 
containing  93600  cells,  and  a  fine  grid  has  ng  250868  cells 
The  Reynolds  number  per  meter  was  taken  as  10<\  the  w.ui 
temperature  was  set  to  290  K.  and  the  viscosity  and  thermal 
conductivity  assumed  to  be  constant 

Figure  8  shows  die  convergence  history  for  the  calculation  on 
the  coarse  grid,  and  as  can  be  seen,  aficr  an  initial  -too  step-, 
both  the  L2  and  maximum  residue  decrease  linearly  eight 
orders  of  magnitude. 


Figure  8.  Convergence  history  lor  the  calculation  ol  the 
flow  around  a  double  ellipsoid.  93600  points, 
M«,-  8.15,  Re-105/m,  Toe  -  56  K,  a  -  30°. 


Figure  9  shows  the  iso  mach  lines  in  the  symmetry  plane  for 
the  calculation  on  the  fine  grid.  At  the  leeward  side  of  the 
body,  the  boundary  layer  region  is  clearly  visible,  especially 
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The  canopy  shock  is  captured  oscillation  free,  and  is  not 
smeared  out.  Figure  10  shows  the  Lso  Mach  numbers  in  the 
outflow  plane.  A  large  region  of  flow  seperalion  is  visil  .e  at 
the  intersection  of  the  two  ellipsoids,  and  this  region 
influences  the  flow  field  up  to  the  symmetry  line. 

X.2.  The  flow  around  the  HERMES  space  shuttle. 

Single  block  calculations  were  carried  out  for  the  laminar  flow 
around  the  HERMES  space  shuttle.  The  frecstrcam  Mach 
number  was  equal  to  10,  the  Reynolds  number  1.2  10^,  and 
the  angle  of  attack  30°.  The  solid  wall  was  assumed  to  be 
isothermal,  with  a  wall  temperature  of  290  K.  The  transport 
coefficients  were  taken  to  be  constant. 

Four  different  gnds  were  used,  ranging  from  a  coarse  grid  of 
52x40x52  until  a  fine  grid  of  79x1 19x99  volurr  s.  Between 
the  coarse  and  fine  grid,  the  number  of  cells  normal  to  the  w  all 
was  tripled,  while  the  number  of  cells  in  the  cross  flow 
direction  was  almost  doubled.  Figures  11  and  12  show  the  iso 
Mach  lines  in  the  symmetry  plane  for  the  coarse  and  fine  grid 
respectively,  and  the  effect  of  grid  refinement  is  clearly 
visible. 


Figure  9.  Iso  Mach  number  contours  in  the  symmetry 
plane,  flow  around  a  double  ellipse"! 

250868  cells,  M„  =  8.15.  Re=105/m, 

Too  «  56  K,  a  -  30°. 

just  before  and  after  me  canopy.  At  the  canopy,  there  is  a 
small  separated  region.  This  separated  region  was  not  found 
on  the  coarse  grid,  due  to  insufficient  resolution  of  the 
boundary  layer.  For  the  fine  grid,  about  10-15  grid  points  were 
located  in  the  boundary  layer  at  the  leeward  side  of  the  body. 
At  the  leeward  side  of  the  double  ellipsoid,  the  bow  shock  is 
smeared  out  due  to  insufficient  grid  resolution  here. 


Figure  10.  Iso  Mach  numbor  contours  in  ths  outflow 
plane,  (low  around  a  double  ellipsoid. 
- -  u  15  aft„to5/m 


Figure  1 !  Iso  Mach  number  contours  in  the  symmetry 
plane,  flow  around  HERMES,  52x40x52  grid 
M„-  10,  Re*  1.21 06,  Too  -  53  K,  a  =  30°. 


Figure  12.  Iso  Mach  number  contours  in  the  symmetry 
plane,  flow  around  HERMES,  79x1 19x99 


For  the  fine  grid  the  bow  shock  is  sharp  and  oscillation  free, 
and  the  canopy  shock  is  clearly  visible.  At  the  canopy  the  flow 
is  separated,  hut  at  the  upper  body  downstream  of  the  canopy 
the  flow  remains  attached.  At  the  nose  of  the  body,  it  can  be 
seen  that  the  solution  near  the  singular  line  is  slightly 
distorted.  This  is  a  numerical  problem  related  to  the  very  Fine 
grid  spacing  in  this  region.  This  problem  could  be  avoided  by 
using  a  multi  block  mesh.  At  the  windward  side  of  the  body, 
there  is  a  shock  wave  visible  at  the  bodyflap. 

Maximum  residues  were  for  all  calculations  found  in  the 
outflow  plane  due  to  the  highly  distorted  mesh  here,  see  also 
Section  7.2  and  Fig.  5. 

Figures  13-15  show  the  iso  Mach  lines  in  three  different  cross 
sections  along  the  body.  Figure  13  shows  a  cross  section  just 
before  the  winglct.  As  can  be  seen  a  separated  region  is  visible 
close  to  the  intersection  between  the  body  and  the  wing,  and 
another  separated  region  can  be  observed  close  to  the 
symmetry  plane.  The  cross  flow  shock  which  is  visible 
between  these  two  regions  appears  almost  to  be  attached  to  the 
body.  This  cross  flow  shock  is  similar  to  that  or.  the  deltawing 
of  the  Antibes  workshop  (ref.  14) 


Figure  13.  Iso  Mach  number  contours  in  the  cross 
section  x-10,  flow  around  the  HERMES 
space  shuttle,  79x119x99  grid, 

M„~10,  Ro-1.2106,  To„» 5 3  K,o-30°. 

Figure  14  shows  a  cross  section  further  downstream,  and  the 
influence  of  the  winglet  on  the  flow  field  is  clearly  visible. 
The  region  1  tween  winglet  and  body  is  almost  one  separated 
region  which  extends  to  the  symmetry  plane.  This  behavior  is 
even  more  j  ,-onounced  at  the  outflow  plane,  see  Fig.  15, 


9.  RESUL  \S  OF  PARALLEL  COMPUTATIONS. 

Parallel  cor  ?putations  were  carried  out  for  the  inviscid  flow 
over  a  wed.  e.  A  single  block  grid  was  split  into  eight  blocks 
of  the  same  size,  arid  calculations  were  carried  out  on  the  Cray 
2/4-256  of  the  Computing  Centre  of  the  Swiss  Federal 
Institute  of  Technology  in  Lausanne  in  dedicated  mode.  These 
calculations  showed  (fiat  EULMB  was  running  on  3.982 


Figure  14.  Iso  Mach  number  contours  in  the  cross 
section  x-13,  flow  around  the  HERMES 
space  shuttle,  79x119x99  grid, 

Moo-10,  Re-1.2106.  Too-53  K.a-30°. 


Figure  15.  Iso  Mach  number  contours  in  the  cross 
section  x-14.5,  flow  around  the  HERMES 
space  shuttle,  79x119x99  grid, 

Moo-10,  Re-1.2106,  T.„- 53  K,a-30°. 


processors,  indicating  that  the  communication  overhead 
between  the  blocks  was  about  0.5%.  Comparing  the 
convergence  histories  between  the  eight  block  calculation  and 
the  corresponding  single  block  calculation  showed  that  the 
number  of  steps  required  to  reach  convergence  was  the  same. 
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This  means  that  updating  the  block  connectivity  boundary 
condition  only  once  per  time  step  does  not  influence  the 
convergence  rate. 

As  a  second,  more  realistic  test  case,  a  parallel  computation 
was  made  for  the  flow  over  a  double  ellipsoid  us'.tg  a  six 
block  mesh.  In  this  case,  the  block  sizes  varied  between  11000 
and  85000  points,  and  it  was  found  EULMB  was  running  on 
3.35  processors. 

10.  CONCLUSIONS. 

A  project  on  the  development  of  multi  block  flow  solvers  has 
been  presented.  Calculated  results  for  the  flow  around  a 
double  ellipsoid  using  a  six  block  mesh  were  presented,  and 
showed  that  strong  shock  waves  crossing  block  boundaries 
could  be  successfully  treated  with  a  multi  block  approach. 

Inviscid  flow  calculations  for  the  flow  around  the  HERMES 
space  shuttle  using  different  models  to  describe  the  the 
thermodynamic  properties  of  air  showed  that  air  dissociation 
has  a  large  influence  on  the  pitch  up  moment.  If  one  is  only 
interested  in  the  aerodynamic  coefficients,  it  can  be  concluded 
that  equilibrium  air  chemistry  calculations  are  sufficient,  and 
it  is  not  necessary  to  make  more  expensive  non-equilibrium 
chemistry  calculations. 

Viscous  flow  calculations  around  the  double  ellipsoid  and 
HERMES  space  shuttle  were  presented  and  showed  that  at  the 
leeward  side  of  the  body  large  regions  of  separation  are 
present. 

Calculations  carried  out  on  a  parallel  computer  showed  that 
for  a  well  balanced  problem  the  communication  overhead 
between  the  blocks  is  small. 
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1.  SUMMARY 

The  development  of  an  algorithm  for  the  solution  of  the 
compressible  Euler  equations  at  high  Mach  numbers  on 
unstructured  tetrahedral  meshes  is  described.  The  basic 
algorithm  is  constructed  in  the  form  of  a  central  difference 
scheme  plus  an  explicit  added  artificial  viscosity  based  upon 
fourth  order  differences  of  the  solution.  The  stability  of  the 
solution  in  the  vicinity  of  strong  gradients  is  preserved  by 
the  incorporation  of  an  additional  artificial  viscosity  based 
upon  a  second  order  difference.  Higher  order  accuracy  is 
regained  by  using  the  ideas  of  flux  corrected  transport  to 
limit  the  amount  of  added  viscosity.  The  solution  is 
advanced  to  steady  state  by  means  of  an  explicit  multi-stage 
time-stepping  method.  The  computational  efficiency  of  the 
complete  process  is  improved  by  incorporating  an 
unstructured  multigrid  acceleration  procedure.  A  number  of 
flows  of  practical  interest  arc  analysed  to  demonstrate  the 
numerical  performance  of  the  proposed  approach. 

2.  INTRODUCTION 

Major  progress  has  been  made  in  recent  years  on  the 
development  of  unstructured  mesh  methods  for  the  solution 
of  compressible  aerodynamic  flows  of  industrial  interest.  A 
variety  of  flow  algorithms  have  been  produced  which  arc 
suitable  for  implementation  on  such  meshes  and  significant 
achievements  have  been  made  in  the  area  of  mesh  generation 
and  adaptivity.  It  is  now  possible  to  produce  solutions,  with 
a  high  level  of  precision,  for  inviscid  transonic  flows 
involving  geometries  which  can  be  as  complex  as  a 
complete  aircraft  [1J.  In  addition,  the  speed  with  which  such 
solutions  can  be  obtained  has  been  markedly  improved  by 
the  adoption  of  new  methods  of  storing  unstructured  mesh 
data  and  by  the  incorporation  of  multigrid  acceleration 
procedures  [2[.  The  unstructured  approach  is  therefore 
becoming  increasingly  attractive  to  the  analyst  involved  in 
the  design  of  aerodynamic  components. 

In  this  paper,  we  consider  the  application  of  unstructured 
mesh  techniques  to  the  modelling  of  hypersonic  inviscid 
flows.  A  basic  Euler  flow  solver  is  constructed  from  a 
Galerkin  finite  element  method.  The  resulting  scheme  is 
essentially  a  central  difference  type  method.  A  practically 
useful  procedure  for  smooth  flows  is  produced  by  replacing 
the  actual  fluxes  by  appropriately  defined  consistent 
numerical  fluxes.  This  results  in  the  modification  of  the 
original  scheme  by  the  addition  of  an  artificial  viscosity 
based  upon  fourth  differences  of  the  solution.  This  is  defined 
as  being  our  ’high  order'  algorithm.  A  stable  procedure  for 
the  simulation  of  flows  involving  strong  discontinuities 
may  be  produced  by  adding  to  the  original  scheme  an 
artificial  viscosity  which  is  based  upon  second  differences  of 
the  solution.  This  is  defined  as  being  our  ‘low  order'  solution 
algorithm.  The  high  and  low  order  algorithms  are  combined. 


using  the  ideas  [3-5 1  of  flux  corrected  transport  (FCT),  to 
produce  a  stable  monolonic  algorithm  for  shocked  flows 
with  the  minimum  amount  of  added  artificial  viscosity.  The 
steady  state  flow  conditions  of  interest  are  computed  by 
advancing  the  transient  form  of  the  equations  using  a  multi¬ 
stage  explicit  lime  stepping  process.  An  edge  based  data 
structure  is  employed  for  the  three  dimensional  mesh  and 
this  has  the  effect  of  reducing  the  memory  demands  over 
those  made  by  the  more  traditional  element  based  data 
structure  of  the  type  familiar  to  finite  element  practitioners. 
This  data  structure  has  many  features  in  common  with  that 
which  has  been  proposed  recently  by  others  (6,7). 

Although  the  edge  based  data  structure  is  found  to  reduce  the 
computer  time  requirements  of  the  flow  solver,  the  total  CPU 
lime  necessary  to  produce  a  converged  solution  to  a  problem 
involving  steady  inviscid  flow  past  an  aerodynamic 
component  can  still  be  considerable.  In  the  structured  grid 
context,  solution  algorithms  equivalent  to  that  proposed 
here  have  been  effectively  accelerated  by  the  use  of  multigrid 
methods  [8J,  employing  a  sequence  of  successively  coarser 
nested  meshes.  When  the  grid  which  is  to  be  employed  for 
the  analysis  is  unstructured,  the  multigrid  concept  has  to  be 
extended  [2,7,9  121  as  the  grids  which  arc  employed  arc  now 
not  nested  i.c.  the  nodes  on  one  grid  do  not  necessarily 
coincide  with  nodes  on  the  next  coarsest  or  the  next  finest 
grid.  The  use  of  such  grids  may  be  incorporated  within  a 
mulligrid  solution  procedure  provided  that  appropriate  inter¬ 
grid  transfer  procedures  arc  developed.  The  unstructured 
multigrid  procedure  therefore  requires  a  close  coupling 
between  an  automatic  unstructured  mesh  generation 
procedure  [13]  and  the  flow  solver.  In  [2J  it  was  shown  that, 
for  3D  transonic  flow  computations  using  unstructured 
meshes,  the  computational  performance  of  the  flow  solver 
can  be  dramatically  improved  when  the  mulligrid  procedure 
is  utilised.  The  multigrid  procedure  presented  in  [2]  is 
currently  being  extended  to  hypersonic  flows  and  in  this 
paper  we  report  on  our  initial  experiences  and  present  the 
results  of  the  multigrid  computation  of  the  inviscid 
hypersonic  flow  over  the  HERMES  1.0  space  shuttle  using 
our  ‘low  order'  solution  algorithm. 

3.  THE  GOVERNING  EQUATIONS 

The  equations  governing  three  dimensional  compressible 
unsteady  inviscid  flow  are  considered  in  the  conservation 
form 


3 


where  U,  the  unknown  vector  of  conserved  variables,  and  F^, 
the  corresponding  inviscid  flux  vectors,  are  defined  by 
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Here  5,,  is  the  Kronccker  delta,  p,  p  and  £  denote  the  density, 
pressure  and  total  specific  energy  of  the  fluid  respectively 
and  U:;  j  =  i,  2,  3  are  the  components  of  the  fluid  velocity  in 
the  directions  x,;  j  -  l,  2,  3  of  a  cartesian  coordinate  system. 
The  set  of  equations  is  completed  by  the  addition  of  the 
perfect  gas  equation  of  state 


P  =  (Y-1)P(E- 


os| 


where  y  (  =  1.4)  is  the  ratio  of  the  specific  heats. 

Steady  state  solutions  of  these  equations  are  produced  by 
advancing  the  solution  in  lime  until  stationary  conditions 
arc  obtained. 

4.  AN  UNSTRUCTURED  MESH  FLOW  ALGO¬ 
RITHM 

4.1  Variational  Formulation 

The  identification  of  an  appropriate  variational  formulation 
of  the  governing  equation  is  the  starting  point  in  the 
construction  of  a  finite  element  approximation  in  the  spatial 
domain,  it.  for  all  t  >  0.  A  suitable  weak  formulation  for  the 
problem  defined  in  equation  (1)  would  be  :  find  U(x,t)  such 
that 


l  ■£WJn-,?  iFi^dQ-,|  fr"" "r 
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for  every  suitable  weighting  function  W(x)  and  for  all  t  >  0. 
In  this  equation,  the  prescribed  value  of  the  normal  flux  on  r, 
which  will  be  a  function  of  the  solution  U,  is  denoted  by 
Fnb.  With  the  spatial  domain  n  represented  by  an 
unstructured  assembly  of  four  noded  tetrahedral  elements,  a 
piecewise  linear  approximate  solution  U  is  sought  in  the 
form 


U'(x.t)  = 


U,(t)  Nj(x) 


where  the  summation  extends  over  each  node  J <i  stsnp)  in 
the  mesh,  U,(t)  denotes  the  value  of  the  approximation  U*  at 
node  J  at  time  t,  and  Nj(x)  is  the  standard  linear  finite 
clement  shape  function  associated  with  node  J.  Using  the 
variational  statement  of  equation  (4),  the  Galerkin 
approximate  solution  is  constructed  as  the  function  U* 
which  is  such  that 


J  it"-*  *  j  JF,<u-)S|;dn 
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for  each  N,  (l  s  I  s  np)  and  for  all  t  >  0.  These  integrals  are 
evaluated  by  summing  individual  element  contributions.  The 
compact  support  of  the  shape  function  N|  means  that 
equation  (6)  can  then  be  written  as 


J  F1*  (IJ*)  N,  dT 


(7) 


where  the  summation  extends  only  over  those  elements  Qe 
which  contain  node  I.  Inserting  the  assumed  form  for  U*  into 
this  equation,  the  left  hand  side  integrals  may  be  evaluated 
exactly,  to  give 


I  ijNiNjdni^ 
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where  M  denotes  the  finite  element  consistent  mass  matrix. 
The  entries  in  this  matrix  for  a  general  tetrahedral  element 
can  be  evaluated  explicitly.  In  the  development  of  the 
algorithm,  M  is  actually  replaced  by  the  lumped  (diagonal) 
mass  matrix  Ml  which  is  obtained  form  M  by  adding  all  the 
non  zero  elements  in  a  row  to  the  diagonal  term.  The 
integrals  appearing  on  the  right  hand  side  of  equation  (7)  are 
evaluated  approximately,  by  using  a  finite  element 
interpolation  (similar  to  equation  (5))  to  express  the  fluxes 
in  terms  of  their  nodal  values.  Thus,  for  an  element  e,  with 
nodes  1, 1,  K  and  l„  the  domain  integral  is  approximated  as 


,  3N,  a  0N,  . 

J  FJ  dSl  =  X  ~  (  P|+  FJj+  Fjk  +  F>l  1  (9) 
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A  standard  finite  element  code  would  be  organised  in  this 
fashion  and  would  produce  the  discrete  form  of  equation  (7), 
at  each  node  I  in  the  mesh,  by  looping  over  the  individual 
elements  and  sending  element  contributions  to  the 
appropriate  nodes,  according  to  equation  (9).  The  associated 
data  structure  in  this  case  would  consist  of  the  list  of  the 
nodes  I,  J,  K  and  L  belonging  to  each  clement  c  in  the  mesh. 

However,  the  terms  in  equation  (7)  can  be  evaluated 
differently.  Suppose  that  node  I  in  the  mesh  is  directly 

connected,  by  edges  of  the  mesh,  to  the  ml  nodes  Jl.  J2 . 

Jml.  For  present  purposes,  it  will  be  assumed  that  node  I  is  an 
interior  node,  so  that  the  procedure  presented  here  will  need 
to  be  modified  slightly  for  nodes  which  lie  on  the 
computational  boundary.  By  using  the  results  of  equations 
(8)  and  (9)  it  is  readily  shown  that  equation  (7)  can  be  written 
in  the  form 

3  ml 

IM.Jl  ^  du,  (Ft,  +  Ft,, )  (10) 

where  Ojj,  denotes  the  weight  for  node  1  for  the  contribution 
from  edge  u«.  These  weights  are  computed  as 
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and  possess  the  properties 
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This  expression  is  exact  if  the  solution  U  is  linear.  If  o 
denotes  a  coordinate  along  the  edge  between  nodes  I  and  h  of 
the  mesh,  as  shown  in  figure  1,  the  expression 


au 

[MJi  — 
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It  is  convenient  to  introduce  the  vector  CUs  which  is  defined 
according  to 

Cu«  =  (C1u,.C2us.C3us)  (12) 


Now  let  £u,  denote  the  modulus  of  Qj,  and  let  5Us  denote  the 
unit  vector  in  the  direction  of  Cns.  With  this  notation, 
equation  (10)  can  be  written  as 

dUf  ^ 

fMJl  y ;  ^  %s  (7u  +  7js)  (13) 

where 


7u  =(F,'.F13.F  ,3).5Us 
7u  =  (  F,.«.  Fis2  FJs3) .  jIJs 


(14) 


Thus  the  discrete  form  of  equation  (7)  can  be  obtained  by  the 
alternative  approach  of  looping  over  each  edge  in  the  mesh 
and  sending  edge  contributions  to  the  appropriate  nodes 
according  to  equation  (13).  The  property  of  conservation  in 
the  numerical  scheme  is  guaranteed  by  the  asymmetry  of  the 
edge  coefficients  as  expressed  in  equation  (11c).  The 
associated  data  structure  required  in  this  case  would  consist  of 
a  list  of  the  edges  in  the  mesh  and  the  numbers  of  the  two 
nodes  associated  with  that  edge,  [t  is  apparent  that  such  an 
edge  based  data  structure  is  the  most  compact  of  all  the 
various  possible  alternatives  which  can  be  used  for 
unstructured  meshes  16,7]. 

The  condition  of  equation  (lib)  means  that  the  flux  at  an 
interior  node  I  does  not  appear  in  the  discrete  equation  at 
node  I.  Thus  a  time  stepping  scheme  in  the  form  of  equation 
(13)  is  central  difference  in  character  and  allows  for  the 
appearance  of  chequerboarding  modes.  Thus,  to  obtain  a 
practically  useful  scheme  the  procedure  requires  an  extra 
ingredient  and  one  remedy  is  to  replace  the  actual  fluxes  in 
equation  (13)  by  suitably  defined  consistent  numerical 
fluxes.  The  different  forms  which  may  be  adopted  for  the 
numerical  fluxes  result  in  a  variety  of  different  numerical 
schemes. 


in  ~| 

y.  Ujt  (Uj,  Uj-  ^  o*>) 

may  be  interpreted  as  an  approximation,  at  node  I,  to  a  high 
order  derivative  operator  acting  on  U.  In  fact  it  is  readily 
shown  that,  on  a  mesh  of  equal  elements  in  one  dimension, 
expression  (16)  is  proportional  to  the  standard  finite 
difference  discretisation  of  a  fourth  derivative,  when  the 
approximation 

is  employed  and  where  Aop,  denotes  the  distance  between 
node  l  and  node  h.  Thus,  a  stable  algorithm  for  smooth  flows 
may  be  constructed  as 

dill  V 

au  l 

“AO  )]  (18) 

JUs 

where  d4  is  a  user  specified  constant.  XUl  is  the  maximum 
wave  speed  in  the  direction  which  is  computed  as 


dalW  !U;j  -  U, 


=  1  uUj  Slh  1  +  au,  (19) 


with  a  denoting  the  speed  of  sound.  A  further  enhancement 
here  could  be  to  replace  |XUsl  in  (18)  by  the  Roe  matrix  (17] 
evaluated  in  the  direction  5jjs,  thus 


4,2  Choice  of  the  Numerical  Flux 
The  discretisation  of  equation  (13)  may  be  stabilised,  for 
application  to  the  solution  of  smooth  flows,  by  the  addition 
of  a  high  order  diffusion  term.  The  method  generally  adopted 
for  constructing  a  suitable  approximation  to  such  an 
operator,  is  the  recycling  of  edge  differences  {14,15],  It  is 
readily  observed  that  this  is  not  a  highly  accurate  method  on 
a  general  unstructured  mesh,  as  it  results  in  the  addition  of 
diffusion  even  if  the  solution  U  varies  linearly  in  space. 
Therefore,  we  employ  an  alternative  construction  for  this 
diffusion  operator,  which  has  beneficial  improved  accuracy 
properties  and  adds  no  diffusion  to  a  linear  field. 

An  approximation  to  the  gradient  of  U  at  the  nodes  of  the 
mesh  can  be  determined  directly,  by  looping  over  the  edges, 
as 


The  above  above  matrix  dissipation  form  is  analogous  to 
that  proposed  in  (16],  In  fact  this  scheme,  with  <4=1.  bears 
a  strong  resemblance  to  a  cell  vertex  upwind  solution 
method  (18],  in  which  higher  order  accuracy  is  achieved, 
using  the  MUSCL  approach  (19],  by  linear  reconstruction  of 
the  solution.  In  MUSCL,  however,  the  fluxes  and  are 
evaluated  using  the  linearly  reconstructed  interface  values  of 
U  and  not  just  the  nodal  values. 

We  investigate  the  numerical  performance  of  these  various 
possibilities  by  considering  the  solution  of  an  inviscid  flow 
over  a  NACA0012  aerofoil  at  a  free  stream  Mach  number  of 
0.63  and  at  two  degrees  angle  of  attack.  A  detail  of  the  grid 
which  is  employed  for  the  simulation  is  shown  in  figure  2a. 
This  grid  has  a  structured  triangular  region,  of  the  type 
suitable  for  a  viscous  flow  analysis,  in  the  vicinity  of  the 
aerofoil  surface.  In  figure  2b  the  contours  of  Mach  number  in 
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the  vicinity  of  the  aerofoil  obtained  using  the  MUSCL 
scheme  are  compared  with  those  obtained  using  the  matrix 
and  scalar  dissipation  schemes.  A  comparison  of  the  steady 
state  distribution  of  entropy  deviation  over  the  aerofoil 
computed  using  a  cell  vertex  MUSCL  scheme  and  the 
centered  scheme  with  matrix  dissipation  of  equation  (20)  is 
shown  in  figure  2c.  The  entropy  deviation  computed  with  the 
centered  scheme  is  seen  to  be  significantly  lower.  In  figure 
2d.  the  computed  entropy  deviation  produced  by  the  centered 
scheme  with  the  scalar  diffusion  of  equation  (18)  is  shown 
and  it  can  be  observed  that  the  accuracy  levels  of  the  matrix 
dissipation  method  may  be  regained  by  appropriate  choice 
of  the  user  specified  coefficient  d4.  Thus,  for  computational 
convenience,  the  method  of  equation  (18)  is  employed  as  the 
basis  for  further  development. 


with  the  parameters  ap  assigned  appropriate  values.  In  the 
interests  of  computational  efficiency,  the  diffusion 
contribution  D  to  the  right  hand  side  vector  R  need  not 
recalculated  at  every  stage  of  this  process.  Since  the  correct 
modelling  of  the  transient  development  of  the  flow  is  not  of 
interest  here,  local  time  stepping  is  employed  to  accelerate 
the  convergence  behaviour.  This  is  implemented  by 
specifying  a  constant  Courant  number,  cfl.  throughout  the 
mesh  and  computing  the  local  time  step  At]  for  node  I  in  the 
mesh,  according  to  an  energy  stability  analysis  |20],  using 
the  relation 

Atj  =2  CFL  [Ml]]  Cjj,  |2.IJsI 


Further  development  is  necessary  as  the  scheme  does  not 
remain  stable  when  it  is  used  in  the  analysis  of  flows 
involving  strong  discontinuities.  A  first  order  algorithm, 
which  will  remain  stable  for  such  flows,  can  be  constructed 
from  equation  (13)  as 

ml 

[MlJi  ■J'Ii  =  ^  Ajs  l?ls+  ?JS  '  d2  l^-Us1  (  Ujs  -  ll|  }  ]  (21) 

where  d2  is  a  user  specified  constant.  However,  the  accuracy 
of  this  scheme  can  be  expected  to  be  poor  because  of  the 
indiscriminate  manner  in  which  the  diffusion  is  added.  It  is 
apparent  from  equation  (21)  that  the  diffusion  added  here 
takes  the  form  of  an  approximation  to  a  second  order 
difference  operator.  To  produce  a  practically  useful  scheme 
we  attempt  to  devise  an  appropriate  procedure  for  selectively 
removing  the  excessive  artificial  viscosity  which  is  present 
in  equation  (21),  while  maintaining  the  accuracy  of  equation 
(18)  over  the  major  portion  of  the  computational  domain. 
Before  describing  how  this  requirement  can  be  achieved,  we 
describe  the  time  stepping  method  which  will  be  employed 
for  advancing  either  equation  (18)  or  equation  (21)  towards 
steady  state. 

4.3  An  Explicit  Time  Stepping  Scheme 

We  begin  by  defining 


and  we  let 


Qi  <U>  = 


£ 


Lli%  (7is+  .7js  i 


(22) 


RI(U)  =  Qi(U)+D1(U)  (23) 

denote  the  right  hand  side  of  either  equation  (18)  or  equation 
(21),  with  appropriate  definition  of  the  artificial  viscosity 
term  D](U).  In  this  form,  the  contributions  made  to  the  right 
hand  side  vector  R  by  the  terms  arising  from  the  basic 
Galerkin  formulation  and  by  the  explicitly  added  diffusion 
can  be  clearly  identified.  Assuming  that  the  nodal  values  U[n 
are  known  at  time  t„,  the  solution  may  be  advanced  over  the 
lime  step  At,  to  time  l„ti.  by  an  explicit  hybrid  multi-stage 
time  stepping  scheme  [8]  e.g.  with  AU(  defined  to  be  equal  to 
the  change  in  the  value  of  the  solution  U  at  node  1  over  a 
time  step,  an  m-stage  version  of  the  scheme  is  written  as 

U,<°>  =  U,n 

U,<P)  =  u,<°>  +  ap  At  (Ml|  1 1  R ,  (u,<P- 1 ))  p=  1 .2 . m  (24) 

Lj"*1  =  U,<m> 


Residual  smoothing  is  also  employed  to  increase  the  sire  of 
the  allowable  value  of  the  CFL  parameter  [  14,21 1. 

4.4  A  Higher  Order  Procedure  for  Hypersonics 
We  attempt  to  produce  an  algorithm  which  behaves  as  the 
scheme  of  equation  (18)  in  smooth  regions  of  the  flow  and  as 
the  scheme  of  equation  (21)  in  the  vicinity  of 
discontinuities.  A  possible  approach  involves  the 
determination  of  an  appropriate  sensor,  It,  for  delecting  the 
high  gradient  regions  in  the  flow.  For  an  edge  s,  connecting 
nodes  I  and  Js,  the  sensor  for  node  I  can  be  based  on  the 
pressure  field,  p,  and  computed  as  [22] 
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PI.  "  P'  '  ^Ao U. 
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(26) 


where  the  pressure  gradient  in  this  expression  is  evaluated  at 
node  I  using  an  expression  similar  to  that  employed  in 
equation  (15).  A  sensor  constructed  in  this  way  has  the 
properly  that  It],  =  1  in  the  vicinity  of  strong  gradients  and 
itfs  »  0  in  smooth  regions  of  the  flow.  By  incorporating  this 
pressure  sensor  into  the  algorithm  of  equation  (18)  in  the 
form 


|MlIi 
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(27) 


an  algorithm  with  the  desired  properties  is  constructed. 
Although  this  algorithm  works  very  well  for  transonic  flow 
simulations  [2],  for  hypersonic  flow  analysis  it  has  been 
found  that  in  order  to  preserve  the  stability  of  the 
computation  very  large  values  of  the  dissipation  constant  dj 
need  to  be  used.  This  results  in  a  considerable  smearing  of 
the  solution. 


An  alternative  approach  is  to  attempt  to  improve  the 
accuracy  of  the  solution  scheme  of  equation  (21)  by  the 
addition  of  a  flux  corrected  transport  (FCT)  procedure  [3-5]. 
In  the  FCT  nomenclature,  the  solution  of  equation  (21)  is 
termed  the  low  order  solution,  U(L>,  while  the  solution  of 
equation  (18)  is  the  high  order  solution,  U®*).  Then,  at  any 
stage  in  the  time  stepping  procedure,  we  have  that 


i 
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;«r- 


39-5 


ml 
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(28) 

rau<r»  "] 

(d2-d4)  (U,.<r»  -U,<P-‘> )  -  d4  A  oj  ) 

The  idea  behind  FCT  is  to  limit  the  amount  of  artificial 
diffusion  which  is  removed,  fiom  the  low  order  solution  to 
produce  the  high  order  solution,  by  imposing  the 
requirement  that  the  high  order  solution  should  remain 
monotone.  Following  the  standard  FCT  approach,  we  first 
identify,  for  each  node  I,  the  maximum  and  minimum  values 
that  the  high  order  solution  be  allowed  to  take  at  that  node. 
These  values  are  computed  according  to 

Uj(P)m«  -  max  { lI,<T-)(p),  UJ5(l>(p),  U,(HXp-l)  uJs(H)(i>l)  ) 

(29) 

U,(p)tmn  _  min  (U1(L)(p)>  Ukfl.)(p)i  UjCHXp-O  Ulj(H)(p-l)  J 

where  the  maximum  and  minimum  in  these  expressions  is 
sought  by  considering  all  the  points  Is  which  are  directly 

connected  to  node  l  by  edges  in  the  mesh,  i.e.  for  s  =  t.2 . 

ml  An  edge  limiter  %s  *s  applied  to  the  contributions  made  by 
each  edge  and  the  value  of  this  limiter  is  determined  so  as  to 
ensure  that  the  computed  Ujto),  at  each  node  t,  lies  within  the 
range  specified  by  the  maximum  and  minimum  values  defined 
in  equation  (29).  The  solution  at  node  1  at  this  stage  is  thus 
determined  from 
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In  practice,  the  limiting  procedure  is  not  applied  to  the  set  of 
conservation  variables  but  is  applied  to  the  density,  the 
pressure  and  Mach  number  separately.  The  limiter  for  each 
edge  is  computed  so  that  the  density,  the  pressure  and  the 
Mach  number  remain  monotone.  Further  details  on  the 
application  of  the  FCT  procedure  can  be  found  in  (5j. 

The  performance  of  the  pressure  sensor  approach  versus  the 
FCT  limiting  procedure  is  compared  for  the  computation  of 
the  two  dimensional  hypersonic  flow  over  a  double  ellipse 
geometry.  The  free  stream  conditions  correspond  to  a  Mach 
number  of  8.15  at  an  angle  of  attack  of  30  degrees.  The 
unstructured  mesh  of  tetrahedral  elements  employed  for  the 
compulation  is  shown  in  figure  3a.  Figures  3b  and  3c  show 
the  solutions  obtained  using  a  pressure  sensor  and  the  FCT 
limiting  procedure.  The  higher  resolution  obtained  with  the 
FCT  procedure  is  readily  observed.  It  should  be  noted  here 
that  although  both  solutions  have  monotone  pressure  fields, 
the  Mach  number  distribution  of  the  pressure  sensor  solution 
has  some  small  overshoots  in  the  bow  shock  region  whilst 
the  FCT  solution  remains  monotone. 

4.5  Mesh  Generation 

The  discretisation  of  the  computational  domain,  fl,  into 
tetrahedral  elements  is  accomplished  by  means  of  an 
advancing  from  based  mesh  generation  system  (23).  The 
first  stage  in  this  process  consists  in  using  a  two 
dimensional  advancing  front  method  to  produce  a 
triangulation  of  the  boundary,  r,  of  the  computational 


domain  and  the  resulting  set  of  triangular  faces  forms  the 
initial  front  for  the  three  dimensional  generator.  The  interior 
of  the  domain  is  then  filled  with  tetrahedral  elements  by 
using  the  three  dimensional  advancing  front  method.  An 
essential  feature  of  the  adopted  approach  is  the  manner  in 
which  the  size  and  shape  of  the  generated  elements  is 
controlled  by  user  specified  distribution  functions.  The 
generation  process  is  fully  automatic  and  computational 
domains  of  general  geometric  shape  can  be  rapidly  meshed 
(13,24).  The  mesh  generator  assumes  an  element  based  data 
structure,  but  the  elements  can  be  discarded,  before  the  flow 
computation  starts,  when  the  edge  coefficients,  defined  in 
equation  (11),  and  the  lumped  mass  matrix  entries  have  been 
computed  and  stored.  For  a  general  tetrahedral  mesh,  the 
number  of  elements  (NE),  the  number  of  vertices(NP),  the 
number  of  edges  (NS)  and  the  number  of  boundary  triangles 
(NBF)  are  related  by  the  expression 

2*NS  +  V  =  2*NE  +  2*NP  +  NBF  (31) 

where  tg  denotes  a  constant  which  depends  upon  the  Euler 
number  of  the  boundary  surface  of  the  computational 
domain.  For  a  typical  unstructured  mesh,  the  ratio  of 
elements  to  points  is  approximately  equal  to  6  and  hence, 
from  the  above  expression,  the  ratio  of  edges  to  points  is 
approximately  equal  to  7.  Thus,  the  mesh  connectivity 
information  with  an  element  based  data  structure  will  require 
24  storage  locations  per  node  whereas  the  edge  based  data 
structure  requires  only  14. 

5.  MULTIGRID  EXTENSION 

It  is  well  known  that  the  use  of  an  explicit  multistage  lime 
stepping  solution  procedure  for  the  Euler  equations  provides 
an  attractive  environment  for  the  effective  implementation 
of  multigrid  acceleration  |8).  The  basic  idea  behind  the  use  of 
multigrid  for  the  solution  of  a  hyperbolic  equation  system  is 
to  use  a  sequence  of  successively  coarser  grids  to  compute 
corrections  to  the  fine  mesh  solution.  The  coarse  grid 
equations  are  also  advanced  with  an  explicit  multistage 
scheme,  making  use  of  the  fact  that  the  allowable  time  step 
is  now  larger  than  that  which  can  be  used  on  the  finest  mesh. 
For  example,  when  two  meshes  are  employed,  the  fine  grid 
solution  U,fntl  and  the  corresponding  residual  R,(<Un+1), 
computed  as  in  equation  (23),  are  transferred  onto  the  coarse 
mesh  as  Ulcn  and  Rkn  and  the  time  stepping  scheme 

Uk(0)=Elc" 

uu<p>  =  ufc«  -  Op  Atlc  (Muic'1  (R(UIc<h>) 

+  Rlc"  -  R(U,C")  )  p=l,2 . q  (32) 

=  ufcw 

is  employed  to  transport  the  corrections  on  this  grid.  When 
the  coarse  mesh  steps  are  completed,  the  corrections  are 
interpolated  back  to  the  fine  mesh  and  used  to  update  the  fine 
mesh  solution.  It  is  important  to  observe  that  the  coarse 
mesh  algorithm  of  equation  (32)  ensures  that  the  converged 
solution  on  the  fine  mesh  is  unaltered  by  the  multigrid 
process  i.e.  the  coarse  mesh  correction  is  zero  if  R,{(Un*‘)  is 
zero.  This  algorithm  can  be  extended  to  more  than  two 
meshes  and  different  cycling  strategies  can  be  devised. 

The  restriction  operation  requires  the  values  of  the 
unknowns  and  residuals  to  be  transferred  from  one  mesh  to  a 
coarser  mesh,  whereas  the  prolongation  operation  requires 
only  the  transfer  of  the  computed  corrections  in  the  reverse 
direction.  This  transfer  of  information  from  a  grid  A  to  a  grid 
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B  may  be  accomplished  in  a  variety  of  different  ways.  It  is 
apparent  that  appropriate  procedures  are  readily  devised 
when  the  meshes  A  and  B  are  structured  and  nested.  However, 
these  operations  are  not  easily  accomplished  when  they  are 
being  performed  between  two  general  tetrahedral  meshes.  To 
illustrate  the  way  in  which  such  operations  may  be 
accomplished,  consider  the  transfer  of  a  function  f.  If  we  let 
I A  and  Ig  denote  general  nodes  on  mesh  A  and  mesh  B 
respectively,  then  a  direct  interpolation  requires  a 
knowledge  of  the  element  in  mesh  A  within  which  node  Ig  is 
located  together  with  the  values  of  the  shape  functions  on 
mesh  A  at  node  Ig  (see  figure  4).  With  this  information,  a 
direct  interpolation  can  then  be  represented  by  the  formula 

'lB  =  X  'iA  [N,a1  (33) 

1A  ® 

A  possible  method  of  achieving  a  conservative  transfer 
requires  the  knowledge  of  the  element  in  mesh  B  which 
contains  node  IA  together  with  the  values  of  the  shape 
functions  on  mesh  B  at  node  IA.  The  transfer  is  accomplished 
as 

=  '  X  IMlI.a 'iaMb!  (34) 

IA  iA 

In  the  present  implementation,  the  fine  to  coarse  mesh 
transfer  of  the  unknowns  is  performed  by  direct 
inicipolanun,  whereas  conservative  transfer  is  used  for  the 
residuals.  The  coarse  to  fine  mesh  transfer  of  the  updates  is 
accomplished  by  direct  interpolation. 

The  sequence  of  unstructured  meshes  required  for  such  a 
multigrid  algorithm  is  readily  generated  using  the  mesh 
generator  described  above  by  simply  altering  the  scaling  of 
the  user  specified  distribution  functions.  The  process  of 
determining  the  information  required  to  accomplish  the 
inter-grid  transfers  is  found  by  using  the  same  alternate 
digital  tree  [25]  which  is  employed  in  the  process  of  three 
dimensional  unstructured  mesh  generation. 

6.  COMPUTATION  OF  THE  FLOW  PAST  THE 
HERMES  SPACE  SHUTTLE 

To  illustrate  the  application  of  the  multigrid  acceleration 
procedure  we  consider  the  inviscid  hypersonic  flow  about  the 
HERMES  1.0  space  shuttle.  The  free  stream  flow  conditions 
correspond  to  a  Mach  number  of  10  and  the  angle  of  attack  is 
30  degrees.  Due  to  the  symmetry  of  the  problem  only  half 
spacecraft  is  modelled.  The  geometrical  definition  of  the 
spacecraft  surface  and  the  outer  computational  boundary  is 
shown  in  figure  5a  and  consists  of  5  surface  components  and 
11  segments  as  described  in  (13).  Using  this  geometrical 
definition,  three  meshes  were  generated,  consisting  30  558 
(6  094).  122  921  (23  539)  and  749  070  (137  080)  elements 
(points)  respectively.  The  surface  triangulations  for  the 
three  meshes  are  shown  in  figure  5b.  The  three  meshes  were 
used  in  the  multigrid  computation.  The  algorithm  employed 
in  the  three  meshes  was  the  Tow  order'  scheme  of  equation 
(21).  A  three  stage  time-stepping  scheme  was  employed  with 
a  V  multigrid  cycle  with  one  pre-smoothing  iteration  and 
zero  post-smoothing  iterations.  The  Mach  number 
distribution  on  the  surface  of  the  spacecraft  and  on  the 
computational  boundaries  is  shown  in  figure  5c.  The 
convergence  history  showing  the  number  evaluations  of 
the  right  hand  side  of  equation  (21)  versus  the  logarithm  of 
the  maximum  density  change  for  the  the  full  approximation 


scheme  is  shown  in  figure  5d.  It  can  be  observed  how  rate  of 
convergence  is  nearly  constant  and  independent  of  the  finest 
grid  being  used.  The  generation  of  the  three  meshes  required 
about  420  minutes  CPU  time  on  an  IBM  RISC  6000/530H 
workstation  and  the  multigrid  solution  required  about  450 
minutes  CPU  time  on  the  same  computer.  The  memory 
required  for  this  computation  was  less  than  12  Mbytes. 

The  solution  shown  in  figure  5d  was  interpolated  onto  a  finer 
grid  consisting  of  1,462  189  elements  and  269  780  points. 
The  surface  triangulation  of  this  mesh  for  the  complete 
model  is  shown  in  figure  6a.  The  Flux  Corrected  Transport 
algorithm  described  in  section  4.4  was  applied  using  the 
three  stage  multi-stepping  scheme.  The  solution  was 
advanced  for  500  timesteps  using  a  local  CFL  number  of  2.0. 
The  FCT  algorithm  was  applied  at  every  stage  and 
monotonicity  was  imposed  on  Density,  Pressure  and  Mach 
number.  The  Mach  number  and  pressure  distributions  on  the 
surface  of  the  spacecraft  and  computational  boundaries  are 
shown  in  figures  6b  and  6c.  The  variation  of  the  local  Mach 
number  at  three  different  cross  sections  is  plotted  in  figure 
6d.  The  computed  aerodynamic  coefficients  are  Cl  =  0.44, 
CD  =  0.31  and  Cm  =  0.01  which  arc  in  good  agreement  with 
those  reported  in  [26]. 

7.  CONCLUSIONS 

We  have  presented  an  extension  of  our  numerical  scheme, 
originally  developed  for  transonic  flows,  to  the  computation 
of  hypersonic  flows.  The  amount  of  added  artificial  viscosity 
is  controlled  by  a  FCT  algorithm.  For  hypersonic  flows,  the 
FCT  algorithm  is  found  to  produce  more  stable  and  accurate 
solutions  than  those  obtained  using  a  pressure  sensor.  The 
use  of  the  FCT  algorithm  however,  increases  the 
computational  cost  by  a  factor  of  2.5.  The  overall 
unstructured  mesh  approach  appears  to  be  a  very  efficient 
technique  for  modelling  hypersonic  flows  about  the 
complete  spacecraft.  Specially,  if  more  realistic  geometries 
e.g.  including  control  surfaces,  are  to  be  considered.  The 
mulligrid  algorithm,  although  used  here  only  in  conjunction 
with  the  Tow  order’  scheme,  has  proven  to  be  an  efficient 
way  of  accelerating  the  convergence  of  the  iterative 
procedure.  Future  work  will  concentrate  on  the  use  of 
adaptivity  to  more  accurately  resolve  localised  flow  features 
and  on  extending  the  mulligrid  approach  to  be  used  in 
conjunction  with  the  ‘high  order'  algorithm. 
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Figure  1.-  Local  coordinate  O  along  side  between  nodes 
I  and  J,. 


Figure  2.-  Inviscid  subsonic  flow  over  a  NACA0012. 
M  =  0.63.  a  =  2°. 
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Figure  2.-  Inviscid  subsonic  flow  over  a  NACA0012.  M  =  0.63,  a  =  2°.  a)  Viscous  mesh 
employed,  b)  Mach  number  contours  using  MUSCL,  matrix  dissipation  and  scalar  dissipation  schemes,  c) 
Entropy  deviation  for  MUSCL  and  matrix  dissipation  schemes  and  d)  Entropy  deviation  for  scalar 
dissipation  scheme. 


Figure  3.-  Hypersonic  flow  over  a  double  ellipse  configuration.  M  =  8.15,  a  =  30°.  a)  Mesh 
employed,  b)  Pressure  contours  using  pressure  sensor  and  c)  Pressure  contours  using  FCT  algorithm. 


3y-y 


Figure  4.-  Information  transfer  between  two  unnested  meshes. 


I'lyure  6,-  Hypctsonic  flow  around  HERMES  10  space  shuttle.  M  =  10.0.  n  =  30°.  a)  Surface 

iri.ini’ulalion.  h)  Mach  number  distribution  AM  -  0.2,  c)  Pressure  distributor)  Alogl0(p/p_  )  =  0  IS  and 
ill  variation  of  the  Mach  number  a!  x=S.  x=10  and  x=lS  m. 
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ON  THE  ACCURACY  AND  EFFICIENCY  OF  CFD  METHODS 
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SUMMARY 

A  study  of  viscous  and  invtscid  hypersonic 
flows,  using  generalized  upwind  methods,  is 
presented.  A  new  family  of  hybrid  flux  splitting 
methods  is  examined  for  hypersonic  flows.  A  hybrid 
method  is  constructed  by  the  superposition  of  the 
Flux  Vector  Splitting  (FVS)  method  and  second  order 
artificial  dissipation  in  the  regions  of  the  strong 
shock  waves.  The  conservative  variables  on  the  cell 
faces  are  calculated  by  an  upwind  extrapolation 
scheme  third  order  of  accuracy.  A  second  order 
accurate  scheme  is  used  for  the  discretization  of  the 
viscous  terms  The  solution  of  the  system  of 
equations  is  succeeded  by  an  implicit  unfactored 
method.  In  order  to  reduce  the  computational  time 
a  Local  Adaptive  Mesh  Solution  (LAMS)  method  is 
proposed  LAMS  method  combines  the  mesh 

sequencing  technique  and  the  local  solution  of  the 

equations.  Local  solution  of  either  Euler  or 

Navier-Stok.es  equations  is  applied  in  the  region  of 
the  flow  field  where  numerical  disturbances  are  died 
out  slowly,  Validation  of  the  Euler  and 
Navier-Stokes  codes  is  obtained  for  hypersonic  (lows 
around  blunt  bodies  Real  gas  effects  are  introduced 
via  a  generalized  equation  of  state  Extension  of 
numerical  methods  in  real  gas  hypersonics  is 

presented  for  the  hybrid  FVS  method  and  a  Riemann 
solver 

1.  INTRODUCTION 

The  development  of  computational  methods  for 
hypersonic  flows  is  of  increasing  interest  the  last 
years  CFD  is  expected  to  play  an  important  role  in 
hypersonic  vehicle  design  because  of  the  difficulties  to 
produce  data  from  experimental  facilities  The 
purpose  of  CFD  methods  is  focused  in  the  accurate 

simulation  of  flows  with  strong  shock  waves, 

capturing  complex  flow  phenomena  and  variations  of 
the  variables  in  hypersonic  flows  The  term  strong 
shock  waves"  indicates  shock  waves  with  a  substantial 
entropy  production  (Ref  1)  In  the  case  of  air  such 
shocks  are  referred  for  Mach  numbers  greater  than 
three.  The  study  of  hypersonic  shock  waves  around 
a  blunt  body  constists  one  of  the  major  problem  of 
the  hypersonic  aerodynamics,  because  blunt  shape  is 
used  for  the  decrease  of  the  heat  transfer,  especially 
in  the  nose  of  the  body  The  shock  wave  is 
stronger  in  front  of  the  body  while  large  variations 
of  the  flow  variables  occur  across  this. 

Numerical  methods  must  capture  these 
variations  into  the  thin  shock  and  entropy  layer  as 
well  as  the  thick  boundary  layers  and  the  viscous 
Interaction  (Ref  2,  Ref.  3)  During  the  last  15 
years  many  upwind  methods  have  been  developed  for 
transonic  and  supersonic  Hows  These  methods  have 
improved  the  accuiacy  of  the  numerical  solution  for 
both  in  viscid  and  viscous  (lows  (Kef  4  9)  Despite 


the  reliability  of  these  methods,  problems  have 
arisen  in  their  applications  to  flows  with  strong  shock 
waves,  such  as  blunt  body  hypersonic  Hows 
Hypersonic  flows  are  dominated  by  strong  shock 
waves,  producing  high  strength  jumps  on  the  flow 
values.  From  the  numerical  point  of  view  the 
essential  problem  is  the  development  of  numerical 
schemes  which  can  capture  the  strong  shocks.  The 
numerical  methods  must  produce  enough  dissipation 
in  order  to  capture  shocks  of  any  strength 

Because  of  the  high  speed  in  hypersonic 
computations  numerical  errors  cause  negative  values 
in  flow  variables,  such  as  negative  pressures  or 
densities.  Moreover  numerical  schemes  can  not 
capture  strong  shocks  without  spurious  oscillations  if 
the  me.h  lines  are  not  aligned  with  the  shock  wave 
(Ref.  10).  For  this  reason  adaptive  mesh  procedures 
or  low  shock  fitting  methods  are  used  The  bow- 
shock  fitting  method  can  be  applied  successfully 
around  simple  geometries  but  can  not  be  easily 
generalized  around  complex  geometries  and  thus  it 
can  not  be  considered  as  a  general  method  for  the 
capturing  of  the  strong  shock  waves 

Many  researchers  have  presented  the  last  year 
modifications  ol  previous  numerical  methods  for 
applications  in  hypersonic  nows.  Yee  (Ref.  7)  have 
modified  her  upwind  TVD  method  scaling  properly 
the  arguments  of  the  minmod  limiter  and  making 
them  proportional  to  the  pressure  differences. 
Collela  and  Woodward  (Ref  11)  add  numerical 
dissipation  to  their  method  in  large  discontinuities. 
MacCarmack  and  Candler  (Ref.  9)  use  also  a 
combination  of  two  methods  in  hypersonic 
calculations  adding  the  original  Flux  Vector  Splitting 
(FVS)  method  by  Steger  Warming  (Ref.  4)  in  regions 
where  the  pressure  changes  by  25ri.  Eberle  (Ref. 
12)  has  also  used  a  Riemann  solver  and  the  original 
(FVS)  method  by  Steger  Wanning  in  regions  with 
strong  shock  when  the  Mach  number  is  greater  than 
three.  A  combination  of  TVD  method  with  added 
dissipation  for  Navier  Stokes  calculations  has  also 
been  presented  by  MUller  (Ref  20) 

Inspite  of  the  above  modifications  certain 
numeric^  problems  arise  in  hypersonic  flow 
simulation  (Ref.  10)  Such  problems  are  the  spurius 
non  physical  oscillations  of  the  numerical  solution  in 
the  region  of  the  strong  shocks,  the  errors  in  the 
conservation  of  the  total  temperature  as  well  as  the 
development  of  accurate  thermodynamic  models  in 
order  to  include  real  gas  effects  in  the  numerical 
simulation.  The  numerical  scheme  must  be  diffusive 
enough  to  capture  the  strong  shock  waves  but  at  the 
same  time  the  numerical  diffusion  must  not  destroy 
the  physical  picture  of  the  flow  field  In  the  present 
work  a  new  family  of  hybrid  flux  splitting  methods  is 
examined  (Ref  39)  for  hypersonic  flows  The  hybrid 
methods  construct  the  fluxes  as  a  superposition  of 
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the  splitting  schemes  and  a  second  order  artificial 
dissipation  model  especially  constructed  for 
hypersonic  flow  fields.  The  conservative  variables  on 
the  cell  faces  can  be  calculated  either  by  a  five  point 
upwind  scheme  (Ref.  12)  or  by  the  well  known 
MUSCL  scheme  (Ref.  13).  Thus  hybrid  FVS  methods 
are  created  up  to  fourth  order  of  accuracy  for  the 
inviscid  fluxes  discretization.  A  second  order 
accurate  model  is  used  for  the  discretization  of  the 
viscous  fluxes  (Ref.  14). 

One  of  the  major  problems  during  the 
numerical  solution  in  hypersonic  flows  is  the  slow 
rates  of  convergence  of  the  numerical  algorithms. 
In  hypersonic  flows,  small  CFL  numbers  are  required 
for  the  capturing  of  slowly  moving  shock  waves.  It 
is  know  from  the  experience  in  transonic  and 
supersonic  flows  that  unfactored  solution  methods 
including  Gauss-Seidel  relaxation  allow  the  use  of 
high  CFL  numbers.  Numerical  experiments  have 
shown  that  high  CFL  numbers  can  not  be  used  in 
hypersonic  flows  even  in  the  case,  where  modem 
unfactored-Newton  type  mehtods  (Ref.  15,  Ref.  16) 
are  used  for  the  inversion  of  the  system  of 
equations.  In  order  to  reduce  the  computational 
time  a  Local  Solution  Method  (LSM)  is  presented. 
This  method  was  developed  in  the  past  for  the 
acceleration  of  the  convergence  of  the  Euler  and 
Navier- Stokes  codes  in  transonic  and  supersonic  flows 
obtaining  a  significant  reduction  of  the  computational 
time  (Ref.  29,  17,  18).  Numerical  experiments  have 
shown  that  this  method  can  also  be  extended  under 
certain  modifications  in  the  case  of  hypersonic  flows. 
The  solution  of  the  system  of  equations  is  obtained 
by  an  unfactored  Newton-type  method  using  also  a 
Gauss-Seidel  relaxation  technique. 

Validation  of  the  Euler  and  Navier- Stokes  codes 
is  obtained  for  supersonic  flows  around  blunt  bodies, 
because  these  geometries  are  particularly  important 
shapes  in  hypersonic  aerodynamics. 

2.  GOVERNING  EQUATIONS 

The  governing  equations  are  the  time  dependent 
Navier-Stokes  equations  for  a  compressible  fluid. 
The  equations  can  be  written  in  conservation 
dimensionless  form  and  for  a  generalized  coordinate 
system  as  : 

1U  +  (E .  ).  +  (G.  >  =  ~J(E  .  )  +(G  .  )  1  (1) 

t  mv  £  inv  ;;  Ke[  vis  \  vis 


where  Re  is  the  Reynolds  number,  U  =  (p,  pu.  pw, 
e)T  is  the  conservative  solution  unknown  vector,  p, 
u,  w,  e  are  the  density,  velocity  in  the  x-direction, 
velocity  in  the  z-direction  and  total  energy  per  unit 
volume  respectively  Einv.  Gjnv  are  the  inviscid  flux 
vectors  while  Evjs.  Gvjs  are  the  viscous  flux  vectors. 
J  =  x^z^-z^x^  is  the  Jacobian  of  the  transformation 
from  the  Cartesian  coordinates  (x,  z)  to  generalized 
coordinates  (£.  t,).  The  inviscid  and  viscous  lluxes 
are  defined  as 
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The  indices  1;  denote  partial  derivatives, 
except  for  the  stresses  ixz.  \Ll  and  the  heat 
terms  qx,  qz.  The  stresses  and  the  heat  terms  are 
given  as  : 

Txx  =  -P-  5  P(-2ux~wz) 

Tzz  =  -P-f  P(ux'2wz) 
tx/.=  T?x  =  P(wx+uz) 
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where  Pr  is  the  Prandtl  number.  p.  k  are  the 
viscosity  and  the  heat  conductivity  coefficients  while  T 
is  the  gas  temperature.  The  dimensionless  viscosity 
p  can  be  defined  for  a  real  gas  as  a  function  of  the 
density  and  the  specific  internal  energy  . 


P  =  P(p.i) 

(2) 

while  the 

Pr  number  as 

a  function  of  the 

temperature 

and  the  density  : 

Pr-Pr(T]p) 

(3) 

The  formulation  of  the  governing  equations  is 
completed  by  an  equation  governing  of  state  : 

p=  pip,  i)  (4) 


The  implementation  of  the  real  gas  properties 
into  the  numerical  algorithm  will  be  presented  in 
another  section  of  the  paper 


3.  GENERALIZED  FVS  METHOD  FOR 

HYPERSONIC  FLOWS 

Almost  all  of  the  upwind  methods  make  use  of 
the  operator  splitting  for  the  discretization  of  the 
inviscid  fluxes.  The  use  of  the  high  accurate 
multidimensional  upwind  methods  (Ref.  19)  is 
difficult  for  the  development  code  as  well  as  very 
expensive  in  computational  time.  Because  of  the  use 
of  the  operator  splitting  the  solvers  find  difficult  to 
recognize  strong  variations  which  are  not  aligned  with 
the  mesh  lines.  This  problem  has  also  been 
observed  from  other  authors  (Ref.  10,  Ref.  20)  in 
flows  with  strong  shock  waves.  In  such  flows  many 
of  the  parameters  take  very  small  values  and  if  the 
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solution  is  not  accurate  negative  squort  arguments 
will  blow  up  the  solution.  The  latest  is  much 
stronger  in  the  transient  phase  that  shock  wave  is 
moved. 

This  problem  can  be  overcome  increasing  the 
artificial  dissipation  of  the  algorithm.  In  the  present 
study  the  discretization  of  the  inviscid  fluxes  is 
carried  out  by  a  modified  Steger-Warming  FVS 
method  (Ref.  21).  The  FVS  method  decomposes  the 
inviscid  flux  into  two  parts  positive  and  negative  in 
accordance  with  the  sign  of  the  eigenvalues 

IE,  )  =(taY:)  IT  +  (ta  t-1)  U+  (5) 

'  «>v  I  .  i  .1  .  1 


As  we  mentioned  above,  in  order  to  overcome 
the  numerical  problems  in  hypersonic  flow 
computations  artificial  dissipation  is  added  in  the  FVS 
method.  Because  the  dissipation  terms  are  not 
desirable  in  the  smoothed  flow  regions,  an  accurate 
treatment  of  these  is  necessary.  Two  different 
models  have  been  tested  in  the  numerical 
experiments.  The  first  model  is  known  from  the 
central  discretization  algorithms  (Ref.  23).  The 
added  second  order  artificial  dissipation  is  written  as 
follows  : 


D2u  =  p  a  ■  e  ,  )A.  U.  .  (8) 
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where  T,  T  *  are  the  left  and  right  eigenvector 
matrices  respectively  while  A+  and  A"  are  the 
positive  and  negative  eigenvalue  matrices.  The 
splitted  fluxes  are  defined  on  the  cell  faces  of  the 
computational  volume  instead  of  the  center  of  the 
volume  because  the  first  formulation  improves  the 
results  into  the  boundary  layer. 

The  eigenvalues  of  the  positive  and  negative 
eigenvalue  matrices  are  splitted  as 


where  the  operators  and  A|  are  defined  as 
follows  : 


The  mean  values  of  the  eigenvalues  are 
calculated  from  the  artithmetic  average  of  the 
neighbouring  cells  The  coefficient  e  is  defined  as 
follows  : 
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where 


Y  =  UY+WY 
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s  represents  the  speed  of  sound  The  splitting  of 
the  zeroth  eigenvalue  in  accordance  with  the  equation 
(6a)  reduces  the  errors  concerning  the  preservation 
of  the  total  temperature  (Ref.  21.  22).  The  splitted 
convective  (luxes  can  be  defined  finally  as 
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P  is  the  pressure  and  K  is  constant  Because  in 
hypersonic  flow  around  bodies  the  bow  shock  is 

captured  close  to  the  body,  there  is  a  small  number 
of  cells  between  the  shock  and  the  body  in  the 

stagnation  region.  The  high  pressure  values  in  the 
stagnation  region  cause  uniform  variation  of  the 

sensor  v  and  artificial  dissipation  is  added  not  only  in 
the  shock  but  on  the  whole  flow  field,  in  the 

stagnation  region.  Thus  errors  on  the  preservation 
of  the  total  enthalpy  and  less  of  the  accuracy  are 
presented.  Control  of  the  added  dissipation  using 
the  pressure  values  in  fewer  cells  did  not  improve 
the  accuracy  of  the  scheme 
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Because  the  zeroth  eigenvalue  takes  value  close 
to  zero  and  the  first,  second  eigenvalues  have  not 
large  variations  in  the  stagnation  regions,  they  are 
good  indicators  for  the  second  order  damping  terms. 
Thus,  the  following  model  is  constructed  : 

,7,  D^U=pJc  r  <10a> 


r  =  max  ( A  L  ,A  L.A.L.f]  (10b) 
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The  terms  Lq.  Lp  are  defined  as 
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The  parameter  c  is  a  constant  with  typical 
values  between  0.05  and  0.18  while  e  is  a  very 
small,  positive  constant  number  (e  =  10"5).  The 
above  model  adds  only  a  very  small  amount  of 
second  order  artificial  dissipation  in  the  shock  region. 

The  generalized  flux  for  hypersonic  flows  can  be 
defined  as  : 


The  above  tlux  can  also  be  used  in  transonic 
and  supersonic  flows  putting  the  constant  c  in  the 
expression  (10a)  equals  zero. 

4.  HIGH  ORDER  EXTRAPOLATION 
SCHEMES 

The  conservative  variables  on  the  cell  faces  can 
be  calculated  either  by  a  hybrid  five  point  upwind 
extrapolation  scheme  (Ref.  12)  or  by  the  well  known 
MUSCL  scheme  (Ref.  13).  The  hybrid  five  point 
upwind  scheme  is  constructed  by  the  superposition  of 
the  first,  second,  third  a..d  fourth  order  extrapolation 
schemes  : 
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The  superscripts  1,  2.  3,  4  denote  the  several 
order  of  the  extrapolation.  For  instance  the  third 
and  fourth  order  extrapolations  are  defined  as  : 
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Fourth  order 


The  terms  A,  B  are  limiter  functions  and  are  defined 
by  the  second  order  derivatives  of  the  pressure  (Ref. 
12) 

A-minfl,diP2  -  P2  i|  (14a) 
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B  =  min(l,biP2  -  P2  )  (14  b) 
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The  values  of  the  constants  d,  b  and  C  are  d  =  4.5, 
b  =  2.5,  C  =  2  25 

A  second  approach  for  the  calculation  of  the 
conservative  variables  on  the  cell  faces  is  the 
MUSCL  scheme  : 


IT  ,  =U.  .  -t--'  J[fl-kS..'Vr  (1+kSAju  (15a) 
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where  AUj  j  =  Uj+j j  -  Uj  j  ,  v Uj  j  =  Uj  j  -  Uj.j  j.  S 

is  the  van  Albada  limiter  function  (Ref.  24)  for  the 

detection  of  discontinuities.  The  spatial  accuracy  of 
the  MUSCL  scheme  depends  on  the  parameter  k. 
For  k  =  -1  it  produces  a  fully  upwinded  scheme,  for 

k  =  0  a  symmetric,  for  k  =  1/3  a  third  order  biased 

one  and  for  k  =  1  a  centered  one  MUSCL  scheme 
is  second  order  accurate  for  two  dimensional  flows 
while  the  third  order  upwind  biased  formulation  of 
this  scheme  is  strictly  third  order  for  one 
dimensional  calculations.  Stability  analysis  has  shown 
(Ref.  11)  that  the  cont^hution  of  the  third  order 
dissipation  is  similar  for  the  third  order  hybrid 
upwind  and  the  MUSCL  scheme  in  the  fully  upwinded 
formulation  (k  =  1).  The  fourth  order  hybrid 

upwind  as  well  as  the  other  formulations  of  the 
MUSCL  scheme  do  not  contribute  in  the  third  order 
derivatives  of  the  truncation  error  analysis  of  the 

scalar  one  dimensional  convection-diffusion  equation. 

Thus,  third  order  hybrid  upwind  as  well  as  fully 

upwinded  are  prefered  for  hypersonic  calculations 

because  contribute  in  the  diminishing  of  the  numerical 
oscillations  known  as  odd  even  decoupling'  .  It  is 
also  obvious  that  the  hybrid  upwind  scheme  is  third 
order  in  smoothed  f low  regions  and  it  is  switched  on 
first  order  of  accuracy  in  the  regions  of 

discontinuities. 

Numerical  experiments  (Ref.  11.  Ref  21)  have 
shown  that  hybrid  upwind  and  MUSCL  scheme 
present  similar  behaviour  in  inviscid  flows  but  it  does 
not  happen  in  viscous  flows.  MUSCL  scheme  in 
combination  with  the  FVS  method  causes  inaccuracies 
into  the  boundary  layers  while  third  order  hybrid 
scheme  capture  the  skin  friction  and  the  velocity 
distribution  in  boundary  layes  with  satisfactory 
accuracy  (Ref.  21)  The  generation  of  numerical 
errors,  in  boundary  layers  calculations  has  also  been 
observed  by  other  authors  in  the  past  (Ref.  24,  Ref. 
26).  In  accordance  with  the  above  hybrid  upwind  is 
used  for  the  viscous  flows. 


5.  UNFACTORED  IMPLICIT  RELAXATION 
SOLUTION 

An  unfactored  implicit  method  is  used  in 
combination  with  the  generalized  FVS  method  for  the 
solution  of  the  system  of  equations.  The  implicit 
method  is  first  order  accurate  in  time.  The 
unfactored  equations  are  solved  by  a  Newton-type 
method  constructing  a  sequence  of  approximation  qv 
such  that 

v  ,  ,n  +1 

limq  ->  U 

V>1 


where  v  is  the  sub  iteration  state.  A  Newton  form 
is  obtained  by  the  linearization  of  the  equation  (1). 
around  the  known  subiteration  state  v.  as  follows  . 
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qv.  qv+i  are  the  solution  vectors  at  the  subiteration 
states  v,  v+1  respectively  Gauss-Seidel  relaxation 
using  4  subiteration  states  is  applied  on  the  left  hand 
side  (LI1S)  of  equation  (16a)  while  the  RHS  is  held 
constant  ;Ref.  22).  On  the  LHS  the  thin  layer 
viscous  Jacobian  C^yjs  is  used  for  steady  state 
calculations,  sating  computational  time.  The  inviscid 
fluxes  on  the  (LHS)  of  equation  (16a)  are  spiitted  : 
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The  parameter  b  is  a  function,  defined  from  the 
values  of  the  RHS  in  order  to  decrease  the  accuracy 
of  the  extrapolation  in  the  regions  of  the 
discontinuities.  In  order  to  retain  the  stability  of  the 
implict  solution,  the  spiitted  eigenvalue  matrices  are 
defined  as 

A*  =  max(F.  A)  .  A^=min(-F.A) 


where 


F  =  B  hmaxp.  >-2  j 


The  sensor  B  is  deiined  by  the  equation  (14b)  if 
the  hybrid  upwind  is  used  for  the  discretization  of 
the  inviscid  fluxes.  If  the  FVS  method  is  used  with 
the  MUSCL  upwind  the  sensor  B  is  better  to  be 
defined  by  the  squares  of  the  Mach  number  on  the 
left  and  right  states  of  the  cell  face.  The  constant  h 
is  0  5. 


6.  LOCAL  SOLUTION  METHOD 

As  we  mentioned  in  the  introduction  of  the 
present  work  slow  rates  of  convergence  have  been 
observed  in  numerical  simulation  of  hypersonic  flow 
fields.  In  order  to  reduce  the  computational  time  a 
combination  of  the  mesh  sequencing  technique  with  a 
local  solution  method  is  applied.  In  the  mesh 
sequencing  technique  (Ref.  17,  Ref.  28)  an  initial 
guess  on  the  fine  mesh  is  obtained  by  first  iterating 
the  solution  of  the  equations  on  a  sequance  of 
coarser  grids  and  then  interpolating  the  solution  to 
the  next  finer  grid. 

The  coarse  mesh  is  constructed  by  eliminating  every 
second  line  of  the  fine  mesh  in  each  direction.  The 
refining  grid  criterion  for  the  interpolation  of  the 
solution  from  the  coarse  to  the  fine  mesh  is  the 
maximum  variation  max(AQ,  A(qu),  A(qw).  Ae)  of  the 
conservative  variables  during  the  iterations.  Because 
in  the  mesh  sequencing  procedure  the  center  of  the 
volumes  of  the  fine  mesh  are  not  a  subset  of  the 
volumes  of  the  coarse  mesh,  bilinear  interpolation  is 
used  for  the  calculation  of  the  conservative  variables 
from  the  corresponding  variables  on  the  coarse 
mesh.  In  the  present  calculations  two  levels  (coarse 
and  fine  mesh)  have  been  used. 

Panaras  (Ref.  29)  has  observed  for  first  time 
that  the  solution  of  the  equations  is  not  necessary  to 
be  obtained  in  the  whole  flow  field  during  the 
iterations.  This  fact  originates  from  the 

non-uniformities  of  the  flow  variation  towards  a 
steady  or  unsteady  solution.  An  analytical  study  of 
the  numerical  disturbances  has  been  presented  by 
Panaras  (Ref.  29)  using  an  implicit  approximately 
factored  scheme  for  the  thin  layer  Navier-Stokes 
equations.  In  accordance  with  the  non-uniform 

propagation  of  the  disturbances  the  solution  of  the 
equations  can  be  obtained  only  in  the  regions  of  the 
flow  field  where  the  disturbances  are  large  (exceed  a 
prescribed  value)  while  the  rest  flow  field  is 
considered  to  be  converged  Drikakis  et.  al  (Ref. 
18)  has  also  observed  that  the  numerical  disturbances 
are  decreased  rapidly  away  from  the  solid  boundary 
and  the  regions  of  shock  wave,  in  transonic  and 
supersonic  flows  In  the  case  of  hypersonic  flow 
around  a  blunt  body  the  shock  wave  is  formed  near 
the  solid  boundary  and  thus  interaction  between  solid 
boundary  and  shock  wave  in  inviscid  flows  as  well  as 
between  the  shock  wave  and  the  thick  boundary  layer 
in  viscous  flows  occurs.  The  behaviour  of  the 
numerical  disturbances  has  been  studied  separately 
for  the  inviscid  and  the  viscous  flow  cases.  The 
basic  conclusions  from  this  study  have  as  follows  In 
inviscid  hypersonic  Hows  the  numerical  disturbances 
are  diminisched  faster  from  the  solid  boundary 
region  (except  of  the  stagnation  region),  than  the 
region  of  the  slowly  moving  shock  wave  During  the 
numerical  solution  the  shock  wave  is  moved  until  its 
final  steady  state  position  is  achieved  After  the 
steady  state  position  of  the  shock,  numerical 
disturbances  continue  to  exist  in  the  region  of  the 
large  variations  until  the  achievement  of  the  final 
steady  state  values  of  the  variables  across  the  shock 
wave.  In  accordance  with  the  above  local  solution 
can  be  achieved  in  a  region  around  the  shock  wave 
and  in  front  of  the  body  nose,  during  the  numerical 
iterations. 

In  viscous  hypersonic  flows  large  values  of  the 
numerical  disturbances  are  presented  (after  a  number 
of  iterations)  into  the  boundary  layer  and  around  the 
shock  wave.  Thus  two  local  solution  zones  are 
constructed  The  first  overlaps  the  bow  shock  wave 
while  the  second  overlaps  a  part  of  the  boundary 
layer  around  the  body.  A  region  between  the  two 
zones  is  freezed  until  the  steady  state  solution  is 


achieved  in  the  whole  flow  field.  The  local  solution 
regions  are  generated  by  an  adaptation  procedure 
(Ref.  IS). 


because  these  geometries  are  particularly  important 
shapes  in  hypersonic  aerodynamics. 


7.  INCORPORATION  OF  REAL  GAS 
EFFECTS 

The  introduction  of  a  real  gas  model  for 
equilibrium  conditions  required  minimum  modifications 
of  the  generalized  FVS  method.  Extensions  of  FVS 
methods  with  real  gas  effects  have  also  been 
presented  in  the  past  by  other  authors  (Ref.  30-33). 


The  incorporation  of  the  equilibrium  gas  model 
is  consisted  from  two  parts.  The  first  part  concerns 
the  flux  splitting  formulas  on  the  right  hand  side  of 
equation  (16a).  It  is  known  that  if  we  consider  the 
pressure  as  a  function  of  the  density  and  the  specific 
internal  energy  the  present  FVS  method  does  not 
satisfy  the  homogeneous  property  of  the  Euler 
equations.  Thus  the  incorporation  of  the  real  gas 
model  is  succeeded  by  a  parametrization,  introducting 
an  equivalent  ratio  of  specific  heats  7,  defined  as  : 

Y(p,i)=  1  +—T1  a7> 


The  generalized  equation  of  state  as  well  as  the 
equations  for  the  transport  properties  (viscosity, 
thermal  conductivity,  Prandtl  number)  have  been 
developed  by  Srinivasan  et.  al.  (Ret.  34-35).  The 
'true"  speed  of  sound  can  be  expressed  by  the 
introduction  of  the  pressure  derivatives  as  : 


Initially  the  efficiency  of  the  Local  Solution 
Method  (LSM)  has  been  tested  for  the  hypersonic 
inviscid  flow  M„  =  6  3  around  a  cylinder.  A  physical 
picture  of  the  flow  field  is  shown  in  Figure  (la) 
plotting  the  iso-density  lines  around  the  cylinder. 
For  this  flow  case  the  influence  of  the  mesh 
sequencing  and  the  LSM  as  well  as  the  influence  of 
the  relaxation  factor  (in  the  Gauss-Seidel  relaxation 
sweeps)  in  the  convergence  has  been  studied.  In 
transonic  and  supersonic  flows  (M„  <  2)  the 

relaxation  factor  (RL)  has  the  value  0.2.  For  the 
present  flow  the  mesh  sequencing  procedure  has  been 
tested  using  the  relaxation  factor  with  the  values  RL 
=  0.2,  RL  =  0.6.  From  figure  (lb)  it  is  obvious  that 
the  value  RL  =  0.6  improves  the  convergence.  In 
the  same  figure  it  is  also  shown  that  the  mesh 
sequencing  procedure  reduces  the  computational  work 
in  comparison  with  the  fine  mesh.  The  mesh 
sequencing  method  has  also  been  used  in  combination 
with  the  LSM.  After  the  convergence  of  the 
solution  on  the  coarse  mesh  (Residual  =  10  °)  the 
iterations  are  continued  on  the  fine  mesh.  The  local 
solution  is  applied  when  the  residual  reaches  the 
value  of  about  10‘3.  The  convergence  of  the 
equations  on  the  partial  meshes  is  faster  than  the 
convergence  on  the  fine  mesh  (using  mesh 
sequences).  Thus,  after  450  iterations  the 
convergence  has  been  achieved,  by  the  LSM  while 
using  only  the  mesh  sequencing  procedure  720 
iterations  are  required.  Hence  the  combination  of 
the  mesh  sequencing  method  and  the  LSM  is  used 
for  the  calculation  of  the  present  hypersonic  flow 
Fields. 


S2  =  P  +  P — - 

rp+  p2 


(18a) 


where  Py  and  Pj  are  the  pressure  derivatives  with 
respect  to  the  density  and  the  specific  internal 
energy,  respectively.  In  FVS  method  it  is  not 

necessary  the  speed  of  sound  to  be  defined  by 
equaation  (18a)  because  the  parametrization  using  the 
equivalent  ratio  y  (eq.  17)  has  already  been  used  in 
generalized  form.  Thus  in  order  to  save 

computational  time  the  speed  of  sound  is  defined 
as  : 

SZ=7(p.  Dp  (18b) 


Although  the  splitted  fluxes  on  the  right  hand 
side  have  not  significant  modifications  for  'he  real 
gas  model,  a  different  approach  on  the  left  hand  side 
of  equation  (16a)  can  be  used  by  the  derivation  of 
the  jacobian  matrices  and  the  eigenvectors  for  a 
general  equation  of  state  (Ref.  33).  The  above 
derivation  make  the  iacobians  and  the  eigenvectors 
as  fucntlons  of  the  pressure  derivatives.  Numerical 
experiments  for  the  present  steady  hypersonic  flows 
showed  that  the  above  procedure  increase  the 
computational  time  while  has  not  any  influence  in  the 
numerical  results.  Thus  the  equivalent  y  ratio  is 
used  in  all  the  parts  of  the  method. 

In  order  to  save  computational  time  the  y  ratio 
and  the  transport  properties  of  the  air  are  updated 
every  fiftieth  iteration.  This  process  does  not 
affect  the  stability  of  the  numerical  solution. 

8.  RESULTS 

Validation  of  the  Euler  and  Navier- Stokes  codes 
is  obtained  for  hypersonic  flows  around  blunt  bodies, 


The  first  test  case  for  the  validation  of  the 
Euler  code,  is  the  hypersonic  flow  M,  =  8  around  a 
circular  cylinder.  Two  different  meshes  have  been 
used.  The  lines  of  the  first  mesh  (Figure  2a)  are 
not  aligned  with  the  bow  shock  wave,  while  the  lines 
of  the  second  mesh  are  fitted  in  the  shock.  The 
mesh  size  for  the  meshes  is  1200  cells  (30x40).  The 
first  mesh  is  used  in  order  to  show  that  the  above 
hybrid  flux  splitting  method  produces  only  minimum 
oscillations  in  the  bow  shock,  although  the  shock 
intersects  the  mesh  lines.  In  Figures  (3a.  b)  the 
iso-pressure  lines  using  the  meshes  of  Figure  (2a) 
and  (2b)  respectively,  are  plotted.  The  bow  shock  is 
captured  without  spurious  oscillations  In  the  second 
mesh  (Fig.  2b)  the  mesh  lines  in  the  radial  direction 
have  clustered  in  the  bow  shock,  and  thus  the  thin 
structure  of  the  shock  wave  is  obtained.  The 
satisfactory  resolution  of  the  shock  (Fig.  3a)  inspite 
of  the  use  of  a  non-adaptive  mesh,  is  due  to  the 
minimum  second  order  artificial  dissipation  which  is 
added  to  the  shock  wave.  The  present  hyprid 
method  preserves  also  satisfactory  the  total 
temperature.  The  error  in  the  total  temperature 
along  the  symmetry  line  is  shown  in  Figure  4  The 
analytic  solution  for  the  temperature  on  the 
stagnation  point  is  4071  °K  while  the  corresponding 
computed  is  4111.7  °K  (error  about  l'?!) 

The  second  test  case  is  considered  for  validation 
both  of  the  perfect  and  of  the  real  gas  versions  of 
the  Euler  code.  This  flow  case  is  the  hypersonic 
flow  with  free  stream  Mach  number  15  over  a  blunt 
body.  The  above  flow  field  was  also  calculated  by 
Grossman  and  Walters  (Ref  36)  using  Roes  flux 
difference  splitting  method  both  for  perfect  and  real 
gas  model.  In  figure  (5)  the  computational  mesh 
81x41  is  shown.  Reference  conditions  were  chosen 
to  correspond  with  atmospheric  conditions  at  an 
altitude  of  45  km  :  p  =  170  N/m’  ,  p  =  0.002 
kg/Pi’  ,  T  =  295  °K. 
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For  real  gas  calculations  the  thermodynamic 
subroutines  of  Srinivasan  et.  ai.  (Ref.  34)  have  been 
used.  The  iso-pressure  lines  for  the  perfect  gas  and 
the  real  gas  calculations  are  shown  in  Figure  (6). 
The  resolution  of  the  shock  waves  is  very  good. 
The  pressure  contours  show  the  large  differences,  in 
the  stand-off  distance,  between  the  perfect  and 

equilibrium  air.  In  Figures  (7a,  b,  c)  the 

distributions  of  the  pressure,  temperature  and  density 
along  the  symmetry  line  are  presented.  The  present 
results  are  compared  with  the  corresponding  results 
by  Grossman  and  Walters  (Ref.  36).  The  jump  of 
the  flow  values  across  the  shock  wave  is  also 
compared  with  the  analytic  solution.  The  calculated 
stand-off  distance  d  =  0.401  R  is  in  good  agreement 
with  the  corresponding  experimental  value  d  =  0.3941 
R  by  Billig  (Ref.  37).  In  figures  (8a,  b,  c)  the 
distribution  of  the  pressure,  temperature  and  density 
along  the  body  surface  both  for  perfect  and 

equilibrium  air  are  presented.  The  distributions  of 
the  pressure  temperature  and  density  along  the 

symmetry  line  for  the  equilibrium  air  '  show  in 
figures  (9a,  b,  c).  All  the  above  resuts  in  good 

agreement  with  the  corresponding  resu.  ,rom  the 
literature. 

The  validation  of  the  Navier-Stokes  code  in 
hypersonic  flows  has  been  obtained  for  the  flow  with 
free  stream  Mach  number  M»  =  10,  Re  =  1.2  x  104 
around  a  hyperbola  with  equation  : 

(l00  mm  +  0  ~  (  88  mm  ) 


This  hypersonic  flow  has  also  been  studied  by 

other  authors  (Ref.  22-38).  Reference  conditions 
were  chosen  to  correspond  to  atmospheric  conditions 
at  an  altitude  52  km  :  p  =  48.67  N/m3  ,  T  =  220 
°K  ,  p  =  7.7  x  104  kg/m’. 

The  wall  of  hyperbola  is  considered  adiabatic.  The 
computational  mesh  is  60  x  60  (fig.  10).  Iso-Mach 
lines  for  the  perfect  air  are  shown  in  figure  (11) 

while  comparison  of  the  flow  field  for  the  perfect 

and  equilibrium  air  is  shown  in  figure  (12)  plotting 
the  iso- temperature  lines.  The  resolution  of  the 
shocks  is  satisfactory.  The  code  preserves  the 
symmetry  of  the  solution  (fig.  11).  It  is  noted  that 
the  calculations  have  been  obtained  in  the  whole  flow 
field  although  the  flow  is  symmetrical.  The  abrupt 
change  of  the  flow  direction  in  the  region  of  the 
strong  variations  is  shown  in  fig.  (13)  for  the  real 
gas  case  Comparisons  between  present  results  and 

Ref.  38,  39  for  the  pressure  coefficient,  temperature 
and  skin  friction  are  shown  in  figures  (14-18). 

The  real  gas  effects  are  not  significant  in  the 
pressure  distribution  (fig  15)  but  in  the  temperature 
field  (fig.  16).  The  resuits  for  the  pressure  and  skin 
friction  distribution  (figs.  14,  17)  are  in  good 

agreement  with  the  corresponding  results  from  the 
literature  (Ref.  38,  39).  In  figure  19  the  variation 
of  the  equivalent  ratio  of  specific  heats  y  is  plotted 
for  the  hypersonic  flow  field.  Lower  values  than  y  = 
1.4  (perfect  air)  are  observed  in  the  case  of 
equilibrium  air  Finally  the  convergence  histories  for 
the  perfect  gas  as  well  as  for  the  real  gas 
calculations  are  shown  in  figures  (20a,  b).  The 
number  of  iterations  is  the  same  but  the 
thermodynamic  subroutines  of  the  equilibrium  air 
increase  the  total  computational  time  about  20%. 

9.  CONCLUSIONS 

The  accuracy  and  the  efficiency  of  upwind  hybrid 
FVS  methods  have  been  discussed  while  results  for 
inviscid  and  viscous  hypersonic  flows  have  been 
presented.  The  conclusions  are  as  follows  : 


1.  The  efficiency  of  the  unfactored  solution  can  be 
improved  by  using  the  mesh  sequencing  and  the 
local  solution  method. 

2.  The  hybrid  FVS  method  can  capture  strong 
shock  waves  with  satisfactory  accuracy  either 
the  mesh  lines  are  fitted  in  the  shock  wave  or 
not. 

3.  The  results  of  Euler  and  Navier-Stokes  codes 
are  in  satisfactory  agreement  with  the 
corresponding  results  from  the  literature. 
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Figures  2a, b  :  Computational  meshes  for  the 
hypersonic  flow  =  8  around  a 
cylinder  a.  Non  adaptive  mesh  b. 
Adaptive  mesh. 


Figures  la,b  :  Hypersonic  flow  M»  =  6.3  around  a 
cylinder  a.  Iso-density  lines  b. 
Convergence  histories. 
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Figures  3a,b  :  Iso-pressure  lines  for  the  hypersonic 
flow  M„  =8  a.  Non-  adaptive 
mesh  solution  b.  Adaptive  mesh 
solution. 
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Figure  5  :  Computational  mesh  (81x41)  for  the 

inviscid  hypersonic  flow  M  „  =  15. 


Figure  4  : 


Total  temperature  error  along  the 
symmetry  line. 


Figure  6  : 


Iso-pressure  lines  for  perfect  and 
equilibrium  air. 
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Figure*  7t,b,c  :  Distributions  along  the  symmetry 
Une  for  the  perfect  air  a. 

pressure  b.  temperature  c. 

density. 
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Figures  8*,b,c  Distributions  along  the  body 
surface.  Comparisons  between 

perfect  and  equilibrium  air  a. 
pressure  b.  temperature  c. 

density. 
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Figure  10 


Computational  mesh  (60x60)  for  the 
viscous  hypersonic  flow  (M  ,  =  10, 
Re  =  1.2  x  104)  around  the 

hyperbola. 


Figure*  9*,b,c  :  Distributions  along  the  symmetry 
line  for  the  equilibrium  air  a. 
pressure  b.  temperature  c. 
density. 
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Figure  13  :  Velocity  vectors  in  the  stagnation 

region  of  hyperbola  (equilibrium  air) 
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Flgnre  17  :  Skin  friction  distribution  (Cf)  along 
the  hyperbola  wall  (perfect  air). 
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Figure  18  :  Comparison  of  Cf  between  perfect 
and  equilibrium  air. 


Flfore  16  Temperature  distributions  along  the 
hyperbola  wall. 
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Figure  19  :  Variation  of  v  in  the  viscous 
hypersonic  How  field. 


Figure  20a,b  Convergence  histories  for  the 
viscous  hypersonic  flow  a 
Pefect  air  b  Equilibrium  air.= 
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1  Summary 

The  paper  presents  a  detailed  comparison  of  numerical 
results  obtained  by  solving  the  Euler  equations  for  the 
inviscid  flow  over  delta  wings  in  reentry  configurations. 
The  investigation  involves  a  side-by-side  comparison  be¬ 
tween  independently  developed  upwind  Euler  solvers  at 
VKI  (M3D)  and  NASA  Johnson  Space  Center  (E3D)  us¬ 
ing  identical  grids. 

In  both  solvers  the  governing  equations  are  integrated 
by  means  of  time  marching  finite  volume  shock  captur¬ 
ing  methods,  based  on  a  cell  centered  upwind  evalua¬ 
tion  of  the  cell  face  fluxes  and  non  linear  limiters.  High 
resolution  schemes  are  obtained  via  MUSCL  charac  teris¬ 
tic  variable  extrapolation  to  ensure  TVD  properties  and 
therefore  monotonic  discontinuity  capturing. 

Further  comparisons  are  made  with  several  published  re¬ 
sults  by  other  authors  based  on  both  upwind  and  central 
discretizations. 

The  present  results  contribute  in  asserting  the  high  reso¬ 
lution  upwind  TVD  schemes  as  the  most  reliable  numeri¬ 
cal  technique  to  handle  the  strong  discontinuities  typical 
of  high  speed  flows.  The  performances  of  the  two  up¬ 
wind  solvers  are  satisfactory  and  the  numerical  results  in 
good  agreement.  Ho'  ever,  the  important  issue  of  reach¬ 
ing  a  grid  convergeo  solution  for  the  present  complex 
three-dimensional  inviscid  flow  problems,  has  not  been 
achieved. 


2  Introduction 

The  design  of  space  vehicles  like  the  HERMES  space 
shuttle  heavily  relies  upon  an  accurate  prediction  of  the 
hypersonic  flight  regime  encountered  during  the  reentry 
in  the  atmosphere.  In  this  paper  a  related  model  prob¬ 
lem  is  studied,  namely  the  inviscid  hypersonic  flow  past 
delta  wings  at  high  angle  of  attack.  Although  less  com¬ 
plex  than  the  real  reentry  configuration,  it  is  representa¬ 
tive  for  some  of  the  typical  difficulties  to  be  dealt  with, 
namely  a  strong  bow  shock  very  near  to  the  windward 
side  of  the  wing,  a  subsonic  stagnation  region  around  the 
nose  and  a  very  strong  expansion  around  the  leading  edge 
which  terminates  in  a  vortical  region  on  the  leeward  side 
of  the  wing. 

The  main  objective  of  this  work  is  to  shed  some  light 
over  the  difficult  task  of  the  choice  of  a  numerical  method 
which  can  accurately  and  efficiently  solve  the  Euler  equa¬ 
tions,  well  aware  of  the  fact  that  the  practical  importance 
of  the  Euler  equations  to  investigate  real  flows  is  limited, 
although  not  negligible.  Accurate  inviscid  solutions  are 


of  paramount  importance  in  order  to  construct  reliable 
viscous  solvers.  In  fact,  for  high  Reynolds  number  flows, 
and  in  general  for  convection  dominated  problems,  a  cor¬ 
rect  treatment  of  the  nonlinear  convective  terms  is  cru¬ 
cial,  so  that  the  conflicting  issues  of  numerical  dissipation 
(stability)  and  accuracy  can  be  best  accomplished. 
Further,  the  present  work  aims  to  contribute  to  a 
database  for  numerical  validations,  by  providing  exten¬ 
sive  numerical  and  algorithm  details  on  the  basis  of  well 
defined  test  cases.  An  efTort  is  made  to  compare  solutions 
obtained  with  different  solvers  on  identical  grids.  A  de¬ 
tailed  description  of  the  inviscid  mechanism  responsible 
for  the  leeside  vortex  formation  arising  from  the  expan¬ 
sion  around  the  blunt  leading  edge  of  the  wing  is  also 
given. 

In  the  following  sections  the  governing  equations  are 
briefly  reviewed,  while  the  space  and  time  discretizations 
techniques  as  implemented  in  the  VKI  and  JSC  solvers 
are  extensively  discussed.  Numerical  results  are  com¬ 
pared  on  the  basis  of  both  qualitative  and  quantitative 
criteria. 

Further,  comparisons  arc  made  with  several  published 
results  by  other  authors  (1,  2],  based  on  both  upwind 
and  central  discretizations. 


3  Governing  equations 

The  governing  equations  are  the  three  dimensional  time 
dependent  Euler  equations,  describing  the  conservation 
laws  of  mass,  momentum  and  energy.  Choosing  a  Carte¬ 
sian  system  they  can  be  written  in  divergence  form  in 
terms  of  the  conservative  variables  vector  Q  as: 

3Q  .  9F(Q)  .  3G(Q)  ,  3K(Q)  „ 

~3t  +  ~TT  +  ~di~  ~dT~  (1) 

where  the  vector  Q  =  (p,pu,  pt>,  pu>,  pci)T ,  contains  the 
density  p,  the  three  velocity  components  u.r.te  and  the 
total  energy  per  unit  mass  e,. 

The  flux  vectorx  F,  G  and  K  are  given  by: 
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where  h,  is  the  total  or  stagnation  enthalpy  defined  as 
A,  =  ee  +  p/p.  Using  the  perfect  gas  assumption  p  = 
pRgT,  where  Rg  is  the  perfect  gas  constant,  the  static 
pressure  p  is  evaluated  as: 

p  =  (y~i)p  «<  -  j(“2  +  v2  +  w2)j  (5) 

where  7  is  the  specific  heat  ratio,  which  ensures  the  clo¬ 
sure  of  the  system  of  equations. 

System  (1)  can  be  written  in  compact  form  introducing 
the  operator  7?  as: 

H  =  F\x  +  G'fy  +  A'f,  (6) 


ft  +  ^  '  #(<?)  =  0  (7) 

Integrating  (7)  over  a  control  volume  V,  with  surface  S, 
and  applying  the  Gauss  divergence  theorem,  one  gets: 


QdV  + 


u** 


In  the  JSC  code  a  different  approach  is  followed.  The 
volume  of  the  generic  hexahedron  is  taken  to  be  the  av¬ 
erage  of  two  triple  scalar  products  of  the  position  vectors 
of  eight  centroids  surrounding  the  node.  The  surface  vec¬ 
tors  are  obtained  from  two  sets  of  cross  products  of  the 
edge  vectors. 

4  Numerical  method 

In  the  following  both  the  space  and  time  discretization 
techniques  as  implemented  in  the  VKI  and  JSC  codes  are 
described. 

4.1  Space  discretization 

In  both  codes  the  numerical  flux  function  H  is  evalu¬ 
ated  by  means  of  upwind  techniques,  which  take  into  ac¬ 
count  the  signs  of  the  eigenvalues  of  the  Jacobian  matri¬ 
ces.  Both  the  flux  vector  splitting  method  (FVS)  of  Van 
Leer  and  the  flux  difference  splitting  method  (FDS)  of 
Roe  have  been  implemented. 

For  the  FVS  technique  the  numerical  flux  function  is  split 
in  backward  and  forward  contributions,  according  to  the 
component  of  the  Mach  number  normal  to  the  cell  inter¬ 
face.  For  subsonic  normal  Mach  number  (  — 1  <  Af„  <  1), 
one  obtains  [4]: 


where  n  —  (n. T,ny,nt)r  is  the  outward  pointing  normal 
of  the  surface. 

By  defining  the  total  flux  normal  to  the  surfaces  of  the 
elementary  control  volumes  V  is  terms  of  the  normal  com¬ 
ponent  >f  the  velocity  V’n  =  l?  ■  u  =  unz  +  i’ny  -f-  u  nz  as: 

(  pVn  \ 

puV„  +  p  nx 

Hn—H  ii—  pl’V'n+ptly  (9) 

pu'Vn  +  pn, 

\  pV„h,  / 

then  equation  (8)  can  be  rewritten  as: 

T<HLQiV*  11,*"*'°  (,o> 

With  the  usual  cell  centered  approach,  the  finite  volume 
approximation  of  equation  (10)  yields  to  the  following 
semi-discrete  form: 


(II) 


where  k  is  the  total  flux  normal  to  the  surface  k 

exchanged  between  points  j  and  k.  The  quantity  ];  t 
will  be  referred  in  the  following  as  the  numerical  flux 
function  H  or  ^Hn  (QL ,  Q”)J  •  which  is  evaluated  as  a 

function  of  the  left  and  right  extrapolated  values  to  the 
cell  face  (denoted  by  QL  and  Qn). 

The  VKI  code  makes  use  of  general  hexahedra  as  control 
volumes  (and  therefore  N /  =  6).  The  surface  vectors  are 
evaluated  through  the  cross  product  of  the  face  diagonals. 
For  the  cell  volume  the  hexahedron  is  subdivided  in  in 
three  five  sided  pyramids  pointing  at  the  same  vertex  and 
sharing  the  same  main  diagonal  (Figure  1).  Following 
the  approach  proposed  in  [3]  the  resulting  stencil,  which 
is  kept  all  over  the  domain,  reduces  to: 


V,m« 


-fir  ■  ^1584  +<?12SJ  +  &U33J  (12) 

■^f\i  '  ((^i*  Aru)  +  (fi*  A  fjs)  +  (fn  A  fj«)] 


Hn(QL,QR)  =  K(QL)  +  n-(QR)  (13) 

where: 

1 

u  ±  ( 2  -  M„) 
r±(2  -  Mn)^Uy 
W  ±  (  >  -  A/n) 

^r(^r±2A/n-A^)  +  ^2 
where  Ti’//  is  the  mass  flux  given  by: 

'um  _  ,  Pc(*  ±  A/„)2 

4 

On  the  other  hand,  if  the  flow  in  the  normal  direction 
is  supersonic,  the  Van  Leer  splitter  reduces  to  the  full 
upwind  flux: 

for  A/n  >  1  then  :  ’H\  =  "Hn  W*  -  0 

for  Mn  <  1  then  :  Tit  =  0  W"  =  7i„ 

The  Roe  flux  difference  splitting  method  is  also  imple¬ 
mented  in  both  codes,  but  since  it  has  not  been  employed 
f  -r  the  present  results  will  not  be  described  herein.  The 
reader  can  refer  to  [5,  6]  for  details  about  the  implemen¬ 
tation  of  the  Roe  scheme  in  3-D  solvers. 

4.2  Higher  order  schemes 

Higher  order  schemes,  coupled  with  TVD  (Total  Varia¬ 
tion  Diminishing)  properties  are  implemented  following 
the  MUSCL  approach  [7],  Spatially  second  order  accu¬ 
rate  results  are  obtained  by  replacing  the  piecewise  con¬ 
stant  initial  data  of  the  Ricmann  problem  with  piecewise 
linear  initial  data.  This  is  achieved  by  evaluating  the 
numerical  flux  function  at  the  cell  interface'  by  means 
of  discontinuous  left  and  right  extrapolated  values.  The 
evaluation  of  the  numerical  flux  functions  is  based  upon 

1  In  the  following  the  subscript  referring,  for  instance,  to  the 
cell  interface  between  node  i,j,k  and  »,y  +  1,*  will  be  denoted  as 

i  +  i 
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new  left  and  right  states,  which  corresponds  to  second 
and  third  order  spatial  differencing: 

=  Qj+x  -  J  [(1  -  *)AJ+ *  +  (1  +  v)AJ+  i]  (16) 

Q^h  =  Q>  +  \  [(1  -  +  (>  +l)AJ+i]  07) 


4.3  Boundary  conditions 

A  consistent  boundary  condition  approach,  as  proposed 
in  [9],  is  adopted  in  the  VKI  solver.  A  consistency  condi¬ 
tion  is  imposed  on  the  numerical  flux  function  so  that  the 
computed  boundary  unknowns  lead  to  fluxes  that  satisfy 
the  physical  boundary  conditions:  the  total  flux  normal 
to  the  cell  interface  is  set  equal  to  the  total  flux  with 
imposed  boundary  conditions: 


where  AJ+i  =  Qj+i  —  Qj,  and  the  parameter  tj  deter¬ 
mines  the  spatial  accuracy. 

The  numerical  flux  function  for  the  Van  Leer  split¬ 

ting  then  becomes: 

+*"(<?,"*)  (18) 

where  QL  and  QR  are  MUSCL  extrapolated  values. 

In  order  to  preserve  TVD  properties  limiting  functions 
are  applied  on  the  differences  in  characteristic  variables 
defined  as: 

SW  =  LtQ  =  R-'6Q  (19) 

tQ  =  QR-QL 


Wn(QS,Q,)  =  K(Qi?)  (23) 

In  the  case  of  Van  Leer  flux  vector  splitting  one  obtains: 

ni(QB)  +  'H-(QI)  =  K(Qb)  (24) 

where  for  a  solid  wall  is  given  by 
Q  =  (0,  p  nx,  p  ny,  p  ni,0)T. 

In  general  the  LHS  of  equation  (23)  depends  on  the  par¬ 
ticular  choice  of  the  Riemann  solver.  Equation  (24)  is  a 
set  of  non  linear  algebraic  equations  between  the  interior 
unknown  Q1  and  the  boundary  unknown  QB .  These  ad¬ 
ditional  equations  for  the  boundary  unknowns  complete 
the  system  of  flux  balance  equations. 

The  JSC  solver  uses  one-sided  differences  to  compute  un¬ 
knowns  on  the  wall  and  readjust  the  velocity  components 
to  satisfy  the  tangency  condition. 


which  have  been  found  truly  superior  compared  to  the 
primitive  or  conservative  variables,  although  the  compu¬ 
tational  cost  is  higher  [5].  Matrices  L  and  R  are  the 
left  and  right  eigenvectors  of  the  flux  Jacobian  D„  of  the 
vector  W„,  They  have  been  selected2  so  that  the  result¬ 
ing  characteristic  variables  are  composed  of  one  entropy 
wave,  two  shear  waves  corresponding  to  two  orthogonal 
directions  s  and  t  in  the  plane  of  the  cell  face,  and  two 
acoustic  waves: 
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The  upwind  biased  interpolation  is  modified  as  follows 

(»]= 


=  Q,  +*i U’L 
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(21) 


(22) 


The  parameter  r  is  a  small  bias  to  prevent  division  by 
zero  in  uniform  flow  regions  which  was  set  to  10-7  in 
the  present  calculation.  Note  that  primitive  variables  are 
used  in  the  JSC  code. 


2  A  detailed  description  of  the  construction  strategy  employed 
for  the  eigenvectors  and  the  characteristic  variables  can  tie  found 
m  [5] 


4.4  Time  integration 

Equation  (11),  obtained  after  the  space  discretization  is  a 
system  of  ordinary  differential  equations,  which  is  solved 
through  an  explicit  procedure. 

A  four  stage  Rnnge-Kutta  scheme  (m  =  41  applied  to 
equation  (11)  yields1 : 


Q(°)  <M  Q„ 

Q{k)  =  -ak%-R  (<?'*-”)  A  =  l,rn 

q(  n  +  1  )  Qin 

(25) 

where  At  =  t"*1  —  f",  and  R  denotes  the  contour  inte¬ 
gral  of  the  fluxes  as  described  in  the  previous  section,  or 
equivalently  the  RHS  of  equation  (11).  To  enhance  the 
stability  region  the  Runge-Kutta  scheme,  when  used  in 
conjunction  with  upwind  space  discretization,  non  stan¬ 
dard  coefficients  (oi  =  0.12,  02  =  0.26,  03  =  0.5,  02  =  1) 
have  been  used  [10].  The  local  time  step  is  evaluated  as: 


At  < 


n=. 


Jo _ 

^mai  A  5;,* 


(26) 


where  Ai,OI  is  the  maximum  eigenvalue  of  D„. 

The  JSC  code  solves  equation  (1 1)  by  means  of  a  forward 
Euler  scheme. 


5  Numerical  results 

Numerical  results  are  presented  for  two  test  cases  on  delta 
wing  geometries  defined  on  the  occasion  of  two  workshops 
on  hypersonic  flows  [11,  12].  The  model  problem  investi¬ 
gated  is  indeed  less  complex  compared  to  the  real  wing  in 
reentry  configuration.  However,  the  general  flow  features 
of  delta  wings  in  hypersonic  regime  are  well  represented 
by  the  simplified  geometries  which  are  investigated  in  the 
present  work. 

At  high  Mach  number  and  high  incidence  the  overall  flow 
features  are  dominated  by  a  strong  bow  shock  which  is 
responsible  for  the  peak  heating  in  the  nose  region  and 

‘^Omitting  the  subscript  rjenoling  the  cell  index 
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along  the  leading  edges  of  the  wing.  In  these  conditions 
the  flow  which  undergoes  the  bow  shock  cannot  remain 
attached  to  the  leeside  wing,  and  generally  during  the 
expansion  from  windward  to  leeward  side  separates  and 
develops  into  vortical  regions.  The  locations  of  the  sepa¬ 
ration  points  depend  upon  many  parameters  such  as  the 
Mach  number  norma]  to  the  leading  edge,  the  angle  of  at¬ 
tack,  the  thickness  and  the  sweep  angle  of  the  wing.  The 
reader  can  refer  to  the  classical  work  of  Squire  [13]  for  a 
q"alitative  analysis  of  the  flow  over  flat  wings.  However, 
for  wings  o!  ...ute  iduckne  s  wfh  round  leadins  edaes. 
no  theoretical  conclusion  can  be  drawn  (at  least  at  the 
best  knowledge  of  the  authors)  and  there  is  no  other  real 
means  of  investigation  except  experimental  and  numeri¬ 
cal  testing. 

I'he  importance  of  accurate  Euler  solutions  for  these  type 
of  flows  is  related  to  the  fact  that  mechanism  of  formation 
of  the  leeside  primary  vortical  region  is  essentially  invis- 
cid.  During  the  expansion  process  from  windward  side 
to  leeward  side  of  the  wing,  the  flow  quickly  becomes 
supersonic.  It  follows  that  the  continuous  flow  turning 
which  takes  place  during  the  expansion  has  to  be  com¬ 
pensated  by  a  cross  flow  shock  in  order  to  recover  the 
freest  ream  direction.  The  cross  flow  shock  foot,  which  is 
generally  curved  and  therefore  responsible  of  local  vortic- 
ity  production,  according  to  Crocco’s  theorem,  embeds  a 
vortical  region. 

Although  the  above  mentioned  features  take  place  in  a 
near  vacuum  environment,  and  therefore  their  influence 
upon  the  overall  lift  and  drag  of  the  entire  wing  is  small,  if 
not  negligible,  they  can  still  have  important  impacts  on 
local  flight  components,  and  hence  their  understanding 
needs  to  be  deepened. 

5.1  Hypersonic  flow  over  sharp  nose 
delta  wing 

1  he  first  model  problem  which  is  investigated  deals  with 
a  70°  swept  blunt  delta  wing,  at  30°  angle  of  attack  and 
Mach  number  of  7.13  [|]].  The  geometry  of  the  wing  is 
shown  in  Figure  ( J ) .  The  leading  edges  arc  portions  of 
cylinders  of  constant  radius,  which  implies  that  a  cross 
section  of  the  leading  edge  plane  by  a  vertical  plane  per¬ 
pendicular  to  it.  is  a  portion  of  a  circle.  Consequently, 
in  the  base  plane,  which  is  instead  perpendicular  to  the 
axis,  the  rounded  tip  is  a  small  portion  of  an  ellipse.  It 
is  worth  mentioning  that  the  finite  thickness  of  the  wing 
in  the  stream  wise  direction  inhibits  the  conical  flow  ap¬ 
proximation. 

An  0-0  type  of  grid  of  141  x  61  x  61  points,  (141  x  til 
points  in  the  cross  plane)  provided  by  K  I'll  [I  t],  is  em¬ 
ployed  for  the  simulation  (Figure  (3)).  Due  to  the  high 
density  of  the  grid  (s;  400,000  points)  and  the  limited 
storage  capability  of  the  available  machine  (Alliant  FXtiO, 
8  Mwords  of  34  bits)  a  domain  decomposition  technique 
is  adopted  in  the  VKI  solver.  The  original  grid  is  decom¬ 
posed  into  3  blocks  of  about  80  thousand  points  along  the 
streamwise  direction.  Starting  from  the  nose  region,  the 
blocks  are  sequentially  solved,  the  coupling  of  the  solu¬ 
tion  being  guaranteed  by  a  special  boundary  treatment. 
The  extrapolated'  MUSOL  values  in  the  last  plane  of  the 
upstream  block  are  stored  after  application  of  the  limiting 
procedure.  They  are  later  read  as  inflow  boundary  con¬ 
ditions  for  the  downstream  block  and  arc  not  updated 
anymore,  since  the  flow,  as  seen  from  the  downstream 
block,  is  supersonic  in  the  inlet  plane. 

This  test  problem  has  been  solved  by  many  authors. 
Present  results  are  compared  with  the  solutions  by  Rizzi 


'Only  fully  upwind  scheme  (rj  =  -  1 )  cun  be  employed  in  order 
to  decouple  two  adjacent  blocks 


et  al.  [14]  (KTH),  Guillen  et  at.  [2,  15]  (ONERA)  and 
Murman  et  al.  [16]  (MIT). 

The  ONERA  code  is  an  implicit  multi-domain  solver 
(FLU3M)  based  upon  an  upwind  MUSCL  type  of  scheme 
(virtually  identical  to  the  present  ones).  The  solution  is 
carried  out  on  C-H  grid  of  121  x  64  x  60  points,  later 
refined  through  a  multi-domain  decomposition  up  to  two 
million  points. 

The  Ki  ll  and  the  MIT  codes  use  a  finite  volume  dis¬ 
cretization  based  upon  a  symmetric  evaluation  of  the  con¬ 
vective  terms,  in  conjunction  with  a  nonlinear  blend  of 
second  and  fourth  order  artificial  dissipation  terms 
The  MIT  solution  is  obtained  on  H-O  type  of  grid  of 
33  x  49  x  97  points,  whose  outer  boundary  is  adjusted  to 
the  shock  shape  in  order  to  efficiently  use  the  grid  points 
in  high  gradient  regions. 

The  present  solutions,  as  well  as  the  KTH  one,  are  carried 
out  on  a  symmetric  grid  (Figure  (3)),  and  therefore  do 
not  take  advantage  of  the  vicinity  of  the  bow  shock  to 
the  leeward  side  of  the  wing. 

A  first  comparison  of  the  present  solutions  with  the  one 
from  ONERA,  K  I'Il  and  MIT  is  respectively  presented 
in  Figures  (4),  (5),  (6)  and  (7)  In  all  figures  the  iso- 
Mach  lines  are  shown  with  an  increment  of  0.2  (0.5  in 
the  comparison  with  MIT)  in  a  plane  at  ,50%  of  the  root 
chord  (A’/CV  =  0.5,  Cr  being  the  root  chord  of  the  wing 
from  its  apex),  normal  to  the  longitudinal  axis  of  the 
wing. 

The  VKI  and  the  JSC  solutions  show  a  very  good  quali¬ 
tative  agreement  (Figure  (1)).  The  same  remark  applies 
to  the  ONERA  solution  (Figure  (5))  and  to  a  smaller 
extend  to  the  KTH  one  (Figure  (6)).  Substantial  differ¬ 
ences  are  indicated  in  Figure  (7)  by  the  comparison  with 
the  MIT  solver. 

All  the  computations  mostly  agree  both  in  terms  of  po¬ 
sition  and  resolution  of  the  how  shock,  although  the  up¬ 
wind  codes  indicate  their  superiority  compared  to  the 
central  ones  (note  that  the  VKI,  JSC  and  K  i  ll  solutions 
are  obtained  on  the  same  grid) 

As  far  .as  the  comparison  of  the  leeward  side  features 
is  concerned,  several  issues  need  to  be  clarified  before 
drawing  any  conclusion. 

Firstly,  all  the  results  indicate  that  the  cross  flow  shock 
is  located  at  about  45%  span  position.  The  shock  foot 
is  curved  and  embeds  a  vortical  region  (Figure  (8)).  As 
already  mentioned  the  curvature  of  tin  cross  flow  shock, 
together  with  the  different  entropy  level  of  adjacent  par¬ 
ticles  which  have  undergone  the  bow  shock  in  different 
positions  are  the  cause  of  the  local  vortirity  generation. 
Indeed,  the  flow  is  subject  to  a  sudden  change  in  direc¬ 
tion  (via  a  shock)  during  t he  expansion  from  windward 
to  leeward  side,  as  confirmed  by  the  surface  streamlines 
of  Figure  (9). 

All  the  computations  indicate  a  fairly  good  agreement 
from  a  qualitative  point  of  view.  However,  ill  the  sym¬ 
metry  plane  it  appears  that  in  general  the  grid  resolution 
is  insufficient  to  properly  resolve  the  gradients  ill  the  di¬ 
rection  normal  to  the  wing  surface. 

1  he  MIT  solution  shows  substantial  discrepancies  with 
all  the  other  calculations.  An  oblique  cross  flow  shock 
which  meets  a  shear  layer  travelling  inboard  and  upward, 
is  generated  at  about  mid  span  (Figure  (7)).  One  might 
presume  that  these  features  are  more  close  to  the  real 
viscous  phenomena,  and  therefore  the  solution  method  is 
overdissipative.  This  is  surprising,  since  the  same  numer¬ 
ical  method  applied  bv  KTH  produces  a  solution  with  the 
proper  amount  of  added  dissipation. 

Rizzi  and  Murman,  in  order  to  justify  the  large  discrep¬ 
ancies  in  the  leeward  side  features,  argued  that  the  flow 
over  a  blunt  and  smooth  body  does  not  admit  a  unique 
solution,  unless  a  geometric  Kutta  condition  is  somehow 
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specified  [1].  It  is  a  personal  opinion  of  the  authors  that 
the  argument  is  not  valid  for  this  specific  test  case.  In 
the  expansion  process,  in  fact  the  flow  remains  supersonic 
and  can  go  around  the  blunt  leading  edge  through  a  con¬ 
tinuous  series  of  Prandtl- Meyer  expansions.  In  addition, 
there  is  no  essential  role  played  by  the  artificial  dissipa¬ 
tion  terms  when  a  grid  converged  solution  is  reached.  In 
ref.  [14]  Rizzi  showed  that  no  significant  change  in  the 
overall  flow  field  features  is  obtained  either  coarsening 
the  grid,  or  doubling  the  dissipation  coefficients.  The 
ONERA  group  rciluiJ  'he  100,000  point  initial  grid  up 
to  two  million,  and  although  some  flow  details  are  bet¬ 
ter  resolved,  the  essential  flow  features,  such  as  the  cross 
flow  shock  position,  do  not  change  at  all.  This  is  best 
demonstrated  by  the  surface  Mach  number  distribution, 
relative  to  the  cross  section  A’/CV  =  0.5  shown  in  Figure 
(10a).  The  present  solutions  are  practically  identical  to 
the  ON  ERA  single  domain  solution  obtained  on  a  grid 
of  equal  density  (curve  a).  The  multi-domain  ONERA 
computation  (curve  b)  agrees  better  with  the  KTH  one. 
One  is  tempted  to  conclude  that,  due  to  the  high  grid 
resolution,  the  multi-domain  ONERA  solution  has  to  be 
considered  as  the  ultimate  one.  However,  the  response 
of  the  other  solvers,  as  well  as  the  Mach  number  level 
on  the  leeward  side5  might  indicate  that  the  expansion  is 
somehow  overpredicted. 

The  total  pressure  coefficient  CPa  =  1  -  po/pox,  shown 
in  Figure  (11a),  demonstrates  that  almost  90%  of  the 
total  pressure  is  lost  through  the  strong  bow  shock  (nor¬ 
mal  Mach  number  of  about  4.5).  A  considerable  addi¬ 
tional  loss  takes  place  during  the  expansion  of  the  flow 
around  the  leading  edge.  The  nature  of  such  a  loss  is 
easily  explained  recalling  that  the  visualized  surface  data 
refer  to  different  particles  which  carry  different  entropy 
levels.  The  further  loss  due  to  the  cross  flow  shock  is 
clearly  visible  at  about  25%  span  position.  The  pres¬ 
sure  coefficient  distribution  Cp  —  (p  -  p<x,  )/2pooV’,i  on 
the  leeside  is  shown  in  Figure  (10c)  with  a  very  enlarged 
scale  (note  that  the  overall  range  for  the  surface  data  is 
-0.027  <  Cp  <  0.6).  All  the  computations  show  an  ex¬ 
pansion  almost  down  to  vacuum  (which  corresponds  to  a 
pressure  coefficient  of  0.28).  The  typical  vortex  pressure 
distribution  is  found  between  the  symmetry  plane  and 
the  foot  location  of  the  cross  flow  shock.  The  ONERA 
fine  grid  computation  shows  a  new  phenomenon  occur¬ 
ring  within  the  vortical  region,  namely  a  weak  shock  on 
the  body  itself. 

Many  surface  distributions  shown  above  are  characterized 
by  a  small  overshoot  at  the  leading  edge  of  the  wing, 
whose  origin  is  unclear  to  the  authors  (more  about  this 
in  the  next  section). 

5.2  Hypersonic  flow  over  blunt  nose 
delta  wing 

This  test  problem  deals  with  a  geometry  similar  to  previ¬ 
ous  one.  The  sharp  nose  is  replaced  by  a  blunt  one,  and 
the  windward  side  is  curved  and  not  flat  anymore.  The 
geometry  of  the  wing  (shown  in  Figute  (If))  cannot  be 
defined  analytically  and  a  surface  grid  was  provided  by 
Weiland  [12].  The  flow  conditions  are  again  typical  of  a 
reentry  configuration,  namely  freestream  Mach  number 
of  8.7  and  angle  of  attack  of  30°. 

Numerical  results  have  been  obtained  on  two  C-H  type 
grids  (Figure  (12))  of  73  x  41  x  37  and  37  x  79  x  125 
points  generated  at  JSC  [6],  In  contrast  to  the  KTH 
grid  employed  for  the  previous  problem,  the  grid  lines  are 
nicely  clustered  at  the  windward  side  so  that  an  excellent 
capturing  of  the  bow  shock  structure  is  already  possible 
with  a  small  number  of  points  in  the  cross  plane. 

''Note  that  the  freestream  Mach  number  is  7  15 


As  for  the  previous  test  case,  the  VK1  solution  is  carried 
out  via  a  multi-block  domain  decomposition,  while  the 
JSC  solution  is  performed  in  single  block. 

Present  results  are  compared  with  the  one  from  ONERA 
[17]  obtained  on  an  adapted  grid.  The  final  refined  solu¬ 
tion  refers  to  a  multi-domain  decomposition  on  a  grid  of 
about  one  million  points. 

Although  the  geometries  of  the  wings  are  quite  similar  the 
overall  flow  structures  are  substantially  different.  Firstly, 
due  to  blunt  nose,  the  bow  shock  is  detached  and  there¬ 
fore  a  subsonic  pocket  exists,  A  detailed  view  of  the  nose 
region  in  me  synuncL.y  plane  L,  given  in  Figure  (13) 
where  the  iso- Mach  lines  are  shown  with  an  increment 
of  0.5.  Both  the  sonic  line  and  the  stagnation  point  are 
clearly  visible. 

On  the  leeward  side  the  flow,  which  has  undergone  the 
bow  shock,  rapidly  expands  and  ends  up  into  a  strong 
vortical  motion.  Note  that,  conversely  to  the  previous 
wing  whose  flow  features  show  a  quasi-conical  structure6, 
a  fully  three  dimensional  flow  field  characterizes  the  blunt 
nose  wing.  In  fact,  different  patterns  are  indicated  by 
the  iso-Mach  (Figure  (14))  and  iso-pressure  (Figure  (15)) 
lines  of  four  different  cross  flow  planes,  located  at  about 
20%,  40%,  60%  and  80%  of  the  root  cord.  A  curved  shear 
layer  travelling  inboard  and  upward,  and  terminating  in  a 
cross  flow  shock,  is  opening  up  and  developing  in  stream- 
wise  direction.  The  vortical  region  is  embedded  by  the 
shear  layer  in  a  constant  pressure  field  shown  in  Figure 
(15).  In  Figure  (16)  the  iso-Mach  lines  (increment  of  0.2) 
relative  to  a  cross  flow  plane  at  50%  of  the  root  chord 
(A'/Cr  =  0.5)  as  resolved  by  the  present  codes  are  com¬ 
pared.  A  very  close  qualitative  agreement  is  obtained. 

In  Figure  (17)  the  VKI  solution  is  compared  with  the 
one  from  ONERA.  Again  a  good  qualitative  agreement  is 
reached,  although,  thanks  to  the  algebraic  adaptive  grid 
generator  and  to  the  very  high  density  of  the  grid,  the 
bow  shock  is  resolved  in  greater  detail  by  the  ONERA 
code. 

As  for  the  previous  test  case  all  the  solutions  agree  well 
quantitatively  for  the  windward  side  features.  On  the  lee¬ 
ward  side,  instead,  considerable  differences  exist  as  shown 
by  the  surface  distributions  of  Figures  (18a),  (18b)  and 
(18c).  The  largest  difference  among  the  computations 
occurs  oil  the  wing  body,  between  the  leading  edge  and 
the  cross  flow  shear  layer,  where  a  strong  discontinuity 
is  predicted  by  the  ONERA  computation.  Surprisingly, 
the  VKI  solution  reveals  everywhere  else  the  same  sur¬ 
face  data.  The  JSC  solution  is  somewhere  in  between  the 
two;  a  slightly  different  cross  flow  discontinuity  position 
is  also  visible. 

Despite  the  very  fine  grid,  the  leading  edge  discontinuity 
predicted  by  the  ONERA  code  remains,  in  the  author’s 
opinion,  questionable,  since  all  the.  solutions  carried  out 
on  coarser  grids  showed  a  even  larger  (!)  magnitude 
of  the  discontinuity  itself  [12],  It  is  interesting  to  note 
that  the  ONERA  solution  looses  all  its  total  pressure  at 
the  discontinuity  location,  whereas  the  present  computa¬ 
tions  don’t  (Figure  (18c)).  The  leading  edge  discontinuity 
might  be  related  to  a  local  loss  of  accuracy  determined 
by  hexahedra  with  an  extremely  high  aspect  ratio  in  re¬ 
gions  of  very  strong  gradients.  This  is  definetely  the  case 
of  the  JSC  grid  which  has  been  refined  by  doubling  the 
number  of  grid  points  only  in  the  cross  flow  planes. 

Code  performances 

In  Figure  (19)  the  convergence  history  relative  to  the  sec¬ 
ond  test  case  is  presented  for  the  VKI  solver.  The  Ci 
norm  of  the  normalized  density  residuals  is  shown  in  log¬ 
arithmic  scale.  Curve  denoted  by  (1)  refers  to  a  first 

®The  surface  streamlines  of  Figure  (10)  show  a  self  similar  be- 
haviour  m  the  axial  direction. 
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order  calculation  for  one  of  the  two  blocks  in  which  the 
whole  domain  is  decomposed.  The  converged  solution  is 
used  as  initial  guess  for  the  second  order  run  (curve  (2)). 
Overall  about  4,000  iterations  per  block  have  been  per¬ 
formed.  A  cell  wise  constant  local  C.F.L.  number  of  1 
has  been  used.  The  JSC  solution  (not  shown)  is  termi¬ 
nated  after  1,500  iterations  on  a  Cray  XMP/460.  The 
VK1  code  is  designed  in  order  to  exploit  the  capability 
of  the  Alliant  FX50  multiple  vector  concurrent  machine 
(5  processors  5  pipelines).  The  CPU  time  in  seconds  per 
node  per  iteration  is  given  below  for  the  VK1  and  JSC 
solvers: 


Code 

Machine 

CPU/Node/Iter. 

M3D  (VKI) 

Alliant  FX50 

1.9  x  10~J 

E3D  (JSC) 

Cray  XMP/460 

6.0  x  10-i 

6  Conclusions 

No  final  conclusion  can  be  drawn  at  this  moment  since 
the  ultimate  solution  for  these  complex  flow  problems 
has  not  been  reached  yet.  In  particular  the  leading  edge 
features  are  not  fully  clarified. 

However,  the  comparison  of  the  high  resolution  upwind 
schemes  with  the  standard  central  type  of  discretization 
(on  the  same  grid)  suggests  a  numher  of  remarks. 

Firstly,  for  high  speed  flows  and  in  general  in  presence  of 
strong  discontinuities  the  upwind  evaluation  of  the  cell 
face  flux  is  superior  to  the  central  one.  In  these  conditions 
the  proper  tuning  of  the  dissipation  parameters  can  be 
very  hard  if  not  impossible.  The  natural  consequence  is 
that  an  over-dissipative  solution  is  likely  to  be  obtained, 
as  is  believed  to  be  the  case  for  the  MIT  results.  There¬ 
fore  extreme  care  has  to  be  exercised  when  using  central 
schemes  for  viscous  hypersonic  computations,  especially 
for  high  Reynolds  number  flows 

On  the  other  hand,  the  evaluation  of  a  high  resolution 
flux  function  is  substantially  more  expensive  compared  to 
a  central  one  in  terms  of  operation  costs.  Therefore,  the 
computational  saving  could  be  translated  in  an  increased 
grid  density  for  a  given  computer  power. 

A  key  point  is  doubtless  the  necessity  of  a  grid  converged 
solution.  Although  with  the  actual  machines  this  seems 
feasible,  the  effort  needed  to  significantly  increase  the 
grid  density  (to  several  million  points)  cannot  be  afforded 
yet.  As  an  example  the  sharp  nose  wing,  whose  features 
are  quasi-conical,  mainly  requires  a  good  resolution  in 
the  cross  flow  planes.  The  blunt  nose  wing,  instead,  is 
characterized  by  a  fully  three  dimensional  flow  field  and, 
hence,  needs  a  sufficient  resolution  in  all  the  coordinate 
directions. 

Therefore  for  complex  three  dimensional  (even)  inviscid 
flow  problems,  the  capabilities  of  the  numerical  solution 
to  correctly  represent  the  real  physical  phenomena  are 
considerably  more  limited  compared  to  two  dimensional 
flows,  the  limit  being  more  related  to  the  storage  con¬ 
straints  rather  than  to  CPU  performances. 

As  a  possible  way  out  for  the  future  one  may  hope  that 
the  accuracy  of  the  spatial  discretization  will  be  signif¬ 
icantly  increased  (F,NO  schemes,  spectral  methods)  and 
that  massive  parallel  computers  will  become  largely  avail¬ 
able. 
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Local  Aerothermal  problems  during 
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I-Resume 


L'expose  suivant  presente  les  r&ultats  obtenus 
par  le  code  de  calcul  Navier  Stokes  utilise  A 
Dassault-Aviation  dans  le  cadre  de  calculs 
aerothermiques  sur  HERMES. 

L'objectif  est  de  definir  la  strategic  employee, 
seules  les  grandcs  lignes  des  outils  utilises  seront 
decrites.  Cette  methode  a  etc  pensee  de  fa^on  a 
ctrc  utilisable  dans  un  maximum  de  cas 
possibles.  II  s'agit  d'une  veritable  chaine  de 
calculs  qui  est,  non  seulemcnt  multi-codes  mais 
aussi  multi-sites. 

La  preparation  des  predictcurs  Navier-Stokes 
s'est  faite  sur  IBM  ES  9000/820  MVS  ESA  et  les 
calculs  par  eux  memes  sur  NEC  SX3 
(supercomputer  du  NLR  aux  Pays  Bas)  ainsi  que 
sur  CRAY  YMP  (du  C.I.R.A.  en  Italic)  sous 
UNIX. 

Cette  particularity  implique  d'autrcs  contraintes 
qui  nous  amenent  a  ecrire  des  codes  de  calculs 
totalcment  portables  sur  des  machines  qui  sont 
d'architecturcs  trcs  differentes. 

Nous  allons  presenter  un  cas  de  validation  de  la 
chaine  complete,  puis  un  certain  nombre  de 
rfsultats  prcliminaircs  sur  des  cabines  de  (’avion 
spatial  HERMES  (A.S.H.),  ainsi  que  des  points 
importants  pour  la  definition  dcs  details  de  la 
protection  thermique  de  cct  avion. 

Le  cas  de  validation  est  unc  cabinc  HERMES 
forme  0.0.  La  maquette  corrcspondante  a  itc 
essayie  dans  la  souffierie  R3CH  de  l’ONERA 
Les  cas  riels  consider  is  sont  les  suivants  : 

-  les  different*  formes  de  cabines  avec  verriercs 

-  le  point  d'impact  sur  le  nez  de  I'avion  par  une 

meteorite 

-  les  joints  inter-tuiles  (cn  position  premiere 
tuilc) 


Ibis-  Abstract 


The  objective  of  this  paper  is  to  present  results 
obtained  with  the  Navier  Stokes  code  used  by 
Dassault  Aviation  for  aerothermal  reentry 
problems. 

We  will  emphasize  the  strategy  employed  and 
only  give  an  outine  of  the  numerical  technique 


developed  for  each  solver  involved  in  the 
calculation. 

Tbe  method  is  designed  to  have  a  wide  range  of 
application.  It  involved  a  sequence  of 
calculations  using  different  modules  and 
interfaces. 

This  tool  is  not  only  multi-codes  but  also  multi¬ 
computers. 

Tbe  preparation  of  the  initial  solution  sets  for 
computations  were  performed  on  our  IBM  ES 
9000/820  with  MVS  ESA  operating  system,  and 
most  of  the  computation  was  done  on  a  NEC 
SX3  (at  NLR  in  the  Nederlands)  and  on  a 
CRAY  YMP  (at  C.I.R.A  in  Italy)  with  UNIX 
operating  system.  We  shall  present  a  validation 
case  using  the  complete  sequence,  and 
afterwards  a  number  of  critical  points  of  micro- 
acrothermody  namics.  The  validation  test  case  is 
a  Complete  Hermes  canopy  of  the  0.0  geometry 
(shape  number  185  in  Dassault  catalogue)  .A 
model  of  this  shape  was  tested  in  R3CH  ONERA 
wind  tunnel  yielding  experimental  results  that 
are  used  for  comparison. 

For  the  flight  cases  we  plan  to  compute  : 

-  Various  canopy  shapes 

-  A  meteorite  impact  on  the  Hermes  noze  cap 

-  Joint  between  tiles  (in  first  tile  position) 


|ll-  Movens  employes/  contraintes _ | 

L 'utilisation  du  solvcur  N.S.  cntrainc  des  couts 
de  calcul  llcvls  esscntiellcmcnt  IRs  si  la  n^cessitc 
d'utiliscr  un  maillagc  extremcment  fin  dans  la 
couche  limite.  II  est  done  souhaitablc  de  limiter 
son  utilisation  aux  zones  ou  les  caracttfristiques 
de  I*  £coulemcnt  I'imposent  (recirculations).  Une 
strategic  permettant  une  utilisation  locale  du 
solvcur  N.S  a  €t£  d£vclopp£c.  D' autre  part  cctte 
utilisation  locale  permet  aussi  d'effcctuer  dcs 
calculs  dans  les  situations  ou  la  contraintc 
mlmoire  limite  le  nombre  de  nocuds  utilisables. 
Le  code  N.S.  requiert  environ  150  nombres  reels 
par  noeud  de  maillage,  ceci  est  relativement 
faible  pour  un  code  3D  non  structure  implicitc. 

Pour  mener  k  bien  cette  etude,  une  approche 
optimale  tant  du  point  de  vue  temps  CPU  que 
temps  de  misc  cn  oeuvre  a  dt£  dlfinic 
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La  procedure  employee  est  la  suivante  : 


a)  Creation  d'un  maiiiage  2D  surfacique  triangu 
-laire  avion  complet 

b)  Construction  d'un  maiiiage  3D  tetraedrique 
complet  pcrmcttant  de  faire  le  calcul  EULER 

c)  Calcul  du  champ  EULER 

d)  Calcul  dc  couche  limite 

e)  Stockage  du  fichier  d'informations  pour  la 
construction  du  maiiiage  N.S.  (epaisseurs  de 
couches  limites  etc.) 

0  Construction  du  maiiiage  2D  surfacique  dc  la 
zone  N.S. 

g)  Construction  du  maiiiage  de  la  zone  N.S. 
avec  les  informations  de  e) 

f)  Predicteur  sur  la  zone  N.S. 

g)  Calcul  N.S. 


Un  certain  nombre  de  conditions  sont  a  prendre 
en  comptc  au  cours  de  la  realisation  de 
I'algorithme  precedent : 

-  II  est  important  dc  minimiser  la  zone  de 
calcul  N.S.  tout  en  etant  capable  dc  capter  les 
caracteristiqucs  de  l'ecoulcmcnt  visqueux. 
On  parlera  dc  'boitc  Navier  Stokes' 

En  effet,  dans  la  plupart  des  cas,  un  calcul 
EULER  +  couche  limite  correspond  au  bon 
choix  de  modelisation,  il  est  par  consequent 
inutile  d'utiliscr  une  modelisation  N.S. 

Le  code  Navier-Stokes  est  utilise  dans  les 
zones  decollies. 

-  La  zone  selectionnee  doit  ctrc  dc  dimension 
suffisantc  pour  permettre  une  bonne 
initialisation. 

En  effet,  par  cxcmple  dans  Ic  cas  dc  la  cabinc 
les  Danes  vcrticaux  parallclcs  au  vent  ne 
doivent  pas  ctre  trop  prochcs  du  plan  dc 
sy  metric  par  suite  de  ('importance  des 
Jecollcments. 

-  Une  bonne  definition  de  la  couche  limite  est 
n&essairc. 

Si  les  phinomines  dc  thermique  I'imposcnt,  il 
est  possible  de  Dxer  le  nombre  de  points  dans 
la  couche  limite. 

-  Des  itudes  ont  montri  qu'il  est  prdfirablc  de 
structurer  le  maiiiage  dans  cette  zone. 

-  Les  diffirents  codes  utilises  ayant  des  modes 
de  stockage  de  donnies  diffirents, 

le  diveloppement  d'utilitaircs  spicifiques  pour 
les  faire  communiquer  a  it£  rialisi. 

-  De  fa?on  k  prendre  en  compte  tous  les  cas  de 
figures  possibles,  deux  initialisations  du  champ 
sont  disponibles : 


(+)  Initialisation  partielle : 

I'espace  complet  est  initialise  par  le  resultat 
d'un  calcul  EULER  et  les  facettes  imites 
sculement  par  une  couche  limite. 

(+)  Initialisation  complete : 

comporte  une  initialisation  du  champ  par 
un  calcul  EULER  plus  une  couche  limite. 

On  utilise  I'initialisation  complete  uniquement 
quand  cela  est  possible  (les  contraintes  de 
cette  methode  seront  expliquees  plus  tard). 


Ill-  Initialisations  par  une  couche  limite 
(historique  et  developpements) _ 

Le  modele  standard  d'intoface  prevoit 
d'initialiser  les  facettes  limites  seulement  par  un 
pr£dicteur  EULER  et  couche  limite. 

Par  la  suite  il  est  apparu  possible  d'initialiser 
I'enscmble  du  domaine  de  calcul  (cf  cas  de 
validation  sur  HMS185  R3ch)  de  la  meme  fa^on. 
La  convergence  cst  alors  plus  rapide  en  ce  qui 
concemc  les  residus  cn  densitc. 

Les  valeurs  de  frottement  et  de  nux  s'etablissent 
aussi  tres  vite. 

Une  grande  precision  est  nccessaire  lors  dc  la 
definition  des  limites  du  domaine,  en  effet  il 
s'agit  de  conditions  aux  limites  pour  le  code 
N.S.;  celles-ci  ne  seront  pas  modidiecs  cn  cours 
des  iterations  et  une  eventucllc  imprecision 
previendrait  I'etablisscment  d'unc  solution  de 
bonne  qualitc. 

Pour  ('initialisation  des  facettes  limites  du 
domaine,  utilise  les  caracteristiqucs  du  champ 
EULER  projete  dans  la  couche  limite. 

Une  fois  cc  champ  projete  il  cst  possible  dc 
choisir  le  type  dc  predicteur  C.L.  a  utiliser . 

La  procedure  consiste  a  passer  dans  un  premier 
temps  un  calcul  de  couche  limite  par  methode 
integrate  ou  differences  finies  (suivant  la 
difficulty  du  cas  de  calcul)  sur  la  peau  dc  (’avion 
complet  (extraite  du  maiiiage  pour  le  calcul 
EULER)  aDn  de  stockcr  les  valeurs  d'lpaisseurs 
dc  couche  limite  et  les  grandeurs  intervenant 
dans  la  construction  des  profils.  Les  grandeurs 
cxtlricures  de  pression,  temperature  et  density 
sont  ygalement  stockccs. 

II  faut  noter  que  ccs  caiculs  sont  ryalisys  avec 
des  codes  industries  de  couche  limite  de 
DASSAULT  AVIATION.  Ils  sont  employes  aussi 
bien  en  bas  subsonique  qu'en  hypersonique  et 
pourront  ainsi  etre  utilisis  dans  tous  les  cas  de 
figures  ou  la  dycomposition  par  blocs  est 
possible  (Probiyme  subsonique). 

La  dcuxiyme  ytape  consiste  k  identifier  les 
nocuds  du  maiiiage  Navier-Stokes  par  leurs 
valeurs  de  Y/delta  (Y  ytant  la  distance  it  la  peau 
et  DELTA  ,  I'ypaisseur  de  couche  limite  au 
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noeud  considere).  Lcs  profits  de  couche  limitc 
etant  eux-meme s  definis  en  Y/DELTA,  it  e„. 
simple  d'associer  une  nouvelle  valeur  de  vitesse 
et  de  temperature  en  chaque  noeud.  La  pression 
etant  supposee  constante  dans  la  couche  limite, 
on  peut  en  deduire,  avec  la  valeur  de 
temperature,  la  masse  volumique. 

L’intitiaiisation  du  champ  complet  repose  sur  le 
meme  principe 

Le  traitement  des  regions  comportant  des 
concavites  tres  rapprochees  est  plus  delicat,  on 
procede  de  la  fafon  suivante: 

II  faut  constmire  deux  maillages  de  la  zone  N.S. 

-  Le  premier  (maillage  support)  est  prismatique 
dans  la  couche  limite  avec  une  raison  et  une 
epaisseur  definies  par  le  calcul  de  C.L. 
precedent. 

-  Le  deuxiemc  (maillage  calcul)  est  deduit  du 
precedent  par  tetraedrisation  dans  la  zone 
N.S. 

Lcs  deux  maillages  sont  topologiqucment 
identiques  en  cc  qui  concerne  les  numerotations 
dcs  nocuds.  Avec  le  maillage  support  on  calcule 
les  distances  des  nocuds  4  la  peau  tres 
prcciscment. 

Pour  chaquc  noeud  peau  une  liste  de  filiation  est 
ctablic  (ensemble  des  points  qui  se  succcdent 
dans  la  direction  pcrpendiculaire  a  la  peau) 
cctte  filiation  permet  de  definir  le  bon  profit  de 
couche  limite.  Par  la  suite  le  profit  est  attribue 
au  noeud  homologue  du  maillage  calcul. 


IV-  Description  du  code  de  resolution  des 
equations  de  Navier-Stokes _ 

La  resolution  des  equations  de  Navier-Stokes 
doit  permettre  une  connaissance  precise  dcs 
structures  tourbillonnaires  et  de  la  couche  limitc 
(y  compris  des  profils  de  temperature 
permettant  de  calculcr  correctcment  les  flux  de 
chalcur).  Cela  conduit  4  dcs  difficulty 
numeriques  specifiques  : 

-  Ic  schema  doit  prcciscment  cquilibrer  lcs 
petites  valeurs  en  diffusion  physique  et  la 
diffusion  numCrique  necessaire  pour 
preserver  la  stability. 

-  lcs  performances  du  code  (precision  et  vitesse 
de  convergence)  ne  doivent  pas  subir  de 
degradation  quand  Ic  maillage  comprend  des 
Clements  allonges  et  de  petites  dimensions 
dans  la  direction  perpendiculaire  4  la  peau. 

-  la  capacite  de  capture  des  chocs  doit  etre 
bonne. 

Le  code  de  resolution  des  equations  Navier- 
Stokes  tridimensionnel  reference  (3)  s'  efforce 
d'atteindre  ces  objectifs. 

II  utilise  une  approche  de  type  elements  finis,  le 


systeme  d'equations  aux  derivees  partielles  etant 
ecrit  sous  forme  faible.Ceci  permet  une  grande 
flexibilitC  geometrique. 

La  formulation  developpee  possede  de  bonnes 
earacteristiques  de  stabilite  et  de  precision 
grace  4  I’utilisation  des  operateurs  'Galerkin  / 
moindres  carres',  qui  s'apparente  4  une 
formulation  de  type  S.U.P.G.  (Streamline 
Upwind  Petrov  Galerkin). 

La  formulation  de  type  Galerkin  est  une 
methode  stable.  Cependant  lorsqu'il  y  a  de  forts 
gradients  il  peut  se  produire  des  oscillations. 
Pour  les  corriger,  un  operateur  destine  4 
capturer  les  discontinues  a  ete  ajoute  a  la 
formulation. 

La  convergence  du  code  est  accelcree  par 
('utilisation  de  methodes  de  type  GMRES  non 
lincaircs  reference  [1]  pcconditionnc  de  manierc 
non  symetrique  par  les  blocs  diagonaux  de  la 
matrice  jacobienne.  Une  vectorisation  complete 
est  obtenue  par  la  mise  en  oeuvre  de  techniques 
de  coloriage. 

Plus  de  details  sont  disponibles  dans  les 
references . 

Le  code  N.S.  peut  prendre  en  compte  les 
phenomenes  de  vibration  et  de  dissociation  des 
molecules  de  I'air. 

Le  modcle  comporte  5  especes  (N2,  02,N0,  N  et 
O)  pour  trois  reactions  chimiques  4  I'equilibre  cf 
reference  [2|.  On  peut  ainsi  avoir  une  idee  de 
I'influcnce  sur  I'ecoulcment,  sur  les  flux  de 
chalcur,  etc  ,.  des  effets  de  la  dissociation  des 
molecules  d'azote  et  d'oxygene  pour  les 
ccoulements  hypersoniques  qui  font  I'objet  de 
notre  etude. 

Le  code  N.S  peut  fairc  des  calculs  a  temperature 
peau  fixee  identique,  ou  differente  sur  chaque 
facettc. 

Un  module  de  prise  en  comptc  de  phenomenes 
radiatifs  est  egalement  incorpore. 

Cc  module  offre  deux  possibility  : 

La  premiere,  utilisec  pour  les  formes 
convexes  (ditc  4  'systeme  ouvert')  ne  tient  pas 
compte  des  facettes  parois  en  vis  4  vis. 

Elle  consiste,  connaissant  le  flux  de  chalcur 
convectif,  4  faire  un  bilan  thermique  simple 
entre  le  flux  convectif  et  le  flux  radiatif  local 
6mis  pour  une  facettc. 

Ce  bilan  permet  de  definir  une  temperature 
d'lquilibre  radiatif  qui  devient  une  nouvelle 
condition  aux  limites  pour  le  code  N.S. 

La  deuxi£me,  utilisec  pour  les  formes  pr£sentant 
des  parties  concaves  significatives  (dite  'systeme 
ferine')  est  plus  globale. 

Le  bilan  thermique  est  compose  de  trois  termes 
le  flux  convectif,  le  flux  radiatif  re^u  dans  la 


42-4 


facette  et  le  flux  radiatif  emis  par  la  facette. 
On  introduit  un  facteur  de  configuration  Fij 
entre  la  facette  consideree  (indice  i)  et  les  autres 
faccttes  (indice  j)  qui  ,de  par  leur  proximity  et 
leur  position,  peuvent  influencer  le  bilan 
thermique. 

Fij  ne  depend  que  de  la  geometrie  des  deux 
surfaces. 

Le  couplage  ainsi  defini  peut  etre  iteratif  dans 
la  mesure  ou  la  matrice  des  facteur  Fij  peut 
etre  inversee  une  fois  pour  toutes.  On  allege  le 
calcul  par  un  pretraitement  permettant 
d'isoler  les  facettes  pour  lesquelles  il  y  a 
couplage.  Les  zones  restantes  sont  traitees  en 
'systeme  ouvert' 


V-  Test  de  validation  -  cas  de  soufflerie  - 


II  s'agit  de  la  cabine  de  la  forme  HERMES  0.0 
(forme  185  dans  la  nomenclature  DASSAULT/ 
aerodynamique  theorique) . 

La  maquette  correspondante  (1/30  erne)  a  etc 
essayec  dans  la  soufflerie  R3Ch  de  I'ONERA 
gaz  parfait. 

La  maquette  cst  a  temperature  paroi  fixee. 

Le  cas  de  calcul  reconstituant  la  mesure  par  les 
thermocolor  se  definit  de  la  fa^on  suivante: 
MACH  =  10 
INCIDENCE  =  30 
DERAPAGE  =  0 

TEMPERATURE  GENERATRICE  =  1123  K 
PRESSION  GENERATRICE=  120  bar 
TEMPERATURE  CORPS  =  290  K 
Le  support  de  calcul  est  un  maillage 
tetraedrique  d'environ  87.000  nocuds  soil 
500.000  elements  (cf  figure  1) 

Sur  la  figure  2  on  distingue  la  boite  N.S.  et  le 
maillage  EULER.  On  peut  se  rendre  compte  de 
la  souplesse  de  la  mlthode.  En  effet  on  a  pu,  a 
partir  d’unc  geometric  EULER  ne  comportant 
pas  de  verriires,  avoir  un  pridicteur 
EULER+CL  dans  tout  le  champ  sur  une 
geometrie  N.S.avec  verri^res  (et  leur  g£om£trie 
complexc  de  bourrclcts). 

L'ordinatcur  utilise  pour  les  calculs  est 
I’ordinateur  du  N.L.R.  NEC  SX3/12,  256  Mega 
octets  de  mlmoire  centrale  laissant  a 
I'utilisateur  164  M£ga  Octets.  C'est  une  machine 
32/64  bits  dont  la  performance  en  crete  est  de 
2.75  Giga  Flops. 

La  convergence  a  M  obtenue  apris  1000 
iterations  en  implicite  La  descente  des  restdus 
bases  sur  les  densites  est  de  quatre  ordres 
environ  apres  seulement  500  iterations  .  Mais 
pour  les  calculs  N.S.  une  bonne  convergence  en 
densite  n’est  pas  suffisante,  il  faut  verifier  la 
convergence  des  frottements  et  flux  de  chaleurs 
specialement  dans  les  zones  critiques. 


La  courbe  de  convergence  /figure  3)  rend 
compte 

-  De  la  qualite  de  I'initialisateur  (descente  tres 
rapide) 

-  De  la  convergence  en  residus  sur  la  densite 
vers  500  iterations. 

-  De  la  poursuite  des  iterations  pour  obtenir  les 
flux  converges 

L'analyse  des  r6sultats  de  soufflerie  permettent 
la  comparaison  des  flux  de  chaleur  donnes  par 
la  soufflerie 

-  coef  h  defini  par : 

h  =  flux  /( T  de  frottement  -  T(corps))) . 

On  passe  des  STANTON  donnes  par  le  code 
N.S.  definis  par : 

STAN  =  flux  /  ((densite*vitesse))(inf)*Cp* 
(T(inf)  -  T(corps)) 

a  h  dans  notre  cas  de  la  fa^on  suivante  : 
h  =  33000  *  STAN 

La  comparaison  calcut/soufflcrie  est  tracee 
figure  4 

On  constate  que  les  localisations  des  maxima 
de  STAN  sont  identiques  (au  dcssus  du  hublot 
central).  En  ce  qui  concerne  les  valcurs  max,  la 
soufflerie  donne  0.036  pour  100  fois  le  flux, 
alors  que  le  calcul  donne  0.0425.  Le  resultat  est 
acceptable  car  il  correspond  a  la  zone 
d'inccrtitude  de  la  methode  expcrimcntalc. 

Les  formes  des  ISO  STAN  sont  comparables 
mais  pas  tout  A  fait  identiques. 

En  effet  le  calcul  N.S.  donne  dcs  iso  plus 
'ouverte s',  ce  qui  est  du  probablement,  soit  a  la 
prise  en  compte  de  la  condition  de  symetrie  par 
le  code  N.S.,  soit  a  I'exploitation  des 
changements  de  couleur  des  thermocolor 
soufflerie  (virages)  sur  la  maquette. 


VI-  Calcul  sur  la  cabine  pour  un  point  de  vol 
-  comparaison  avec  le  cas  de  soufflerie  k  iso¬ 
forme  - 


le  cas  de  calcul  cabine  en  vol  choisi  est  un  cas  en 
gaz  r£els  a : 

ALTITUDE  =  60  Km 
MACH  =  20 

INCIDENCE  =  30  degrts 
DERAPAGE  =  0  degrts 
(ce  qui  correspond  k  un  REYNOLDS  par 
mitre  de  1 20890  k  cette  altitude) 

Le  point  considtrt  est  plus  bas  que  le  point  de 
vol  riel  pour  rendre  le  risuitat  dimensionnant 
Contrairement  au  calcul  de  soufflerie  pour 
lequel  I'hypotbtse  temperature  de  paroi 
constante  est  correct,  le  calcul  vol  est  effects  en 
imposant  I'lquilibre  radiatif  A  la  paroi. 

Les  lignes  pariitales  de  frottements  (figure  5) 
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permettent  d'avoir  une  representation  giobale 
de  I'ecoulcment 

II  apparait  de  fa^on  claire  deux  zones,  I'une  a 
I’amont  du  decollement,  I'autre  a  I'aval  du 
recollement. 

Les  zones  de  decollement  a  MACH=10  et 
MACH=20  ont  des  topographies  tres  differentes. 
En  effet,  il  existe  sur  le  cas  a  MACH=10  un 
point  pres  du  plan  de  symetrie  qui  sembie  etre 
un  point  central  de  recollement.  Sur  le  cas  voi 
MACH=20, 1'  ecoulement  passe  par  un  'arceau' 
central  sans  decollement. 

En  ce  qui  concerne  la  zone  de  recollement  le 
resserrement  des  lignes  de  frottement  montre 
que  le  niveau  d'echauffcment  est  plus  important 
sur  le  cas  a  MACH  10.  Les  lignes  de  frottement 
divergent  apres  le  point  de  recollement  ce  qui 
diminue  l'ipaisseur  de  couche  limite  ,  done 
augmente  les  flux  de  chaleur.  La  zone  a  proteger 
est  situee  sur  la  vitre  centrale  au  niveau  du 
sourcil.  La  figure  6  des  flux  de  chaleur  (CH)  le 
confirmc. 

De  plus  I'effet  de  gaz  reel  a  MACH=20  diminue 
la  zone  de  decollement  On  constate  qu'a 
MACH=20  le  choc  est  plus  couche. 

On  distingue  clairemcnt  sur  cette  figure  que  les 
flux  de  chaleur  sont  plus  importants  dans  les 
conditions  de  soufflerie. 

Des  calculs  effcctucs  sur  la  forme  lisse  ont 
prouve  que  les  cchaufTcmcnts  dans  cette 
configuration  sont  admissihles.  Le  problcme  a 
resoudre  a  un  caracterc  local  certain.  II  faut 
arriver  a  £tudicr  dc  fa^on  tres  precise  la  nature 
de  I'ecoulcment  3D  dans  la  zone  des  verriercs. 
On  trace  pour  cela  les  lignes  isotemperatures  en 
memc  temps  que  les  lignes  dc  frottements 
parictales. 

II  apparait  une  zone  dc  recirculation  fluide  sous 
le  sourcil  sur  la  verriere.  En  amont  de  cette  zone 
la  density  de  lignes  isotemplratures  montrent 
que  le  gradient  est  asscz  fort 
Pour  proteger  le  plus  possible  la  zone  de 
verriercs  on  montre  une  etude  typique  de 
variation  effectuee  pour  amcliorer  le  dessin  et 
conduisant,  pour  dc  petites  variations  de  forme, 
k  des  variations  notables  d'echauffcment  et  de 
lignes  pariltales  de  frottement 


VII-  Deux  cas  de  calcul  en  alrodynamique 
locale  sur  Hermes 


Position  du  problcme : 

La  protection  thermique  d’  Hermes  est  de  trois 
types : 

-  Structure  chaude  (thermostructurc:ncz  bord 
d'attaque„.) 

-  Protection  souplc  (F.E.I.) 


-  Protection  thermique  rigide  (tuiles  a  jupc  a 
I'intrados  et  tuiles  a  pattes  a  I'extrados) 
constituant  environ  30%  de  la  surface 
mouillee  de  1'A.S.H. 

(  representation  de  la  topologie  de  la 
protection  thermique  figure  8) 

La  tuile  permet  une  isolation  primaire  par 
reradiation  du  flux  thermique,  le  maintien  des 
formes  aerodynamiques,  I'etancheite  a  I'eau, 
la  protection  de  I’isolant  multi-ecran  et  de 
I'cnvironnement  exterieur  direct. 

L'isolant  multi-ecran  (LM.E.)  isole  la  structure 
primaire  en  fonctionnement  nominal, 
permettant  d'assurer  une  protection  en  cas  de 
perte  de  tuile  (isolant  multi-ecran  sous  toile. 
L'isolant  semi  rigide  (LS.R.)  limite  la  circulation 
d'airchaud  dans  les  volumes  sous  les  tuiles 
(cloisonnement),  assure  une  barriere  thermique 
et  dc  pression  lors  de  la  perte  d'une  tuile, 
forme  un  appui  continu  pour  les  (lanes  des 
tuiles. 

II  est  important  de  determiner  la  tenue  de  cette 
protection  thermique  durant  toute  la  phase 
d’entree. 

Les  echauffcments  les  plus  importants  se 
produisant  4  I'intrados. 

On  presente  ici  I'etudc  des  deux  problemes 
suivants : 

a)  Influence  sur  I'ecoulcment  d'un  trou  sur  le 
nez  de  I' avion  cause  par  i impact  d'une 
meteorite 

b)  Resistance  a  I’echauffement  des  joints 
intertuiles 

Le  point  de  vol  le  plus  thermiquement 
dimensionnant  a  cte  choisi.  Parmi  les 
trajectoires  de  rentrcc  possibles,  le  point  de  vol 
le  plus  critique  sur  la  trajectoire  cnveloppc 
penalise  a  £t£  selectionnl. 

II  correspond  aux  caracteristiqucs  suivantes  : 

ALTITUDE  =  59  Km 

MACH  =  17.8 

INCIDENCE  =  40  degres 

DERAPAGE  =  0  degre 

La  simulation  de  ce  point  de  vol  doit  etre  la  plus 
precise  possible.  La  possiblitl  offerte  par  le  code 
N.S.  de  prendre  en  compte  les  pWnomdnes  de 
dissociation  des  molecules  de  Pair  a  6te 
employee. 

D'autrc  part,  I'importance  dans  certaines  zones 
des  convexit^s  impose  de  prendre  en  compte  les 
phenomcncs  dc  radiation. 

Details  des  calcvls 

La  strategic  pr£c(demment  d^crite  a  iti 
employee.  Pour  avoir  une  simulation  numlrique 
precise  des  ph^nom^nes  physiques  k  ^tudier, 
deux  maillages  tltraldriques  de  100.000 
^Kments  pour  le  point  d'impact  au  nez  et  de 
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250.000  elements  pour  le  calcul  sur  le  joint 
inter-tuiles  ont  ete  realises. 

Les  visualisations  des  limites  des  maillages  des 
bottes  N.S.  se  trouvent  sur  les  figures  9  10  et  11. 
Les  maillages  sont  superposes  au  maillage  peau 
de  I' avion  complet  ayant  servi  a  la  realisation  du 
EULER. 

Les  predicteurs  EULER  +  C.L.  sur  les  plans 
d'entree  seuleinent  ont  ete  employes 

a)  Impact  par  une  meteorite 

Le  maillage  (coupe  a  Y=Cste  figure  12)  est 
compose  de  trois  domaines  cylindriques,  le 
premier  dans  le  fluide  ,  le  deuxieme  dans  le 
materiau  de  protection  avion,  le  troisieme  est  un 
cylindre  interne  pour  cvacuer  le  fiuide  qui 
passe  dans  le  trou  d'impact  (le  trou  d'impact  est 
suppose  circulaire). 

On  a  rempli  le  cylindre  interne  d'air  a  pression 
infinie  (tres  faible)  de  facon  a  simuler  les 
conditions  de  debit.  Ce  cylindre  doit  etre  de 
volume  suflfisant  dans  la  mesurc  ou,  en  se 
remplisssant  de  fiuide  venant  de  la  cavite 
extcrne  la  pression  augmente  ,donc,  peut 
infiuenccr  recoulemc.it  externe.  La  convergence 
des  flux  de  chaleur  a  ete  obtenue  apres  environ 
1000  iterations. Le  calcul  a  demarre  avec  un 
predicteur  ayant  une  temperature  paroi 
constante  Igale  a  1100  K. 
il  a  fallu  200  iterations  ,dans  ces  conditions, 
pour  stabiliser  l"s  fi»x  de  chaleur. 

Par  la  suite,  une  nousclle  evaluation  des 
temperatures  radiatives  (  bilan  convection 
reradiation  a  la  peau  tenant  compte  dcs 
influences  des  facettcs  en  vis  a  vis).  Ce  bilan 
impose  de  nouvellcs  temperatures  d'equilibre 
radiatif  a  la  peau  pour  continuer  4  iterer.  On 
recommence  cette  procedure  jusqu'a 
convergence  totale  des  temperatures. 

Les  lignes  de  courant  presentees  figure  13 
represented  I'ecoulement  final  dans  une  coupe  a 
Y=constante  passant  par  un  plan  contenant  I'axe 
des  trois  cylindrcs.  La  /.one  d'impact 
(resserrement  des  lignes  de  courant)  est 
apparente,  ainsi  que  la  zone  de  recirculation 
dans  le  domaine  exteme.La  topographic  de 
I'ecoulement  devient  stable  en  pression  apres 
300  iterations  environ  (la  palette  a  ete  choisie  de 
fa^on  k  faire  apparaitre  la  zone  externe).  En  ce 
qui  conceme  la  representation  des  nombres  de 
MACH  figure  14,  on  constate  qu'il  se  forme  une 
zone  transsonique  dans  le  trou.  Le  point 
d'echauffement  maximal  est  apparent  sur  la 
figure  15  (important  gradient  de  pression  et 
pression  locale  maxi). 

b)  Elements  concernant  l'etude  des  titles 
II  est  important  de  choisir  la  position  relative 
des  deux  tuiles  pour  minimiser  I'  tehauffement 


des  joints.  Comme  point  de  depart  de  cette  etude 
nous  avons  determine  une  position  'en  diagonale' 
pour  eviter  le  plus  possible  le  declenchement  de 
la  transition  (cf  figures  9  10  et  11  pour 
configuration). 

Le  maillage  approprie  prend  en  compte  en 
ditails  les  zones  entre  les  tuiles.  Elle  comporte 
des  points  d'inflexions  rendant  difficile  la 
realisation  d’un  maillage  regulier. 
L'initialisation  s'est  faite  uniquement  sur  le  plan 
d’entree.  Les  zones  de  recirculation  dans  les 
cavitls  comportant  des  morceaux  de  joints  sont 
interessantes  a  etudier  dans  la  mesure  ou 
I'apport  en  flux  de  chaleur  par  frottement  est 
faible  mais  I'apport  radiatif  est  eleve. 

Sur  la  figure  17  on  presente  le  resultat 
preliminaire  en  temperatures.  On  remarque  la 
zone  d'echauffement  par  frottement  sur  la 
deuxieme  tuile  frontalc,  mais  surtout 
I'echauffement  par  reradiation  dans  les  parties 
concaves. 


VIII-  Conclusion 


Les  methodcs  de  calcul  utilisccs  a  Dassault- 
Aviation  ont  permis  d’obtenir  dcs  rcsultats 
satisfaisants  pour  les  cas  de  calculs  complexes 
hypersoniques  necessaires  au  dcssin  de  I’ avion 
HERMES.  II  a  fallu  modeliscr  un  bilan 
thermique  complet  tenant  compte  d'elements 
radiatifs.  Cependant  les  rcsultats  presentes 
doivent  etre  consideres  comme  etant  encore  a 
valider  par  d'autres  cas  d'essais  et  de  calcul.  Le 
meme  code  fournit  un  rccoupement  satisfaisant 
sur  les  cas  du  Workshop  d'Antibcs  (1991). 
Cependant  la  non  linlarite  des  problemes 
thermiques  demandcrait  de  rendre  encore  plus 
complete  la  modclisation : 
il  faudrait  prendre  en  compte  les  eventucls 
phenomenes  de  conduction  dans  les  matlriaux. 
De  plus  la  porositl  de  certains  constituants  de  la 
protection  thermique  modifie  les  pressions  au  a 
la  peau,  et  par  consequent  I'ecoulement  global. 
Nous  avons  affaire  k  un  systeme  tres  complexe 
qui  ne  peut  etre  resolu  par  des  mlthodes 
classiques  (simple  calcul  Navier  Stokes  sur  un 
champ  complet). 

II  demande  la  mise  en  place  d’une  structure 
evolutive  et  modulaire  permettant  la  prise  en 
compte  d'eilments  de  modllisation  de  plus  en 
plus  fins. 
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ABSTRACT 

In  the  present  work  a  two  temperature  model  lias  Keen 
developed  for  the  description  of  thermal  and  rhetniral  noneq- 
nilibritim  viscous  hypersonic  flows.  The  model  employs  a  vi¬ 
brational  coupling  factor  as  proposed  by  Treanor  and  Mar- 
rone,  .  .d  it  uses  a  mode]  based  on  a  non  preferential  re- 
noval  if  vibrational  energy.  The  technique  relies  on  a  finite 
volume  approach  based  on  a  second  order  accurate  Total 
Variation  Diminishing  formulation  that  accounts  for  ther¬ 
mal  and  chemical  nonequilibrium  effects.  The  stiffnes  due 
to  the  disparity  in  time  scah-s  is  reduced  In  introducing  a 
precondition  matrix  that  allows  a  pointwise  implicit  solution 
of  the  source  terms. 

Applications  of  the  model  to  compute  viscous  hypersonic 
flows  over  a  wedge  and  a  cylinder  have  shown  that  the  post¬ 
shock  temperature  plays  a  fundamental  role  in  the  achieve¬ 
ment  of  thermal  equilibrium.,  and  that  the  boundary  laser 
is  the  most  affected  by  thermal  nunequilihrium. 

INTRODUCTION 
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lion  of  the  heavy  particles  and  for  the  translational  contri¬ 
bution  of  the  free  electrons). 

’  Depending  upon  the  characteristic  scales  of  the  thermal 
and  chemical  exchange  processes,  different  situations  may 
arise.  The  flow  is  said  to  be  in  equilibrium  if  both  thermal 
and  chemical  time  scales  are  small  compares!  to  the  fluid- 
dynamic  time  scale.  A  frozen  situation  arises  if  thermal  and 
chemical  time  scales  are  large*  comparts!  to  the*  fluid  dynamic 
lime  scale.  Finite  rate-  processes  must  he-  taken  into  account 
when  all  time  scales  are  of  the  same  order. 

Two  parameters  can  he*  defined  to  characterize  the*  ther¬ 
mal  (vibrational)  and  chemical  relaxation  processes:  the  ra¬ 
tio  of  the  fluid  dynamic  time  to  the  vibrational  relaxation 
time  (♦„).  arid  the  ratio  of  the*  former  to  the  chemical  time 
(*<)• 

The*  vibrational  relaxation  time  scale  (r,)  can  he*  esti¬ 
mated  from  the  Millikan  and  White  relation 


In  the  shock  layer.  *1*,  is  give-n  by 


The  mealy  sis  of  by  pe*rsonic  flows  differs  substantially  from 
that  of  supersonic  fluws,  anel  the  development  of  advanced 
space  transportation  systems  requires  a  detailed  simulation 
of  the  high  temperatures  effec  ts  (usually  referred  to  as  "real 
gas"  effects). 

At  ambient  temperature  air  can  be  represented  as  a  per- 
fe*ct  gas  having  only  the*  translational  and  rotational  modes 

(fatty)  excited. 

Hi  h  speed  flows  are  characterized  bv  a  high  kinetic  en¬ 
ergy  content  that  is  converted  into  translational  energy  (for 
example  past  bow  shocks  and  within  the  boundary  laye*r  due 
to  vi«  ems  dissipation),  thus  increasing  the  brownian  motion 
of  tin  particles,  anel.  as  a  consrqurnce,  the  (translational) 
temp  *ratnre-  of  the  gas.  The  high  temperature  is  then  re¬ 
sponsible  for  the  vibrational  ami  electronic  excitation,  dis- 
soci.  ion  of  diatomic  molecules,  and  ionization.  Therefore, 
under  typical  hypersonic  conditions  air  must  be  considered 
as  a  mixture  of  reacting  gases  whose  thermodynamic  state 
is  cl  racterizod  by:  i)  a  translational  temperature  (identi¬ 
fying  the  translational  and  rotational  energy  modes);  ii)  a 
vibrational  temperature  for  each  of  the  polialoinir  species 
(id  ilifying  the  vibrational  energy  contribution):  iii)  and  an 
elec  runic  temperature  (for  the*  electronic  energy  ceinlribu- 


e  1  R  T 

*'  =  [T-  f  P»“  T‘»*  exP 


[-  — 

v  C 


here  p,kk  and  T,kk  are  the*  post  shock  elensity  and  temper- 
ture  values,  and  li  is  the  gas  constant.  Then,  using  the 
ypersonit  limit  for  an  estimation  of  P,m/Px,  one  obtains: 

=  A*  rxp(-  -Aj  )  T,Kk  (I) 

'  I.Kk  > 

.here  A*  is  a  constant. 

For  dissociating  air.  assuming  that  diatomic  oxygen  dis- 
ociate*s  due  to  collisions  with  diatomic  oxy  gen  and  nitrogen, 
tie  chemical  time  scale  ( ry)  can  be  approximately  estimated 
s  follows: 

1  r*  T-t  (  0  \  P2 

~^r CT  exprfJir7: 

vhere  IF  is  the  average  molecular  weight  and  Y  the  mass 
raction. 

In  the  shock  layer,  <>,.  is  given  by 


*■  - 

'  K  rz  )-p7 r;" 
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w  here  A  i-.  ;i  i on-!. ml . 

I  rom  ( !  ),(2)  we  observe  ili.il  both  parameters  <1<„ 

and  fly  are  rnos  t  - !  lonely  influenced  by  I  hr  post  shock  trans¬ 
lational  temperature,  anil  that  non  equilibrium  effects  de¬ 
pend  upon  the  flight  conditions.  Limit  situations  arise  de- 
pemling  upon  the  values  of  fly,  and  <Iy. 

In  tin1  present  work  we  analyze  flows  characterized  by 
finite  rate  processes,  i.e,  flow  situations'for  which  both  'll,, 
and  'ft.  are  of  0(1 ). 

The  simulation  of  thermal  and  chemical  non  equilibrium 
hypersonic  flows  has  been  investigated  by  several  authors. 

Candler  [I]  assumes:  if  a  rapid  energy  exchange  between 
the  translational  and  rotational  modes;  ii)  a  finite  energy 
transfer  rate  for  the  vibrational  modes  of  the  different  di¬ 
atomic  species;  Hi)  and  the  same  temperature  characteriz¬ 
ing  electron  translation  ami  electronic  modes.  For  the  cou¬ 
pling  between  vibration  and  dissociation  Candler  assumes 
that  the  vibrational  energy  lost  (gained)  due  to  dissocia¬ 
tion  (recombination)  is  the  average  vibrational  energy  of  the 
molecules  (non  preferential  removal  of  vibrational  energy). 
For  high  temperature  ionized  air  hr1  has  developed  a  six  tem¬ 
peratures  model  to  compute  AO  I  V  flight  experiments,  and 
has  shown  the  influence  of  thermo  chemical  non  equilibrium 
on  the  flow  field. 

Palmer  [2]  has  developed  a  two- temperatures  model  to 
compute  dissociating,  ionizing  flows  in  thermo-chemical  non 
equilibrium,  lie  also  assumes  a  simple  model  for  vibration- 
dissociation  coupling  as  proposeil  by  Candler.  Applications 
of  the  model  to  compute  AFF.  flight  experiments  show  rea¬ 
sonably  accurate  solutions. 

Mitchelt  ree  [3j  has  investigated  the  application  of  several 
dissociation  and  ionization  models  for  (very)  high  velocity 
entries.  The  model  is  based  on  a  two- temperatures  model, 
where  the  chemical-vibrational  Coupling  is  taken  into  ac¬ 
count  by  means  of  a  weighted  dissociation  ratio  controlling 
temperature  Applications  to  sphere-cone  bodies  show  that 
varia.  on.-  in  the  reaction  rates  have  little  effects  on  the  sur¬ 
face  pressure  and  convective  heating. 

Ci noffo  ;l]  has  developed  a  rather  complete  model  for 
thermal  and  rhemical  non  equilibrium  ionizing  flows  based 
on  either  a  two-  or  three  temperatures  model.  He  assumes 
curve  fit-  for  the  thermodynamic  relations  and  collision-in¬ 
tegrals.  prefer,  utial  dissociation  model  similar  to  that  of 
Candler  Appli-  ations  of  the  model  to  compute  aeroassisl 
flight  experiments  show  limitations  arising  from  uncertain¬ 
ties  in  the  thermodynamic  anil  collision  integrals  curve  fits, 
the  chemical  reaction  mechanism  and  the  effects  of  prefer¬ 
ential  dissociation  modeling. 

Clrasso  and  Heliucci  [A]  have  developed  a  model  for  ther¬ 
mal  equilibrium  and  chemical  non  equilibrium  flows  includ¬ 
ing  gas-surface  interactions,  and  have  shown  the  influence 
and  limitations  arising  from  uncertainties  in  thermodynamic 
relations,  transport  and  chemical  kinetics  mechanisms. 

In  the  present  paper  we  develop  a  model  for  thermo¬ 


chemical  non  equilibrium  flows,  under  the  assumption  of 
a  rapid  energy  exchange  between  the  vibrational  and  ele< 
tronic  modes  (two  temperature  model).  In  the  model  we  ac¬ 
count  for  preferential  dissociation  anil  recombination  effects 
by  introducing  a  vibrational  coupling  factor  as  proposed 
by  Treanor  and  Marrone.  The  dilfusional  effects  on  the 
translational- vibrational  energy  exchanges  are  neglected,  per¬ 
fect  gas  relations  an1  used  to  determine  the  thermodynamic 
relations  and  collision  integrals  curve  fits  are  employed  for 
the  transport  mei lianism.  The  equations  are  solved  by  a  fi¬ 
nite  volume  approach  based  on  a  total  variation  diminishing 
scheme  that  accounts  for  (thermal  and  chemical)  real  gas  ef¬ 
fects.  The  model  has  been  applied  to  compute  dissociating,^ 
nitrogen  flows  around  circular  cylinder,  and  non  equilibrium 
dissociating  air  flows  over  a  wedge. 

GOVERNING  EQUATIONS 

In  the  present  work  the  governing  equations  are  formu¬ 
lated  accounting  for  all  species  conservation  equations.  The 
equations  are  the  conservation  equations  for  a  mixture  of 
gases  in  thermal  and  chemical  non  equilibrium  under  the 
continuum  assumption  (i.e.  the  phenomena  associated  with 
large  values  of  the  Knudsen  number  are  neglected).  The 
model  assumes:  i)  a  single  translational  temperature  (T) 
characterizing  the  translational  modes  and  the  fully  excited 
rotational  modes  (of  the  molecular  species);  ii)  a  single  vi¬ 
brational  temperature  (TV)  characterizing  vibrational  and 
electronic  modes  (that  are  assumed  to  he  in  equilibrium  with 
each  other):  iii)  and  the  absence  of  ionization.  In  vector  form 
the  two-dimensional  conservation  equations  are 


T  1 

-T  /  Fn ds  =  f  II  dS  (3) 

Ot  )' 

►  j.is r  Js 

where  W.  F  and  H  are.  respectively,  the  vector  unknown, 
the  sum  of  the  inviscid  and  viscous  fluxes,  and  the  source 

term  H,  and  they 

are  defined  as  follows 

W 

=  [p, .  pu  .  pv.  pK .  pu]’ 

F 

=  (Fe  -  Fv  ,G£  -  Gv) 

H 

=  [u-,.  0. 0.  o.  _t]r 

and 

r  ,  ]T 

f£  = 

\p^u,pu  -*■  p. puv .  pu  //  ,  pui\\ 

Gjr  = 

[p,  r,  pur,  pv*  +  p ,  p  v  H ,  gerr] 

(Fv-.Gv)  = 

(-P,U,.<T,U  <7-Q,  -Qv]T 

Furthermore 

<t  =  g[Vu  +  (Tu)r]-jg(V-u)I 
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P  =  51  A, 

where  I,  Uj.  >,.  < i-.g  and  Aa  are.  respectively,  the  unit 

tensor,  the  diffusion  velocity,  the  mass  fraction,  the  internal 
energy,  t  he  vibrat  ional-elect  ronic  energy  and  the  enthalpy  of 
the  r/-th  species.  Moreover.  tr\  and  are  the  source  terms 
due  to  finite  rate  chemistry  and  the  vibrational-electronic 
energy  si  irce  term. 


Thermodynamic  Relations 

In  general  the  internal  energy  and  the  enthalpy  of  species 
q  are  functions  of  the  translational  and  vibrational  temper¬ 
atures. 

The  internal  energy  of  each  species  is  the  sum  of  the 
translational,  rotational,  vibrational  and  electronic  contri¬ 
butions  (according  to  the  factorization  property  of  the  par¬ 
tition  function)  [!")]. 

For  atomic  species  one  has 

',  =  l  +  in 

Fur  diatomic  assuming  that  the  rotational  inodes 

are  full v  excited,  one  obtains 


f,  =  -  ft,  7  +  +  r,.,  +  -NAJ 


(5) 


where  .  and  Sl:^  are,  respectively,  the  vibrational  and 

electronic  energy  contributions,  and  the  enthalpy  of  forma¬ 
tion  (s<-e  Kef 

fi  e  expressions  for  the  energy  contributions  due  to  the 
excited  vibrational  and  electronic  states  are  obtained  assum 
ing  Bolf/m.itm  distributions  at  the  vibrational  temperature 
( 7\  )  and  a  harmonic  oscillator  behaviour  of  the  diatomic 
molecules,  thus  yielding 


rxpfa/Tv)  -  l 
I  9„r„  exp  (-rjTv) 

E  9,.,  exp  i~d',JTv) 

i=l  v* 


(6) 


(7) 


where  0't.  O’,  and  g,.,  are,  respectively,  the  characteristic 


vibrational  temperature,  the  electronic  characteristic  tem 
perature  of  stale  i  and  its  degeneracy  (5). 

Observe  that  due  to  vibration-dissociation  coupling,  the 
expression  of  tiic-vihrat ii.nal  energy  is  approximated  (even 
under  the  assumption  of  thermal  equilibrium).  Indeed,  on 
account  of  the  fact  that  dissociation  occurs  at  the  higher 
vibrational  levels,  only  a  finite  number  of  such  levels  should 
be  accounted  for.  The  numb--r  of  vibrational  levels  before 
the  occurrence  of  dissociation  depends  on  the  dissrgfiUijoHi^ 
energy.  For  nitric  oxide,  molecular  oxygen  and  molecular 
nitrogen  one  obtains  S'yQ  =  28,  Vqj  =  27,  ,Vj$ Jj  =  34.  For 
temperatures  <  10000  K  it  is  founo  that  the  maximum  value 
of  the  percentage  error  is  0(151).  Therefore,  the  use  of  the 
equilibrium  (at  temperature  TV)  expression  for  vibrational 
energy  is  justified  even  in  the  presence  of  chemical  non  equi¬ 
librium  (5). 

In  the  present  work  ionization  has  bc-r>  neglected.  For 
the  five  major  species  that  have  been  acco  mted  for  (O ,  N  , 
NO ,  Oj ,  N2),  the  number  of  electronic  states  is  S‘  =  19,  22, 
15.  19,  II,  as  given  in  Rrf.Jlfi].  However,  spet < roscopic  data 
for  the  higher  electronic  states  are  uncertair.  Moreover, 
if  the  temperature  is  not  greater  than  10000  f  ,  a  reduced 
number  of  electronic  states  can  be  accounted  foe  Park  [7] 
argues  that  th*  only  excited  electronic  states  are  hose  that 
have  an  energy  exceeding  that  of  the  ground  state  by  a  factor 
less  than  2cV,  thus  obtaining  .V'  =  2,  2.  0.  3.  0.  Likewise, 
Palmer  [2)  neglects  the  electronic  excitation  of  nitric  oxide 
and  diatomic  nitrogen,  and  uses  S’  =  3.  3,  0,  3,  0.  C;  idler 
f  1  ]  accounts  for  the  first  two  levels  of  all  species. 

In  the  present  model  the  number  of  electronic  st  ties 
has  been  determined  by  imposing  that  the  percentage  er¬ 
ror  of  the  internal  energy  of  each  species  computed  witl  a 
reduced  number  of  states  is  less  than  19c  of  the  value  t!>- 
tained  by  accounting  for  all  electronic  states.  This  gives 
S’  =  2,  3,  2,  7,  2  (see  Ref.  (>]). 


TVansport  Coefficients 

At  high  temperature  the  transport  properties  (viscosity, 
thermal  conductivity  and  diffusion  coefficients)  are  affected 
by  the  dissociation. 

In  the  present  work  the  transport  coefficients  are  based 
on  the  Chapman- Fnskog  theory  and  on  an  extension  of  Nos 
formula  [4,17.18].  Chapman- Enskog  theory  amounts  to  solve 
Boltzmann’s  equation  for  the  singlet -velocity  distribution 
function  (that  coincides  with  the  maxwellian  one  when  the 
gas  is  in  equilibrium),  and  strictly  holds  for  monoatomic^ 
gases.  Yos  has  extended  the  approach  to  account  for  the 
effects  of  momentum  and  energy  transfer  between  different 
species  by  collisions.  Based  on  the  relations  developed  by 
Yos  the  mixture  viscosity  is  defined  as 


*  =  E 


r 


(8) 
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w(:.  ri-  r itj.  A*;1  .in-!  are.  respectively.  lljr  mass  of  the 
i'">  '!■  the  modified  collision  iiitccral.  ami  tin- molar  run 
rrnt ration.  fh<*  laHrr  being  deiineii  as 


lor  a  finxtur«*  of  gases  in  thermal  non  equilibrium.  the 
h»*at  fundin'! ion  ,t(i  unnh  for  the  contributions  of  the  trans¬ 
port  of  translational  energy  and  tlie  transport  of  energy  due 
lo  the  internal  structure. 

The  translational  thermal  conductivity  is  defined  as  fol¬ 
lows 


Chemistry  Model 

In  the  al»M*tu'f‘  of  ioni/alion  only  five  major  spei  ies  arc 
assumed  (O.N.NO.Oj. N ; )  and  the i hemi< al  reaction  mei h 
anistn  is  [16]: 
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I  lie  contributions  of  the  different  internal  energy  modes 
are  ai  (  Oil Ml ed  for  by  defining  a  thermal  conductivity  for  each 
mode 

Tor  I  lie  fully  excited  rotational  mode  we  have 


r/r  -  K 


E 


(10) 


where  the  ij  summation  is  over  all  diatomic  species. 

lor  the  vibrational  electronic  thermal  conductivity  we 
have  non!  a  simplified  expression  corresponding  to  partial 
excitation  of  the  two  modes,  thus  obtaining: 
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where  ( \  .  is  the  vibrational  specific  heal  coefficient  defined 
.us 

''  d/i 

I  lie  diffusion  coefficient  of  species  q_ni  the  mixture  and 
the  diffusion  Hux  are  given  by 


x  T  ( 1  -  s,) 

p  Ev^'tn 


(Id) 


P,U,  =  -  P  I),  V  .V, 

A t  is  the  molar  fraction  of  species  q.  and  6t  =  E  "V 

? 

Tfie  modified  collision  integrals  A^*.1  depend  upon  the 
dynamics  of  the  collisions  between  particles  of  type  q  and 
r,  and  on  the  energy  potential.  In  particular  the  same  tem¬ 
perature  variation  as  proposed  in  Ref.[4]  has  been  used. 


wh«  Tf  M  is  anyone  of  the  five  spec  ies. 

The  first  three  reactions  in  Kqn  (13)  are  heavy  particle 
impact  dissociation  reactions,  the  fourth  and  fifth  reactions 
are  exchange  reactions. 

The  forward  reaction  rate  constants  are  defined  as  fol 
lows: 

k>.  =  C,.,  T'1’ '  exp  (  -  /./,/*  T)  (II) 

where  the  constants  C" s,  i/s  and  FT s  are.  respectively,  the 
Arrhenius  constants,  the  pre-exponential  factors,  and  the 
activation  energies,  and  they  are  determined  experimentally. 

Observe  that  the  rate  constants  need  to  be  modified  to 
account  for  the  coupling  between  vibration  and  dissociation. 
Park  [!6]  introduces  a  weighted  dissociation  rate  controlling 
temperature  defined  as 


rt  =  r  ry% 

and  defines  the  forward  rate  constants  of  the  dissociation 
reactions  as  a  function  of  Tt 

kj.r  =  ( Tj ) 

Park  has  originally  proposed  a  value  of  n  =  .6  which 
has  been  found  to  place  too  much  a  weight  on  Tv.  More 
recently  Park  [16],  and  Gnoffo  [4j.  use  a  value  of  n  =  .7. 
thus  yielding-faster  dissociation  reactions  immediately  past 
the  shock.  Hansen  [19]  and  Mitchellree  [3]  have  introduced 
a  dependency  on  the  vibrational  temperature  by  taking  n  = 

.9-  .4  Tv /T. 

In  the  present  work  we  have  followed  the  more  rigorous 
approach  of  Treanor  and  Marronr  [20].  that  int roduxje.a  vU. 
bralional  coupling  factor  l'  and  redefine  the  forward  rate 
constants  as  follows 

tj ,  =  ijAT)\{T.Tv) 

v  =  Q'lThQUT) 

Q'{Tv)\' 

where  Q'  is  the  vibrational  partition  function  of  the  disso¬ 
ciating  sjiecies  and  Ty  is  a  temperature  defined  as 


J_  _  J_  _  l 

Tr  Tv  T 
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!  hr  forward  »»■*:«  !io;j  mn*  *  *>;inT  ant-.  ktr  ar<*  given  !>v 
h'jli.:  I  I  j.  when*  fin*  I'oHfj*  an*  tho'.r  of  K**f.  [10  .  ! hr 
l»t!<  kvv.ird  r<*«?i  Ti»>n  rate  <  oi:M<ints  ar«*  a^.-unu**]  to  be  unaf- 
fi ■'  ? <-r|  by  the  *  hrmiral  v ibratiunal  coupling.  and  evaluated 

■t.'i 


wii»*r**  b,,  r  represents  th«*  equilibrium  <on*taiit  for  the  r  tli 
r«*<n  t n»n.  defined  as 

h.t,.  -  «-xj»  (/<, .  -  n.r  III  c  -  n,.  :  ~  Hi  .  -  li,,  :*) 

where  -  -  10000/  7  .  and  the  valuer  of  the  parameters  77, , 
arr  given  in  Kef.  [21;. 

Vibrational  Energy  Exchange 

I  hr  source  term  — \  accounts  for  th«*  translation-vibration 
exchange  due  to  roili-ion-  and  vibrational  energy  lout  (or 
gained)  due  to  di— ipation  (or  recombination) 


[fir  tran-Ut  ion- vibration  energy  exdtanee  i-  Iiiodrlrd 
according  to  the  Landau  teller  theory  [IV  that  assume  tliat 
vibrational  jump-  due  to  collision*  take  place  only  lietwern 
adjacent  quant  util  level-  and  obtain 

V-  7  |  -q  ,1  7V  ) 

-1-1  =2-^1 - - - 

1  '1 

where  the  Mimtnatioti  is  over  ail  the  diatomic  specie*  and  r, 
is  the  vibrational  relaxation  time  defined  as 


where  the  tir-t  term  coincides  with  the  expr<-—  ion  given  by 
Millikan  and  White  [22].  and  r(‘  i-  the  collision-limited  cor¬ 
rection  proposed  by  Park  [lOj 

V  =  j;  (  L  d  1 ' 1/1  -  -01.**  »r,V‘  I  -  13.42) 

=  1-lb  lu* 'll'1/-' w/'’ 

*  e  i 
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Observe  tliat  we  have  neglectful  the  diffu-ional  effects 
and  have  not  introfluced  the  empirical  bridging  formula  of 
Park  [10]  that  seems  to  give  a  better  description  of  the  vi¬ 
brational  relaxation  for  very  high  post  shock  temperatures. 

Different  approaches  have  been  reported  for  the  vibra¬ 
tional  energy  exchange  due  to  chemical-vibration  coupling. 
Gnoffo  [-1]-  Candler  [1],  Palmer  [2]  and  Park  [16]  assume  that 
such  a  term  is  related  to  the  average  vibrational  energy. 
More  recently  Park  [10]  has  suggested  that  the  reduction 
(or  the  increase)  of  vibrational  energy  during  dissociation 


(or  recombination)  is  related  to  the  energy  available  after 
energetic  collisions,  and  is  proportional  to  dissociation  en¬ 
ergy  diminished  by  the  translational  one.  These  models  are 
based  on  a  simplifying  as-umption  that  the  vibrational  en¬ 
ergy  removed  by  dissociation  is  equal  to  the  energy  gained 
by  recombination.  As  shown  by  Ireanor  and  Marrone  [20] 
this  is  strictly  true  under  thermal  equilibrium. 

In  the  present  work  we  have  also  related  the  iliemital 
vibration  energy  exchange  to  the  average  vibrational  energy 
on  account  of  the  fact  that  the  model  of  Park  neglei  ts  ther¬ 
mal  non  equilibrium  effects  jl].  thus  we  have 

-'.*  =  £  'l|“i 


NUMERICAL  SOLUTION 

The  solution  of  the  governing  equations  for  high  speed 
flows  requires  the  use  of  robust  ami  accurate  schemes.  I  In¬ 
flux-difference  splitting  of  Hoe  [23],  and  the  llux-vector  split¬ 
ting  of  Steger  anil  Warming  [21]  ami  Van  I.eer  ['■!">]  have 
been  widely  used  for  (perfect  gas)  high  speed  flow  compu¬ 
tations.  Glaister  [26]  has  extended  Hoe's  approximate  Rie- 
niann  solver  to  (real  gas)  hypersonic  (lows  in  equilibrium. 
Flux-vector  splitting  for  real  ga-es  has  been  developed  by 
Lion  and  Van  Leer  [27],  ami  Grossman  and  Cinnella  [II]. 
Montague  et  aj.  [2k]  have  implemented  a  second  order  sym¬ 
metric  total  variation  diminishing  scheme  for  inviscid  flows 
in  chemical  equilibrium.  A  more  general  methodology-  for 
the  solution  of  hypersonic  flows  in  non  equilibrium  has  been 
presented  by  Liu  and  Vinokur  [12].  Grasso  and  Bellucci  [5] 
have  followed  the  approach  of  Ref . J 1 2]  to  develop  a  second 
order  total  variation  diminishing  method  to  include  the  ef¬ 
fects  of  non  equilibrium  chemistry. 

In  the  present  work  we  generalize  the  approach  of  Ref. [12] 
to  thermo-chemical  non  equilibrium  flows. 

Space  and  time  discretizations  are  separated  by  using 
the  method  of  lines,  and  a  system  of  ordinary  differential 
equations  is  obtained  for  every  computational  cell.  A  "ccTI 
centered  finite  volume  formulation  is  employed.  By  approxi¬ 
mating  surface  and  boundary  integrals  by  means  of  the  mean 
value  theorem  and  mid-point  rule,  the  governing  equations 
(Eqn.(3))  are  cast  in  the  following  discretized  form: 

^  ^  +  f  •  nSs)->  =  5,J  H«  ( 15) 

where  ,1  stands  for  tlie  generic  cell  face,  n  is  the  positive 
unit  normal  to  cell  face  whose  length  is  As,  and  -So  is  the 
cell  area. 

The  numerical  flux  vector  is: 
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Numerical  Inviscid  Flux  Discretization 

An  upwind  biased  second  order  total  variation  diminish¬ 
ing  (  I  \  I))  scheme  lias  born  used  to  evaluate  the  inviscid 
flux  contribution.  I  lie  scheme  is  based  on  the  modified 
IlartenAce  method  generalized  for  inultisperies  in  chemi 
cal  non  equilibrium  ['i'tj.  Tin*  scheme  has  good  properties 
of  monotonicity  a  rid  conservativily  in  the  presence  of  dis¬ 
continuities.  and  it  yields  second  order  accuracy  and  oscil¬ 
lation  free  solutions.  By  enforcing  consistency  at  cell  face 
(i  -r  I  j'l.j)  **n«'  obtains: 


Time  Integration 

In  the  presence  of  chemical  non  equilibrium  tin-  system 
of  ordinary  differential  equations  is  stilT  due  to  the  presence 
of  the  production  term  H.  Stiffness  arises  for  the  dispar¬ 
ity  between  the  characteristic  chemical  and  fluid-dynamic 
times.  Hence,  the  time  integration  would  require  an  ex¬ 
tremely  small  time  step.  However,  for  steady  flows  stiffness 
ran  be  reduced  by  introducing  a  precondition  matrix  /’.  and 
the  system  of  ordinary  differential  equations  is  modified  ar 
eordingly 

P..,  ~  E  <F*—  •  n  ■=  »*.;  d«) 
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The  integration  in  time  of  F'qn.(I8)  is  performed  by  a 
three-stage  Runge-Kntta  point  implicit  algorithm  [8 j: 


(Gj.;,  ,  1-  Gfti]J)  tly  +  R,*|/>.J  ♦i  +  l/i.jJ  (ll) 

wtoi 

=  w*, 

[  he  term  $, ♦!/.•.,  represents  the  nuim'rical  antidiffusive  flux 
contribution,  that  modifies  the  inviscid  flux  to  make  the 
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scheme  upwind  biased  1  \  J)  and  second  order  accurate,  and 
a  minniotl  limiter  is  selected  for  its  better  computational 

t(» 

l  *  •  ->  i 

-  \ 
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efficiency  and  speed  of  convergence  [29],  The  right  eigen¬ 
vector  matrix  (R)  of  the  normal  inviscid  flux  jacohian  is 

Wn;, 

=  w,«’» 

constructed  by  characteristic  decomposition  in  the  direction 
normal  to  cell  faces,  and  its  expression  is  given  in  Appendix 
A. 

Numerical  Viscous  Flux  Discretization 


The  precondition  matrix  scales  all  the  characteristics 
times  to  the  same  order,  and  it  is  defined  as 

,  O-il 
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According  to  the  constitutive  equations,  the  viscous  fluxes 
depend  upon  the  gradients  of  the  primitive  variables  (u,  T. 
Tv.  >,)■  The  numerical  counterpart  is  obtained  by  apply¬ 
ing  Gauss  theorem  to  a  computational  cell  whose  vertices 
are  the  two  grid  nodes  (l.J)  and  (/.  J  -  1)  ami  the  centers 

of  the  two  adjacent  cells  (t.j)  and  (i  +  l.j).  For  an  arbi¬ 
trary  function  ^  the  numerical  derivatives  at  (r  +  I /'l.j)  are 
evaluated  according  to  the  following  formulas: 


where 


\r^jy  ~  A,y-.A,i/ 

\f\y  -  \*\y 


A . y  A,/ 
A.c  Aj.v  -  -AjJ ■ 


•X(-)  =  (-),♦,.,  -(-l.j  :  )  =  ( 

The  grid  values  pij.  -rl.J- 1  are  obtained  by  bilinear  in¬ 
terpolation  of  cell  center  values.  Hence,  the  discretized  vis¬ 
cous  flux  contribution  at  cell  face  (i  +  1/2,  j)  is  an  algebraic 
function  of  grid  and  cell  center  values,  i.e. 

(Ft  ',num)i  + 1/2.}  =  /  (WIj:  W1+1J;  WM:W,.,_,) 


For  computational  efficiency,  a  partial  jacohian  of  the 
source  term  (iDII/BW )  is  used  by  neglecting  the  dependency 
of  H  on  pu.  pv,  pE ,  pry.  without  affecting  the  accuracy  of 
the  steady-state  solution. 

Boundary  Conditions 

The  numerical  solution  of  the  governing  eqUaTions'leV 
quires  boundary  conditions  to  be  imposed  along  the  bound¬ 
aries.  Referring  to  Fig.  1  typical  boundary  conditions  are: 
i)  outflow;  ii)  freestream:  Hi)  solid  wall. 


Outflow  conditions 

In  general,  the  outflow  conditions  along  Tj  depend  on 
the  Mach  number.  For  an  exit  Mach  number  greater  than 
one,  first  order  extrapolation  conditions  are  imposed  on  all 
variables: 


aw 

Oz 


=  0 


Freestream  conditions 

At  the  freestream  boundary  (T t }.  depending  on  the  flow 
direction,  different  conditions  are  imposed.  If  the  flow  is 
entering  then  free  stream  values  are  imposed. 
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If  ill-'  How  is  i'xil ing.  f  lion  first  order  extrapolation  con¬ 
ditions  are  imposed  along  l  j. 

Solid  \v;ill 

On  a  -olid  wall  (I  i)  roiiiinmmMvpf  boundary  comli- 
?io;i>  arc  sut  and  tin*  no-slip  condition  is  etifurcrd  on  the 
velocity:  u  —  v  =  ft. 

!  he  pressure*  is  obtained  by  assuming  a  zero  normal  pres¬ 
sure  gradient,  and  fix<*d  wall  temperature  or  adiabatic  con¬ 
ditions  are  set..  Moreover,  it  has  btvri  assumed  that  the  vi¬ 
brational  temperature  of  the  molecules  is  equal  to  the  wall 
temperal  ure. 

I  lte  surfaces  of  most  hypersonic  vehicles  are  made  tip  of 
»*ither  a  metal,  a  metal  oxide,  or  carbon  materials,  and  gas- 
"iirtace  reactions  should  be  accounted  for.  However,  in  tin* 
[»res«*nt  work  the  effects  of  the  gas  surface  interaction  have 
been  neglected  and  the  normal  (species)  diffusion  fluxes  is 
/em  ai  the  wall,  thus  yielding 


On 


RESULTS 

Case  1-10  deg  Wedge 

I  In'  first  test  ias<'  corresponds  to  the  flow  over  a  10  deg 
wedge  at  fr-s-  slyam  velocity  of  S 1 00  m/s.  an  altitude  of 
fil  krn  and  a  wall  temperature  of  1200  K.  This  test  case 
has  been  investigated  by  other  authors  [ti.OOj  and  shows  a 
small  degree  od  non  equilibrium  in  t lie  boundary  layer.  The 
test  cav  is  .-iniplt  on  account  of  the  simplicity  of  the  ge¬ 
ometry.  However,  it  contains  all  of  l he  relevant  features  of 
complex  hypersonic  flows  and  has  him  selected  to  study 
the  sensitivity  of  tllF  solution  upon  thermal  non  equilib¬ 
rium  effects.  The  computations  have  been  obtained  on  a 
170  <  IS  grid  with  (nundimensional)  mesh  spacing  ranging 
from  .0017)  to  .000,  and  cell  aspect  ratio  that  varies  between 
.5  and  Ti.  Tor  this  test  case  two  compulations  are  reported 
correspond’!:  l  to  the  thermal  and  chemical  non  equilibrium 
model  (TCN  ’.).  and  the  thermal  equilibrium  -  chemical  non 
equilibrium  model  (ONE).  Referring  to  Fig.  1,  the  bound¬ 
ary  ( F | )  has  been  positioned  half  a  meter  upstream  of  the 
wedge  leading  edge  (located  at  I  ~  0).  The  outflow  bound¬ 
ary  (!'.■)  has  b;  u  set  at  jt  =  4m.  and  the  freest  ream  bound¬ 
ary  has  been  positioned  at  y  —  1.35m.  Figure  2  shows  the 
translational  and  vibrational-electronic  temperatures  com¬ 
puted  with  the  TONE  model,  as  well  as  the  temperature 
obtained  with  the  ONK  model  vs  the  nondimensional  nor¬ 
mal  distance  from  the  wall  at  I  -  3.5m.  Comparison  of  the 


two  solutions  shows  that  the  largest  (thermal)  non  equilib¬ 
rium  effects  are  confined  within  the  shock  layer.  The  use 
of  It  N I",  reduces  dissociation,  thus  yielding  a  larger  value 
of  the  peak  translational  temperature  (the  differences  be¬ 
ing  550  K).  The  computed  results  also  show  that  the  invis- 
rid  part  of  the  shock  layer  is  approximately  vibrational])' 
frozen.  Indeed,  the  vibrational  temperature  varies  signifi¬ 
cantly  only  below  y/l,  ~  0.1  as  shown  in  Fig.  2.  Figure  3 
shows  the  oxygen  mass  fraction  distribution  vs  the  (nomii- 
inensional)  normal  distance.  This  figure  indicates  that  most 
of  the  dissociation  occurs  within  the  boundary  layer,  which 
is  the  most  affected  by  the  thermal  non  equilibrium. 

Case  2  -  2  in.  Cylinder 

The  second  test  case  is  that  of  a  2  in.  cylinder  in  par¬ 
tially  dissociated  hot  nitrogen  0’v,  =  0.927,  V  v  =  0.073, 
T-t  —  1833  A").  The  freest  ream  velocity  is  57)90  m/s  and 
the  wall  is  assumed  adiabatic.  The  computations  have  been 
performed  on  a  170  x  74  grid  with  normal  mesh  spacing 
ranging  between  0.2  •  10*J  and  0.2.  The  temperature,  the 
density  and  the  molecular  nitrogen  mass  fraction  distribu¬ 
tions  along  the  stagnation  streamline  are  reported  in  Figs. 
4-0.  The  high  value  of  translational  temperature  (approxi¬ 
mately  12000  K)  is  responsible  for  the  nitrogen  dissociation. 
As  in  the  previous  test  case,  very  small  differences  are  no¬ 
ticeable  between  the  TCNE  and  t'NE  solutions,  indicating 
that  for  this  test  case  the  main  non  equilibrium  effects  have 
to  he  ascribed  to  the  chemical  ones.  Investigations  of  the 
translational  and  vibrational-electronic  temperatures  show, 
indeed,  that  thermal  equilibrium  is  reached  immediately  af¬ 
ter  the  shock.  Some  discrepancies  between  the  two  solutions 
are  observed  at  the  stagnation  point,  where  the  flow  should 
(asymptotically)  reach  equilibrium.  In  Fig.  7  the  comfitTfeiT 
density  field  is  compared  with  the  experiments  of  llornung 
[31],  where  the  interferogram  of  the  flow  field  is  reported. 
The  overall  (qualitative)  agreement  of  the  computed  and 
measured  density  is  good.  However,  some  differences  in  the 
density  field  (already  found  with  a  thermal  equilibrium  ap¬ 
proximation)  are  observed,  which  are  probably  due  to  finite 
energy  transfer  rates  for  the  vibrational  modes  of  the  differ¬ 
ent  molecules,  as  concluded  by  Candler  [30).  The  computed 
stand-off  distance  (equal  to  6  mm,  evaluated  as  the  distance 
at  which  the  density  ratio  is  equal  to  6)  agrees  well  with  the 
experimental  value  reported  in  Ref.  [31]. 

CONCLUSIONS 

In  the  present  work  a  two-temperature  model  has  been 
developed  for  the  description  of  thermal  and  chemical  noneq- 
uilihrium  viscous  hypersonic  flows.  The  model  employs  a  vi- 
hrat  ionai  coupling  factor  as  proposed  by  Treanor  and  Mar- 
rone,  and  it  uses  a  model  based  on  a  non-preferential  re¬ 
moval  of  vibrational  energy.  The  solution  methodology  has 
been  developed  within  a  finite  volume  approach  based  on  a 
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m  i  dikI  uriliT  accurate  Total  Variation  Diminishing  formula¬ 
tion  that  accounts  for  thermal  anil  chemical  non  equilibrium 
effects.  !  hr  stiffurs  ilur  to  the  disparity  in  tinir  scales  is  re¬ 
duced  by  introducing  a  precondition  matrix  that  allows  a 
pointwise  implicit  solution  of  the  source  terms. 

The  model  lias  hern  applied  to  compute  the  (lows  over 
a  10  deg  wedge  arid  on  a  2  in.  cylinder.  Comparisons  of  the 
fully  non  equilibrium  solution  with  that  corresponding  to  a 
thermal  equilibrium  assumption  show  that  the  post-shock 
temperature  plays  a  fundamental  role  in  the  achievement 
of  thermal  equilibrium.,  and  that  the  boundary  layer  is  the 
most  affected  by  thermal  non  equilibrium. 
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TVD  Terms  for  Thermal  and  Chemical  non 
Equilibrium  Flows 

The  expression  of  the  elements  Icol  U.J  )  of  the  numerical 
antidifFusive  flux  contribution  is  obtained  by  characteristic 
decomposition  in  the  direction  normal  to  cell  face. 

To  construct  linearly  independent  eigenvectors  basis  vec¬ 
tors  are  chosen  in  such  a  way  as  to  1m-  orthogonal  to  the  cell 
face  normal.  Consequently,  the  right  eigenvector  matrix  (R) 
of  the  normal  inviscid  flux  jacobian  is  defined  as 


R  = 
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wh»Te  b  is  the  span  basis  vector  orthogonal  to  n.  and  f\  and 
are  the  pressure  derivatives  defined  as 


K  =  f =  £  P' 

pf)„t 
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where  C[Tr  and  c  are,  respectively,  the  constant  volume 
specific  heat  coefficient  and  the  internal  energy  correspond¬ 
ing  to  translational  and  rotational  modes,  and  the  frozen 
speed  of  sound,  which  is  defined  as 
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(A'  +  l)  ^ 

P 


i/i 


=  £>',\,  +  AA-  Key  (23) 


The  values  at  the  interfaces  are  calculated  by  using  a 
generalization  of  Roe’s  averaging  to  account  for  thermal  and 
chemical  non  equilibrium. 
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Fig.  3  -  Atomic  oxygen  mass  fraction  vs  normal  distance 
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Fig.  5  -  Notidimensioaal  density  along  stagnation  line: 

.  T(  XE  model: - ,  CNE  model. 


Fig.  6  -  Molecular  nitrogen  along  stagnation  line: - , 

TCNE  model; - ,  CNE  model. 
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GENERAL  DISCUSSION 

THEORETICAL  AND  EXPERIMENTAL  METHODS  IN  HYPERSONIC  FLOWS 
7  May  1092 

Mr.  Hlgncll,  British  Aerospace,  Sowcrhy  Research  Centre 

Lillies  anil  Centlemen:  We  now  come  Co  S~very  important  part  of  our  meet tnifwlil cli  Is  the  Technical 
Evaluation  followed  by  the  general  discussion.  First  the  Technical  F.valuatlon.  It  is  a  particular 
pleasure  for  me  to  be  able  to  welcome  Professor  EH  Reshotko,  our  Technical  Evaluator.  Incidentally,  I 
should  say  straight  away  that  if  I  get  through  the  next  hour  and  a  half  without  referring  to  him  as 
Professor  Roshko,  it  will  be  a  miracle.  Just  a  little  bit  of  background  to  this  meeting  on  the 
involvement  of  Professor  Reshotko.  I  don't  know  if  it  was  said  on  Monday  morning  when  the  opening 
ceremony  was  talcing  place,  but  the  last  tj.me  the  Fluid  Dynamics  Panel  of  AGARD  addressed  Hypersonics  in  a 
symposium  was  in  Bristol  in  April  of  1987.  Another  aside  here  is  that  we  are  very  fortunate  that  we  also— • 
have  at  this  meeting,  the  Technical  Evaluator  of  that  meeting,  Professor  Bogdonoff.  We  addressed 
hypersonics  in  Bristol  in  1987.  Following  that,  Professor  Reshotko,  who  was  a  member  of  the  Fluid 
Dynamics  Panel  at  the  time,  made  a  proposal  setting  up  an  Ad  Hoc  Study  Croup  on  Hypersonics  Research  and 
Technology  which  began  life  in,  I  think  it  was  the  spring  of  1988  and  it  ran  for  approximately  two  years. 
But  as  a  result  of  that  study  group,  three  things  have  so  far  emerged.  One  is  an  AGARD  Working  Group  on 
Hypersonics  which  is  just  about  to  hold  its  first  meeting,  if  it  hasn't  just  had  it  already,  but  it  is 
pretty  imminent.  The  work  shop  which  took  place  last  week  at  Le  Fauga-Mauzac  certainly  had  an  AGARD 
background  and  an  AGARD  input  and  this  symposium,  so  those  are  the  three  activities.  I  do  believe  that 
Professor  Reshotko  was  the  person  who  initially  proposed  that  this  symposium  should  take  place  anyway.  He 
was  a  member  of  the  Fluid  Dynamics  Panel  for  about  7-8  years  and  he  left  in  1989,  so  he  has  been  a 
member  of  the  Fluid  Dynamics  Panel  until  comparltively  recently.  There  is  another  good  reason  that  we  are 
>ortunate  to  have  Professor  Reshotko  as  our  Technical  Evaluator,  and  let  me  explain  what  I  mean.  I  guess 
the  basic  question  posed  by  this  symposium  must  be  how  we  are  doing  in  the  AGARD  community  in 
Hypersonics.  In  other  words,  have  we  made  real  progress  since  the  Bristol  meeting  in  1987?  Are  we  using 
wisely  our  resources,  which  are  fairly  limited  In  this  field?  What  is  the  way  forward?  I  imagine  that 
Professor  Reshotko  will  thoroughly  address  all  of  these  questions,  and  I  have  absolutely  no  doubt 
whatsoever  that  he  will  give  us  plain  and  honest  answers  and  yet  at  the  same  time  be  technically 
stimulating.  Ell,  welcome  back,  we  are  delighted  to  have  you  here.  The  FDP  members  and  the  delegates  of 
the  conference  await  your  evaluation  with  great  interest  and  anticipation.  The  floor  Is  yours. 

Professor  R.  shotko,  Case  Western  Reserve  University 

Ladles  and  Gentlemen,  it  is  my  great  pleasure  to  be  with  you  here  and  an  honor  to  have  been  chosen  as  the 
Technical  Evaluator  for  this  symposium.  I  entered  into  this  job  with  some  trepidation  and  humility. 
However,  my  task  was  made  even  more  difficult  by  the  very  generous  hospitalitv  of  our  hosts  here  In 
Torino.  I  want  to  thank  all  of  you  here  who  have  commiserated  with  me  In  trying  to  meet  the  time 
constraints  of  this  task.  As  Bob  mentioned,  many  of  us  were  present  in  Bristol  in  April  1987  when  the 
Fluid  Dvnamics  Panel  sponsored  a  symposium  on  the  Aerodynamics  of  Hypersonic  Lifting  Vehicles.  We  were 
then  ry  much  engaged  in  the  vehicle  development  programs  such  as  NASP,  HERMES,  HOTOL  and  SANGER.  We 
were  f  riously  relearning  hypersonics  and  reconstructing  it  using  the  modern  technologies  of  CFD  and 
advanc  d  experimental  techniques.  There  was  excitement  and  sane  optimism  evident  at  the  Bristol  meeting 
about  the  future  of  hypersonic  activity.  Well,  it  is  now  5  years  since  Bristol.  IIOTOI.  and  SANCER  have 
been  suspended,  If  not  cancelled.  NASP  and  HERMES  continue,  but  those  programs  are  In  much  more  troubled 
circumstances  than  they  were  then.  We  began  to  realize  that  the  ambitions  of  those  programs  were  beyond 
our  technology  base  and  that  the  upgrading  of  the  technology  base  would  not  be  simple  or  quick.  We  would 
have  to  pav  the  price  for  20  years  of  neglect  In  hypersonic  research  and  development.  The  mood  at  this 
symposium  more  subdued  and  perhaps  more  sober.  It  Is  directed  more  at  methodology  than  at  vehicles.  I 
hope  that  ’t  reflects  a  constructive  effort  by  our  entire  conmiunity  to  develop  In  a  more  rational  and 
consistent  manner,  the  technology  base  that  we  will  need  for  future  vehicle  development.  In  these  remarks 
I  wl  11  not  comment  on  specific  papers.  I  was  not  particularly  bashful  about  commenting  on  them  during  the 
discussion  periods  over  the  past  four  days,  and  I  shall  have  the  opportunity  to  be  more  specific  in  my 
formal  rep  >rt  which  I  understand  will  he  included  in  the  Bympoalun  proceedings  volume.  Rather,  I  wl  11 
comment  new  on  a  number  of  topics  which  were  triggered  by  the  presentations  at  this  symposium.  These 
comments,  of  course,  will  reflect  a  number  of  personal  opinions  and  you  are  free  to  comment  on  my  opinions 
when  the  discussion  opens. 


A  number  of  philosophies  were  put  before  us  at  this  symposium.  Philosophies  are  useful  In  charting 
constructive  paths  for  the  solution  of  problems.  I  like  them.  Monsieur  Perrier  offered  a  design 
philosophy  in  which  experiment  and  CFD  interacted,  which  together  with  some  flight  tests  would  provide  a 
finalization  of  the  vehicle  design.  The  methodology  that  he  proposed  Is  very  much  in  line  with  the 
simulation  methodology  that  was  put  forth  some  years  ago  for  the  transonic  regime  by  AGARD  FDP  Working 
Group  09.  It  might  be  Interesting  for  FDP  to  consider  Buch  an  exercise  for  the  hypersonic  regime  to  make 
sure  that  no  critical  issues  In  hypersonic  design  are  overlooked.  The  Pegasus  vehicle  that  we  heard  about, 
at  this  symposium  was  designed  exclusively  analytically  and  has  been  successfully  flown.  It  would  seem, 
therefore,  to  be  a  very  good  testbed  for  the  flight  evaluation  of  critical  design  Issues. 

I  think  that  we  can  all  agree  that  validated  CFD  codes  are  an  essential  tool  of  our  design  efforts.  Joe 
Marvin  presented  us  with  a  comprehensive  roattaap  for  the  validation  activity.  It  is  worth  studying  and 
following.  But  we  oust  keep  in  mind  that  validation  means  that  a  code  not  only  agrees  with  experiment  but 
has  als  >  captured  the  essential  physics.  The  physics  are  Important.  Analytical  tools  such  as  classical 
boundary  layer  theory,  which  are  based  on  the  physics,  should  be  used  more  often  to  provide  credibility 
checks  on  both  experiments  and  computational  codes. 

The  session  on  instrumentation  was  for  oe  an  example  of  yet  another  philosophy;  that  of  a  cooperative 
effort  by  people  at  the  working  level  toward  Improving  their  capabilities  through  the  sharing  of 
Information  and  providing  each  other  with  constructive  criticism.  I  have  experience  with  such  an  activity 
through  tv  many  years  as  Chairman  of  the  U.S.  Transition  Study  Croup.  1  was  very  pleased  to  hear  of  the 
advances  in  the  development  of  the  new  experimental  tools.  But  some  of  them  have  been  around  for  a  long 
time  am!  are  regarded  as  mature  by  the  Instrument  people.  So,  I  have  been  wondering  why  they  are  not  more 
widely  cd.  F  lybe  mature  means  something  different  to  the  developers  than  to  the  users. 


l  ike  CARS,  lor  example.  I  have  been  hearing  about  CARS  for  about  20'  years,  yet  It  Is  not  widely  used. 

CARS  techniques  are  generally  used  by  the  people  who  developed  them,  or  else  by  his  neighbor  who  will  use 
1 1»‘  technique  only  as  long  as  his  CARS  expert  is  around.  If  you  don’t  have  a  CARS  expert  locally,  you 
don’t  have  CARS.  My  theory  is  that  until  a  technology  such  as  CARS  becomes  a  commercially  available 
turnkey  Instrument,  it  will  not  be  widely  acceptable  to  the  wind  tunnel  community.  Maybe  that  Is  the 
delinit  ion  of  maturity.  Certainly,  that  wns  our  experience  with  laser  veloclmetry.  Also,  many  of  the 
optical  ibchr.iqucs  that  we  have  heard  about  have  been  developed  using  as  examples,  free  jets,  mixing 
layers,  generally  flows  that  are  without  boundaries.  Can  they  be  used  In  wall  bounded  flows?  .AtbeC’-alW  . 
boundary  layers  are  a  very  important  aspect  of  our  studies.  Can  these  optical  techniques  be  used  in 
boundary  layer  flows?  It  is  not  clear.  If  they  cannot,  they  become  less  interesting.  Do  existing 
funnels  have  the  optical  accesses  needed  for  modem  optical  instrumentation?  Is  retrofitting  possible  or 
do  we  have  to  design  new  tunnels  around  the  optics,  such  as  perhaps  is  being  done  with  F-4  and  other  such 
lac  I  titles.  Perhaps  the  instrumentation  workshops  or  study  groups  should  include  some  wind  tunnel  people, 
in  order  that  the  user  view  be  represented  in  the  development  of  the  Instrumentation. 

Tile  next  item  that  I  would  like  to  comment  on  Is  the  question  of  what  is  a  real  gas?  We  had  a  variety  of 
real  gas  papers,  but  they  were  not  all  consistent  In  their  real  gas  assumptions.  Steve  Delwert  In  his 
paper  gave  us  quite  a  complete  description  of  the  real  gas  issues,  namely  the  non-equlllbrlum  species 
composition,  the  thermal  non-equilibrium  and  of  course,  the  need  to  compute  thermodynamic  and  transport 
properties  for  the  local  mixture.  I  was  happy  to  see  that  a  good  number  of  the  papers  presented  here  did 
consider  all  these  aspects  of  real  gas  flows.  An  Issue  was  raised  at  the  meeting  as  to  whether  meaningful 
testing  could  be  done  in  a  wind  tunnel  stream  that  was  out  of  equilibrium.  1  offered  a  comment  that  there 
might  not  he  a  problem  for  blunt  configurations  which  are  equilibrated  behind  their  bow  shock  waves,  but 
that,  the  problem  might  in  fact  exist  for  slender  configurations.  This  question  might  be  readily  addressed 
computationally  by  our  colleagues  who  made  presentations  here  at  the  meeting,  for  example,  Messieurs 
kirmignon  and  Zeltoun  who  presented  real  gas  solutions  for  high  enthalpy  wind  tunnel  flows.  If  they  could 
continue  their  calculation  over  a  model  In  those  flows,  let  us  say  a  blunt  model,  and  a  slender  model,  and 
then  also  do  equivalent  calculations  assuming  an  equilibrium  free  stream  and  compare  the  two  results,  then 
we  would  have  some  sense  as  to  whether  there  Is  sensitivity  to  the  non-equlllbrlum  aspect  of  these  high 
enthalpy  tunnel  free  streams.  The  result  would  certainly  be  most  Interesting. 

let  me  sav  something  about  Euler  vs  Navier  Stokes.  My  whole  career  has  been  Involved  with  viscous  effects 
in  aerodynamics,  so  1  do  have  a  bias.  But  I  Insist  that  viscous  effects  must  be  Included  in  any 
hypersonic  internal  flow  calculation  because  of  the  effect  of  thick  boundary  layers  taken  together  witli 
the  confinement  ot  a  mass  flow.  An  Euler  calculation  for  Internal  flows  can  be  entirely  misleading.  1 
also  endorse  viscous  calculations  for  the  external  flows  because  of  the  consequences  of  flow  separation 
and  aerodynamic  heat  lag  which  are  of  paramount  importance  in  hypersonic  vehicle  design.  Regarding 
stability  and  transition,  l  was  very  pleased  to  see  a  critical  evaluation  at  high  supersonic  speeds  of 
hi  r.h  si  ,rp  cone  and  blunt  cone  Instability  as  well  as  cross  flow  instability.  I  was  disappointed, 
however,  that  the  Issue  of  transition  estimation  was  almost  totally  Ignored.  Indeed,  when  one  author  of  a 
piper  that  assumed  laminar  flow  was  asked  how  tie  knew  that  his  flow  was  not  turbulent,  he  could  only  shrug 
iiis  shoulders.  The  computational  conmunlty  should  become  more  familiar  with  the  present  state  of 
transition  estimations.  It  is  not  a  simple  topic  and  cannot  be  dealt  with  by  simple  formulas.  After  all, 
if  the  steady  Navier  Stokes  equations  require  so  much  effort  and  care,  why  should  one  expect  transition, 
which  is  the  consequence  of  unsteady  phenomena,  and  best  modelled  by  unsteady  Navier  Stokes  equations,  to 
be  addressed  by  simple  formulas. 

Let  me  note  also  that  missing  from  this  symposium  was  any  consideration  of  radiative  gas  dynamics  or  the 
radiative  cooling  of  vehicle  surfaces  which  can  become  important  in  vehicle  design  as  we  continue  cm  to 
higtie r  Mach  numbers. 

Well,  as  you  can  gather,  the  tasks  that  remain  for  us  in  hypersonics  are  not  simple.  Our  hypersonic 
regime  after  all  extends  all  the'way  to  orbital  speed  and  perhaps  Wtm  beyond,  if  we  consider  entry  from 
other  planets.  For  orbital  speeds,  we  are  talking  about  flight  Mach  numbers  of  25  or  so.  For  planetary 
or  re-entry  from  other  planets,  we  are  talking  about  Mach  number  35  and  above.  Yet,  our  activity  to  date 
seems  to  be  concentrated  in  the  lower  portion  of  the  Mach  5  to  15  range,  at  least  as  represented  at  this 
meeting.  Please  remember  that  at  Mach  number  15,  an  orbital  vehicle  has  acquired  only  one-third  of  tta 
eventual  kinetic  energy.  So,  two-thirds  of  the  eventual  kinetic  energy  that  is  acquired  by  the  vehicle  in 
going  Into  orbit,  is  above  Mach  15.  If  we  envision  air-breathing  propulsion  all  the  way  to  orbit,  as  for 
example  in  the  NASP  program,  then  we  will  have  to  give  much  more  concentrated  attention  to  the  .-development 
of  very  efficient  scramjet  propulsion  Bystems  for  flight  Mach  numbers  from  15  to  26.  We  heard  very  little 
about  suclt  propulsion  systems  here  at  this  symposium. 

We  have  a  lot  of  work  to  do.  Yet  I  believe  that  the  Interest  of  our  world  connunlty  and  activities  in 
space  Is  permanent.  Therefore,  there  will  be  a  continuing  interest  in  the  aerodynamics  of  vehicles  that 
enable  us  to  exploit  the  opportunities  of  space.  But,  as  I  said  earlier,  this  will  be  enabled  by  a  more 
rational,  continuous  and  sustained  effort  In  developing  the  proper  technology  base. 

Tills  has  now  been  my  second  hypersonic  FDP  symposium.  I  look  forward  to  participating  with  all  of  you  in 
tite  next  FDP  hypersonic  symposium  In  the  not  too  distant  future. 

Mr .  I1  lgne  1 1 

Thank  you  very  much  for  that  evaluation,  Ell.  It  has  given  us  plenty  of  food  for  thought.  Essentially, 
ladles  and  gentlemen,  it  is  your  turn.  X  must  stress  that  when  you  are  making  a  comment  to  the 
discussion,  will  you  please  Identify  yourself;  give  your  name  and  affiliation.  The  reason  1b  quite 
slm,  1c.  The  discussion  is  being  recorded  for  inclusion  in  the  Conference  Proceedings.  The  comments  will 
be  rent  to  you  before  the  publication  goes  out  bo  you  can  check  that  what  you  said  Is  what  you  meant  to 
sny,  and  if  it  Is  not  what  you  meant  to  say,  you  can  actually  change  it.  Now,  we  really  need  to  Impose 
sore  structure,  some  focus  on  the  discussion.  The  broad  headings  that  I  have  written  down  here,  which 
have  all  been  covered,  obviously,  in  Ell’s  evaluation  are;  experimental  techniques  and  facilities,  CFD 
dcs'gn  r  thods,  development,  validation,  application  of  such  methods,  and  last  but. by  no  means  least,  flow 
physics  and  chemistry  modelling. 


!  i  I; ink  vi v l<i  u  wi-  have  some  comment  or  Koine  discussion  on  the  experimental  techniques  and  facilities, 
given  wli.it  the  'valuation  liar,  come  up  with,  that  might  be  a  good  starting  point. 

hr  .  Kienappel  ,  Ill.R  Matt  ingen 

A  cor.nr.ent  and  a  question.  1  agree  that  we  need  close  contact  between  the  users  and  the  people  who  develop 
the  i  muniment. at  ion,  there  Is  no  question  about  tills.  But  I  have  to  say  there  have  been  users  in  this 
w  irkshop.  1  would  be  Interested  to  hear  from  Professor  Bogdonoff  how  he  is  seeing  the  developments 
between  I'.e  Bristol  meeting  and  this  meeting. 

Mr  ■  lllgne '  I 

Would  you  taro  to  respond?  Actually,  I  have  got  the  best  seller  here,  which  is  your  technical  evaluation 
report  from  the  Bristol  meeting.  I  was  going  to  come  to  that  at  some  stage. 

Professor  Bogdonoff,  Princeton 

1  really  am  not  quite  prepared  to  answer  such  a  general  question,  but  let  me  give  you  an  Impression.  I 
think,  much  of  what  Eli  said  sumnarizes  ray  own  feelings.  Five  years  Is  not  a  long  time,  maybe  for  younger 
people,  but  it  tr,  a  long  time  for  me.  In  a  way  I  was  disappointed  in  what  has  happened  In  five  years.  It 
is  understandable  because  most  of  us  are  driven  by  our  own  national  programs.  In  Europe,  HERMES  Is  a 
driver;  in  the  United  States,  Aerospaceplane  is  a  driver, _  and  so  on.  At  the  same  time,  there  has  not 
really  been  a  lot  of  effort  in  the  fundamentals  of  hypersonics,  at  least  as  I  see  it.  Ell  has  pointed  out 
a  good  bit  of  this.  I  am  pleased  to  see  that  there  are  some  facilities  that  weren't  available  5  yearn 
ago.  1  would  like  to  point  out  that  although  these  facilities  look,  like  great  steps,  and  I  think 
significant  commitment  has  been  made,  there  is  still  no  concept  of  a  facility  which  does,  as  Eli  points 
out,  get  l.o  the  heart  of  hypersonics,  which  is  the  15  to  25  range,  and  perhaps  that  is  because  our 
national  programs  do  not  push  that  way.  Facilities  are  national  efforts  and  perhaps  as  nations  we  have 
not  tackled  that  problem.  I  think  It  Is  going  to  be  really  difficult  to  exploit  hypersonics  in  general  If 
we  don’t  have  the  capability  to  talk  about  the  Mach  number  range,  as  Ell  pointed  out,  Is  two-thirds  of  the 
energy  to  go  to  orbit,  the  15  to  25  range  or  beyond  that  point.  The  big  differences  I  see  in  five  years 
are  greatly  increased  capacity  for  computation  and  the  continual  development  of  instrumentation.  Eli 
mentioned  the  lack  of  use  of  new  Instrumentation  in  critical  problems,  but  maybe  the  new  facilities  will 
be  designed  for  that.  Computation  still  bothers  me  a  great  deal  because  most  of  it  is  not  validated.  I 
didn't  see  very  much  more  here  than  l  saw  five  years  ago  on  a  concentrated  effort  to  validate  these 
computations.  The  computations  which  the  designer  needs  to  design.  There  are  computations  fot' 
fundamentals  which  seems  to  be  coming  along  much  better,  but  the  idea  of  having  computations  which  are 
validated  adequately  for  design  still  concerns  me.  The  designers,  and  fortunately  1  am  not  one  of  them, 
must  ut  sleep  very  well  if  they  are  going  to  have  to  worry  about  designing  a  vehicle  with  computation 
which  lias  some  questions  about  whether  It  has  the  real  physics,  whether  It  has  the  details  that  he  needs 
for  design. 

Mr,  Bigncll 

Could  l  just  ask  a  question  of  you  relative  to  that  point.  Are  these  computations  not  validated  simply 
because  the  experimental  facilities  are  not  there  to  provide  the  data?  Is  that  part  of  the  answer? 

Professor  Bogdonoff 

Well,  that  is  an  excuse.  That  Is  not  an  answer.  You  can  validate  computations  in  very  poor  facilities. 

If  you  really  know  what  Is  in  the  facility,  and  you  make  the  right  measurements,  then  the  question  is 
whether  the  computation  can  take  whatever  you  gave  it  and  get  the  right  answer’.  You  can  validate 
computations  without  having  a  facility  which  simulates,  very  well,  what  the  flight  conditions  are.  This .... 
has  not  really  been  done  very  well.  I  believe  this  is  because  most  people  are  not  willing  to  spend  a  lot 

of  time  and  effort  to  do  something  which  is  really  for  computational  validation,  rather  than  solving  an 

important  problem  of  hypersonics.  The  second  point  may  very  well  be  more  critically  determined  by  the 
facility:  I  don't  think  that  we  spend  enough  time  and  money  for  instrumentation  and  designing  experiments 
j ur, t  for  CFD  calibration  or  validation;  I  am  sorry  that  Dick  Bradley  wasn’t  here  because  that  is  part  of 
Ills  early  report,  but  I  don't  think  I  heard  very  much  at  this  meeting  about  very  carefully  designed 
experiments  which  were  just  to  find  out  whether  a  theory  or  computation  was  really  good.  It  is  more  than 
just  ensuring  some  pressures  or  some  forces  or  things  like  that.  The  details  have  to  be  well-enough 
defined  so  that  the  designers  can  believe  that  that  tool  will  solve  a  real  problem. 

Mr.  Big  icll 

Do  we  have  any  further  comments  on  that  aspect? 

Dr.  Eltelberg,  DLR-Gott Ingen 

"t  would  like  to  make  two  remarks.  I  for  one  was  present  at  the  Instrumentation  Workshop  in  the  role  as  a 

user  of  instrumentation  so  I  think  that  the  accusation  that  the  instrumentation  people  don't  involve 

facility  users  is  not  quite  what  It  seems  to  be.  The  second  one  is  that  I  noticed  how  two  speakers  have 
used  the  Mach  number  as  a  measure  of  kinetic  energy.  1  can't  agree  with  that.  The  ftech  number  is  a 
compressibility  number  and  the  kinetic  energy  is  given  by  the  velocity  squared  and  we  may  form 
non-dimensional  numbers  in  making  a  ratio  of  the  velocity  squared  to  some  other  significant  energy,  be  it 
dissociation  energy,  for  example.  I  think  that  there  is,  from  our  side,  a  concentrated  effort  to  get  into 
the  kinetic  energy  ranges  that  Professor  Reshotko  and  Professor  Bogdonoff  have  been  talking  about. 

Professor  Reshotko 

Would  you  be  happy  if  I  amend  my  statement  to  Bay  from  15,000  feet  per  second  to  25,000  feet  per  second 
and  then  up  to  35,000  feet  per  second.  I  simply  didn't  feel  like  saying  thousands  of  feet  per  second 
every  time. 

Mr.  Bigncll 

Arc  there  any  other  comments  that  people  want  to  make  on  experimental  facilities  and  instrumentation.  Any 
further  (  mmontn  on  the  work  shop7 
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Professor  Poll,  University  of  Manchester 

Yes,  I  would  like  to  make  a  comment.  It  relates  to  experiments  and  CFD.  It  strikes  me  that,  with  the 
present  level  of  development  of  CFD,  its  real  application  is  to  enhance  considerably  the  data  that  you  can 
get  from  experiments.  The  current  position  is  that  you  can  build  a  tunnel  and  create  a  flow.  However, 
the  range  of  instrumentation  that  you  can  get  in  there  is  extraordinarily  limited.  Surface  pressures  are 
easy  to  measure  but  they  are  not  very  good  for  code  validation  because  even  crude  methods  can  compute 
pressures  accurately.  You  can't  determine  static  temperatures  very  easily,  you  are  stuck  with  measuring 
total  temperatures,  and  really  the  instrumentation  capability,  even  if  we  take  the  current  state  of  the 
art,  is  extremely  limited.  My  feeling  is  that,  provided  you  know  some  details  of  the  flow  that  you  are 
trying  to  compute,  CFD  can  produce  a  reasonably  good  prediction.  If  you  can  do  a  reasonably  good 
computation,  then  you  can  use  the  code  as  a  diagnostic  tool;  a  much  more  effective  diagnostic  tool  than 
many  of  the  proposed  forms  of  exotic  instrumentation.  So  if  you  have  a  pressure  distribution  and  perhaps 
a  few  interferometer  pictures,  you  can  do  a  computation  which,  with  enough  fiddling  about,  will  reproduce 
the  limited  experimental  data,  then  you  can  use  CFD  as  a  very  effective  ’instrument’  for  quantities  which 
you  cannot  measure. 

Mr.  Bignell 

Do  we  have  any  comments  from  the  CFD  community?  Not  specifically  in  relation  to  that? 

Ing.  en  Chef  Masure,  STCAN/BA,  Paris 

A  question  that  has  been  raised  during  this  symposium  is  the  following:  for  steady  boundary  conditions,  is 
the  solution  of  an  aerodynamic  problem  steady  or  unsteady?  I  don't  think  that  Professor  Reshotko  during 
the  closing  discussion  addressed  this  querstion  which  is  for  me  a  very  important  one.  Isa  flow  globally 
steady  or  unsteady? 

Professor  Reshotko 

We  had  one  paper  that  did  address  that  question,  that  of  David  Dolling,  where  he  pointed  out  that  a 
certain  flow,  namely  the  shock  boundary  layer  interaction  was  unsteady.  He  provided  ample  evidence  that 
it  was  unsteady.  However,  he  did  not  identify  a  mechanism  for  that  unsteadiness.  Without  the  mechanism, 
we  will  have  a  very  hard  time  modelling  the  unsteadiness.  We  have  to  understand  what  it  is  in  that  flow 
that  leads  to  the  unsteadiness.  Is  it  related  to  any  reattachment  singularity  that  we  do  not  understand. 
The  important  point  here  is  that  a  validated  computat ional  effort  is  needed  for  this  problem  that  will 
have  to  understand  the  physics.  That  should  be  one  of  our  objectives  in  dealing  with  the  mechanism  of 
that  unsteadiness. 

Mr.  Bignell 

Professor  Bogdor.off  raised  an  interesting  point  in  talking  about  the  need  to  provide  designers  with 
methods  they  can  use  to  design  their  spacecraft,  spaceplanes,  whatever.  Unfortunately,  I  was  unable  to 
attend  on  Monday  when  there  was  a  session  on  design  of  hypersonic  vehicles .  It  was  one  of  the  sessions 
{.fiat  I  was  looking  forward  to.  Perhaps  I  can  ask  those  people  who  are  involved  in  design  whether  any 
statement  was  made  on  the  design  requirements  and  the  performance  requirements;  what  sort  of  level  of 
accuracy  are  you  asking  for  in  order  to  be  able  to  do  the  calculations  that  you  have  to  do.  What  sort  of 

sensitivity  studies  are  you  able  to  do?  I  come  from  a  missile  background  and  from  a  design  point  of  view 

Fiat  is  the  sort,  of  things  that  one  does,  fairly  early  on,  i.e.,  sensitivity  studies  to  see  what  effect  on 
performance  you  get  with  plus  or  minus  5  X  accuracy  in  being  able  to  compute  a  particular  flow  parameter, 

f  just  wondered  if  anybody  would  like  to  comment  on  that? 

Professor  Reshotko 

Monsieur  Perrier  is  not  here  to  defend  himself,  but  he  did  offer  an  approach  to  the  issue  of  design  for 

the  hypersonic;  vehicles.  While  he  did  not  address  the  necessary  accuracies,  I  think  that  in  his  desire 

that  experiment  and  CFD  •  .gather  with  some  flight  calibration  points  be  put  together  into  a  design 

technology,  he  would  be  sympathetic  to  your  point  and  adhere  to  it.  He  also  brought  up  one  other  thing, 

when  you  think  of  a  design  for  a  flight  vehicle  you  run  into  some  critical  Issues  that  are  not  necessarily 
the  ones  that  are  being  investigated  in  the  laboratory.  He  brought  up  one  that  was  simply  windshield 
heating.  You  have  to  have  a  windshield,  and  it  is  made  of  a  material  that  is  not  necessarily  a  heat, 
resistant  material,  or  the  best  heat  resistant  material.  How  do  you  handle  the  issue  of  windshield 
heating?  That  comes  up  in  design,  it  is  not  something  that  we  nornally  investigate.  I  think  that  he,  in 
his  paper,  laid  our.  a  fairly  complete  list  of  the  issues.  He  did  not,  of  course,  address  them  according 
to  what  level  of  accuracy  is  needed  to  resolve  them. 

Mr  .  B  i  gn  e  1 1 

Would  .anybody  else  like  to  comment  on  design  and  performance  requirements  for  hypersonic  vehicles? 

Mr  .  Muylaert ,  ESTKC 

I  think  rhe  issue  of  design  requirements  and  instrumentation  accuracy  requirements  for  high  enthalpy 
testing  was  not  enovigh  addressed  during  this  conference,  nor  during  last  week's  hypersonic  i  nstrumentat  ion 
workshop  which  was  held  in  Toulousse.  In  fact,  computational  sensitivity  studies  should  be  done  on 
generic  forms  incorporating  the  physical  phenomenon  of  interest.  These  studies  should  tell  us  what  the 
most  sensitive  parameters  to  be  measured  are,  and  to  what  measurement  accuracy  the  instrumentation 
specialists  should  develop  them.  As  an  example:  the  CFD  people  should  provide  an  answer  to  the  question 
whether  a  \X  accuracy  in  NO  mass  fractions  for  electron  beam  fluorescence  or  laser  induced  fluorescence  is 
enough  or  compatible  with  a  10%  accuracy  requirement  in  heat  flux.  The  instrumentation  development  people 
should  not  be  left  alone  but  guided  by  the  CFD  people. 

Professor  Stollery,  Cranfleld 

I  was  just  looking  back  at  the  notes  I  made  at  the  time  Bob,  on  Monday’s  session.  Nearly  everybody  talked 
about  the  need  for  transition  data,  which  FI i  Reshotko  has  already  referred  to.  It  seems  to  me  it  is 
incredibly  difficult  to  design  a  vehicle  if  you  don't,  know  where  transition  is.  Although  all  the  wind 
tunnels  can  tell  you  wliat  the  difference  in  heat  load,  pressure  distribution  and  control  effectiveness  is 
wh#Ti  you  get  laminar  and  turbulent  flow,  they  can't  give  you  the  transition  Reynolds  number.  It  seems 
fr<>m  this  meeting,  t  fiat  t  fie  only  two  rays  *f  hope  are  the  quiet  wind  tunnels  and  the  possibility  of  Fight 
testing,  e.g.  using  Pegasus. 


Professor  Poll 

r  woul ^  j us tT  i i k e  to  make  a  comment  on  that  comment  and  address  the  transition  issue.  There  has  been  an 
awful  lot  of  time  and  effort  spent  in  the  transition  community  working  on  problems  which  are  of  little  or 

no  relevance  to  flight  vehicles.  The  amount  of  money  that  must  have  been  spent  on  transition  on  the  sharp 

cone  and  blunt  cone  at  zero  incidence  doesn't  bear  thinking  about.  Yet,  that  is  not  a  flight  condition  of 
any  interest  whatsoever.  We  have  to  be  very  careful  that  the  physicists  don't  have  a  field  day  when  it 
comes  to  doing  experimental  and  computational  work. 

We  have  seen  one  example  where  11  consecutive  days  had  been  spent  on  a  CRAY  YMP  to  tell  us  that  we  sti  11 
couldn't  explain  an  experiment  that  was  done  5  years  ago  -  it  also  wouldn’t  explain  experiments  which  were 
done  40  years  ago!  In  the  transition  field  we  need  to  take  a  more  realistic  look,  at  precisely  what 
mechanisms  are  going  to  be  important  on  the  kinds  of  vehicles  that  one  wants  to  build  and  then  design  your 
fundamental  research  program  accordingly. 

Professor  Herbert,  Ohio  State  University 

Just  on  the  side:  at  the  time  we  did  this  work,  our  new  Cray  YMP  was  60%  idle.  Disregarding  this,  1 
consider  the  computer  time  well  spent  to  obtain  benchmark  results  in  an  area  where  accurate  data  are 
scarce.  Our  interest  in  reliable  high-Mach  number  computations  isn't  all  that  old  because  the  original 

idea  was  to  build  NASP  with  known  technology.  Since  we  learned  that  some  research  was  necessary,  we 

started  3  or  4  years  ago  to  build  our  computational  "stability  tunnel”,  and  1  reported  about  how  far  we 
got  up  to  this  point.  Next  year,  or  in  three  years,  our  capabilities  will  be  much  better.  At  this  time, 
we  just  have  to  evaluate  and  compare  with  whatever  data  are  available  and  accessible.  There  seems  to  be 
sufficient  interest  in  sharp  and  blunt  cones  at  high  speeds  to  conduct  detailed  experiments.  I  don't  see 
anything  wrong  with  computations  for  the  same  cases. 

Professor  Deconinck,  von  Karroan  Institute 

r  woul dn' t  feel  an  expert  on  answering  really  your  question,  but  I  would  like  to  touch  a  related 
question.  I  would  like  to  comment  on  the  fact  that  Euler  computations  are  extremely  important  to  check  to 
Navier  Stokes  computations  to  make  sure  that  you  have  the  inviscid  limits  correct  if  you  increase  Reynolds 
number.  For  this  reason  alone  I  feel  that  it  is  very  important  to  check  Euler  calculat ions . 

Dr.  Ing.  Korner,  DLR  Braunschweig 

I  would  like  to  comment  on  our  experience  with  Euler  computations  for  supersonic  flow,  Mach  numbers  from  2 
to  4.  When  we  have  wave  dra**  dominated  con  fi  gurat ions ,  as  for  example  with  HERMES,  all  aerodynamic 
coefficients  are  given  in  a  rather  proper  way  by  Euler  compuca  tions :  lift,  pitching  moment,  the  Literal 
derivatives  and  also  the  drag,  because  the  viscous  drag  is  only  a  small  part.  The  base  drag  has  to  be 
excluded.  Secondly,  if  vou  have  slender  configurations  then  there  is  a  larger  part  coming  from  the 
viscous  drag,  then  it  is  necessary  for  the  drag  and  the  drag-related  derivatives  to  do  a  viscous 
correction  or  viscous  calculation.  As  to  the  other  aerodynamic  coefficient  and  derivates,  results  from 
Kuler-ca  lculat  ions  are  sufficient. 

Mr.  Bignell 

TTiTT  was  one  of  the  messages  which  emerged  in  the  Missile  Aerodynamics  Conference  in  Fr  iedr  ichshafen ,  that 
Euler  could  be  used  and  it  appeared  to  give  good  results. 

Mr.  Mendenhall,  Nielsen  Engineering 

Having  bpen  at  the  Friedri chsha fen  Conference,  I  would  like  to  relate  something  from  our  paper.  In  the 
design  of  Pegasus ,  which  has  come  up  several  times  this  afternoon,  we  used  both  Euler  and  Navier  Stokes 
methods,  but  what  I  have  not  heard  at  this  conference  is  the  fact  that  there  are  other  methods  available, 
and  the  only  thing  J  can  imagine  that  might  be  against  their  use  is  the  fact  they  were  developed  more  than 
20  years  ago.  There  are  still  some  very  good  aerodynamic  methods  available  that  the  designer  must  use 
because  he  can’t  afford  to  design  a  configuration  with  Navier  Stokes  codes  alone.  It  is  physically, 
financially  and  economically  impossible  to  do  this  in  many  cases.  What  we  found  in  the  Pegasus  work  is 
that  you  need  a  whole  ’’tool  box”  full  of  codes.  Not  onlv  do  you  need  a  tool  box  full  of  codes  at  all 
levels,  you  need  multiple  independent  codes  at  similar  Levels.  By  that  I  mean  that  it  was  not  uncommon 
for  us  to  use  three  Independent  codes  and  get  three  completely  different  Admittedly,  Pegasus  is 

an  unmanned  vehicle,  so  we  could  accept  more  risk  and  uncertainty,  but  remember,  there  were  no  wind  tunnel 
data  to  fa  LI  bark  on.  That  is  when  the  designer  starts  to  lose  some  sleep  at  night. 

Mr .  Bignel l 

Sorry,  Mike.  Did  you  say  that  there  were  no  wind  tunnel  data  available?  It  was  actually  designed 
completely  analytically  and  flown  analytically,  was  it?  That  is  some  achievement  really. 

Professor  Slooff,  NI£ 

This  is  somewhat  of  a  secondary  reaction  to  one  of  the  remarks  that  Professor  Bogdonoff  made.  He  sort  of 
reproa^  ed  the  CFD  community  for  not  paying  sufficient  attention  to  validation  type  of  efforts.  In  a 
general  sense  1  think  that  he  is  completely  correct,  but  I  would  just  like  to  remind  the  audience  that  one 
of  the  few  papers  that  1  was  able  to  attwid,  I  think  that  it  was  the  one  by  Oberkampf  from  Sandia  Labs, 
was  what  I  consider  to  be  a  very  thorough  study  of  mesh  refinement  and  by  extrapola t ion  to  get  the  zero 
mesh  results,  if  you  like,  and  then  compare  them  with  wind  tunnel  data.  I  would  like  to  see  more  of  that 
kind  of  exercise  in  the  future. 

Professor  Reshotko 

I  heard  two  "things  that  l  would  like  to  talk  about.  First  of  all,  Dr.  Korner  mentioned  the  experience  in 
the  Mach  2  to  4  range.  I  can't  disagree  about  the  Mach  2  to  4  range,  but  1  would  say  that  once 
aerodynamic  heating  becomes  an  Issue,  you  have  to  work  with  a  viscous  code.  So,  maybe  it  is  above  Mach  4, 
hut  my  feeling  is  that  as  we  get  into  the  hypersonic  regime,  heating  becomes  one  of  the  primary  issues  as 
much  as  drag,  if  not  even  mnre  than  drag  and  therefore,  you  need  a  viscous  code.  Commenting  on  Mike 
Mmlenha  1 1  '  s  statement,  1  fully  agree.  I  am  very  much  a  proponent  of  using  the  full  tool  box,  even  with 
sum*-  nf  i  he  old  methods,  as  I  tried  To  say  in  mv  talk.  The  old  methods  wore  really  based  on  the  physics. 


That  is  how  they  were  derived*  So,  they  become  the  credibility  checks  for  other  methods  or  experiments 
and  we  have  to  continually  make  these  credibility  checks  because  we  might  be  embarrassed  otherwise.  I 
will  cite  one  experience  of  the  first  Antibes  Conference  where  there  were  three  Navier  Stokes  computations 
done  on  the  heat  transfer  to  a  sharp  cone  in  the  laminar  regime.  They  all  gave  different  results.  They 
were  not  slightly  different,  they  were  a  lot  different.  None  of  the  presenters  had  made  a  check  against 
simple  laminar  boundary  layer  theory  for  that  example.  They  would  have  readily  seen  whether  they  were 
right  or  not.  I  understand  that  that  was  corrected  by  the  second  Antibes  Conference,  but  that  was  a 
shortcoming  of  many  of  the  papers  in  the  first  Antibes  Conference  that  they  did  not  make  credibility 
checks  of  their  computational  results. 

Mr.  Mallet,  Dassault  Aviation 

I  would  like  to  make  a  comment  also  on  validation.  I  do  agree  that  we  should  do  more  for  validation,  but 
I  would  just  like  to  mention  that  I  think  a  lot  of  people  here  have  been  involved  in  organizing  and 
contributing  to  workshops,  so  I  think  the  issues  have  been  identified  and  people  are  doing  efforts  to 
improve  on  that. 

Mr.  Vancamberg,  Dassault  Aviation 

I  want  to  comment  on  the  levels  of  codes  and  the  Euler,  Navier  Stokes  from  the  designer's  point-  0f  view. 

We  try  to  adjust  the  level  of  codes  to  the  needs  of  the  design.  I  quite  agree  tha._  for  hypersonics  if  you 
want  to  solve  all  the  problems  the  only  way  is  to  go  Navier  Stokes.  But  for  forces  and  moments,  for  clean 
configurations,  I  think  Euler  calculations  can  give  you  a  good  idea  of  what  is  going  on  and  to  make 
sensitivity  analyses  I  think  you  can  have  some  good  results.  I  quite  agree  that  the  heating  problem  is 
one  of  the  major  problems  of  hypersonics  and  generally  speaking,  the  first  main  problem  is  the  laminar 
windward  heating.  Then  you  can  have  boundary  layer  results.  That  is  quite  a  good  level  now  to  have  a 
sufficient  answer.  Of  course,  when  you  come  to  flap  efficiency  or  canopy  heating  or  heating  between 
flaps,  or  things  like  that,  then  you  have  to  go  to  full  3D  Navier  Stokes  solutions. 

So  from  the  designer  point  of  view  we  have  to  adjust  mainly  to  money  constraints,  you  have  to  adjust  the 
level  of  modellization  to  the  level  of  the  problems  that  you  want  to  tackle.  One  other  thing  is  that, 
generally  speaking,  the  scientific  community  tries  to  put  as  much  as  they  can  on  the  physical  modelling, 
and  tne  best  physical  modelling  possible.  I  think  that  this  is  a  very  good  thing  to  make  progress  for 
things  to  go  on.  From  a  designer  point  of  view  we  might  have  to  take  less  sophisticated  models  and  give 
conservative  answers  and  that  will  ailow  us  to  sleep  a  little  better.  How  do  I  know  when  I  am 
conservative?  Well  I  think  the  answer  is  obtained  by  physical  thinking.  For  example,  it  was  stated  one 
of  the  big  problems  of  HERMES  for  example  is  the  bow  shock; winglet  interaction.  Do  we  have  it  or  don't  we 
have  it?  We  generally  make  calculations  at  chemical  equilibrium  and  that  gives  us  the  closest  position 
of  the  shock  versus  the  winglet.  So  in  that  way  we  know  that  we  are  conservative.  For  the  heat  flux  for 
example,  we  generally  take  full  equilibrium  or  fully  catalytic  walls  and  that  gives  us  some  margin  there. 
Generally  speaking,  we  try,  due  to  physical  reflection,  have  a  conservative  approach. 

Professor  Cirav,  Middle  East  Technical  University 

Mr.  Chairman,  l  don't  know  if  T  would  divert  the  course  of  the  discussion  to  a  different  subject  if  I  dare 
to  mention  that  one  thing  that  has  intrigued  me.  Until  now  nobody  has  said  anything  about  rarefied 
conditions.  I  don’t  know  if  it  was  on  your  agenda.  Everything  is  taken  from  continuum  point  of  view 
until  now.  Does  this  mean  that  the  problem  of  rarefied  conditions  is  not  important  or  is  it  solved  or  is 
it  not  relevant  to  this  discussion? 

Mr.  BigneU 

Would  anybody  like  to  respond  to  that? 

Professor  Reshotko 

I  will  take  a  try  at  that.  When  we  consider  airbreathing  vehicles  to  orbital  speed,  such  as  the  National 
Aerospace  plane,  then  you  are  necessarily  within  the  atmosphere  because  you  have  to  breathe  air,  so  the 
rarefied  problems  do  not  come  up.  If  you  have  a  vehicle  that  start's  in  a  rarefied  environment  and  then 
comes  in,  we  already  have  experience  with  those  vehicles,  so  that  the  problems  that  will  arise  have  arisen 
already  and  they  have  been  designed  into  vehicles  such  as  the  Shuttle  and  the  like.  They  don’t  present 
research  problems  as  such,  although  there  may  be  some  research  issues  yet  to  be  settled.  Because  cf  these 
two  extremes,  they  are  not  prominent  problems. 

Pro  f  essor  bogdono  f  f 

J  seldom  don’t  agree  with  Eli.  Usually,  when  I  have,  I  have  been  proven  wrong,  but  I  would  like  to  make  a 
comment  about  rarefied  flows.  Every  computation  that  was  presented  at  this  meeting,  except  one  paper, 
used  Navier  Stokes  or  some  continuum  formula t ion .  One  question  that  one  might  ask  is  just  how  far  can  you 
take  that,  computation?  I  think  that  Professor  Ciray  has  a  question  which  could  be  interpreted  many  ways. 
There  Is  a  limit  in  altitude  perhaps  where  you  can’t  use  the  Navier  Stokes  equation.  There  is  also  the 
question  which  is  not  at  all  clear  to  me  and  which  has  not  been  addressed  here,  to  the  effect  of 
chemistry.  I  believe  all  papers  were  limited  to  5  mo l ecu l er  species  and  17  reactions.  It  is  not  at  all 
clear  that  the  upper  atmosphere  is  composed  of  only  oxygen  and  nitrogen  alone.  One  thing  that  might  be 
done  with  some  of  these  computations  of  chemistry  Is  to  examine  what  the  real  atmosphere  might  have  which 
might  validate  or  invalidate  the  use  of  just  5  species.  The  upper  atmosphere  is  dissociated,  and  at  least 
in  my  mind,  will  he  flown  through  at  very  high  Mach  numbers.  It  is  hard  to  believe  that  we  are  going  to 
be  flying  at  Mach  2  or  4  or  10  in  the  upper  atmosphere.  At  very  high  speeds,  Mach  numbers  20,  25,  35, 
non-continuum  and  trace  gases  may  be  important  factors.  It  is  not  clear  to  me  that,  lust  because  we 
haven't  had  any  problems  up  there  with  the  Shuttle  they  are  not  a  critical  problem.  it  might  very  well  be 
when  we  look  at  hypersonics  in  the  long  term. 


Mr.  BigneU 

Would  anyone  else  like  to  comment  on  flow  physics  chemistry? 
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IJr.  Mor,:; ,  NASA  [.m)'  1  e  y 

Eli  mt’ii t iont.tl  that,  at  lower  altitudes  rarefaction  Is  not  an  issue.  This  is  not  the  case  where  you  have  a 
una  1 1  characteristic  length  scale.  For  example,  the  shock-on-lip  problem  is  a  problem  of  current  interest 
for  HASP  where  you  have  relatively  high  density  hypersonic  flow  (Alt  =  35  km),  yet  the  characteristic 
length  is  very  small  and  the  potential  non-continuum  effects  are  exacerbated  by  the  shock-shock 
interactions.  This  is  a  problem  that  is  currently  being  investigated  to  examine  the  importance  of 
non-continuum  effects.  Hopefully,  meaningful  comparisons  can  be  made  between  numerical  methods  (DSMC  and 
Mivier  Stokes)  and  between  numerical  and  experimental  results  to  isolate  the  relevant  physics  for  this 
problem . 

At  higher  altitudes,  the  effects  of  rarefaction  can  be  very  critical  in  simulating  the  thermochemical 
state  of  hypersonic  flows  and,  consequently ,  the  impact  it  has  on  the  heating  and  aerodynamics  of 
vehicles.  Two  areas  of  interest  are  control  flap  effectiveness  and  pitching  moment.  Finally,  at  orbital 
conditions  there  are  innumerable  problems  where  rarefaction  effects  are  critical  in  characterizing  both 
the  environment  and  the  performance  of  space  systems  ranging  from  satellite  to  space  platforms.  Problems 
concerning  gas-surface  interactions,  plumes  and  plume  Interactions,  and  contamination  are  areas  of  current 
research. 

Mr.  Bignell 

There  was  one  question  I  would  like  to  ask  in  all  Innocence,  and  It  may  well  be  deemed  to  be  a  provocative 
question,  but  it  is  not  meant  to  be  that  in  any  sense.  As  I  was  looking  at  the  screen  this  afternoon,  I 
was  looking  at  a  vehicle  which  looked  rather  like  the  space  shuttle,  and  here  we  are  30  years  after  the 
shuttle  was  designed,  built  and  flown  successfully.  The  methodology  must  have  been  proved  In  terms  of  CFD 
d.  elopment,  application  and  experimental  techniques  and  facilities.  What  sort  of  methodology  was  used  to 
design  rile  shuttle  which  clearly  was  used  successfully?  You  could  hardly  do  a  flight  test  of  the 
vehicle.  t  know  there  were  lots  of  flying  lifting  bodies,  but  they  may  not  have  contributed  an  awful 
lot.  I  wondered  If  Dr.  Goodrich  would  comment,  having  worked  on  the  shuttle. 

Dr,  Goodrich,  AGAKD 

Tiie  methodologies  used  25  years  ago  for  the  aerothermodynamlc  design  of  the  shuttle  have  indeed  proven  to 
be  successful  after  some  50  shuttle  missions  and  10  years  of  operation.  Even  without  this  knowledge.  If  1 
were  starting  the  shuttle  activities  tomorrow,  I  think  that  I  would  start  where  we  did  then  to  get 
preliminary  design  information  and  then  take  the  same  attack  to  validate  the  design  margins  with  CFD  tools 
-  depending  on  the  schedule  and  costs  factors.  I  don't  see  anything  that  has  changed  dramatically  in  25 
years  except  that  the  CFD  codes  are  more  efficient  now.  One  may  be  able  to  obtain  a  useful  Navler-Stokes 
solution  for  these  vehicles  now,  although  based  on  a  recent  project  that  I  worked  on.  It  was  still 
difficult  to  get  good  Navler-Stokes  solutions  for  relatively  simple  3-D  blunt  bodies  under  certain 
conditions,  I  would  still  be  inclined  to  start  with  our  design  tool  box  to  come  out  with  a  preliminary 
design  and  then  go  to  Euler/boundary- layer  solutions  for  timely  margin-assessment  activities.  Then,  if 
you  have  the  resources,  go  to  the  Navler-Stokes  codes.  Unfortunately,  In  25  years,  we  haven't  made  the 
advances  necessary  to  start,  I  don't  think,  at  a  different  point  for  aerothermodynamlc  design  activities. 

This  is,  however,  not  the  case  for  aerodynamic  analysis.  Improvements  in  the  design  methodology  I’-.ed  for 
the  orbiter  aerodynamic  pitching  moment  predictions  at  hypersonic  flight  conditions  are  rather  easy  to 
achieve  today  because  these  design  predictions  were  based  primarily  on  ideal  gas  wind  tunnel  meaTSUteroeirts'' 
and  correlations.  F.uler-based ,  real-gas  CFD  predictions  could  have  been  useful  then,  and  should  be  useful 
today,  in  providing  good  estimates  of  the  aerodynamic  forces  and  momenta  for  shuttle-orbiter-like  vehicles 
at  hypersonic  flight  conditions. 

Mr.  Bignell 

Thank  you  for  that.  I  find  that  very  interesting.  It  Is  now  quarter  past  5  and  we  are  getting  on  towards 

concluding  our  discussion.  The  other  question  that  I  wanted  to  ask  was  that  Professor  Reshotko  in  his 

evalu  tion  raised  a  number  of  issues.  Could  I  ask  the  chairman  or  a  member  of  the  new  AGARD  Working  Croup 

on  llyj  >rsonics  if  any  of  these  issues  are  being  addressed  specifically. 

i'rofo  sor  Poll 

if  1  i  an  comment  on  what  Dr.  Goodrich  just  aaid.  The  space  shuttle,  viewed  from  a  non-US  perspective,  is 
a  pie<  of  good,  solid,  boiler-plate  engineering.  The  criticism  is  that  its  payload  fraction  Is 
microscopic.  The  real  issue  is  how  do  you  build  better  vehicles  and  better  vehicles  presumably  means 
something  with  a  much  better  payload  fraction.  That  comes  by  reducing  your  design  uncertainties,  that  Is 
you  knock  down  your  conservatism.  One  of  the  critical  large  uncertainty  areas  which  has  a  direct  effect 
or.  paylcud,  because  it  has  a  direct  effect  on  thermal  protection,  is  transition.  Yes,  transition  is  part 
of  the  brief  of  Working  Croup  18,  which  is  the  one  to  which  you  referred.  Heating,  either  through 
transition  itself  or  through  issues  like  shock  boundary  layer  Interaction  is  a  central  issue  to  WG  18,  as 
is  the  consideration  of  improved  experimental  facilities  in  order  to  get  better  physics  information,  again 
in  areas  for  which  the  uncertainty  level  haB  traditionally  been  high.  Also,  just  for  good  measure,  there 
are  the  impliciations  of  real  gas  effects  which  extend  up  to  the  rarefied  limit.  All  of  these  key  issues 
are  being  studied  because,  if  we  make  advances,  It  will  reduce  the  uncertainty  levels  which  in  turn  will 
lead  to  much  more  efficient  vehicles. 

Dr .  Klenappel 

Con.  orning  the  task  of  the  Working  Group  18  on  hypersonlcs,  there  Is  the  main  aim  of  this  working  group 
whi  -i  is  to  validate  the  codes  in  turbulence,  transition,  viscous  interaction  and  rarefied.  On  the  other 
hard  the  second  task  for  the  Working  Group,  and  1  believe  that  this  la  one  of  the  issues  of  this 
conference,  is  the  calibration  of  the  existing  wind  tunnel  for  new  experiments. 


Hr.  Bignell 

Ar<  there  any  other  burning  issues  which  anyone  wishes  to  raise? 


Its 


Dipl.  Ini-.  S.irhiT,  UASA/HDB 

!  cannot  leave  this  symposium  with  the  somewhat  pessimistic  view  that  we  have  got  from  Professor  Bogdonoff 
on  progress  or  missing  progress  since  1987  and  now  where  we  stand  in  1992.  I  think  our  symposium  in 
Bristol  tins  been  a  'state  of  the  art'  review  of  what  was  available  at  this  time.  I  remember  several 
contributions,  lectures  on  listing  up  availability  of  facilities  being  not  any  more  in  a  production  phase, 
ami  plans  for  new  facilities.  Since  that  time  I  think  something  was  achieved  in  Europe.  We  have  seen 
during  this  week,  at  least,  the  reports  from  France.  We  have  two  new  facilities  now  under  calibrations 
having  the  first  tests  and  further  validation  tests  are  planned.  We  have  seen  the  first  exercise  in  those 
Antibes  workshops  on  8  test  cases.  It  was  a  huge  effort  and  a  European  data  base  on  hypersonic  is  going 
on  to  he  established.  T  remember  the  CFD  sessions  In  1987.  We  had  heard  something  about  Navier  Stokes 
solutions  and  Euler  calculations,  but  not  to  such  an  extent  as  we  have  seen  during  this  week.  I  will 
ruler  to  some  of  tiiese  papers  addressing  the  3D  Navier  Stokes  calculations  on  Hermes.  We  have  seen 
results  on  a  two-stage  to  orbit  transportation  concept  also,  dealing  with  potential  flow,  with  Fuler 
codes,  with  Navler  Stokes  codes.  1  agree  that  those  codes  in  many  cases  are  still  not  really  validated, 
but  there  is  considerable  progress  in  the  last  5  years.  The  next  step  must  be  the  validation  of  these 
codes,  but  this  takes  time,  and  specifically  designed  experiments  are  needed  having  been  mentioned  In  many 
of  these  comments,  but  these  experiments  are  underway.  In  addition,  the  instrumentation  now  is  in 
progress.  In  1987  we  hadn't  had  a  session  on  Instrumentation.  Everything  was  gone,  because  we  had 
worldwide  stop  in  hypersonics.  F.ven  the  people  operating  the  wind  tunnels  20  years  ago  were  gone,  so  we 
had  lo  educate  a  new  generation  of  engineers.  I  think  this  is  underway  and  has  been  undertaken  and  the 
first  progress  could  be  seen  at  present.  One  last  example,  a  completely  new  experience  is  that  we  now 
know,  that  we  need;  for  example,  MET,  the  hot  experimental  technique.  It  was  mentioned  by  the  paper  of 
John  Wendt,  and  this  Is  now  progressing,  fty  view  on  progress  during  the  last  five  years  is  not  so 
pess imest i c  as  seen  by  Professor  Bogdonoff. 

Mr.  Bignell 

Thank  you  ;or  that  contribution.  I  don't  see  any  hands  raised,  so  I  think  it  is  appropriate  to  draw  the 
discussion  to  a  close.  Time  is  moving  on  anyway.  Just  before  passing  over  to  the  FDP  chairman,  I  would 
obviously  like  to  thank  Professor  Reshotko  for  his  eloquent  evaluation.  It  was  all  that  I  expected  it  to 
be.  I  would  like  to  thank  all  the  speakers,  presenters  who  have  performed  during  the  week,  especially 
those  who  came  from  the  workshop  who  only  had  a  couple  of  days  to  get  the  material  together  for  the 
meeting  here.  It  was  very  commendable.  1  would  like  to  thank  obviously  my  co-chairman,  Christian 
!>. jirr  e  and  members  of  the  Program  Committee  who  put  this  meeting  together  and  finally,  1  would  like  to 
thank  .i  1 1  o"f  you  who  have  contributed  throughout  the  week  and  this  afternoon  in  the  general  discussions. 

I  will  now  hand  over  to  Professor  Slooff  who  will  close  the  meeting.  *»■ 

Professor  Slooff 

Thank  you  Hob.  There  is  an  end  to  every  event,  and  this  is  the  end  of  a  week  of  hard  work,  both  in  the 
technical  as  well  as  In  the  social  sense,  I  think.  I  have  myself  only  been  able  to  attend  a  small 
fraction  if  the  meeting,  and  also  I  am  by  no  means  an  expert  In  hypersonics.  What  I  heard,  however,  was 
very  interesting.  The  fact  that  at  this  late  hour  in  the  afternoon  there  are  still  so  many  attendees 
illustrate;  the  success  of  the  meeting.  I  would  like  to  compliment  the  Program  Committee,  particularly 
the  co-chairmen,  Bob  Bignell  and  Christian  Dujarric  with  this  success. 

Much  credit  for  the  success  of  this  meeting  goes  to  the  Politechnico  of  Torino  for  the  excellent 
facilities  and  services  that  they  have  provided.  In  particular,  I  would  like  to  thank  the  Dean,  Professor 
Zich,  and  the  local  coordinator,  Professor  Qnorato.  You  will  have  noticed  that  Professor  Onorato  was 
assisted  by  a  very  elegant  team  consisting  of  his  secretary,  Vilma  Boaglio,  and  three  of  his  students, 
Elisabetta  Buscati,  Isabella  Gonnet  and  Enrico  Cerrato.  They  also  deserve  an  applause. 

Thanks  are  due  also  to  the  people  who  perhaps  had  the  most  difficult  job,  that  is  the  interpreters,  Mrs. 
Borlat-Rossano,  M.  Speed  and  M.  de  Liffiac.  Then  we  had  the  people  from  SHAPE  taking  care  of  the  audio 
apparatus,  Mr.  Gregory  Wyatt  and  Mr.  Murray  Costellow.  We  also  have  to  thank  Mr.  Savorelll  of  the 
Polytechnico  who  took  care  of  the  visual  aids. 

On  behalf  of  all  of  us,  I  would  also  like  to  thank  the  Italian  National  Delegates,  in  particular  Colonel 
Celegato  and  his  staff,  Lt.  Spuzlani,  Maresciallo  Rubinato,-  Muresciallo  Zaropaglione  and  Sgt.  Moscatelli. 

In  addition,  special  thanks  go  to  the  Director  of  Qigineering  of  Alenla,  Dr.  Ing.  Lojawno  and  the  Director 
of  Engineering  of  Fiat,  Dr.  Maccagnani.  We  thank  them  all  for  inviting  us  and  for  setting  up  such  a 
fantastic  program  of  technical  and  social  events.  You  certainly  did  set  a  new  record  for  hospitality 
towards  AGARD. 

There  Is  one  person,  a  Fluid  Dynamics  Panel  member  here  from  Torino,  that  has  done  a  tremendous  amount  of 
work  behind  the  scenes  in  putting  this  all  together  and  I  would  ask  you  to  follow  me  in  a  warm  applause 
for  Dr.  Bucciantini  and  his  assistant,  Paola  Turletto. 

No  AGARD  FDP  meeting  can  be  run  properly  without  the  indispensable  help  of  its  Executive  Dr.  Winston 
Goodrich  and  his  secretary  Anne  Marie  Ri vault.  You  did  a  terrific  job  again  and  we  thank  you  both  for 
that. 

Finally,  I  would  like  to  draw  your  attention  to  some  of  the  future  activities  of  the  Fluid  Dynamics 
Panel.  In  this  rapidly  changing  world  the  mission  and  tasks  of  AGARD  are  a  subject  of  discussion.  I  am 
sure  that  you  agree  with  me  that  AGARD  haa  every  reason  to  continue  its  work  in  the  spirit  of  this  past 
week.  You  can  help  by  disseminating  the  information  given  on  this  viewgraph  to  your  colleagues  and  by 
sending  out  the  message  of  ACARD  In  general. 

Thin  -ally  is  the  end.  Thank  you  all  for  your  patience  and  for  your  personal  contributions  to  the 
nuccp  n  of  this  symposium.  I  wish  you  a  good  and  Interesting  trip  to  Modane  tomorrow  for  those  of  you  who 
go  nr.  i,  of  course,  a  safe  Journey  “back  home.  '  "  " 
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14.  Abstract 

The  43  papers  prepared  for  the  AGARD  Fluid  Dynamics  Panel  (FDP)  Symposium  on 
Theoretical  and  Experimental  Methods  in  Hypersonic  Flows"  that  was  held  4th— 8th  May  1992 
in  Torino,  Italy  are  contained  in  this  report.  In  addition  to  these  papers,  the  Technical  Evaluation 
Report  aimed  at  assessing  the  relevance  and  success  of  the  Symposium  in  meeting  the  technical 
needs  of  the  aerospace  community  and  the  transcript  of  the  General  Discussion  held  at  the  end  of 
the  meeting  arc  included  in  this  document. 

The  objectives  of  the  Symposium  were  to  (1)  report  and  assess  the  advances  being  made  by  the 
AGARD  community  on  the  development  and  application  of  theoretical  methods  and 
experimental  techniques  for  simulating  hypersonic  flows  over  aerospace  vehicles,  (2)  highlight 
outstanding  problem  areas,  and  (3)  establish  pointers  to  aid  in  the  planning  and  implementation  of 
future  research  programmes.  Major  topics  covered  by  the  Symposium  were  testing  techniques  and 
instrumentation,  computational  methods  and  physical  modelling,  and  validation  and  accuracy 
assessment. 
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